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Preface 


In  the  last  thirty  years  we  have  soon  a  great  increase  in  both  manned  and  unmanned  space  flights  for  scientific  studies,  for 
communication  and  navigation,  and  for  military  purposes  such  as  surveillance,  reconnaissance  and  as  a  possible  area  of 
deployment  for  both  offensive  and  defensive  weaponry. 

The  possible  uses  of  flight  at  near-space  conditions  (i.e.  above  about  150,000ft.)  are  also  under  consideration  and,  at  these 
heights,  many  of  the  technical  problems  have  a  common  basis  with  those  of  space  vehicles  during  the  launch,  recovery  and 
transatmospheric  phases. 

In  all  these  areas,  many  problems  remain  only  partly  resolved  and  the  relevant  technologies  are  developing  rapidly.  It  was 
considered  that  resolution  of  these  problems  and  finding  ways  of  using  new  technologies  would  benefit  from  the  combined 
thought  of  the  technology  communities  of  the  NATO  nations.  A  symposium  sponsored  by  the  Flight  Mechanics  Panel  of 
AGARD  was  seen  as  a  timely  forum  for  discussions  on  at  least  the  flight  mechanics  aspects  of  this  important  topic. 

The  symposium  included  the  control  and  trajectory  aspects  of  launch  and  recovery,  m-orbit  dynamics,  trans-atmospherie  flight 
and  the  dynamic  aspects  of  assembly  and  operation  in  space  and  also  covered  simulation  and  flight  test. 


Avant-Propos 


Au  cours  des  trente  dermercs amices  nous avonsassistc  it  un  nombre  croissant  de  vols  spatiaux.  habilcs  et  non  nabites, effectues 
soit  dans  Ic  cadre  deludes  scier.tifii|ues,soit  aux  fins  des  telecommunications  et  tie  la  navigation,  soil  pour  des  raisons  militairos 
tclles  que  la  surveillance  et  la  reconnaissance  amsi  que  le  deployment  eventuel  d'armes  offensives  et  defensives. 

Les  applications  possibles  du  vol  dans  des  conditions  qttasi-spatiales  (e’esi  a  dire  au-dessus  de  150,000  picds)  sunt  egalement  a 
'etude,  et  ll  s’avcrc  que  bon  nombre  des  problemes  techniques  rccontrcs  a  ces  altitudes  sont  comparables  a  ecus  des  velncules 
spatiaux  lors  des  phases  de  lanccmcnt,  recuperation  et  de  passage  transatmospherique. 

Dans  tous  ces  domaines,  il  exislc  des  problemes  qui  nc  sont  resolus  que  pnrtiellement,  tandis  que  les  technologies  ell  question 
sunt  en  pleine  expansion.  De  I'avis  du  Panel,  unc  reflexion  commune  sur  ce  sujet,  eotreprise  par  la  communaute  technologique 
des  pays  ntembres  de  l’OTAN  porterait  ses  fruits  pour  ce  qui  conccrnc  la  recherche  d'applications  des  nouvelles  technologies  et 
la  resolution  de  ces  problemes.  Le  Panel  AGARD  de  la  Mecanique  du  Vol  a  done  decide  d'organiser  un  Symposium,  afin  de 
permettre  tout  au  moins  la  discussion  des  aspects  mecanique  du  vol  sur  ce  sujet  important, 

Le  Programme  du  Symposium  comprit  les  aspects  de  controlc  et  de  trajcctoirc  des  phases  de  lanccmcnt  et  de  recuperation,  la 
dynamique  en  orbitc,  le  vol  transatmospherique,  les  aspects  dynamiques  d  assemblage  et  d'exploitutinn  dans  i'espaee,  ainsi  que 
la  simulation  et  les  cssais  de  vol. 
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KEYNOTE  ADDRESS 

FHP  Symposium  "Space  vehicle  Flight  Mechanics" 
13-16  November  1989.  Luxembourg 

Jan  A  van  der  Bliek, 

Director,  AGARD, 

7  rue  Ancelle 
92200  Neuilly  sur  Seine 
France 


1.  INTRODUCTION 

It  was  the  intention  of  the 
organisers  to  start  this  Symposium 
with  two  Keynote  Addresses: 
presenting  the  European  and  the 
North  American  situation.  I  was  to 
present  the  European  situation  and 
possibly  the  European  point  of 
view.  However,  even  if  I  were  in  a 
position  to  do  that  I  would,  as 
AGARD  Director,  rather  concentrate 
on  the  opportunities  for 
transatlantic  cooperation  in  the 
area  of  technology  within  NATO  and 
AGARD.  There  are  indeed  tremendous 
opportunities  for  transatlantic 
cooperation  in  the  1990s  and 
beyond. 

Until  recently  specific  space 
technology  subjects  were  a 
relatively  small  part  of  AGARD's 
activities.  Nevertheless,  long 
before  the  meaning  of  the  second  A 
in  AGARD  was  changed  from 
"Aeronautical"  to  "Aerospace"  in 
1965,  space-related  subjects  were 
part  of  the  AGARD  Programme.  For 
instance,  during  the  Ninth  General 
Assembly  meeting  in  1959  a  round 
table  discussion  was  held  on  "Space 
Research  Techniques  and  Recent 
Experimental  Data".  Also  from  time 
to  time  the  Panels  organised 
Symposia  on  space-related  subjects. 

There  is,  of  course,  no  clear 
border  line  between  aeronautical 
and  space  technology  and  many 
subjects  treated  by  the  FHP  over 
the  years  have  applications  to 
hoth.  However,  this  is  the  first 
FHP  Symposium  fully  dedicated  to 
space  subjects.  The  five  selected 
Session  Headings:  Launch  and 
Recovery,  In-orbit  Dynamics, 
Transatnospheric  Flight,  Dynamic 
Aspects  of  Assembly  and  Operation 
in  Space,  Simulation  and  Flight 
Test,  obviously  cannot,  in  the 
limited  time  available,  cover  all 
aspects  of  current  interest. 

One  of  the  results  of  this 
Symposium  may  be  a  clear 
identification  of  technical- 
scientific  areas  in  which  the  FHP 
can  further  contribute  to  the 
development  of  space  vehicles  and 
their  operation.  The  interest  is 
high  among  scientists  and  engineers 


within  the  Alliance  on  both  sides 
of  the  Atlantic.  The  prospects  for 
transatlantic  cooperation  in 
selected  areas  of  space  technology 
are  good.  As  an  indication  of  the 
current  direct  involvement  of  AGARD 
Panels  in  space  technology.  Table  I 
lists  the  titles  of  Symposia  and 
Lecture  Series  dedicated  to  space 
during  the  years  1988-1990.  It  is 
about  10  per  cent  of  our  activities 
over  these  years,  but  nevertheless 
it  is  significant. 

Space  transportation  systems  have 
recently  received  increased 
attention.  Research  and 
development,  being  carried  out  in 
several  councries,  may  ultimately 
lead  towards  fully  re-usable  one- 
or  two-stage  vehicles  capable  of 
going  to  a  low-earth  orbit  and 
returning  to  earth.  More  so  than 
in  aeronautics,  this  calls  for  a 
very  high  degree  of  integration  of 
disciplines  such  as:  hypersonics, 
flight  mechanics,  flight  control, 
avionics,  structures,  materials, 
propulsion  and  propulsion 
aerodynamics  and  human  engineering. 


2.  SPACE  TRANSPORTATION  SYSTEMS 

Space  flight  became  a  reality  after 
the  development  of  rocket  engines 
and  guidance  systems.  Space  flight 
has  been  carried  out  by  means  of 
single  and  multi-stage  rocket 
launchers  since  1957.  The  launchers 
were  not  recovered.  It  is  only 
recently,  beginning  with  the  NASA 
shuttle  transportation  system  that 
part  of  the  transportation  system 
has  become  recoverable. 

Expendable  launchers  are  now  well 
developed.  A  further  increase  in 
efficiency  and  reduction  of  the 
cost  will  undoubtedly  take  place 
during  the  coming  decades. 

Thousands  of  payloads  have  been 
launched  into  space  with  rockets 
and  an  enormous  experience  exists 
in  the  various  launching 
organizations.  Nevertheless,  the 
payload  that  can  be  launched  into, 
say  a  300  km  orbit  is  only  a  few 
per  cent  of  the  total  lift-off 
mass. 

This  is  illustrated  by  Figure  1 
(from  Ref.  1)  whero  the  mass 
fraction  delivered  to  a  low-earth 
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orbit  is  given  as  a  function  of  the 
total  take-off  nass.  Although  this 
fraction  increases  up  to  6  per  cent 
for  the  NASA  Orbitor  for  a  take-off 
nass  of  about  2000  tons,  and  an 
orbiter  mass  of  120  tons,  the  mass 
fraction  related  to  the  actual 
cargo  carried  by  the  orbiter,  up  to 
29  tons,  is  still  only  up  to  1.5 
per  cent. 

The  structure  of  a  rocket  launch 
vehicle  is  typically  of  the  order 
of  10  per  cent  of  the  lift-off  nass 
and  the  mass  of  the  fuel  close  to 
90  per  cent. 

The  ultimate,  ideal  vehicle  to 
transport  payloads  back  and  forth 
to,  say  a  300  km  orbit,  is 
undoubtedly  a  space  plane  which  can 
take  off  and  land  at  several  more 
or  less  conventional  airports. 

Four  of  the  major  advantages  of 
such  a  transportation  system  are: 

-  First,  a  reduction  in  launch 
costs  through  the  re-use  of  the 
vehicle;  the  aim  is  an  order  of 
magnitude  improvement  compared  to 
conventional  launchers.  Typically, 
the  launch  cost  should  become  of 
the  order  of  hundreds  of  dollars 
per  kg  payload  as  compared  to 
thousands  of  dollars  per  kg  for 
conventional  rockets.  Actually 
real  cost  figures  are  difficult  to 
obtain  since  the  research  and 
development  are  usually  not  taken 
into  account  and  there  are  a 
variety  of  factors  influencing  the 
pricing  policy  of  the  launch 
organizations. 

-  Second,  less  mass  left  in  orbit; 
during  the  first  decades  of  space 
flight  the  debris  left  in  orbit  was 
not  a  serious  problem,  but  as  the 
use  of  space  increases, 
particularly  at  certain  favoured 
orbits,  an  international  agreement 
will  be  required  not  to  leave  any 
debris  behind  in  near-earth  or 
geostationary  orbits. 

-  Third,  a  reduction  of  the 
launching  loads  on  the  payload  due 
to  severe  acceleration  and  hence  a 
simplification  of  the  construction 
of  the  payloads  and  a  reduction  of 
the  cost. 

-  Fourth,  a  considerable  increase 
in  the  payload  since  during  part  of 
the  flight  airbreathing  engines 
could  be  used,  reducing  the 
requirement  of  carrying  all  the 
oy/gon  required  for  combustion  as 
with  the  conventional  rocket. 

of  the  various  proposals  for 
re-usable  launchers  made  over  the 
years,  there  are  at  present  at 
’east  four  concepts  being 
pursued.  Figure- 2  (fromRef .  2) 
shows  these  as  possibly  being 


available  early  in  the  21st 
century.  The  figure  also  shows  the 
systems  that  could  be  operational 
between  now  and  2010. 

Returning  to  the  present:  the  only 
partially  re-usable  system  in 
operation  is  the  NASA  Space 
Transportation  System,  the 
Shuttle.  An  enormous  experience 
has  been  gained  with  the  system. 
NASA  is  studying  extensions  of  the 
shuttle  system  and  also  a  booster 
series  with  a  payload  of  up  to  five 
per  cent  of  the  total  mass. 

On  15  November  1988  the  USSR 
launched  the  Buran,  a  Russian 
version  of  the  NASA  Shuttle,  with 
the  Energia  booster.  The  vehicle 
was  unmanned  and  ground 
controlled.  It  made  o.-bital 
flights  and  an  automatic  landing. 
Although  this  flight  appeared  to  be 
successful,  the  Russian  cosmonaut 
Igor  P  Volk,  who  had  flown  18  of 
the  24  atmospheric  flights  with  the 
Buran,  said  in  May  1989  at  the  AIAA 
Annual  Meeting  that  the  second 
unmanned  flight  was  planned  in  late 
1990  and  that  the  first  manned 
flight  would  probably  not  take 
place  before  1992.  He  also  said 
that  there  are  at  present  seven 
Buran  pilots.  The  Buran  vehicle 
was  on  display  at  the  Paris  Air 
Show  in  June  1989,  mounted  on  top 
of  the  six-engine  AN-225  transport 
plane  and  this  combination  was 
demonstrated  in  flight.  Obviously 
the  Russian  developments  of 
re-usable  launch  vehicle  follow  the 
developments  in  the  USA,  in  spite 
of  the  fact  that  the  present  USSR 
launches  far  exceed  that  of  the 
rest  of  the  world,  both  numerically 
and  in  total  mass.  It  seems  that 
the  development  of  re-usuable 
transportation  systems  in  the  USSR 
trails  the  developments  in  the  USA 
by  almost  a  decade. 

The  Hermes  Space  Shuttle,  to  be 
launched  by  the  Ariane  V  launcher 
was  conceived  by  the  French  space 
organization,  ONES.  It  is  now 
incorporated  in  the  programme  of 
the  European  Space  Agency,  ESA,  and 
at  the  ESA  Ministerial  Conference 
in  November  1987  in  The  Hague 
US  $  600  million  was  committed  to 
the  first  phase  of  the  design  and 
development  programme.  Recently 
major  design  changes  were 
introduced.  The  total  nass  was 
increased  from  15  to  24  tons  with  a 
crew  of  throe.  Hermes  is  meant  to 
serve  the  international  space 
station  Columbus  and  the  projected 
man-tended  free  flyer  (MTFF)  but 
possibly  the  USSR  MIR  Space  Station 
also. 

Initially  ud  to  12-dav  missions  are. 
foreseen.  The  mass  of  Hermes  at 
landing  is  projected  to  be  15  tons 
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with  the  resource  nodule,  the 
docking  nodule  and  the  propulsion 
unit  to  be  discarded.  Hemes  will 
have  a  crew  escape  systen.  The 
remotely-controlled  manipulator, 
the  Hemes  Am,  HERA,  originally 
planned  to  be  part  of  the  vehicle 
will  now  become  expendable  or 
attached  to  the  Columbus  space 
laboratory. 

The  mass  of  Hemes  is  about 
one-fifth  of  that  of  the  NASA 
shuttle  orbiter.  The  maximum 
re-entry  temperature  will  be 
1830°  C,  that  is  300°  C  higher  than 
that  of  the  Shuttle.  The  first 
manned  flight  is  expected  to  take 
place  around  the  year  2000. 

The  concept  of  the  fully  re-usable 
space  plane  is  credited  to  Eugen 
Sanger  (1905  -  1964).  His  idea  was 
that  space  flight  should  ultimately 
be  achieved  via  an  aircraft  type 
vehicle  rather  than  via  rockets  as 
pioneered  by  Ziolkowsky,  Goddard, 
Obert  and  others.  In  cooperation 
with  Irene  Bredt,  who  he  later 
married,  he  produced  a  study  in 
1942  which  basically  outlined  this 
concept.  The  USAF/Boeing  X-20 
Dyna-Soar  project,  a  delta-winged 
vehicle,  to  be  launched  by  a  rocket 
and  to  return  to  earth  as  a  glider, 
was  the  first  step  in  that 
direction.  Unfortunately  this 
project  was  cancelled  at  the  end  of 
1963.  The  next  step  was  the  NASA 
Space  Transportation  System, 
originally  the  system  was  conceived 
as  a  two-stage  vehicle  with  a 
winged  re-usable  first  stage  which 
could  land  at  an  airfield.  The 
NASA  Shuttle  finally  became  the 
rocket-assisted-take-off  vehicle  as 
we  know  it. 

The  present  concepts  of  the  fully 
re-usable  space  planes  are 
indicated  in  Figure  2. 

There  is  at  present  a  five-year 
systems  definition  study  being 
carried  out  in  Gemany,  for  this 
two-stage  fully  re-usable  space 
transportation  systen.  The  first 
stage  vehicle,  called  Sanger,  will 
boost  a  second  stage  called  H0RUS, 
a  manned  90  ton  vehicle,  to  an 
altitude  of  35  km  at  Mach  number  of 
seven  or,  alternatively  a  second 
stage  called  CARGUS,  an  expendable 
rocket  stage  for  cargo  transport  to 
space.  It  is  envisaged  that  the 
first  stage  will  have  commonality 
with  a  global  hypersonic  transport 
plane  for  typically  250  passengers 
to  be  carried  over  a  distance  of 
10,000  kilometres  or  more. 

The  British  concept,  HOTOL,  is  a 
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and  landing  vehicle.  It  is 
unmanned  in  its  primary  role  of 
satellite  launch.  Manned 
capability,  when  required,  is 
provided  by  a  capsule  placed  in  the 
payload  bay.  The  engine  is  a  dual 


mode  cycle  combining  a  heavily 
pre-cooled  cycle  for  the 
airbreathing  ascent,  converting  to 
conventional  rc':ket  power  for  the 
final  ascent  to  orbit.  The  project 
is  currently  continuing  on  BAe 
private  funding. 

In  Japan  several  space-plane 
concepts  are  being  studied 
resembling  the  HOTOL  concept  and 
the  American  X-30  designs. 

There  is  little  doubt  that  the 
greatest  efforts  towards  the 
development  of  a  space  plane  are 
being  made  in  the  USA.  The  first 
single  stage-to-orbit  flight  of  the 
US  X-30  is  expected  to  take  place 
in  the  late  1990s.  Technical  and 
funding  problems  make  it  almost 
impossible  to  predict  an 
operational  date. 

3.  HYPERSONICS 

The  key  to  the  development  of 
re-entry  vehicles  and  re-usable 
transportation  systems  is  the 
development  of  adequate  knowledge 
of  hypersonics.  Hypersonics, 
flight  at  Mach  numbers  greater  than 
5,  was  developed  in  the  1950s  and 
60s.  Major  projects  wore: 

-  Ballistic  re-entry  vehicles  from 
speeds  up  to  8  km/sec 

-  The  USAF  project  Dynasoar,  a 
delta-winged  vehicle  launched  by  a 
rocket,  cancelled  in  1963 

-  The  NASA  projects  Mercury  and 
Gemini 

-  The  NASA  project  Apollo 

-  The  NASA  Space  Shuttle 
Transportation  System. 

Figure  3  gives  the  flight  regimes 
in  an  altitude  velocity  diagram. 
Note  that  the  energy  per  unit  mass 
to  be  absorbed  before  landing  on 
earth  when  returning  from  a  lunar 
flight  (10-11  km/soc)  is  80  per 
cent  higher  than  when  returning 
from  a  low  earth  orbit  (say 
300  km) .  The  figure  also  indicates 
that  projects  like  HOTOL  (and  the 
space  plane)  are  aiming  at  a  higher 
lift  (higher  L/D)  and  greater  cross 
range. 

Typical  velocity  differences  of 
interest  are  given  in  Figure  4. 

Note  that  A  v  moon  -dearth  ~ 

8.2  +  3.9  +  1.6  ■=  13.7  km/sec  and 
Av  GEO  dearth  =  8.2  +  4.3  = 

12.5  km/sec.  The  escape  velocity 
is  only  slightly  higher. 

Hypersonics  is  characterised  by  the 
fact  that  the  shock  angle  is  very 
small.  There  is  a  "merged 
shock-boundary  layer"  near  the 
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is  of  the  order  of  one  tenth  of  the 
nose  radius.  Gas  temperatures  in 
the  stagnation  region  become 
several  thousands  degrees  Kelvin. 
The  gas  will  dissociate,  several 
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chemical  reactions  occur  and 
radiation  becones  important  in  the 
stagnation  region,  Figure  5. 

Figure  6  indicates  the  regions 
where  these  effects  take  place. 

All  the  phenomena  associated  with 
these  flight  conditions  were 
studied  in  great  detail  in  the 
1950s  and  1960s.  Then  there  was  a 
period  of  twenty  years  with  greatly 
reduced  activities.  The  resurgence 
of  interest  in  hypersonics  in  the 
1980s  took  place  in  a  period  with  a 
greatly  reduced  number  of 
hypersonic  windtunnel  facilities 
operational  and  a  greatly  increased 
capability  in  computational  fluid 
mechanics.  In  several  AGARD 
publications  (References  3,  4  and 
5)  this  situation  was  recognised. 

A  new  generation  of  scientists  and 
engineers  took  over,  hopefully  just 
in  time  to  benefit  from  the 
experience  gained  in  the  1950s  and 
60s. 


4.  PROEUDSION 

If  hypersonics  is  the  key  to  the 
development  of  re-entry  and 
re-usable  transportation  systems, 
propulsion  is  certainly  the  key  to 
the  development  of  a  space  plane. 
The  word  space  plane  is  used  here 
generically  for  vehicles  capable  of 
flying  to  a  low-earth  orbit,  with 
or  without  take-off  assistance  and 
return  to  earth  landing  on  an 
airfield. 

The  X-30/WASP  (national  Aero-Space 
Plane)  studies  being  carried  out  by 
three  contractors  in  the  USA 
(McDonnell-Douglas,  General 
Dynamics  and  north  American 
Rockwell)  are  reported  to  include 
various  nodes  of  propulsion: 

-  for  IK4.5  subsonic  combustion 

-  for  M>6  supersonic  combustion 

In  the  range  4.5<M<6  presumably  a 
mixed  subsonic/supersonic 
combustion  takes  place.  All 
proposals  incorporate  rocket 
engines,  but  of  different  sizes. 

The  system  preposed  for  the  German 
Sanger  project  is  different  in  that 
it  consists  of  two  stages.  The 
first  stage  is  to  fly  up  to  M=7  at 
an  altitude  of  35  km  and  being 
propelled  by  a  subsonic/supersonic 
combustion  system,  a  turbo-ramjet 
engine,  while  the  second  stage  is 
planned  to  be  rocket-propelled. 

The  first  stage  would  basically  use 
the  technology  that  could  be 
applied  to  a  hypersonic, 
transcontinental  or  transatlantic 
transpor"  plane  (the  "Orient 
Express") . 


The  British  KOTGL  concept  would  use 
an  airbreathing  engine  with 
variable  inlet  geometry,  converting 
to  H2/02  rocket  propulsion  above 
M=S.  Eventually  the  ramjet/ 
scranjet  (supersonic  combustion 
ramjet)  may  be  developed  to  operate 
at  Mach  numbers  considerably  higher 
than  7;  goals  of  M=15  and  higher 
have  been  reported  in  the  press. 
This  would  require  enormous  frontal 
capture  areas  ('>'100  per  cent)  and 
relatively  low  altitudes  in  order 
to  capture  a  sufficient  air  mass  to 
produce  the  required  thrust  at 
these  Mach  numbers.  It  is  clear 
that  here  is  an  area  for  much 
research  and  development  of 
imaginative  concepts. 


5.  STRUCTURES  AHD  MATERIALS 

During  re-entry  the  amount  of 
energy  to  bo  dissipated  is 
typically  30  million  Joule  per  kg 
mass,  well  above  the  heat  of 
vaporization  of  all  materials.  For 
a  vehicle  of  20  tons  re-entering 
from  an  altitude  of  150  km  at  a 
speed  of  8000  m/sec  this  amounts  to 
6.8x10"  Joule.  Fortunately  only  a 
small  portion,  of  the  order  of  0.05 
to  o.l  per  cent  is  absorbed  by  the 
vehicle  but  nevertheless  stagnation 
temperatures  of  1000  to  1800°  C 
will  occur  over  periods  of  10 
minutes  or  more.  The  use  of 
metallic  materials  is  generally 
limited  to  about  1000°  C.  Ceramic 
materials  can  stand  a  much  higher 
temperature  but  their  incorporation 
as  structural  elements  is  very 
difficult.  The  NASA  Space  Shuttle 
solution  of  tiles  for  thermal 
protection  is  well  known  and 
apparently  the  Buran  uses  the  same 
idea  for  thermal  protection.  It  is 
likely  that  some  of  the  ceramic 
materials  and  possibly  carbon/ 
carbon  material  with  a  protective 
layer  will  be  developed  to  such  a 
stage  that  they  can  be  applied  in 
spacecraft  structures  in  the  1990s 
and  beyond. 

Finally,  a  fully  re-usable  space 
plane  must  be  able  to  take  off  and 
land  at  an  airfield.  Present  day 
civil  transport  aircraft  have 
landing  speeds  of  about  250  km/hour 
(155  nph)  and  typically  need  a 
landing  field  length  of  2000  m. 

For  most  modern  figher  aircraft 
these  figures  are  much  the  same. 

The  NASA  Space  Shuttle  has  a 
nominal  landing  speed  of 
335  km/hour  and  it  is  reported  that 
a  landing  speed  of  420  km/hour  has 
been  demonstrated.  It  is  also 
reported  that  the  tiros  could  stand 
a  speed  of  560  km/hour  but  they 
could  only  be  used  once.  Apparently 
the  US  space  plane  and  Sanger  aim 
at  landing  speeds  of  500  km/hr  or 
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more.  This  would  mean  a  50  per 
cent  increase  compared  to  the 
proven  NASA  Space  Shuttle  landing 
speed  and  the  kinetic  energy  per 
unit  mass  at  landing  would  be 
2.25  tines  as  much.  This  is  indeed 
a  formidable  challenge. 


Only  sone  of  the  technical- 
scien*  "if  areas  associated  with 
the  development  of  space 
transportation  vehicles  have  been 
centicned.  There  are  many  other 
subjects  such  as  flight  control  and 
human  engineering  which  are  of 
equal  importance  for  the  successful 
realization  of  space  transportation 
systems. 


Aerodvnnnics  -  The  "largest 
uncertainty"  is  the  location  of  the 
transition  point  between  laninar 
and  turbulent  air  flow.  This 
effects  engine  performance, 
structural  heating  and  drag,  to  the 
extent  that  there  is  an 
"uncertainty  factor"  of  two  or  nore 
in  estinates  of  gross  take-off 
weight.  Computational  fluid 
dynamics  cannot  yet  resolve  all 
such  problems,  especially  when 
dealing  with  three-dimensional 
flows,  because  of  lack  of  real- 
world  experimental  data  for 
calibration.  It  is  important  that 
CFD  should  not  be  discredited  on 
this  account.  But  ground  test 
facilities  that  might  provide  valid 
data  for  Mach  numbers  between  10 
ar.d  20  do  not  yet  exist. 


In  the  1970s  the  European  goals 
were  mainly  concentrated  on  the 
development  of  a  reliable 
expendable  launcher  system,  the 
Ariane  Series.  The  European 
contribution  tc  the  HASA  Shuttle 
Programme  was  limited  to  the 
development  of  Spacelab,  a  payload 
of  the  shuttle.  Unfortunately  only 
a  few  spacelab  flights  have  been 
carried  out  so  far.  with  the 
advent  of  the  Ariane  V  -  Hermes 
system  a  much  broader  technology 
base  is  being  built  up  in  Europe. 
This  does  not  yet  open  up  ail  the 
relevant  technology  areas  for  full 
cooperation  and  information 
exchange  within  AGARD.  However  it 
is  quite  possible  that  in  the  1990s 
several  of  the  concepts  now  being 
developed  in  various  nations,  will 
merge  into  a  single  series  of  space 
transportation  systems.  The  main 
reasons  for  this  would  be  the 
necessity  to  share  the  development 
costs  and  the  sheer  necessity  to 
pool  all  the  available  talent  and 
the  facilities  available  to  solve 
the  technical  problems.  The 
individual  nations  (or  combined,  as 
in  ESA}  must  however,  develop  a 
strong  enough  technology  base  for 
cooperation  on  an  equal  footing,  at 
least  in  selected  areas. 

The  following  quotations  from  a 
report  of  the  US  Defense 
Department's  Science  Board  (DSB), 
published  in  Reference  6,  are  an 
indication  of  the  magnitude  of  the 
problems  involved  in  developing  the 
National  Aerospace  Plane.  The 
article  states  that  the  DSB  was 
essentially  supportive  of  the  WASP 
Programme.  The  Task  Force  Members 
were  "impressed  with  the  progress 
being  made.  Eut  we  were  even  more 
impressed  by  what  has  yet  to  be 
done  to  reduce  the  remaining 
uncertainties  to  a  reasonably 
manageable  level".  Some  of  the 
chief  anxieties  were  as  follows: 


Propulsion  system  design  -  This  is 
also  hampered  by  the  sane 
uncertainty  about  WASP  airflow 
dynamics.  The  transition  point 
from  ramjet  to  supersonic  scramjet 
operation  is  likely  to  be  the  most 
critical  phase  of  flight.  Very 
little  is  known  about  the  nixing 
and  combustion  of  hydrogen  at  high 
supersonic  velocities.  Once  again, 
physical  test  facilities  arc 
urgently  needed.  Even  so,  it  is 
likely  that  flow  anomalies  will 
requ.'  re  partial  redesign  of  the 
propulsion  system  during  the  flight 
test  programme.* 

llatqciajs.and  Structures  -  With 
the  likelihood  that  sone 
15  per  cent  of  the  surface  area  of 
WASP  may  be  exposed  to  temperatures 
above  1425°  C,  there  is  obviously  a 
need  to  choose  between  entirely  new 
materials,  or  extensive  use  of 
active  cooling.  Promising  new 
materials  have  been  identified,  but 
in  general  they  are  currently 
available  only  in  laboratory 
quantities.  The  DSB  Task  Force 
states  that  industrial  quantity 
production  might  be  12-15  years 
away.  Until  sufficient  quantities 
become  available  to  fabricate 
large-scale  test  articles,  the  nany 
uncertainties  associated  with 
structural  testing  will  continue. 


*  In  a  paper  in  Reference  7, 

J  A  Vandenkorckhove  concludes  with 
respect  to  the  problem  of 
supersonic  combustion:  "It  is 
certainly  not  possible,  with  our 
current  understanding,  to  claim 
with  certainty  that  scramjet  is  the 
way  to  go,  but  it  would  equally  be 
very  rash  to  ignore  it  altogether 
and  to  decide  on  the  full  scale 
development  of  either  a  two-stage 
or  a  single-stage-to-orbit  vehicle 
(without  supersonic  combustion) 
without  having  explored  in  sone 
depth  the  scramjet  alternative." 
Apparently  the  US  is  investigating 
this  alternative  extensively. 
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Controls  -  There  are  "large 
uncertainties"  aoout  the  stability 
and  control  laws  applicable  to  a 
vehicle  such  as  HASP.  Problems 
such  as  therr.oelastic  deformation 
of  key  structures  tend  to  be 
outside  conventional  design 
experience.  It  seemed  to  the  Task 
Force  that  it  would  be  impossible 
to  design  such  a  vehicle  without 
some  understanding  of  its  likely 
control  system. 

These  quotations  from  the  report  of 
the  Task  Force  of  the  DSB  may  seem 
overly  pessimistic  with  respect  to 
the  space  plane,  although  the  DSB 
appeared  to  be  very  positive  about 
the  final  possibilities,  but  at 
least  they  have  the  great  merit  to 
highlight  the  enormous  challenges 
for  the  aerospace  research  and 
development  community.  Undoubtedly 
this  Symposium  will  have  a  similar 
effect.  We  hope  that  it  will  lead 
to  the  stimulation  of  your  work  and 
where  possible,  towards  increased 
cooperation  among  the  nations  of 
the  Alliance. 
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FIG  1  -  PAYLOAD  FRACTION  VERSUS  TAKE-OFF  MASS  FOR  LOW-EARTH 
ORBITS 


FIG  2  -  REALISATIONS  AND  PLANS  IN  REUSABILITY  TO  EASE  ACCESS  TO 
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FIG  3  -  RE-ENTRY  FLIGHT  REGIMES 
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FIG  4  -  VELOCITY  DIFFERENCES  (IMPULSE)  REQUIRED  IN  SPACE  FLIGHT 
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SPACE  DEVELOPMENT  -  A  CONTINUING  CHALLENGE 

ABSTRACT 

Space  flight  development,  just  as  its  atmospheric  counterpart,  encompasses  a  broad 
range  of  disciplines.  In  contrast  to  aircraft  development,  however,  considerable 
emphasis  has  been  placed  to  date  on  the  operation  of  unmanned  vehicles.  The  space 
environment  is  inherently  hostile  to  human  life,  and  as  such,  even  for  manned  space 
flight,  efforts  are  made  to  minimise  crew  s.ze,  and  to  automate  or  control  remotely 
from  Earth,  much  of  the  on-orbit  vehicular  activity. 

Unmanned  spaceflight  has  expanded  human  knowledge  significantly  and  uniquely,  through 
the  exploration,  often  remotely,  of  Earth,  our  solar  system  and  the  universe,  and 
through  the  communication  channels  that  have  been  opened  by  satellites.  Manned  space 
flight  has  added  another  dimension  with  direct  and  local  human  intervention  in  the 
space  environment,  thereby  adding  the  sensory  and  perceptual,  intellectual,  psychomotor 
and  motor  capabilities  of  humans. 

Behind  each  successful  space  mission,  starting  with  the  small  and  relatively 
unsophisticated  scientific  probes  of  the  1950's  and  1960's  and  leading  to  the  great 
observatories  such  as  the  Hubble  Space  Telescope  to  be  launched  this  decade,  or  in  the 
manned  space  field,  beginning  with  the  first  orbital  flight  of  humans  to  their  landing 
on  the  moon  or  to  manning  space  stations  orbiting  Earth,  there  exists  an  enormous 
infrastructure  of  scientists,  engineers,  managers  and  politicians  who  together  allow 
these  ventures  to  come  to  fruition.  This  paper  addresses  the  evolution  of  space 
flight,  the  technical  and  management  challenges  associated  with  its  success,  and  the 
direction  that  is  being  mapped  out  on  a  global  scale  for  the  future  exploration  and 
exploitation  of  space. 


INTRODUCTION 

It  gives  me  great  pleasure  to  spoak  at  this  symposium  on  the  subject  of  space 
development.  To  be  able  to  address  such  a  broad  topic  within  the  confines  of  a  single 
paper  is  a  daunting  task,  and  I  look  to  assistance  in  this  by  relying  on  the  paper  just 
presented  by  Dr.  A  van  der  Bliek  to  complement  some  of  the  thoughts  which  would 
otherwise  deserve  to  be  developed  in  greater  depth  in  this  paper.  1  would  also  refer 
readers  to  the  Reference  for  a  more  comprehensive  overview  of  the  factors  that  will 
have  a  strong  influence  on  space  developments  during  the  next  decades. 

Earth  is  one  of  nine  planets  circling  the  sun,  which  in  turn  is  one  of  one  trillion 
stars  in  our  galaxy,  the  Milky  Way,  which,  again  in  turn,  is  one  of  one  hundred  billion 
galaxies  in  the  known  universe.  Space  flight  from  Earth  allows  humans  to  remove  one 
barrier  to  the  understanding  and  benign  exploitation  of  this  universe. 

Orbital  space  flight  commenced  with  the  pathfinder  flight  of  Sputnik  in  1957.  Progress 
thereafter  was  remarkable,  even  when  measured  against  a  backdrop  of  the  prevailing, 
technically  progressive  aeronautics  industry.  There  was  the  political  will  in  several 
countries  to  make  space  exploration  a  key  element  in  the  development  of  technocracies, 
in  which  the  large  scale  of  investment  in  research  and  development  was  seen  as  the  path 
to  future  leadership  and  prosperity.  In  1961,  homo  sapiens  lived  for  108  minutes  in 
outer  space.  By  the  late  I980's,  humans  were  regularly  in  space:  in  1969  individuals 
set  foot  for  the  first  time  on  another  celestial  body,  the  Moon,  and,  later,  others 
lived  continuously  in  the  microgravity  environment  of  space  for  more  than  a  year. 
Meanwhile,  scientific  observations  from  space  were  causing  fundamental  reassessments 
of  the  hypotheses  surrounding  our  understanding  of  the  solar  system,  the  universe  and 
their  origins,  and,  perhaps  for  the  first  time  in  human  history,  were  allowing  the 
ordinary  person  to  view  his  own  planet  and  its  survival  from  a  global  rather  than 
national  or  local  point  of  view.  Communication  satellites,  one  of  the  first 
commercially  exploitable  applications  of  space,  were  soon  to  dominate  long  distance, 
global  communications. 

Apart  from  the  technical  and  management  aspects,  perhaps  two  areas  of  space  flight 
should  be  singled  out  as  clearly  having  their  genesis  in  the  aeronautics  world.  First, 
a  major  impetus  for  the  activity  arose  from  strategic  military  considerations  by  the 
dominant  pursuers  of  space  activity,  the  USA  and  the  USSR.  Second,  the  costs  and  long 
time  horizon  for  realising  commercial  returns  were  such  that  it  was  only  tlrough  the 
national  and  polil'cal  commitments  of  significant  levels  of  government  funding 
necessary  to  undertake  ihe  research  and  development  and  to  build  the  infrastructure, 
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that  spree  projects  could  proceed.  While  the  military  stimulus  to  the  development  of 
many  aspects  of  space  continues,  it  should  be  noted  that  international  treaties  exist 
which  limit  the  use  of  space  to  peaceful  purposes,  and  that  many  of  the  nations  which 
now  participate  in  the  development  of  space,  specifically  exclude  all  military 
applications,  whether  defensive  or  not,  and  pursue  instead,  only  scientific,  commercial 
and  exploratory  goals. 


THE  HISTORICAL  PERSPECTIVE 

Before  speculating  on  the  future  exploitation  of  the  space  environment,  it  is  worth 
identifying  some  of  the  major  milestones  that  have  been  achieved  in  the  short  history 
of  orbital  space  flight.  Many  milestone  events  can  be  chosen  to  characterise  its  rapid 
development,  and  from  these  the  following  have  been  selected  somewhat  arbitrarily: 


SELECTED  SPACE  HIGHLIGHTS 


SPUTNIK  1  FIRST  SATELLITE  1957 
LUNA  2  FIRST  SPACECRAFT  ON  MOON  1959 
VENUS  1  VENUS  FLYBV  1961 
VOSTOK  1  HUMAN  ORBITS  EARTH  1961 
EARLY  BIRD  COMMERCIAL  TV  COMMUNICATIONS  1965 
APOLLO  11  HUMANS  LAND  ON  MOON  1969 
LANDSAT  1  FIRST  EARTH  RESOURCES  SATELLITE  1972 
SKYLAB  2  FIRST  SPACE  STATION  1973 
VENERA  9  FIRST  PICTURE  FROM  SURFACE  OF  ANOTHER  PLANET  1975 
STS  1  FIRST  SPACE  SHUTTLE  FLIGHT  1981 
VARIOUS  ALL  PLANETS  EXCEPT  PLUTO  PROBED  1989 

HUMBER  OF  LAUNCHES  1957  -  1989  3200 


From  the  launch  of  the  84  kg  Sputnik  1,  the  world's  first  artificial  satellite, 
progress  was  rapidly  made  in  placing  first  animals  and  then  humans  into  space;  in 
mapping  the  Moon,  and  landing  humans  on  it;  in  flying  satellites  past  our  solar 
system's  planets  and  their  moons,  and  in  sending  to  so...e  of  their  surfaces,  probes 
which  would  transmit  back  data  about  surface  conditions  to  eagerly  waiting  scientists; 
in  commercialising  space,  first  through  communication  satellites  in  geosynchronous 
orbit  and  then  through  remote  sensing  satellites  located  in  polar  orbits  around  Earth, 
with  which  to  provide  information  about  the  Earth's  surface  and  its  atmosphere;  and 
during  this  entire  process,  in  developing  both  in  space  and  on  the  ground,  an 
infrastructure  which  allowed  the  methodical  and  often  rapid  movement  from  the 
achievement  of  one  goal  to  the  next.  Important  to  this  process  were  both  the 
development  of  new  management  techniques  which  allowed  the  work  of  widely  distributed 
centres  of  activity  to  be  successfully  integrated,  and  the  stimulation  by  space 
activity  of  ordinary  people  to  be  excited  by  scientific  and  technological  progress. 


DEVELOPING  THE  SPACE  INFRASTRUCTURE 

Significant  strides  have  been  made  in  the  32  years  since  the  launch  of  Sputnik  1  in 
developing  various  elements  of  the  space  infrastructure.  Such  an  infrastructure  starts 
with  the  ground  support  systems  necessary  to  initiate  and  sustain  effective  space 
flight.  The  ground  infrastructure  includes  test,  development  and  operations  facilities, 
as  well  as  user  support  facilities.  It  contributes  significantly  to  the  cost  of 
conducting  space  flight  but  is  essential.  The  transportation  system  to,  from  and  in 
space  remains  as  the  most  critical  element  in  the  infrastructure.  Other  essential 
elements  are  the  space  based  communications  and  tracking  networks  which  are  generally 
well  developed  but,  with  continuing,  rapid  advances  in  information  systems 
technologies,  will  no  doubt  be  refined  significantly  in  future.  Shortage  of  available 
frequency  bands  and  physical  crowding  in  the  geosynchronous  orbit  used  for  the  majority 
of  communication  satellites  will  become  increasingly  important  during  the  next  decade. 
Remote  sensing  networks  continue  to  be  developed  to  provide  essential  information 
characterising  the  physical  and  chemical  properties  of  Earth  and  other  planets  and  of 
their  atmospheres.  Planetary  missions  to  be  launched  over  the  next  few  years  will  lead 
to  a  renaissance  of  space  science  in  the  1990's.  Also,  on  the  scientific  front,  great 
observatories  are  being  developed  for  deployment  in  low-earth  orbit,  which  will  allow 
observations  of  the  entire  electromagnetic  spectrum  to  study  events  and  objects  in  the 
universe.  In  the  area  of  manned  space  flight,  general  purpose  facilities  such  as  space 
stations  in  low-earth  orbit  for  undertaking  a  variety  of  tasks  have  been  developed  and 
will  continue  to  be  developed,  whereas  major  on-orbit  assembly,  servicing, 
manufacturing  and  transportation  facilities  will  be  built  as  precursors  to  the 
establishment  of  lunar  bases  and  manned  missions  to  Mars. 

From  this  broad,  although  not  what  one  would  yet  describe  as  a  mature  or  robust  base 
of  space  activity,  consideration  is  given  to  some  of  the  major  missions  that  ace 
currently  being  proposed  or  developed. 


The  Planetary  Missions 
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The  exploitation  of  the  space  environment  for  planetary  observations  has  led  to  a 
remarkable  epoch  in  the  history  oi  science.  We  live  in  an  age  of  astounding  discovery 
and  adventure  in  which  space  probes  from  the  USA  and  the  USSR  have  investigated,  at 
least  superficially,  between  1962  and  1989,  almost  the  full  extent  of  the  planetary 
part  of  our  solar  system. 

Four  spacecraft  are  presently  travelling  out  of  the  solar  system.  Pioneers  10  and  11, 
and  Voyagers  1  and  2,  after  having  earlier  flown  unscathed  through  the  asteroid  belt 
and  provided  fundamental  information  on  the  planets  Jupiter,  Saturn,  Uranus  and  Neptune 
during  fly-by  of  these  planets. 

Except  for  Pluto,  each  of  the  planets  of  the  solar  system  has  now  been  observed  from 
satellites  passing  in  their  proximity  or  landing  there.  The  most  recent  was  the 
observation  of  Neptune  from  Voyager  2  in  1989,  surely  a  mission  that  will  go  down  in 
history  as  one  of  the  most  significant  scientific  achievements  of  the  century.  Magellan 
and  Gallileo,  launched  in  1989  after  an  eight  year  launch  gap  in  the  USA  planetary 
exploration  progiam,  will  make  detailed  studies  of  Venus  and  Jupiter  respectively.  The 
Mars  Observer  is  scheduled  for  launch  in  1992  to  make  a  global  study  of  the  planet, 
and  will  be  followed  by  two  sophisticated  satellites,  the  Comet  Rendezvous  Asteroid 
Flyby,  CRAF,  scheduled  to  be  launched  in  1995  to  liaise  with  aid  observe  Comet  Kopff, 
and  Cassini,  the  fourth  mission  to  Saturn,  which  will  be  launc.ied  in  1996  to  arrive  in 
2003  to  study  the  rings,  atmosphere,  magnetosphere  and  moons  of  Saturn. 

The  new  planetary  probes  provide  higher  resolution,  sensitivity  and  broader  coverage 
than  previous  satellites.  Their  missions  are  planned  to  terminate  in  the  proximity  of 
their  target  planets.  This  leaves  only  the  two  Pioneer  and  the  two  voyager  satellites 
to  continue  to  fly  and  gather  data  beyond  our  solar  system  limits. 

In  all,  NASA  alone  plans  to  launch  36  space  science  missions  over  the  next  five  years, 
including,  next  year,  the  Hubble  Space  Telescope,  an  astrophysics  spacelab  mission, 
Astro,  the  Gamma  Ray  Observatory,  Spacelab  Life  Sciences  -1  and  ESA/NASA  Ulysses. 

The  Great  Observatories 


In  addition  to  the  planetary  probes  which  are  sent  to  their  target  planets  to  allow 
observations  in  their  proximity,  there  is  presently  planned  to  be  launched  into  low 
Earth  orbit  a  series  of  space  observatories  which  will  allow  observations,  without 
atmospheric  interference,  of  the  entire  electromagnetic  spectrum.  Removing  the 
filtering  and  distorting  influence  of  the  atmosphere  will  allow  unparalleled  resolution 
to  be  achieved.  The  following  great  observatories  are  currently  planned  to  be  launched 
by  the  USA,  with  international  participation  in  the  development  of  seme  of  the 
instruments: 

o  Hubble  Space  Telescope 
o  Gamma  Ray  Observatory 
o  Advanced  x-Ray  Astrophysics  Facility 
o  space  Infrared  Telescope  Facility 

The  weight,  size  and  power  of  these  observatories  are  limited  by  launch  capabilities 
from  Earth.  Space  stations  will  make  possible  on-orbit  assembly  of  such  facilities, 
thereby  allowing  increases  in  size  and  the  corresponding  increases  Ir.  instrument 
sensitivity  and  resolution,  observatories  may  also  be  established  on  the  far  side  of 
the  moon  to  avoid  the  radio  frequency  interference  emanating  from  Earth. 

Major  technological  challenges  in  bringing  these  large  facilities  into  operation  will 
be  their  design  for  assembly  on-orbit  into  rigid  structu’es,  and  their  precise  pointing 
once  assembled.  New  capabilities  will  also  need  to  be  developed  to  handle  the  high 
information  rates  expected  to  be  generated  by  the  observatories. 

Observing  Earth  from  Space 


Among  the  earliest  applications  of  space  flight  was  the  observation  of  Earth  from 
oroiting  satellites  outfitted  with  cameras,  radars  and  other  sensors.  Observations  with 
instruments  sensitive  to  different  parts  of  the  electromagnetic  spectrum  have  allowed 
the  mapping  of  Earth's  surface,  both  land  and  sea,  and  its  variations  with  time,  and 
of  Earth's  atmospheric  variations. 

Increasing  sensitivity  to  and  concerns  about  the  effect  of  human  habitation  on  the 
Earth's  environmental  robustness  are  leading  many  nations  to  participate  in  a  new 
program  called  "Mission  to  planet  Earth"  the  intent  of  which  is  to  provide  continual 
and  synchronised  updates  or.  various  aspects  of  the  environment's  characteristics  m 
order  to  allow  its  better  management. 

The  data  provided  through  remote  sensing  techniques  has  considerable  commercial  and 
strategic  value  and,  as  a  result,  demand  for  it  is  expected  to  grow  continually. 
Significant  development  effort  is  needed  to  enhance  image  analysis,  and  sensor 
sensitivity  and  resolution. 


Space  Transportation 

The  key  to  space  exploitation  lies  with  the  availability  o£  suitable  space 
transportation  systems.  These  determine  the  weight  and  volume  of  elements  that  may  be 
placed  in  various  orbits  or  escape  trajectories.  Launches  are  presently  either  by  means 
of  expendable  rockets  or  partially  reusable  launch  vehicles  pioneered  by  the  USA  in  the 
form  of  the  Space  Shuttle.  Typically,  for  expendable  launch  vehicles,  the  payload  mass 
which  may  be  placed  in  geosynchronous  orbit  ranges  from  2000  to  5000  kg,  whereas  the 
shuttle  is  able  to  place  payloads  of  up  to  20,000  kg  into  low-earth  orbit. 

On  a  world  wide  basis,  approximately  one  hundred  launches  per  year  have  been  carried 
out  for  the  past  several  years  with  about  ninety  per  year  by  the  USSR.  In  all,  there 
have  been  about  3200  launches  into  Earth  orbit  or  beyond.  Although  launch  reliability 
and  lift  and  volume  capacity  had  been  improving  in  the  western  world  at  the  time  of  the 
Challenger  accident  in  1986  (which  subsequently  led  to  the  grounding  of  the  shuttle 
fleet  for  over  two  years  at  the  same  time  that  ESA's  Ariane  was  having  development 
problems),  the  resulting,  even  if  temporary,  grounding  of  almost  all  of  the  western 
world's  launch  capability  clearly  illustrated  the  fragile  nature  of  its  launch 
c«pacity.  As  a  result,  considerable  activity  has  been  stimulated  in  the  USA  to  develop 
again  commercial,  expendable  launch  vehicles  to  complement  the  capability  of  the 
shuttles  which  will  be  exploited,  in  future,  predominantly  in  support  of  those  missions 
requiring  intervention  by  astronauts.  As  well,  independent  national  orbital  launch 
capabilities  have  been  or  are  being  developed  by  India,  japan,  China  and,  of  course, 
the  USSR. 

The  major  areas  of  launch  capability  requiring  improvement  are  the  lift  capability, 
launch  reliability  and  launch  costs.  Evolution  is  leading  to  a  fleet  mix  which  will 
include  passenger  transport  vehicles,  heavy  lift  transporters  and  transfer  vehicles  for 
round  trip  travel  beyond  low-earth  orbit.  It  will  be  necessary  to  reduce  launch  costs 
from  Earth  by  an  order  of  magnitude  from  the  current  level  of  about  $10,000  per 
kilogram  before  space  exploitation  can  become  routine.  Significant  advances  in 
propulsion  system  design  and  increases  in  reliability  will  be  the  focus  of  attention 
to  achieve  this  and  the  emphasis  will  be  on  systems  in  which  all  stages  are 
recoverable . 

Typical  of  the  new  propulsion  systems  under  consideration  for  manned  space  vehicles 
which  would  be  horizontally  launched  from  Earth  to  low-earth  orbit,  are: 

Two-stage  engines  with  an  airbreathing,  liquid  hydrogen  engine  first  stage,  ana 

a  hydrogen/liquid  oxygen  rocket  second  stage  (Saenger) 

Single-stage,  combined-cycle  engines  using  hydrogen/oxygen  and  an  airbreathing 

capability  to  orbit  (Aerospace  plane,  BOTOL). 

The  technologies  that  will  need  to  be  developed  to  allow  these  systems  and  the 
attendant  operating  cost  savings  to  be  realised  include  the  following: 

Durability  of  the  thermal  protection  system 

Development  of  light  weight  structures  and  materials 

Advances  in  information,  guidance  and  control  systems 

Supersonic  combustion  ramjet  engine  (SCRAMJET) 

High  Mach  Number  operation  of  SCRAMJET  (Mach  15) 

It  is  expected  that  these  new  transportation  systems  will  be  developed  for  operational 
use  during  the  first  decade  of  the  next  century. 

For  on-orbit  transportation  systems,  or  space  transfer  vehicles,  the  possibility  of 
using  electrical  power  rather  than  chemical  power  sources  exists  when  used  in 
conjunction  with  accelerators,  either  in  the  form  of  "ion  engines"  or  of  "mass  driver 
engines".  When  operating  far  from  the  sun,  in  the  outer  solar  system  where  "ion 
engines"  are  most  effective,  nuclear  power  systems  become  essential  as  their  power 
source. 

Communications  and  Tracking 

Communication  and  tracking  capabilities  are  essential  for  monitoring  and  supporting 
space  activity.  The  facilities  which  have  been  developed  use  complementary  space  and 
ground  networks  to  provide  for  communications,  data  relay,  navigation  and  tracking. 
Mature  systems  are  in  place,  although  the  limited  life  of  the  current  generation  of 
satellites  in  geosynchronous  orbit  (approximately  7.5  -  10  years  for  Western  satellites 
and  2.5  years  for  USSR  satellites)  requires  the  regular  replacement  of  satellites  with 
associated  costs.  Crowding  in  geosynchronous  orbit  will  have  a  significant  influence 
on  the  size  and  sophistication  of  these  satellites  in  future,  and  it  is  envisaged  that 
on-orbit  servicing  will  eventually  be  available  to  extend  the  service  life  of  the 
satellites.  Evolution  will  increase  the  coverage  provided  and  the  bandwidth  of  the  data 
being  transmitted.  The  present  TDRSS  satellite  system  developed  by  NASA  to  provide  for 
data  management  for  the  shuttle  and  space  station  requires  three  satellites  in 
geosynchronous  orbit  to  provide  continuous  coverage  of  vehicles  such  as  space  station 
or  the  shuttle  in  low  Earth  orbit. 
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As  operations  expand  to  require  frequent  communications  contact  with  orbital  facilities 
and  transfer  vehicled  ir.  the  inner  solar  system,  a  number  of  new  tracking,  navigation, 
communications  and  data  relay  satellites  will  be  needed. 

A  major  and  glowing  concern  arises  from  space  debris  in  both  low  Earth  and 
geosynchronous  orbits.  Even  minute  debris  of  the  order  of  1mm  in  size  can  destroy  a 
satellite  oecause  of  its  kinetic  energy.  Such  debris  can  result  from  failed  or 
disintegrated  satellites  and  is  an  increasing  hazard  in  heavily  used  orbits. 

Space  Stations 


Both  the  USA  and  the  USSR  moved  quickly  to  develop  space  stations  earlv  in  their  space 
programs.  The  USA  gained  experience  with  the  Skylab  space  station  in  1973/1974,  whereas 
the  USSR  has  developed  a  series  of  stations  which  have  continually  provide  a  capability 
to  support  human  life  in  space  since  1974  through  its  Salyut  and  Mir  space  stations. 
The  USSR  has  a  significant  lead  in  accumulated  experience  of  long  term  operations  by 
cosmonauts  in  space. 

Present  space  stations  and  those  under  development,  are  multi  function  facilities  which 
provide  for  many  of  the  following  capabilities: 

o  Long  duration  space  flight 
o  Micro-gravity  research  and  development 

-  materials  processing 

-  life-  sciences 

o  Earth  and  space  observation 
o  Space  science 

o  On-orbit  assembly  and  servicing 
o  Transportation  Node 
o  Technology  development  base 
o  Exploration  ba3e 

Space  Station  Freedom,  presently  being  developed  by  the  USA,  Canada,  ESA  and  japan 
represents  the  largest  international  cooperative  technology  development  project  ever 
undertaken.  When  completed,  the  space  station  will  be  135n  long,  weigh  200,000kg,  have 
75kw  of  power,  one  pressurised  habitation  module  and  three  pressurised  scientific 
laboratories,  it  will  be  manned  continuously  by  an  eight  person  crew  and  will  possess 
significant  external  assembly  and  servicing  capability.  It  will  fly  in  a  circular  orbit 
with  an  inclination  to  the  equator  of  28.5  degrees,  and  at  an  altitude  of  about  500km. 
The  station  is  expected  to  evolve  over  time  and  have  a  thirty  year  operational  life. 
It  will  be  assembled  in  orbit  over  four  years  starting  in  1995  and,  in  that  period  will 
require  29  dedicated  shuttle  missions  to  be  built  and  to  have  provided  the  necessary 
logistics  support  to  maintain  the  station  in  an  operational  permanently-manned  state. 
It  will  cost  in  the  order  of  835,000  million  dollars  to  develop. 

Among  the  many  challenges  associated  with  the  development  of  space  siation,  those  of 
its  assembly  in  orbit,  the  subsequent  operation  of  the  entire  research  and  development 
complex  with  an  eight  person  crew,  and  the  continual  maintenance  and  updating  of  its 
systems  for  a  thirty  year  operational  life,  must  rank  as  unique  and  amongst  the  most 
demanding. 

Space  stations  in  low  Earth  orbit  will  evolve  to  become  assembly  and  maintenance  bases 
and  staging  posts  for  other  destinations,  such  as  to  geosynchronous  orbit,  the  Moon  or 
Mats.  They  will  be  improved  to  provide  a  better  envirorment  for  undertaking  scientific 
and  commercial  development  work  through  crew  size  increases  and  the  introduction  of 
enhanced  automation  and  robotics  in  the  pressurised  volumes  to  increase  the 
productivity.  Power  unquestionably  will  be  increased  to  allow  manufacturing  processes 
in  space  to  be  developed,  and  efforts  will  be  made  to  maintain  the  micro-gravity  level 
as  close  to  10'°  g  as  possible,  and  to  develop  closed  ecology  life  support  systems 
and  contamination-free  control  engines  using  hydrogen  and  oxygen  as  fuel.  As  well, 
designers  and  station  operators  will  need  to  satisfy  the  demand  for  rapid  responses  to 
scientific  experiment  development  and  crew  health  needs.  Much  is  still  to  be  learned 
about  the  design  for  efficiency  of  human  operations  under  micro-gravity  conditions  and 
considerable  design  effort  will  go  into  the  creation  of  crew-  and  user  friendly 
designs,  to  keep  operations  efficient,  reliability  and  maintainability  of  station 
components  will  be  enhanced  and  the  designs  will  incorporate  the  hooks  and  scars 
necessary  to  maintain  a  facility  of  this  nature  for  an  operational  life  of  some  thirty 
years.  Every  effort  will  be  made  to  reduce  the  on-line  ground  support  necessary  to 
operate  space  stations. 

The  Role  of  Humans  in  Space 

Much  has  been  made  of  the  debate  as  to  whether  manned  space  flight  should  continue  with 
its  inherent  cost  and  safety  implications,  or  whether  much  more  effective  use  of  scarce 
rpsnu rfps  ronid  ho  hy  t  rst  instes-  crly  or  unmanned  rcbctic  cpscc 

missions.  The  answer  is  of  course,  that  the  two  are  complementary  and  not  mutually 
exclusive.  A  characterisation  nas  been  made  in  Table  1  of  the  advantages  and 
disadvantages  of  humans  in  space. 
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TABLE  1 

ROLE  OP  HOMANS  IN  SPACE 


PROS 

-  HAVE  EXPLORATION  INSTINCTS 

-  HAVE  SENSORY/PERCEPTUAL 
CAPABILITIES 

-  HAVE  PSYCHOMOTOR/MOTOR 
CAPABILITIES 

-  HAVE  INTELLECTUAL  CAPABILITIES 

-  cognition 

-  memory 

-  divergent  and  convergent 
production 

-  evaluation 


CONS 

-  CONTAMINATE  AND  DISTURB 

-  USE  SCARCE  RESOURCES 

-  ADD  SAFETY  ENVIRONMENTAL  AND 
HEALTH  CONTROL  REQUIREMENTS 

-  ARE  STRESS  SENSITIVE 

-  ADD  TO  COST 


It  is  readily  seen  that  just  as  in  aviation/  there  are  certain  human  abilities  which 
cannot  yet  be  adequately  duplicated  by  machines.  Even  if  they  could  be,  an  intangible 
factor,  however,  will  terns, i.  and  that  is  that  humanity  is  driven  by  an  irresistible 
instinct  for  exploring,  and  t,.is  makes  continued  human  ventures  into  space  virtu 'lly 
inevitable.  The  variable  is  the  pace  at  which  this  occurs,  and  that  is  determined  more 
by  economic  factors  than  by  technological  factors.  It  is  clear  that  the  costs  of 
supporting  humans  in  space  are  significant  and,  as  a  result,  considerable  advances  will 
be  made  to  ensure  that  those  humans  who  are  privileged  to  work  in  space  are  working  as 
effectively  as  possible  through  the  application  of  advanced  automation  and  robotics 
techniques  including  the  application  of  artificial  intelligence  methodologies. 


MAJOR  SPACE  INITIATIVES  OP  THE  FUTURE  -  BEYOND  SPACE  STATION 

The  scale  of  space  initiatives  is  ouch  that  by  the  time  they  are  approved  for 
development,  the  ideas  that  spawned  them  will  have  had  the  opportunity  to  mature  for 
many  years.  Thus  it  is  that  the  space  station  program  currently  being  developed  by  the 
USA,  Europe,  Japan  and  Canada  had  its  origins  in  the  1950's.  The  space  station  is  a 
component  in  the  nethodical  development  of  an  infrastructure  that  has  been  undertaken 
by  the  USA  since  it  entered  into  the  space  arena.  Although  providing  a  versatile,  and 
in  many  regards,  an  autonomous  capability,  it  is  not  an  end  in  itself.  It  will  also  be 
part  of  the  infrastructure  necessary  to  undertake  the  next  major  initiatives  of  human 
exploration.  Those  currently  under  most  active  consideration,  particularly  after 
President  Bush's  stimulus  to  NASA  on  the  20th  anniversary  of  humans  first  setting  foot 
on  the  moon,  to  assess  in  detail  the  components  of  future  USA  civilian  space  activity, 
are : 

o  Mission  to  planet  Earth 
o  OutpoGt  on  the  Moon 
o  Humans  to  Mars 

These  complement  the  already  approved  initiatives  leading  to  the  further  exploration 
of  the  solar  system. 

Mission  to  Planet  Earth 


planning  is  in  place  for  an  international  thrust  during  the  next  two  decades  to 
undertake  an  integrated,  long  range  study  of  planet  Earth  through  a  global  satellite- 
based  observing  system  complemented  by  Earth-hased  systems  and  measurements.  When  taken 
together  with  modern  data  processing  capabilities  this  should  allow  simultaneous 
observations,  their  correlation  and  analysis  to  provide  a  greater  understanding  of  the 
physical  and  biological  processes  of  our  planet  and  of  their  interactions.  The  Mission 
tc  Planet  Barth  has  found  widespread  favour  among  space  faring  nations. 

One  of  the  moot  significant  challenges  for  this  endeavour  will  be  the  development  of 
artificial  intelligence  techniques  to  allow  the  effective  handling  and  processing  of 
the  reams  of  data  that  will  be  generated.  Another  will  be  the  incorporation  into  the 
platforms  of  appropriate  automation  and  robotics  capabilities  as  well  as  the  necessary 
redundancy  and  self  diagnostics  to  ensure  years  of  trouble  free  operation.  Finally,  the 
precise  coordinated  pointing  and  synchronisation  of  several  instruments  on  the 
platforms  will  prove  tc  CO  a  cignificap**  n*ohn,rsl  challenge. 

This  program  requires  strong  international  links  to  be  established  to  reap  maximum 
benefits. 
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Outpost  on  the  Moon 


A  new  phase  of  lunar  exploration,  building  on  the  legacy  of  Apollo,  wxll  lead  to  the 
first  human  outposts  on  another  world.  It  will  support  scientific  research  and 
exploration  and  allow  humans  to  learn  to  live  and  work  in  the  hos' ile  environments 
characteristic  of  other  planets  while  remaining  relatively  close  to  Earth  (within  a  two 
to  three  day  journey  time) .  over  time,  the  dependence  on  support  from  Earth  will  be 
reduced  and  the  unique  research  environment  offered  by  the  moon  will  establish  the 
capability  of  humans  to  undertake  the  more  demanding  settlement  of  other  worlds.  As 
well,  the  favourable  location  on  its  far  side,  where  it  is  shielded  from  the  radio 
noise  of  Earth,  for  undertaking  many  experiments  and  observations  of  scientific 
significance,  should  lead  to  important  advances  in  astronomy  and  physics. 

Long  term  human  presence  would  best  be  preceded  by  robotic  lunar  polar  prospectors  to 
identify  the  best  locations  for  outposts,  clearly  the  discovery  of  water  or  other 
volatiles  would  be  very  significant. 

The  technologies  required  revolve  round  the  availability  of  a  robust  transportation 
system,  well  developed  closed  loop  life  support  systems  and  a  space  station  in  low 
Earth  orbit  as  a  staging  base  for  supplies,  equipment  and  propellants. 

Humans  to  Mars 


Besides  Earth,  Mars  is  the  only  potentially  habitable  planet  in  our  solar  system.  It 
may  once  have  supported  life.  Earlier  robotic  visits  to  Mars  showed  many  similarities 
with  Earth,  but  also  many  important  differences,  for  example,  no  organic  compounds  were 
found  in  the  survey  area.  Detailed  exploration  of  Mars  may  shed  light  on  whether  the 
origin  of  life  in  the  universe  is  common  and  possible  under  a  wide  range  of  conditions 
or  whether  it  is  rare,  taking  place  only  under  a  very  restricted  set  of  conditions. 
Because  it  is  so  far  away,  on  average  1000  times  as  far  away  as  Earth's  moon,  it  is 
most  likely  thac  the  planet  will  be  visited  from  Earth  for  exploration  rather  than  for 
development  reasons.  Manned  visits  will  be  preceded  by  robotic  exploration  to  establish 
detailed  images  and  a  mapping  of  the  surface;  to  investigate  potential  landing  sites 
for  their  suitability  as  manned  bases;  to  gather  and  analyse  surface  and  sub-surface 
samples  to  establish  whether  the  local  areas  could  support  human  habitation;  and  to 
investigate,  from  the  surface,  geological  features  that  could  shed  light  on  the  history 
of  the  planet.  An  enhanced  support  infrastructure  posing  considerable  technological 
challenges  will  need  to  be  put  in  place  to  acquire  the  detailed  data  necessary  before 
committing  to  systematic  human  exploration  of  the  planet.  It  should  be  noted  that  a 
round  trip  from  Earth  to  Mars,  including  a  six  month  stay  on  Mars,  will  take  about  two 
years  to  complete. 

Manned  exploration  of  Mars  will  be  a  massive  undertaking  requiring  international 
cooperation  on  an  unprecedented  scale.  President  Bush,  in  1989,  indicated  the  USA’s 
interest  in  pursuing  this  as  part  of  a  long  term  space  exploration  plan  of  the  USA. 


TECHNOLOGICAL  CHALLENGES 

Many  technological  challenges  remain  to  be  overcome  to  put  in  place  the  previously 
identified  exploration  and  exploitation  programs.  A  selection  of  the  key  ones,  many  of 
which  have  been  addressed  earlier,  is  provided  for  reference  in  Table  2. 


TABLE  2 

TECHNOLOGICAL  CHALLENGES 

o  TRANSPORTATION  SYSTEMS  -  EARTH  TO  ORBIT 

o  SPACE  TRANSFER  VEHICLES 

O  EFFICIENT  HUMAN  LIFE  SUPPORT  SYSTEMS 

o  EXTENDED  HUMAN  STAY  AWAY  FROM  EARTH 

0  SPACE  CONSTRUCTION 

O  AUTOMATION  AND  ROBOTICS 

O  SPACE  SUITS 

o  NUCLEAR  POWER 

0  ESTABLISHING  BIOSPHERES  ON  OTHER  PLANETS 
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MANAGEMENT  AND  POLITICAL  CHALLENGES 

In  addition  to  the  significant  technical  challenges  posed  by  the  exploration  and 
exploitation  of  the  space  environment,  there  are  several  important  management  and 
political  questions  to  be  addressed. 

Are  the  financial  and  human  resources  adequate  to  undertake  methodically  the  discussed 
ventures? 

On  the  question  of  finances,  with  a  well  planned  and  phased  program  leading  to,  for 
example,  a  human  base  on  Mars  in  2025,  the  financial  resources  of  the  nations  that  have 
traditionally  participated  in  space  projects  are  adequate,  if  used  cooperatively, 
providing  that  science  and  technology  programs  of  this  nature  continue  to  receive 
approximately  the  same  share  of  government  budgets.  On  the  human  resource  question, 
much  of  the  development  requires  simultaneously,  thousands  of  skilled  scientists, 
technologists  and  project  managers  for  its  timely  completion.  There  exists,  at  this 
time,  a  shortage  of  the  appropriate  skill  levels,  particularly  in  the  technical,  middle 
management  positions.  Growth  m  the  space  program  must  be  carefully  phased  to  ensure 
that  the  adequate  human  resources  are  developed  and  available  to  allow  the  building  of 
robust,  safe  systems.  Alternatively,  these  resources  must  become  available  from  other 
advanced  technology  programs  requiring  similar  disciplines  and  skills. 

Hill  international  cooperation  be  necessary? 

As  discussed  in  the  following  section,  all  indications  are  that  the  cooperation  between 
nations  involved  in  space  development  will  need  to  be  strengthened  as  proposed  programs 
proceed. 

Car.  effective  program  coordination  and  integration  be  achieved  for  programs  of  this 
magnitude,  with  their  implementation  widely  separated  both  geographically  and 
temporally? 

In  the  author's  opinion  this  challenge  is  the  equal  of  any  of  the  technical  challenges 
facing  the  program.  Experience  on  a  smaller  scale  has  been  gained  m  this  area  through 
the  space  shuttle  and  in  the  Ariane  developments.  More  is  being  gained  in  the  Space 
Station  Freedom  program.  The  latter  is  the  largest  international  science  and  technology 
cooperative  developmen'  ever  undertaken.  The  lessons  learned  in  its  development  will 
need  to  be  carefully  plied  to  future,  even  more  comprehensive,  programs.  Many  of  the 
management  challenges  involve  striking  the  right  balance  between  accountability, 
authority  and  responsibility  among  the  various  participants  in  the  development  and 
operation  of  the  facilities.  This  becomes  particularly  important  in  the  control  of 
requirements,  design  specifications  and  interfaces  between  elements  and  components 
provided  by  various  partners  or  the  suppliers  to  the  partners,  such  that  systems  which 
cannot  be  tested  as  an  integrated  whole  on  Earth,  can  be  assembled  and  operated  safely 
Cor  decades  in  space. 

Arc  the  interests  of  maximising  commercial  benefits  and  spin  off  opportunities  for 
individual  participants  consistent  with  the  technology  transfer  that  inevitably  will 
occur  between  participants? 

This  question  will  doubtless  exercise  program  partners  and  participants  continually, 
but  is  probably  overrated  in  terms  of  its  actual  significance.  It  is  now  generally 
accepted  that  cooperation  in  these  large,  technically  sophisticated,  one-off  projects 
is  much  more  beneficial  to  all  participants  than  would  be  out-and-out  competition 
without  cooperation. 

Does  the  political  will  exist  to  pursue  these  "negaprojects"? 

It  is  recognised  that  the  world  economy  is  presently  such  that  many  of  the  principal 
participating  countries  in  space  activity  are  having  to  balance  priorities  carefully 
in  establishing  national  budgets.  Notwithstanding  this,  one  consistent  thread  has  been 
found  in  surveys  of  the  population  of  many  of  these  countries,  and  that  is  that  this 
type  of  activity  finds  widespread  favour  and  is  considered  to  add  to  the  long-term 
health  of  society.  Such  popular  encouragement  is  an  important  factor  in  obtaining  the 
continuing  political  support  of  these  projects. 


INTERNATIONAL  COOPERATION 

Space  activity,  since  its  earliest  days,  has  been  characterised  by  international 
competition  and  cooperation.  The  two  dominant  nations  in  space  activity,  the  USA  and 
the  USSR,  have  each  chosen  to  develop  space  systems  or  instruments  with  their 
respective  friends  and  allies.  In  the  manned  space  flight  arena,  they  also  cooperated 
effectively  with  each  other  in  the  anol  lo-gnyu?  Teor  t..  general,  cooperation 

between  these  two  nations  has  tended  towards  coordination  of  parallel  activities  rather 
than  towards  joint  developments. 

The  cooperative  space  projects  that  the  USA  has  undertaken  with  friends  and  allies  have 
been  impressive.  Over  1000  agreements  with  over  100  countries  have  been  entered.  The 
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most  significant  to  date  is  that  for  the  development  of  space  station.  In  this  role  as 
a  partner,  the  USA  has  done  much  to  nurture  the  space  capabilities  of  other  nations, 
and  has  in  turn  benefitted  from  the  particular  skills  and  resources  these  nations  can 
bring  to  the  table. 

Europe  too  has  developed  through  ESI.,  an  impressive  space  program  which  is  far  stronger 
than  would  have  been  possible  without  an  international  cooperative  framework. 

What  then  will  be  the  level  of  international  conoeration  in  space  activity  in  future? 
The  major  projects  under  consideration  are  of  sue.,  magnitude  that  they  will  require  for 
their  completion  resources  on  a  global  rather  than  a  national  scale.  That  is  true  not 
only  of  the  financial  demands  that  these  large  projects  create,  but  also  of  the  demands 
for  skilled  human  resources.  It  is  clear  that  foi  the  future  exploration  of  Hats,  for 
example,  much  would  be  gained  through  the  coordination  of  complementary  efforts  which 
would  include  those  of  both  the  USA  and  of  the  USSR.  This  would  be  entirely 
appropriate,  as  establishing  new  human  communities  beyond  Earth  needs  to  be  an 
international  rather  than  a  national  effort.  Without  such  cooperation,  it  is  unlikely 
tnat  projects  of  this  nature  would  be  completed  within  the  working  life  of  an  aerospace 
engineer . 

Tne  future  then  looks  exciting.  Significant  and  worthwhile  projects  that  will  challenge 
and  harness  the  skills  of  many  sectors  of  society  have  been  identified  on  a  quest  of 
human  exploration  as  significant  as  any  ever  previously  undertaken.  The  skill  will  lie 
in  pacing  the  activity  so  that  it  may  proceed  at  a  digestible  pace. 


CONCLUDING  COMMENTS 

Space  developments  over  the  last  thirty  years  or  so  have  been  remarkable:  the  solar 
system  has  been  probed,  humans  have  left  the  bonds  of  Earth  and  a  space  infrastructure 
has  been  put  in  place.  As  one  considers  the  next  phases  of  space  exploration,  it  is 
perhaps  worthwhile  returning  to  the  question  of  why  society  should  have  an  interest  in 
assigning  resources  of  the  required  magnitude  into  space  development.  At  the  most 
fundamental  level,  it  extends  the  understanding  of  the  universe.  As  well,  it  allows 
humanity  to  follow  a  strongly  developed  instinct  to  explore,  prospect  and  settle  the 
solar  system  as  a  natural  extension  of  having  settled  Earth.  In  the  process,  the 
creative  energy  of  hunans  will  be  harnessed  in  a  noble  pursuit  that  finds  a  positive 
response  in  all  levels  of  society.  Finally,  even  though  the  in.tial  investment  in 
establishing  the  infrastructure  is  large,  it  is  expected  that  its  development  will 
continue  to  be  a  major  catalyst  for  beneficial  terrestrial  spinoff. 

In  this  paper,  it  has  only  been  possible  to  touch  briefly  on  the  highlights  of 
significant  space  activity,  but  even  from  this  survey  it  may  readily  be  seen  that  the 
identified  present  and  future  space  missions  have  sufficient  scope  and  depth  that  they 
can  provide  a  challenge  to  humanity  and,  m  particular,  to  the  young  scientists  and 
engineers  starting  out  on  their  careers  to  pursue  a  peaceful  and  systematic  exploration 
of  our  solar  system  and  of  the  universe.  Moreover,  because  of  the  exploratory  and 
fundamental  nature  of  much  of  space  activity,  it  lends  itself  well  to  cooperation 
between  enterprises  and  nations  that  would  traditionally  prefer  to  compete.  Commercial 
benefits  will  follow  later. 
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ABSTRACT 

A  study  has  been  conducted  that  investigated  some  if  the  issues  that  affect  the  flight  control  and  guidance  system  designs  for 
vertical-takeoff  and  honzontal-takeoff  vehicles.  The  study  used  a  two-stage  all-rocket  vehicle  to  represent  the  vertical-takeoff  system 
and  a  generic  aerospace  plane  concept  to  represent  the  horizontal-takeoff  vehicle.  Two  flight  control  issues  for  the  vertical-takeoff 
rocket  were  uncovered.  The  first  was  the  large  gimbal  angle  range  required  for  pitch  trim  when  using  parallel  mated  vehicles  The 
second  was  control  during  staging.  Two  issues  were  also  identified  for  the  air-breathing  vehicle.  Tne  first  is  that  the  drag  losses  due 
to  aerodynamic  tnm  arc  a  significant  fraction  of  the  total  ideal  velocity  required  to  achieve  erbit.  The  second  issue  is  that  since  the 
vehicle  flics  at  high  dynamic  pressure  for  most  of  the  ascent,  the  guidance  system  design  will  be  more  difficult  to  ensure  accurate 
insertion  than  that  for  the  vertical-takeoff  rocket  system. 


INTRODUCTION 

The  Space  Shuttle  represents  a  major  technological  achievement  in  the  space  transportation  capabilities  of  the  United  States; 
however,  one  of  the  goals  of  the  Space  Shuttle,  namely  low-cost  space  transportation,  has  not  been  met.  These  higher  than  anticipated 
costs  can  be  traced  to  lower  than  expected  flight  rates,  labor-intensive  ground  and  flight  operations,  and  recurring  hardware  costs  The 
next  generation  of  launch  vehicles  must  reduce  the  costs  of  delivering  payloads  to  space,  or  mission  planners  will  continue  to  be  faced 
with  the  prospect  of  restricted  space  activities  in  an  era  of  budget  constraints. 

Many  studies  arc  currently  being  performed  within  the  space  community  to  determine  launch  systems  that  could  provide  this 
payload  delivery  service  at  a  much  lower  cost  than  cither  the  current  expendables  or  space  shuttles  These  studies  can  be  grouped  into 
those  vehicles  that  use  near-term  technology  in  their  design  and  those  that  use  more  advanced  technology.  Each  of  these  categories  is 
composed  of  many  vehicles.  This  paper  will  analyze  one  design  from  each  category  that  would  have  potential  flight  control  system 
issues  not  seen  with  today's  vehicles. 

Within  the  near-term  technology  vehicles,  the  one  that  was  chosen  for  this  study  is  a  vertical-takeoff,  two-stage,  all-rocket 
vehicle  that  uses  both  parallel  thrusting  (both  the  orbitcr  and  the  booster  arc  thrusting  at  lift-off)  and  propellant  crossfeed  from  the 
booster  to  the  orbuer.  When  a  later  technology  readiness  date  is  chosen,  vehicles  that  employ  air-breathing  propulsion  may  become 
practical.  Because  of  this,  an  aerospace  plane  concept,  which  represents  a  honzontal-takeoff,  single-stagc-to-orbit  vehicle  that  uses  air- 
breathing  propulsion,  was  chosen  for  this  study.  Because  many  performance  studies  have  been  done  and  more  are  currently  underway 
on  both  these  catcgones  of  vehicles,  this  paper  concentrates  on  issues  that  affect  the  design  of  the  flight  control  and  guidance  systems 

This  paper  discusses  the  opumal  ascent  flight  profile  for  each  of  these  vehicles,  the  design  of  the  guidance  algorithms,  the  off- 
nominal  conditions  used  to  evaluate  the  flight  control  issues,  and  the  results  of  simulations  with  these  off-nominal  conditions 

NOMENCLATURE 


Ac 

c 

CD 

Cd6c 

Cl 

r,  m 

CmSc 

CT 

Cl 


2 

engine  capture  area,  m 
mean  aerodynamic  chord,  m 
drag  coefficient,  (dragfq^S),  n.d. 

drag  increment  coefficient  due  to  elevon  deflection  (drag  increment  /q«3).  n.d. 
lift  coefficient,  (lift/q„S),  n  d. 

lift  increment  coefficient  due  to  elevon  deflection  (lift  increment  ItuxS),  n.d. 
pitching-mo  ^efficient  (pitching  moment/q„Sc),  n.d. 

pitching-moment  increment  coefficient  due  to  elevor  deflection  (pitching-moment  increment  /qooSc),  n.d. 

thrust  coefficient  (thrust/q»oAc),  n.d. 

constant  in  commanded  pitch  angle  polynomial,  dcg/scc 
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C2  constant  in  commanded  pitch  angle  polynomial,  deg/sec2 

h  altitude,  m 

Kp  roll  rate  gain,  sec 

Kq  pitch  rate  gain,  see 

Kq  pitch  acceleration  gain,  sec2 

Kr  yaw  rate  gain,  sec 

Ka  angle-of-attack  error  gain,  n.d. 

Kai  integral  of  angle-of-attack  error  gain,  sec" 1 

Kp  sideslip  angle  gain,  n.d. 

K<j)  roll  error  gain,  n.d. 

{sp  specific  impulse,  sec 

LH2  liquid  hydrogen 

LOX  liquid  oxygen 

p  roll  rate,  deg/sec 

q  pitch  rate,  deg/sec 

q  pitch  acceleration,  dcg/scc2 

qc  commanded  pitch  rate,  deg/sec 

<lco  dynamic  pressute,  Pa 

r  yaw  rate,  deg/sec 

S  reference  area,  m2 

S  Laplace  operator,  n.d. 

AApogee  change  in  apogee  at  orbital  insertion  as  compared  with  optimal  trajectory,  km 
AGr;Ki  change  in  geocentric  radius  at  orbital  insertion  as  compared  with  optimal  trajectory,  m 
APerigee  change  in  perigee  at  orbital  insertion  as  compared  with  optima)  trajectory,  km 

umejnfo  time  predictor-corrector  algorithm  is  invoked,  sec 
ATime  change  in  orbital  insertion  time  as  compared  with  optimal  trajectory ,  sec 
APayload  change  in  delivered  payload  as  compared  to  optimal  trajectory,  kg 
AvIDEAL  'deal  velocity  increment,  m/sec 

AvTHRUST  velocity  loss  increment  due  to  reduced  thrust  induced  by  atmospheric,  pressure,  m/sec 

AVqrc  AV  required  to  circularize,  m/sec 

AvCOR  velocity  loss  increment  due  to  coriolis  effect,  m/sec 

A'v  AERO  velocity  ioss  increment  due  to  aerodynamic;,  ~Jxc 

AVqrav  velocity  loss  increment  due  to  gravity,  m/sec 

AvLOSS  total  velocity  loss  increments,  m/sec 
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AV-py  velocity  loss  increment  due  to  thrust  vector  not  being  aligned  with  velocity  vector,  m/sec 

Ay  change  in  flight  path  angle  at  orbital  insertion  as  compared  with  optimal  trajectories,  deg 

a  angle  of  attack,  deg 

Of*  commanded  angle  of  attack,  deg 

anom  nominal  angle  of  attack,  deg 

p  sideslip  angle,  deg 

y  flight  path  angle,  deg 

yc  commanded  flight  path  angle,  deg 

5a  aileron  deflection  ( (Scj  -  5er)/  2  ),  deg 

Sac  commanded  aileron  deflection,  deg 

8e  elevator  deflection  ( (Sej  +  8er)  /  2 ),  deg 

Sec  commanded  elevator  deflection,  deg 

Sc,  initial  elevator  deflection,  deg 

Sei  left  elevon  deflection  (positive  trailing  edge  down),  deg 

Scr  right  elevon  deflection  (positive  trailing  edge  down),  deg 

Sip  engine  pitch  gimbal  angle  (positive  up),  deg 

Siy  engine  yaw  gimbal  angle  (positive  left),  deg 

5,  rudder  deflection  (positive  mailing-edge  left),  deg 

8rc  commanded  adder  deflection,  deg 

0o  commanded  pitch  angle,  deg 

0,nj(  pitch  angle  when  predictor-corrector  guidance  algorithm  is  invoked,  deg 

<>  roll  angle,  deg 

0C  commanded  roll  angle,  deg 

a  standard  deviation,  n.d. 


VERTICAL  DESCRIPTION 


Vertical-Takcoff  Rocket  Vehicle 

The  all-rocket  vehicle  (Fig.  1)  used  in  this  study  was  taken  from  the  Advanced  Manned  Launch  System  vehicle  studies 
currently  underway  at  NASA.  Table  1  shows  its  major  characteristics.  This  vehicle  is  composed  of  an  unmanned  booster  and  a 
manned  orbiter.  The  unmanned  uooster  stages  at  Mach  3  and  performs  an  unpowered  glide  to  the  launch  site.  Mach  3  was  chosen  for 
staging  for  two  major  reasons.  The  First  is  that  this  is  the  highest  Mach  number  that  would  allow  an  unpowered  return  to  the  launch 
site  after  staging  with  adequate  rerformance  reserves.  The  second  is  that  at  this  low  Mach  number,  no  thermal  protection  system  is 
required.  Both  the  booster  a.id  the  orbiter  engines  use  liquid  hydrogen  and  liquid  oxygen  a;  propellant;  The  arbiter  engines  use 
pfupeuam  from  the  boostc.  until  staging,  and  internal  propellant  for  the  remainder  of  the  ascent.  For  more  information  on  this 
configuration,  refer  to  reference  1. 


'i 
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Horizontal-Takeoff  Air-Breathing  Description 

The  air-breathing  vehicle  chosen  for  this  study  is  a  generic  National  Aero-Space  Plane  (NASP)  concept.  This  vehicle  uses  all 
air-breathing  propulsion  from  takeoff  to  orbit  insertion.  Figure  2  shows  this  concept,  and  table  2  shows  its  major  characteristics.  This 
vehicle  is  composed  of  an  axisymmetric  5-deg  half-angle  conical  forebody,  a  cylindncal  engine  nacelle  section,  and  a  cone  frustmm 
nozzle.  The  wing  has  a  leading-edge  sweep  of  78  deg  and  is  set  at  0  deg  incidence  and  dihedral.  The  wing  is  a  4- percent  thick  diamond 
airfoil.  Hlevons  are  located  at  the  trailing  edge  of  the  wing  with  their  hinge  line  perpendicular  to  the  fuselage  centerline.  The  vertical  tail 
is  a  4-percent  thick  diamond  airfoil  with  a  leading-edge  sweep  angle  of  70  deg,  and  includes  a  rudder  with  a  hinge  line  at  the  75  percent 
chord  position  measured  from  the  leading  edge.  The  specific  impulse  and  thrust  coefficient  charactensncs  for  the  propulsion  system  are 
shown  in  figures  3  and  4.  These  propulsion  system  characteristics  were  estimated  for  individual  engine  modules  in  an  annulus 
arrangement  at  the  aft  end  of  the  conical  forebody. 


AERODYNAMICS 

The  aerodynamic  data  base  for  both  vehicles  was  generated  using  the  Aerodynamic  Preliminary  Analysis  System  (APAS).2-4 
APAS  is  an  interactive  computer  code  that  predicts  the  aerodynamic  characteristics  of  a  vehicle  from  subsonic  to  hypersonic  speeds 
using  a  common  geometric  definition.  APAS  incorporates  a  variety  of  engineering  techniques  to  estimate  the  basic  longitudinal  and 
lateral-directional  characteristics  of  aerospace  vehicles  as  well  as  control  effectiveness  and  dynamic  derivatives.  Slender  body,  vortex 
panel,  wave  drag,  and  viscous  drag  methods  are  used  in  the  subsonic  to  low  supersonic  speed  regime.  At  the  higher  speeds,  tangent- 
cone,  tangent-wedge,  and  reference  enthalpy  methods  are  utilized  to  approximate  the  pressure  and  shear  stress  distributions  on  the 
vehicle.  The  APAS  program  has  been  used  on  many  previous  vehicles,  and  through  comparisons  with  wind-tunnel  and  flight  data,  has 
been  shown  to  give  results  accurate  to  the  fidelity  required  for  this  study. 

TRAJECTORY  SIMULATIONS 

All  the  trajectories  presented  in  this  paper,  with  the  exception  of  the  separation  trajectories,  were  generated  by  either  the  3- 
degree-of-freedom  or  6-degrce-of-freedom  version  of  the  Program  to  Simulate  Optimal  Trajectories  (POST).®  POST  is  a  generalized 
event-oriented  trajectory  program  that  can  be  used  to  analyze  ascent,  on-orbit,  and  entry  trajectories.  POST  can  be  used  to  optimize  any 
calculated  variable  which  may  be  subjected  to  a  combination  of  both  equality  and  inequality  constraints.  The  program  has  been 
modified  to  include  a  predictor-corrector  guidance  capability.  This  scheme  was  implemented  by  including  a  3-degrce-of-frcedom 
simulation  as  an  inner  loop  to  the  main  simulation  This  allows  the  predictor-corrector  guidance  model  to  have  nominal  environmental 
characteristics  (planet,  atmosphere,  gravity,  aerodynamic,  propulsion,  weights,  etc.),  while  the  main  simulation  can  have  perturbed 
characteristics. 

The  trajectory  that  was  simulated  for  both  vehicles  was  a  due  east  launch  from  the  NASA  Kennedy  Space  Center  into  a  185-km 
circular  orbit  The  vertical-takeoff  rocket  first  inserted  into  a  93-  by  185-km  orbit  and  circularized  at  apogee.  The  horizontal-takeoff 
vehicle  inserted  into  an  orbit  with  a  185-km  apogee  and  circularized  at  apogee  with  rockets.  The  perigee  can  not  be  specified  because 
of  the  nature  of  the  transfer  orbit.  This  transfer  orbit  takes  the  vehicle  from  the  high  dynamic  pressure  trajectory  that  is  required  for  the 
use  of  air-breathing  propulsion  to  apogee.  The  altitude  of  the  trajectory  while  using  air-breathing  propulsion  is  determined  by  the 
atmospheric  density  and  thus  could  vary  greatly. 


GUIDANCE  ALGORITHMS 
Vertical-Takeoff  Rocket  Vehicle 


The  guidance  philosophy  of  the  two-stage  all-rocket  vehicle  was  to  fly  the  trajectory  that  would  maximize  payload  while  not 
exceeding  any  vehicle  constraints.  These  constraints  were  a  maximum  dynamic  pressure  of  40.7  kPa,  a  maximum  wing  normal  force 
of  ±2,15x10®  N  for  the  orbiter  and  ±1.27x10®  N  for  the  booster,  and  an  angle  of  attack  at  staging  between  -6  and  2  deg.  This  angle- 
of-attack  limitation  was  imposed  as  a  result  of  an  initial  staging  analysis.  This  staging  analysis  is  discussed  in  more  detail  later.  This 
optimal  ascent  was  determined  by  using  the  3-degree-of-freedom  version  of  POST.  This  POST  simulation  included  the  gimballing  of 
the  engines  in  pitch  by  requiring  the  vehicle  to  be  statically  trimmed  longitudinally  throughout  the  ascent.  Because  this  vehicle  does  not 
use  aerodynamic  control  surfaces  during  ascent,  it  was  determined  that  a  3-degree-of-freedom  simulation  that  required  the  vehicle  to  be 
statically  trimmed  both  longitudinally  and  directionally  with  the  use  of  engine  pitch  and  yaw  gimballing  would  be  suitable  to  anal  zc 
flight  control  issues. 


The  guidance  algorithm  for  this  vehicle  was  divided  into  two  parts.  In  the  first  part,  the  vehicle  was  commanded  to  fly  i 
reference  trajectory.  This  was  done  by  calculating  an  error  signal  that  was  a  linear  combination  of  the  differences  between  the  curr_.it 
and  optimal  geocentric  radii  and  flight  path  angles.  This  error  signal  was  then  used  to  ccnimand  the  pitch  attitude  of  the  vehicle.  .  • 
350  see  into  the  trajectory  (s  100  sec  before  orbital  insertion),  the  guidance  algorithm  switched  to  a  predictor-corrector  algorithm, 
which  was  designed  to  ensure  an  accurate  insertion.  This  algorithm  determined  the  linear  and  quadratic  coefficients  of  a  polynomial 
that  described  the  commanded  pitch  attitude  (0c=®init+®-'(®mc'®mcinit)+C2(ume'1'mcimt)^)-  This  predictor-corrector  algorithm  was 
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freedom  equations  modified  to  include  longitudinal  static  trim  through  the  use  of  engine  gimballing.  For  this  study,  the  predictor- 
corrector  model  used  the  same  planet,  gravity,  propulsive,  and  aerodynamic  models  as  the  actual  simulations.  The  atmospheric  model 
was  the  1976  standard  (Ref.  6).  The  predictor-corrector  models  were  unaware  of  atmospheric  dispersions  or  winds.  This  was  done  to 
simulate  the  case  where  no  day-of-launch  atmospheric  conditions  and  no  onboard  measurements  would  be  used  to  provide  atmospheric 
information.  If  the  algorithm  provides  for  accurate  insertions  using  only  a  standard  atmospheric  model,  operational  costs  will  be 
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reduced.  If  atmospheric  data  are  available,  either  through  day-of-launch  operations  or  through  the  use  of  onboard  systems,  this 
info,  matron  could  be  passed  to  the  prcdictor-cotrector  algorithm  and  would  decrease  the  number  of  required  updates. 

Horizontal-Takeoff  Air-Breathing  Vehicle 

As  with  the  vertteal-takeoff  vehicle,  the  guidance  philosophy  of  the  air-breathing  vehicle  was  to  fly  a  trajectory  that  would 
maximize  inserted  payload  without  violating  any  vehicle  constraints.  The  most  significant  constraint  was  a  dynamic  pressure  limit  of 
57.5  kPa  for  velocities  less  than  Mach  1  and  a  limit  of  95.8  kPa  for  velocities  greater  than  Mach  3.  Between  Mach  1  and  Mach  3,  the 
dynamic  pressure  constraint  was  varied  linearly  between  these  limits.  The  optimal  trajectory  as  determined  by  POST  was  to  reach 
95.8  kPa  as  soon  as  possible  and  then  to  fly  this  boundary  until  sufficient  velocity  was  obtained  that  the  vehicle  could  pull  up  to  a 
transfer  orbit.  At  this  velocity,  the  vehicle  performed  a  powered  pull  up  until  dynamic  pressure  was  reduced  to  23.9  kPa.  At  this  point, 
the  engines  were  shut  down  and  the  vehicle  coasted  to  apogee  and  then  circularized  with  rocket  propulsion.  This  optimal  trajectory  used 
the  elevons  to  statically  trim  the  vehicle  in  pitch. 

It  was  found  that  if  the  pull-up  maneuver  was  modelled  as  a  constant  angle  of  attack  pull  up  at  a  constant  throttle  setting,  it 
would  agree  closely  with  the  optimal  maneuver.  Therefore,  this  simplified  technique  was  simulated  for  this  flight  control  issues 
analysis.  Because  of  the  use  of  aerodynamic  control  surfaces  and  the  long  flight  times  at  high  dynamic  pressure,  it  was  determined  that 
a  6-degrce-of-freedom  simulation  would  be  necessary  to  assess  the  flight  control  issues.  The  guidance  algorithm  was  designed  to 
follow  the  optimal  profile  with  the  predictor-corrector  algorithm  operating  as  an  outer  loop  control  to  determine  the  pull-up  point.  This 
optimal  profile  was  characterized  by  dynamic  pressure  (q),  flight  path  angle  (y),  and  acceleration.  A  schematic  of  this  guidance  is 
shown  in  figure  5. 

The  predictor-corrector  algorithm  used  3-degree-of-freedom  equations  of  motion  that  were  modified  to  include  longitudinal 
static  trim  by  elevon  deflections.  For  this  study,  the  predictor-corrector  model  used  the  same  planet,  gravity,  and  propulsive  models  as 
the  actual  simulations.  The  aerodynamic  model  was  composed  of  the  untrimmed  Cl  and  Cp  coefficients  as  well  as  Cl^,,  Cp^,  and 

Cmde  which  describe  the  elevator  effectiveness.  These  aerodynamic  data  were  derived  from  the  aerodynamic  data  used  in  the  6-degree- 

of-freedom  simulation  The  basic  atmospheric  model  used  in  the  predictor-corrector  algorithm  was  the  1976  standard.  However,  this 
model  had  to  be  modified  because  the  vehicle  flies  a  dynamic  pressure  profile  when  it  enters  the  predictor-corrector  guidance.  If  the 
atmospheric  model  was  not  modified,  the  guidance  laws  for  the  predictor-corrector  algorithm  would  see  an  immediate  unrealistic 
dynamic  pressure  error.  To  correct  this  defect,  the  atmospheric  density  used  by  the  predictor-corrector  algorithm  is  the  1976  standard 
atmosphere  modified  by  a  constant  factor.  This  factor  is  the  rauo  of  the  actual  dynamic  pressure  to  the  dynamic  pressure  predicted  by 
1976  standard  atmosphere.  This  factor  is  calculated  whenever  the  predictor-corrector  algorithm  is  invoked 

AIR-BREATHER  FLIGHT  CONTROL  SYSTEM 

The  requirement  for  a  6-dcgree-of-freedom  simulation  dictated  that  a  control  system  for  the  air-breathing  vehicle  had  to  be 
designed.  A  schematic  of  the  control  system  is  shown  in  figure  6.  The  philosophy  was  to  use  the  elevons  for  both  pitch  and  roll 
control  This  was  accomplished  by  differentially  deflecting  the  elevons  so  that  they  would  function  for  both  elevators  (8e)  and  ailerons 
(5a)  Thus,  the  elevons  were  used  to  control  both  angle  of  attack  and  bank  angle.  Tne  rudder  was  used  to  control  sideslip  angle.  Hie 
engines  were  throttled  to  maintain  the  optimal  acceleration  profile.  The  engines  were  not  gimballcd  for  this  study. 

OPTIMAL  TRAJECTORIES 

The  optimal  ascent  trajectory  for  the  vertical-takeoff  rocket  vehicle  from  launch  to  orbital  insertion  is  shown  in  figure  7.  The 
orbitcr  insens  into  a  93-  by  185-km  orbit,  then  coasts  to  apogee  where  the  orbit  is  circularized  The  ideal  velocity  (AV)  and  velocity 
losses  for  this  trajectory  are  shown  in  table  3.  This  table  also  shows  the  velocity  losses  associated  with  using  engine  gimbal  for  trim. 

This  optimal  ascent  points  out  two  potential  flight  control  system  issues.  This  class  of  vehicle,  namely  two-stage  employing 
parallel  bum  and  crossfeed,  will  have  a  large  lateral  cemer-of-gravity  shift  during  ascent  until  staging.  If  the  pitch  trim  is  provided 
solely  by  engine  gimballing,  this  will  result  in  a  large  gimbal  angle  requirement.  For  this  case,  a  ±25-dcg  range  was  required  solely  for 
trim  Studies  are  currently  underway  to  assess  the  significance  of  this  large  gimbal  angle  requirement.  This  is  discussed  in  more  detail 
in  the  following  section. 

The  second  issue  is  the  control  requirement  to  ensure  a  successful  staging.  The  trim  requirements  alone  require  that  the  orbiter 
engines  gimbal  over  a  range  of  >25  deg  at  staging.  Many  other  issues,  such  as  interference  aerodynamics,  will  make  the  staging  of  any 
multiple-staged  parallel-mounted  vehicle  a  serious  control  issue. 

The  optimal  ascent  trajectory  for  the  horizontal-takeoff  air-breathing  vehicle  is  shown  in  figure  8.  The  AV  ard  velocity  losses 
for  this  trajectory  are  shown  in  table  3.  The  table  also  shows  the  velocity  losses  associated  with  using  the  elevons  for  trim.  The  one 
potential  flight  control  issue  uncovered  by  this  simulation  is  the  large  value  of  velocity  loss  associated  with  tnm  This  indicates  thai  ih; 
use  of  active  center-of-gravity  control  or  thrust  vectoring  should  decrease  the  amount  of  propellant  required. 
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RESULTS  AND  DISCUSSION 
Vertical-Takeoff  Rocket  Vehicle 


Atmospheric  Density  Variations 

The  first  off-nominal  conditions  used  in  the  flight  control  sensitivity  analysis  were  constant  bias  factors  applied  to  the  standard 
atmospheric  density.  The  optimal  trajectory  discussed  in  the  previous  section  was  determined  with  the  1976  standard  atmosphere.  The 
off-nominal  densities  were  simulated  by  applying  factors  of  0.8  to  1.2  to  the  standard  density.  The  results  of  these  cases  are  shown  in 
table  4.  The  guidance  algorithm  was  able  to  successfully  fly  these  off-nominal  conditions,  and  no  performance  issues  were  uncovered. 
The  total  amount  of  payload  variation,  when  compared  with  the  optimal  profile,  ranged  from  -3452  to  782  kg. 

To  simulate  a  more  realistic  variation  in  atmospheric  density,  mean  density  profiles  for  each  month  of  the  year  as  determined  by 
the  Globa!  Reference  Atmosphere  Model  (GRAM)  were  used  The  GRAM  (see  Ref.  7),  was  developed  to  provide  realistic 
atmospheric  data  including  winds.  The  GRAM  provides  both  mean  and  perturbation  data.  The  results  from  the  simulations  are  shown 
in  table  5.  The  total  amount  of  payload  variation,  when  compared  with  die  opumal  profile,  ranged  from  -504  to  -208  kg. 

Atmospheric  Density  Variations  Including  Winds 

Simulations  were  also  conducted  with  these  same  atmospheric  density  profiles  with  winds  added.  The  results  of  these 
simulations  are  shown  in  table  6.  The  total  amount  of  payload  variation,  when  compared  with  the  optimal  profile,  ranged  from  -504  to  - 
189  kg. 


In  addition,  trajectories  were  simulated  using  10  perturbed  profiles  for  a  single  date  (July  1,  1989).  The  results  of  these 
simulations  are  shown  in  table  7.  The  total  amount  of  payload  variation,  when  compared  with  the  optima]  profile,  ranged  from  -472  to  - 
603  kg.  In  addition,  trajectories  were  simulated  with  a  ±3  o  variation  in  the  mean  density  for  this  same  date.  These  results  are  given  in 
table  7  and  show  a  payload  varianon  when  compared  with  the  optimal  of -1056  to -118  kg. 

Giinbal  Angle  Reduction 

While  studies  are  underway  to  assess  the  impact  on  vehicle  design  of  large  pitch-gimbal  angles,  control  studies  arc  being 
conducted  to  assess  the  relative  merits  of  alternate  control  techniques.  The  most  promising  soluuon  found  to  date  is  to  provide  control 
■  both  throttling  and  gimbalhng  the  engines.  To  illustrate  this  technique,  the  optimal  trajectory  was  determined  with  a  maximum 
■'»Me  gimbal  angle  of  10  deg.  To  provide  the  additional  required  pitch  control,  the  booster  engines  were  throttled  when  the  engines 
,e  this  gimbal  limit.  After  staging,  the  engines  remain  within  the  10-deg  limit.  The  comparison  trajectories  are  shown  in  figure  9, 
ana  le  8  illustrates  the  performance  differences.  For  this  study,  all  the  booster  engines  were  throttled  equally.  In  actual  practice, 
engines  would  be  shut  down  to  avoid  the  deep  throttling  required  for  trim.  The  use  of  this  technique  results  in  a  reduction  in  inserted 
weight  of  1288  kg.  Thus,  this  technique  would  be  worthwhile  if  the  penalty  to  allow  the  large  gimbal  angles  exceeds  this  value. 

Separation  Analysis 

One  of  the  significant  design  issues  for  any  multi-stage  vehicle  is  to  provide  a  safe  separation  at  staging.  This  veh.cle  is 
different  from  any  that  have  been  flown  to  date  in  that  both  the  orbiter  and  booster  arc  winged.  An  additional  complication  is  that  at 
staging,  the  booster  (the  lower  vehicle)  is  empty,  and  the  orbiter  is  fully  fueled  as  a  result  of  using  propellant  crossfed  from  the  booster 
to  fuci  the  engines  of  the  orbiter  until  staging.  Because  ol  these  issues,  a  preliminary  analysis  of  the  staging  maneuver  was  conducted. 

The  computer  program  used  in  this  analysis  is  described  in  reference  8.  This  program  provides  for  the  6-degree-of-freuiom 
analysis  of  multiple  bodies.  For  this  study,  only  the  longitudinal  modes  were  analyzed,  and  no  interference  effects  were  added  to  the 
aerodynamic  data  base.  The  separation  sequence  that  would  provide  a  successful  separation  was  to  shut  down  the  booster  engines, 
release  the  forward  attachment  strut,  allow  the  booster  to  rotate  until  the  angle  between  the  two  vehicles  reached  2  deg,  and  then  release 
the  aft  attachment  strut.  After  staging,  the  booster  was  commanded  to  fly  an  angle  of  attack  of  -10  deg.  The  control  system  used  by  the 
booster  during  the  separation  is  shown  in  figure  10.  The  nominal  separation  is  shown  in  figure  1 1  relative  to  the  orbiter.  The  state 
conditions  at  staging  are  shown  in  table  9,  and  the  angle-of-attack  and  elevator  histories  are  shown  m  figure  12.  Separation  trajectories 
were  also  analyzed  at  off-nominal  staging  angles  of  attack.  This  analysis  showed  that  a  successful  separation  required  that  the  staging 
angle  of  attack  must  be  between  -6  and  2  deg. 

Conclusions 

The  predictor-corrector  guidance  algorithms  provided  for  accurate  insertions  with  errors  in  geocentric  radius  at  insertion  of 
<1  m  for  all  cases.  In  all  the  atmospheric  dispersion  cases  studied,  no  additional  flight  control  issues  other  than  those  discussed 
previously,  namely  large  engine  gimbal  angles  and  the  staging  maneuver  itself,  were  uncovered.  Solutions  to  both  of  these  concerns 
have  been  developed,  and  a  preliminary  analysis  of  each  has  been  completed. 

Horizontal-Takeoff  Air-Breathing  Vehicle 


Nominal  Trajectory 

The  predictor-corrector  algorithm  is  used  only  to  determine  the  velocity  at  which  to  begin  the  pull-up  maneuver.  The  target 
conditions  of  the  predictor-corrector  algorithm  were  modified  such  that  for  the  nominal  case  the  6-degrcc-of-frcedom  simulation  using 
the  predictor-corrector  guidance  algorithm  would  give  the  same  results  as  the  optimal  trajectory. 
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Atmospheric  Density  Variations 

The  same  strategy  that  was  used  to  assess  the  flight  control  issues  for  the  venical-takeoff  rocket  vehicle  was  used  for  the 
horizontal-takeoff  vehicle.  The  first  off-nominal  conditions  were  the  constant  factor  biases  applied  to  the  standard  atmosphere.  As 
with  the  rocket  vehicle,  these  factors  were  varied  from  0.8  to  1.2.  Because  the  predictor-corrector  guidance  algorithm  calculates  a 
density  factor  that  matches  dynamic  pressure  when  the  algorithm  is  first  entered,  the  atmospheric  model  used  by  the  algorithm  was 
identical  to  the  one  used  by  the  simulation.  The  results  of  these  simulations  are  given  in  table  10.  The  total  payload  variation, 
including  the  AV  required  for  circularization,  when  compared  with  the  optimal  profile,  ranged  from  -381  to  177  kg. 

The  results  of  the  simulations  using  the  density  profiles  from  GRAM  are  shown  in  table  11.  These  density  variations  also 
uncovered  no  flight  control  issues,  and  the  total  payload  variation,  when  compared  with  the  optimal  profile,  ranged  from  38  to  581  kg. 

Atmospheric  Density  Variations  Including  Winds 

The  simulations  that  used  the  GRAM  density  and  wind  profiles  are  shown  in  table  12.  These  density  variations  also  uncovered 
no  flight  control  issues,  and  the  total  payload  variation,  when  compared  with  the  optimal  profile,  ranged  from  22  to  61 1  kg. 

In  addition,  trajectories  were  also  simulated  using  the  same  10  perturbed  profiles  used  by  the  all-rocket  vehicle  for  a  single  date 
(July  1,  1989).  The  results  of  these  simulations  are  shown  in  table  13.  The  total  amount  of  payload  variation,  when  compared  with  the 
optimal  profile,  ranged  from  452  to  546  kg.  In  addition,  trajectories  were  simulated  with  a  ±  3  ct  variation  in  the  mean  density  for  this 
same  date.  These  results  are  given  in  table  13  and  show  a  payload  variation  when  compared  with  the  optimal  of  406  to  583  kg. 

Conclusions 

As  with  the  vertical-takeoff  rocket  system,  the  addition  of  off-nominal  atmospheric  conditions  dtd  not  uncover  additional 
significant  flight  control  issues  over  those  uncovered  during  the  determination  of  the  optimal  trajectories.  However,  when  one 
compares  the  insertion  accuracy  of  the  vertical-takeoff  system  (tables  4-7),  with  the  insertion  accuracy  of  the  horizontal  take-off  vehicle 
(tables  10-13),  one  notes  that  the  vertical-takeoff  rocket  was  inserted  with  accuracies  of  1  m,  whereas  the  horizontal  take-off 
airbreathmg  vehicle  had  insertion  errors  as  high  as  4.8  km,  To  improve  this  accuracy  will  require  that  the  air-breathing  vehicle  be  able 
to  modulate  its  acceleration  after  the  main  engines  are  shut  down  (23.9  kPa  to  insertion).  The  required  change  to  the  guidance  algorithm 
would  be  minor,  but  more  fuel  would  be  required  for  ascent. 

SUMMARY 

A  study  has  been  conducted  that  investigated  some  of  the  issues  that  affect  the  flight  control  and  guidance  system  designs  for 
vertical-takeoff  and  horizontal  takeoff  vehicles.  The  study  used  a  two-stage  all-rocket  vehicle  to  represent  the  vertical-takeoff  system 
and  a  generic  aerospace  plane  concept  to  represent  the  honzontal-takeoff  vehicle.  To  conduct  this  study,  a  robust  guidance  algorithm 
was  designed  for  both  vehicles.  These  algorithms  demonstrated  very  accurate  insertion  capability  under  the  conditions  simulated  for 
the  vertical-takeoff  all-rocket  vehicle  and  moderate  insertion  accuracy  for  the  horizontal-takeoff  air-breathing  vehicle. 

Two  flight  control  issues  for  the  vertical  take-off  rocket  were  uncovered.  The  first  was  the  large  gimbal  angle  range  required 
for  pitch  trim  when  using  parallel  mated  vehicles.  The  second  was  control  during  staging. 

Two  issues  were  also  identified  for  the  air-breathing  vehicle.  The  first  was  that  since  the  drag  losses  arc  a  significant  fraction  of 
the  total  ideal  velocity  required,  the  drag  associated  with  trimming  needs  to  be  reduced.  Tire  second  issue  was  that  since  the  vehicle  flies 
at  high  dynamic  pressure  for  most  of  the  ascent,  the  guidance  system  design  will  be  more  difficult  to  insure  accurate  insertion. 

FUTURE  WORK 

No  flight  control  issue  has  been  identified  in  this  paper  that  would  preclude  the  selection  of  cither  of  these  two  classes  of  vehicle 
for  the  next  launch  vehicle.  However,  this  paper  has  been  able  to  address  only  a  few  of  the  issues  that  will  affect  the  design  of  the  flight 
control  and  guidance  systems  for  the  next-generation  spacecraft.  Some  major  areas  that  were  not  discussed,  but  which  are  currently 
being  examined  at  the  NASA  Langley  Research  Center,  include  additional  atmospheric  anomalies  such  as  gusts  and  turbulence,  control 
during  staging,  as  well  as  alternate  trim  techniques. 
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TABLE  1.  CHARACTERISTICS  OF  VERTICAL- 
TAKEOFF  ROCKET  VEHICLE 


EQQSIEK 

. 453,742 

. 48,699 

Number  of  engines . 

. 6 

Vacuum  engine  thrust,  N . 

. 1.557x106 

. 438 

Wing  reference  area,  m^ . 

. 144 

P-RPHER 


Gross  mass,  kg . 538,361 


Payload,  kg . 

. 9,100 

Number  of  engines . 

. 4 

Engine  vacuum  thrust,  N . 

. 1.557x10s 

I*,.  cap 

O  '  '  »jpi  «—  . . . 

Wing  reference  area,  . 

. 185 

TABLE  2.  CHARACTERISTICS  OF  HORIZONTAL- 
TAKEOFF  AIR-BREATHING  VEHICLE 


Gross  mass,  kg . 136,079 

Dry  mass,  kg . 58,968 

Payload,  kg . 9,100 

Circularization  engine  ISp,  sec . 465 

Wing  reference  area,  m* . 335 

Span,  m . 18 

Mean  aerodynamic  chord,  m . 24 


Engine  tiirust  and  ISp  characteristics  arc  shown  in 
figures  3  and  4 
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TABLE  3.  RELATIVE  VELOCITY  LOSSES  OF  ROCKETAND  AIR-BREATHING  VEHICLES 


RQCKEE 

AlBeBBEA] 

AV,  itVsec 

9,334 

10,749 

AVLOSS.  m/sec 

1,872 

3,372 

AV^t,  m/sec 

200 

0 

AV[>  m/sec 

193 

2,725 

AVq,  m/sec 

1,327 

636 

AVyv,  m/scc 

156 

16 

AVcr,  m/sec 

-4 

-5 

AVciRC-  m/scc 

26 

162 

Velocity  losses  due  to 
gimballing,  m/sec 

o7 

0 

Vector  losses  due  to 
elevon  deflection,  m/sec 

0 

366 

TABLE  4.  VERTICAL-TAKEOFF  ROCKET  SIMULATION  RESULTS  FOR  CONSTANT  FACTOR 

ATMOSPHERIC  DENSITY  VARIATIONS 


E&£ClQBgQ.& 

FACTQR=0.9 

EACXQReU 

EAOQRaU 

A  Payload,  kg 

782 

464 

-849 

-3452 

A  Time,  sec 

-1.1 

-0.7 

1  2 

5.1 

AGra(j,  m 

•0.6 

-0.15 

0.2 

•0.03 

Ay,  deg 

-0.0003 

-0.0001 

0.0003 

-0.0001 

TABLE  5.  VERTICAL-TAKEOFF  ROCKET  SIMULATION  RESULTS  FOR  GRAM  ATMOSPHERIC 

DENSITY  VARIATIONS 
(Monthly  Mean  Density  With  No  Winds) 


JANUARY. 

EESRUARI 

MARCH 

APRIL 

MAY 

JUNE 

A  Payload,  kg 

-254 

-208 

-225 

-277 

-339 

-416 

A  Time,  sec 

0.4 

0.3 

0.3 

0.4 

0.5 

0.6 

AGraj,  m 

0.44 

0.03 

0.24 

0.15 

0.12 

0.06 

Ay.  deg 

0.0004 

0.0002 

0.0003 

0.0004 

0.0003 

-0.0001 

JULY 

AUGUST 

SEPTEMBER 

OCTOBER 

NOVEMBER 

DECEMB1 

A  Payload,  kg 

-504 

-470 

-411 

-334 

-286 

-282 

A  Tune,  sec 

0,7 

0.7 

0.6 

0.5 

0.4 

0.4 

AGr<ld,m 

-0.09 

0.18 

0.33 

0.4 

0.4 

0.09 

Ay,  deg 

-0.0001 

0.0002 

0.0004 

0.0004 

0.0004 

0.0003 
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TABLE  6.  VERTICAL-TAKEOFF  ROCKET  SIMULATION  RESULTS  FOR  GUAM  ATMOSPHERIC 

DENSITY  VARIATIONS 
(Monthly  Mean  Density  With  Winds) 


JANUARY 

EEERilARX 

MARCH 

AERIE 

MAX 

JUNE 

A  Payload,  kg 

-212 

-189 

-250 

-329 

-364 

-411 

A  Time,  sec 

0.3 

0.3 

0.4 

0.5 

0.5 

0.6 

AGrad. m 

0.34 

0.03 

0.24 

0.15 

0.12 

0.06 

Ay,  deg 

0.0004 

0.0001 

0.0003 

0.0004 

0.0003 

-0.0002 

JULY 

AUGUST 

SEPTEMBER 

OCTOBER 

MQXEMBER 

DECEMBER 

A  Payload,  kg 

-504 

-449 

-398 

-315 

-269 

-255 

A  Time,  sec 

07 

0.7 

0.6 

0.5 

0.4 

0.4 

AGrad* m 

-.09 

0.21 

0.37 

0.40 

0.40 

0.09 

Ay,  deg 

-0.0001 

0.0003 

0.0004 

0.0004 

0.0004 

0.0003 

TABLE  7. 

VERTICAL-TAKEOFF  ROCKET  SIMULATION  RESULTS  FOR  GRAM  ATMOSPHERIC 
DENSITY  VARIATIONS 
(Perturbations  for  July  1,  1989  With  Winds) 

EERIifl 

EERXJ2 

EERI#2 

EERXM 

EERTJA 

A  Payload,  kg 

-603 

-502 

-564 

-566 

-570 

A  Time,  sec 

0.9 

0.8 

0.8 

0.8 

0.8 

AGrad,  bi 

-0.24 

-0.31 

0.15 

-0.18 

-0  30 

Ay,  deg 

0.0004 

-0.0005 

0.0004 

-0.0003 

-0.0005 

PERT  46 

PERT  #7 

PERT  #8 

PERU!) 

PERT  #10 

A  Payload,  kg 

-562 

-562 

-528 

-526 

-472 

A  Time,  sec 

0.8 

0.8 

0.8 

0.8 

0.7 

AGrad, m 

0.06 

-0.21 

-0.18 

0.18 

•0.15 

Ay,  deg 

0.0002 

-0.0001 

•0.0002 

•0.0001 

-0.0002 

3a  PERT 

-2a££RJ 

A  Payload,  kg 

-1056 

-118 

A  Time,  sec 

1.5 

-0.2 

AGrad* 

0.49 

-0.49 

Ay,  deg 

-0.001 

0.001 
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TABLE  8.  COMPARISON  OF  ROCKET  VEHICLE  WITH  AND  WITHOUT  ENGINE  GIMBAL  CONSTRAINTS 

WITHOUT  01MB  Al.  CONSTRAINTS  PgCH.GlMBAL  ANGLES  LIMITED  10 


AV,  m/sco 

9,334 

tlimEGBEES 

9,381 

avLOSS-  "Vice 

1,872 

1,918 

AVthRUST-  "v'sec 

200 

211 

AVaeRO-  w/sec 

193 

194 

AVGRAV.  m/sec 

1,327 

1,342 

AV-py,  nVsee 

156 

175 

AVcoR.  m/scc 

-4 

-4 

AvCIRO  mtee 

26 

26 

Time  to  staging,  sec 

104.8 

114.4 

Time  to  insertion,  sec 

438.3 

449.5 

TABLE  9.  VERTICAL-TAKEOFF  ROCKET  STAGING  CONDITIONS 


Altitude,  m  . 24,687 

Velocity,  nVsee . 835 

y,  deg . 37.5 

a,  deg . -1.7 

Mach . 2.8 


TABLE  10.  HORIZONTAL  TAKE-OFF  AIR-BREATHING  SIMULATION  RESULTS  FOR  CONSTANT 
FACTOR  ATMOSPHERIC  DENSITY  VARIATIONS 


FACTORS 

FACTOR=0.9 

FACTOR=U 

1&CIQBSL2 

A  Payload,  kg. 

-381 

-176 

150 

177 

A  Time,  sec 

15.5 

7.0 

-5.9 

-6.9 

A  Apogee,  kin 

•0.6 

02 

0 

0 

A  Perigee,  tan 

7.8 

3.5 

-3.3 

-6.9 
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TABLE  li.  HORIZONTAL-TAKEOFF  AIR-BREATHING  SIMULATION  RESULTS  FOR  GRAM 
ATMOSPHERIC  DENSITY  VARIATIONS 
(Monthly  Mean  Density  With  No  Winds) 


JANUARY. 

FEBRUARY 

MARCH 

APRIL 

MAY 

JUNE 

A  Payload,  kg 

307 

249 

270 

475 

581 

557 

A  Time,  sec 

-8.5 

-6.8 

-5.2 

6.2 

-9.7 

-9.0 

A  Apogee,  km 

4.3 

3.5 

2.0 

2.6 

4.1 

3.0 

A  Perigee,  km 

-7.4 

-6.1 

-4.3 

-4.3 

7.6 

-5.7 

JULY 

AUGUST 

SEPTEMBER 

OCTOBER 

NOVEMBER 

DECEMBER 

A  Payload,  kg 

485 

341 

295 

239 

38 

289 

A  Time,  sec 

-7.5 

-7.6 

-6.3 

-6.0 

-7.4 

-7.1 

A  Apogee,  km 

2.0 

1.7 

0.9 

1.5 

2.8 

3.1 

A  Perigee,  km 

■4  8 

-5.9 

-4.8 

-4.8 

-7.2 

-6.1 

TABLE  12.  HOR'ZONTAL-TAKEOFF  AIR-BREATHING  SIMULATION  RESULTS  FOR  GRAM 
ATMOSPHERIC  DENSITY  VARIATIONS 
(Monthly  Mean  Density  With  Winds) 


JANUARY 

FEBRUARY 

MARCH 

APRIL 

MAY 

JUNE 

A  Payload,  leg 

257 

198 

230 

458 

596 

611 

A  Time,  sec 

-8.2 

-5.7 

•4.3 

-5.3 

-9.5 

-10.3 

A  Apogee,  km 

4.6 

3.0 

1.5 

2.2 

4.1 

3.7 

A  Perigee,  km 

-9.3 

-8.9 

-6.9 

-5.6 

-7.2 

-3.3 

JULY 

AUGUST 

SEPTEMBER 

OCTOBER 

NOVEMBER 

DECEMBER 

A  Payload,  kg 

482 

369 

307 

240 

22 

249 

A  Time,  sec 

-10.3 

-8.9 

-6.9 

-4.8 

-5.2 

-5.0 

A  Apogee,  km 

3.0 

2.2 

1.1 

0.9 

1.3 

2.2 

A  Perigee,  km 

-2.4 

-3.9 

-4.3 

-6.5 

-10.7 

-9.1 

Y 


S 
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TABLE  13.  HORIZONTAL-TAKEOFF  AIR-BREATHING  SIMULATION  RESULTS  FOR  GRAM 
ATMOSPHERIC  DENSITY  VARIATIONS 
(Perturbations  for  July  1,  1989  With  Winds) 


PERT#1 

EE&IiS 

EE.RI& 

PERX*S 

EERI45 

A  Payload,  kg 

487 

504 

508 

522 

507 

A  Time,  sec 

-9.0 

-11.4 

-9.C 

-11.9 

-9.6 

A  Apogee,  km 

1.1 

2.8 

1.4 

3.0 

2.4 

A  Pcrigee,ktr, 

2.2 

-3.3 

0.4 

-5.0 

-1.7 

P5RTJ6 

PERT  #7 

PF.RT  #8 

PERT  £9. 

EERXIlfl 

A  Payload,  kg 

503 

452 

474 

509 

546 

A  Time,  sec 

-6.8 

-12.0 

-9.5 

-8.9 

-11.3 

A  Apogee,  km 

1.7 

3.7 

28 

2.6 

1  5 
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Figure  1.  Vertical-takeoff  rocket  vehicle. 


Figure  2.  Horizontal-takeoff  of  air-breathing  vehicle. 
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Figure  5.  Schematic  of  guidance  algorithm  for 
air-breathing  vehicle. 


(b)  Engine  pitch  gimbal  angle  and  angle-of-attack  histories. 
Figure  7.  Concluded. 
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Figure  8.  Optimal  ascent  trajectory  for  horizontal-takeoff 
air-breathing  vehicle. 


(a)  Engine  pitch  gimbal  history. 

Figure  9.  Comparison  of  control  histories  for  vcnical-takeoff 
rocket  vehicle  with  and  without  engine  pitch  g'mbal  limits. 


<L 

Figure  10.  Booster  pitch  flight  control  system  for 
separation  maneuver. 
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Figure  11.  Separation  time  history  of  booster  and  orbitcr. 


(b)  Engine  throttle  history. 
Figure  9.  Concluded. 


(a)  Angle  of  attack. 

Figure  1 2  Time  history  of  booster  angle  of  attack  and  elevator 
deflection  during  separation  maneuver. 


(b)  Elevator. 
Figure  12.  Concluded. 
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Summary 

An  overview  over  the  state  of  the  art  of  trajectory  optimization  of  aerospace  vehicles  is  given 
with  emphasis  on  applications  to  ARIANE  V  ascent  trajectories  and  HERMES  reentry 
trajectories.  The  paper  briefly  reflects  on  some  of  the  numerical  methods  used  in  the  past  and 
describes  in  more  detail  two  relatively  new  methods  under  development,  both  of  which  need 
efficient  sequential  quadratic  programming  for  solving  the  associated  nonlinear  programming 
problems.  A  detailed  description  of  the  equations  of  motion,  the  boundary  conditions  and  the 
flight  path  constraints  for  the  ARIaNE  V  ascent  and  the  HERMES  reentry  is  presented  and 
numerical  results  are  given  for  an  optimal  ascent  into  geostationary  transfer  orbit,  into  a 

sun-synchronous  orbit,  into  a  28.5°  transfer  orbit  for  the  ARIANE  V/HERMES  combination, 

and  an  optimal  reentry  from  a  28.5°  orbit  to  Istres.  The  paper  concludes  with  an  outlook  into 
trajectory  optimization  of  space  vehicles  with  airbreathing  engines. 


1.  INTRODUCTION 

Ascent  trajectory  optimization  of  rockets  has  been  one  of  the  driving  applications  for  developing 
new  optimization  methods,  more  efficient  algorithms  and  software  for  almost  30  years.  This  is 
not  surprising  since  only  a  small  fraction  of  the  total  lift-off  mass  of  a  rocket  can  be  utilized  as 
payload  and,  therefore,  it  is  most  important  to  select  the  best  ascent  profile.  For  this  purpose  the 
motion  of  the  vehicle  can  be  analyzed  by  looking  at  the  motion  of  the  center  of  mass  and 
neglecting  the  rotational  dynamics.  Mathematically  this  requires  the  solution  of  a  set  of  ordinary 
differential  equations[l]  which  are  controlled  by  pitch-  and  yaw-angles  from  lift-off  until 
burn-out  of  the  last  stage.  The  purpose  of  optimization  is  to  select  the  time  histories  of  the 
control  functions  in  such  a  way  as  to  maximize  the  payload  in  the  desired  orbit  while  observing 
all  vehicle-  and  mission  constraints. 

Descent  trajectory  optimization  has  been  of  interest  ever  since  reentry  vehicles  are  capable  of 
generating  lift  forces  during  the  reentry  and  using  these  to  change  their  flight  paths.  Here,  too, 
the  analysis  can  be  done  by  considering  mass  point  motion  only,  and  the  control  functions  are 
for  instance  angle  of  attack  and  velocity  bank  angle.  There  are  various  performance  criteria  of 
interest  such  as  maximizing  the  crossrange  or  minimizing  the  total  heat  load  accumulated  along 
the  flight  path.  Most  important  are  temperature  constraints  at  various  critical  points  of  the 
vehicle,  for  instance  at  the  stagnation  point,  at  the  leading  edge  of  the  wings,  or  at  critical  points 
at  the  lower  wing/fuselage  surface.  Other  constraints  are  on  maximum  permitted  deceleration, 
on  maximum  permitted  dynamic  pressure  and  on  maximum  permitted  hinge  moments  of  some 
of  the  control  surfaces. 


The  above  described  optimization  problems  are  optimal  control  problems  which  can  not  be 
solved  analytically  except  in  rare  cases  where  one  makes  simplifying  assumptions  such  as 
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the  atmosphere  and  assuming  flat  earth  and  constant  gravitational  forces  for  the  ascent  problem, 
or  assuming  zero  flight  path  angle  and  neglecting  gravitational  forces  during  for  the  descent 
problem.  Solutions  obtained  with  these  kind  of  simplifying  assumptions  can  serve  the  analyst 
quite  well,  they  must  be  checked,  however,  by  comparing  them  with  numerical  solutions 
obtained  using  a  full  order  dynamic  model.  To  this  end  various  optimization  methods  are 
available. 
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The  first  class  of  methods  arc  gradient  and  conjugate  gradient  methods  which  have  been  applied 
for  these  kind  of  problems  successfully  in  the  past,  f.i.Ref.[2]-[5].  Parameterizing  the  control 
functions  over  a  user  specified  grid  has  be^n  a  successful  approach  for  solving  trajectory 
optimization  problems,  too.  This  technique  transforms  the  optimal  control  problem  into  a 
nonlinear  programming  problem  and  was  first  applied  to  rocket  trajectories  in  [6],  later  in 
[7]— [9].  Improvements  in  methods  for  solving  nonlinear  programs  have  been  utilized  in  the  later 
papers.  The  ascent  trajectory  of  the  US-Shuttle  has  been  designed  using  this  approach.  At  the 
European  Space  Agency(ESA)  there  exists  software  based  on  this  approach.  In  [10]  and  [11]  the 
ideas  of  Davidon  Fletcher  Powell  on  Quasi-Newton  Methods  for  nonlinear  programming  was 
extended  to  function  space  and  applied  to  ascent  trajectory  optimization.  All  these  methods  are 
considered  first  order  methods  since  they  make  use  of  first  order  information  only.  First  order 
algorithms  need  the  system-  and  the  adjoint  differential  equations,  which  have  to  be  solved  in 
backward  or  forward  direction  once  in  each  iteration.  Second  order  information  is  built  up  - 
where  required  -  during  the  course  of  the  iteration  sequence. 

Second  order  methods  for  solving  trajectory  optimization  problems  have  been  proposed  early  in 
the  development,  too.  The  most  widely  used  one  is  the  Multiple  Shooting  Algorithm  (MSA)  first 
presented  in  [12]  with  later  extensions  in  [13].  Second  order  methods  —  except  the  MSA  -  need 
analytical  second  partial  derivatives  of  the  system  equations  which  are  cumbersome  to  get  for 
complex  trajectory  problems.  The  MSA  generates  the  second  order  information  numerically  and, 
therefore,  is  the  only  competitive  optimization  method  in  its  class.  Here,  the  system  equations 
must  be  integrated  forward  together  with  the  adjoints  in  each  iteration.  The  switching  structure 
of  the  optimal  solution  must  be  known  in  advance.  It  has  been  successfully  applied  to  ascent  and 
descent  problems  in  [14]  and  [15]. 

A  different  computational  method  is  due  to  Bellman's  Principle  of  Dynamic  Programming.  Here, 
the  constrained  optimal  control  problem  is  discretized  and  a  multistage  decision  making  problem 
is  obtained  which  is  being  solved  by  a  special  recursion  formula  based  on  Bellman’s 
optimization  principle.  This  method  suffers  from  the  so  called  "curse  of  dimensionality"  because 
computer  time  and  RAM  storage  demands  increase  exponentially  with  the  dimension  of  the  state 
vector.  This  has  limited  its  applicability  to  small  problems,  say  three  state  variables  at  most. 
Indirectly  related  to  the  dynamic  programming  method  through  the  Hamilton-Jacobi  partial 
differential  equation  is  the  differential  dynamic  programming  method.  In  [17]  numerical 
experience  with  a  first  and  a  second  order  version  of  the  algorithm  for  aerospace  problems  is 
reported.  This  method  needs  adjoint  differential  equations  and  in  its  second  order  version  even 
analytical  second  partials  with  respect  to  the  state.  DDP  methods  have  seen  only  limited 
applications. 

The  significant  advance  in  solving  constrained  nonlinear  programming  problems  has  been  the 
development  of  efficient  quadratic  programming(QP)  solvers  within  the  last  10  years  and  this 
has  renewed  the  interest  in  trajectory  optimization  algorithms  based  on  parameterizing  the 
optimal  control  problem.  In  [18] — [21]  recursive  quadratic  programming  is  applied  to  space 
trajectory  optimization  in  connection  with  an  indirect  method.  QP  solvers  are  used  in  connection 
with  direct  methods  in  [22]— [23]  and  in  [24],  Here  a  multiple  shooting  structure  is  introduced 
into  the  parameterized  optimal  control  problem  thus  making  forward  differencing  for  generating 
estimates  for  partial  derivatives  with  respect  to  the  parameters  as  efficient  as  using  adjoints.  In 
[25]  a  special  integrator  is  presented  which  enhances  the  performance  of  the  algorithms  for 
parameterized  control  calculations  even  further.  Results  for  ascent  and  descent  optimization  are 
given  in  [25]— [29].  Another  new  approach  which  utilizes  the  advance  in  solving  QP's  efficiently 
is  presented  in  [30]  using  direct  collocation  for  satisfying  the  differential  system.  The  associated 
software  is  known  in  the  United  States  under  the  Name  OTIS  and  has  found  widespread  use  at 
many  government  laboratories,  in  industry,  and  at  some  universities.  It  has  been  applied 
successfully  for  analyzing  the  ascent  trajectories  of  new  launch  vehicles  with  airbreathing 
engines. 

In  this  paper  two  new  methods  under  development  at  DLR  are  presented,  one  based  on 
parameterizing  the  control  functions  and  multiple  shooting  for  integrating  the  system  equations 
numerically.  This  algorithm  is  presented  under  the  name  PROMIS.  It  has  several  advanced 
features  such  as  a  separate  discretization  grid  for  each  component  of  the  control  vector,  variable 
control  model  function  selection  options,  a  separate  grid  for  handling  state 
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(constraints,  efficient  integration  of  the  system  equations  by  using  the  integrator  from  [25],  and  it 

does  not  need  adjoint  differential  equations.  The  other  method  is  based  on  direct  collocation  for 
satisfying  the  system  differential  equations.  It  is  an  extension  of  the  method  presented  in  [30] 
with  additional  features  such  as  automatic  scaling  and  variable  grid  selection.  The  system 
equations  need  not  to  be  integrated  explicitly  and  the  method  does  not  need  adjoints.  This  one  is 
presented  under  the  name  TROPIC.  These  methods  are  being  developed  with  the  primary  goal 
of  having  efficient  software  for  trajectory  optimization  of  aerospace  vehicles.  Particular 
emphasis  is  placed  on  an  advanced  user  interface  which  makes  it  easy  to  set  up  a  new 
optimization  problem,  change  the  models,  perform  iteration  sequences,  analyze  intermediate  and 
final  results,  and  switch  from  one  type  of  method  to  another  one.  These  methods  will  be 
applicable  for  trajectory  optimization  of  winged  launchers  with  airbreathing  engines,  for 
instance  HOTOL  or  SANGER  II. 


2.  MATHEMATICAL  MODELS  for  SIMULATION  and  OPTIMIZATION 
2.1  Equations_of  motion 

The  point  mass  equations  of  motion  in  a  flight  path  coordinate  system  over  a  spherical,  rotating 
earth  with  no  wind  in  the  atmosphere  are[l] 

■  2  2 

V  =  rC0g(cos  8  siny-sinS  cos8  cosy  cosy.)  -  g  siny  +  (T/m)cosa  cose  +X ^/m 

.  2  —1 
X  =  (V/r)cosy  siny  tan§  +  2tOg(sin8-cosy  cos8  tany)  +  ro)g(Vcosy)  siny  sin8  cosS 

-  T(mVcosy)~*cosa  sine  -  Yw(mVcosy)-^ 

2  2 

y  =  (V/r)cosy  +  2a>p.siny  cosS  +  (ra>g/V)(cos  8  cosy  +  sin8  cos8  siny  cosy) 

-  (g/V)cosy  +  (mV)-1(Tsina+Zw) 

A  =  (V/r)cosy  siny  (cosS)-1  (1) 

8  =  (V/r)cosy  cosy 
r  =  Vsiny 
m  =  —  b 

Here,  V  is  the  vehicle  velocity  relative  to  an  earth  fixed  coordinate  system,  r  its  radius  vecior 
from  the  center  of  the  earth,  y,y  are  azimuth  and  path  inclination  which  measure  the  orientation 
of  the  flight  path  coordinate  system  relative  to  a  local  horizontal  system.  A, 8  are  geographical 
latitude  and  longitude  of  the  vehicle.  T  is  the  thrust,  m  the  vehicle  mass,  Xw,Yw,  Zw  are  the 

aerodynamic  forces  acting  on  the  vehicle.  The  angles  a  and  e  are  the  directions  of  the  thrust 
vector  with  respect  to  the  flight  path  coordinate  system.  They  represent  the  control  functions  in 

_3 

the  differential  system.  0)g(7. 2921*10  rad/s)  is  the  angular  velocity  of  the  earth's  rotation,  o 
and  e  can  be  replaced  by  body  pitch  and  yaw  angles  8  and  \|/  through  the  transformation 


cos a  cose 

sinGcosy  sinyQ  +  sin\j/cosyo 

cosc  sine 

=  A 

sin8  cosy  cosyQ  —  sin\|/  sinyo 

sine 

COS0  cost)/ 

where  the  subscript  Q  indicates  angles  at  t=0  and  where  A(yo,S0,A,8,y,y)  is  a  transformation 

matrix  depending  on  the  angles  consisting  of  five  orthogonal  transformations  from  the  local 
horizontal  system  to  the  body  axis  system,  for  details  see  f.i.[26].  With  this  expression  a  and  e 
can  be  replaced  in  (1)  by  8  and  ty,  these  being  the  new  control  variables  for  the  differential 
system.  For  descent  there  is  no  thrust,  and  all  terms  containing  T  are  not  present.  In  this  case  the 
control  functions  are  angle  of  attack  a  and  velocity  bank  angle  p,  both  controls  will  be 
discussed  below. 
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The  aerodynamic  forces  are  given  in  vehicle  coordinates  and  are  defined  as 
Xf=qcxS,  Y^qCyS,  Z^^qc^S 

2 

with  q-(p/2)V  the  dynamic  pressure  and  S  the  reference  area.  The  coefficients  cx>Cy,c2  are 

functions  of  angle  of  attack  a,  side  slip  angle  (5,  and  Machnumber  M.  For  simplification  we 
assume  no  wind.  In  this  case  a sa  and  pse  and  a  and  p  can  be  used  as  controls.  Then 

3c  (M)  3cN(M) 

cx=cx<M)=-cDo(M)’  cy=“3oT  afSin<P’  Cz=~^T  afC°S(P  (3) 

with  Cj^  as  drag  coefficient  at  zero  angle  of  attack,  a^.  and  cp  as  defined  in  Fig.l.  The  relation 
between  a,  P,  and  <p  is 

a=ajCos(p,  p=— <x-sincp. 

The  coefficients  for  the  ARIANE  V  with  and  without  HERMES  are  taken  from  Figs.l  and  2  and 
are  approximated  in  the  numerical  examples  by  cubic  splines  or  by  linear  functions.  The 
aerodynamic  forces  in  the  wind  axis  system  are 

Xw=cosoccospXj'-sinPYj-sinacospZp 

Yw=cosasinpXf-rcospY^-si.iasinpZp  (4) 

Zw=sinaXjp+cosaZp 

For  descent  optimization  it  is  customary  to  use  angle  of  attack  a  and  velocity  bank  angle  p.  In 
this  case  the  aerodynamic  forces  are  obtained  by 

Xw  =  -D  =  -qScpfot.M),  M:  Machnumber, 

Yw  =  Lsinp.  =  qScL(a,M)sinp,  (5) 

Zw  =  Lcosp.  =  qSc^(a,M)cosp. 

where  the  lift-  and  drag  coefficients  as  functions  of  Machnumber  are  given  in  tabular  form  and 
are  approximated  for  the  numerical  examples  by  polynomial  functions. 

Air  density  p(h)  and  speed  of  sound  a(h)  are  approximated  by  differentiable  functions  using  the 
U.S.  Standard  Atmosphere  between  0  and  80  km(see  Ref.[14]).  The  gravitational  acceleration  is 
given  by 

g(r,8)=(pe/r3)(l+3/2J2(RE/r)2(l-3sin25))  (6) 

with  Rg(6378.155  km)  as  equatorial  radius  of  the  earth  and  J2  (0.0010826)  as  oblateness 
3  2 

parameter,  pe(398602  km  /s  )  is  the  gravitational  constant  of  the  earth.  With  these  equations  of 

motion  trajectories  can  be  computed  numerically  once  initial  conditions  are  specified  and 
control  time  histories  0(t),\|/(t)  in  the  case  of  ascent  or  a(t),  p(t)  in  the  case  of  descent  are  given. 


[31]  contains  a  good  description  of  typical  ascent  trajectories  for  ARIANE  V  into  geostationary 
transfer  orbit(GTO),  into  highly  eccentric  24h  and  48h  orbits,  into  so-called  Molnija  orbits,  and 
into  escape  orbits.  To  achieve  these  orbits  the  ARIANE  V  vehicle  has  three  stages.  The  first 
stage  is  the  HI 55  together  with  the  two  boosters  P230.  The  second  stage  is  defined  as  the  flight 
with  the  H155  after  jettisoning  of  the  boosters.  The  third  stage  is  the  L5  after  bum  out  of  the 
H155  and  stage  separation.  Thrust  of  a  P230  booster  is  a  function  of  time  as  depicted  in  Fig.3.  It 
is  approximated  as  Tp^Q  using  linear  interpolation.  Thrust  of  the  other  engines  is  defined  as 

TH155=IspH155bH155’TL5=IspL5bL5 

with  Igp  as  the  specific  impulse  of  the  respective  engines  and  b  the  mass  flow.  Table  1  contains 
the  numerical  values. 


B5 

55(s) 

Is 

iB 

bH155(kg/s) 

bp23o(kg/s) 

bL5(kg/s) 

430 

317 

253 

1933 

6.75 

Table  1:  Spec.  Impulses  and  fuel  consumption  for  various  engines  of  the  ARIANE  V 
vehicle 

For  optimization  it  is  sometimes  useful  to  define  "optimization  stages".  In  each  of  these 
optimization  stages  the  solution  of  the  differential  system  (1)  is  continuous.  Table  2  summarizes 
the  ascent  sequence  and  defines  the  optimization  stages  for  an  ascent  into  GTO. 


l3 

Table  2:  Stages  in  the  optimization  problem 


Stage  1  is  the  first  stage  of  the  vehicle  and  the  first  stage  of  the  optimization  problem.  At  t2  the 
boosters  are  jettisoned,  t2  is  fixed(119.177  s).  t^  marks  the  bum-out  of  the  H155  and  is  fixed 
too(600  s).  Stage  2  is  for  tj^tg.  Stage  3  is  the  third  optimization  stage  and  is  a  coasting  arc 
after  separation  of  the  FI155  from  the  upper  stage,  t^  is  to  be  chosen  optimally.  Stage  4  is  the 
flight  of  the  empty  H155  for  tg<t<ty  The  empty  H155  is  supposed  to  splash 
down  in  either  the  Atlantic  or  the  Pacific  Ocean  at  tj.  More  about  the  splash-down  constraint 
below.  Stage  5  is  the  ascent  of  the  third  rocket  stage  from  ignition  of  the  L5  at  t4  until  bum-out 
at  tf  which  is  to  be  selected  optimally. 
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The  initial  conditions  are 

V(0)=5  m/s,  %(0)=90°,  t(0)=90.0o,  A(0)=-52.82°(Kourou),5(0)=5.25°(Kourou), 
r(0)=Rg+5  m,  m(0)=m,, 
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where  m^  is  the  initial  mass  in  the  first  optimization  stage.  Initial  masses  for  the  other  four 
stages  are  given  in  Table3. 


raj  (kg) 

n>2  (kg) 

m3  (kg) 

m4  (kg) 

m5(kg) 

7 17348 

150558 

13085 

14188 

13085 

Table  3:  Initial  stage  masses 

The  upper  stage  of  the  vehicle  has  to  reach  the  desired  target  orbit.  In  order  to  relate  the  state  at 
tf  to  the  orbital  elements  the  state  in  the  wind  axis  system  is  transformed  into  an  inertial 

coordinate  system.  The  relations  for  velocity,  path  inclination,  and  azimuth  are 
Vj=V^(tp+r(tp<MgCOs5(tp  ^2V(t^)cosy(tj-)sin%(tp  +r(t^)C0gCos8(tj) 

sinyI=V(tf)siny(tf.)/vI  (7) 

cos%I=V(tf)cosy(tf)cosx(tf)/(VIcosYI) 

where  the  subscript  j  designates  variables  in  the  inertial  coordinate  system.  The  semi-major  axis 


a  is  obtained  from 

a=r(tf)|re/(2pe-r(tf)vi).  (8) 

Eccentricity  e  and  true  anomaly  f  are  related  to  the  state  vector  by 

esinf(  1 4-ecosf)-*  =tanYj  (9) 

a(  1  -e^)(  1 +ecosf)~1  =r(tf)  (10) 

The  orbital  inclination  i  is  computed  from 

cosi=cos8(tj.)sin%j.  (11) 

The  argument  of  perigee  co  is  obtained  from 

sin(©+f)=sin8(tp/sini,  cos(co+f)=cosakcos8(tf.)  (12) 


where  the  right  ascension  with  respect  to  the  ascending  node  is  computed  from 

sincCjc=(sin8(tj)/cos8(tp)/ 1  cosi/sini  | 

2  1/2 

cosak=sgn(cosXj)(l-sm  ak)  .  (13) 

Altogether,  perigee  and  apogee  altitude,  inclination,  and  the  argument  of  the  perigee  are 
prescribed  at  injection.  These  are  four  conditions  for  the  six  state  variables.  Table  4  gives  the 
required  orbital  elements  for  injection  into  GTO,  into  a  sun-synchronous  orbit(SSO),  and  into  a 

28.5°  transfer  orbit  for  HERMES. 
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hp(km) 

ha(km) 

i(deg) 

co(deg) 

GTO 

300 

36000 

10 

180 

SSO 

800 

800 

98.6 

- 

HER 

100 

460 

28.5 

? 

Table  4:  Target  orbit  parameters  for  three  different  missions 


2.4  Constraints  for  the  ascent-withJw5fautomatic  missions! 

For  the  optimal  ascent  into  GTO  without  the  splash-down  condition  the  empty  H155  will  fly  in 
an  elliptic  orbit  and  it  will  be  difficult  to  predict  the  splash  down  point.  Therefore,  the  ascent 
trajectory  must  be  modified  to  ensure  that  the  empty  H155  will  return  in  the  first  orbit.  This  can 
be  achieved  by  requiring  that  the  perigee  altitude  of  the  elliptic  orbit  be  sufficiently  low,  see 
f.i.[32].  An  additional  deorbit  impulse  might  be  necessary.  In  the  same  way  as  was  done  for  the 
injection  into  GTO  the  state  at  burn-out  of  the  first  stagc(at  t^)  is  transformed  into  an  inertial 

coordinate  system.  The  relations  for  velocity  and  path  inclination  are 

VH 1 55— v2(t3)+r(t3)CDEcos5(t3)  [2V(t3)cosV(t3)sinX(t3)  +  r(t3)cx>Ecos5(t3)J 
sinyH155=V(t3)sinY(t3)/VH155 

where  the  subscript  designates  variables  of  the  empty  H155  in  the  inertial  coordinate 
system.  These  variables  are  related  to  the  semi-major  axis  afjj55  by 


aH155,sr(t3)*le/(2,1e  r(t3)VH155)' 

Eccentricity  e^j55  and  true  anomaly  ^55  are  related  to  the  state  vector  by 


eH  155sinfH  1 55(1  +eH  1 55cosfH  1 55)  1  -tanYHl  55 
aH155(1_eH155)(1+3H155cosfH155)  1=r(t3) 

The  splash-down  constraint  is  imposed  by  requiring 

hpH155=rpH155-RE=aH155(1'eH155)-RE:=  50  km’  for  instance  with  hp  as  PeriSee 
altitude. 

Alternatively,  the  splash-down  constraint  could  be  imposed  by  requiring  an  additional  boundary 
condition  on  the  state  of  the  5th  optimization  stage  at  t=t^,  for  instance. 

Further  constraints  observed  during  the  ascent  are  the  dynamic  pressure  constraint 

q(h,V)  =  e^V2  <  qmax,  typically  qmax  =  40kPa,  (14) 


and  a  constraint  on  heat  flux  after  fairing  jettisoning 

qh(h,V)  =  e(h)v3<qh  ,  t4><t<tf  (15) 

with  t,,  indicating  the  time  of  fairing  jettisoning.  t,£t,.<u  A  tvnical  value  for  i 

4  ”  ~  H  *  1  “max 


50kw/m2. 
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2,5  Constraints  for  ARIANE  V  with  HERMES 

The  empty  H155  is  to  splash  down  in  the  Atiantic.  Mathematically  this  is  handled  in  the  same 
way  as  the  splash  down  constraint  for  missions  into  GTO.  In  case  the  true  anomaly  f^g  is 

negative  at  t^  and  the  perigee  altitude  is  sufficiently  low  the  splash  down  will  occur.  It  is  not 

clear  yet  whether  a  deorbit  impulse  might  be  necessary  to  ensure  splash  down  into  the  Atlantic 
well  outside  the  African  coastline. 

In  case  of  a  malfunction  of  the  H155  after  jettisoning  of  the  P230's  a  safe  return  of  the 
HERMES  space  plane  restricts  the  altitude-velocity  domain  in  which  flight  with  the  burning 
HI 55  can  occur,  see  Fig.4. 

h[km] 

125  - 

HO - - , 


4.88  V[km/s] 

Fig.4:  Altitude-veloci ty  constraint  for  ARIANE  V/HERMES 

2.6  Mission  and  vehicle  data  for  descent 

The  HERMES  space  plane  is  to  return  from  a  circular  orbit  with  an  altitude  of  460km  and  an 

inclination  of  28.5°  to  Kourou  or  to  Istres(France).  It  has  a  mass  of  approximately  16000kg.  The 
reentry  is  initiated  by  a  deorbit  impulse  which  generates  a  new  orbit  with  a  sufficiently  low 
perigee.  The  amount,  the  direction,  and  the  timing  of  the  applied  velocity  increment  determines 
the  initial  conditions  for  reentry  into  the  atmosphere.  Although  this  portion  of  the  descent  can 
easily  be  included  in  the  optimization  it  is  usually  treated  separately  since  for  a  given  deorbit 
impulse  the  trajectory  from  that  point  down  to  a  certain  altitude  is  basically  fixed.  Thus  the 
reentry  phase  really  begins  at  a  particular  altitude,  velocity  and  path  inclination.  Similar 
considerations  are  applied  to  the  last  portion  of  the  descent:  The  space  plane  becomes  "airplane 
like"  at  about  M=2  and  about  25km  altitude.  From  this  point  on,  the  trajectory  can  be 
determined  by  a  quasisteady  analysis.  This  point  is  defined  as  the  beginning  of  the 
TAEM(terminal  area  energy  management)  phase,  which  serves  to  guide  the  space  plane  towards 
the  runway  with  the  proper  velocity,  altitude,  path  inclination  and  heading.  There  is  not  much  to 
be  optimized  in  the  TAEM  phase.  Therefore,  the  purpose  of  entry  optimization  is  to  find 
trajectories  from  a  given  initial  altitude,  velocity,  path  inclination,  and  heading(as  a  result  of  the 
deorbit  burn)  to  the  TAEM  initiation  conditions,  satisfying  all  vehicle-  and  mission  constraints 
while  extremizing  a  particular  performance  index.  For  this  entry  optimization  the  differential 
equations  (1)  are  used  with  controls  angle  of  attack  -  or  lift  coefficient  -  and  velocity  bank 
angle  as  given  in  (5).  Lift-  and  drag  coefficients  as  functions  of  angle  of  attack  a  and 
Machnumber  M  are  taken  from  [39]. 

2.7  Performance  indices  and  boundary  conditions  for  descent 

One  of  the  most  important  performance  criteria  for  a  lifting  entry  vehicle  is  the  achievable 
crossrange  from  a  given  initial  state 

I(a,(J.)  =  A(tj-)  =  max.  (16) 

This  performance  index  is  used  in  [15], [16], [33]  and  many  other  studies.  Alternatively,  one  can 
ask  for  reentry  trajectories  minimizing  the  accumulated  heat  at  a  particular  point  of  the  vehicle, 
usually  taken  to  be  the  stagnation  point,  along  the  flight  path 

rf 

r  Q(h,V,a)dt,  f.i.  Q  =  Qsp(h,V,0)  =  Cp1/2V3 


I(a,H)  = 


(17) 


•1-0 


for  the  stagnation  point  where  C  is  a  constant  for  a  particular  geometrical  shape.  Of  course,  one 
could  also  take  other  points  on  the  vehicle  such  as  points  on  the  leading  edge  or  at  the  lower 
surface  of  the  wing.  At  angles  of  attack  greater  zero  it  is  difficult  to  define  analytical 

expressions  for  the  heat  flux  Q  since  it  depends  not  only  on  the  three  variables  given  in  (17)  but 
in  addition  on  the  type  of  boundary  layer,  on  the  temperature  of  the  wall  and  on  other 
parameters.  (17)  is  used  as  performance  index  in  a  study  for  designing  a  minimum  weight  heat 
shield  for  the  US  shuttle,  see  [34]. 

Another  performance  index  used  in  [28]  is  to  minimize  accumulated  heat  per  crossrange 
£f 

I(a,p)  =  J  0dt/A(tf).  (18) 

co 

The  initial  conditions  for  a  landing  in  Istres  are  given  in  Table  5. 


V(km/s) 

x(°) 

Y(°) 

A(°) 

5(°) 

h(km) 

7.5 

77 

-1.65 

-25.9 

free 

122 

Table  5:  Initial  Condition  for  Reentry  to  Istres 
As  final  conditions  altitude,  velocity,  and  path-inclination  are  prescribed  as  given  in  Table  6. 


V(km/s) 

x(°) 

Y(°) 

A(°) 

S(°) 

h(km) 

0.76 

■ma 

mm 

«rgs 

B S3 

43.52 

4.92 

30 

Table  6:  Initial  Conditions  for  TAEM  interface 
2,8.Constraints.for.dcsc.cnt 

Most  importantly,  the  temperature  at  the  skin  of  the  heat  shield  must  remain  below  a  maximum 
value  which  depends  on  the  material  used  and  on  the  construction  of  the  heatshield  itself.  This 
temperature  constraint  can  be  met  by  limiting  the  heat  flux  at  critical  points  on  the  vehicle 
surface  during  the  reentry.  Usually,  the  stagnation  point  is  used  as  the  most  critical  point 
although  flight  results  from  the  US  shuttle  have  shown,  that  other  points,  f.i.  at  the  engine  pods, 
experience  extremely  high  temperatures,  too.  Heat  flux  at  the  stagnation  point  is  computed  as 
given  in  (17).  Other  path  constraints  are  due  to  maximum  permissible  hinge  moments  of  the 
control  surfaces  -  for  HERMES  less  than  32kNm  -,  maximum  permitted  load  factor 
n=L/W<nmax=2.5,  and  maximum  permitted  dynamic  pressure  q<qmax=10kPa.  In  addition,  it  is 

required  that  y<0  throughout  the  reentry.  This  constraint  arises  from  guidance  considerations.  All 
of  these  constraints  define  the  so  called  "entry  corridor"  which  is  shown  in  Fig.5  for  the 
HERMES  space  plane.  All  data  are  taken  from  [28].  Any  reentry  trajectory  must  lie  within  the 
boundaries  and  a  typical  optimal  reentry  trajectory  first  encounters  the  temperature  constraint, 
then  the  hinge-moment  constraint,  and  at  the  end  the  dynamic  pressure  constraint.  The  max. 
load  factor  constraint  usually  does  not  become  active. 


4-10 


3  OPTIMAL  CONTROL  PROBLEM 

n  i  tv-- _ ; _ _ — _ _ rvon 


The  equations  of  motion  for  a  multi-stage  system  can  be  written  in  the  form 

(PI)  x(t)  =  f^(x,u,pd,t),  tj  <  t  <  tj+1  j  =  1 . m-1; 

f0  =  tl’  lf  =  W  l0:  t‘mc>  final  time 

with  m-1  stages  where  fi  is  continuous  and  continuously  differentiable  within  each  stage,  pd  is 
a  vector  of  design  parameters  of  dimension  nd,  the  state  vector  x  has  dimension  n,  the  control 
vector  dimension  i  The  objective  is  to  determine  u(t),  the  staging  times  tj,  and  the  design 

j 

parameters  p°  such  that  the  functional 
I  =  4>  (x(tQ),  x(tf),  pd,  tj) 

is  minimized.  At  each  staging  time,  boundary  conditions  of  the  form 

j 

\|/j(x(tj),  p  ,  tj)  =  0,  i  =  l,...,nb,  j  e  {1 . m} 

must  be  satisfied.  Within  each  stage  inequality  constraints 
g(x,pd,t)  <  0  or  g  (x,u,pd,t)  <0,  tj  <  t  <  tj+1 

have  to  be  satisfied  where  g  is  either  a  vector  or  a  scalar.  In  addition,  at  staging,  jump 
conditions  (stage  separation) 

Xj(tt)  =  hk(xj(tT),  tj),  ie  { 1 . n)  ,  je  {2 . m-1),  k=  l,...,nh 

might  be  imposed.  The  complete  vector  of  parameters  to  be  adjusted  in  the  optimization  is 
dX  X 

p=(tp...,tm,  pu  )  .  Constraints  are  dynamic  pressure  constraint,  integrated  heat  flux,  splash 

down  constraints.  Jump  conditions  are  the  jumps  at  booster  jettisoning,  and  at  stage  separation, 
at  payload  fairing  jettisoning. 
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x  =  f(x,u,p,t)  ,  g  (x,u,p,t)  SO,  0  <  t  <  1 
V  (x(O),  x(l),  p)  =0, 

dim(u)=l,  dim(p)=n  ,  dim(x)=n,  dim(g)=l  or  n  ,  dim(\j/)=n^. 
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3Ji\uflmstcr-ked-QpiiinaLconiroKPROMi§) 

3.3.1  Parameter  Vector  and  Constraints 
The  problem  under  consideration  is 

1 

(P3)  min  I(u,pd)  =  <j>  (x(l),  pd)+  [  L(x(t),  u(t),  pd, t)  dt 

0 

subject  to  the  same  constraints  as  in  (P2).  The  basic  idea  is  to  reduce  the  infinite  dimensional 
problem  to  a  finite  dimensional  one.  Here,  a  version  of  an  algorithm  is  described  that  uses 
multiple  shooting  in  connection  with  parameterization  of  the  control.  To  this  end  several  grids 
are  introduced: 

a  multiple  shooting  grid 


0  = 


1  l2  lj  xj+l  -m-1 

where  at  the  gridpoint  Xj,...,xm_j  the  state  vector  is  estimated  to  be  x(Xj)  =  Xj, 

a  control  grid  attached  to  each  mesh  of  the  multiple  shooting  grid 


x  =  1 
m 


x. 

J 


Vi 


Tj 


xu 

Vi 


where  m“  is  the  number  of  gridpoints  in  the  control  grid, 


xuu  =  x- 
J 


'j+1 


a  constraint  grid  attached  to  each  mesh  of  the  multiple  shooting  grid 


*j 


Tj+1 


tj" 


x5 


xi+l 


xm?  =  xj+l 
J  J 


where  m?  is  the  dimension  of  the  constraint  grid  in  the  j— th  multiple  shooting  grid. 

The  control  vector  u  in  (P3)  is  approximated  over  the  control  grid  by  piecewise  constant,  linear, 
or  cubic  spline  functions.  For  a  linear  approximation  one  obtains  in  each  subinterval  of  the 

control  grid  x”  <  t  <  x“+j 


u(t)  =  Ujj  + 


U: 


xu  _  TU 

xi+l  x\ 


U-. 

(t  -  xV) 


(19) 


where  U^,  Uj^+^  are  estimates  of  the  control  vector  at  the  control  gridpoints,  dim  Uj-  =  l, 

where  i  indicates  the  control  grid  index  in  the  j-th  multiple  shooting  subinterva!  .  Altogether, 
the  control  vector  in  each  multiple  shooting  mesh  consists  of 
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Pj  =  1’  Uj2*“-UImJ)T*  dim  Pj  =  ^mj>  J=1 . .““I- 


(20) 


For  numerical  reason,  the  design  parameter  pd  is  copied  (m-1)  times  and  is  designated  as  pd  in 
each  multiple  shooting  mesh.  The  total  parameter  vector  thus  consists  of 


(21) 


with 


T  T  T  T 
P  -  (Pj.P2.--Pm-!) 


„  _  /VT  dT  uT,T 
Pj  ~  (Aj>  Pj  .  Pj  ) 

„  _  ,VT  dT  uT,T 

P2  ~  (a2’  ’  P2 


„  _,YT  dT  uT  ,T 
pm-l  _(Xm-l’pm-l,pm-l)  1 

The  boundary  conditions  are  assumed  to  be  separable,  that  is 
Vj(Xj.P?)  =  (Pm-i)  =  0 

dim  \|/j  +  dim  \pm  =  n^.  (22) 

The  following  continuity  conditions  must  be  satisfied  at  the  multiple  shooting  gridpoints: 
in  the  first  subinterval 

x l (x2’  Xl'  pl’  pl)  ~X2  "  0,  Pj-P2  =  0.  Ulm“-U21=0 
in  the  j-th  subinterval 

x/VrVj.p")-^0.  pj-pj+1-a  Vj-Vr' 

j  =  2,...,m-2. 

The  state  inequality  constraints  arc  to  be  satisfied  at  the  gridpoints  of  the  constraint  grid  as 
"point  constraints".  At  the  j-th  multiple  shooting  grid  one  defines  the  constraint  vector 


gji  -  g(v?  v 

gjk  =  g(x(tj,xj,pd  pj),pd  u(t£,  pl1)) 

k  =  2 . mV,  j  =  l,...,m— 1, 

3.3.2  Parameter  Optimization  Problem 

Introducing  the  above  definitions  into  (P3)  gives  the  nonlinear  programming  problem 

.  r.  . 

,  m-t  rj+i  , 

(P4)  minimize  F(p)  =  <J)(Xin_1,p“_1)+  Z  j  Lft.xft.X^pV1,  pp  dt 

xi 


(23) 
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subject  to  the  constraints 


Xj  =  f(t,Xj(t,pj)),  j  = 

Vj(p)  =  0  ,  Vm(p)  =  0 

Pj)  —  ^j+l  =  J  =  2 

gj(Pj)^0  ,  j  =  1  . 

For  the  special  case  m  =  2  (P4)  becomes  a  parameterized  OCP  with  single  shooting  as  presented 
in  [22], [23],  and  [25].  In  this  case  the  continuity  conditions  are  not  present.  The  NLP-solver 
needs  gradients  of  F  ,\|/,  and  g  with  respect  to  the  parameter.  Table  7  contains  the  gradient  of 
the  equality  constraints  for  the  special  case  m  =  3,  Table  8  contains  the  gradient  of  the 
inequality  constraints  w.r.t.  the  parameter  vector. 


;  3XT 

a  x  j  (t2) 

!  3Xj 

'  0 


rri 

dpj 

9Xj (ly) 

~3pf 

I 

0 


0 

3x, 


3p? 

0 


-I 

0 

0 


-I 

0 


3V, 


m 


M 


0 

-I 

j^m 

5p, 


Table  7:  Jacobian  of  equality  constraints  for  PROMIS  of  dimension 


(nbl  +n+np+np  1  +nb2)x(n+np+np  1  +n+np+np2^’  nbl+nb2=nb>  npl+np2=np 


3gj  9gj 
3X7  773  773 

1  dpj  3pj 


3Sm-l 

3X 


9gm_,  3gm_i 


3m-l 

£ 


m~1  9p,„_i  3Pm_, 


Table  8:  Jacobian  of  inequality  constraints  for  PROMIS  with  dimension 

(2*n  )x(n+nf +n“ ,  +n+n^+n“-) 
g  P  pi  p  p2 


3.3.3.  Algorithm 

i)  Find  the  numerical  solution  of  the  initial  value  problems 
k.  =  f(t,  x-(t),  p.)  ,  T.  <  t  <  tj+1 
Xj(Xj)  =  Xj  ,  j  =  i,..,m-l 

Let  Xj(t,  Xj,  p3,  pV)  be  the  solution  in  the  interval  (Xj,  Xj+j). 
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ii) 

iii) 


iv) 

v) 


Compute  the  constraints  at  Xp  xm  and  compute  the  jumps  at  Xj,  j  =  2 . m-1,  compute 

the  inequality  constraints  vectors  gj  along  the  constraint  grid  x?. 

Compute  the  gradients  of  the  cost  function  and  the  constraints  by  numerical 
approximation,  that  is  by  solving  initial  value  problems  as  in  i)  with  perturbed 
parameters. 

Use  an  NLP-solver  such  as  SLSQP  to  compute  a  new  estimate  of  the  parameter  p. 

Repeat  steps  i)  -  iii)  in  each  iteration  of  the  NLP-solver  until  the  convergence  criteria 
are  satisfied. 


3.4  Direct  collocation  methodfTROPIC) 

Currently,  optimal  control  problems(OCP)  of  the  type  (P2)  can  be  solved  with  TROPIC.  In 
direct  collocation  the  OCP  is  reduced  to  an  nonlinear  programming  problem(NLP)  by 
approximating  the  state  x(t)  and  the  control  u(t)  by  piecewise  polynomials.  To  this  end  the 
interval  [0,1]  is  partitioned  into  m-1  subintervals  0=Xj<X2<...<xm=l,  and  in  each  subinterval 

the  control  u(t)  is  approximated  by  a  linear  (19)  or  piecewise  constant  function  and  each 
component  of  the  state  x(t)  is  approximated  by  a  cubic  Hermite  polynomial 

qi(t)=ai+bi(t-xi)+ci(t--ri)2+  /t-Xj)3,  Xj<t<xi+] 

dim  qj  =  n  (24) 


with 


qi(xi)=x(xi),  qi(ti+1)=x(xi+1),  q}(xi)=x(xi),  qi(ti+1)=x(xi+1) 

i=l,2 . m-1  (25) 

and  the  time  derivatives  of  the  state  evaluated  at  x;  by 

>t(xi)=f(x(xi),u(xi),p,xi). 


From  (24)  and  (25)  one  obtains  the  polynomial  coefficients  by  solving  the  linear  system  of 
equations 


10  0  0 
0  10  0 
■  n  hj  h] 

0  1  2hj  3h2 


'X. 

1 

ci  = 

1 

Xi+1 

Xi+1 

T  *  • 

where  h.=x.  ,--1.,  C.=(a.,b.,c.,d.)  ,  X;,  X. . ,  are  the  estimates  for  the  state,  x;  x.  t  are  obtained 
11+111  *111  11+1  1,  1+1 

from  evaluating  the  differential  equations  with  Xj,Xj+j.  The  subscripts  i  designate  variables 
associated  with  the  i — th  node  time  x^.  Inverting  the  above  4  by  4  matrix  yields  the  coefficients 


1 

0 

0 

0  ' 

'Xi  ' 

0 

1 

0 

0 

xi 

Xi+1 

-3/h2 

-2/hi 

3/h? 

-1/hj 

2/h| 

1/h2 

-2/h3 

1/h2 

xi+l. 

■r%Z 
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The  resuiting  piecewise  polynomials  are  C1  throughout  [0,1]  and  satisfy  the  differential 
equations  at  all  nodes  Xj.  As  collocation  checkpoints  the  center  of  the  intervals  are  used,  that  is 

at  Xj=(tj+^j)/2  the  polynomials  (24)  are  evaluated 


xi  »  x(t j)=  ](Xi+Xi+,+-ji(xi-xi+1»1 
and  the  derivatives  of  the  polynomials  are  evaluated 


(26) 


(27) 


As  a  measure  how  well  the  polynomial  satisfies  the  differential  equations  the  collocation  error 
in  each  subinterval  is  defined  as 


Kj  =  $(Xi,Ui,Xi+1,Ui+1,p)  =  xj  -  f(x‘ u(x?),x?,p).  (28), 

where  lL,Uj+j  ate  the  estimates  for  u(Xj),u(x-+p.  Assuming  that  the  cubic  polynomial  can  drive 

the  collocation  error  to  zero  by  systematically  varying  the  values  for  Xj  and  IT  an 

approximation  to  the  solution  of  P2  can  be  obtained.  The  constraints  are  enforced  pointwise,  that 
is  at  each  collocation  grid  Xj  constraints  of  the  form  g(Xj,U-,  Xi+l’Ui+l)-°  are  added- 


The  NLP  resulting  from  the  direct  collocation  transformation  can  be  stated  as  follows.  Define 
the  parameter  vector  P  as 


p=(xX.xH . 


collect  all  collocation-  and  boundary  constraints, 


Kj(X  j  ,U  j  ,X2,U2  ,p) 
K2(X2,U2  ,X3iU3  ,p) 


Km-l<Xm-l’Um-l'Xm’Um’P> 
¥  (x  i  >  P ) 


(29) 


and  all  path  constraints 

c1(P).[gi(Xi,u1,xi+1,ui+1,p)]so. 

In  this  way  the  OCP  can  be  transformed  into  an  NLP 


(30) 


(P5)  min  r(P)  w.r.t.  P  subject  to  C  (P)  =  0  and  C(F)  <  0 

6  1 

where  the  number  of  parameters  is  np=m(n+l)+dim(p).  The  performance  of  the  method  of  direct 
collocation  depends  crucially  on  the  performance  of  the  NLP  code  used  for  solving  P5. 
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Several  codes  have  been  checked  in  [35], [36]  for  realistic  trajectory  problems  and  SLSQP  [37] 
as  well  as  NPSOL  from  the  Stanford  Optimization  Laboratory  show  consistently  better 
performance  than  others. 

3.4. 1  Implementation  Considerations 

Experience  in  developing  the  software  has  shown  that  two  items  strongly  influence  the  numeric 
behaviour  of  the  method.  The  first  is  concerned  with  scaling.  It  is  expected  in  TROPIC  that  the 
user  gives  to  the  program  a  realistic  range  of  critical  parameters  of  his  problem.  TROPIC  then 
scales  all  variables  to  [— 1,+lj.  The  second  item  is  concerned  with  noding.  The  location  as  well 
as  the  number  of  nodes  are  crucial  in  satisfying  a  given  collocation  error  tolerance.  A  static 
stepsize  control  algorithm  is  added  which  determines  the  best  location  of  nodes  for  given  initial 
estimatesfonly  once  at  the  beginning).  A  dynamic  noding,  that  is  a  node  position  change  has 
been  added  recently,  both  features  that  previous  versions,  f.i.[30],  of  the  collocation  algorithm 
do  not  have. 


The  NLP  solver  needs  values  of  the  cost  function  and  the  constraints  as  well  their  gradients.  In 
TROPIC  an  approximation  to  the  Jacobian  is  computed  numerically  by  using  either  forward  or 
central  differencing.  This  Jacobian  has  a  special  structure 
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•V 
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axj+i  auj+1 


■V 


5iE 


dp 


(31) 


The  last  two  blocks  us  the  ser  prescribed  equality-  and  inequality  boundary  and  path 
constraints.  Although  the  matrix  is  sparse,  the  sparsity  depends  very  much  on  the  particular 
problem,  and  therefore  no  structure  assumptions  are  made.  The  expressions  in  (31)  are  obtained 
by  evaluating  the  right  hand  sides,  assuming  linear  interpolation  for  the  control  as  given  in  (19) 


OK.  -  .  Of(X.  ,U.,p,T.)  3f(xV,uV,p,xV)axV 

— i - 1 — 1 — «! - 1-J — i - i, 

4  OXj  3xJ  dx.} 


dX.  Wj 

Ox?  .  h-  3f(X.  ,U.,p,T.) 
with  — i  i  I  +  — -4 —  '-_J_ 

dXj  2  8  dXj 

OK;  i  Of(Xj  - Uj;P,Tj)  9f(x;,x;,p,.i/ 

auj  ?  auj  3u? 


'!/  «'”  j  uuj  1 

J - ■*-,  with  — *-  =  tc  I. 

aiij  2 
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In  the  same  way  one  obtains 


3  j  -  3  I  1 
aXj+l  J 


3f(Xj+1 , U j+1,P,tj+1)  3f(x? ,u?,p,x?) 

_  n  _  ’ 


sxJ+i 


ax.  .  1  8  ax.  . 

j+i 

J_  =  _ 


j 


j+i 


with  — * —  = 

axj+i  2  8  axj+1 

_3kl_  l3f(xi+1,uj+1,P,xj+1)  af(x?,u?,P,T?)au9  _lt 

auj+i  ?  auj+1  an-  3uj+1*  auj+1 

,u,p  need  to  be  computed  numerically 


j 

Therefore,  only  the  partials  of  f(x,u,p,t)  with  respect  to  x 
to  determine  the  Gjj,  °j2  for  j=l,...,m-l. 


4.  NUMERICAL  RESULTS 

Fig.  6  shows  numerical  results  obtained  with  TROPIC  for  an  ascent  of  the  ARIANE  V  into  a 
geostationary  transfer  orbit  with  elements  as  given  in  Table  4.  The  staging  times  ^  ar|d  tg  are 

fixed,  there  is  no  coasting  arc,  the  only  design  parameter  to  be  optimized  is  t^  The  objective 

function  is  the  payload.  The  discontinuous  OCP  is  transformed  into  a  continuous  one  as 
described  in  section  3.2.  In  the  normalized  interval  8  collocation  points  are  chosen  which  results 
in  8*(6  +  6  +  7  +  2  +  24  2) +  3  =  203  parameters  to  be  optimized  in  (P5).  Initial  estimates  are 
selected  by  integrating  the  differential  equations  (1)  forward  from  given  initial  conditions 
assuming  a  gravity  turn  (a=0,p=0)  for  all  launcher  stages.  The  initial  conditions  for  the  second 
and  third  stage  are  selected  by  trial  and  error,  such  that  a  "crash"  of  the  vehicle  will  not  occur. 
From  this  estimate  TROPIC  needs  about  3  iterations  to  produce  a  first  optimal  trajectory  using 
SLSQP  from  [37]  as  the  NLP  solver.  To  obtain  this  first  trajectory  3  function  evaluations  and  3 
evaluations  of  the  Tacobians  of  the  constraints  are  needed.  However,  as  is  usually  the  case  in 
optimization,  the  first  solutions  lacks  accuracy  and/or  smoothness  requirements,  and  therefore 
additional  solutions  have  to  be  generated.  The  solution  shown  is  obtained  after  2  continuations 
steps.  TROPIC  needs  about  47  CPU  seconds  per  iteration  on  a  APOLLO  DN  10000  computer. 

Achievable  relative  accuracy  in  constraint  satisfaction  is  about  10-4. 

Fig.7  shows  an  ascent  of  an  ARIANE  V/L5  vehicle  into  a  sun-synchroneous  orbit  with  target 
elements  as  given  in  Table  4,  Fig.8  shows  an  ascent  trajectory  of  ARIANE  V  with  HERMES 
into  a  target  orbit  as  specified  in  Table  4.  Neither  the  splash-down  nor  the 
altitude-Machnumber  safety  constraints  are  imposed  yet.  The  unconstrained  solution  violates 
the  safety  constraint  considerably  for  M  >  4.8(137  instead  of  125km),  slightly  for  M  <  4.8(112 
instead  of  110km). 

Fig.  9  shows  a  solution  of  a  HERMES  descent  from  a  28.5°  orbit  to  ISTRES  minimizing  the 
performance  index  (17)  with  initial  and  final  conditions  as  given  in  Tables  6  and  7.  This 
solution  is  obtained  with  PROMIS  using  a  multiple  shooting  grid  with  m  =  7  taking  0.1,  0.2, 

0.4,  0.6,  0.8,  1.0  as  gridpoints  in  the  normalized  interval.  For  the  control  grids  m j  =  2  spaced  at 
0,  0.08,  m^  =  2  spaced  at  0.1,  0.15,  =  3  spaced  at  0.2,  0.3,  0.32,  m“  =  4  spaced  at  0.4,  0.45, 

0.5,  0.55,  trig  =  3  spaced  at  0.6,  0.68,  0.74,  m^  =  4  spaced  at  0.8,  0.86,  0.94,  1.0.  Altogether 

there  are  6*6  +  18*2  +  1  =  73  parameters  for  (P4).  Initial  estimates  for  the  states  and  the 
controls  are  obtained  using  forward  integration  of  the  differential  equations  (1)  with  initial 
conditions  in  each  shooting  interval  from  trial  and  error.  A  first 
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solution  is  obtained  after  40  iterations,  continuation  steps  need  about  10  iterations  each,  CPU 
time  on  a  APOLLO  DN 10000  is  10s  per  iteration.  Achievable  accuracy  is  higher  than  with 
Tropic  since  the  integration  accuracy  can  easily  be  controlled.  In  the  solution  presented 
constraints  on  dynamic  pressure  and  hinge  moments  are  not  considered  yet. 

5.  CONCLUSIONS 

Some  recent  development  in  trajectory  optimization  of  aerospace  vehicles  have  been  discussed 
in  light  of  ascent  and  descent  optimization  of  a  conventional  launcher  and  a  future  European 
spaceplane.  Two  new  software  packages  under  development  generate  solutions  for  the  test 
problems  with  reasonable  accuracies  and  relatively  little  CPU  time.  Both  methods  share  the 
advantages  of  not  relying  on  adjoint  differential  equations  for  gradient  generation.  This  feature 
makes  the  methods  flexible  as  far  as  changes  in  problem  formulation  are  concerned.  In  addition, 
both  methods  have  similar  data  structures  and  are  being  provided  with  an  advanced  user 
interface  that  will  allow  graphical  input  and  graphical  output  assisting  the  user  in  changing 
initial  estimates,  in  looking  at  intermediate  results,  in  analyzing  the  results,  and  in  displaying  the 
results.  Both  methods  share  the  disadvantage  of  not  producing  a  feasible  solution  until 
convergence  of  the  NLP  solver  has  been  obtained.  PROMIS  can  be  used  as  a  single  shooting 
technique  if  needed.  Both  methods  need  efficient  NLP  solvers  such  as  SLSQP  or  NPSOL,  other 
solvers  have  been  tested  and  shown  to  be  inferior  in  performance,  especially  in  connection  with 
trajectory  optimization  methods  where  accuracies  in  function  and  constraint  values  and  their 
partial  derivatives  are  low.  Presently,  there  is  a  limit  on  the  maximum  number  of  parameters  of 
about  400—500  these  NLP  codes  can  handle  and  still  work  efficiently.  It  is  desirable  to  be  able 
to  increase  this  number  by  exploiting  the  structure  of  the  Jacobians  in  TROPIC  and  PROMIS. 
Both  methods  are  robust  with  respect  to  modeling  weaknesses  such  as  linear  interpolation  of 
multidimensional  tables.  The  penalty  for  not  using  smooth  data  is  an  increase  in  CPU  time  by  a 
factor  of  2.  At  present  there  are  no  accurate  mathematical  models  available  for  the  launcher 
ARLANE  V  with  or  without  HERMES,  all  results  presented  are  with  data  collected  from  various 
sources.  The  same  situation  exists  for  the  HERMES  spaceplane.  Therefore,  the  results  presented 
should  not  be  considered  as  trajectory  design  suggestions  but  rather  as  demonstrations  of  the 
capabilities  of  the  new  trajectory  optimization  software  under  development  at  DLR.  Ascent 
trajectory  optimization  of  future  launch  vehicles  with  airbreathing  engines  is  of  particular 
importance  since  engine  performance  and  angle  of  attack  time  history  are  coupled,  and  engine 
design  and  operation  depends  on  the  selected  trajectory.  Here,  the  new  methods  offer  an 
attractive  tool  for  the  analysis  of  these  systems. 
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SUMMARY 

A  concept  for  a  near-term  multi-stage  space  launch  system  has  been  proposed.  The 
configuration  incorporated  full  reusability,  horizontal  take-off  and  landing 
characteristics,  and  a  payload  goal  of  50,000  lbs  into  a  100  n.mi.  circular  polar 
orbit.  The  first  stage  (booster)  employed  a  multi-cycle  high  Mach  number  airbreathing 
propulsion  system,  augmented  by  conventional  rocket  propulsion  as  required.  The 
second  stage  (orbiter)  featured  a  high  lift-to-drag  ratio  aerodynamic  design  with  a 
dedicated  high  volume  payload  bay.  Propulsion  for  the  second  stage  was  provided  by  a 
conventional  rocket  engine.  The  orbiter  component  was  carried  nestled  within  the 
booster  mold  lines  and  staged  through  a  bottom  drop  mode.  Sensitivity  studies  were 
performed  on  the  synergisms  between  elements  of  the  boost  propulsion  system;  dynamic 
pressure  effects  on  system  performance;  degraded  ramjet  thrust  at  high  Mach  numbers; 
and  booster  weight  at  staging.  The  configuration  evolution  and  results  from  the 
sensitivity  studies  are  described  in  detail. 

INTRODUCTION 

Studies  conducted  over  the  past  several  decades  have  clearly  established  that  highly 
efficient,  aerodynami ca 1 ly  tailored  vehicles  boosted  to  orbital  velocities  and 
altitudes  can  perform  a  number  of  useful  and  unique  missions,  including  synergetic 
plane  changes  and  minor  circle  turns  (Ref  1).  In  addition,  high  hypersonic 
lift-to-drag  ratios  (L/D)  allow  considerable  flexibility  in  exercising  re-entry 
options  and  abort  modes,  and  in  landing  site  seh'tion.  Although  attractive  from  many 
perspectives,  this  class  of  vehicle  has  found  lit-le  favor  within  the  space 
transportation  community.  This  is  due  in  part  to  the  resulting  slender  configurations 
which  are  not  compatible  with  the  large  payload  bay  volumes  required  for  efficient 
commercial/logistics  applications.  For  maximum  flexibility,  however,  it  appears 
prudent  to  re-evaluate  the  potential  of  the  high  L/D  orbiter  in  concert  with  the 
resurging  interest  in  the  application  of  airbreathing  propulsion  in  the  boost  stage. 

This  paper  addresses  the  concept  formulation  and  performance  sensitivities  of  a 
two-stage  space  launch  system  with  a  highly  efficient  orbiter  design.  The  first  stage 
(booster)  incorporated  a  high  speed  airbreathing  propulsion  system,  while  the  second 
(orbiter)  stage  relied  on  conventional  rocket  propulsion.  Full  consideration  was 
given  at  the  onset  to  the  inclusion  of  a  dedicated,  high  volume  payload  bay  in  the 
orbiter  component. 

The  study  was  initiated  by  the  Wright  Research  and  Development  Center's  (WRDC)  Flight 
Dynamics  Laboratory  (FDL),  and  has  been  ongoing  since  1986.  Originally  involving  only 
a  small  study  team  within  the  FDL,  the  program  was  expanded  in  1987  to  include 
contractural  support  from  the  Boeing  Aerospace  Company  (Fig  1).  The  orogram  to  date 
has  incorporated  both  analytical  and  experimental  phases. 

Underlying  precepts  were  that  the  concept:  (1)  be  a  near-term  staged  system;  (2) 
represent  doable  technology  levels;  (3)  use  existing  systems  (particularly  propulsion) 
wherever  possible;  and  (4)  offer  significant  performance  improvements  over  current 
operational  types.  Specific  study  requirements  (Fig  2)  included  full  reuseability  of 
all  stages,  all  azimuth  launch  capability,  horizontal  take-off  for  the  mated  system 
with  horizontal  landing  capability  for  all  components,  and  a  performance  capability  to 
place  a  50,000  lb  payload  into  a  100  n.mi  circular  polar  orbit.  To  facilitate  ground 
handling  and  logistics  operations,  the  orbiter  was  to  be  mated  to  the  booster  lower 
surface  and  staged  through  a  bottom  drop  mode. 

CONFIGURATION  DEVELOPMENT 


BOOSI  PROPULSION  CYCLE 

A  key  element  in  the  design  synthesis  process  was  to  identify  a  realistic  boost 
propulsion  cycle  compatible  with  the  horizontal  take-off  requirement  for  the  mated 
two-stage  configuration,  while  meeting  the  study  guidelines  of  using  existing  or 
near-term  propulsion  components  wherever  possible.  For  purposes  of  discussion  in  this 
paper,  the  boost  propulsion  cycle  is  defined  as  the  propulsion  mode  employed  during 
the  acceleration  phase  from  take-off  to  orbiter  staging.  The  original  cycle  proposed 
used  the  orbiter  rocket  engine  ior  take-off  and  acceleration  to  the  booster 
airbreather  takeover  speed  (K=2  to  3).  The  orbiter  rocket  engine  was  then  shut  down, 
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with  the  booster  accelerating  the  combined  system  to  the  staging  point  (iig  3).  This 
approach  had  the  advantage  of  maximizing  the  use  of  the  onboard  propulsion  components 
while  minimizing  their  size,  weight  and  overall  complexity.  One  salient  feature  was, 
however,  that  the  orbiter  be  mated  to  the  booster  in  s  ch  a  manner  that  its  propulsion 
system  was  free  to  operate  in  the  combined  mode.  Dur  .g  the  period  when  the  orbiter 
rocket  engine  was  in  operation,  fuel  would  be  cross-fed  from  tanks  in  the  booster  to 
ensure  orbiter  staging  with  a  full  fuel  load. 

Early  in  the  study,  JP  fueled  turbofans  were  added  to  the  booster  .-mponent  to  provide 
a  measure  of  ferry  capability  and  facilitate  orbiter  retrieval  from  remote  landing 
sites.  Logically,  these  turbofans  could  also  assist  the  orbiter  rocket  engine  during 
take-off  and  low  Mach  number  acceleration.  The  boost  propulsion  cycle  was  upgraded  to 
include  this  capability. 

Ultimately,  the  synergisms  between  the  boost  propulsion  components  would  become  a 
major  player  in  overall  system  performance,  as  will  be  discussed  in  more  detail  later 
in  this  paper. 

STAGING  MACH  NUMBER  SELECTION  CRITERIA 

The  orbiter  staging  Mach  number  was  selected  based  on  several  interrelated  criteria, 
which  included  the  theoietical  velocity  potential  (AV)  capable  of  being  built  into 
the  orbiter,  the  requirement  for  realistic  near-term  airbreatning  and  rocket 
propulsion  systems  for  the  booster  and  orbiter  components,  respectively,  and  the 
thrust/weight  ratio  of  the  orbiter  at  staging. 

The  near-term  rocket  propulsion  requirement  virtually  dictated  that  the  orbiter  be 
powered  by  an  existing  (or  derivative)  Space  Shuttle  Main  Engine  (SSME).  Since  it 
would  be  required  to  operate  efficiently  from  sea  level  to  orbital  insertion,  a  dual 
bell  nozzle  derivative  was  selected.  This  unit  offered  sea  level  and  vacuum  Specific 
Impulses  (ISP's)  of  393  and  464  seconds,  respectively,  with  a  vacuum  thrust  rating  of 
516,000  lbs.  To  provide  preliminary  orbiter  sizing  and  performance  characteristics,  a 
wing-body  configuration  (Fig  4)  from  a  previous  WRDC  study  was  selected  as  a  starting 
point.  With  known  mass  and  volume  characteristics,  the  configuration  was  scaled  using 
established  procedures  to  yield  the  curve  of  theoretical  AV  vs  gross  stage  weight 
shown  in  Figure  6.  Marked  on  the  curve  for  reference  are  the  orbiter  velocity  inputs 
required  to  reach  a  100  n.  mi.  polar  orbit  for  several  launch  Mach  numbers.  Clearly 
the  orbiter  weight  increases  disproportionately  fast  as  the  staging  Mach  number  drops 
below  M=6  to  8,  suggesting  that  this  Mach  range  should  represent  the  minimum  staging 
speed . 

Figure  6  shows  the  typical  operating  envelopes  for  several  candidate  airbreathing 
engines  for  application  to  the  booster  stage.  The  near-term  propu!>ion  constraint 
precluded  consideration  of  the  supersonic  combustion  ramjet  (SCRAMJET),  as  this 
represented  an  "as-yet-to-be-proven"  technology  level.  Turbojet  propulsion  was,  on 
the  other  hand,  limited  to  maximum  Mach  numbers  in  the  3  to  4  range,  which  would  have 
resulted  in  orbiter  weights  on  the  order  of  one  million  lbs  (Fig  5).  The  subsonic 
combustion  ramjet  appeared  to  be  the  only  remaining  near-term  option.  Consultations 
with  propulsion  specialists  indicated  that,  fueled  with  liquid  hydrogen  (LH,),  the 
subsonic  combustion  ramjet  could  operate  with  high  levels  of  efficiency  and^conf idence 
up  to  M=6,  and  in  all  probability  could  be  extended  out  to  M=8. 

One  final  point  to  be  considered  was  the  thrust/weight  (T/K)  ratio  of  the  orbiter  at 
staging.  For  the  M=8  case,  preliminary  assessments  indicated  an  orbiter  staging 
weight  on  the  order  of  550,000  lbs.  This  yields  a  T/W  ratio  (with  a  single  SSME) 
sufficiently  high  that  it  does  not  degrade  orbiter  performance  significantly.  A  M=6 
launch  would  be  too  heavy  for  a  single  SSME,  resulting  in  a  more  complicatea  orbiter 
propulsion  system.  (More  discussion  on  the  impact  of  orbiter  T/W  ratio  at  staging 
appears  later  in  this  paper). 

Based  on  consideration  of  the  above  criteria,  the  final  orbiter  staging  Mach  number 
was  fixed  at  M=8.  Staging  altitude  varied  throughout  the  study,  usually  between 
approximately  85,000  ft  to  100,000  ft.  In  the  final  phases,  however,  it  was  fixed  at 
100,000  ft.  This  altitude  allowed  the  orbiter  to  separate,  rotate  to  an  angle  of 
attack  near  L / 0  max,  and  stabilize  in  a  one  ”g"  flight  condition  prior  to  committing 
to  the  orbital  ascent  phase. 

ORBITER  SELECTION 

The  wing-body  orbiter  was  replaced  early  in  the  design  cycle  by  the  lifting-body 
configuration  shown  in  Figure  7,  and  remained  essentially  fixed  throughout  the  rest  of 
the  study.  This  configuration  had  a  high  degree  of  aerodynamic  efficiency  (Fig  8) 
with  lift/drag  ratios  of  nearly  3.5  at  M=10,  H  =  1C0,000  ft,  and  M  =  20,  11  =  200,000  ft. 

The  results  shown  here  were  calculated  using  the  Sunersonfr  n*f»«n»ir  a>-hi  tr-=>-y  Body 
program,  and  were  based  on  fully  turbulent  flow  assumptions  at  M=10,  and  fully  laminar 
at  M=20  (Ref  2).  The  lifting  body  design  allowed  room  for  considerably  more  internal 
fuel  ana  featured  a  dedicated  payload  bay  measuring  15  ft  x  40  ft.,  the  latter  sized 
specifically  to  carry  the  two-stage  Inertial  Upper  Stage  (IUS)  plus  payload.  The 
payload  bay,  with  in  excess  of  7000  cubic  ft  of  vc’.ume,  could  also  accommodate 
additional  fuel  which  could  be  used  for  synergetic  plane  changes,  orbital  maneuvers, 
etc.  The  dual  bell  SSME  derivative  used  uii  the  wing-body  orbiter  was  retained.  The 
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estimated  weight  of  the  orbiter  at  staging  was  555,000  lbs,  which  included  the 
50,000  lb  payload  and  approximately  418,000  lbs  of  fuel  (Fig  9). 

Further  design  iterations  resulted  in  modifications  to  the  upper  body  contours  and 
payloaa  bay  door  arrangement  (Fig  10).  A  more  indepth  structural  assessment  resulted 
in  a  fully  fueled  staging  weight  of  just  over  603,000  lbs  with  the  50,000  lb  payload 
(Fig  11).  The  heavier  configuration  fell  short  of  meeting  the  reference  payload 
mission  from  the  M=8  staging  point,  but  was  maintained  as  the  baseline  configuration 
as  it  represented  the  practical  upper  limit  of  the  orbiter  size  compatible  with  a 
single  SSME  propulsion  system.  Final  capabilities  included  approximately  42,000  lbs 
to  a  100  n.  mi.  polar  orbit,  and  64,000  lbs  to  a  100  n.  mi.,  28.5°  Eastern  orbit. 
Typical  orbiter  ascent  trajectory  parameters,  as  functions  of  time  from  staging,  are 
presented  in  Figure  12  for  insertion  into  a  100  n.  mi.  polar  orbit.  Trajectory 
parameters  shewn  were  calculated  using  the  optimization  procedures  described  in  Ref  3 
(More  information  on  this  subject  will  be  presented  later  in  this  paper). 

As  mentioned  earlier,  the  payload  capability  to  orbit  is  sensitive  to  the  orbiter  T/W 
ratio  at  staging.  Figure  13  presents  the  results  from  a  study  conducted  on  the  final 
lifting-body  orbiter  design,  showing  the  impact  of  T/W  ratio  on  payload  capability  to 
a  100  n.mi.  polar  orbit.  If  the  orbiter  SSME  thrust  could  be  increased  by  an 
additional  25-30X,  the  reference  50,000  lb  payload  capability  could  be  met. 

BOOSTER  EVOLUTION 

The  booster  design  synthesis  followed  a  more  protracted  development  phase.  Of 
particular  concern  was  the  development  and  integration  of  the  airbreathing  propulsion 
system  in  concert  with  the  bottom  drop  staging  mode.  The  orbiter  integration  was 
further  complicated  by  the  requirement  that  its  primary  propulsion  system  be  free  for 
operation  at  various  times  during  the  boost  acceleration  phase.  Several  concepts  were 
suggested  for  the  orbiter  integration,  ranging  from  external  to  full  internal 
carriage,  as  discussed  in  the  following  paragraphs.  The  booster  designs  studied  are 
identified  according  to  series,-  Series  4  representing  the  definitive  design  produced 
to  date  (Fig  14).  A  pictorial  of  the  booster  development  is  presented  in  Figure  15. 

Series  1  -  This  was  an  early  concept  formulation  phase  to  investigate  possible  macing 
arrangements  compatible  with  the  bottom  drop  staging  mode.  Two  generalized  classes  of 
vehicles  were  looked  at:  a  twin-pod  arrangement  with  external  orbiter  carriage  (Fig 
16),  and  a  slender  single  body  with  the  orbiter  partially  submerged  within  the  body 
(fig  17).  The  former  featured  two  conical  bodies  connected  by  a  central  wing 
structure.  Ramjet  inlets  were  mounted  on  the  lee  side  to  minimize  interference  and 
facilitate  landing  gear  integration.  Although  simple  and  attractive  from  structural 
and  mating  considerations,  a  number  of  drawbacks  were  noted,  including  analysis  of  the 
multi-body  flow  field  interference  problem,  engine  out  asymmetries,  and  large  wetted 
area  for  the  required  volume.  For  the  latter  concept  several  engine  integration 
schemes  were  considered,  ranging  from  the  central  lee  side  shown  in  Figure  17  to 
various  2-0  and  3-0  wing  installations.  The  wing  installations  were  compromised  by 
bow  shock  ingestion  at  some  points  during  the  boost  phase,  plus  the  potential  problem 
of  engine  out  asymmetries ,  and  were  subsequently  discarded.  The  submerged  orbiter 
carriage  did  eliminate  most  of  the  multi-body  flow  field  problems,  particularly  for 
the  lee  side  engine  installation,  and  hence  was  viewed  as  the  most  promising  concept 
with  which  to  proceed.  There  were,  however,  a  number  of  points  to  upgrade. 

Propulsion  specialists  preferred  a  more  uniform  inlet  flow  field  with  some  degree  of 
pre-compression,  and  the  new  lifting-body  orbiter  posed  -■ore  comp’icated  integration 
problems  than  did  the  wing-body  design.  This  configuration  concept  thus  became  the 
subject  for  a  new  design  to  be  developed  in  Scries  2. 

Series  2  -  Developed  to  be  compatible  with  the  lifting-body  orbiter,  this  design 
featureo  full  internal  carnaoe  of  the  orbiter  component.  The  booster  retained  the 
central  lee  side  installation  for  the  hypersonic  airbreathing  system,  and  incorporated 
turbofans  to  act  as  accelerators  and  provide  booster  ferry  capability.  The  basic 
booster  body  was  an  8°  half  angle,  half  cone/cy I inder  with  a  flat  bottom  (Fig  18). 

The  accelerators  were  conventional  30,000  lb  thrust  class  turbofans,  mounted  in  two 
separate  nacelles  (4/nacelle)  on  the  wing  lower  surface  just  outside  the  body  mold 
lines.  A  number  of  wing  planform  parametric  studies  were  completed.  The  design  shown 
in  Figure  18  represented  a  compromise  between  take-off  and  hypersonic  flight 
performance.  The  complete  integrated  configuration  (sans  vertical  fins)  is  presented 
in  Figure  19.  (Longitudinal  control  surfaces  shown  here  were  for  sizing  purposes  only 
and  do  not  reflect  realistic  installations).  Specific  booster  details  are  presented 
in  Figure  20. 

Complete  aerodynamic  and  propulsion  data  sets  were  prepared  and  performance  analyses 
run.  However,  the  large  base  area  and  poor  transonic  area  distribution  precluded 
closure  with  the  available  propulsion  system.  A  number  of  options  were  suggested,  but 
ultimately  a  second  SSME  was  added,  this  one  to  the  booster  component.  The  boost 
orooulsion  ryrle  now  mc’uded  the  operation  Of  bvtii  SSfit's  and  lurDofans  rrom  take-off 
through  M=2  (Fig  21).  Above  M  =  2  and  to  the  staging  point,  total  impulse  was  provided 
by  the  booster  ramjet  system.  With  both  SSME's  operating  at  115*  power  (above  ref. 
max  for  the  SSME)  and  the  8  turbofans,  sufficient  thrust  was  available  to  achieve 
system  closure  for  a  take-off  weight  of  just  over  2.0x10°  lbs.  A  flight  time  history 
showing  altitude,  velocity  and  thrust  for  a  typical  ascent  trajectory  is  presented  in 
Figure  22. 
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Although  system  closure  had  been  demonstrated,  considerable  concern  had  arisen  over  a 
number  of  specific  propulsion  related  integration  details.  These  included  off-design 
performance,  the  design  of  a  practical  variable  geometry  inlet  system,  and  the  ability 
to  integrate  the  ramjet/turbofan  cycles  into  a  common  unit.  Since  there  were  limited 
options  available  to  rectify  these  potential  problem  areas,  work  on  the  Series  2 
concept  was  terminated. 

Series  3  -  This  was  the  first  iteration  for  a  new  booster  concept  with  a  more  credible 
hypersonic  airbreathing  propulsion  system.  A  general  arrangement  drawing  showing  the 
preliminary  layout  is  presented  in  Figure  23.  The  wing  was  similar  to  that  developed 
for  the  Series  2  concept  with  an  overall  span  of  180  ft.  The  fuselage  featured 
rectangular  cross  sections  and  was  designed  to  incorporate  a  large  internal  volume. 

The  wing  was  mounted  high  at  the  rear  of  the  fuselage  with  the  ramjet  engines 
integrated  beneath  the  wing,  attached  to  the  fuselage  sides.  Overall  fuselage  length 
and  width  were  260  ft  and  60  ft,  respectively.  The  orbiter  was  carried  fully  internal 
with  its  rocket  propulsion  system  extending  beyond  the  base.  The  booster  SSME 
installation  introduced  on  Series  2  was  retained. 

Specific  details  on  the  airbreathing  engine  design  are  shown  in  Figure  24.  The  units 
are  2-dimensional  ramjets  with  the  inlets  arranged  in  a  horizontal  fashion  to  provide 
positive  compression  with  angle-of-attack.  A  three-ramp  variable  geometry  inlet 
system  maintained  shock-on-lip  conditions  through  M=6.  The  turbofan  accelerators  are 
integrated  within  the  ramjet  structure,  and  exhaust  into  the  nozzle  area  to  reduce 
nozzle  base  drag  when  the  ramjets  are  not  in  use.  Operational  range  for  the  ramjets 
was  from  M=3  to  M=8. 

The  propulsion  concept  shown,  though  never  fully  completed  by  the  FDL,  was 
sufficiently  promising  to  warrant  further  development  work.  The  booster  concept  was, 
however,  overly  large  with  high  drag  levels.  Considerable  re-design  would  be  required 
to  minimize  the  booster  size  and  weight,  and  fully  qualify  the  new  ramjet  propulsion 
system.  The  re-designed  configuration  resulted  in  Series  4. 

Seiies  4  -  The  final  concept  studied  to  date,  this  series  was  essentially  a  refinement 
of  the  Series  3  configuration  and  propulsion  system.  To  improve  the  transonic  drag 
levels,  the  fuselage  cross-sectional  area  was  reduced  and  the  area  distribution 
modified  by  moving  the  engine  nacelles  forward.  The  SSME  on  the  booster  was  retained, 
as  were  the  2-D  ramjets  with  integrated  turbofan  accelerators.  The  boost  propulsion 
cycle  included  operation  of  both  SSME’s  and  turbofans  through  M=3  (Fig  25),  with  the 
ramjet  operating  alone  from  M=3  to  8.  Figure  26  presents  the  general  arrangement 
layout  for  the  Series  4  concept  as  developed  by  the  FDL.  The  booster  had  an  overall 
bojj|y  length  of  240  ft,  a  wing  span  of  180  ft,  and  a  theoretical  wing  ares  of  14,100 

The  concept  was  then  subjected  to  a  joint  evaluation  by  the  FDL  and  Boeing  Aerospace 
Company  to  provide  a  more  definitive  analysis.  The  most  challenging  aspect  was  to 
fully  qualify  the  booster  a i rbrea thing  propulsion  system,  which  had  only  been 
conceptually  studied  by  the  FOL.  Additional  configuration  details  in  areas  such  as 
fuel  disposition,  control  surface  integration,  landing  gear  designs,  etc.  were 
required,  which  could  most  easily  be  met  by  the  expertise  of  a  major  airframe 
designer. 

Figure  27  presents  a  sketch  of  the  upgraded  airbreathing  propulsion  system.  The  unit 
is  a  completely  enclosed  system  with  variable  geometry  inlet  ramps  and  nozzles.  Cold 
flow  is  maintained  through  the  ramjet  prior  to  ignition,  which  occurs  at  approximately 
M=l.  Thrust  developed  at  ignition  is  low,  but  this  procedure  is  effective  in  reducing 
nozzle  drag  before  full  thrust  is  realized  (i.e.  M=3).  The  turbofans  operate  up  to 
approximately  M=3,  after  which  they  are  shut  down. 

A  drawing  of  the  booster  design  showing  the  integration  of  the  fully  enclosed  ramjet 
propulsion  system  is  presented  in  Figure  28.  The  fuselage  area  distribution  and  cross 
section  shape  have  been  further  refined  to  reduce  drag.  The  contractor  also 
established  that  the  current  operational  envelope  of  the  SSME  does  not  include  shut 
down/restart  capability  over  the  short  period  of  time  during  boost  cycle  operation. 
Hence  it  was  necessary  to  operate  the  orbiter  SSME  continuously  from  take-off  to 
orbital  insertion.  Subject  to  this,  the  boost  propulsion  cycle  (here-after  referred 
to  as  the  reference  cycle)  becomes  as  shown  in  Figure  29.  The  booster  SSME  operates 
at  full  thrust  to  Mc3,  then  is  shut  down.  The  orbiter  SSME  operates  at  full  thrust  to 
M=3,  then  is  throttled  back  to  652  (current  minimum  setting)  for  the  remainder  of  the 
boost  acceleration  phase  (after  staging,  the  orbiter  SSME  returns  to  the  maximum  power 
setting).  The  turbofans  operate  up  to  M=3  and  the  ramjets  from  M=1  to  M=8. 

The  final  design  weight  statement  ts  presented  in  Figure  30.  The  2 . 1 1 x 1 06  lbs 
includes  a  fuel  allotment  of  approximately  1.05x106  lbs  for  operation  during  the  boost 
phase.  The  fuel  allotment  specified  was  for  design  purposes  only,  and  was  used 
primarily  for  fuel  tank  sizing,  structural  loads  assessment,  landing  gear  design,  etc. 
It  does  not  reflect  the  actual  feel  "equ^rcd  to  reach  the  ri-S  staging  point.  The 
weight  specified  in  Figure  30  does,  however,  represent  the  maximum  allowable  within 
the  current  configuration  design  constraints. 
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A  number  of  trade  sensitivity  studies  were  conducted  on  the  Series  4  configuration  to 
assess  its  performance  characteristics  during  the  boost  acceleration  phase.  The 
Optimal  Trajectory  by  Implicit  Simulation  computer  program  (OTIS)  was  used  to  compute 
all  trajectory  results.  The  program  features  a  three-degree-of-freedom  trajectory 
simulation  model  that  employs  non-linear  programming  optimization  routines  to  provide 
an  advanced  trajectory  optimization  capability.  This  approach  differs  from 
traditional  (explicit)  numerical  trajectory  optimization  techniques  in  that  it  treats 
the  equations  of  motion  as  constraints,  then  iterates  within  the  constraints  and  other 
boundary  conditions  to  find  an  optimal  solution.  The  program  can  simulate  and 
optimize  the  trajectories  for  a  large  variety  of  flight  vehicles  ranging  from  subsonic 
aircraft  to  hypersonic  vehicles  and  spacecraft.  The  program  was  particularly  useful 
for  application  during  this  study  since  known  end  points  could  be  specified,  then 
optimal  solutions  for  the  initial  conditions  developed,  subject  to  specified  boundary 
conditions . 

In  all  cases  a  target  weight  to  be  delivered  to  the  orbiter  staging  point  was 
selected,  then  the  model  worked  backwards  to  establish  the  minimum  lift-off  weight. 

The  reader  is  cautioned  to  note  that  the  procedure  was  applied  only  to  the  lift-off 
point;  no  specific  take-off  analyses  were  run.  Preliminary  estimates  suggested, 
however,  that  on  the  order  of  80,000  lbs  of  rocket  and  JP  fuel  would  be  consumed 
during  the  take-off  ground  roll  phase.  The  lift-off  weights  discussed  in  the 
following  paragraphs  do  not  reflect  this  weight  addition.  All  analyses  were  based  on 
a  lift-off  speed  of  M=0.5  (approximately  380  miles/hr).  Unless  otherwise  specified, 
the  target  weight  at  staging  was  set  at  l.lxlO6  lbs,  and  consisted  of  the  fully  fueled 
orbiter  (600,000  lbs)  and  the  empty  booster  plus  residuals  and  return  JP  fuel  (500,000 
lbs).  The  analyses  completed  were  limited  to  the  powered  boost  acceleration  phase 
only.  No  consideration  was  given  in  this  paper  to  the  performance  of  the  booster 
after  staging. 

Figure  31  presents  typical  boost  acceleration  phase  trajectory  time  history  results 
for  the  Series  4  reference  configuration.  A  peak  thrust  of  2.25x100  lbs  was  reached 
approximately  200  seconds  after  lift-off.  Total  time  to  reach  the  orbiter  staging 
point,  exclusive  of  the  take-off  ground  roll,  was  just  over  500  seconds.  Maximum 
angle-of-attack  at  lift-off  was  5.4°.  A  minimum  angle-of-attack  of  approximately  -2° 
was  observed  as  the  configuration  descended  to  pick  up  the  reference  dynamic  pressure 
(q)  line  (1500  lbs/ft2  for  this  case). 

The  first  sensitivity  study  completed  was  in  response  to  the  previously  mentioned 
requirement  that  the  orbiter  SSME  remain  in  operation  during  the  ramjet  acceleration 
phase  (i.e  from  M=3  to  M=8).  During  the  study,  the  orbiter  SSME  was  run  at  full 
throttle  up  to  M=3.  Above  M=3,  separate  runs  were  made  with  the  orbiter  SSME  at 
selected  throttle  settings  within  its  normal  operational  envelope.  A  reference  run 
was  also  made  with  the  orbiter  rocket  turned  off  at  M=3.  The  dynamic  pressure  during 
the  ramjet  acceleration  phase  was  stabilized  at  1500  lbs/ft2  up  to  M=7.5,  then  allowed 
to  taper  off  to  meet  the  staging  conditions.  The  results,  as  presented  in  Figure  32, 
clearly  show  that  operation  of  the  orbiter  SSME  during  the  ramjet  acceleration  phase 
is  highly  counterproductive;  the  lift-off  weight  at  the  65%  reference  throttle  setting 
was  some  265,000  lbs  heavier  than  with  the  engine  turned  off  at  M=3.  In  keeping  with 
the  study  guidelines  of  using  near-term  or  existing  systems  wherever  possible,  the  65% 
throttle  setting  position  was  retained  as  the  reference  value  since  no  system 
modification  would  be  required.  However,  it  must  be  emphasized  that  very  significant 
overall  weight  savings  could  be  realized  by  modifying  the  SSME  operational  cycle. 
Lift-off  weight  for  the  65%  throttle  setting  case  was  1.85xl06  lbs.  Including  the 
estimated  80,000  lbs  fuel  used  for  ground  roll  would  result  in  a  take-off  weight  of 
1.93xl06  lbs,  well  below  the  design  maximum  of  2.11x10®  lbs. 

Another  area  of  interest  was  the  sensitivity  of  the  system  to  the  dynamic  pressure 
during  the  ramjet  acceleration  phase.  Kith  the  orbiter  SSME  operating  at  the 
reference  throttle  setting  of  65%  above  M=3,  the  trajectory  was  varied  to  produce 
dynamic  pressures  (q)  ranging  from  1000  lbs/ft2  to  2500  lb/ft2  over  the  Mach  range 
from  3  to  7.5.  Above  M=7.5,  the  trajectory  was  again  tailored  to  meet  the  M=8  staging 
condi tions . 

Figure  33  presents  altitude  vs  velocity,  and  thrust  and  dynamic  pressure  vs  time  for 
the  cases  considered.  For  the  high  q  run  a  peak  thrust  of  more  than  3.0xl06  lbs  was 
reached  when  all  engines  were  operating.  Acceleration  time  to  the  M=8  staging  point 
was  400  seconds.  For  the  low  q  run,  acceleration, times  increased  to  over  600  seconds 
with  peak  thrust  falling  off  to  just  under  2.0x10°  lbs-  The  impact  of  dynamic 
pressure  on  the  lift-off  weight  is  presented  in  Figure  34.  Although  continuing  to 
decline  with  increasing  dynamic  pressure,  the  lift-off  weight  is  relatively 
insensitive  to  q  for  values  greater  than  1500  lbs/ft2.  Increasing  q  from  1500  to  2500 
lbs/ft2  decreased  lift-off  weight  less  than  6%,  while  decreasing  q  from  1500  to  1000 
lbs/ft2,  Increased  lift-off  weight  by  more  tha..  6%.  Considering  the  more  critical 
thermal  problems  associated  with  high  q  flight,  and  the  minimum  reductions  in  lift-off 
weight  realized,  the  1500  lb/ft2  value  was  retained  for  the  reference  miccinr,. 

A  follow  on  study  was  conducted  to  determine  the  sensitivity  of  system  lift-off  weight 
to  the  booster  SSME  operational  cycle.  The  booster  SSME  normally  runs  at  maximum 
throttle  setting  from  take-off  to  M=3,  then  is  shut  down.  For  this  study,  it  was 
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systematically  shut  down  earlier,  until  in  the  limiting  case,  it  was  not  used  at  all. 
The  results,  as  presented  in  Figure  35,  show  that  the  minimum  lift-off  weight  was 
achieved  by  the  reference  cycle  (i.e.  running  the  booster  SSME  to  M=3).  Little  change 
was  observed  when  the  booster  SSME  was  shut  down  at  M=2,  since  the  ramjet  thrust  had 
already  built  to  a  significant  value  by  then.  For  shut  down  Mach  numbers  below  2, 
however,  increased  overall  lift-off  weights  were  observed.  For  the  limiting  case  of 
not  using  the  booster  SSME  at  all,  an  increase  of  approximately  160,000  lbs  was 
observed  compared  to  the  reference  case.  Note  here  that  adding  the  estimated  80,000 
lbs  of  fuel  expended  during  the  ground  roll  phase  would  result  in  a  take-off  weight 
approaching  the  design  maximum. 

The  performance  of  the  ramjet  units  at  higher  Mach  numbers  was  another  area  of 
concern,  since  the  system  was  clearly  operating  on  the  outer  envelope  of  the  subsonic 
combustion  ramjet.  The  problem  was  further  complicated  by  a  Series  4  design  change 
which  allowed  bow  shock  ingestion  at  higher  Mach  numbers  (to  improve  the  transonic 
drag  problem,  the  ramjet  engines  were  moved  forward).  Although  propulsion  specialists 
were  confident  with  the  ramjet  design,  it  seemed  prudent  to  perform  a  sensitivity 
study  to  assess  the  impact  of  possible  ramjet  thrust  degradation  at  high  Mach  numbers 
on  overall  system  performance.  For  the  study,  the  ramjet  thrust  at  M=6  and  above  was 
reduced  by  25%  and  50%,  and  its  impact  on  lift-off  weight  determined.  Target  weight 
at  M=8  remained  l.lxlO6  lbs.  The  reader  is  reminded  that  the  orbiter  SSME  is  also  in 
operation  during  this  phase,  and  even  at  the  reduced  throttle  setting,  is  producing  in 
excess  of  300,000  lbs  thrust.  The  results  from  the  thrust  sensitivity  study  are 
presented  in  Figure  36,  and  show  that  a  50%  reduction  in  ramjet  thrust  at  M=6  and 
above,  pruuuced  a  170,000  lb  ’nerease  in  1 ift-off-weight.  Figure  37  shows  the 
corresponding  thrust  schedules  as  functions  of  velocity. 

The  final  study  to  be  discussed  here  dealt  with  the  booster  weight  at  staging.  During 
all  of  the  preceding  analyses,  this  had  remained  fixed  at  500,000  lbs.  For  this 
st'dy,  it  was  varied  in  10%  increments  from  -10%  to  +30%,  yielding  booster  staging 
weights  ranging  from  450,000  tbs  to  650,000  lbs.  The  target  weights  wore  adjusted 
accordinaly,  from  1.05xl06  lbs  to  1. 25X10&  lbs.  The  results  are  p-asented  in  Figure 
38,  and  show  that  a  200,000  lb  variation  in  booster  weight  at  staging  produces  a 
360,000  lb  change  in  lift-off  weight. 

CONCLUDING  REMARKS 

The  results  from  the  study  verified  the  concept  formulation  and  performance  potential 
of  a  near-term  two  stage  space  launch  system  featuring  a  hiah  L/D  orbiter  component. 

A  payload  capability  of  approx ima te ly  42,000  lbs  into  a  100  n.  mi.  polar  orbit  was 
demonstrated  for  a  lift-off  weight  of  approximately  1.85x10°  lbs. 

Significant  performance  improvements  may  be  realized  by  further  upgrading  the  SSME 
propulsion  system  used  on  the  oro'ter  component.  A  25%  to  30%  increase  in  baseline 
thrust  will  allow  the  50,000  lb  reference  payload  capability  to  be  met.  Modification 
to  the  basic  operational  cycle  to  allow  shutdown/restart  capability  of  the  orbiter 
SSME  would  reduce  lift-off  weight  by  265,000  lbs  (14%)  to  1 . 58x  1 06  lbs. 

The  system  lift-off  weight  was  only  moderately  sensitive  to  dynamic  pressure,  once  a 
value  of  1500  1 b s / f 1 2  had  been  reached,  increasing  dynamic  pressure  during  the  ramjet 
acceleration  phase  from  1500  Ibs/ft2  to  2500  lbs/ft2  reduced  lift-off  weight  by  less 
than  6%. 

Reducing  ramjet  thrust  by  50%  at  M-6  and  above  increased  lift-off  weight  by  170,000 
lbs  (9.3%). 

Weight  sensitivity  studies  established  that  a  1  lb  increase  in  booster  weight  at 
staging  produced  a  1.8  lb  increase  in  lift-off  weight. 
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FIG.  21  SERIES  2-BOOST  PROPULSION  CYCLE 
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FIG.  29  SERIES  4-800ST  PROPULSION  CYCLE  (FINAL) 
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FIG.  33  CONCLUDED  (TOTAL  THRUST  VS  TIME  FROM 
LIFT-OFF) 
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FIG.  35  EFFECT  OF  BOOSTER  SSME  OPERATION  ON 
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ABSTRACT 

In  this  paper  we  are  concerned  with  two  mission  strategies  for  achieving  a  station  longitude  on 
the  Geostationary  Earth  Orbit  (GEO)  starting  from  either  a  Low  Earth  Orbit  (LEO)  or  from 
ground  with  no  parking  in  LEO.  Such  trajectory  profiles  are  somewhat  different  from  the 
conventional  ones  used  for  targeting  a  longitude  position  in  GEO  for,  typically,  a  telecommunica¬ 
tion  satellite.  Neither  of  profile  types  here  presented  requires  a  drift  orbit.  The  new  strategy  would 
fully  exploit  the  liquid  bi-propellant  engines  and  additional  capabilities  of  some  of  the  current 
commercial  launchers  for  inserting  a  satellite  beyond  GEO.  The  final  goal  of  these  strategies  is  to 
reach  the  desired  station  longitude  in  a  time  ranging  from  tens  of  hours  to  a  few  days,  at  most, 
with  no  additional  propellant  consumption  with  respect  to  the  traditional  trajectory  profiles 
involving  drifts.  The  new  profiles  may  result  in  a  significant  increase  of  mission  success 
probability  together  with  less  workload  for  the  ground  control  centre. 


1  INTRODUCTION 

It  is  a  well-accepted  idea  that  telecommunication  satellites  can  exploit  the  advantages  of  the  liquid 
bi-propellant  (monomethyl-hydrazine  and  nitrogen  tetroxide)  propulsion  [1-4].  Confirmations  come 
from  recent  and  near-future  large  satellites  such  as  the  INTELSAT  VI  and  VII  series,  OLYMPUS, 
ITALSAT,  ARABSAT,  DRS,  SARIT  to  cite  few  projects.  However,  these  satellites  are  planned  or 
have  achieved  their  operational  orbits  by  means  of  the  usual  strategy  of  mission:  a  suitable 
Geostationary  Transfer  Orbit  (GTO),  where  the  satellite  is  left  by  the  launcher  or  the  perigee 
booster,  is  transformed  into  a  Near-geoStationary  Orbit  (NSO)  by  means  of  one  or  more  of 
so-called  apogee  burnings:  after  them,  the  satellite  is  generally  found  at  a  longitude  somewhat 
different  from  its  operational  one.  As  a  consequence,  the  semi-major  axis  of  an  NSO  is  made  to  be 
slightly  higher  or  lower  than  the  geostationary  one  (42164.3  Km)  according  to  the  sign  (  West  or 
East,  respectively)  of  the  ensuing  longitude  increment  the  spacecraft  has  to  run  on  in  order  to 
achieve  its  final  longitude.  In  fact,  in  an  NSO  the  satellite  drifts  with  respect  to  the  Earth  surface. 
Because  an  NSO  has  both  semi-major  axis  and  inclination  different  from  the  GEO’s,  an  additional 
transfer  is  required  (usually  an  Hohmann-likc  profile)  to  match  the  desired  conditions  on  GEO. 
All  transfer  requires  up  to  20-25  days  of  flight,  most  of  it  being  due  to  the  drift  orbit.  The 
workload  at  the  control  centre  is  rather  heavy  for  the  whole  flight,  also  because  an  optimal  profile 
calls  for  a  minimum  of  four  manoeuvres:  two  large  orbital  thrustings  from  GTO  to  NSO  plus  two 
small  ones  to  finally  put  the  satellite  into  its  station.  A  so  long  time  of  a  space  centre  involvement 
means  a  high  cost,  especially  if  the  GTO/NSO  control  centre  is  different  from  the 
operational-orbit  control  centre  (as  it  often  takes  place  in  Europe). 

It  may  be  interesting  to  remember  that  the  above  transfer  strategy  was  born  when  the 
telecommunication  satellites  were  equipped  with  solid  engines  (called  the  apogee  kick  motors) 
which  fired  only  once  at  the  prefixed  apogee.  Neither  control  upon  the  orbital  vector  radius  nor 
engine  restart  were  possible. 

Another  consideration  regards  the  future  utilisation  of  the  GEO.  It  will  host  large  multi-payload 
platforms  and/or  large  satellites  for  global  direct  broadcasting  and  Earth  sciences.  In-orbit 
repairing  payloads  and/or  retrieving  satellites  could  become  an  advantageous  policy  which  adds  to 
the  normal  operations  of  geostationary  satellite  positioning  by  a  fully-reusable  high-energy 
propulsion  LEO-GEO-LEO  shuttle.  It  is  plain  that  a  rapid  ascent-phase,  namely,  of  the  order  of 
tens  of  hours  instead  of  tens  of  days,  would  increase  the  operational  goals  success  significantly, 
especially  wnen  a  long  payload  inactivity  entails  strong  off-services  and  drawbacks  to,  ultimately, 
final  users. 
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Cutting  the  drift  orbit  phase  would  mean  not  only  a  cost  saving  (that  is,  reduced  opei„.ions  at 
the  ground  control  centre),  but  also  an  increase  of  mission  success  because  the  "transition  time 
toward  the  final  equilibrium"  is  reduced.  In  fact,  (1)  the  number  of  manoeuvres  -  together  with  all 
that  implies  in  terms  of  ranging/angles  acquisition,  orbit  determination  and  attitude  control 
on-board  -  is  halved  at  least,  (2)  if  the  longitude  change  from  NSO  to  GEO  is  large,  the  full 
satellite  visibility  from  ground  may  entail  additional  tracking/monitoring  stations  or  using  a  data 
relay  satellite.  Finally,  rescue  missions  to  GEO  may  become  a  reality  in  a  future. 

The  idea  of  studying  optimal  transfers  which  would  avoid  drift  orbits  for  telecommunication 
satellites  equipped  with  liquid  bi-propellant  engines  can  be  traced  back  to  the  XXXV  IAF 
Congress.  In  fact,  in  ref.-5  it  has  been  proposed  such  strategy  through  an  example  showing  one  of 
the  several  capabilities  of  the  Telespazio’s  Mission  Analysis  Interactive  System  (MAIS)  [61.  The 
example  regarded  the  Italian  satellite  ITALSAT,  although  too  advanced  in  its  development  for  the 
strategy  being  considered  actually  in  the  related  project.  Since  that  time  no  other  potential  no-drift 
applications  occurred  in  Italy.  However,  other  geostationary  satellites  powered  by  liquid 
bi-propellant  thrusters  are  planned  in  Italy  for  the  next  decade.  As  a  consequence,  the  importance 
of  new  trajectory  profiles  may  be  traded  off  with  the  classical  ones. 

After  the  Shuttle-Challenger  disaster  in  February  1986,  many  expendable  rockets  have  been 
upgraded  to  as  commercial  launchers  in  USA.  Some  of  them  have  a  high-energy  performance 
together  with  both  a  sophisticated  Guidance  (that  means  an  high-accuracy  targeting)  [7].  The 
possibility  to  achieve  the  GEO  through  an  outer-geostationary  transfer  orbit,  in  order  to  decrease 
the  fuel  for  the  orbital  change,  has  been  studied  by  General  Dynamics  for  its  Atlas-G/Centaur 
launcher  [7,8],  However,  no  no-drift  profile  capability  has  been  included  hitherto  [9]. 

Advanced  liquid  bi-propellant  engines  allow  a  spacecraft  to  control:  (a)  the  orbital  vector 
velocity  and  the  vector  radius  during  a  finite-burn  manoeuvre,  (b)  (indirectly)  the  time  of  the 
coasting  following  an  intermediate  burning,  (c)  the  orbital  inclination  change,  if  any.  Finite-burn 
losses  and  number  of  manoeuvres  can  be  kept  very  low  because  liquid  bi-propellant  propulsion 
exhibits  thrust  acceleration  comparable  or  higher  than  the  GEO  altitude  gravitational  acceleration 
(0.023  g). 

The  no-dufl  LEO-GEO  trajectory  needs  nothing  more  than  the  already-existing  above-mentioned 
properties.  From  a  dynamics  viewpoint,  what  is  substantially  requested  to  a  mission  analyst  is  to 
perform  the  optimisation  of  a  trajectory  the  final  state  of  which  (the  GEO  satellite)  is  partially 
unspecified  in  an  Inertial  Frame.  In  contrast,  the  analyst  has  to  specify  the  station  longitude  and 
the  "actual  GEO  inclination"  *.  The  flight  time  can  be  prefixed  or  left  open,  according  to  the 
mission  constraints.  This  is  what  we  are  going  to  do  in  the  next  sections. 

2  STATEMENT  OF  THE  PROBLEM 

Let  us  consider  the  mean-equinox-and-equator-of-date  (for  instance,  date-  launching  date) 
Earth-centred  inertial-frame  (IF)  for  our  calculations.  We  denote  the  spacecraft  state  by  the  vector 
S  =  |M,  R,  V]  (M=instantaneous  mass,  R=vector  radius,  V=vector  velocity),  longitudes  with  respect 
tp  Greenwich  by  a. ,  propulsion  parameters  (thrust  and  exhaust  jet)  by  T  and  U,  respectively.  The 
time-dependent  thrust  direction  in  IF  is  denoted  by  u.  In  addition,  vector  magnitudes  are  denoted 
by  normal-face  symbols;  the  subscripts  ’o’  and  T  are  used  to  specify  epoch  and  final  quantities, 
respectively;  variables  referred  to  thrusting  or  coasting  are  superscribed  by  a  T  or  C,  respectively. 

Figure  1  displays  the  scheme  for  a  GTO-GEO  transfer.  For  simplicity  of  presentation,  we  have 
pictured  an  inner  trajectory  to  a  station  longitude.  By  means  of  the  fvnnalism  of  the  state 
transition  matrices  we  can  write: 


(1) 

'^2/-  1 

1  5  20-  1) 

j  “  1 . N 

*2, 

“  /1I52;-I 

y=  1 . N 

where  j  denotes  the  order  number  of  the  generic  trajectory  phase  which  is  characterised  by  the 
transition  matrix  a,.  Equations  1  imply  that  Thus,  the  satellite  is  required  to  pass  through 

an  even  number  of  phases  to  achieve  GEO.  From  Eqs.-I  one  carries  out: 


(2)  5,  =  TTK'1*)  5o 


1  It  may  be  suitable  that  the  final  longitude  be  reached  with  a  residual  inclination  (instead  of  Eero)  for  satellite  station-keeping 
reasons.  That,  though,  is  independent  of  the  particular  transfer  trajectory  strategy 
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fig.- 1  Scheme  of  o  No-Drift  GEO  insertion.  X-oxis  points  vernol  point. 
G  denotes  the  Greenwich  Sidereal  Angle.  S  denotes  the  Spocecroft 


Note  the  decreasing  order  of  the  matrix  products.  If  we  assume  that  the  satellite  matches  (at  the 
beginning  of  its  operational  life)  a  non-zero  inclination  GEO  with  the  vector  velocity  parallel  to 
the  equator,  then  the  final  state  can  be  expressed  as  follows: 
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where  the  orbit  inclination  is  t  and  the  final  Greenwich  Sidereal  Angle  (GSa)  is  given  by: 

(4)  G,  =  G0  +  a>  ( f /  —  f o ) 


w  being  the  Earth  angular  speed.  The  spacecraft  initial  state  can  be  related  to  the  following  cases: 
A:  a  lower-than-GEO  GTO  onto  which  a  launcher  leaves  its  payload; 

B  a  generally-circular  parking  orbit  where  a  booster  is  activated  to  transform  it  into  a 
lower-than-GEO  GTO; 

C.  a  higher-than-GEO  GTO  onto  which  a  launcher  leaves  its  payload; 

It  is  important  to  determine  the  optimal  no-drift  profile  by  explicitly  considering  in  the 
computation  the  vehicle  boosting  the  proper  satellite  into  a  transfer  trajectory  (that  the  satellite 
engines  will  modify).  That  is  essentially  because  the  mission  analyst  has  additional  realistic  degrees 
of  freedom  to  optimise  the  flight  profile  in  order  to  synchronise  the  satellite  injection  at  the 
desired  iongituae. 

There  are  a  number  of  constraints  and  realistic  conditions  of  flight  which  one  should  consider  in 
order  to  prove  the  feasibility  of  the  no-drift  concept: 
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1.  the  thrust  orientation  should  be  somewhat  simple,  possibly  constant,  during  a  burning  in  the 

inertial  frame.  That  ultimately  aims  at  easy  mechanising  the  vector  steering.  The  thrust 
direction  generally  changes  from  burning  to  burning; 

2.  the  liquid  bi-propellant  engine  currently  exhibits  an  intermediate  level  of  thrust  (490  N);  that 

means  long  burning  times  in  order  to  carry  a  heavy  satellite  into  operation.  The  European 
Space  Agency  is  supporting  the  development  of  liquid  bi-propellant  thrusters  of  3  K.N  [lj; 

3.  the  number  of  thrustings  is  to  be  kept  as  low  as  possible;  however,  it  is  not  advisable  at  all  to 

try  to  perform  one  burning:  the  multi-burn  policy  entails  not  only  a  saving  propellant,  but  also 
allows  to  correct  the  satellite  trs  actory  dispersions  by  the  last  burning;  2 

4.  although  the  total  transfer  time  to  station  is  short  compared  to  the  classical  strategy,  however 

both  the  satellite-Greenwich  synchronisation  and  the  spent  propellant  also  depend  on 
perturbations  to  the  idea!  keplerian  field; 

5.  no  limitation  on  the  station  longitude  value  is  desired  for  the  no-drift  concept  is  applicable; 
however,  it  is  well  known  that  there  are  GEO  zones  particularly  attractive  (and  crowded)  so 
that  a  real  analysis  is  less  severe 

A  remark  about  points  2  and  3  is  in  order.  When  thousand-newton  engines  are  available,  one  could 
obtain  the  insertion  into  GEO  by  one  thrusting  even  for  satellites  as  heavy  as  6000  Kg. 
Nevertheless,  point  3  could  be  particularly  important  for  future  GEO  spacecrafts  and  a  two-burn 
strategy  may  result  in  the  optimal  strategy.  That  would  have  the  additional  advantage  to  enlarge 
the  launch  window  from  the  no-drift  longitude  achievement  viewpoint. 

3  COMPUTER  CODE 

The  optimal  constrained  trajectory  profiles  have  been  computed  through  the  special  NO-DRIFT 
option  of  the  program  MAIS,  a  multi-burn  minimum-propellant  two-boundary  trajectory 
optimisation  code  (6].  MAIS  has  been  written  in  FORTRAN-77  and  curiently  consists  of  about 
25,000  lines,  including  comments.  It  runs  in  double  precision  on  an  IBM-3081  under  the  VM/CMS 
operating  system  and  on  a  25-MHz  32-bit  COMPAQ/Weitek-1 167  work-station  under  the  MS-DOS 
3.31  operating  system.  The  current  version  of  MAIS  requires  up  to  4  MB  of  memory  to  run;  in 
fact,  MAIS  can  perform  a  flight  design  optimisation  involving  up  to  9  thrusting  and  9  coasting  in 
any  sequence  3.  MAIS  allows  to  simultaneously  optimise  up  to  99  control  parameters  (90  of  them 
describe  independent  azimuth/right-ascension  and  elevation/declination  components  of  the  thrust 
direction)  while  up  to  13  state/time  equality  constraints  and  up  to  37  control/mass  inequality 
constraints  can  be  specified  altogether.  Launching-from-ground  simulations  (with  in-atmo- 
sphere-working  engine  behaviour),  variable-thrust  (for  chemical  and  ion  propulsion)  and 
computation  of  stochastic  trajectory  dispersions  are  allowed. 

With  regard  to  the  current  set  of  mission  profiles,  the  spec  al  NO-DRIFT  option  allows  a 
dynamical  update  of  the  unknown  final  state  in  order  to  synchronise  the  satellite  orbit  with  Earth 
rotation  to  the  desired  station  longitude  at  the  end  of  the  last  burn.  The  transfer  time  is  generally 
left  open  4 5,  while  best  epoch  depends  on  the  selected  station  longitude.  Booster  dry  mass  or  other 
mass  jettisoning,  if  any,  and  J2  perturbation  and  high-rtmosphere  drag  are  taken  into  account.  The 
high-atmosphere  model  consists  of  an  exponential-like  model  with  parameters  coming  from  the 
NASA  Standard  Atmosphere- 1977  &;  no  truncation  is  made  in  the  differential  field  equations;  in 
particular,  the  correct  J2  perturbation  has  been  considered  in  all  phases  of  flight.  The  minimisation 
algorithm  consists  of  a  modified  version  of  the  Levenberg-Marquardt  method  [10]  which  allows  the 
analyst  to  use  a  rough  guess  of  the  control  parameters  as  starting  solution.  Although  MAIS  is 
designed  to  offer  a  very  wide  spectrum  of  thrusting  control  law,  however  it  has  been  used  here 
for  constant  thrust  solutions,  though  varying  from  burn  to  burn,,  in  the  light  of  what  said  in  sect. -2 
(point- 1). 


2  This  last  option  can  be  increased  in  performance  if  the  orbit  determination  process  were  cither  implemented  onboard  or 
accomplished  in  the  control  centre  by  a  filtering  technique. 

3  For  instance,  particularly  complex  flights  could  imply  sequences  such  as  CTTCCCTTTC,  TTTCCTTCCCT  and  so  on 
Thrusting  and  coasting  sectioning  in  MAIS  takes  place  through  arc-dependent  parameters. 

4  However,  MAIS  can  be  run  m  fixed-fhght-time  mode  if  a  particular  spacecraft  requires  to  synchronise  its  final  longitude  at 
some  specified  time. 

5  When  a  launching-from-ground  is  computed,  the  whole  standard  atmosphere  model  is  considered 
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4  APPLICATIONS 

We  present  results  for  the  cases  A-6  and  C  separately.  From  a  dynamics  point  of  view  the 
launcher’s  upper  stage  of  case  A  is  equivalent  to  the  booster  of  case  B;  in  fact,  both  can  be  fired 
in  such  a  way  to  leave  the  satellite  in  that  sub-stationary  transfer  orbit  that  minimises  its  fuel, 
while  the  orbit  synchronisation  with  the  Earth  rotation  to  the  desired  operational  longitude  is 
performed  by  the  satellite  propulsion  system.  It  is  important  to  realise  that,  although  the  profile 
optimisation  is  accomplished  simultaneously  on  all  control  parameters,  is  only  the  satellite 
propellant  that  is  to  be  minimised  in  order  to  guarantee  a  long  operational  life.  Thus,  we  discuss 
flights  of  type  B  only  for  the  lower-than-GEO  transfer. 

4.1  LEO-GEO  Transfer  by  Inner-Stationary  Trajectory 

Figures  2  through  4  show  the  impulsive  delta- V  from  a  classical  GTO  to  GEO  as  function  of 
the  perigee  distance  and  for  GTO  inclination  angles  ranging  from  0  to  90  degrees.  Such 
behaviours  are  useful  to  quantitatively  evaluate  how  much  excess  propellant  the  r,o-drift  best 
profile  requires.  Note  that,  since  the  perigee  stage  and  the  J2  perturbation  are  taken  into 
account  in  the  flight  computation,  the  impulsive  reference  propellant  consumption  in  cases  A-B 
is  determined  by  the  osculating  perigee  and  inclination  just  before  the  beginning  of  the  first 
finite-thrust  burn.  Although  the  corresponding  osculating  apogee  is  generally  lower  than  the 
GEO  radius,  however  this  difference  is  small  so  that  Figs.  2-4  can  be  used;  instead,  it  is 
correct  to  consider  such  discrepancy  as  a  consequence  of  the  finite-burn  losses. 

In  order  to  prove  the  feasibility  of  the  no-drift  concept,  we  have  chosen  a  difficult  mission 
configuration.  The  purpose  is  to  prove  the  concept  in  a  case  of  both  limned  booster 
performance  and  low  thrust  on  the  satellite,  which,  in  turn,  is  more  massive  than  the  current 
telecommunication  satellites  6.  As  a  consequence,  the  low-acceleration  propulsion  system  of  the 
satellite  has  to  accomplish  both  a  strong  inclination  change  and  longitude  synchronisation. 
Practical  satellites  may  be  in  more  favourable  conditions  for  achieving  station  longitudes 
without  shifting  in  an  NSO. 

The  considered  utO  satellite  weighs  2500  Kg  and  is  powered  by  500-N  310-s  liquid 
bi-propellant  restartable  engines.  The  specific  impulse  value  is  to  be  meant  the  effective  one. 
The  solid  booster  weighs  about  4.5  tonnes  (its  propellant  mass  depends  on  the  particular 
optimised  profile)  and  exhibits  a  mean  thrust  of  100  KN  and  a  specific  impulse  of  290  s.  The 
booster+satellite  vehicle  is  left  in  a  circular  parking  orbit  300  Km  high  and  30  degrees  in 
inclination.  The  booster  type  is  not  of  particular  matter  in  the  no-drift  calculation;  in  contrast, 
its  class  determines  to  what  extent  the  first  GTO  may  be  adjusted.  The  same  function  could  be 
accomplished  by  the  integrated  on-pulsion  system  of  future  spacecrafts.  With  no  loss  of 
generality  we  simplify  the  refe.ence  frame  of  Fig.- 1 ;  in  fact,  the  mean  equatorial  plane  at 
epoch  is  considered  as  refeience  plane,  whereas  the  X-axis  coincides  with  the  intersection 
between  the  (ideal)  GEO  and  the  parking  orbit  at  epoch  7. 

One  should  realise  that  a  no-drift  trajectory  is  independent  of  the  particular  launch  day 
during  a  year  (at  least,  if  we  limit  ourselves  to  dynamical  considerations,  thus  excluding,  for 
instance,  solar  array  and  sensor  problems  which,  on  the  other  hand,  there  also  exist  in  the  NSO 
option).  In  contrast,  during  a  day  the  spacecraft  longitude  at  epoch  affects  the  propellant 
consumption  to  a  desired  final  longitude  in  GEO;  in  other  words,  a  launch  window  is  expected 
8.  The  main  purpose  here  is  to  show  and  discuss  the  launch  window  for  the  vehicle  described 
above.  Here,  launch  means  the  start  of  flight  at  some  suitable  point  in  the  parking  orbit  (for 
instance,  the  instant  of  the  vehicle  separation  from  an  orbiter);  epoch  is  referred  to  such  a 
point.  Different  initial  points  behave  merely  as  a  (small)  scale  shift  for  transfer  time  and  initial 
longitude  of  the  considered  satellite. 

Figures  5a-5c  show  the  behaviours  of  excess  delta-V,  propellant,  flight  time,  right  ascension 
at  insertion  and  burn  distribution  as  function  of  the  spacecraft  longitude  at  epoch.  The  final 
longitude  is  required  to  be  340  degrees  here.  The  impulsive  solutions  of  reference  in  Fig. -5a 
are  in  the  sense  of  what  said  at  the  beginning  of  this  section.  In  contrast,  the  impulsive 
solution  in  Fig. -5c  is  the  best  one,  taking  J2  and  drag  into  account,  for  this  vehicle,  namely,  a 
limited  booster  plus  a  satellite  of  mass  beyond  the  booster  capability  with  respect  to  the  full 
orbital  change.  Figures  5a-5c  refer  to  as  the  minimum  fue'  -  ’ights  lasting  the  shortest  time.  In 
fact,  real  satellites  could  require  to  add  to  the  first  transfer 


6  Th.;  envisaged  satellite  is  about  10  percent  heavier  than  the  INTELSAT  VII  series  satellites  (which  are  in  progress) 

7  Epoch  is  usually  chosen  in  the  half  orbit  preceding  the  perigee  burn.  This  co-responds  to  the  real  arc  where  the 
booster+satellite  complex  is  deployed  by  some  low-altitude  launcher,  Thus,  the  relative  nodes  line  at  the  perigee  thrusting  is 
very  close  to  the  defined  X-axis 

6  The  desired  suasion  iongitude  represents  a  point  witn  a  fixed  arc  from  tne  intersection  between  me  lacai  'jEO  ana  the 
Greenwich  meridian  plane  Thus,  it  may  be  pictured  as  a  point-like  weightless  body  that  revolves  the  Earth  with  a  certain  own 
phase.  Thus,  a  real  satellite  should  perform  a  "rendezvous"  with  such  a  fictitious  body. 


PERIGEE  DISTANCE  (Kir)  (Thouttftdi) 


longitude  (deg] 
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arc  (about  a  semi-ellipse)  a  number  of  integral  orbits  because  of  some  sub-system  constraints.  In 
these  cases  behaviours  similar  to  those  ones  presented  here  (but  corresponding  to  a  different 
range  of  initial  longitude)  there  exist.  For  this  reason  and  the  probable  situation  that  future 
auton  ated  spacecrafts  will  perform  flights  to  GEO  in  short  times,  we  discuss  about  the 
minimum-fuel+minimum-time  results.  Another  remark  regards  the  final  station  longitude;  the 
fact  that  we  selected  20  degrees  West  (a  zone  rather  crowded)  for  our  discussion  is  of  no  matter 
for  the  no-drift  concept. 

The  most  important  result  from  Figs.-5a/5c  is  perhaps  the  existence  of  a  launch  window  of  4 
hours  to  within  which  the  spacecraft  fuel  penalty  (with  respect  to  the  impulsive  solution)  ranges 
from  0.7  to  3.3  percent.  Such  values  are  less  than  the  corresponding  excess  fuels  spent  by  most  of 
the  large  current  telecommunication  satellites  which  are  delivered  to  their  station  longitudes  by 
means  of  classical  strategies.  The  amplitude  of  the  above  window  is  of  the  order  of  or  greater 
than  the  usual  telecommunication  satellite  windows.  Beyond  the  3  percent  value,  the  no-drift 
penalty  increases  rapidly  with  the  absolute  value  of  the  initial  spacecraft  longitude.  In  contrast, 
inside  the  window  there  exist  a  quasi-plateau  zone  and  an  optimum  value  of  the  initial  longitude. 
The  fine-structure  of  the  launch  window  partially  depends  on  the  fact  that  thrust  is  to  be  kept 
constant  in  a  burn  for  adding  no  further  complexity  to  the  satellite  AOCS.  That  does  not  allow 
the  thrust  direction  to  be  updated  very  smoothly  as  it  happens  in  unconstrained-in-thrust-direc- 
tion  solution. 

Figure  5b  shows  that  the  minimum  time  solutions  entail  flights  lasting  from  17  to  20  hours.  In 
addition,  the  symmetric  satellite  burn  solutions,  either  equal  delta-V  or  equal  burning  time,  are 
well  within  the  above  window  and  imply  almost  the  same  cost,  namely,  an  excess  of  about  1.7 
percent.  Such  feature  may  be  attractive  from  a  hardware  viewpoint  (for  instance,  the  battery 
subsystem). 

4.2  LEO-GEO  Satellite  Transfer  by  Outer-Stationary  Trajectory 

From  the  data  of  [7,9]  we  have  arranged  a  simulation  of  a  launcher  upper  stage  (a  little 
different  from  the  actual  Centaur)  capable  to  deliver  a  heavy  payload  into  an  outer-stationary  (or 
super-stationaiy)  transfer  trajectory.  The  payload  is  endowed  with  liquid  bi-propellant  to 
perform  two  manoeuvres.  The  first  one  takes  place  at  high  altitude  to  simultaneously  raise 
perigee  and  accomplish  most  of  the  orbital  change;  in  fact,  although  better  in  performance  than 
the  boosters  generally  used  for  inner-stationary  transfers,  the  current  launcher  upper  stages  are 
not  yet  able  to  change  all  of  a  high  inclination  (28.5  deg.  this  case)  for  a  massive  satellite  (2500 
Kg).  The  second  burn  occurs  close  to  the  geostationary  altitude  to  circularise,  including  a  residual 
orbital  change,  and  complete  the  synchronisation  to  the  final  longitude.  Thus,  the  satellite  has  to 
use  its  own  engines  to  transform  a  super-GEO  trajectory  into  a  GEO;  the  two  long  coasting  times 
are  to  be  controlled  (by  the  previous  burnings)  in  such  a  way  the  desired  station  longitude  may 
be  achieved  at  the  end  of  the  last  thrusting.  Such  a  thrusting  is  obviousiy  a  braking  propulsion 
phase. 

Figure  6a  shows  the  launch  window  for  the  outer-stationary  flight  in  terms  of  delta-V  and 
distance  of  the  upper  burning.  The  horizontal  line  represents  the  delta-V  of  the  reference 
impulsive  transfer  of  Fig. -5c,  namely,  1740  m/s  or,  equivalently,  1089.5  Kg  for  a  2500-Kg  310-s 
satellite.  The  apparent  gain  is  plainly  caused  by  the  high-altitude  orbital  change.  Thus, 
incidentally,  the  current  result  also  emphasises  a  particularly  interesting  application  of  what 
proposed  in  Refs.  8,9  about  a  super-stationary  profile.  Figure  6a  is  truncated  on  the  right  at  the 
launcher  limit.  A  launch  window  of  10  hours,  at  least,  exists  for  the  current  case  of  20  West 
station  longitude.  Figure  6b  shows  that  such  transfers  last  from  29  to  38  hours,  a  situation  better 
than  the  sub-stationary  transfer  times  with  respect  to  the  time  required  by  some  satellite 
operation  (e.g.  attitude  acquisition).  The  same  Figure  also  shows  that  there  is  an  interval  of  initial 
longitude  entailing  the  final  thrusting  inside  the  geostationary  orbit,  this  interval  is  followed  by 
another  one  where  the  satellite  approaches  GEO  externally.  Note  that  the  final  right  ascension  is 
always  greater  than  180  degrees  in  the  considered  interval  of  initial  longitudes.  In  contrast  to  the 
inner-stationary  transfer,  the  first  satellite  burning  last  much  more  than  the  second  burning  That 
u  displayed  is  Fig. -6c.  There  is  also  shown  the  upper  stage’s  propellant  excursion,  about  3 
percent  over  the  current  window. 

As  a  general  remark,  we  point  out  that  a  super-stationary  transfer  is  able  to  exhibit  a  large 
window  simply  because  the  transfer  trajectory  arcs  are  not  constrained  to  evolve  to  within  a 
limited  zone  such  as  the  GEO  circle.  In  addition,  trajectory  dispersions  are  more  manageable;  in 
fact,  although  the  launcher  upper  stage  errors  are  amplified  at  high  altitude,  however:  (I)  a  long 
thrusting  there  could  be  adjusted  to  compensate  for  these  errors,  (2)  the  uncertainties  caused  by 
the  apogee  burning  (are  reduced  at  perigee  and)  could  be  corrected  by  the  final  short  manoeuvre 
near  GEO.  The  last  long  (from  12  to  18  hours)  coasting  could  be  easily  observed  from  ground, 
the  full  trajectory  state  may  be  updated  in  real-time  by  means  of  a  filtering  technique,  the 
braking  manoeuvre  may  be  rapiuiy  computed  and  iiie  related  commands  Sent  to  the  satellite  ifi 
time.  In  addition,  the  pseudo-period  of  the  first  quasi-ellipse  could  be  chosen  (by  selecting  the 
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initial  S/C  longitude  (aegj 


FIG. -7  EXAMPLE  OF  SUPER-STATiONARY  TRANSFER  TO  GEO.  THE  FINAL  LONGITUDE 
OF  THE  SATELLITE  ON  GEO  HAS  BEEN  FIXED  AT  20  DEGREES  WEST.  THE  ORBITAL 
INCLINATION  BEFORE  THE  PERIGEE  BURNING  IS  28.5  DEG. 
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appropriate  initial  longitude)  close  to  24  w deieal  houis  (about  86164  s),  namely,  the  first 
transfer  orbit  could  be  a  synchronous  orbit.  This  -..culd  have  the  advantage  to  add  a  few  periods 
for  satellite  and  ground  operations,  without  changing  the  "rendezvous  conditions"  to  the  station 
longitude  and  keeping  the  total  transfer  time  less  than  three  or  four  davs.  Figure  7  and  Tab.-l 
show  an  example  of  outer-stationary  no  drif;  minimum -propellant  transfer  to  insert  a  spacecraft 
into  GEO  at  20  deg.  West  in  longitude. 

TABLE  1.  Parameters  of  the  trajectory  shown  in  Fig. -7. 

Epoch  (before  the  perigee  thrusting):  date  =  1991  Dec.  31 

time  =  17:00:00 

Initial  Spacecraft  Longitude  =  -264.62  deg 

Coasting  +  Launcher  Upper  Stage  Burning  Time 


First  Transfer  Coasting: 
Initial  semi-major  axis 
eccentricity 
inclination 
asc.  node  R.A. 
perigee  argument 
eccentric  anomaly 
longitude 

Final  semi-major  axis 
eccentricity 
inclination 
asc.  node  R.A. 
perigee  argument 
eccentric  anomaly 
longitude 
coasting  time 
satellite  mass 

Super-Stationary  Burning: 
Final  semi-major  axis 
eccentricity 
inclination 
asc.  node  R.A. 
perigee  argument 
eccentric  anomaly 
mass 

longitude 
burning  time 
Thrust:  magnitude 

right  ascension 
declination 

Second  Transfer  Coasting: 
Final  semi-major  axis 
eccentricity 
inclination 
asc.  node  R.A. 
perigee  argument 
eccentric  anomaly 
longitude 
coasting  time 

Braking/Insertion  Burning: 
Final  semi-major  axis 
eccentricity 
inclination 
right  ascension 
declination 
mass 

longitude 
burning  time 
Thrust:  magnitude 

light  ascension 
declination 


=  1274.40  s 


47449.5 

Km 

0.86252 

23.817 

deg 

181.200 

deg 

0.625 

deg 

359.019 

deg 

-181.47 

deg 

47096.5 

Km 

0.86143 

23.806 

deg 

181.126 

deg 

0.76 

deg 

172.262 

deg 

-195.73 

deg 

46833.0 

s 

2500 

Kg 

64944.6 

Km 

0.35079 

1.155 

deg 

183.952 

deg 

1.244 

deg 

177.283 

deg 

1779.3 

Kg 

-210.61 

deg 

4381.8 

s 

500 

N 

Vi.a9 

deg 

16.07 

deg 

6^946.8 

Km 

0.35083 

1.155 

deg 

183.949 

deg 

1.250 

deg 

356.270 

deg 

-20.40 

deg 

82927.8 

s 

42164.3 

Km 

0.00000 

0.00000 

deg 

187.305 

deg 

I.1E-J0 

deg 

1507.5 

Kg 

-20.000 

deg 

1652. a 

s 

500 

N 

96.27 

deg 

-8.22 

deg 

S  CONCLUSIONS 


In  this  paper  we  have  analysed  the  possibility  for  liquid  bi-propeliant  propulsion  telecommunica¬ 
tion  spacecrafts  of  achieving  their  station  longitudes  without  using  the  drift-orbit  strategy.  Two 
configurations  have  been  studied:  (a)  transfer  trajectories  whole  inside  the  geostationary  orbit,  (b) 
transfer  trajectories  going  beyond  the  geostationary  altitude.  Launch  windows  in  terms  of  delta- V 
as  function  of  the  initial  spacecraft  longitude  have  been  carefully  computed  for  both  mission 
configurations.  The  considerable  advantages  of  a  no-drift  profile  with  respect  to  the  traditional 
strategy  have  been  emphasised.  These  are  by  no  means  definitive  in  selecting  a  strategy  to  put  a 
satellite  in  a  GEO  station.  The  spirit  of  this  work  is  to  suggest,  on  a  quantitative  basis,  to  consider 
-  in  a  real  space  project  -  a  careful  trade-off  between  classical  transfers  and  new  transfer  profiles 
offered  by  both  satellite  unified  propulsion  systems  and  high-performance  launcher  upper  stages. 
Such  an  analysis  could  and  should  start  since  the  phase  A  and,  in  any  case,  should  be  completed 
during  the  phase  B. 
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Summary 

There  arc  several  possible  methods  to  increase  the  cross  range  capability  of  a  winged  reentry  vehicle,  for  instance,  skip 
trajectories,  a  powered  cruise  phase,  or  high  lift/drag  ratio  flight.  However,  most  of  these  alternative  descent  strategics 
have  not  yet  been  investigated  sufficiently  with  respect  to  aero-thcrmodynamic  effects  and  the  design  of  the  thermal 
protection  system.  This  problem  is  treated  by  two  different  means.  First,  a  nominal  reentry  trajectory  is  generated 
based  on  a  phase  concept,  and  then  the  same  problem  is  again  solved  using  a  numerical  optimization  code  to  determine 
the  control  functions,  i.c.,  the  angle  of  attack  (AOA)  and  the  roll  angle  schedule. 

The  nominal  reentry  trajectory  design  presented  first  subdivides  the  total  reentry  trajectory  into  several  segments  with 
partially  constant  control/statc  parameters  such  as  maximum  heal  flux  and  deceleration.  The  "optimal'  conditions  for 
a  given  segment  can  then  be  selected  In  contras!,  the  parameterized  optimization  code  selects  the  control  functions 
"freely",  i.c.,  local  perturbations  arc  judged  with  respect  to  the  effect  they  have  on  the  entire  trajectory.  Both  approaches 
consider  a  mass  point  simulation  which  uses  realistic  model  assumptions  for  atmosphere,  earth,  and  gravity.  Likewise, 
both  approaches  satisfy  all  flight  regime  limitations  and  boundary  conditions  such  as  thermal  constraints  throughout  the 
flight  path  and  specified  speed  and  altitude  at  the  final  time.  For  the  optimization  of  high  cross  range  reentry  trajecto¬ 
ries  the  cross  range  per  total  absorbed  heat  represents  an  appropriate  cost  function.  The  optimization  code  delivers  quite 
a  different  flight  strategy  than  that  usually  generated  by  the  nominal  reentry  design  program,  first  flying  longer  along 
the  temperature  boundary  at  highest  possible  AOAs  (utilizing  higher  average  turn  rates),  and  afterwards  performing 
flare-dive  segments  to  reduce  heat  flux  and  to  increase  range. 

Finally,  the  report  considers  the  aspect  of  guiding  the  nominal  or  optimized  reentry  trajectory  during  a  cross  range  flight. 
The  vertical  guidance  is  performed  with  both  angle  of  attack  and  roll  angle  control.  The  roll  angle  is  primarily  used  for 
controlling  sink  speed,  thus  correcting  the  altitude/spccd  profile  to  the  predetermined  nominal  profile.  Range  control  can 
be  affected  by  AOA  modulation  using  predetermined  gradients  as  a  function  of  rangc-to-go. 


1.  Introduction 


Since  European  space  transportation  concepts  such  as  AR1ANE  V/HERMES  and  SAENGER/HORUS  define  new 
mission  requirements  with  respect  to  the  maximum  cross  ranges  of  the  winged  upper  stages,  the  need  for  higher 
lift/drag-ratio  vehicle  design  as  well  as  optimal  control  of  the  reentry  trajectory  flight  path  and  guidance  becomes  in¬ 
creasingly  important. 


Figure  1.  compares  the  nominal  cross  range  requirement  of  several  existing  and  future  concepts.  Due  to  .he  different 
geographical  locations  of  European  landing  sites,  trajectories  yielding  large  cioss  ranges  arc  needed  considering  a  ref¬ 
erence  orbit  300x300  km  and  28.5°  inclination,  th"  Sacngcr-HORUS  g'-.dcr  concent,  for  example  nas  a  minimum  mis¬ 
sion  requirement  of  about  2500  km  cross  range,  in  ~rdcr  to  perform  a  landing  maneuver  on  German  territory.  Even  the 


HERMES  vehicle  needs  1700  to  2000  km  cross 
range  to  achieve  specific  mission  requirements, 
c.g.,  a  landing  at  Istrc  In  addition,  the  required 
angle  of  attack  in  the  hypersonic  regime  differs 
greatly  among  the  vehicle  types.  Compared  to 
the  successful  SHUTTLE  concept,  the  Sacngcr 
modei  shows  a  significant  decrease  from  40° 
down  to  around  25°,  which  also  yields  increasing 
aero-thcrmodynamic  loads  (heat  flux  and  total 
absorbed  heat).  For  the  HERMES  vehicle,  the 
AOAs  required  in  the  hypersonic  regime  arc  on 
the  order  of  32°  to  35°. 

Four  different  flight  strategics  have  been  identi¬ 
fied  for  the  purpose  of  flying  extended  cross 
range  trajectories: 

•  Nominal  Trajectories  (High  L/D) 

•  Skipping  T rajcctories  (See  Ref.  1 .) 


O 

IhqrusI 


Spoce  Gliders 
O  «•  Soeng«r/HORUS 
A  -Hermes 
'  -Shuttle 


| HERMES )  \ 


A  -f  ^  |  SHUT  Tit  | 


25.0  30  0  33  O  40  O 

AOa  in  the  hypersonic  regime  (Degrees) 


•  Reentry  Trajectories  with  a  Boost  i’hasc 
(H  =50  Km)  (See  Ref.  2.) 

»  Optima!  No-Skip  'I  rajcctory  Control 
( t  <  0) 


Fig,  1.  Nominal  cross  range  mission  requirement  for  several 
space  glider  concepts. 


1  ne  basic  effects  on  the  design  of  a  thermal  protection  system  (TPS)  and  the  corresj/onding  heal  load  assessments  arc 
described  in  Ref.  2.  The  main  design  drivers  for  a  TPS  for  high  cross  range  mission  requirement  are  identified  ir,  Ref. 

2  as: 


•  Maximum  heat  flux  level  determines  selection  of  TPS  material 

•  Total  accumulated  heat  dimensions  the  TPS  ovcrali  weight 

•  Max.  temperature  gradients  influence  the  mechanical  strength  of  the  TPS. 
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This  paper  deals  with  the  aspect  of  optimizing  the  control  function'  of  a  nominal  trajectory  in  order  to  fly  a  certain 
cross-range  at  the  lowest  possible  heat  loads.  The  conventional  method  of  achieving  a  high  cross  range  is  to  fly  at  the 
highest  lift/drag-ralio  levels  which  can  be  utilized  inside  the  flight  regime  limitations  for  as  long  as  possible  during  a  re¬ 
entry  mission  However,  such  a  flight  strategy,  due  to  the  extended  flight  time,  leads  to  high  values  of  total  absorbeo 
heat  with  the  corresponding  adverse  effects  on  the  thermal  protection  system  design.  Hem..’  .is a  optimization  performed 
consists  of  minimizing  the  absorbed  heat  for  a  given  cross  range,  without  violating  the  max.  reference  heat  flux  level  of 
the  corresponding  nominal  trajectory  too  much. 


2.  Control  Function  Effectiveness 


The  control  functions  for  the  reentry  trajectory  arc  the  angle  of  attack,  a,  a.id  the  roll  angle,  p. 

This  section  summarizes  the  influence  of  the  control  functions  on  the  long  period  trajectory  dynamics  (mass  point  sim¬ 
ulation).  Whenever  the  trajectory  lies  above  the  equilibrium  glide  condition  (balance  of  lift,  centrifugal  force,  and 
weight),  the  actual  vertical  lift  is  less  than  needed  to  maintain  a  horizontal  glide  trajectory;  for  flight  below  this  condi¬ 
tion,  the  opposite  is  true.  As  a  result  the  vehicle  performs  long  period  oscillations  around  the  equilibrium  glide  trajec¬ 
tory.  This  trajectory  motion  possesses  dynamic  stability  for  speeds  below  circular  speed. 

In  order  to  understand  the  following  nominal  reentry  trajectory  design,  the  typical  control  function  effectiveness  on  the 
flight  dynamics  is  discussed  briefly.  A  change  in  the  angle  of  attack,  for  example,  results  in  a  sudden  change  of  the  total 
lift/drag  situation  (fixed  dCi_/da  characteristic),  however,  a  change  in  the  roll  angle  changes  "only'  the  vertical  lift 
component.  This  control  characteristic  of  the  total  aerodynamic  forces  is  used  for  the  design  of  nominal  reentry  trajec¬ 
tories  and  the  vertical  guidance  of  a  glider. 


Figure  2  uses  a  simple  block  diagram  to  illustrate  the  relationship  of  both  controls  on  the  flight  dynamics.  (See  Ref.  3.) 
The  control  of  downrangc  by  lift  constitutes  a  fourth-order  system,  involving  vertical  velocity,  altitude,  horizontal  ve¬ 
locity,  and  downrange.  (This  is  the  product  of  four  integrations,  I/s,  where  I/s  is  the  differential  operator  notation.) 
The  lift  force  is  acting  essentially  in  the  vertical  direction  and  affects  the  rate  of  change  of  the  vertical  velocity.  The  in¬ 


tegration  (1/s)  of  the  vertical  velocity  gives  a  vari¬ 
ation  in  density  altitude.  This  change  in  density 
affects  the  drag  force  and  consequently  the  rate  of 
change  in  horizontal  velocity.  An  integration  of  the 
horizontal  velocity  results  in  variations  in  the 
range  along  the  path. 

The  change  of  vertical  lift  can  be  generated  by 
both  controls,  but  a  direct  change  in  the  total  drag 
can  only  be  achieved  by  a  change  in  AOA.  Nev¬ 
ertheless,  as  a  secondary  control  effect,  total  drag 
can  also  be  modulated  by  flying  at  a  different 
density  altitude,  which  is  also  possible  by  changes 
of  the  vertical  velocity,  controlled  by  the  roll  angle. 
In  principle,  the  roll  angle  control  would  be  suffi¬ 
cient  to  fly  a  nominal  reentry  trajectory,  which  has 
a  specified  range  requirement.  Thus,  for  the  design 
of  a  nominal  reentry  trajectory  the  roil  angle  pri¬ 
marily  controls  altitude  inside  the  flight  regime  li¬ 
mitations,  and  the  angle  of  attack  level  primarily 
determines  the  downrange.  Additionally,  there  arc 
flight  segments,  in  which  both  controls  need  to  be 
used,  for  example,  in  the  final  descent  to  the  ter¬ 
minal  area  in  which  final  speed  and  altitude  re¬ 
quirements  must  be  matched. 


CONTROLS 


VERTICAL  VELOCITY 


HORIZONTAL  VELOCITY 


RELATIONSHIP  CONTROL  AND  DYNAMICS 


P'g-  2.  Schematic  diagram  of  control  function  effects  on 
flight  dynamics. 


3.  Operational  Constraints 

In  addition  to  the  requirement  of  having  sufficient  cross  range  to  reach  a  certain  landing  site  from  a  fixed  orbit,  the  re¬ 
entry  trajectory  has  to  satisfy  several  operational  constraints.  These  constraints  result  from  the  limited  load  capacity  of 
the  structure  and  the  thermal  protection  system,  as  well  as  from  comfort  considcrtions  for  the  crew  on  board.  (See 
Appendix  I. ) 

Figure  3,  m  an  altitude  versus  speed  plot,  shows  the  relevant  constraints  and  the  nominal  reentry  corridor  for  a  descent 
from  a  low  earth  cicular  orbit  (H  “460  km)  with  28.5°  inclination.  These  constraints  arc  a  function  of  both  Mach 
number  and  (with  the  exception  of  the  dynamic  pressure  limit)  angle  of  attack.  For  determining  the  limit  lines,  the 
AOAs  along  the  specd/altitude  profile  of  the  nominal  trajectory  arc  used,  i.c.  for  a  given  speed,  the  altitude  limits  are 
calculated.  The  shaded  area  between  the  highest  and  lowest  nominal  path  is  the  nominal  atmospheric  entry  corridor. 
Any  actual  guided  trajectory  is  assumed  to  lie  within  this  area  which  takes  into  account  all  types  of  nonstan  Jard  con¬ 
ditions,  such  as  density  deviations  or  errors  in  the  predicted  aerodynamic  data.  The  two  extreme  trajectories  arc  deter¬ 
mined  from  the  standard  nominal  trajectory  by  adding  a  deceleration  margin  of  ±20%.  This  corresponds,  for  example, 
to  a  deviation  in  density  of  +  ?0% 

The  temperature  limit  curve  in  Fig.  3  represents  an  envelope  of  the  different  temperature  limits  corresponding  to  critical 
points  on  the  surface  of  the  vehicle,  for  example,  at  the  stagnation  point  of  the  fuselage  or  on  the  body  flap.  This  en¬ 
velope  is  also  a  function  of  the  angle  of  attack  and  is  difficult  to  compute.  The  reference  heat  flux  limitation  can  be  taken 
as  a  substitute  for  the  temperature  limits  if  they  arc  not  available.  The  reference  heat  flux  is  the  heat  fiux  at  the  stag¬ 
nation  point  of  a  sphere  with  1  meter  radius  and  is  (as  a  first  approximation)  proportional  to  the  wall  temperature  at 
this  point  The  temperature  constraint  limits  the  reentry  path  at  altitudes  between  70  an  80  km,  which  is  the  portion 
of  the  trajectory  at  which  the  first  flare  occurs. 

In  addition  to  the  absolute  wall  temperatures,  the  total  accumulated  heat  during  reentry  is  also  of  interest.  This  value 
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determines  the  heat  buildup  inside  the  structure  and  is  a  design  parameter  to  be  minimized.  The  absorbed  heat  is 
strongly  influenced  by  the  flight  time.  To  find  the  best  compromise  between  having  sufficient  cross  range  and  minimizing 
the  absorbed  heat  is  an  optimization  problem.  The  absorbed  heat  in  this  report  always  means  the  integrated  reference 
heat  flux. 

The  dynamic  pressure,  the  load  factor,  and  the  hinge  moment  represent  the  structural  loads.  In  the  example  presented, 
the  allowable  hinge  moment  limits  the  reentry  trajectory  at  medium  velocities  (roughly,  12  <  Mach  <  18)  while  the 
dynamic  pressure  becomes  critical  towards  the  end  of  the  trajectory  (Mach  <  9). 

Skip-out  and  recovery  ceiling  arc  not  considered  here  for  the  design  of  nominal  trajectories  at  circular  entry  speeds. 


4.  Physical  Modeling 

The  modeling  of  the  vehicle  is  based  on  a  realistic  physical  model  including  the  equations  of  motion  with  all  physical 
effects  that  influence  the  trajectory  (See  Appendix  2.).  Since  the  use  of  analytic  models  having  simplified  assumptions 
for  earth,  gravity,  and  atmosphere  can  lead  to  sizeable  discrcpencics  compared  to  results  obtained  with  detailed  modeling 
of  these  features  (see,  c.g.,  Ref.  4),  the  model  considered  incorporates  the  following: 

•  Earth  form  :  GEM  10  (rotating  ellipsoid) 

•  Gravity  •  radial  and  lateral  components  of  gravity  arc  taken  into  account 

•  Atmosphere  :  US  Standard  1966  mid  latitude  sprmg/fall 

•  Reference  heat  flux  :  Dctra/Kemp/Riddcll  cold  wall  (reference  radius  I  m) 


The  three  equations  of  motion  (force  equations)  arc  given  with  respect  to  the  earth  fixed  system  using  the  spherical  co¬ 
ordinates  longitude,  latitude,  and  altitude.  The  earth  modeling  includes  the  (1)  oblatcncs  of  the  earth  which  results  in 
radial  and  lateral  components  of  the  gravity,  and  (2)  the  constant  earth  rotation  which  leads  to  additional  terms  in  the 
differential  equations.  The  gravity  and  the  atmospheric  data  are  functions  of  both  the  geometric  altitude  and  the  lati¬ 
tude  (Ref.  5). 

The  temperature  over  altitude  profile  of  the  standard  atmosphere  consists  of  several  linear  segments  with  abrupt  slope 
changes.  Using  such  a  model  gives  a  simulation  of  a  constant  heat  flux  phase  with  unrealistic  jumps  in  the  roll  angle 
profile  occurring  at  these  slope  discontinuities  in  the  temperature  profile.  ~o  avoid  these  unrealistic  edges,  the  temper¬ 
ature  profile  has  been  smoothed  by  inserting  circular  arcs  in  the  regions  of  abru  't  slope  change.  These  modifications 
provide  a  smooth  temperature  profile  and  atmosphere.  To  investigate  non-standard  atmosphere  profiles  it  is  n"w  possi¬ 
ble  to  define  a  factor  on  the  oensity  as  a  function  of  the  altitude  and  to  define  the  sea-level  conditions. 

The  reference  heat  flux  is  a  characteristic  design  parameter  for  comparing  two  trajectories  with  respect  to  the  thermal 
loads.  In  first  approximation,  the  reference  heat  Pux  is  proportional  to  the  temperature  occuring  at  the  stagnation  point 
of  the  fuselage.  The  model  defines  the  heat  flux  as  being  that  at  the  stagnation  point  of  a  sphere  with  one  meter  radius. 

The  aerodynamic  data  arc  given  in  the  form  of  trimmed  aerodynamic  coefficients.  These  coefficients  for  lift,  drag,  and 
hinge  moment  arc  functions  of  the  angle  of  attack  and  the  Mach  number.  The  discrete  tabular  data  arc  interpolated  li¬ 
nearly. 

The  control  parameters  for  influencing  the  reentry  path  arc  the  angle  of  attack,  a,  and  the  roll  angle,  p.  For  the  deorbit 
maneuver  a  constant  thrust  in  the  X-body  axis  direction  is  used  After  this  deorbit  impulse  (which  determines  the  slate 
parameters  at  the  entry  interface,  120  km  altitude),  no  more  thrust  is  available  for  the  atmospheric  reentry  trajectory. 

To  compute  the  nominal  reentry  path,  the  control  functions  arc  selected  so  as  to  maintain  a  specified  constant  state 
parameter  level,  c  g.,  a  heat  flux  of  375  kW/m*,  and  are  input  for  the  simulation  module  (See  Appendix  A2.)  using  the 
above  physical  model  (The  optimization  package,  on  the  other  hand,  selects  the  controls  using  the  strategy  outlined  in 
Section  6.)  In  either  ease,  the  trajectory  is  the  result  of  a  real  point  mass  simulation  with  all  dynamic  effects. 

The  boundary  conditions  of  the  trajectory  are : 

•  Initial  condition  :  Stale  parameters  of  the  orbit  at  begin  of  deorbit  maneuver. 

•  Final  condition  Altitude  "  24  5  km,  Mach  »  2  (Start  of  terminal  a-ca  energy  management  phase) 


5.  Nominal  Reentry  Trajectory  Design 

Nomina!  trajectories  arc  required  to  provide  reference  data  for  a  flight  control  system.  For  the  nominal  design  loop,  only 
standard  conditions  without  disturbances  in  the  atmosphere  or  in  aerodynamics  data  arc  considered.  Such  disturbances 
are  then  later  incorporated  for  determining  a  complete  flight  path  corridor. 

A  very  simple  and  yet  effective  method  for  satisfying  all  constraints  and  boundary  conditions  during  reentry  consists  of 
subdividing  the  path  into  segments,  each  of  which  is  dominated  by  a  specific  critical  parameter,  c.g.,  by  heat  flux  or 
deceleration.  The  magnitude  of  these  parameter*  determine:  the  altitude, ’speed  putfile  of  iiiu  pain  as  weii  as  tnc  transi¬ 
tion  points  between  the  various  phases.  (See  Refs.  6  and  7.) 

During  each  phase,  a  certain  schedule  of  the  control  function  is  required  to  satisfy  the  fixed  parameter  level  The  end 
of  one  phase  is  reached,  when  the  parameter  of  the  subsequent  phase  becomes  a  more  critical  parameter  than  the  current 
one.  Accordingly,  by  a  variational  study  of  these  phase  parameter  magnitudes,  a  sub-optimal  solution  for  the  complete 
trajectory  can  be  found. 

Special  effort  has  been  made  to  obtain  a  smooth  transition  between  these  phases.  A  direct  concatenation  of  the  phases 
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would  cause  jumps  in  some  state  variables,  especially  in  the  path  angle.  To  avoid  these  difficulties,  several  short  transi¬ 
tion  phases  have  been  inserted  between  the  main  phases. 

All  segments  of  the  reentry  trajectory  (deorbit  mancuve: ,  Keplerian  flight  path,  atmospheric  flight  phasis)  are  calculated 
with  the  equations  of  motion  (given  in  Appendix  2)  ana  with  the  physical  model  described  in  the  previous  chapter .  The 
program  takes  the  initial  state  variables  at  the  dcorbit  point  (defined  as  time  t  -  0)  and  calculates  the  path  in  fixed  time 
steps.  Thus,  a  real  mass  point  simulation  is  performed,  which  incorporates  all  dynamic  effects.  Due  to  the  iterative 
selection  of  one  control  function  at  each  time  interval  (which  is,  in  principle,  a  simple  vertical  guidance  concept),  dis¬ 
turbances  in  atmosphere  and  errors  in  the  predetermined  aerodynamic  coefficients  can  be  analyzed  which  still  give  tra¬ 
jectories  lying  within  the  flight  path  corridor. 


The  next  chapters  describe  the  different  flight 
phases.  Figures  3  and  4  show  (1)  the  profiles  of 
altitude  and  deceleration  over  velocity  and  (2) 
the  controls  as  functions  of  time  for  the  phases 
described.  These  results  are  also  illustrated  in 
Table  1. 


ALTITUDE  OVER  VELOCITY 

ORBIT:  400*460  KM/88.5  DEG  «g=35  DEG  y^-1.44  DEO 
dq/dtm»x=3B0  kW/m**2  dv/dtnominill=-7.  m/>**8 


5.1  Hypersonic  Flare 

The  first  phase  after  the  deorbiting  maneuver  is 
the  initial  flare  in  the  hypersonic  Mach  regime 
which  begins  at  a  defined  entry  interface  of  120 
km  altitude.  Although  the  atmosphere  above 
this  altitude  has  been  taken  into  account  during 
the  computation  of  the  deorbit  maneuver,  the 
density  effects  on  the  magnitude  of  the  aero¬ 
dynamic  forces  actually  fust  become  significant 
during  the  computation  of  the  hypersonic  flare, 
i.c.,  only  in  the  regime  below  120  km  altitude. 

During  the  hypersonic  flare  the  angle  of  attack  g 
a  -  a-entry  remains  constant  and  the  rol1  angle  Jjj 
is  zero  (giving  maximum  possible  vertical  ljf.).  v 

S 

The  reentry  path  angle  and  the  maximum  avail¬ 
able  lift  both  have  a  strong  effect  on  the  maxi¬ 
mum  temperatures  oc.t  r ing  djfing  the  first  part 
of  the  reentry  trajectory.  Forgiven  aerodynamic 
characteristics  and  wing  loading,  Fig.  J  shows 
the  relationship  between  (1)  the  angle  of  attack 
durins  the  initii  ■  reentry  phase,  (2)  the  entry 
path  angle,  and  (3)  the  maximum  reference  heat 
flux.  Since  a-entry  has  be  withic  certain 
boundaries  which  result  from  thermal  require¬ 
ments,  the  maximum  allowable  heat  flux  defines 
the  entry  window  of  the  path  angle.  The  thermal 
angle  cf  attack  corridor  used  in  this  report  ranges 
between  32°  and  40°  and  is  active  as  long  as  the 
reference  heat  flux  is  above  175  kW/mJ.  y-entry 
is  determined  jy  the  selection  of  a  defined  dcor¬ 
bit  impulse,  i.e.  the  duration  of  the  dcorbit  en¬ 
gine  burn,  with  the  requirement  to  achieve  a 
specified  heat  flux  at  the  -'nd  of  the  first  fiarc  in 
the  hypersonic  regime. 

The  end  of  the  hypersonic  fiarc  (or  the  start  of 
the  heat  flux  phase)  is  defined  as  the  point  at 
which  the  heat  flux  begins  to  decrease  again 
(path  angle  nearly  zero). 
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5.2  Heat  Flux  Control  Phase 

The  heat  flux  control  phase  is  initiated  by  a  roll 
angle  buildup,  which  is  required  in  order  to  avoid 
an  uncontrolled  dipping  of  the  vehicle  into 
higher  atmosphere.  The  objective  is  to  obtain  a 
flight  path  which  has  a  continuous  decrease  in 
both  speed  and  altitude  and  which  also  complies 
with  the  thermal  limitations  (max.  wall  tcmpci- 
atutc). 

This  requirement  can  be  met  by  keeping  the  ref¬ 
erence  heat  flux  constant  at  the  maximum  value 
of  the  preceding  flare  phase.  As  already  stated, 
this  approximately  corresponds  to  constant  wall 
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Fit.  3.  Altitude  vs  Speed  profile  for  nominal  reentry  corridor 
(showing  phase  concept  partitioning,  equilibrium 
glide  condition,  and  active  constraints)  along  with  the 
control  functions:  a  and  p  as  functions  of  speed. 
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'cmpcraturc.  Flight  path  control  during 
this  phase  is  performed  by  roll  angle  ad¬ 
justment,  while  the  angle  of  attack  is  held 
constant  (at  a-entry).  Constant  heat  flux 
during  this  phase  simultaneously  corre¬ 
sponds  to  a  continuous  buildup  of  decel¬ 
eration. 

5.3  Transition  Phase 

The  steadily  increasing  dcccic lion  during 
the  heat  flux  control  phase  is  combined 
with  increasing  load  factors.  To  limit  the 
load  factor  to  the  maximum  allowable  va¬ 
lue,  it  is  necessary  to  limit  the  deceleration 
of  the  preceding  phase.  This  can  now  be 
done  by  controlling  the  deceleration  via 
the  angle  of  attack.  To  obtain  a  constant 
deceleration  level,  decreasing  angles  of  at¬ 
tack  arc  required  as  the  altitude  decreases. 


However,  decreasing  the  AOA  also  implies 
higher  thermal  loads,  which  could  lead  to 
a  violation  of  the  thermal  limits.  Hence, 
prior  to  reaching  the  maximum  deceler¬ 
ation  limit,  a  reduction  of  the  heat  flux 
level  is  necessary  to  provide  for  a  regime 
within  which  the  AOA  can  be  adjusted 
without  violating  the  thermal  angle  of  attack  corridor.  This  is  the  purpose  of  the  transition  phase. 

The  reduction  of  the  heat  flux  is  achieved  by  limiting  the  increasing  sink  rate.  In  the  transition  phase,  the  roll  angle 
controls  the  sink  rate,  while  a  is  held  constant  at  a-entry.  The  sink  rate  slowly  stagnates  to  a  constant  value,  and  the 
deceleration  continues  to  increase. 

The  transition  phase  ends  when  the  maximum  deceleration  is  reached.  This  maximum  deceleration  needs  to  be  limited. 

5.4  Deceleration  Control  Phase 

In  the  deceleration  control  phase,  the  magnitude  of  maximum  deceleration  is  used  as  a  dimensioning  phase  parameter. 
Deceleration  during  this  phase  is  held  constant  by  a  continuous  reduction  of  the  angle  of  attack  ( v  max  «>  const).  Its 
magnitude  also  determines  the  maximum  load  factor  that  occurs,  and  it  also  has  a  great  effect  on  cross  range  and  lon¬ 
gitudinal  range,  yielding  reduced  distances  for  high  values  of  deceleration. 

Additionally,  the  sink  rate  is  held  constant  m  order  to  keep  the  dynamic  pressure  at  a  moderate  level  at  the  end  of  this 
phase  The  sink  rate  at  the  end  of  the  preceding  transition  phase  can  be  sustained  throughout  the  deceleration  phase 
by  continuously  adjusting  the  roll  angle.  This  limitation  of  the  sink  rate  prevents  the  dynamic  pressure  constraint  at  the 
end  of  this  phase  from  being  exceeded.  It  also  increases  the  flight  time  and,  consequently,  the  cross  range  of  the  vehicle. 

5.5  End  Phase 

The  purpose  of  the  final  reentry  phase  is  to  ensure  that  the  end  condit.onsarc  in  compliance  with  the  starting  conditions 
defined  for  the  landing  phase,  generally  referred  to  as  the  "Terminal  Area  Energy  Management  Phase"  (TAEM).  This 
is  achieved  by  predetermined  profiles  for  deceleration  and  sink  rate.  These  profiles  ( v  (H)  and  v,  arc  determined  such 
that,  at  the  defined  final  altitude,  a  defined 
speed  is  also  obtained. 

The  end  phase  starts  at  a  fixed  Mach  number 
(c.g.  Mach -10),  with  the  corresponding  alti¬ 
tude,  deceleration,  and  sink  rate  as  obtained 
from  the  preceding  deceleration  phase.  As  in 
the  deceleration  phase,  a  is  used  to  maintain  a 
predetermined  deceleration  profile,  and  the  roll 
angle  is  used  to  adjust  the  sink  rate.  Deceler¬ 
ation  as  well  as  the  sink  rate  at  the  defined  final 
altitude  arc  free  parameters.  However,  by  as¬ 
suming  a  linear  change  in  the  sink  rate  vs(H) , 
and  a  parabolic  change  in  the  deceleration 
Y  (with  vertex  at  the  phase  starting  point),  one 
of  the  two  free  parameters  becomes  fixed,  if  the 
other  one  is  assigned  a  specified  value. 

5.6  Main  Design  Parameters 

The  reentry  path  is  mainly  influenced  by  the  ,  .  .  , 

hypersonic  angle  of  attack  a-entry  and  by  the  Table  1.  Phase  structure  of  nominal  trajectory:  critical  pa- 
maximum  deceleration  during  the  deceleration  rameters  and  switching  conditions 

control  phase.  These  two  parameters  determine 
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Fig.  4.  Deceleration  vs  Speed  profile  for  the  entire  reentry 
path  corridor. 
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the  ranges  and  the  absorbed  heat  and  can 
be  chosen  freely  within  certain  bounds.  A 
third  important  parameter  is  the  value  of 
the  maximum  heat  flux  in  the  heat  flux 
control  phase.  This  value  corresponds  to 
the  maximum  wall  temperature  reached 
and  also  has  a  strong  influence  on  ranges 
and  absorbed  heat.  In  this  study  the  max¬ 
imum  heat  flux  is  held  fixed  and  is  deter¬ 
mined  through  the  maximum  allowable 
wall  temperature  for  the  nominal  reentry 
path.  The  reference  orbit  for  the  following 
results  is  a  460  km  circular  orbit  with 
28.5°  inclination. 

In  Fig.  5  the  absorbed  heat  and  the  longi¬ 
tudinal  range  arc  presented  as  functions 
of  cross  range,  showing  the  effect  of  a 
variation  in  a-entry.  The  main  effect  of  a 
change  in  a-entry  is  a  change  in  the  hy¬ 
personic  L/D  ratio.  The  greater  the  value 
of  a*cntry,  the  worse  the  resulting 
L/D-cntry.  The  fact  that  a-entry  remains 
constant  for  a  long  time  during  reentry 
greatly  influences  the  resulting  trajectory. 
The  longitudinal  range,  as  well  as  the  cross 
range,  increases  as  a-entry  decreases.  The 
longer  ranges  require  a  longer  flight  time 
for  the  path,  which  results  in  a  higher  ab¬ 
sorbed  heat,  meaning  a  larger  loading  on 
the  thermal  protection  system. 

If  the  orbit  and  the  landing  site  are  speci¬ 
fied,  the  required  cross  range  is  fixed.  The 
plots  show,  the  maximum  value  of  a-entry 
that  one  can  have  and  still  satisfy  the  cross 
range  requirement.  This  maximum  a-en¬ 
try  should  be  chosen,  because  lower  values 
would  increase  the  thermal  load  (absorbed 
heat).  The  specific  thermal  load  (defined 
as  the  ratio  of  absorbed  heat  per  cross 
range)  becomes  smaller  for  greater  values 
of  a-entry.  a-entry  is  bounded  through  the 
thermal  angle  of  attack  corridor  (in  this 
example  between  32°  and  40°). 

Figure  5  also  shows  the  results  of  the  var¬ 
iation  of  the  maximum  deceleration  during 
the  deceleration  phase.  An  increase  in  the 
deceleration  results  mainly  in  a  decrease  in 
the  flight  time.  For  a  larger  deceleration, 
a  larger  a  is  necessary  to  increase  the  drag. 
A  higher  a  causes  more  lift,  so  that  a 
higher  roll  angle  is  necessary  to  maintain 
the  same  vertical  lift  force.  The  decreasing 
flight  time  shortens  the  ranges  and  also 
decreases  the  absorbed  heat. 


MAIN  DESIGN  PARAMETER 

ORBIT:  460*480  KM  /  28.5  DEG 
Varialion  of  aE  and  dv/dtnomlnal 


Fig.  5.  Absorbed  heat  and  longitudinal  range  as  functions 
of  cross  range,  showing  effects  of  a-entry  and  decel¬ 
eration  bounds. 


The  specific  thermal  load  becomes  smaller  with  smaller  decelerations.  But  this  effect  is  reversed  when  a  certain  mini¬ 
mum  deceleration  is  reached  (in  this  example  about  -6  m/s2).  With  smaller  decelerations,  the  roll  angles,  and  thus  the 
turnrates  during  reentry  become  very  small.  The  smaller  turnrates  then  decrease  the  cross  range,  thus  increasing  the 
specific  thermal  load. 


6.  Optimal  Trajectories  with  STOMP 

The  reentry  trajectory  problem  discussed  in  Section  5  has  been  investigated  further  using  the  parameterized  optimization 
program,  STOMP  (Ref.  8).  The  STOMP  package  is  an  MBB  improvcd/cxtcndcd  version  of  Trajectory  Optimization 
by  Mathematical  Programming  (Ref.  9).  (The  "S' stands  for  'speedy' due  to  the  features  recently  incorporated  for  re¬ 
ducing  CPU  time.)  In  this  section,  we  discuss  recent  improvements  made  to  STOMP  at  MBB,  and  how  these  im¬ 
provements  have  been  effective  in  determining  optimal  trajectories  for  high  cross  range  reentry  problems.  The  modei 
used  is  the  same  as  that  in  Section  5,  with  the  control  functions  and  the  final  time  to  be  selected  by  the  STOMP  package 
rather  than  by  the  controls  laws  discussed  earlier.  No  phase  concept  is  incorporated.  Rather  the  optimization  package 
itself  determines  the  optimal  strategy. 

6.1  Cost  Function  and  Boundary  Constraints 

The  STOMP  program,  used  in  conjunction  with  a  parameterized  optimization  code,  is  required  to  minimize  a  user-sup¬ 
plied  function  while  satisfying  given  constraints  at  the  final  time  (and/or  throughout  the  entire  flight  path).  These  con- 
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straints  may  be  either  equality  or  inequality  constraints. 

Applied  to  a  Hermes  or  Horus,  no-skip,  reentry  trajectory  problem,  a  typical  cost  function  would  be 
To  minimize;  Total  absorbed  heat  per  cross  range 
while  satisfying  the  equality  constraints  at  the  final  time: 

Mach  number  ■  2.0  Altitude  -  24.5  km 

Boundary  constraints  arc  imposed  throughout  the  entire  flight  path;  (I)  the  thermal  and  structural  limits  in  Section  3, 
as  well  as  (2)  the  no  skip  condition,  'imax  <  0 .  A  function,  f-violation  is  defined  which  measures  any  violation  of  these 
constraints,  and  the  STOMP  program  drives  this  violation  towards  zero  by  imposing  the  inequality  constraint:  f-vio- 
lation  <  cps  at  the  final  time. 


6.2  Control  Functions  and  Design  Parameters 

The  STOMP  package  receives  a  set  of  'points'  from  the  parameterized  optimization  code  and  constructs  continuous 
control  functions  out  of  subsets  of  these  points.  In  addition,  STOMP  labels  a  subset  of  the  points  as  design  parameters, 
c.g.,  final  time.  Control  functions  for  the  reentry 
trajectory  arc  angle  of  attack,  a(t),  and  roll  angle, 

P(0- 


6.2.1  Definition  of  Control  Functions 
The  control  functions  arc  defined  as  follows’ 

c 

1.  The  user  defines  a  set  of  grid  points  for  each  » 
control  function.  (Sec  Fig.  6.)  | 

These  grid  points  arc:  (I)  distinct  points  in 
time,  (2)  they  need  not  be  evenly  spaced,  and  | 
(3)  each  control  function  may  have  different  g 
spacings.  Most  important,  the  user  may  dcs-  » 
ignatc  any  of  the  points  to  be  'movable',  and 
the  positioning  will  be  selected  optimally  dur¬ 
ing  the  solution  of  the  problem,  i.c.,  these 
points  become  elements  in  the  optimization 
vector. 


2.  Subsets  of  the  optimization  parameter  vector  Fig.  6.  Typical  control  function  with  both  'fixed'  (0)  and 
will  then  be  used  to  define  the  control  func-  'movable'  (•)  control  points  and  grid  points, 

tionsat  the  grid  points. 


These  control  function  values  at  the  grid  points  may  be  designated  as  'fixed'  or  'free'.  The  fixed  values  are  not 
changed  during  the  solution;  the  free  points  are  adjusted  during  the  optimization  process. 


3.  The  controls  arc  defined  as  a  function  of  time  by  connecting  the  values  defined  at  the  grid  points  using:  (I)  linear 
segments,  (2)  cubic  splines,  or  (3)  spline  and  linear  sub-segments. 


4.  The  user  may  place  upper  and  lower  bounds  on  all  movable  control  points  and  on  all  movable  grid  points. 

5.  The  structure  of  each  control  function  is  independent  of  the  other  controls  in  type,  grid  spacing,  bounds,  etc. 


6.2.2  Improvements  in  STOMP  concerning  Control  Functions 

The  movable  grid  point  feature  is  one  of  the  most  important  new  aspects  in  the  STOMP  program.  Such  points  permit 
optimal  positioning  of  sudden  changes  in  the  control  functions,  c.g.,  placement  of  roll  reversals,  and  they  allow  for  po¬ 
sitioning  of  local  maximum  and  minimum. 

For  example,  the  reentry  problem  requires  a  strong  roll  in  the  early  part  of  the  trajectory  followed  by  a  roll  back  toward 
ZCO  to  avoid  violating  thermal  and  structural  constraints.  STOMP  can  position  both  the  onset  of  the  roll  and  the  time 
corresponding  to  the  minimum  value  of  the  function  for  an  optimal  roll  back  point.  (Naturally  the  magnitude  of  the  roll 
is  also  optimized.) 

'Fixed'  and  'free'  points  in  the  control  function  can  be  switched  on  and  off  easily  (between  optimization  runs)  so  that 
the  model  can  be  adapted  during  development  as  the  user  detects  'problem  areas." 

In  general,  linear  control  functions  are  used  because  tin.  STOMP  program  has  features  which  reduce  the  CPU  lime  by 
about  30%  over  that  required  using  the  smoother  cubic  splines.  A  splinc/linc  control  is  also  available  which  has  user- 
selected  combinations  of  spline  and  linear  segments.  The  splinc/linc  feature  has  some  CPU  reduction  potential  and 
provides  more  smoothness  than  the  linear  functions. 

6.2.3  Design  Parameters 

The  STOMP  program  also  supplies  design  parameters:  scalar  parameters  which  can  be  incorporated  into  the  model.  In 
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the  reentry  problem,  the  final  time  is  used  as  a  design  parameter  to  be  adjusted  optimally.  The  most  frequent  use  of 
design  parameters  is  to  supply  switching  times  for  which  changes  in  the  system  occur,  e.g.,  the  time  to  eject  the  thrust 
system.  However,  the  design  parameters  need  not  be  time-related. 

6.3  System  Modeling  and  the  Integration  Package  Root-solver 

The  STOMP  program  is  linked  with  a  Rungc-Kutta-Fchlbcrg  integration  package  which  has  been  adapted  to  locate  all 
zero  points  of  a  user-supplied  vector  of  stopping  conditions  (Refs.  10  and  11.)  The  root-solver  is  an  excellent  tool  for 
constructing  differential  equation  systems  in  which  branching  occurs. 

For  example,  the  thermal  angle  of  attack  corridor  in  Hermes  reentry  problem  is  in  effect  until  the  heat  flux  is  175 
kW/m*.  By  defining  a  stopping  condition:  PHI  -  q  - 175  ,  a  new  branch  of  a  control  function  could  be  activated  at 
the  time  for  which  PHI  -  0.  Switching  out  of  the  thermal  corridor  optimally  reduces  computing  time.  The  alternative 
is  for  the  optimizer  to  isolate  the  switching  time  using  penalty  functions  which  requires  more  CPU  time. 

The  user  may  also  specify  time-values  as  stopping  conditions.  These  are  located  particularly  efficiently  and  enable  the 
user  to  define  branching  accurately. 

7.  Optimization  Results 

While  the  nominal  reentry  trajectories  (generated  by  introducing  partially  constant  control  and/or  state  parameters 
during  prescribed  phases  of  the  flight  path)  provide  good  cross  range  and  acceptable  total  absorbed  heat  values,  control 
schedules  can  be  determined  which  generate  flight  paths  having  even  more  favorable  conditions.  The  application  of  the 
STOMP  program  to  the  reentry  problem  has  yielded  (1)  trajectories  which  have  significantly  lower  absorbed  heat  with 
no  sacrifice  in  cross  range  and  (2)  trajectories  which  have  extended  cross  range  for  equivalent  absorbed  heat  values. 
Savings  in  absorbed  heat  per  cross  range  arc  as  high  as  22%  . 

The  questions  arise:  (I)  what  strategy  has  the  optimizer  developed  to  reduce  heat  flux  and/or  to  extend  cross  range,  and 
(2)  can  such  adaptations  be  incorporated  into  the  strategy  in  Section  5  ? 

7.1  Numerical  Results 

Figures  7, 8, 9,  and  10  present  the  results  for  an  optimized  trajectory  for  a  HORUS  reentry  from  an  orbit  of  460  x  460 
km,  28.5°  inclination.  The  comparison  nominal  trajectory  has  been  computed  using  identical  conditions.  The  physical 
model  for  both  trajectories  is  that  described  in  Section  4  and  in  Appendix  2. 

The  trajectory  has  been  optimized  from  the  dcorbit  point  to  the  TAEM  interface  (24.5  km).  The  effects  of  the  dcorbit 
burn  result  in  'initial  conditions'  at  the  atmospheric  interface  which  can  be  expressed  as  a  function  of  y-entry.  In  the 
nominal  trajectory,  y-entry  is  selected  to  control  the  maximum  heat  flux  level.  In  the  optimal  trajectory,  y-entry  is  a 
design  parameter  for  reducing  the  cost  function  (total  absorbed  heat  per  cross  range).  For  the  nominal  trajectory, 
y-entry  -  -1.4°,  for  the  optimal  trajectory, -1.2°. 


Fig.  7.  Altitude-velocity  diagram  for  optimal  and 
nominal  trajectories  for  a  Horus  reentry 
problem. 


Fig.  8.  Heat  flux  profile  for  optimal  and  nominal 
trajectories.  (Absorbed  heal  equals  the 
area  under  the  respective  curve.) 
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pig-  9.  Optimal  trajectory  control  function,  a  ; 
a  function  of  time. 


The  H-\  diagram  (Fig.  7.)  compares  the  nominal 
and  optimal  trajectories,  showing  the  different 
structure  of  the  two  flight  paths.  The  optimal 
trajectory  has  a  higher  initial  flare  and  incorpo¬ 
rates  a  sequence  of  flare-dive  segments  at  the  end. 

The  effect  of  the  initial  flare  at  higher  AOA,  cou¬ 
pled  with  the  optimized  value  for  y-entry,  is  clearly 
evident  in  Fig.  S.  The  absorbed  heat  is  equal  to 
the  area  under  the  q  (heat  flux)  curve.  There  is 
clearly  a  large  'pocket'  of  savings  due  to  the  posi¬ 
tion  of  the  first  flare.  An  equally  substantial  sav¬ 
ings  is  evident  due  to  the  flare-dive  sequence..  The 
optimal  solution  is  allowed  to  overshoot  the  q  max 
curve  but  docs  so  only  slightly. 

Figures  9  and  10  compare  the  control  functions 
for  the  optimal  trajectory  with  those  for  the  nomi¬ 
nal  trajectory.  In  the  optimal  flight  path  a  is  ini¬ 
tially  raised  to  40  0  and  then  reduced  to  near  the 
thcrma!-a  corridor  limit  after  the  initial  flare.  For 
altitudes  between  50  and  70  km,  the  optima!  and 
nominal  a-profilcs  arc  fairly  similar.  The  optimal 
trajectory  reduces  a  below  the  thcrmal-a  limit  as 
soon  as  the  conditions  allow,  while  the  nominal 
trajectory  delays  this  reduction.  The  final  fluctu¬ 
ations  in  the  optimal  a-profilc  are  needed  to  match 
the  prescribed  boundary  conditions. 

The  initial  roll  and  the  time  point  corresponding 
to  the  global  minimum  of  p  arc  nearly  identical  for 
both  the  nominal  and  optimal  trajectories.  Below 
60  km  altitude,  the  two  profiles  arc  somewhat  dif¬ 
ferent  but  they  follow  similar  trends. 

7.2  Optimal  Strategy  for  High  Cross  Range  at 
Low  Total  Absorbed  Heat 

7.2.1  Strategy  in  the  Initial  Flare 

In  the  initial  flare  regime,  the  STOMP  solution 
raises  the  angle  of  attack  to  the  maximum  permit¬ 
ted  value.  Such  a  strategy  causes  a  reduction  in 
cross  range  in  the  nominal  trajectory  approach. 

The  optimal  flight  path,  however,  avoids  this  loss 
by  achieving  cross  range  through  higher  average 
turn  rates  (higher  side  force  at  40°  a)  and  a  flare- 
dive  strategy  in  the  latter  portion  of  the  trajectory. 

The  savings  in  absorbed  heat,  which  is  clearly  evident  in  Fig.  8,  is  achieved  because  of  the  optimal  y-entry  value  and 
because  the  flare  occurs  at  a  higher  altitude  for  a  -  40°  than  it  docs  for  the  nominal  trajectory  value,  a  -  25°  (the  two 
limiting  values). 

The  movable  grid  point  option  has  been  used  to  locate  three  critical  control  function  points  in  the  initial  part  of  the 
trajectory:  (1)  the  positioning  of  the  strong  roll,  (2)  the  time  at  which  fie  roil  back  starts,  and  (3)  the  point  at  which  the 
initially  high  alpha  is  reduced  from  40° 


-M.t-i-r— >-i»«- 
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Fig.  10.  Optimal  trajectory  control  function,  ji  as 
a  function  of  time. 


7.2.2  Flare-Dive  Strategy 

The  trajectory  has  been  restricted  by  the  no-skip  condition,  y  <  0.  As  a  substitute  for  skipping,  the  optimal  flight  path 
has  developed  a  sequence  of  flare-dive  scgmcms-ncar  skips  followed  by  dives.  These  flares  cause  strong  braking,  re¬ 
ducing  the  velocity  optimally,  and  they  extend  range--both  desirable  features.  The  movable  grid  point  option  has  been 
used  to  locate  the  critical  point  in  the  development  in  the  flare-dive  sequences,  namely,  the  location  of  the  heat  flux  re¬ 
lated 'n-switching  condition":  q  ~  l75kW/mJ.  Below  this  heat  flux  bound  the  vehicle  may  fly  at  an  improved  L,  D  for 
extending  range. 

7.3  Summary  of  Optimal  Strategy 

The  optimal  trajectories  have  three  important  segments  in  their  structure 

•  high  angles  of  attack  in  the  initial  phase  of  the  iraiecmrlrc,  urh.rh  src  effect:”?  :n  redu  c:rg  absorbed  heat  (.mu  nccv, 
not  affect  cross  range), 

•  flight  along  the  thcrmal-a  bound,  which  gives  rise  to  the  peak  heat  flux  values,  and 

•  a  flare-dive  strategy,  which  is  an  excellent  means  both  for  reducing  velocity  (and  hence  heal  flux;  and  for  extending 
cross  range. 

Both  (1)  the  high  values  of  a  in  the  hypersonic  flare  and  (2)  the  later  flare-dive  sequences  have  favorable  effects  on  the 
total  absorbed  heat  and  the  range.  However,  the  flight  along  the  thcrmal-a  bound  is  a  critical  portion  of  the  trajectory 
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because  of  the  high  heat  flux  values  attained.  Thus,  the  transition  into  and  out  of  the  flight  along  the  thcrmal-a  bound 
must  be  located  optimally. 


Fig.  II.  Range  control  effectiveness:  dRangc/da  and 
dRangc/dp  as  a  function  of  (normalized)  rangc-to-go. 


8.  Range/  Terminal  Speed  Control 
Effectiveness 

For  the  vertical  guidance  and  control  of  a  re¬ 
entry  trajectory,  it  is  important  to  know  how  a 
change  in  the  nominal  control  functions  would 
effect  the  terminal  speed  and  range  of  the  vehi¬ 
cle.  The  nominal  trajectories,  derived  from  the 
control  concept  described  in  Section  5,  arc  used 
originally  to  generate  these  gradients.  Both 
control  functions  arc  changed  (by  a  constant 
amount  of  I  to  3  degrees),  for  example,  as  a 
function  of  rangc-to-go  for  the  remainder  of  the 
trajectory.  The  resulting  gradients  deliver  time 
dependent  influence  coefficients,  which  can  eas¬ 
ily  be  used  in  a  guidance  concept  to  predict  the 
final  range  and  speed  at  terminal  area  interface. 

The  gradients  also  depend  upon  the  basic  nom¬ 
inal  AOA  in  the  hypersonic  regime.  In  addi¬ 
tion,  they  arc  useful  'numbers',  which  show  the 
control  efficiency  of  both  controls  around  the 
nominal  trajectory  design.  Figures  1 1  and  12 
show  typical  gradients  dR/do,  dR/dp,  dVc/'da, 
and  dVc/dp  for  a  nominal  reentry  trajectory  of 
HORUS.  These  gradients  ca  t  be  analytically 
described  by  linear  segments  and  easily  stored 
without  a  great  storage  requirement.  As  a  re¬ 
sult  it  can  easily  be  seen,  that  the  final  range 
and  especially  the  final  speed  at  the  terminal 
area  interface  can  best  be  controlled  by  the  an¬ 
gle  of  attack  (per  degree  angular  change).  Also, 
speed  corrections  by  change  in  o  arc  still  possi¬ 
ble  as  the  range  to  go  becomes  small. 

9.  Guidance  Asp~ct 
9.1  General 

Winged  space  vehicles,  during  the  initial  phase 
of  atmospheric  reentry,  arc  confined  to  a  rela¬ 
tively  narrow  band  of  spccd/aliiludc  variations. 

Any  significant  deviations  from  the  nominal  or 
optimal  profile  of  speed  vs.  altitude  may  result 
in  excessive  heat  loads.  Hence,  the  primary  ob¬ 
jective  of  flight  path  control  must  be  to  follow 
the  correct  profile  as  closely  as  possible.  The 
most  critical  parameter  during  this  phase  is  the 
angle  of  attack  of  the  vehicle.  On  one  hand,  in 
order  to  obtain  maximum  flexibility  for  adjust¬ 
ing  range  -  as  well  as  cross  range,  it  would  be 
favorable  to  utilize  the  entire  regime  between 

maximum  lift  and  optimal  lift/drag  ratio.  However,  for  heat  load  considerations  as  well  as  trim  requirements,  the  angle 
of  attack  is  confined  to  a  limited  operational  regime  during  the  initial  portion  of  the  reentry  flight  path,  c.g.  30°-40°. 
Accordingly,  the  second  objective  of  flight  path  control  must  be  to  'make  the  best'  of  the  available  control  regime. 


Fig.  12 


Final  speed  control  effectiveness:  dV£/do  and 
d  Vc/dp  as  a  function  of  (normalized)  rangc-to-go. 


Another  control  parameter  is  the  roll  angle  which  docs  not  suffer  from  rigid  limits  3nd  which  provides  for  instantaneous 
normal-force  variations.  Accordingly,  roll-angle  control  is  best  suited  for  achieving  the  specific  sink  rate  schedule  which 
results  in  the  required  altitudc/spccd  profile. 


Considering  the  guidance  concept,  it  is  important  to  note  that  a  sink-rate  control  by  means  of  roll-angle  variations  has 
practically  no  short  time  effect  on  deceleration  compared  to  the  deceleration  of  the  nominal  schedule.  At  the  small  flight 
path  angles  typical  for  reentry  (below  I  degree),  the  gravity  component  in  the  direction  of  flight,  which  is  a  function  of 
smk-rate,  :s  negligible  comp?"'!  !«  iho  aerodynamic  drag.  The  problem  of  achieving  a  predetermined  alliiudc/spccd 
profile  can  therefore  be  decoupled  from  the  problem  of  controlling  the  range. 

There  is,  however,  a  basic  difference  between  these  two  control  tasks:  In  order  to  maintain  the  altitudc/spccd  profile,  a 
continuous  roll-angle  modulation,  as  a  function  of  instantaneous  speed,  sink-rate  and  altitude  is  required  Range  con¬ 
trol,  on  the  other  hand,  can  be  regarded  as  a  long  term  strategy,  i.c.,  it  is  immaterial  whether  the  vehicle  is  flying  on  a 
fixed  nominal  path  as  long  as  it  can  still  reach  its  landing  area  with  the  correct  speed  and  altitude.  For  this  purpose  it 
ts  appropriate  to  adjust  a  predetermined  a  schedule  by  a  corresponding  correction.  Contrary  to  the  altitudc/spccd  con¬ 
trol,  there  is  no  need  for  continuous  a-modulation.  Since  the  magnitude  of  the  a  correction  is  made  according  to  pre- 
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determined  derivatives  dRangc/da,  it  is  considered  fully  sufficient  to  perform  an  update  after  a  fixrd  time  interval  (c.g., 
one  minute),  during  which  da  is  held  constant.  This  update  will  produce  a  "correction  of  correction",  c.g.  the  a  -change 
relative  to  the  nominal  schedule  will  be  relatively  small.  This,  too,  is  an  important  feature,  because  any  a-changc  per¬ 
turbs  the  vertical  balance  of  forces  and  has  to  be  counteracted  by  a  roll-angle  change.  Hence,  any  step-control  input  with 
respect  to  a  should  be  as  small  as  possible,  which  is  a  strong  motivation  for  spreading  a  range  correction  over  the  major 
part  of  the  reentry  path  rather  than  for  forcing  the  vehicle  back  onto  its  nominal  trajectory  by  introducing  powerful 
control  inputs.  In  the  latter  case,  the  decoupling  of  the  spccd/altitudc-control  and  the  range-control  (resulting  in  a  very 
simple  overall  control  concept)  would  no  longer  be  possible.  This  guidance  and  control  concept  has  been  investigated 
in  more  detail  in  Ref.  6. 

9.2  Guidance  Aspect  of  an  Optimized  Trajectory 

The  optimal  trajectories  derived  in  Sections  6  and  7  have  quite  different  schedules  for  control  functions  and  state  pa¬ 
rameters  (such  as  deceleration  and  heat  flux)  than  do  the  nominal  trajectories  described  in  Section  5.  Due  to  the  im¬ 
provement  in  the  total  accumulated  heat,  a  flight  strategy  change  compared  to  the  nominal  higher  L/D  strategy  would 
be  desirable.  Future  work  should  therefore  concentrate  on  designing  a  phase  concept  having,  for  instance,  partially 
constant  control  and/or  state  parameters  and  simultaneously  incorporating  features  of  the  optimal  trajectory,  c.g.,  the 
flare  dive  segments. 

Such  a  phase  concept  could  be  designed,  in  principal,  out  of  the  following  flight  segments: 

•  Flare  in  the  hypersonic  regime  (a  -  constant) 

•  Thermal  control  phase  at  max.  a  (high  turn  rates) 

•  Transition  phase  to  high  L/D. 

•  Flare-dive  phase  below  max.  deceleration  limit. 

•  Flare-dive  phase  below  max.  dynamic  pressure  limit. 

•  End  phase  matching  final  speed  and  altitude  requirement. 

Such  a  new  phase  concept  would  deliver  improved  (near  optimal)  nominal  trajectories,  which  could  be  generated  without 
a  great  amount  of  computing  time.  Those  improved  nominal  trajectories  could  then  be  used  as  basis  for  improved  gui¬ 
dance  strategics  combining  the  reauired  coupling  strategy  of  the  a  and  jt  profiles  needed  for  flare-dives,  and  still  giving 
smoother  control  profiles  than  those  required  by  the  optimized  trajectories  in  Section  7. 

10.  Conclusions 

A  nominal  trajectory  strategy  has  been  presented  based  on  a  phase  concept.  The  flight  path  is  subdivided  into  segments 
during  which  a  specific  state  or  control  parameter  plays  a  dominant  role.  The  magnitudes  of  these  parameters  have  been 
varied,  with  the  selected  values  producing  reasonable,  sub-optimal  flight  paths.  Such  an  approach  has  several  advan¬ 
tages:  (I)  one  obtains  a  good  overview  of  the  entire  reentry  problem,  (2)  such  trajectories  can  be  simulated  using  simple 
control  laws,  (3)  model  variations  can  be  studied  efficiently  yielding  an  entire  flight  path  corridor,  (4)  the  results  can  be 
easily  verified,  and  (5)  the  entire  analysis  re  ,uircs  a  relatively  small  amount  of  CPU  time. 

The  same  pi.. idem  has  been  studied  using  a  numerical  optimization  program.  It  has  been  shown  that  for  equally  large 
cross  range  mission  requirements,  the  accumulated  heal  is  significantly  less  for  an  optimized  reentry  strategy  ih3n  for  a 
conventional  nominal  reentry  design  trajectory,  although  the  final  flight  times  arc  quite  similar.  During  the  first  part 
of  the  optimal  trajectory,  two  advantageous  features  have  been  exploited.  On  the  one  hand,  max  AOA  provides  for 
moderate  heal  flux  levels  at  the  temperature  boundary  (flying  at  a  higher  density  altitude),  and.  on  the  oth'r  hand, 
higher  average  lurnralcs  can  be  achieved  afterwards  which  rcsuil  in  faster  heading  change  at  higher  average  deceleration 
levels.  The  nominal  trajectory,  in  contrast,  flies  at  higher  L/D  levels  which  results  in  a  lower  flare  altitude  and  conse¬ 
quently  higher  heal  flux  values. 

In  the  final  part  of  the  optimal  trajectory,  flare  dive-segments,  (y  <  0)  arc  performed  3t  reduced  AOA  values  to  take 
advantage  of  reduced  heat  flux  levels  as  well  as  "  skip-like'  range  flight  characteristic.  However,  this  sophisticated  re¬ 
entry  cross  range  strategy  can  deliver  somewhat  fluctuating  control  functions.  This  might  be  a  disadvantage  for  a  gui¬ 
dance  and  control  system,  but  could  be  managed  by  designing  a  similar  trajectory  shape  as  the  theoretical  one  but 
utilizing  partially  constant  control/siaic  parameters.  This  new  concept  then,  would  deliver  all  relevant  information,  i.c., 
deceleration  schedules  and  control  functions,  in  order  to  satisfy  the  guidance  and  control  requirements  of  a  selected 
system.  Finally,  the  resulting  TPS  weight  could  be  reduced  significantly,  which  would  be  favorable  for  the  overall  design 
of  the  reentry  vehicle,  especially  for  the  payloads  achieved. 
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HERMES  emergency  reentry  trajectories  occur  in 
case  of  any  failure  during  that  part  of  the  launch  phase 
from  jettisoning  the  burn-out  solid  propellant  boosters  till 
the  ignition  of  the  MPH.  In  that  case  the  Crew  Escape  Module 
cannot  be  used  because  of  high  MACH  numbers  and  very  severe 
constraints  that  would  result  of  its  low  lift  coefficient. 

The  maximum  constraints  on  the  HERMES  space 
plane  are  obtained  in  the  atmospheric  reentry  phase  of  the 
emergency  trajectories.  Their  important  level  is  due  to  the 
deep  flight  path  angle  attained  during  the  ballistic  arc  of 
the  trajectory.  Their  values  are  depending  on  the  instant  of 
launch  abort. 


These  maximum  constraints  are  very  depending  on 
the  launch  trajectory.  The  maximum  HERMES  constraints  have 
been  represented  in  the  altitude-velocity  plane  as  a  maximum 
altitude  boundary  for  the  ARIANE  5  launch  trajectory. 

Unfortunately  a  performance  loss  is  the  result 
of  the  requirement  for  a  reduction  of  the  culmination 
altitude.  This  has  lead  to  a  launch  trajectory  optimisation 
that  will  be  detailed  in  this  paper. 

As  an  out-come  of  this  study  two  important 
decisions  have  been  made  by  CNES  : 

-  choice  of  a  L6  for  the  HERMES  propulsion  nodule. 

-  choice  of  the  boundary  that  constraints  the  launch  tra¬ 
jectory. 


Important  efforts  have  been  made  on  HERMES  in 
order  to  reduce  the  maximum  constraints,  in  the  field  of 
aerodynamics  (moment  coefficient  reduction,  increase  of  the 
maximum  angle  of  attack),  centre  of  gravity  location  (in 
order  to  reduce  control  surfaces  hinge-moments  and  tenpera- 
cures)  and  olevon-body-f lap  differential  deflection. 
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Etage  A  Propulsion  Cryogdnique 
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Vitesse  sol 
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Pente 

Masse  volumique 

Constante  gravitationnelle  gdocentrique 

Instant  de  panne  dans  la  chronologie  de  la 
trajectoire  de  lancenent 

Facteur  de  charge 

Centre  De  Gravity 
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INTRODUCTION 


Ce  papier  a  pour  but  tie  presenter  les  consequences  de  la  prise 


en  conpte  d'un  dchec  du  lancenent  d'ARIANE 

5  sur  le 

dinensionne- 

nent  du  planeur  hypersonigue  HERMES 
trajectoire  de  lancenent. 

et 

sur 

le 

choix 

de 

la 

Le  scdnario  de  lancenent  d'ARIANE 

5 

est 

presentd 

sur 

la 

figure  1. 

Ce  papier  ne  traite  que  des  dchecs  survenant  aprds  le  largage 
des  Etages  Accdldrateurs  A  Poudre  (EAP)  jusgu'A  1’ allunage  du 
Module  Propulsif  d'HERMES  (MPH) ;  dans  cette  phase  la  propulsion 
est  assurde  par  le  VULCAIN,  noteur  de  l'Etage  a  Propulsion 
Crycgdnique  (EPC) . 

En  cas  de  panne  juste  avant  1 'extinction  nomale  de  l'EPC,  HERMES 
est  injectde  par  le  MPH  sur  une  orbite  noins  dnergdtique  que 
prevu.  Cette  nanoeuvre,  envisagde  pour  l'GRBITER,  est  baptisde 
Abort  To  Orbit  (ATO) . 

L'objectif  en  cas  de  panne  est  de  tenter  de  ranener  l'avion 
sur  une  piste  d'atterrissage.  Malheureusenent,  pour  la  plupart 
des  instants  de  panne,  HERMES  ne  peut  atteindre  aucune  piste. 
L'anerrissage  d'HERMES  n'dtant  pas  envisage,  la  cabine  est 
separde  de  l'avion  en  fin  de  trajectoire  de  sauvegarde.  Elle 
assure  la  linitation  de  la  ddceldration  lors  de  1* inpact  A  un 
niveau  supportable  par  l'dquipage,  ainsi  que  sa  survie  en  uer. 
Dans  ce  cas  l'avion  est  ddtruit. 

Le  niveau  des  contraintes  structuralcs  et  themiques  subics 
par  HERMES  lors  d'une  rentrde  en  sauvegarde  est  trfes  dlevd.  Ceci 
est  dd  A  des  conditions  de  rentrde  sdvdres  qui  sont  ddpendantes 
de  1' instant  de  panne  ot  de  la  trajectoire  de  lancenent. 

La  prenidre  partie  de  ce  document  prdsente  les  trajectoires 
de  rentrde  en  sauvegarde  d'HERMES  et  les  contraintes  assocides, 
ceci  pour  une  trajectoire  de  lancenent  donnde.  Les  lois  de 
connande  enploydes  pour  nininiser  les  charges  subies  pendant  la 
rentrde  y  sont  ddcrites. 

Cependant  les  fortes  contraintes  rencontrdes  par  HERMES  en 
sauvegarde  ndcessitent  une  action  sur  la  trajectoire  de  lance¬ 
nent.  La  seconde  partie  de  ce  docucent  nontre  comment  la 
linitation  des  contraintes  de  sauvegarde  sur  HERMES  a  dtd 
introduite  dans  la  boucle  de  definition  des  trajectoires  d'ARIANE 
5.  La  prise  en  conpte  de  ces  linitations  par  ARIANE  5  se  traduit 
par  une  reduction  do  la  nasse  en  orbite  de  transfert  dont  il  faut 
nininiser  l'effet  sur  la  perte  de  charge  utile  d'HERMES. 

Les  rdsultats  prdsentds  ici  ont  dtd  obtenus  sur  la  base  de 
l'avion  HERMES  94  (SM2)  et  de  la  configuration  H1SO-P230  du 
lanceur  ARIANE  5.  La  nission  considdrde  est  la  cission  de  base 
pour  le  dimensior.nenont  d'HERMES:  c'est  une  mission  LEO  (Low 
Earth  Orbit)  correspondant  A  une  orbite  d’inclinaison  28,5’. 

Le  site  de  lancenent  est  KOUROU. 
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TRAJECTOIRES  DE  RENTREE  D' HERMES  EN  CAS  DE  PANNE  AO 


LANCEKENT 


L'objet  de  cette  partie  est  de  dfecrire  les  trajectoires  de 
sauvegarde  d'HERMES  avec  les  lois  de  commande  qui  permettent  de 
minimiser  les  contraintes  subies  par  l'avion. 

La  trajectoire  de  lancement  d'HERMES  par  ARIANE  5  est  supposfee 
fixfee  et  constitue  une  entrfee  dt  l'fetude.  One  trajectoire 
d' ARIANE  5  non  contrainte  par  les  probifemes  de  sauvegarde  a  fetfe 
ohoisie  comme  exemple  pour  cette  presentation. 

Les  cas  de  panne  considferfes  ici  sont  ceux  qui  nfecessitent 
1 1  interruption  du  lancement,  ce  qui  est  rendu  inevitable  en  cas 
de  perte  des  capacites  propulsives  du  moteur  VULCAIN.  Les 
instants  de  panne  fetudifes  vont  de  126s  (largage  des  P230)  4  585s 
(extinction  du  VULCAIN).  La  panne  est  supposfee  n'induire  aucune 
perturbation  sur  la  position  et  1' attitude  nominales  du  composite 
HERMES+MPH  fe  l'instant  de  panne.  Les  conditions  initiales  de  la 
trajectoire  de  sauvegarde  d'HERMES  (V,Z,  IT )  sont  done  identiques 
aux  conditions  nominales  de  vol  4  l'instant  de  panne. 

Cette  partie  prfesente  successivement  les  trajectoires  d'HERMES 
sans  propulsion,  qui  correspondent  4  la  separation  d'HERMES  seul 
sans  MPH,  puis  les  trajectoires  de  sauvegarde  avec  utilisation  du 
MPH. 


2.1  Cas  sans  propulsion 


L'objectif  est  de  minimiser,  pour  un  instant  de  panne  donnfe, 
les  contraintes  maximales  rencontrfees  4  la  ressource.  Ces  con¬ 
traintes  sont  de  nature  mfecanique  (pression  dynamique,  facteur  de 
charge,  moment  de  charnifere  des  gouvernes)  ou  thermique. 

Cet  objectif  conduit  4  pratiguer  une  rentrfee  4  gite  nulle  4 
1' incidence  la  plus  forte  possible  pour  maxiniser  la  portance,  ce 
qui  permet  d'felever  au  maximum  le  point  de  ressource  et  par  14  de 
reduire  les  contraintes  lifees  4  la  masse  volumigue.  Cette 
incidence  maximale  dfepend  du  nombre  de  Mach  et  provient  de 
diverses  limitations,  par  exemple  thermiques,  de  stabilite  afero- 
dynamigue  ou  de  braguage  des  gouvernes. 

Cependant  la  minimisation  des  contraintes  telles  que  le 
facteur  de  charge  ou  les  moments  de  charnifere  qui  dfepender.t 
directement  de  1' incidence  conduit  4  modifier  la  loi  de  commande 
4  incidence  maximale.  Dans  ce  cas,  la  phase  4  incidence  maximale 
est  suivie  d'une  phase  dite  d'fecretage  qui  consiste  4  rfeduire 
1' incidence  pendant  la  ressource.  Cette  manoeuvre  est  rfealisfee  en 
choisissant  4  chaque  instant  la  valeur  de  1' incidence  qui  permet 
de  conserver  une  valeur  constante  pour  la  contrainte  concernfee. 
Cette  valeur  d'fecretage  est  minimisfee  en  profitant  au  mieux  de  la 
plage  d'incidence  autorisfee.  La  liroite  basse  de  la  plage  d'inci- 
dence  est  dfle  4  des  limitations  thermiques  (e.g.  sur  le  pare- 
brise)  ou  de  pilotage. 

Aprfes  la  ressource  hypersonique,  les  contraintes  vont 
dfecroitre.  L'objectif  va  fetre  alors  de  rejoindre  un  profil  de 
rentrfee  analogue  4  celui  de  la  rentrfee  normale.  Ceci  peut  fetre 
rfealisfe  par  un  rebond  contrdlfe  4  incidence  et  gite  constantes. 

La  planche  2  nontre  un  exemple  de  trajectoire  de  rentrfee  en 
sauvegarde  d'HERMES  pour  un  instant  de  panne  de  250  s.  Les 
courbes  reprfesentfees  sont  1' incidence,  la  gite,  la  pern  «t  les 
contraintes  de  facteur  de  charge,  de  moment  de  charnifere  ilevons 
et  de  tempferaturo  (ici  sur  les  preraiferes  tuiles  d'intrados)  en 
fonction  du  temps.  L'origine  du  temps  correspond  4  l'instant  de 
panne.  Le  profil  do  vol  est  fegalement  prfesentfe  dans  le  diagramme 
altitude-vitesse  avec  i»  trajectoire  de  lancemunt  nominaie. 


Un  Echantillon  dc  quelques  trajectoires  de  rentrEe  en  sauve- 
gardo  figure  dans  le  domaine  altitude-vitesse  sur  la  planche  3. 
'Jn  rEseau  d'iso-pression  dynamique  et  d' iso-flux  y  est  Egalement 
present^;  il  s'agit  ici  du  flux  de  rEfErence  dEfini  par  CQ* 
■^*V*3,  avec  CQ»1.7E-4SI.  Ce  flux  de  rEfErence  correspond  au  flux 
atteint  au  point  d' arret  d'une  sphEre  de  rayon  1m  et  donne  une 
indication  sur  le  niveau  des  contraintes  thermiques. 

En  situant  les  points  de  ressource  des  trajectoires  de  sauvegarde 
dans  ce  rEseau  d'iso-pression  dynamique  et  d' iso-flux,  il 
apparait  que  les  contraintes  structurales  sont  maximales  pour  des 
instants  de  panne  de  l'ordre  de  250  s  pour  lesquels  la  vitesse 
initiale  est  proche  de  3  to/s.  Les  contraintes  thermiques  sont 
maximales  pour  des  pannes  survenant  dans  la  tone  des  450  s,  ce 
qui  correspond  4  des  vitesses  de  l’ordre  de  5  4  6  to/s. 


POINT  HAUT 


La  loi  de  commande  Etant  naintenant  dEfinia,  les  contraintes 
roaximales  rencontrEes  ne  vont  plus  ddpendre  que  des  conditions 
initiales  de  la  trajectoire  de  sauvegarde,  soit  (Z,V,  ) . 

La  position  initiale  a  EtE  prise  dans  tous  les  cas  a  une  latitude 
nulle  et  avec  une  route  de  61.5*  (inclinaison  de  l'orbite  visEe: 
28.5').  En  effet,  pourvu  que  la  relation  latitude-route  soit 
celle  correspondant  4  l'orbite  choisie,  la  position  du  point 
initial  a  une  influence  nEgligeable  sur  les  trajectoires  de 
sauvegarde. 

Dans  l'ensemble  de  tous  les  points  initiaux  (Z,V, /),  il  est 
possible  de  dEfinir  la  relation  d 'Equivalence  suivante: 

<Z1,V1,#1)  EQ  (Z2,V2,V2) 
si  et  settlement  si 
Zal=Za2  et  Val=va2 

avec  :  Za  et  Va  altitude  et  vitesse  de  1'apogEe  de  la 

trajectoire  balistique  passant  par  (Z,V,K). 

Une  classe  d' Equivalence  est  done  l'ensemble  des  conditions 
(i, V,  K  )  qui  proviennent  d'un  mSme  apogEe  qui  sera  appelE  point 
haut.  C'est  aussi  l'ensemble  des  conditions  (Z,V,Y)  d’un  m6me 
arc  orbital. 

Par  consEquent  toutes  les  conditions  initiales  d'une  classe 
d' Equivalence,  pourvu  qu'elles  soient  on  dehors  de  1'atmosphEre 
(ou  plus  prEcisEmment  dans  une  zone  ou  les  forces  aErodynamiques 
sont  nEgligeables  vis  4  vis  des  forces  d'inertie),  vont  conduire 
aux  memes  contraintes  4  la  rentrEe.  Ces  contraintes  peuvent  Etre 
associEes  au  reprEsentant  de  la  classe  d' Equivalence  qui  est  le 
point  haut: 


(Za,Va)  ■  •  contraintes:  pc, Moment, tempdratures 


Il  est  alors  possible  de  tracer  dans  le  domaine  Za,Va  des 
points  hauts  des  iso-contraintos  HERMES  a  la  rentrEe  en  sauve¬ 
garde. 

Un  rEseau  d'iso-contraintes  est  reprEsentE  sur  la  planche  4.  Il 
s'agit  d'iso-facteurs  de  charge,  d' iso-moments  do  charniEre 
gouverne  et  d'iso-terapEratures  dans  la  zone  de  l'intrados  avant. 
Le  dEcrochement  observE  sur  les  iso-tempEratures  d'intrados 
traduit  la  discontinuitE  des  tempEratures  au  passage  de  la 
transition  laminaire-turbulent.  La  remontEe  rapide  des  iso- 
tempEratures  correspond  4  des  points  de  ressource  venant 
tangenter  la  limite  de  transition.  Pour  les  vitesses  les  plus 
fortes,  l'iso-contrainte  est  obtenue  pour  des  altitudes  Za  trEs 
ElevEes  car  la  ressource  a  lieu  en  Ecoulement  laminaire. 

Le  rEseau  prEsentE  sur  la  planche  4  raontre  que  niveau  dec 

cor.trainCes  maximaies  croit  rapidement  avec  1' altitude  du  point 
haut. 


2.2  cas  avec  propulsion 


II  est  intdressant  d'utiliser  le  MPH  d1 HERMES  pour  rdduire 
les  contraintes  subies  4  la  rentrde  en  sauvegarde. 

Cette  reduction  des  contraintes  est  obtenue  en  remontant  1* alti¬ 
tude  du  point  de  ressource  par  une  utilisation  adequate  de  la 
poussde  disponible. 

Les  conditions  d 'utilisation  du  module  propulsif  sont  cepen- 
dant  limitdes  par  1* instability  adrodynamique  du  composite.  Cette 
instability  rend  ndcessaire  la  separation  d1 HERMES  du  MPH  dds  que 
la  pression  dynamique  atteint  un  seuil  critique  qui  a  dtd  pris 
dgal  4  20  hPa  pour  la  configuration  ddcrite  dans  ce  document. 

Le  point  haut  est  invariant  sur  une  trajectoire  balistique 
sans  propulsion.  L' introduction  d’une  poussde  va  modifier  a 
chaque  instant  le  vecteur  Vitesse  et  done  ddplacer  le  point  haut 
associe  au  point  de  vol  considdre. 

Pendant  toute  la  phase  propulsde  1 'orientation  de  la  poussde  a 
dtd  supposde  libre  de  toute  contrainte.  Cette  orientation  (qui 
correspond  4  l'assiette  d'HERMES)  est  ddterminde  de  fagon  4 
ddplacer,  pour  un  point  de  vol  donnd,  le  point  haut  correspondant 
perpendiculairement  aux  iso-contraintes  dans  le  domaine  Za,Va. 
L'assiette  optimale  de  poussde,  i,  est  alors  ddfinie  part 


Ra+d*Va 


tg(i)=Vv* - 

d*(Va*Vh-/*R/Ra*2)-Va*R+Ra*Vh 


(1) 


avec  (l,d) 

Za,  Va 

Ra 

R 

Vh 

Vv 

A 


direction  de  la  tangente  aux  iso-contraintes 
au  point  (Za,Va) 

point  haut  associd  au  point  de  vol 
za+rayon  terrestre 
altitude+rayon  terrestre 
composante  horizontale  de  la  vitesse 
composante  verticale  de  la  vitesse 
constante  gravitationnelle  gdocentrique 


On  peut  vdrifier  par  (1)  que  le  signe  de  i  est  donnd  par  Vv. 
La  loi  de  commande  obtenue  consiste  done  4  pousser  vers  le  bas 
tant  que  la  pente  est  positive,  et  vers  le  haut  dds  que  la  pente 
est  ndgative.  Un  exemple  de  trajectoire  de  sauvegarde  avec  MPH 
est  prdsentd  sur  la  planche  5.  Le  MPH  considdrd  ici  est  un  L6, 
dtage  utilisant  deux  moteurs  de  30  kN  et  chargd  4  6t  d'ergols. 
Les  contraintes  maximales  sont  rdduites  par  rapport  au  cas  sans 
propulsion.  Elies  sont  prdsentdes  en  fonction  de  1' instant  de 
panne  sur  la  planche  6. 


Elies  sont  cependant  trds  supdrieures  aux  contraintes  en 
rentrde  normale  et  aux  limites  acceptaoles  pour  la  sauvegarde. 

La  rdduction  des  contraintes  roncontrdes  en  sauvegarde  peut  etre 
obtenue  par  une  modification  de  la  trajectoire  de  lancement.  Ceci 
fait  1* ob jet  de  la  seconde  partie  de  cette  prdsentation. 


3.  CONSEQUENCES  SDR  LA  TRAJECTOIRE  DE  LANCEMENT  D'ARIANE  S 


Dans  le  processus  de  dimensionnement  en  sauvegarde  d 'HERMES, 
la  trajectoire  de  lancement  a  une  importance  essentielle. 
Cependant  la  modification  de  la  trajectoire  d'ARIANE  5  pour 
rdduire  les  contraintes  atteintes  en  sauvegarde  s'acconpagne 
d'une  desoptimisation  de  cette  trajectoire,  ce  qui  conduit  A  une 
reduction  de  la  charge  utile  au  lancement. 

II  faut  done  envisager  une  solution  globale  du  probldme  de  la 
sauvegarde  d 'HERMES  qui  ndeessite  de  nombreuses  iterations  de 
calcul  de  trajectoires  d'HERMES  et  d'ARIANE  5. 

Dans  le  but  de  rdduire  le  temps  ndeessaire  A  ce  processus 
iteratif,  un  interface  entre  les  trajectoires  d'HERMES  et  celles 
d'ARIANE  S  a  dtd  ddfini  sous  la  forme  de  gabarits. 

La  description  de  ces  gabarits  dans  les  cas  sans  ou  avec 
propulsion  ainsi  que  1' optimisation  de  la  charge  utile  globale 
font  l'objet  de  cette  seconde  partie. 


3.1  Cas  sans  propulsion 


Les  iso-contraintes  prdsentees  dans  le  domaine  des  points 
hauts  (2a, Va)  assocides  A  des  limites  sur  les  contraintes  HERMES 
pour  la  sauvegarde,  permettent  de  ddfinir  un  domaine  de  points 
(Za,va)  qui  respecte  ces  contraintes  limites. 

La  limite  haute  de  ce  domaine  est  appelde  gabarit. 

Ce  gabarit  de  contraintes  HERMES  est  directement  utilisable 
pour  la  ddtermination  des  trajectoires  d'ARIANE  5.  II  permet  de 
vdrifier  immddiatement  si  une  trajectoire  de  lancement  satisfait 
ou  non  les  contraintes  maximales  imposdes  A  la  rentrde  en 
sauvegarde  d'HERMES. 

Pour  cela  il  suffit  d'associer  A  chaque  point  de  la  trajec¬ 
toire  d'ARIANE  5  le  point  haut  correspondent  et  de  situer  le  lieu 
des  points  hauts  de  la  trajectoire  de  lancement  dans  le  gabarit 
HERMES.  Les  contraintes  seront  respeetdes  si  les  points  hauts 
associds  A  la  trajectoire  de  lancement  sont  en  dessous  du  gabarit 
de  sauvegarde.  La  trajectoire  reprdsentde  sur  la  planche  7,  qui 
ddpasse  le  gabarit  HERMES,  conduit  done  en  sauvegarde  sans  MPH,  A 
des  niveaux  de  contraintes  inacceptables  pour  HERMES. 


3.2  Cas  avec  propulsion 


Dans  le  cas  ou  le  MPH  d'HERMES  est  utilisd  pour  les 
trajectoires  de  sauvegarde,  la  simplification  employde  dans  le 
probldme  sans  propulsion  n'est  plus  applicable. 

En  effet  deux  points  de  vol  de  la  mdme  classe  d’dguivalence  (pour 
la  relation  d'dquivalence  ddfinie  au  $  2.1)  ne  conduisent  plus  au 
mdme  niveau  de  contraintes,  ceci  parce  que  la  propulsion  ne 
s'appliquera  pas  durant  la  mdme  durde  dans  les  deux  cas  et  done 
ne  modifiers  pas  la  trajectoire  de  la  meme  fagon. 

Dans  ce  cas  la  notion  de  point  haut  n'est  plus  utilisable. 
Cependant  des  gabarits  de  contraintes  HERMES  peuvent  encore  dtre 
ddfinis  en  se  plagant  dans  le  domaine  des  conditions  initiales 
(Z,V,tf). 

L'utilisation  de  ce  type  de  gabarit  est  la  suivante  : 
pour  une  trajectoire  de  lancement  donnde,  la  limite  d'altitude 
pour  une  vitesse  V  est  fournie  par  le  gabarit  HERMES  avec  la 
pente  de  la  trajectoire  de  lancement  A  cette  vitesse. 


La  figure  8  prdsente  le  gabarit  des  contraintes  pour  HERMES 
avec  un  MRH  L4  (le  L4  est  un  dtage  utilisant  2  moteurs  de  20  kN 
et  chargd  A  4  t  d'ergols).  Le  fait  de  disposer  d'un  module 
propulsif  permet  4  HERMES  de  rdduire  les  charges  subies  4  la 
rentrde  en  sauvegarde  et  done  de  relScher  le  gabarit  des 
contraintes. 

Les  courbes  d' iso-flux  de  rdfdrence  qui  figurent  sur  ce  gabarit 
donnent  une  indication  sur  les  contraintes  thermiques  subies  par 
le  composite  ARIANE  5-HERMES  lors  du  lancement.  La  trajectoire 
d'ARIANE  5  devra  se  situer  au  dessus  de  1' iso-flux  admis  pour  le 
lancement. 

La  figure  9  prdsente  le  gabarit  des  contraintes  dans  le  cas 
d'un  MPH  L6.  Ainsi  que  l'on  pouvait  s'y  attendre,  le  gabarit 
de  la  configuration  L6  est  moii.s  contraignant  que  celui  de  la 
configuration  L4,  et  4  plus  forte  raison  que  celui  sans  module 
propulsif. 

En  plus  de  cet  effet  favorable  sur  le  gabarit  de  sauvegarde 
HERMES,  le  L6  permet,  4  iso-performance  et  4  iso-contraintes 
lanceur  (e.g.  probldme  de  retombde  de  l'dtage  EPC) ,  et  hors 
probldme  de  sauvegarde  d' HERMES,  de  faire  descendre  la  trajec¬ 
toire  de  lancement. 

Ces  considerations  ont  conduit  4  retenir  le  L6  pour  la 
propulsion  d* HERMES  dans  la  configuration  5M2. 

La  planche  10  prdsente  une  trajectoire  de  lancement  L6  qui 
respecte  le  gabarit  HERMES.  Les  contraintes  de  sauvegarde 
assocides  4  cette  trajectoire  figurent  sur  la  planche  11  et 
respectent  bien  les  limitos  acceptables  pour  la  sauvegarde 
d' HERMES. 


3.3  Compromis  antra  la  performance  at  les  contraintes  HERMES 


Nous  avons  jusqu'4  present  raisonnd  4  contraintes  avion 
fixdes.  La  trajectoire  de  lancement  peut  dtre  modifide  de  fagon  4 
respecter  les  contraintes  acceptables  pour  la  sauvegarde 
d ' HERMES ,  mals  ceci  au  prix  d'une  perte  de  performance. 

Cependant  le  niveau  des  contraintes  acceptables  par  HERMES 
en  sauvegarde  peut  dtre  augmentd  tant  que  des  butdes  de 
faisabilitd  ne  sont  pas  rencontrdes. 

II  faut  done  traiter  un  probldme  d' optimisation  global  de  la 
charge  utile.  En  effet  si  l'on  reldche  les  contraintes  sur  la 
trajectoire  de  lancement  dfles  4  HERMES,  la  rdoptimisation  de  la 
trajectoire  va  conduire  4  un  gain  de  performance  du  lanceur,  mais 
1 'augmentation  des  charges  sur  HERMES  va  exiger  un  accroissement 
de  la  masse  de  1 'avion. 

Ce  probldme  d' optimisation  de  masse  sous  contraintes  peut 
etre  simplifid  et  paramdtrd  par  rapport  au  point  de  culmination 
de  la  trajectoire  de  lancement. 

A  titre  d' illustration,  la  figure  12  donne  l'dvolution  de 
la  perte  de  performance  du  lanceur  en  fonction  de  cette  altitude 
de  culmination. 

Lorsque  l'altitude  de  culmination  croit,  la  masse  de  l'avion 
compatible  des  contraintes  de  sauvegarde  et  la  performance  du 
lanceur  augmentent.  L'dcart  entre  ces  deux  grandeurs  reprdsente 
le  gain  de  charge  utile  embarqude  par  HERMES,  qui  est  maximisde 
pour  une  culmination  proche  de  125  km. 


4. 


CONCLUSION 


Ce  papier  prdsente  la  mdthode  originale  qui  a  dtd  employee 
pour  optimiser  globalement  la  configuration  ARIANE  5-HERMES  pour 
la  trajectoire  de  lancement,  oeci  du  point  de  vue  de  la 
maximisation  de  la  charge  utile  et  compte  tenu  des  contraintes 
iraposdes  par  la  sauvegarde  d1 HERMES. 

Ce  processus  a  conduit  4  une  trajectoire  de  lancement  de 
rd fdrence  pour  la  mission  LEO  HERMES.  Cette  dtude  a  dtd  rdalisde 
sur  la  base  de  1 'avion  HERMES  94  (5M2)  et  est  effectude  4 
nouveau  sur  la  base  de  la  configuration  00. 

Plus  gdndralement  cette  mdthodologie  est  applicable  4  la 
ddfinition  de  la  trajectoire  de  lancement  optimale  de  tout 
vdhicule  spatial  habitd  posant  le  probldme  de  la  sauvegarde  de 
l'dquipage. 
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SUMMARY 

The  Space  Shuttle  flight  control  system  (FCS)  is  a  digital  fly-by-wire  system  that  provides  vehicle  stability,  response,  and 
handling  qualities  necessary  to  return  safely  from  orbit,  ending  with  a  pinpoint  landing  on  a  300-by-lS, 000-foot  (90-by-4,600- 
meter)  runway.  Furthermore,  on  its  first  flight,  it  had  to  fly  successfully  the  entire  envelope— manned  Thus,  the  FCS  was  sub¬ 
jected  to  one  of  the  most  extensive  programs  of  certification  by  analysis  and  simulation  ever  conducted. 

This  paper  starts  with  an  overview  of  the  entry  and  landing  FCS  along  with  the  requirements  and  considerations  used  in  the 
design  process.  The  next  section  addresses  the  network  of  simulation  programs  used  in  the  FCS  design  and  verification.  The  final 
sections  present  the  flight  test  results  and  the  current  issues  related  to  landing  and  roll-out. 


SYMBOLS 

A/A  Accelerometer  assembly 

A/L  Approach/landing 

ADTA  Air  data  transducer  assembly 

ALDF  Aircraft  Landing  Dynamics  Facility  (NASA  Langley  Research  Center) 

Alpha  Angle  of  attack 

CCS  Control  stick  steering 

DAP  Digital  autopilot 

DOF  Degree  of  freedom 

FCS  Flight  control  system 

FO/FS  Fail  operational/fail  safe 

FSL  Flight  Systems  Laboratory 

FSSR  Functional  Subsystem  Software  Requirements 

GPC  General-purpose  computer 

HAC  Heading  alignment  cone 

JSC  Johnson  Space  Center 

KSC  Kennedy  Space  Center 

L/D  Lift-to-drag  ratio 

L/R  Landing/roll-out 

LVAR  Lateral  variation  uncertainty 

MDM  Multiplcxer/dcmiiltiplcxcr  (software/hardwarc  interface) 

MIL  Man  in  the  loop 

NWS  Nose  wheel  steering 

OFT  Orbital  flight  test  program 

01  Operational  increment 

P10  Pilot-induced  oscillation 

PRL  Priority  rate  limiter 

PT1  Programmed  test  input 

RCS  Reaction  control  system 

RGA  Rate  gyro  assembly 

RM  Redundancy  management 

SAIL  Shuttle  Avionics  Integration  Laboratory  (NASA  Johnson  Space  Center) 
SES  Shuttle  Engineering  Simulator  (NASA  Johnson  Space  Center) 

STS  Space  Transportation  System  (Space  Shuttle) 

T.FS  Total  In-Flight  Simulator 

VMS  Vertical  Motion  Simulator 

WOW  Weight  on  wheels 


INTRODUCTION 

For  the  new  generation  of  spaccplanes,  such  as  the  Space  Shuttle,  flight  regimes  extend  beyond  wind  tunnel  capabilities  and 
flight  testing  is  limited.  Therefore,  simulators  offer  a  viable  means  to  achieve  robust  designs  while  reducing  risks. 

Unique  features  of  the  Shuttle  program  demanded  a  robust,  descent-phase  FCS  verified  prior  to  flight  test.  Tirst ,  the  Shuttle 
orbitcr  is  a  hybrid  spacccraft/aircraft,  using  pure  reaction  comrol  effectors  m  cxoatmosphcric  flight  and  conventional  aircraft 
surfaces  in  subsonic  approach/landing,  with  a  blend  of  the  two  in  hypersonic  and  supersonic  flight.  Second,  the  lack  of  an  aero¬ 
dynamic  data  base  for  much  of  this  vast  flight  regime  required  heavy  dependence  on  wind  tunnel  testing.  The  difficulties  in 
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matching  similitude  parameters  imposed  large  uncertainties  on  the  resulting  aerodynamic  data  base,  particularly  regarding  the 
reaction  control  system  (RCS)  and  aerodynamic  interactions.  Finally,  the  first  flight  had  to  cover  the  entire  flight  regime:  the  pro¬ 
gram  denied  the  luxury  of  starting  at  benign  flight  phases  with  the  customary  gradual  extension  of  flight  envelope.  Since  the 
vehicle  lacked  sufficient  static  margin  for  unaugmented  control,  the  FCS  had  to  work  properly  the  first  time  with  sufficient 
robustness  to  handle  large  uncertainties. 


DESIGN  REQUIREMENTS 

The  basic  guideline  used  during  design  and  verification  can  be  summarised  as  follows:  maintain  acceptable  nominal  stabil¬ 
ity,  response,  and  handling  qualities  while  providing  maximum  coverage  for  off-nommal  aerodynamics,  environmental  condi¬ 
tions  (atmosphere,  mass  properties,  trajectory  dispersions,  winds),  navigation  errors,  scnsor/cffcctor  uncertainties,  and  uncer¬ 
tainties  in  structural  characteristics  (modal  frequency,  mode  shape,  damping). 

Specific, il'y,  the  flight  control  requirements  are  classified  in  three  basic  performance  levels  designated  as  Level  1,  Level  2, 
and  design  assessment  (Figure  1).  Each  is  defined  below: 

•  Level  1  performance 
Stability 

Gain  margin  =  >6dB 
Phase  margin  =  >30  degrees 
Pilot  rating  (Cooper  Harper):  3  or  better 
Step  response  within  specified  envelopes 

•  Level  2  performance 
Stability 

Gain  margin  =  >4dB 
Phase  margin  =  >  20  degrees 
Pilot  rating:  6  or  better 
Large-signal  operation  stable 

•  Design  assessment 

Performance  is  such  that  there  is  no  loss  of  vehicle  control. 

These  requirements  must  be  maintained  under  the  following  conditions: 

•  Winds 

Steady  stale,  up  to  99-pcrcentile  directional  (worst  month) 

Discrete  gust 
Turbulence 
Wind  shear 

•  Atmosphere  (annual  extremes) 

Density 

Temperature 

»  Aerodynamic  uncertainties 
Lift-to-drag  ratio  (L/D)  plus  pitching  moment  coefficient 
Stability  derivatives 

Reaction  control  systcm/acrodynamic  interaction 

•  Bent  airframe/Ycg  offsets 

•  Failures— fail  operational/fail  safe  (FO/FS) 

One  failure:  Level  1  performance  except  for  loss  of  air  data  (Level  2) 

Two  failures:  Level  2  performance  except  for  the  loss  of  two  RCS  jets  (Level  i )  or  of  two  auxiliary  power  units 
(design  assessment) 

Similar  requirements  apply  to  the  stability  of  the  structural  modes,  as  summarized  in  Figure  1 . 


OVERVIEW  OF  THE  DIGITAL  AUTOPILOT 

Satisfying  these  requirements  would  produce  a  robust  design.  1  his  goal  was  achieved  through  carcfui  considerate  f  the 
subsystem  off-nominal  performances  and  the  aerodynamic  uncertainties. 


lMissiuu  Profile 

During  entry,  atmospheric  drag  is  used  to  dissipate  the  orbitcr's  energy.  An  angle-of-attack  (alpha)  profile,  scheduled  as  a 
function  of  earth-relative  velocity,  is  flown  and  roll  angle  is  used  to  control  energy  dissipation.  The  cross  range  is  controlled  by 
alternating  the  sign  of  the  roll  commands.  Typical  alpha,  roll  angle,  and  drag  profiles  arc  shown  in  Figure  2.  The  orbiter  is 
steered  to  intercept  cither  of  the  two  heading  alignment  cones  (HAC’s)  located  tangent  to  and  on  cither  side  of  the  runway  cen¬ 
terline.  The  approach/laiiding  (A/L)  phase  normally  occurs  at  10,000  feet  (3  kilometers)  in  altitude  and  290  knots  (150  meters 
per  second)  equivalent  airspeed  (KEAS),  when  the  orbiter  acquires  (he  19-dcgrec  steep  glide  slope;  the  transition  to  a  1 .5-dcgrce 


9-3 


Inn-:  glide  slope  is  made  at  2,000  feet  (610  meters)  above  ground.  Nominal  touchdown  is  at  2,500  feet  (760  meters)  past  runway 
./ireshold  at  195  KEAS  (100  meters  per  second).  After  touchdown,  directional  control  is  achieved  by  a  combination  of  rudder, 
nose  wheel  steering,  and  differential  braking. 


Flight  Control 

The  digital  autopilot  (DAP)  has  both  manual  (with  stability  augmentation)  and  automatic  flight  control  modes.  All  inner- 
loop  flight-critical  functions  (e.g.,  rate  damping  and  stability  augmentation)  are  computed  at  the  fast  minor-cycle  rate  of  25  Hz. 
Other  less  critical  computations,  such  as  updating  gain  schedules,  are  done  at  slower  rates. 

The  control  effectors  consist  of  aerodynamic  surfaces  and  aft-mounted  reaction  control  jets  (Figure  3).  The  four  clevons  are 
moved  symmetrically  for  e'evator  and  antisymmetrically  for  aileron  cont.  The  rudder  panels  split  open  for  speed  brake  func¬ 
tions.  The  primary  aerosurfaccs  are  driven  by  three  independent  hydraulic  systems— one  active  and  two  standby.  A  software  rate 
and  authority  limit  function  is  used  to  maintain  the  commanded  surface  rates  within  the  capability  of  the  hydraulic  system.  The 
utilization  of  the  control  effectors  during  entry  is  illustrated  in  Figuie  3. 

Figure  4  shows  an  overview  of  the  entry  FCS.  The  quad-redundant  system  architecture  ensures  compliance  with  the  FO/FS 
requirement.  Four  general-purpose  computers  (GPC’s)  operate  in  a  parallel  redundant  set,  and  the  fifth  acts  as  a  backup  reserve 
in  case  of  a  generic  software  failure  of  the  primary  redundant  set.  The  FCS  sensors  consist  of  four  sets  of  rate  gyro  assemblies 
(RGA  set  =  pitch,  roll,  yaw  rates),  four  sets  of  accelerometer  assemblies  (AA  set  =  lateral,  normal  accelerations),  and  two  air 
data  transducer  assemblies  (ADTA's)  with  two  probes  on  each.  The  software  redundancy  management  (RM)  system  has  failure 
detection  logic  to  identify  and  remove  faulty  signals,  and  a  selection  filter  to  send  the  “best”  sensor  estimate  to  the  FCS.  The 
effector  systems  have  a  similar  level  of  redundancy  (e.g.,  force-summing  aerosurface  secondary  actuators,  jet  selection  logic,  and 
reaction-jet-drivcn  assemblies). 


Aerodynamic  Uncertainties 

Aerodynamic  uncertainties  played  an  important  role  in  the  design  of  the  FCS.  A  set  of  seven  “worst  case"  uncertainties, 
called  lateral  variations  (LVAR's),  was  developed  on  the  basis  of  wind-tunncl-to-fhght-test  differences  from  past  aircraft  pro¬ 
grams  and  used  to  certify  the  FCS.  They  represented  a  reasonable  estimate  of  the  maximum  possible  errors  in  the  preflight  pre¬ 
dictions  (Figure  5): 


LVAR  2: 
LVAR  9: 
LVAR  II: 
LVAR  12: 
LVAR  19: 
LVAR  20: 
LVAR  23: 


poor  bank-angle  control 
poor  lateral/dircctional  damping 
worst  case  aileron  control 
best-on-best  aileron  control 
maximum  aileron  control  for  Ycg  trim 
maximum  RCS  required  for  Vcg  trim 
maximum  beta  during  heating  region 


The  sensitivity  of  flight  control  performance  to  aerodynamic  uncertainties  is  illustrated  in  Figure  6,  in  which  the  progressive 
destabilizing  effect  of  LVAR  9  is  evident.  The  system  damping  ratio  of  0.82  with  nominal  aerodynamics  is  drastically  reduced  by 
the  parlials  of  CIA  (rolling  moment  caused  by  aileron.  Increments  5  to  6)  and  C1YJ  (rolling  moment  caused  by  yaw  jet,  Incre¬ 
ments  1 1  to  12),  forcing  a  well-behaved  system  to  be  slightly  unstable  (damping  ratio  less  than  zero).  The  FCS  sensitivity  to  off- 
nommal  aerodynamics  is  further  aggravated  by  the  aerodynamic  sensitivity  to  angle  of  attack,  as  shown  in  Figure  7,  in  which 
coalignincnt  of  the  vectors  is  evident. 

While  RCS  effectiveness  m  a  vacuum  was  well  defined,  there  were  large  uncertainties  in  the  effect  of  the  interaction  between 
the  flow  from  the  jets  and  the  normal  airflow  around  the  orbitcr.  These  RCS  uncertainties  were  combined  with  the  LVAR's  to 
further  stress  the  FCS  design.  The  general  technique  was  to  combine  very  effective  jets  with  high-gain  aerodynamic  conditions 
and  less  effective  jets  with  low  effective  aerodynamic  surfaces. 

The  pitch-axis  aerodynamic  uncertainties  received  similar  attention;  but  since  they  are  more  benign  than  those  in  the  lateral 
axes,  they  are  not  discussed  in  this  paper. 


DESIGN  AND  VERIFICATION  BY  SIMULATION 

The  inability  to  conduct  a  normal  progression  of  flight  tests  requires  the  FCS  to  be  designed  and  verified  extensively  by  anal¬ 
ysis  and  simulation.  Three  basic  approaches  are  used  in  the  design  process:  (1)  classical  linear  stability  analysis  with  describing 
funci.ons  representing  key  nonlinear  elements,  (2)  nonlinear  time-domain  analysis,  and  (3)  man-in-the-loop  (MIL)  simulation.  In 
addition,  extensive  integrated  hardwarc/softwarc  MIL  testing  is  performed  to  verify  system  readiness  for  flight. 

The  Use  of  Simulation 

The  simulation  programs  differ  in  complexity  but  complement  each  other.  A  design  normally  starts  in  the  frequency 
domain-  th?  cub«ys*.em  dynamics  are  modeled  as  Ihicai  Udiisfcr  functions,  the  airlrame  dynamics  are  linearized  at  a  flight  condi¬ 
tion,  and  the  system  transport  delays  and  sampling  effects  arc  properly  included.  The  total  system  sensitivities  to  aerodynamic 
variations,  subsystem  off-nominal  performances,  vehicle  dynamic  uncertainties,  and  feedback  variables  arc  established  in  terms 
of  stability  margins.  Then  analyses  using  off-line  time-domain  simulation  programs  follow,  employing  a  more  accurate  represen¬ 
tation  of  the  nonlinear  characteristics  of  the  elements  of  the  system,  such  as  aerosurface  and  RCS  effectors.  The  FCS  design  is 
assessed  along  the  trajectories  flown  while  subjected  to  environment  changes  and  even  subsystem  failures.  These  time-domain 
analyses  offer  limited  evaluation  of  the  system  margins  but  provide  excellent  assessment  of  the  system  performance. 
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The  MIL  digital  engineering  simulators  are  the  next  facilities  used  to  evaluate  the  design  for  man/niachmc/mission  compati¬ 
bility.  The  math  models  used  are  normally  of  the  same  fidelity  as  the  off-line  simulation  programs,  but  here  the  challenge  is  to 
represent  the  system  timing  delays  accurately  while  maintaining  the  correct  system  dynamics.  The  inherent  delays  in  the  rcal-tim" 
simulators  that  generate  visual  displays  or  produce  the  motion  cues  have  to  be  compensated  for;  otherwise,  the  pilot  ratings  suf¬ 
fer.  Delays  caused  by  the  effects  of  sampled-data  system  feedbacks  also  have  to  be  adjusted  for.  Usually,  a  combination  of  special 
integration  techniques  to  introduce  phase  lead  into  the  system  along  with  the  reduction  of  known  orbitcr  flight  systems  delays  is 
employed  to  offset  the  simulator  lags.  The  possible  subsystem  failures  also  must  be  modeled  to  assess  the  pilot’s  responses. 

The  design  process  is  always  an  iterative  one  among  the  frequency  domain,  off-line  time  domain,  and  real-time  MIL;  confi¬ 
dence  in  the  design  is  progressively  built  by  evaluation  from  different  viewpoints.  However,  to  gam  confidence  for  flight,  an  inte¬ 
grated  MIL  simulator  is  needed  that  brings  together  all  the  hardware/avionics  subsystems,  the  flight  software,  and  the  astro¬ 
nauts.  Here,  the  software  and  the  interfaces  can  be  thoroughly  checked  out.  The  redundancy  management  scheme  is  verified 
through  the  facility’s  ability  to  simulate  any  combination  of  subsystem  failures  and/or  off-nominal  performances.  When  it  is 
impractical  to  include  the  actual  hardware,  a  high-fidelity  model  is  substituted  and  the  verification  efforts  are  supplemented  with 
testing  at  the  Kennedy  Space  Center  (KSC)  or  the  manufacturers’  facilities.  The  crew  checklist  and  procedures  are  also  verified 
for  nominal  missions,  aborts,  or  failure  recoveries. 

Common  to  all  the  simulation  programs  and  facilities  is  the  extensive  aerodynamics  data  base.  It  ranges  from  Mach  0.25  to 
an  altitude  of  600,000  feet  (183  kilometers),  an  alpha  of  -10  to  50  degrees,  and  sideslip  of  up  to  ±  10  degrees,  providing  more 
than  adequate  coverage  of  the  flight  envelopes  and  ensuring  that  drastic  pilot  maneuvers  will  not  invalidate  the  results. 

Key  Simulation  Programs  and  Facilities 

Linear  Stability  Analysis  Programs  (CRAM,  DIGIKON).  CRAM  and  DIGIKON  computer  programs  arc  linearized  three- 
dcgrcc-of-frccdom  (DOF)  point-stability  tools  used  to  assess  rigid-body  as  well  as  flexible  stability  margins 

CRAM  solves  simultaneous  linear  equations  in  the  S-plane  and  derives  transfer  functions,  root  loci,  frequency  response, 
and  step-response  solutions  The  system’s  transport  lags  and  sampling  effects  arc  modeled  with  second-order  Pade  approxima¬ 
tions.  DIGIKON  solves  state-variable  equations  m  the  Z-  and  W-planes.  It  also  derives  transfer  functions,  frequency  response, 
and  step-response  solutions,  and  accurately  simulates  multirate  sampling  and  transport  lags.  Because  the  two  programs  produce 
matching  results  over  the  frequency  range  of  interest,  they  serve  as  a  good  cross  check  of  each  other.  DIGIKON  is  further  used  in 
the  assessment  of  Ilex  stability  and  the  design  of  bending  fillets. 

Non-Real-Time  Simulation  Programs  (SDAP,  SIMEX,  SDAPFLEX,  SIMFI.EX).  These  nonlinear  tune-domain  simulation 
programs  vaiy  m  complexity— from  a  relatively  simple  point-response  tool  (SIMEX)  to  a  complex  six-degree-of-frecdom  trajec 
lory  program  (SDAP)  complete  with  emulations  of  flight  software,  sensors,  nonlinear  effectors,  earth  motion,  gravitational  and 
atmospheric  environment.  SDAPFLEX  and  SIMFLEX  arc  used  to  analyze  integrated  orbiler/payload  flexures  and  their  poten- 
'  effects  on  RCS  consumption.  Ail  of  these  non-real-time  programs  arc  extremely  useful  for  parametric  and  sensitivity  studies 
well  as  anomaly  resolution.  They  are  validated  not  only  against  each  other  but  also  by  comparison  with  stability  predictions 
ade  by  CRAM  and  DIGIKON. 

Mil,  Engineering  Simulators  (SES,  VMS,  TIPS).  MIL  engineering  simulators  are  absolutely  necessary  in  the  design  process 
to  ensure  man/maclnnc/mission  compatibility  and  to  assess  flying  and  handling  qualities.  The  fixed-base  Shuttle  Engineering 
Simulator  (SES)  at  NASA  JSC  has  a  cockpit  mockup  with  digitally  generated  visuals  of  the  commander’s  forward  view.  This 
user-friendly  and  readily  available  tool  can  be  operated  by  one  person  without  compromising  the  quality  of  the  results.  Normally 
the  first  facility  employed  to  obtain  pilot  comments  on  a  new  design,  it  plays  an  important  part  ill  many  software  changes  affect¬ 
ing  vehicle  performance  and  safely. 

The  Vertical  Motion  Simulator  (VMS)  at  NASA  Ames  Research  Center  is  a  motion-based,  six-DOF  facility  (Figure  8).  The 
simulator  cabin  is  fitted  to  replicate  the  orbitcr,  with  seats  in  the  commander  and  pilot  positions,  hand  controllers  and  pedals, 
critical  instrument  displays  (including  the  head-up  display),  and  switches.  The  cabin  has  forward  and  cornei  windows  with  Ingh- 
resolution,  computer-generated  visual  scenes.  Motion  limits  arc  ±  30  feet  (9. 1  meters)  vertically,  ±  20  feet  (6. 1  meters)  laterally, 
and  ±4  feel  (1.2  meters)  longitudinally,  in  addition,  pitch,  roll,  and  yaw  actuators  provide  the  three  rotational  degrees  of  free¬ 
dom.  Maximum  simulated  accelerations  approach  2/3  g  vertically  and  1/2  g  horizontally  The  valuable  motion  cues  produced  by 
this  simulator  greatly  influence  (he  assessment  of  the  approach,  landing,  and  roll-out  phases.  The  pilot’s  quicker  reaction  to  the 
motion  feedback  sometimes  leads  to  loss  of  vehicle  control  if  the  gam  of  the  control  effector  is  too  high  (c.g.,  the  nose  wheel 
steering),  which  might  not  be  the  case  if  the  test  is  conducted  in  the  SES. 

The  U.S.  Air  Force’s  Total  In-Flight  Simulator  (TIPS)  is  a  test  simulator  used  solely  (in  the  Shuttle  program)  to  evaluate  the 
approach/landing  phase.  It  is  a  highly  modified  C-13I  aircraft  with  an  evaluation  cockpit  in  addition  to  the  noimal  C-I3I  cock¬ 
pit  manned  by  safety  pilots.  The  simulation  pilot’s  control  commands  arc  input  to  the  model's  computer,  which  calculates  the 
orbitcr  response  to  be  reproduced.  These  responses,  along  with  TIPS  motion  sensor  signals,  are  used  to  generate  feed-forward 
and  response-error  signals  that  drive  the  six  TIFS  effectors  (elevator,  aileron,  rudder,  throttle,  direct-lift  flaps,  and  direct  side- 
force  surfaces).  The  result  is  a  high-fidelity  reproduction  of  the  motion  and  visual  cues  at  the  pilot  position.  Figure  9  is  an  illustra¬ 
tion  of  TIFS. 

MIL  Verification  Simulators  (FSL,  SAIL).  The  Flight  Systems  Laboratory  (FSL),  located  in  Downey,  California,  was  used 
to  verify  entry  avionics/softwarc  integrated  performance  ui!i!  1981,  when  that  function  was  uanslcried  to  NASA’s  Shuttle  Avi¬ 
onics  integration  Laboratory  (SAIL)  in  Houston,  Texas.  The  Downey  facility  was  a  multistation  laboratory  that  permitted 
simultaneous  studies  from  simple  end-to-end  checks  of  the  flight  software  to  mission  vciificaiion  tests  using  the  full  six  DOF  with 
MIL.  The  laboratory  used  a  mockup  of  the  orbitcr  cockpit  and  contained  flight  instruments  and  controls  necessary  for  pilot 
evaluation  of  system  performance.  Actual  avionics  flight  hardware  included  the  GPC’s,  mtiltiplcxcr/demuhiplcxcrs  (MDM’s), 
FCS  sensors,  display  electronics,  and  pilot  controls  and  flight  instruments.  A  model  board  for  visual  scene  projection  was  avail¬ 
able  at  the  commander's  window  for  A/L  tasks.  Digital  computers  simulated  vehicle  dynamics  and  environment,  and  allowed 
test  engineers  to  insert  failures.  Analog  computers  were  used  to  model  acrosurfacc  actuators,  hinge  moments,  and  turbulence. 
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The  FSL  could  also  be  connected  with  the  full-scale  model  of  the  orbiter  hydraulic  system,  located  next  door  in  the  Flight  Control 
Hydraulics  laboratory,  to  assess  performance  of  the  hydraulic  actuators 

SAIL,  equipped  with  a  full  shipsct  of  flight  avionics  hardware,  is  used  to  perform  verification  tests  of  all  mission  phases 
from  ascent  through  enti  y.  As  in  the  FSL,  digital  computers  simulate  vehicle  dynamics,  the  vehicle  states  acting  as  stimuli  to  drive 
hardware  (or  software-modeled)  sensors  and  test  sets.  SAIL  has  no  hardware  actuators  and  limited  capability  to  troubleshoot 
software  within  the  GPC’s.  Figure  10  is  a  functional  block  diagram  of  the  facility 

Site  Acceptance  Tests 

A  process  called  site  acceptance,  or  validation,  ensures  that  all  tools  used  in  FCS  design,  analysis,  and  verification  produce 
accurate  and  similar  results.  A  series  of  static,  dynamic,  and  integrated  performance  tests  is  conducted.  The  static  tests  (aerody¬ 
namic  slices,  effector  step  and  frequency  responses,  sensors,  etc.)  verify  that  the  unit  models  by  themselves  are  correctly  imple¬ 
mented.  The  dynamic  tests  (bare-airframe  frequency  and  step  responses,  FCS  open-loop  frequency  responses,  closed-loop  step 
responses,  gam  margins,  navigation  drift  check)  provide  further  detailed  verification  of  the  integrated  system  dynamics  and  the 
models’  interfaces  The  integrated  performance  tests,  also  called  common  facility  tests,  consist  of  six-DOF  trajectories  selected  to 
demonstrate  integrated  system  performance.  The  site  acceptance  signature  data  are  obtained  from  other  validated  simulators. 

Tool  validation  is  a  continuing  process,  conducted  each  time  a  major  data  base,  control  system,  or  model  is  updated.  The 
availability  of  independent  and  validated  simulators  ensures  the  quality  of  the  results  and  heips  avoid  setup  problems. 

Verification  Process 

The  scope  of  the  verification  process  is  to  validate  FCS  stability  margins  and  in-flight  performance  against  the  previously 
stated  design  requirements.  The  verification  process  starts  with  the  Functional  Subsystem  Software  Requirements  (FSSR)  docu¬ 
ments,  which  contain  the  requirements  for  the  software  to  be  coded  by  IBM.  Point-stability  analyses  using  CRAM/DIG1KON 
arc  performed  for  selected  test  conditions  of  the  flight  envelopes  created  by  Monte  Carlo  runs  with  variations  in  winds,  L,  D 
uncertainties,  and  atmospheres.  Analyses  using  non-real-time  simulation  programs  supplement  closed-loop  performance  verifi¬ 
cation  at  SAIL  The  majority  of  SAIL  testing  falls  into  two  categories:  verification  of  01  (operational  increment)  softwate 
release  and  verification  of  mission-specific  software  for  every  flight.  New  01  software,  released  about  every  6  months,  incorpo¬ 
rates  changes  resulting  from  safety  concerns,  performance  improvement,  system  management,  and  software  memory  scrubs. 
For  each  set  of  OI  software,  a  matrix  of  integrated  performance  tests  is  designed  to  validate  correct  implementation  of  the 
changes  and  their  compatibility  with  existing  softwarc/hardwarc  requirements.  A  generic  test  matrix  used  foi  each  mission  covers 
mission  specific  flight  conditions  (c.g.,  mass  properties,  almospliciit  conditions,  landing  site)  to  demonstrate  system  readiness 
for  flight.  Testing  also  includes  ail  the  abort  modes. 

Supplementing  system  performance  verification  is  the  vehiclc/subsystcm  interface  checkout  at  Palmdale,  California,  and 
KSC  in  Florida.  Astronaut  training  is  done  in  the  Shuttle  Training  Aircraft  and  the  Shuttle  Mission  Simulator. 


FLIGHT  TEST  DEVELOPMENT 

The  first  four  orbiter  missions  constituted  the  orbital  flight  test  (OFT)  program,  and  subsequent  flights  were  considered 
operational  flights.  This  definition  was  more  programmatic  than  an  actual  reflection  of  testing  status  in  that  testing  continued 
into  the  “operational  era”  and  payloads  were  carried  during  OFT.  To  date,  more  than  30  successful  missions  have  been  flown. 
The  success  of  these  missions  is  made  possible  by  the  robustness  of  the  design,  the  ability  of  the  system  to  overcome  multiple 
hardware  failures,  and  the  extensive  verification  efforts  by  simulation. 


OFT  Flights 

The  OFT  flights  performed  nominally,  as  evidenced  in  the  comparison  plots  of  the  roll  reversals  between  STS-1  and  FSL- 
prcdicted  time  response  (Figure  1 1).  Good  agreements  are  seen  during  the  initial  response  with  auto  engaged  until  the  planned 
manual  takeover  occurs.  A  guidance  phase  change  from  equilibrium  glide  to  constant  drag  occurred  only  13  seconds  earlier  than 
predicted.  From  this  first  mission,  only  four  anomalies  were  noted,  two  of  which  demonstrate  the  robustness  of  the  FCS. 

A  low-frequency,  high-amplitude  lateral  oscillation  seen  during  the  first  roll  maneuver  was  attributed  to  yaw  jet  aerody¬ 
namic  interaction  (Figure  12).  !n  the  low  dynamic  pressure  region,  the  roll  caused  by  yaw  jet  firing  was  found  to  be  less  than  pre¬ 
dicted,  at  about  the  variation  level  of  uncertainty.  This  problem  showed  the  wisdom  of  designing  the  FCS  to  handle  large  aerody¬ 
namic  uncertainties.  A  software  fix  adding  a  filter  on  the  sideslip-angle  feedback  was  implemented  on  STS-5.  Stability  analyses 
predicted  this  low  stability  margin  in  the  automatic  but  not  in  the  manual  control  stick  steering  (CSS)  mode,  consequently,  later 
flights  were  flown  in  CSS  through  the  first  roll  maneuver  with  good  response  until  the  fix  was  implemented. 

An  undamped,  low-amplitude  1/4-Hr  oscillation  in  the  Mach  2  to  1  region  was  seen  on  every  flight  (Figure  13).  This  anom¬ 
aly  resulted  in  restrictions  of  the  allowable  X-axis  center  of  gravity  for  several  years.  Subsequent  flight  test  data  indicated  lowcr- 
than-predictcd  aileron  roll  effectiveness  (near  the  variation  level)  and  higher  rudder  roll  effectiveness  with  small  surface  deflec¬ 
tions,  which  approached  nonunai  effectiveness  with  larger  surface  motions.  A  software  change  was  incorporated  on  STS-13  to 
increase  the  aileron  forward-loop  gain  and  reduce  the  lateral  acceleration  feedback  gain  in  the  rudder  loop  in  this  transonic 
region.  Again,  this  anomaly  illustrates  the  necessity  to  include  uncertainties  in  FCS  design. 


Operational  Flights 

Flight  testing  continues  in  the  operational  era  to  support  anomaly  resolution  and  FCS  enhancements,  and  to  expand  the 
ccntcr-of-gravity  envelope.  Beginning  with  the  STS-5  mission,  a  programmed  test  input  (FT1)  logic  wa ,  implemented  in  which 
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specific  commands  are  preprogrammed  to  pulse  the  comrol  effcciors  at  a  predesigned  flight  condition  to  garner  aerodynamic 
data.  The  PTI  logic  significantly  reduces  the  pilot's  work  load  and  facilitates  the  data  reduction  task  of  separating  out  the  effec¬ 
tiveness  of  various  comrol  effectors. 

The  results  of  the  operational  flight  tests  have  allowed  quite  a  few  PCS  enhancements:  c.g.,  pitch  RCS  usage  was  extended 
from  Qbar  =  20  to  40  psf  (957.6  to  1,915.2  N/in2)  to  improve  the  pitch-axis  low-frequency  gain  margin  (STS-41B);  the  rudder 
activation  point  was  moved  up  from  Mach  =  3.5  to  Mach  =  4.2  (STS-51F)  and  subsequently  to  Mach  =  5  (STS-26)  because  it 
was  found  to  be  effective  earlier  than  predicted,  thus  eliminating  the  lateral  trim  problem  in  this  region;  the  CSS  no-yaw-jet 
downmoding  system  was  certified  for  emergency  use  (STS-26). 


LANDING/ROLL-OUT  (t./R)  UPGRADES 


Background  and  Issues 

Many  issues  remain  in  the  L/R  phase.  A  combination  of  factors,  including  the  lack  of  a  taxi  test  progiam,  the  increase  in 
vehicle  gross  weights,  and  the  orbiter's  high-speed  landing,  has  shown  the  L/R  subsystem  design  to  be  very  marginal.  The  origi¬ 
nal  design  called  for  rudder  and  differential  braking  as  the  primary  mode  of  control,  the  nose  wheel  steering  (NWS)  serving  as 
backup.  This  decision  resulted  in  reluctance  to  use  the  NWS  at  all  because  of  uncertainties  in  the  nonredundant  system  and  the 
potentially  disastious  effects  of  a  hardover  nose  wheel.  Other  program  concerns  in  the  area  of  L/R  include  severe  tire  wear  in 
KSC  landings  because  of  the  "corduroy"  runway  surface,  brake  energy  margins  for  high-cross-wind  and/or  short-field  landings 
(abort  runways),  and  orbiter  controllability  in  the  presence  of  cross  wind  and/or  tire  failure 


Simulations  and  Test  Programs 

Since  1983,  the  VMS  has  been  used  extensively  as  a  substitute  for  a  taxi  lest  program  in  assessing  L/R  characteristics  and 
potential  improvements.  Supporting  this  effort  are  testing  programs  at  the  NASA  Langley  Aircraft  Landing  Dynamics  Facility 
(ALDF)  and  the  Wright-Patterson  Air  Force  Base  dynamometer  facility  to  garner  landing  gear,  brake,  tire,  and  tire  failure  fric¬ 
tional  characteristics.  The  VMS  features  realistic  motion  and  visual  cues  and  the  highest  fidelity  landing  dynamic  models.  Topics 
studied  include  improvements  in  handling  qualities  and  flying  techniques,  evaluation  of  DAP  changes  to  enhance  giound  direc¬ 
tional  control,  and  feasibility  of  hardware  modifications  to  reduce  tire  wear,  lessen  chance  of  lire  failure,  and  increase  braking 
capability.  The  simulator  also  serves  as  a  realistic  iraining  ground  for  orbiter  pilots  to  practice  cross-wind  landing  and  failure 
recovery. 

As  a  result  of  the  many  simulations  conducted,  the  following  upgrades  have  cither  been  implemented  or  approved  for  imple¬ 
mentation  (Figure  14): 

NWS  Improvements.  In  the  STS-S ID  landing  at  KSC,  the  orbiter  suffered  a  tire  blowout  near  the  end  of  roll-out.  Overheat¬ 
ing  of  the  brakes  because  of  the  need  for  differential  braking  was  identified  as  the  major  cause.  This  incident  demonstrated  the 
need  for  an  operational  NWS  system,  since  the  current  mode  of  operation  lacked  sufficient  authority  to  comrol  a  high-speed 
blowout  A  two-phase  approach  was  authorized  in  which  the  system  would  be  made  fail-safe  (fail  to  castor)  for  immediate  imple¬ 
mentation  and  an  FO/FS  system  would  be  developed  for  future  use. 

The  original  NWS  had  three  selectable  modes:  manual  direct  (the  pedal  commands  went  directly  to  the  steer  box),  castor, 
and  GPC  (the  pedal  commands  went  through  the  GPC’s).  The  NWS  was  operated  by  a  single  power  source  and  single  hydraulic 
system  The  steer  box  accepted  commands  from  a  single  GPC,  making  it  susceptible  to  hardover  lailure  that  could  result  in  loss 
of  control  of  the  orbiter.  in  addition,  both  steering  modes  were  too  sensitive  at  high  speed. 

To  achieve  the  Phase  I  objective,  several  changes  were  authorized.  A  software  logic  detects  hardover  failures  in  the  GPC 
mode  by  using  information  from  the  new  triplex  position  feedbacks:  a  fault  is  declared  if  the  nose  wheel  is  not  moving  in  the  cor¬ 
rect  direction  or  if  it  is  moving  too  slowly  and  would  tiip  the  system  to  castor.  To  reduce  steering  sensitivity  at  high  speed,  the 
GPC  mode  was  augmented  with  lateral  acceleration  feedback  and  the  direct-mode  command  transducer  was  changed  from  linear 
to  paiabolic  shaping. 

The  Phase  I  activities  allowed  an  increase  in  cross-wind  capability  from  7  to  12  knots  (3.6  to  6.2  meters  per  second),  and 
eventually  to  15  knots  (7.7  meters  per  second).  The  system  was  flight-tested  on  STS-61 A  with  very  good  results. 

Phase  2,  which  is  nearing  completion,  will  provide  redundancy  in  the  command  path,  the  power  sources,  and  the  hydraulic 
system.  The  unaugmenled  direct  mode  will  be  deleted  because  of  its  sensitivity  at  high  speed  and  replaced  by  a  second  GPC  mode 
similar  lo  the  first  one. 

KSC  Runway.  Because  of  unpredictable  weather  at  the  KSC  landing  site,  the  runway  is  grooved  both  laterally  and  longitudi¬ 
nally  for  good  drainage.  Tins  surface  has  good  frictional  characteristics  whether  dry  or  wet.  However,  it  also  causes  excessive  tire 
wear,  especially  at  spin-up,  which  could  lead  to  tire  blowout.  Tests  at  Langley's  ALDF  and  at  Ames’  VMS  showed  that  grinding 
the  first  3, 500-foot  (1 ,067-metcr)  touchdown  zones  at  both  ends  of  the  runway  can  significantly  reduce  lire  wear  earned  by  spin- 
up  while  maiiiiaining  good  frictional  characteristics  during  roll-out.  File  grinding  of  the  KSC  runway  was  completed  in  April 
of  1988. 

Drag  Chute.  It  became  apparent  during  numerous  VMS  simulations  that  the  addition  ol  a  drag  chute  significantly  improves 
margins,  both  in  slopping  distance  and  directional  control,  for  the  landing  and  deceleration  subsystems.  The  drag  chute  allows 
the  orbiter  to  stop  safely  on  short  abort  runways,  even  with  high  gross  vehicle  weights.  Furthermore,  it  stabilizes  the  vehicle 
directionally  and  drastically  improves  lateral  control  during  recovery  from  a  tire  failure.  Because  of  its  attach  point,  the  drag 
chute  induces  a  pitch-up  moment,  forcing  the  elevator  down  for  (rim  and,  in  the  process,  reducing  the  main  gear  loads  (lessening 
the  chance  of  lire  failure)  and  increasing  longitudinal  control  authority  during  derotation.  Recognizing  Us  many  benefits,  pro- 
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gram  management  approved  (lie  implementation  of  a  drag  chute  system  for  all  vehicles.  The  first  test  t  light  will  occur  in  early 
1991  VMS  simulations  dictated  a  baseline  chute  of  40  feet  (12  meters)  in  diameter,  reefed  to  40  percent  of  its  aua  for  3  seconds  to 
reduce  the  transients  caused  by  opening  shock.  It  will  be  deployed  after  main  gear  touchdown. 

Weight-on-Wheels  (WOW)  Redundancy.  The  current  system  of  WOW  recognition  is  simplex,  based  on  one  proximity  switch 
per  main  gear  and  two  on  the  nose  gear.  Early  WOW  moding  because  of  failure  while  the  FCS  is  still  in  the  airborne  mod"  would 
most  certainly  cause  a  loss  of  vehicle  control  from  incorrect  FCS.  Therefore,  the  design  of  current  software  logic  is  extremely  fail 
safe,  issuing  a  WOW  dilemma  for  any  failure  and  keeping  the  FCS  in  the  airborne  configuration.  This  scenario  would  result  in 
degraded  slapdown  handling  qualities  after  touchdown,  making  the  orbitcr  susceptible  to  pilot-induced  oscillations  (PlO’s),  as 
seen  on  STS-3,  and  possibly  making  NWS  unavailable.  Furthermore,  in  the  automatic  landing  mode,  a  hard  nose  wheel  slap- 
down  would  occur,  since  the  orbiter  would  try  to  continue  descent  onto  the  runway  The  system  will  be  upgraded  to  triple  redun¬ 
dancy  for  each  gear,  and  wheel  spin-up  signals  will  be  incorporated  in  the  WOW  decision  logic  in  early  1992. 


CONCLUSION 

Simulation  is  an  indispensable  process.  It  provides  a  safe  environment  for  the  design  of  robust  systems,  maximizes  flight 
safety,  and  can  drastically  reduce  the  cost  of  a  flight  test  program.  However,  it  cannot,  and  should  not,  be  used  as  a  substitute  for 
a  flight  test  program,  since  it  has  its  limitations,  the  results  can  be  only  as  good  as  the  models  used,  and  the  fidelity  of  a  simulator 
can  be  refined  only  with  flight  data  A  well-planned  simulation/fhght  test  program  ensures  a  robust  design  and  a  safe  expansion 
of  flight  envelope,  and  reduces  future  design  changes 
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(a)  Control  Stability  Margin  Definitions 


(b)  Cooper-Harper  Pilot  Rating 


(c)  Normalized  Step-Response  En  v elope 
Figure  l.  Entry  FCS  Design  Requirements 


GUIDANCE  PHASES 
0  TEMPERATURE  CON  TROi 
0  EQlttlSftJOM  CODE 
0  CONSTANT  ORAG 
0  TRANSITION 


7925  6705  5486  4267  3043  1829  609  <M'S> 


EARTH  RElATlVE  VElOCTTY 


TIME  TO  TOUCHDOWN  (MW) 
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(a)  Flight  Control  Hardware  Effector  Elements 
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(b)  Schedule for  Use  of  Entry  Flight  Control  Effectors 
Figure  3.  Entry  Flight  Control  Effectors  and  Utilization  Schedule 
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Figure  4.  Entry  Flight  Control  System 
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Figure  S.  Lateral  Aerodynamic  Uncertainties 
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Figure  6.  FCS  Sensitivity  to  LVAR  9 
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Figure  10.  Overview  of NASA’s  SAIL  at  JSC 
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(a)  Second  Roll  Reversal 
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(b)  Third  Roll  Reversal 
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Figure  11.  STS- 1  Versus  FSL  Comparisons 
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UNE  INTRODUCTION  AUX  TRAJECTOIRES  SPATIALES 
par 

J.-P.  HAREC 

Office  National  d'Etudes  et  do  Rccharches  Aerospatl ales  (ONERA), 
92320  Chatillon,  France 


RESUME 


Cet  expose  Introductlf  a  la  Session  sur  les  "Trajectol  res"  du  Symposium  “Space 
Vehicle  Flight  Mechanics"  de  1 ‘ AGARD/FMP  {Luxembourg,  13-16  octobre  1989),  est  destine  a 
rappeler  les  notions  de  base  de  I'etude  des  trajectoires  spatiales,  naturelles  et 
opttmales,  et  a  presenter  les  autres  communications  de  la  Session. 

L'expose  est  divise  encinq  parties. 

Les  trois  premieres  parties  rappellent  les  differents  formalismes  bien 
connus  :  newtonien,  lagranglen  et  hamlltonien,  et  les  appliquent,  a  titre  comparatif,  a 
la  resolution  d'un  meme  probleme,  vol ontal rement  tres  simple  mais  essentiel,  le  probleme 
des  2  carps. 

Dans  la  premiere  partie,  le  formallsme  newtonien  permet  d'etablir  les  formules 
de  perturbations  de  Gauss,  qul  sont  appllquees  a  I'etude  des  perturbations  d'orbltes 
dues  au  freinage  atmosphe ri que . 

Dans  la  deuxleme  partie,  le  formalisme  lagrangien  conduit  aux  formules  de 
perturbations  de  Lagrange,  qui  sont  utilisees  pour  etudier  les  perturbations  d'orbites 
dues  aux  dissymetries  du  potentiel  terrestre. 

Dans  la  troisieme  partie,  le  formallsme  hamlltonien  permet  d'obtenir  les 
formules  de  perturbations  anonlques  et  d'introduire  la  methode  de  von  Zeipel. 

La  quatrieme  partie  soullgne  le  lien  entre  la  mecanique  vari atl onnel le  et  les 
methodes  modernes  d ‘ optimi sati on  (Principe  du  Maximum  de  Contensou-Pontryagi n) . 

Enfln,  dans  la  cinquieme  partie,  les  methodes  d'optlmi sation  sont  appllquees  a 
I'etude  du  probleme  des  trajectoires  spatiales  optimales  (transferts  et  rendez-vous 
optimaux,  corrections  optimales  d ' orbi  tes5e tc . ) . 


INTRODUCTION 


Lorsque  la  Commission  de  Mecanique  du  Vol  de  l'AGARD  a  envisage  d'organiser  ce 
Symposium  sur  la  "Mecanique  du  Vol  des  Vehicules  Spatiaux",  11  est  rapidcment  apparu 
qu'une  des  difficultes  seralt  d'introduire  convenablement  le  sujet  aupres  d'un  auditolre 
dont  au  molns  une  partie  risquait  d'etre  peu  familiarisee  avec  ce  theme.  En  effet, 
l'interet  de  la  communaute  AGARD  a  ete,  dans  le  passe,  plus  oriente  vers  1  ’  ae  ronauti  que 
et  les  missiles  que  vers  1'espace. 

Aussl  a-t-11  eU-  decide  de  faire  preceder  certaines  sessions  d'un  expose 
introductlf,  destine  a  rappeler  aussl  simplement  que  possible  les  notions  de  base  et  a 
presenter  les  autres  communications. 

C'est  le  but  du  present  expose,  en  ce  qui  concerne  les  trajectoires  spatiales, 
naturelles  et  optimales. 

Les  theories  de  la  Mecanique  Celeste,  des  perturbations  d'orbites  des  satel¬ 
lites  artificiels,  des  transferts  et  rendez-vous  optimaux,  peuvent  paraitre  assez  eloi- 
gnees  des  preoccupations  d'un  specialiste  de  la  mecanique  du  vol  des  avions  et  des 
missiles.  II  decouvrira  cependant  tres  vite,  au  cours  de  cet  expose,  que  les  concepts 
utilises  lui  sont  plus  familiers  qu'il  ne  pouvait  le  croire  et  que  l'extension  de  son 
domaine  d'interet  a  1‘espace  est  plus  facile  qu'il  ne  le  pensait. 

II  est  alors  possible  d'esperer  que  ce  symposium  ne  restera  pas  un  cas  isole 
et  que  la  Commission  de  Mecanique  du  Vol  de  l'AGARD  pourra,  apres  ce  colloque  a  carac- 
tere  general,  envisager  des  symposiums  plus  specialises,  sur  des  themes  spatiaux, 
vrai sembl ablement  en  cooperation  avec  d'autres  Commissions  comme  celles  de  la  Oynamique 
des  Fluides,  des  Structures  et  Materiaux,  de  la  Propulsion  et  Energetique,  du  Guidage  et 
de  la  Commande  etc. 

O'aores  ce  qui  vient  d'etre  dit.  on  comorcndra  aue  1 'origi nal i te  de  cette 
communication  ne  residera  pas  dans  les  resultats  presentes,  qui  sont  tres  classiques 
pour  les  astrodynami ciens ,  mais  peut-etre,  tout  au  plus,  dans  la  maniere  d'introduire 
les  dlfferents  concepts  (Fig.  1).  En  particulier,  1 'accent  sera  mis  sur  le  lien  qui 
existe  entre  la  Mecanique  Analytique  Vari  ati  onnel  1  e  bien  connue  et  les  theories 
modernes  d ' optimi sati on  comme  le  Principe  du  Maximum  de  Contensou-Pontryagi n. 

On  evitera  soi gneuseme nt  d'aller  trop  loin  dans  1 ' abstracti on  et  les  deve- 
loppements  mathemati  ques.  Rappelons  cependant  que  la  Mecanique  Analytique  et  la  Meca¬ 
nique  Celeste  viennent  de  beneficier  d'eclairages  nouveaux  apportes,  en  particulier,  par 
les  theories  de  la  Geometrie  Di  f  fe  rentiel  le  (varietes  symplecti  ques ,  groupes  de  Lie), 
des  Systemes  Dynamiques  et  des  Devel  oppements  Asymptoti  ques. 
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11  est  demande  au  lecteur  specialiste  d ' Astrodynani que  de  bien  vouloir  excuser 
un  expose  aussi  elemental  re ,  qui  presente  peut-etre  l'avantage  de  rassembler,  de  fagon 
condensee,  quelques  resultats  classlques  importants.  Pour  plus  de  details,  voir,  par 
exemple,  les  references  [1]  et  [2]. 


SYSTtMf 

PRINCIPCS 

APPLICATIONS 

Milieu  contlfiu 

tol  for 

s 

Th{or*«e 

da«entale  f. 

gfnfraux 

— t  Puissances  virtuelles 

varlatl onnel s 
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1 Kf canl qun  analytlque) 
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CC~'f’'SO'J- 

Pontryaglny 

/  (§  o 

un 

ranglenne 

<§  51 

i - H 

.  __ 

2  corps 

foroules  de  Lagrange 

Effets  des  dlssy«$trie* 
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►  Trajectoires  soatlales 
optl«ales 

Transforoa  ti on  de  Legendre 
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equations  canonl ques  + 
d’Haoll ton  (§  3)  t 

1 

Transformation  canonlque 

4- 

Equation  d' Ka«1 1 ton-Jacobl 

Action  has! 

t 

1 tonlenne 

l  corps 

(  Z  corps 

\  l  centres  fixes 
\  foroules  canoniques 
/yfthode  de  ron  Zeipel 

N  points  «iUr1eti 

Lois  de 

f 

Newton 

n 

2  corps 

Foroules  de  Gauss 
freinage  atoosphf  Hque 

_ 

Figure  1 

L'expose  est  divise  en  cinq  parties  (Fig.  1). 

Les  trois  premieres  parties  rappellent  les  differents  formalismes  bien 

connus  :  newtonien,  lagrangien  et  hamiltonien,  dans  I'ordre  d' abstract!' on  croissants.  II 
a  paru  interessant,  a  titre  d  ‘  i  1 1  ustrati  on  comparative,  d’appliquer  ces  differents 
formalismes  a  la  resolution  d'un  meme  probleme,  vol  ontai  rement  tres  simple,  mai  s  cepen- 
dant  essentiel  ,  le  probleme  des  2  corps.  II  apparaitra  que,  dans  ce  cas  trivial,  le 

formalisme  le  plus  abstrait  n’est  pas  necessai  rement  le  plus  commode  !  L’interet  des 

methodes  les  plus  elaborees  doit  etre  recherche  plutot  dans  leur  capacite  de  permettre 
la  resolution  des  problemes  di  f  f  ici  leme  nt  solubles  -voire  insolubles-  autrement  (par 

exemple  :■  le  probleme  d“s  deux  centres  fixes),  et  de  faciliter  grandement  1 'etude  des 
mouvements  perturbes,  en  particulier  de  preciser  la  structure  des  solutions  et  le 
comportement  a  long  terme. 

Plus  specifiquement,  la  lere  partie  est  consacree  au  formalisme  newtonien, 
applique  a  1 'etude  des  systemes  de  N  points  materiels.  Ce  formalisme  permet  de  trai  ter 
de  faqon  parti cul fe rement  simple  le  probleme  des  deux  corps,  d'etablir  les  formules  de 
perturbations,  dites  de  Gauss,  et  de  les  appliquer  a  1 'etude  des  perturbations  d'orbites 
dues  au  freinage  atmosphe ri que . 

Les  deux  parties  suivantes  traitent,  plus  generalement,  des  systemes  mate- 
riels  dlscrets,  tels  que  toute  configuration  a  l’instant  t  pui  sse  etre  de  t  i  ni  e  paT  Ta 
donnee  d'un  nombre  fini  n  be  parametres  . 

La  2cme  partie  est  ainsi  consacree  au  formalisme  lagrangien,  qui  permet 
d'etablir  les  formules  de  perturbations  de  Lagrange  et  de  Tel  appt i que r"  a  1 'etude  des 
perturbations  d'orbites  dues  aux  dissymetries  du  potentiel  terrestre. 

La  3eme  partie  introduit  le  formalisme  hamiltonien,  dont  un  des  avantages 
majeurs  est  de  faciliter  les  changements  de  variables  pTr  utilisation  des  transforma¬ 
tions  canoniques.  Ces  transformations  permettent,  d'une  part,  d'introduire  une  nouvelle 
methode  d ' i ntegrati on ,  dite  de  Jacobi,  appliquee  a  la  resolution  du  probleme  des  deux 
centres  fixes  et  a  l'ecriture  des  formules  de  perturbations  canoniques,  et,  d'autre 
part,  de  definir  une  methode  de  resolution  systemati  que ,  par  approximations  successives, 
des  equations  de  perturbations  :■  la  methode  de  von  Zeipel. 

La  4eme  partie  souligne  le  lien  qui  existe  entre  la  Hecanique  Vari atl onnel le 
et  les  methodes  modernes  d ' Optlmi sati on  (Principe  du  Maximum  de  Conte nsou-Pontry agin). 

Enfin,  dans  la  5eme  partie,  les  methodes  d 1  optimi sati  on  sont  appliquees  a 
1 'etude  du  probleme  des  trajectoires  spa ti ales  optlmales  :  definition  d’un  transfert 
optimal  ;  model'sation  des  sys  teme  s  <Je  propulsion  ;  application  de  1 '  optimi  sati  on 
parametrique  aux  transferts  impul si onnel s ,  en  particulier  dans  le  cas  simple  du 
transfert  de  Hohmann  ;  transferts  optimaux  dans  un  champ  de  gravitation  general  ;  cas 
particulars  d'un  champ  de  gravitation  uniforme  et  d'un  champ  central.  Des  exemples  sont 
donnes  de  corrections  optimales  d'orbites,  de  transferts  de  duree  indffferente  et  de 
transferts  a  poussee  faible. 
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1  -  FORMAL  I  SHE  NEWTON  1  EH 


1.1  -  Mecanique  newtonlenne 


La  mecanique  newtonienne  a  pour  objet  i 'etude  du  mouvement  des  systemes  mate- 
riels  discrets  const!  tues  d'un  nombre  find  N  de  points  materiels  ,  de  masses  rn„  (  p  = 

1,  2 . N).  f  °  1 

La  loi  fondamentale  de  la  dynamique  (Fig.  1)  se  traduit  par  les  lois  de 
Newton,  que  nous  n'expl ici terons  pas. 

Dans  le  cas  ou  les  actions  mutuelles  entre  p4>„et  J&n  sont  des  attractions 
newtoniennes  :•  '  ' 


l 


(1) 


ou-Kest  la  constante  de  la  gravitation,  on  est  conduit  au  probleme  des  N  corps  de  la 
Mecanique  Celeste. 

L ' appl icati on  des  lois  de  Newton  permettrait  d'obtenir  quelqucs  resultats 
generaux  concernant  ce  probleme  (integrales  premieres,  par  exemple)  ou,  dans  le  cas 
3,  de  tirer  deja  certaines  conclusions  i  nteressantes  relatives  au  celebre  probleme 
des  3  corps  (figures  d'equilibre  relatif,  courbes  de  Hill,  par  exemple),  probleme  qui 
suscite  actuellement  un  regain  d'interet  (theorie  des  Systemes  Dynamiques). 

Mai  s  il  parait  plus  (nteressant  de  passer  sans  tarder  a  l'etude,  triviale  mais 
fondamentale,  du  probleme  des  2  corps,  qui  presente  l'avantage  d'etre  integrable  et  qui 
servira  de  base  a  ('analyse  des  perturbations  d'orbites  des  satellites  artificiels.  Cela 
nous  permettra,  au  passage,  de  rappeler  quelques  notations  utilisees  en  Mecanique 
Celeste  et  dont  la  connaissance  est  indispensable  a  la  comprehension  des  exposes  sur  le 
sujet. 


1.2  -  Probleme  des  2  corps 


L'etudedu  probleme  des  2  corps  est  tres  importante,  car  il  est  frequent  que  la 
resolution  d'un  probleme  deb)  corps  puisse  etre  ramenee,  en  premiere  approximation  et 
avec  une  bonne  precision,  a  la  resolution  d'un  probleme  dc  2  corps  leas  du  mouvement 
d'un  satellite  proche  de  la  Terre),  ou  de  plusieurs  problemes  de  2  corps  (cas  do 
mouvement  des  planetes  autour  du  Soleil),  ou  encore  de  la  succession  de  problemes  de  2 
corps  (cas  du  mouvement  he  1 iocentri que  et  des  mouvements  pi ane tocentri ques  d'une  sonde 
i  nterpl  anetai  re) . 

Oe  plus,  comme  nous  1'avons  dit,  le  probleme  des  2  corps  etant  completement 
i  ntegrable ,  sa  solution  sert  de  solution  de  base  pour  resoudre  des  problemes  plus 
compli  ques  (theorie  des  perturbations)" 


1.2.1  -  Mouvements  absol u  et  relati  f  de  2  corp^ 

Les  corps  Jl*  (de  masse /h,  )  et  Mi  (de  massehij. )  sont  supposes  ponctuels  (ou, 
au  moins,  a  symetrie  materielle  spherique'  et  i soles  dans  1’espace  (Fig.  2). 

Le  centre  de  massed?  a  un  mouvemenT  rectiligne  et  uniforme  dans  1’espace 
absolu  et  peut  done  etre  choisi  comme  centre  d’un  systeme  d’axes  gal  i  leensff*-  'u '  a/  . 

La  loi  fondamp ntal p  dp  la  dvnaminup  :■  v  v 


t-  ~ 

m  P 

(1) 

appl i quee 

success! vement  aux  points 

materiels  Mi  et  Mt  , 

peut  etre  ecrite,  dans 

systeme  : 

J14i76r, 

Jrm.  MhMjI 

(2) 

d'ZZZ? 

.  l\c^4(^x  II* 

J2Zn%£i-  , 

(3) 

ok*- 

HsnWiiA 

Cr  etant  le  centre  de  masse,  on  a  : 


OMl  -f-  =  O  j 


(4) 


i M  4  Ml  -*r  Cr 
At  ft  nal pmA  nt  • 

cM  4 

cUr^  =  ~ 

*  MgmI  _ 


r.  -  c-cmi  , 

mi 

4 

(rn I)  3 

-4c  G-iM/Z 

( bu  il  ctm4\\  3 


(5) 

(6) 
(7) 
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X 


Figure  2 


En  pratique,  lcs  observations  ne  peuvent  pas  etre  faites  depuis  le  centre  de 
masse  ft"  des  deux  corps,  mai  s  p  l  uto  t  depuis  I'un  des  corps,  M<\  par  exemple.  II  est  done 
souvent  commode  de  rapporter  le  mouvement  relatif  de  clis.  par  rapport  a  (Hi  a  des  axes 
non  gal  i  leens  Fig  ■  2),  centres  en  M-t  et  paral  leles  aux  axes  gal  i  leens  <f-x  'V  . 

La  di  f  fere  nee  (3)  -  (2)  peut  etre  ecrite  :• _  "  * 


t+  »>,  > 

&  c  li^Xll3 


(8) 


Les  relations  (6)  et  (7)  montrent  que ,  dans  le  mouvement  absol u,  tout  se  passe 

comme  si  chaque  corps  etait  attire  par  le  Centro  de  masseur  ou  serait  concentree  la 

masse  : 

fr\'  ■= - til -  (9) 

(m+M/ 

ou  m  est  la  masse  du  corps  etudie  et  Mcelle  de  1'autre  corps. 

De  meme,  la  relation  (8)  montre  que,  dans  le  mouvement  rel ati f ,  tout  se  passe 

comme  si  le  corps  etudie,  de  masse  tn  ,  etait  attire  par  une  masse  : 

rr\"  ■=.  M+-  rru  (10) 

egale  a  la  somme  des  masses  H  et  rn  des  deux  corps. 

Comme  le  montre  (5),  les  mouvements  absolu  et  relatif  sont  homotheti  ques .  II 
suffit  done  d'etudier  l'un  des  mouvements. 

On  pose  : 

_  \ -h.  fn '  h^/(fn  +  hl)  (mouvement  absolu)?  (11) 

r  ~  1  +  /n,  >  (mouvement  relatif). 

Notons  que  si  f*\  <Sr  M(  c  'est  le  cas  pour  le  mouvement  d'un  satellite  artifi- 
ciel  de  la  Terre),  ces  deux  mouvements  sont  ( pra ti quement )  identiques. 

1.2.2  -  in^egratj_0£  elementai/e  du_probleme  Aes  2  £orps  -  Trajectoires  keplerienne^ 


L'integ ration  du  probleme  des  2  corps  est  triviale.  File  est  rappelee  ici 
essentiel lement  pour  fixer  les  notations.  Les  appellations  geocentri  ques  seront  utili- 
sees,  de  preference  aux  appellations  hel  iocentri  ques ,  puisqu'on  s'interese  ici  surtout 
au  mouvement  des  mobiles  ci rcumterrestres  . 

Soi  t  a  etudier,  dans  les  axes  b  xyj.  paral  lei  es  aux  axes  absolus  (Fig.  3  ;  F* 
est  mis  pour  "foyer",  ce  qui  sera  justifie  par  la  suite),  le  mouvement  du  poi  nt  of#,  de 
masse  ,  soumis  a  1 ' acceleration  de  gravitation  : 


( 12) 


ou  u,  ala  valeur  (11) .  _ 

1  Dans  le  cas  du  mouvement  d'un  mobile  ci  rcumterrestre  ,  F-t-q.  est  gene- 

ralement  le  plan  equatorial  et  Fa.  l'axe  des  poles.  Fz  est  oriente  ver?  le  point 
vernal  Y  .  ° 
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La  loi  fondamentale  de  la  dynamique  s'ecrit  simplement  : 


et  conduit  au  systeme  differentiel  d'ordre  6  •: 


(13) 

(14) 


dont  la  resolution  necessite  6  integrations  scalaires,  qui  introduisent  6  constantes 
d  1  integrations  scalaires  appelees  "elements  oroitaux". 


L '  i  ntegrati  on  est  facilitee  par  1 'existence  de  trois  integrales  premieres 
(vectoriel  les  ou  scalaires  ;  au  total  :  5  integrales  premieres  scalaires),  dont  les  deux 
premieres  sont  Ires  connues  ;  la  troisieme  est  peut-etre  moins  bien  connue,  elle  n'en 
est  pas  moins  tres  utile. 

*  L'integrale  premiere  vectorlelle  du  moment  cinetique  (massique)  :■ 

It  A  ~V*  -  -&  *  vecteur  constant  VT  ")  (15) 

equivaut  a  3  integrales  premieres  scalaires. 

Le  mouvement  est  done  soit  rectiligne  : 

jf  A  T  =  -4?  =  ~0* 

(cas  etudie  a  part),  soit  plan,  dans  le  plan  perpendicul  aire 
Fig.  4),  repere  soit  par  le  vecteur  orientation,  unitaire  : 

t  *  T/-L  C-t  -  ii ) , 

soit  par  les  deux  angles  : 

is(F%/lC)G  [o'?  J80D]  ( i  ncl  i  nai  son)  ( 18) 

et 


3  *X  (  pi  an  orbi ta)  , 
(17) 


Q  _  Jp°/  3  6ocJ  (ascension  drolte  du  noeud  ascendant  Kl ) ,  (19) 

ce  qui  ne  represente,  dans  les  deux  cas,  que  2  constantes  d '  l  ntegrati  on  scalaires. 

ras-t  est  la  ligne  des  noeuds,  orientee  vers  le  noeud  ascendant  N  ,  e'est-a- 
dire  de  fagon  telle  que  le  triedre  l  Pv  ,  ,  Fx-,  )  soit  direct. 

sont  les  axes  orbitaux  tournants  (  MX  :  radial  ;  ci  rconferentiel  . 
dans  le  plan  orbital  ;  Utt-.  perpendiculai  re  au  plan  orbital,  done  parallele  a'^etTT'). 
Dans  le  pi  an  orbi tal , 

A  Vies  y  s  —  2.  -  2  ( vi  tesse  a  red  a  i  re)  • 

(At  A,  =  constante  (=  co sl£  ).  (20) 

C'est  l’integrale  premiere  de  la  loi  des  aires,  qui  introduit  la  troisieme 
constante  d 1  i  ntegrati  on  scalaire  £n  des  'temps  egaux,  les  aires  <Z  balayees  par  le 
rayon  vecteur  X*  sont  egales.  Cette  deuxieme  loi  de  Kepler' a  ete  hi  ston  quement  enoncee 
pour  les  planetes,  avec  F  ~  Sole i 1 . 


x 


Figure  4 


Figure  5 


I 
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*  L'integrale  premiere  de  I'energie  fait  intervenir  le  potentiel  newtonien 

massique  : 


O' ■=  _  JA  / St,  t 2 1  'I 

et  s'ecrit  :• 

O'-  t  -  t  -  canstenk  =  E  U  VJL-  £  )>  (22) 

ou  <  est  I'energie  cinetique  massique,  ce  qui  introduit  une  quatrieme  constante 
d'i  ntegration  scalaire,  I'energie  totale  massique  £.  ,  independante  de  1' orientation  de 
la  vi  tesse i  ni  ti al e  W  .  Oans  un  rnouvement  donne  (  St  ft xe l  a  "grandeur  V  3e  la  vitesse 
ne  depend  que  de  I  a  3i  stance  *i,  au  centre  d 1  attrac  ti  on. 


*  l'integrale  premiere  vectorielle  de  Laplace  : 

V  A  iO—  |L  i  «  vecteur  constant  —  ji  Vo  A~fc  —  ^  ^  ’  (23) 

moins  connue.  equivau*1  a  trois  integrales  premieres  scalaires  (  &  est  mis  pour  "excen- 
tricite",  ce  qui  sera  justifie  par  la  suite).  -fr 

A  la  difference  de  l'integrale  premiere  du  moment  ci  ne  tj  que  (valable  pour 
tout  champ  central)  ou  de  celle  de  1  'energie  ( qui  peut  etre  etendue  a  tout  champ 
central  du  type  U.^')  ),  l'integrale  de  Laplaces?  n'est  valable  que  pour  un  champ 
central  en  1/-4,1  . 


les  7  integrales  premieres  scalaires  citees  ne  sont  pas  i  ndependantes  :  5 
seulement  sont  distinctes.  En  effet,  on  a  les  2  relations  s  c  a  1  a  i  re  s-  s  u  i  v  antes ,  c  omme  on 
le  verifie  aisement  : 

■i.  .  e.  =  o  ,  (24) 

(25) 

?x 

L'obtention  de  l'integrale  de  Laplace  ne  necessite  done,  en  fait,  qu'une 
integration  supplementai  re  (cinquieme  integration)  et  n'introduit  qu'une  constante 
d '( ntegration  supplementai re  (cinquieme  constante),  1 ‘argument  du  perigee  ca  (Fig.  5), 
qui  repere  le  vecteur  3?(0u  encore  1'axe  Fj  dirige  suiva'nt  V?.’’  )  dans  le  plan  orbital. 

Si  T? -~Or  (2  relations  scalaires,  car  on  sait  deja  par  (24)  que  0.  -  o  ), 
Co  est  indetermine.  Ce  cas  (rnouvement  circulaire)  est  etudie  a  part. 

Le  rnouvement  est  etudie  maintenant  dansles  axes  orbitaux  rCmV  orthogonaux, 
ou  l~  ^  est  perpendicul  ai  re  au  plan  orbital  (Fig.  5). 

Les  angles  SI  ,  i  et  w  apparaj ssent  done  comme  les  angles  d'Euler  qui 
permettent  de  reperer  le  triedre  orbital  par  rapport  au  triedre  absolu  Fx*x~. 

La  trajectoire  peut  etre  1  cbtenue,  a  1  ’aide  de  (23)  et  de  (15),  sans  nouvetle 
integration.  Son  equation  polaire  est  : 


n,  — 


P 


(26) 


ou  d-  =  ||  il  }  lit  on  'V~=.  (x[? ,  7g  )  -=  A  y  est  1  ’  a  noma  1  ie  vraie  (Fig.  6). 

La  trajectoire  est  done  une  coni  que  de  foyer  F  (premiere  loi  de  Kepler, 
enoncee  hi  stori  quement  pour  les  pi  ane  te  s  dans  I  e  cas  F  -  Sole f  1  ) ,  de  grand  axe  rZ  T^F 
est  dirige  vers  le  perigee  J?  ),  d  'e  xce  nt  ri  ci  te  e.  et  de  parame  tre  :  ? 


f  f  If  - 

qui  ne  depend  que  de  la  grandeur  -w-  du  moment  cinetique. 

Le  vecteur')?'  est  appele  vecteur  excentricite  ou  vecteur  perigee. 


(27) 


% 


J 
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La  relation  (25)  montre  que  la  trajectoire  est  une  ellipse  (  ■£<  1)  ou  une 
hyperbole  (  1)  .  selon  que  l'energie  A*  est  £  o  .  Le  cas  <T=  I  correspond  soft  a 

uneparabole ,  si  &  *  0  ((^relation  scalaire),  sol  t  e  une  conlque  plate  (mouvement 
recti l i gne  deja  cltd),  si  ~Xh  *  0  (2  relations  scalalres  seulement,  a  cause  de  (24)), 
c'est-a-dire  une  ellipse  plate,  si  g.<  0,  ou  une  hyperbole  plate,  si  g>  0. 

Le  deni -grand  axe  CL  de  1‘orblte  est  donne  par  :■ 

CL  =  — L —  _ >  O  •  (28) 

M-*X/  Ji/&( 

Dans  le  cas  elliptique,  on  a  : 

p  =  a.  (A-  )  ,  (29) 

CL  H  -p.  /I  ,  (30) 

Le  demi-grand  axe  ne  depend  que  de  l'energie  de  l'orbite.  II  ne  depend  done 
pas  de  1 'orientation  de  la  vitesse  i nl tl ale  (Tig.  7). 

Le  deml-petit  axe  est  : 

fo=  cl  y'-j  —  e5-  ■  (3i) 

La  determination  de  la  loi  horaire  V'(£)necessi  te  la  sixieme  et  derniere 
integration  scalaire  et  introduit  Ta  rixieme  et  derniere  constante  d 1  i  ntegrati  on 
scalaire  Z  ,  instant  de  passage  au  perigee.  Elle  est  donnee,  dans  le  cas  elliptique, 
par  les  equations  : 

M  =  n-  (t  -  ,  (32) 

Mr  f  s,V.  B  ,  (33) 

ha.  1 r  -  \/i£<L  ta  £  ,  (34) 

?  2  V  A-&  o  Z 

ou  M  est  1 1 anomalie  moyenne ,  Yv  est  le  moyen  mouvement,  tel  que  : 


h2-  3 


(done  JL  =  ex.a-b')  }  (35) 


et  £T  est  1 'anomalie  excentrlque  (voir  Fig.  8). 
La  periode  orbitale  est  : 


r*  is  »  *  n- 


C'est  la  troisieme  loi  de  Kepler*,  enoncee  hi  stori  quement  pour  les  planetes 
dans  le  cas  E  »  Sole) I . 

La  quantite  :• 

M0  =  _  n  Z  (37) 

(anomalie  moyenne  pour  t"  =  o)  est  appelee  anomalie  moyenne  de  l'epoque. 


v  V\' 


Figure  & 


Figure  9 


otons  que  la  jeme  loi  de  Kepler  les  carres  de  penodes  des  mouvements  des  planetes 
sont  proportionnel  s  aux  cubes  des  demi-grands  axes  de  leurs  orbites"  n'est 
gu'approchee,  .car  si  M  designe  la  masse  du  Solefl  et  m.  ia  masse  de  la  planete,  le 
coerr  tele  ntji=-K{fi*«)varie  quand  on  passe  d'une  planete  a  1 'autre.  Comme  la  valeur  maximum 
du  rapport  m/M  ,  obtenue  par  Jupiter,  n’est  que  de  l'ordre  du  millieme,  elle  consti- 
tue  neanmoins  une  bonne  approximation. 
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Lorsque  T  =  1  jour  sideral,  I'orblte  est  site  geosynchrone .  Un  exemple  en  est 
donne  dans  1 'expose  [3].  Si,  de  plus,  elle  est  circulaire  et  dans  le  plan  equatorial,  le 
satellite  est  geostati onnai re . 

u  Les  relations  (  32)  -  (  34)  perraettent  de  calculer  aisement  I'instant  de  passage 

v  a  une  position  v  donnee.  Le  probleme  inverse  (calcul  de  V  a  t  donne)  est  plus 
delicat,  car  il  exige  la  resolution  de  l’equation  (33),  transcendante  en  B  ,  ce  qui  se 
faisait  jadis  a  l'aide  de  developpements  en  series  ou  de  tables,  et  qui  est  maintenant 
grandement  facilite  par  1  'utilisation  des  calculateurs  nume ri que s . 

Olsons  maintenant  quelques  mots  des  mouvements  particuliers  :• 


*  Le  mouvement  circulaire  (  €  =  o  )  (Fig.  9)  est  un  cas  particulier  du 
mouvement  el  1  i  pti  que ,  Te  pe  n  gee  f  et  les  angles  -y  (et  done  B  et  FI  )  sont  inde- 
termines,  mais  la  somme  6  -  Co  *  v  (argument)  est  bien  definie. 

Le  mouvement  est  etudie  dans  les  axes  •  C'est  un  mouvement  circulaire 

uni  forme  :•  ** 


9  =  n.  (t_  tN  )  ,  (38) 

ou  tfj  est  I'instant  de  passage  au  noeud  ascendant.  La  vitesse  orbitale  circulaire  C" 
a  la  distance  a  est  donnee  par  (22),  ou  >1  -  constante  =£t-  ,  et  (30) ,  d'ou  : 


(39) 


Elle  decroft  comme  1'inverse  de  la  raci  car ree  du  rayon  de  l'orbite  circulaire. 

par  exemple,  dans  le  cas  de  satellites  ci rcumterrestre s ,  on  a  le  Tableau  1. 


Tableau  1 


-  -  - 

Type  de  satellite 

Altitude 

z 

Rayon  de 
l'orbite 
circulaire 

a 

Periode  de  revolution 
(en  temps  solaire  moyen  ) 

T 

Vitesse 

orbitale 

circulaire 

c 

Satellite  *  ragout 
( phystqucinent  impossible 
a  cause  de  I'atmospherc  ) 

( Terre  spherique  ) 

I 

__ 

0 

6  371  km 

84,5  mn 

7 ,9  km/  s 

I  Satellite  "  has  m 
\  <  Terre  spherique  ) 

TOO  km 

6 67 1  km 

90  inn 

7,75  km/:* 

; 

j  Satellite  equatorial 
j  ’  gcosMiionnaire ’* 

1  ( Terre  aplatie ) 

1 

35  786  km 

42  164  km 

23  b  56  mn  4,1  s 
(  24  h  siderales  ) 

3,075  km/s 

l.iwe  ([ 

(  pour  me moi re,  en  suppo- 
sam  I'orbite  circulaire  ) 

384  400  km 

27  1  7  h  43  mn  11,5  s 

1,017  km/s 

*  Pour  le  mouvement  parabolique  (  £  »  O  fi-  =  1),  on  notera  seulement  qu( 
la  vitesse  i_  ,  dite  parabolique  ou  de  Tiberation  (Fig.  10),  est  donnee  en  tout  point 
pa.-  (22)  ,  d'ou  :• 

\flfjn,  =.  VT  Cfr)  .  (40) 

Remarquons  que  la  relation  (22)  peut  etre  ecrite,  quelle  que  soit  la  nature  du 
mouvement  : 

'v  _  U  *  constante  =  £  (  =  Vo* —  Lc  ,  (41) 

*  Pour  le  mouvement  hyperboligue  (  B  ),  on  notera  seulement 

que  la  vitesse  re  sidue  1 1  e  Voo  a  I'lntini  du  centre  d’attraction  (Fig.  11)  peut  etre 
obtenue  en  taisant  / 1 _ >  -rciB  ,  done  U  _ 5.  O  ,  dans  (41),  d'ou  : 

%o-=  VvjCTl  (=Vvu.*y  en  fonction  du  point  courant)  .  !42) 
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Figure  10 


Figure  11 


1.2.3  -  £  1  e me n t s_o  r  b  j_ta  u x 

Comme  on  1 1  a  dlt  plus  haut,  on  appelle  elements  orbitaux  les  6  constantes 

d 1  i  ntegrati  on  j  -  1,  2 . 6)  qui  definissent  un  mouvement  keplerien  particu- 

lier.  Ce  nombre' est  reduit  a  5  dans  le  cas  parabolique  (1  relation  scalaire  :•  <£  =  O  ) 
et  a  4  dans  les  cas  circulaire  (2  relations  scalaires  -.  -O  •  Fig. 9)  et 

rectiligne.  1 

Dans  le  cas  elliptique,  il  est  possible  de  choisir  pour  elements  orbitaux 
(  ,  Cl  ,  to  t~C  )  ou  (  Cl  ,  ,  i  ,ob,uo  ,M0).  Le  sixieme  element  est  souvent 

remplace  par  l'anomalic  moyenne  M  ,  qui  n'est  pas  une  cor.stante  du  mouvement  keplerien, 
mais  varie  simplement  ( de  fagon  affine)  en  fonction  du  temps  et  presente  l'avantage  de 
fixer  directement  la  position  du  mobile  sur  l'orbfte.  On  obtient  alors  les  elements 
orbitaux  de  Lagrange 

Les  elements  orbitaux  precedents  ne  sont  pas  bien  adaptes  au(x)  cas  des 
petites  excentri  ci  tes  et/ou  des  petites  i  ncl  i  nai  sons . 

En  effet,  lorsque  n~'o  I  Ta  posi  tion  du  perigee  i?  est  mal  definie,  les 
angles  tv  ,  M  et  do  sont  mal  determines,  et  il  est  preferable  de  remplacer  la  donnee  de 
e  ,  to  et  M  (ou  M0  )  par  celle  de  e*.,  =  <itcsh>  ,  =  ronw  et  k'+d  (ou  tv+Mo)  (argu¬ 
ment  moyen  ou  argument  moyen  de  I'epoque).  ® 

De  meme,  lorsque  l~0  ,  la  position  de  la  ligne  des  noeuds  rar-r  est  mal  defi¬ 
nie,  les  angles-S2.  et  to  sont  mal  determines,  et  il  est  preferable  de  remplacer  la 
donnee  de  i,,  net  to,  par  celle  dei**Si'«t  SimJTL.  .  tV  =  -Sint  <&SL  et  cr  =  SL+cv  ( ascen- 
slon  droite  orbitale  du  perigee  ;  noter  que  l'on  ajoute  deux  angles,  JXet  lO  ,  comptes 
dans  deux  plans  difterents,  mais  voisins). 

Enfin,  lorsqu'a  la  foi  s  -*cxo  et  1  —  O  ,  il  est  preferable  de  remplacer  la 
donnee  de  e  ,  i  ,  n  ,  uj  ,  d  (ou  dD  )  par  celle  de  ZCciGT,  e^ntzr  ,  Wii  s,„ Si-  ,  -S>ni«r>-T- 
et  cr+  H  ( ou  ezr*-  Me  )  (ascension  droite  orbitale  moyenne,  ou  ascension  droite  orbi¬ 
tale  moyenne  de  I'epoque,  dans  le  cas  geocentri  que) . 

-  > 

_ Il  est  parfois  commode  d'utiliser  les  elements  orbitaux  vectoriels  (  ,  ■*.  , 

ou  f10  )  (Fig.  12),  qui  ne  dependent  pas  3u  choix  de  1 1  onentati on  des  axes 
F'x'jv  ,  mais  presentent  1  ‘  i  nconvenient  de  ne  pas  etre  independants,  mais 
d'avoir  a  satisfaire  (24)  et  (25).  Il  est  souvent  preferable  de  fai  re  alors  appel  aux 

composantes  "utiles"  de  ~C  et  K?  en  choisissant  pour  elements  (  i*  ,  <*  ,  a.  ,  tx 

d  ou  do  )  (Fig.  13).  Le  remplacement  de  d  (ou  dP  )  par  nr  +  M  fou  or" d  o  ),  'tiu 
toute  autre  variable  convenablement  choisie,  evite  alors  tous  les  i  nconvenients 
mentionnes  pour  0  et/ou  LdO  . 

Nous  noterons  de,  fagon  generale  q  ou  2?  la  matrice  colonie  6X1  des 

elements  orbitaux  cu  ou  qj  (  I  =  1,  2 . "6),  en  convenant  que  les  -/i  et  les 

( -fc  ■=  1,  2,  ...,  5)  sont  constants  et  que  q(  varie  simplement  en  fonction  du  temps. 
Par  exemple  :  14 

1  s  Mj]'  ;  (43) 

Cft  s  [«/•&/<-' ,  M  ]’  .  (44) 

L 2  dennee  dos  e'ie,ner»t$  orMtAy*  cj  ou  dpfprm*np  Ip  mouvement  keolerien  : 


y  =  ** 

v’=  vc*i  ,6), 


Figure  12  F'gurt; 


■'l  =  4-  (£Ji  )  >  (47) 

V  =  /"(C^  )  .  (48) 

Inversement,  la  donnee  des  elements  cinematique  ^>et  V.a  1 1 i nstant  t  , 
determine  les  elements  orbitaux  :• 


C[  =  Cj  (ji\  v)  t  ) 


$ignalons>a  la  fin  de  ce  paragraphe  consacre  aux  orbites  kepleriennes,  que  le 
probleme  de  la  determination  d'une  orbite  a  partir  des  observations  ( trajectographie) 
est  evoque  dans  ('expose  l4j. 

1.2.4  -  Application  differen£e  entre  deux  mouvements_kepleriens  procjies 

A— ^  /  ■>  — >/ 

_ j.  Le  calcul  du  vecteur  difference  ?'*•  *  ■'v  —  A*  entre  les  rayons  vecteurs  -2- 

et  A  de  deux  mouvements  kepleriens  proches,  sur  des  orbites  G'  -  O  +  50  et  O 
voisincs,est  tres  important  pour  les  applications  pratiques  cn  Astrodynami  que  (mouvement 
rel ati f  des  vehicules,  dans  le  cas  d'un  rendez-vous  ;  cet  aspect  est  evoqu£  dans 
l 'expose  [5].  Motion  de  “satellite  moyen",  etc.). 

1.2. 4.1  -  Calcul  du  vecteur  difference  v't* . 

II  s'agit  de  calculer  la  difference  O-'t  correspondant  a  un  petit  ecart  oc )  sur 
les  elements  orbitaux.  — 

La  linearisation  de  (45)  conduit  a  : 

SV~  9 Cq  _  (51, 

*"c>q 

Le  calcul  effectif  est  assez  laborieux  et  conduit  a  1 'expression  suivante  : 

S?s  iSr-ctt  _  ?(?.  $C)+(zV-2 tv)l°=  ,  (52) 


E<r  =  E M0  +  A  Tt  & .  (53) 

O-  '  2-  _ ,, 

Se-//  est  la  composante  de  Ed,  dans  le  plan  de  1' orbite.  y  et  h  sont  les  vecteurs 
unitaires  des  axes  o#yet  ' 

On  remarque  immedi  atement  que  si  0<l  =  O  (les  deux  orbites  ont  la  meme 
periode).  le  terme  t  d’'sp;r;:t  ct  1  'e/p-eSsion  o'e  ,  done  le  mouvement  relatif, 
est  perlodique,  de  pSriode  T  . 


Dans  le  cas  ou  l'orbite  de  reference  0  est  ci rcul ai re  (  &■  *  O  ),  l'expres- 

sion  (52)  se  simplifie  et  devient  :  _ ,  ..  _  .  . 

gV  =  ct YSr-etSe^- lnty)fa.,  (54) 

ou  X  et  ?  sont  les  vecteurs  unitaires  des  axes  (/OX  et  . 
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Choi  si  ssons  comme  plan  de  reference  F  nry.  le  plan  de  O  (  <-  =  0  ,  Fig.  13) et 

reperons  le  mobi  1  e  par  I'ascension  droite  ^  -  \Fx,FX).  Les  composantes  der  e. 

dans  les  axes  orbitaux  tournants  sont  :• 

iSX-  So.  -a.fex  COSol  _  SmX  ,  (55) 

Sy-  afcr  —  2  nt  Six  ^.IczSt-x  J>W_  2a  cosot ,  (56) 

Si  —  -ClCx.  TC)~  -ClSix  CCS*:  —  Ci  6  SiUoC  -  (57) 

v  «  ,  / 

Si  ha.-  O  (les  deux  orbites  0  et  0  ont  meme  periode),^  decrit  une  petite 
ellipse  autour  du  point  d'ordonnee^y  =d£r(v oir  sa  projection  sur  le  plant^yy 
sur  la  Fig.  14a),  avec  la  periode  orbitale  i 

5>i  <Sa+0)  1  'ellipse  est  ccntree  en  (6a.o<5tr)  et  le  terme  en  -(•Vt'jntSa  condui  t  a  une  translation 
paral lelement  a  raxe^/dyie t  dans  le  sens  des  y  negatifs  si  6u>0  ),  et  la  projec¬ 
tion  du  mouvement  sur  le  plan  UOXy  conduit  aux  festons  represents  sur  la  Fig.  14b  . 
Cette  figure  est  essentielle,  car  elle  se  rencontre  tres  souvent  dans  1 'etude  des 
rendez-vous  en  axes  relatits. 


1.2. 4. 2  -  Notion  de  "mobile  moyen" 


Considerons  un  mobile  (Fig.  15)  decrivant  une  orbite  keplerienne  O' 
quasi -ci  rcul  ai  re  (<u/~o  ),  de  faible  i  ncl  l  nai  son^  (  L'~  O  )• 

lie  tl  ni  ssons  un  mobile  U6  ,  voisin  de^',  decrivant  une  orbite  O  circulaire 
(  t-  »  0  ) ,  cPTncTTna'i  son  nulle  (  t  =  0  )  ,  de  meme  periode  que  O / ( done  ba  ~  O  ) , 
d'anomalie  moyenne  de  I'epoque  /' In  telle  que  Sr  -  o  ■ 

Les  expressions  (55)  -  (57)  se  simplifient  en  : 


iX-  -a.Sex  CosX  -  afe^  S’W  ,  (58) 

cPt  "I  6 Y-  -ZaSe  Z  iirxX  _  2a  CoSoi  ,  ( 59) 

Si*  -  a  ccioi  _  af  .  (60) 

Le  mouvement  du  mobile  Jo  peut  done  etre  decompose  en  :  / 

-  mouvement  circulaire  d'un  mobile  "moyen"  c/C  ,  a  la  meme  periode  que  W  , 

-  mouvement  de  </0  Jutour  du  mobi  1  e  " moye n  XC  .  .  ,  / 

Dans  les  axes  orbitaux  tournants  de  tw ,  le  mobile  iwdecrit  une  petite 
ellipse,  centree  su t  U6  ,  dont  les  dimensions  sont  de  l'ordre  de  1 'excentrici te  et  de 
1  1  i  ncl  i  nai  son  ae  O'  .  Le  mouvement  "e  iA6  represente  une  bonne  approximation  (circu¬ 
laire)  du  mouvement  de  (M/'  . 

Cette  decomposition  est  utile  pour  1'etude  de  certains  rendez-vous  (rendez¬ 
vous  "moyen"). 


Figjre  15 


Figure  16 
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1.3  -  Mouvement  keplerien  perturbe  :  formules  de  perturbation  de  Gauss 


Comme  il  a  deja  ete  dit  plus  haut,  le  probleme  des  2  corps  correspond,  en 
qeneral ,  a  une  schemati  sation  assez  grossiere.  En  realite,  dansle  repere  *  ^  °eJa 
utilise  (Fig.  16),  le  pointiest  soumis  non  seulement  a  1  acceleration  de  gravitation 
7T»  -uS*  A3  mais  encore  a  une  acceleration  perturbatrice  y  dui  peut  avoir  des 
o  r  i  g  i  nes  tres  diverses  (pour  un  satel  li  te  arti  f  l  cie  I  3e  la  Terre  :■  effet  des 
dissymetries  du  potentiel  terrestre,  attraction  des  autres  corps,  freinage 
atmosphe  ri  que ,  pression  de  radiation,  poussec  des  propulseurs,  etc.).  , 

(.’acceleration  perturbatrice  J*  ,  qui  sera  precisee  dans  chaque  exemple,  est 
generalement  fonction  de  la  position  7f  et  du  temps  t  ,  parfois  egalement  de  la  vitesse 
T  -  %  ■  Les  equations  (13)  et  (14)  sont  done  rcmplacees  maintenant  par  :■ 

~P-z r  X’  4-  V  ,  (61) 


et 


T  =  -  f*  i  4- 


(62) 


I  ^  / 

Dans  un  premier  temps,  il  ne  sera  fait  aucune  hypothese  sur  les  grandeurs 
comparees  de  ifet  'f  .  En  effet,  les  formules  de  pe  rturbaTi  on  de  la  Mecamque  teieste 
peuvent  e'tre  S%a5Tim  ndependamment  d'une  telle  hypothese.  .  .  ... 

Dans  un  deuxieme  temps,  1 'acceleration  perturbatrice  o  sera  supposee  faibie 
vis-a-vis  de  1  ‘  acce  1  e  rati  on  de  gravita.  an  ^  ,  ce  qui  est  souvent  le  cas  dans  la 

pratique.  hypothese  ~!r  «  ("hypothese  des  petites  perturbations”,  H.P.P.) 

facilite  1 '  i  nteg ration  des  equations  de  perturbation,  [.'existence  d'un  "petit  parametre 
r/o-  permet  en  effet  1  'utilisation  de  la  theorie  des  developpenents  asymptoti  guesT  On 
se  btftnera  ici  a  une  linearisation  des  formules  de  perturbation,  ce  qui  sera  tres_  utile , 
dans  la  5eme  partie,  pour  l ' optimi sati on  des  corrections  d'orbites.  Enfin,  a  titre 
d  '  appl  icati  on  des  formules  de  perturbations  de  Gauss,  l'effet  du  freinage  atmosphe  n  que 
sur  les  orbites  des  satellites  artificiels  sera  etudie. 

1.3.1  -  Formules_de  perturbations  de  Gauss 

Il  s'agit  done  de  resoudre  le  systeme  differentiel  du  6eme  ordre  (62)  (3 

equations  seal  ai  res  du  2eme  ordre),  qui  peut  etre  encore  ecrit  sous  forme  d  un  systeme 
de  6  equations  scalaires  du  ler  ordre  :• 


Si  _  V  -  O 

t  +  fit 

aux  fonctions  inconnues  et  V  (r). 


(63) 

(64) 


1.3. 1.1  -  Methode  de  la  variation  des  constantes 

Le  point  de  depart  de  la  theorie  des  perturbations  est  la  remarque  suivante 
Le  systeme  sans  second  membre  de  (63)  -  (64)  : 


T  -  v  * 
v 


(65) 

(66) 


0  • 

est  equivalent  au  systeme  (14)  du  probleme  des  2  corps.  Il  est  done  integrable  et  la 
solution  obtenue  est  le  mouvement  keplerien  (45)  -  (46),  ou  C\  est  Ta  ma tri ce  des  6 
constantes  d ‘ i ntegrati on ,  ou  elements  orbitaux.  - 

Dans  la  theorie  des  equations  di  f  fe  rentiel  les ,  et  plus  generalement  des 
systemes  di  f  ferentiel  s,  une  methode  c  1  assi  que  de  resolution  du  systeme  avec  second 
membre  (63)- (64)  est  la  methode  de  vaTiation  des  constantes.  Cette  methode  consi ste  a 
chercher  la  solution  de  1 63 )  -  ( 64 )  sous  (1  forme  ( 4b )  -  1 46)  ,  ou  cf  est  considere, 
cette  fois,  comme  fonction  inconnue  du  temps  :  1 


£|  =  cj  (t  )  . 

La  solutio:  peut  alors  etre  ecritc  : 

(67) 

T'’-  X>  )  , 

(68) 

(69) 

Dm  ne  restreint  pas  ainsi  la  generality  de  la  famille  des  solutions,  compte 
tenu  de  1 'equi valence  qu'il  y  a  entre  la  connaissance  a  tout  instant  des  elements  cine- 
matiques  7?  ,  W  et  celle  des  elements  orbitaux  correspondants  <J  .  • 

Avant  d'abord  er  le  probleme  de  la  determination  des  fonctions  ^T/t)  > 
donnons  immedi atement  une  interpretation  georoetrique  de  la  methode.  i 
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Figure  17 


Figure  18 


1.3. 1.2  -  Orbite  osculatrice 

Oans  le  mouvement  perturbe,  1‘orblte  keplerienne  “osculatrice"  a  1 'Instant  t 
est,  par  definition,  l'orbite  keplerienne  (A  Pont  les  elements  orbitaux  q  sont  egaux  a 

C\(k)  •  -  u 

-  II  est  evident,  _£ar  (45)  -  (46)  et  (68)  -  (69),  que ,  a  l'instant  l  ,  les 
elements  cinematiques  3V  ,  v  sont  les  memes  dans  le  mouvement  perturbe  sur  la  trajec- 
toire  reelle  T  (Fig.  17)  et  dans  le  mouvement  keplerien  fictif  sur  l'orbite  oscula¬ 
trice  O  .  En  particulier,  T  et  O  sont  tangentes  en  l/6  ,  mais,  contrai  rement  a  ce  qui 
laisserait  supposer  1  ' appel  1  ati on  de  O  ,  ces  deux  courbes  ne  sont  pas  (en  general) 


osculatrices  au  sens  geometrigue.  En  effet,  le  plan  osculateur  a  Ta  trajectolre  Tl^eTF 
de  fi  ni  p~ar  T^et  p7  =  ~cj?  ,  alors  que  le  plan  osculateur  a  O  est  defini  par  V  et 
~W  ,  e'est-a-dire  par  T  et  .  Pour  cette  raison,  O  est  quelquefois  appelce  orbite 
tangente ,  ce  qui  ne  rend  neanmoins  pas  compte  de  1'egalite  des  grandeurs  dcs  vi  tesses 
dans  Tes  deux  mouvements.  Cette  egalite  fait  quele  mouvement  keplerien  "osculateur" 
represente  une  bonne  approximation  du  mouvement  reel  sur  un  i  nte rval  le^  de  temps 
suffisamnent  ccurt.  En  effet,  dans  le  mouvement  reel  sur  la  trajectolre  T  :• 

M)  -  +  V(k)At-t  i  V(k)  0(At3')  ,  (70) 

et  dans  le  mouvement  keplerien  fictif  sur  l'orbite  osculatrice  0  a  l'instant  t” 

Tl^  (b^At)=^le)^7(t)At  f-  i  0(At3),  (71) 

ce  qui  conduit  a  un  ecart  : 

+-£<:)=  i  Y((r>At2  +■  0  (At3)  ,  (72) 

d '  ordre  At  seulemcnt.  11  en  serait  cependant  de  meme  si  l'on  choisissait  comme  mouve¬ 
ment  fictif  le  mni  vement  -ectiligne  uniforme  : 


%  A(r  )=  Vt*)+  V  At  , 


ce  qui  conduirait  a  un  ecart  s 

At)_  ^((b-hAt)  =  1  ~P(h)  Atz+  0  (At3).  (74) 

(<Toutefoi  s dans  le  cas  d'une  faible  perturbation  (  ,  le  mouvement 

keplerien"oscul  ateur"devient  une  tres  bonne  approximation  du  mouveme nt° reel ,  car  1 'ecart 
(72)  devient  tres  faible.  C'est  tres  souvent  le  cas  dans  1 'etude  des  mouvements  naturel s 
en  Mecanique  Celeste  et  c'est  pour  cette  raison  que  l'orbite  0  a  ete  appelee  "oscul  a- 
trice".  Ce  terme  sera  conserve  egalement  dans  le  cas  general. 

l'orbite  osculatrice  0  a  l'instant  t  est  done  l'orbite  qui  decrirait^j  , 
si  ,  a  partir  de  l'instant  fc  ,  cessait  toute  action  perturbatn  ce  ■  (Fans  Ta  theori  e  des 
perturbati  ons ,  Te  mobi  l  e  </(-6  n '  e  s  t  pi  us  considere  comme  dec  ri  vant  la  trajectolre  ^  , 
mais  comme  decrivant  une  orbite  keplerienne  O  ,  qui  se  deforme  progressi vement  (Fig. 

181.  I  1  rfp  Is  mPthOfjA  SUr  plan  analyt1qiia)  rt'olim(nor  on  q M 9 1  nng 

la  "partie  integrable"  du  mouvement  perturbe.  “ 
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Sur  le  plan  geometri  aue ,  et  dans  le  cas  ou  la  perturbation  est  faible 
(  la  seconde  interpretation  permet  en  ge  ne  ra  1  3e  mieux  se  repre  sente  r  IT 

mouvement. 

Sur  le  plan  numerique,  et  toujours  dans  l'hypothese  X<C<  ,  il  est  qenera- 
lement  plus  interessant,  dans  les  calculs,  d'utiliser  les  elements  orbi  taux  au  leudes 
coordonnees  carte siennes ,  car  ils  varient  plus  lentement.  Cependant,  la  possibility 
d'utiliser  maintenant  des  calculateurs  tres  puissants  fait  perdre  aux  elements  orbitaux 
une  partie  de  leur  interet  ;  il  n'est  pas  rare  que  certains  calculs  d'orbites  se  fassent 
en  coordonnees  cartesiennes ,  si  la  duree  (nombre  de  revolutions)  n'est  pas  trop  longue. 
L'expose  [4]  insiste  sur  ce  point. 

1.3. 1.3  -  Formules  de  perturbations 

Les  formules  de  perturbations  peuvent  etre  obtenues  par  differentiation  de 
1  'expression  (50)  des  elements  orbitaux  Cj^  de  O  en  function  des  elements  cinematiques 

La  variation  dfy  penda,nt  l'intervalle  de  temps  tit  a.st  done  egale  a  la  somme 
de  la  variation  “keplerienne"  (dont  les.5  premieres  composantes  sont  nulles, 

puisque  les  elements  orbitaux  Cdrrespondants  sont  des  constantes  du  mouvement 

keplerienl ,  .  e  t  de  la  variation  (  L,  ,  ou  la  posi  tion  est  figee  et  ou  est 

rempl  ace  "yru  .  * 

En  divisant  par  olC,  on  obtient  les  formules  de  perturbation  :• 

4  =  +-  ^i1  .  (76) 

-  'dV 

Ces  formules  peuvent  etre  explicitees,  d'abord  pour  les  elements  orbitaux 
vectoriels,  puis  pour  les  elements  orbitaux  scalaires.  -~-y  _ .■> 

Pour  les  elements  orbit&ix  vectoriels  (  K ,  -Y  ,  &  ,  n  ),  les  axes  dans 
lesquels  sont  reperes  les  vecteurs  4.  et  xT ,  ainsi  que  ceux  dans  lesquels  est  repere'y’ 
ne  sont  pas  specifies,  ce  qui  conduit  a  des  formules  vectoriel  les ,  particul  ierement 
condensees,  qui  permanent  une  certaine  souplesse  d ' uti 1 i sati on.  - 

Pour  les  elements  seal  ai  res  de  Lag  rang  e  j,  =[<t,  t  ,  I  ,  jl  ,  W  ,  d  J  ,  Y 
est  repere  soit  dans  les  axes  orbitaux  tournants  yy  £  (Fig-  19),  la  matnee 

colonne  3  X  1  representative  etant  alors  notee  T  »  f  D°,  7?  ,  jT,  soit  plus  rarement 

dans  les  axes  intrinseques  classiques  i/6bnb"~,  la  matrice  etant  alors  notee  Y  c 
[Tt,  Yk.  'j'bT’  •  passe  aisement  d’un  systeme  de  composantes  a  l’autre  grace  aux 
relations  :■ 

cfsT  =•  V&  /\J  -  -k  /it  V  ,  (77) 

inn  Y  —  \4  / V ~  de!> tvxv-  /p  V .  (78) 

L'angle  ^  (notation  normalisee)  est  la  pente  locale  de  la  trajectoire,  a  ne 
pas  confondre  avec  1 ' accele rati  on  perturbatrf ce  ! 

L'expl  ici  tation  des  formules  (76)  est  assez  laborieuse,  aussi  ne  ferons-nous 
le  calcul  que  dans  deux  cas  parti  cpl  iers ,  a  titre  d'exemple,  en  etablissant  les  formules 
de  perturbation  pour  1'energie  £  et  pour  le  moment  cl  ne  ti  que  4?  .  Nous  donnerons 
ensuite  1 'ensemble  des  formules. 

1.3. 1.4  -  Perturbation  de  1'energie  orbitale 

La  differentiation  de  ^  donne  en  (22)  conduit  a  :■ 
ol'E  -  d  <SK v  d fey  -  d fey  =  / ,  Jv* _  (/,  =  V  Y/.  dt  j  < 79 ) 


v.  y  vrt  ,  iso 

et,  par  derivation  1  ogari  thmi  que  de  (28),  qui  s'ecrit  encore  : 

CL-  ~  JL  (81) 

*  g, 

pour  une  ellipse  (resp.  une  hyperbole),  on  obtient  facilement  : 

d  S-  V.  d  ~  ±  tddYf-  .  (82) 

Remarques 

1)  Scule  la  composante  tangenti el  1 e  Jfc  de  1 '  acce le rati  on  pe rturbatri ce 
perturbe  1'energie  ou  le  demi-grand  axe . 

L’energie  fc  croit  !  resp^decroi  t)  selon  que  la  composante  tangentielle  Y^ 
est  ,  e'est-a-dire  selon  que  y  est  appliquee  dans  le  sens  (resp.  en  sens 

contraire)  du  mouvement. 
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Figure  19 


Figure  20 


Une  acceleration  pe rturbatrl ce  2f  dans  le  sens  du  mouvement  (  fait 

croftre  (resp.  decroftre)  le  demi-grand  axe,d'une  ellipse  (resp.  hyperbole). 

Une  acceleration  perturbatri  ce  Y  pe  rpe  ndi  cui  ai  re  a  1'orbite  (  Y  =  O  )  1  ai  sse 
l'energie  ou  le  demi-grand  axe  inchanges. 

2)  Une  impulsion  de  vitesse  elementaire  Kelt,  perturbatrice ,  tangentielle 
(  !)(.=  tV  ^  o  ),  est  d'autant  plus  efflcace  pour  perturber  l'energie  ou  le  demi-grand 
axe  que  les  variations  specifiques  : 

I”*1'  J^Uv, 

et 

|v«l,  -  *  V»  JL  V,  (84) 

1  1  W  l£l 

proporti onnel le s  a  la  vitesse  V  au  point  d ' appl icati on ,  sont  plus  eleves,  e’est-a-dire 
que  la  vitesse  V  est  plus  grande. 

Elies  sont  done  maximales  au  perigee  et  minimales  a  l'apogee  (ellipse)  ou  a 
l'infini  (hyperbole). 

1.3. 1.5  -  Perturbation  du  moment  cinetique 
La  differentiation  de  (15)  conduit  a  : 

~  —  Jl  A(d\l  =  ~st  Ay  <slb  }  (851 


-T*  = 

On  en  deduit  c.f  semen  t  les  formules  pour  dt  ,  XL  et  t  . 


Remarques  :• 

1)  Seule  la  composante  tlT  de  1 1  acceleration  perturbatrice  Y  qui  est  orthogo- 
nale  au  plan  de  1'orbite  perturbe  1 'orientation  de  ce  plan,  qui  tourne  vlcrs  auteur  du 
rayon  vecteur  Jg?  =  IW^u  point  d '  appl  1  catl  on  (Fig.  20)  (et  noli  pas  ".'•itour  d'une 
direction  qui  Tul  serai  t  oe  roe  ndi  cu  I  ai.j-e  D~l 

Une  impulsion  elemental  re  Yg^rorthogonale  au  plan  de  1'orbite  W  r  "V  oK  ) 
produit  la  rotation  :■ 

di  =-i\  di  II  -  ^  Y pit  .  (87) 

L'impulsion  est  d'autant  plus  efficace  que  la  rotation  specifique  : 

- - 

V;  -  -  3  ,  (88) 

Tft tII-L  . 

proportionnel  le  a  la  distance  ^  ,  est  plus  grande  done  que  la  di  >tance  / i. ■  est  plus 

grande. 

Dans  le  cas  elliptique,  pour  une  impulsion  orthogonale  au  plan  ne  1'orbite,  de 
grandeur  donnee,  la  rotation  est  maxfmale  lorsque  cette  Impulsion  est  appliquee  a 
1 'apogee ■  la  rotation  a  alors  lieu  autour  du  grand  axe. 
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1.3. 1.6  -  Formules  de  perturbation 

Le  calcul  complet  conduit  aux  formules  suivantes  :• 

Perturbation  des  elements  vectoriels  :• 

c  =  v ,  y 

t  =  TAf  _  r 

at-  ?aT+  )U  Oir  Fig.  21)1 

M  =  n.  -  _2_  -Z.t  , 

Y\C i*  ' 

f\=  Lif  i-WT  \VL  i. 

Perturbation  des  elements  de  Lagrange  (cas  elliptique)  : 
clr  ^jetinv ^^4-euxtr)^6'j  =  AL  , 


\)lO, 


■&.  =  A  jTsintr  £)'S‘J  =  2.  + U<v)  Yf.  -  SinlT  , 


•  Ha1 
l  -  su.fi.6  VJ  , 

A-  W , 

-Kiiini 


89) 

(90) 

(91) 

(92) 

(93) 

(94) 

(95) 

(96) 

(97) 


<■0  ~ 


Hr  n  +  -f-l  (^v'“  44  j)^  ‘  fl*]~  n  ~7Zj  *- 


pa'eo 

Insistons  encore  sur  1c  fait  que^ces  formules  sont  valables  quelle  que  soit  la 
grandeur  de  1 1 acce lerati on  perturbatrice  );  ■ 

Les  formules  (94)  -  (99)  peuvent  etre  ecrites  sous  la  forme  matricielle 


conde  nsee 


I* 


et  ou 


^i  =  ^ik  -h  X  ’ 

est  la  matrice  colonne  6X1: 

%-  =  T  0,0,0,  0,0,  rvj‘ 

K-I  =  K-i  fa ) 


(100) 


(101) 


(102) 


ost  la  matrice  6X3  de  perturbation.  Le  second  membre  de  (100)  n'est  fonction  que  de 
1 1  accelerati  on  perturbatrice  'f>et  des  elements  orbitaux  C\ ,  . 


Figure  21 
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L 'uti 1 i satl on  de  l'anomalie  moyenne  de  1 1 e po qdfe  t)0  au  lieu  de  l'anomalie 
moyenne  M  conduit  a  des  formules  du  type  : 

Cj  =  K  Y  ( 103) 

ou  cette  fois 

K  -  K(c\  ,£)  (104) 

depend  du  temps  t  . 

1.3. 1.6  -  Cas  des  petites  excentrici  tes  et/ou  des  petites  inclinaisons 

Les  difficultes  rencontrees  ,dans  1 1 uti 1 1 satl on  des  elements  orbitaux  de 
Lagrange  dans  le  cas  ou  0  et/ou  i^O  ont  d£ja  ete  evoquees  au  paragraphe  1.2.3. 

Elies  so  nt  evidences  sur  les  formules  (94)  -  (99),  ou  ‘b->oeet  A  -*•  oo  lorsque  e— . 
et  ou  -&  et  &  1  orsque  .  11  faut  alors  faire  appel  a  d'autres  elements 

orbitaux,  tels  que  ceux  proposes  au  paragraphe  1.2.3.  Les  formules  de  perturbation  de 
ces  nouveaux  elements  peuvent  etre  obtenues  aisement  a  1‘aide  de  (94)  -  (99).  11  est  a 
noter  que  ces  nouvelles  formules,  qui  ne  seront  pas  developpees  ici,  sont  rigoureuses, 
et  non  pas  seulement  valables  pour  0  et/ou  i^o  ;  elles  sont  seulement  mieux 
adaptees  a  1 'etude  de  ces  cas. 

1.3.2  -  Li  neaH  s^tioji  de^  J[o£mul£s_de  pe rturbati on 

1.3. 2.1  -  Hypothese  des  petites  perturbations  (H.P.P.) 

Dans  de  nonbreux  problenes  d' Astrody nami que ,  1 ' accele rati  on  perturbatrice  V 
est  faible  (  V  <<  cy  )  (perturbations  naturelles,  propulsion  a  faible  poussee)  ou  appli- 
quee  pendant  de  'tres  courts  instants  (poussee  eve ntuel lement  forte,  mais  impulsion 
totale  de  vitesse  faible). 

Oe  fagon  plus  precise,  11  sera  suppose  que  : 

1=  YM:  <<T  V  ,  (105) 

ou  ){;„  est  1‘intervalle  de  temps  pendant  lequel  on  s’interesse  au  mouvement,  etV 

est  la  vitesse  orbitale  moyenne.  » 

II  apparaft  done  un  "petit  parametre"  £  =  X/V<^  i  dans  le  p.robleme  et 
1 ‘i  ntegrati  on  du  systeme  (103)  de  Fj  a  tv  montre  que  les  variations  Aitl  des  ele¬ 
ments  orbitaux  sont  telles  que  Aa*:  =  0  (f  )  et,  compte  tenu  de  (93),  =  Ah0  * 

0  [£  [(re- (rj)J.  L’orbite  oscul  atri ce  '  0  reste  done  toujours  proche  de  O  ou  Or  ,  l’ecart 
etant  d'ordre  £  .  ’ 

1.3. 2. 2  -  Orbite  nominale 

_I1  est  encode  possible  de  dire  que  0  reste  toujours  voisine  d'une  orbi  te 
nomi nale  0  ,  fixe,  proche  de  Oc  et  Oi  ,  les  ecarts  etant  d'ordre  £  .  — 

Compte  tenu  du  role  particiiller  joue  par  1 'orbite  nominale  0  ,  11  est  commo¬ 
de  de  prendre  son  plan  comme  plan  de  reference  For  >1- ( r  i  g .  22)  et,  dans  le  cas  elliptique 
(0<e<l),  son  grand  axe,  oriente  vers  le  perigee;  comme  axe  de  reference  fj.Dans  le  cas 
circulaire  (TaO  ),  Fx  est  choisi  arbi trai rement  dans  le  plan  de  7)  .  Notons  qu’il  est 
possible  de  prendre  z  -  O  lorsque  <2C  et  6(  sont  d’ordre  £  . 
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1.3. 2. 3  -  Choix  du  sixieme  element  orbital 

Pour  aboutir  a  des  formules  de  perturbation  Hnearisees  generales,  il  est 
souhaitable  de  ne  pas  avoir  a  les  modifier  dans  1e  cas  ou  1 'excentrici  te  &  est  faible. 
11  est  done  commode,  puisque  nous  avons  vu  que  1 ' i ncl i nai son  est  egalement  faible, 
d'utiliser  les  elements  i*  ,  <-  ,  <2*  ,  iV  (Fig.  13)  et  de  renplacer  He  par  OT  +  Ho  , 
ou  mieux,  compte  tenu  de  la  fonte  particiniere  de  1 ‘equation  (93)  en  ,  par  : 

(T--  i  sr  ,  ( 106) 

•  „  _  a 

puisque  CT  peut  alors  etre  ecrit  : 

<r  =  £  dr  +  jL/-2iV5t7),7>+(i  «r_i  ?.Z )  ,  (107) 

<T  0  Mo1  (  .  k  2  _  «  J  57  ' 

et  le  dernier  terme  s'annule  lorsque  0  coincide  avec  0  .  ce  qui  sera  suppose  a  chaque 

instant,  dans  les  seconds  membres,  lors  de  la  linearisation  des  equations.  — 

II  est  important  de  remarquer  que ,  dans  la  derivation  de  r  ,  le  facteur  b/a, 
est  consfdere  comme  one  constante ■ 

1.3. 2. 4  -  Choix  de  la  variable  de  description 

II  n'est  pas  recommande  de  garden  ’e  temps  comme  variable  de  description.  En 

effet  f 


1)  A  chaque  instant,  la  position  angulaire  qui  intervlent  dans  les  seconds 
membres  des  formules  de  perturbation  doit  etre  calculee  sur  l'orbite  osculatrice  0  a 
partir  de  la  donnee  de  t  et  <j~  .  Dans  la  linearisation,  cette  position  devra  etre  rera- 
pl  acee  par  la  position  nominale,  calculee  sur  l'orbite  nominale  o  a  partir  de  la  donnee 
de  f  et  de  ?  .  L'erre’ur  angulaire,  de  1  '  ora  re  3e  £  (  (f  - 10  )  au  plus,  peut  devenir 
importante  dans  le  cas  d'une  longue  duree,  disons  de  l'ordre  de  1 ‘unite  pour  k(.-t0  = 
0(1/0,  ce  qui  conduirait  a  une  erreur  relative  plus  grande  que  0(4“),  et  de  ce  fait 
f  nacceptabl e ,  sur  les  seconds  membres  des  equations  de  perturbation,  qui  contiennent  des 
fonctions  tri  gonometri  ques  de  la  position  angulaire. 


2)  Le  temps  t  n'est  pas  une  variable  d'  i  ntegration  commode,  car  il  intervient 
le  plus  souvent  i  mpl  i  ci  tement  par  1  '  i  ntermediai  re  de  la  position  angulaire  sur  l'orbite 
osculatrice  (anomalie  vraie  q/  ou  anomalie  excentri que  £  ),  dont  le  calcul  en  fonction 
de  cnecessitc  la  resolution  d'une  equation  transcendante .  Une  variable  angulaire  est 
preferable  et  il  vient  d'etre  vu  qu'il  est  essentiel  qu'elle  exprime,  avec  une  precision 
suffisante,  dans  les  equations  linearisees,  la  position  angulaire  vraie  du  mobile. 

Les  considerations  precedentes  conduisent  a  choisir,  comme  nouvellc  variable 
i  ndependante ,  la  pseudo*-ascenslon  droite  du  mobi  le  M  ( Fi  g .  22),  ou  mieux,  dans  le 
cas  elliptique  ( 0<  iF<  lj  ,  I  '  a  noma  ]  i  e  excentri  que  f  correspondent  a  l'anomalie  vraieo< 
sur  l'orbite  nomi nale  Q  . 

Le'  temps . (rest  alors  dedui  t  du  sixieme  element  orbital  en  utilisant  H*  Ho  + 

nc. 


Dans  cette  apjroche,  le  mouvement  est  done  decrit  expl  ici  tement  en  fonction  de 
la  position  angulaire  e  (ou,  dans  le  cas  circulaire  e  -  0  ,  en  ' fbheti on  de  l’ascension 
droiteoC),  et  seulement  de  fagon  implicite  en  fonction  du  temps  t. 

Il  est  important  de  remarquer  que  jusqu'a  present  aucune  approximation  n'a 


ete  faite. 


1.3. 2. 5  -  Linearisation 


Seul  le  cas  ou  1'  accele  rati  on  perturbatrice  (f  est  faible  est 
cas  ou  elle  est  forte, mais  appliquee  pendant  des  intervalles  de  temps 
traiterait  de  meme.  r  _ 

Comme  "S'  =  0  [  ,  les  equations  (103)  peuvent  etre 

forme  : 


trai te  ici  .  Le 
tre  s  courts  ,  se 

mises  sous  la 


il  -  £  ff'M'  , 


(106) 


en  faisant  apparaitre  le  petit  parametre"  E  du  probleme. 

Compte  tenu  de  la  presence  de  £en  facteur  dans  les  seconds  mambres,  on 
obtient  une  approximation  suffisamment  bonne  des  variations'/^  on  remplagant  dans  le 
second  membre  les  elements  orbitaux  par  leur  valeur  nomi  nale-  q.  La  linearisation  des 
formules  (106)  consiste  done  simplement  a  "figer"  dans  les  seconds  membres  les  elements' 
orbitaux  a  le'ur  valeur  nominate. 

Compte  tenu  du  choix  des  axes,  on  a  evidemment  : 


(c 'est-a-di re/c  =  O  )  , 
{>.  'esi-a-oi  re,®  »  O  ) . 


(107) 

(108) 


0’ajJtre  part,  T  est  constant,  ou  mieux,  en  prenant  pour  origine  des  temps 
l'instant  ou  i  -  O  (ou  X  =  ol,  et  compte  tenu  de  (108T 


r  =.  o  . 


(109) 


*'  En  "effet,  (e  plan  "de  reference  Ficu.,  qui  Tsl  TcT  Te  plan  de  g  ,  ne  coi  nci  de  pas  e"n 
general  avec  le  plan  equatorial.  » 
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Compte  tenu  du  role  particulier  joue  par  l'orbite  nominale  0  ,  il  est  commode, 
pour  simplifier  les  calculs,  de  choisir  les  unites  suivantes  :• 

Unite  de  longueun.  :  a  =  demi-grand  axe  de  0  .  _ 

Unite  de  temps  :T  /iU  -  \J3  3'/  u  *  (periode  sur  0  )/2ij  , 
d'ou  :  „  _  J— 

Unite  de  Vitesse  :  C  (  0. )  »  vitesse  circulaire  |  — 

_ '  _  I  a  1  a  di  stance  -  1 . 

Unite  d1  acceleration  :  ^  i  A  )  -  p  /  a  *«  acceleration  de 

On  peut  done  fal  re  :• 


cjrd'jitsti'an 


«  -  A 
n  =  -i 


done 


(110) 

(111) 


/w —  lt=  1  ,  (112) 

dans  les  equations,  au  risque  de  ne  plus  pouvoir  verifier  les  formules  par  des  conside¬ 
rations  d' homoge nei te  . 


Compte  tenu  de  toutes  les  hypotheses,  la  linearisation  des  formules  (106) 
conduit  a  1'expression  suivante,  ou  pour  simplifier  les  expressions,  le  slgne  (  )  a  ete 

omis  sur  les  quantites  nominales  :• 

K  V  ,  (113) 

dE  .. 

ou,  la  matrice  de  perturbation  nominale  K.  prend  la  forme  simplifiee  suivante  : 


K  - 


0 

0 

0 

0 

^ax 

Ke,X 

Ke.X 

4y 

t 

K.2 

0* 

0 

0 

0 


(114) 


Les  elements  sont  donnes  dans  le  Tableau  2,  en  fonction  de  l'anomalie  excen- 
trique  f  dans  le  cas  el  1  i  pti  que  { 6.  ,  et  de  l'ascension  droite  of  dans  le  cas  circu¬ 

laire  («-  *  0  ) . 

Sous  forme  developpee,  ei  fonction  des  composantes  ir  ,  7?  ,'!£>  de  l'accelera- 
tion  pe  rturbatri  ce  y'  dans  les  axes  orbitaux  tournants  nomi  naux  ,on  a  : 


Cas  el  1 i pti que  (  e  ^  0  )  : 

-  Jl  s,»  £  W'  ,  (115) 

(116) 

£jk  S  £  TP  +2b  (117) 

=  I?  i inf  0°  -t-  b  ^2,ccs  £T— e  —  ft  )  t  (118) 

b(e~ui£  YTfy  uE (i-ecnE-c*)  ZF,  (119) 

iin£ -2Jlz  g3.  (120) 


Cas  ci  rcul  ai  re  (  6  =  0)  : 

w  wr, 

dot 

ip  _  _  cud.  W'  , 

%.  _  2  ‘2°  , 

^  -  3m  y  2-  uxU  9?  , 
dp,  -  - cfj of  <9° -bib'll ^*2? » 

J17- 

Ces  dernieres  formules  sont  particul  ierement  simples  et  tres  importantes , car 
elles  permettent  d'etudier  les  perburbati ons  nature  1 1 es  ou  a rti 1 1 c ie I  I es  ( poussee )  au 
voisinage  d'une  orbite  nominale  ci  rcul  ai  re ,  ce  oui  souvent  le  cas  dans  la  pratique. 


o  3  /  0=> 

t~  T  '-'•A  "O  • 


( 121) 
(122) 

(123) 

(124) 

( 125) 

(126) 
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Tableau  2  :  Elements  de  la  matrice  K 


.ivee  ,>  = 


n  -  1  ,  b 


\/l  —  c'  .  p  =  1  —  c' 


—  1  —  ccosE  ,  M  -  E— esinE  . 


c  0 

m 

K 

i  / 

X 

sin  E 

sin  0! 

K 

i  Z 

y 

{  c  —  cos  E  )  /  b 

—  cos  OL 

K'x 

(  2e/ r )  sin  E 

0 

>- 

2b/r 

2 

K 

c  X 

X 

( p/r)  sin  E 

sin  a 

.  . . 

Ko  Y 

| . X  . 

{  b/r)  (  2  cos  E  —  c  cos2E  — c  ) 

2  cos  CL 

1 

K 

<r  X 

y 

( b/  r )  ( e  —  cos  E  ) 

K 

c  y 
•v 

s:n  E  ( 2  -  ccos  E  —  c2)/ r 

2  sin  01 

Kox 

—  2r  +  (  3  Me  sin  E/  r ) 

-2 

K0Y 

3b«  r 

3  OL 

1-4  -  Application  :  perturbation  des  orbites  des  satellites  artifjcjejs  par  le 
freinage  aimosherique  '  ‘  '  c - 

On  se  bornera  ici  a  quelques  remarques,  essentiel  lement  d’ordre  qualitatif. 

1.4.1  -  Hypotheses 


La  resistance  ae rodynani que ,  bien  que  tres  faible  des  que  l’altitude  est 
suffisante,  a  pour  effet  de  limiter  la  duree  de  vie  des  satellites  artificiels  de  la 
Terre.  Cet  effet  sera  estime  dans  le  cadre  des  hypotheses  simpl  i  f  1  catrices  suivantes  : 
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(1)  Terre  spherique. 

(2)  Atmosphere  non  tournante,  c'est-a-dire  non  entrainee  par  la  rotation  de  la 
Terre  sur  elle-meme. 

(3)  Masse  specifique  de  l'alr  fonctlon  parfaltement  connue  de  1 ‘altitude  ; 

par  exemple,  fonctlon  exponentlel  1  e  par  morceaux,  du  type  :  ~ 

<3-  ^  (127) 

ou  les  valeurs  et  H»  (facteur  d'echelle,  appele  encore  “pas"  de  1 1  atmosphere )  sont 
valables  dans  la  “tranche”  d'altltude  [V  ,  £ . 

En  fait,  une  grande  incertitude  pese  sur  la  connaissance  de  la  densite  atmo- 
spherique  a  haute  altitude.  Cette  densite  depend  essentlel  lement  de  l’activite  solaire 
et  de  1'activitd  geomagne ti que .  On  observe,  de  plus,  des  variations  sai  sonnieres, 
dlurnes  et  geographi  ques  (latitude  et  longitude).  Oes  modeles  empiriques  ont  ete 
construits  (NASA,  CERGA,  ...).  Stati  s  1 1  quement,  11s  representent  la  realite  a  25  %  pres 
sur  95  %  de  la  duree  de  vie  d'un  satellite  bas.  Sur  les  5  %  restants,  des  orages  magne- 
tiqucs,  dont  la  duree  est  de  1‘ordre  de  la  journee,  peuvent  etre  responsables  d'une 
erreur  allant  jusqu'a  100  %.  Cette  erreur  est  cependant  rel  at!  vement  falble  au  minimum 
du  cycle  solaire,  de  periode  11  ans  environ.  L'lmportance  de  ces  orages  peut  etre  connue 
a  poster! or!  ,  avec  un  delai  de  l'ordre  de  15  jours,  t'effet  peut  done  etre  pris  en 
compte  dans  un  traltement  on  temps  differe. 

(4)  Loi  de  “trainee  aerodynami que”  de  la  forme  : 

W*.  .  -if  ,  (i28) 

ou  S  est  le  maitre  couple'1  et  Cx  le  coefficient  de  trainee,  compris  entre  2  et  4,  et 
suppose  parfaltement  connu.  £n  fait,  1  '  e  rreur  Tur  i  e  c  %  pout  etre  de  l'ordre  de  20  a 
50  %.  Mals  la  connaissance  du  Cx  peut  etre  amelioree  a  partir  des  mesures  de  poursuites 
de  satellites. 


1.4.2  -  Pe  rUirbati  t>n_de  1  ' orbi  te 

[.'acceleration  perturbatrice  X  est  done  : 

Y5-  f  8  '/  T,  (129) 

ou  B  =  SQt/fn  est  le  coefficient  ballstlque  du  |atel1ite. 

PitLjgue  1 ' acce lerati on  perturbatrice  a  g  1 1  dans  le  plan  de  l'orbite  oscu- 

latrice  D  ( 'll?  *  O  ),  les  equations  (96)  et  (97)  montrent  que  : 

L  —  constants.  t  (130) 

done  que  le  plan  de  1'orblte  n'est  pas  modlfie. 

0' autre  part,  comme  <^0  ,  (g'4 )  montre  que  et 40,  done  que  le  demi -grand  axe 
decroit  toujours.  fc 

rant  que  le  perigee  est  suffisamment  haut,  1  '  accele  ra  ti  on  perturbatrice 
reste  falble  (Y<ir<u)  et  il  est  possible,  comme  il  a  ete  vu  au  paragraphe  1.3.2  de 
calculer  approximate  vement  les  variations  Act)  des  elements  orbitaux  sur  une  revolu- 
tion  en  figeant  l'orbite  osculatrice  O  dans  les  seconds  membres  des  formules  de  pertur- 
FatTons. -  . 

Si  l'orbite  i  ni  ti  ale  C/o  est  el  1 i pti que  ,  le  freinage  a  lieu  au  debut  essentiel  - 
lement  au  voisinage  du  perigee  .J  et  le  relation  (91),  qui  s'ecrit  ici  : 

p  ~t  =  -  8(->  V  Mi,  (131) 

ainsi^  que  les  Figs.  21  et  23,  montrent  que  les  contributions  elemental  res  T ;  e  t  Te: 
a  ,  pendant  le  temps  dt  ,  corre  spondant_  a  deux  points  <-K-f  et  Ml  symetriques  pa[~ 
rapport  au  grand  axe,  sont  elles-memes  symetriques  par  rapport  au  grand  axe.  Doncj^A 
et,  par  sommati  on ,  tSe  sont  portes  par  le  grand  axe  et  diriges  en  sens  Inverse  de  "5  . 
Done  la  direction  du  grand  axe  est  invariante  et  1 'excentrici  te  decroit.  Il  est  possible 
de  verlfTer  qu'a  I'issue  de  ceite  premiere  phase  I  'excentri  c  i  te  s'annuie. 


Figure  23 
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Un  raisonnement  analogue  montreralt  que  la  seconde  phase  est  une  spirale 
"circulaire"  de  rayon  decroissant. 

£  n  r  i  n,  1  orsque  Te  satellite  arrive  dans  les  couches  denses  de  1 '  atmosphe  re  , 
l'hypothese  V«c y  n’est  plus  valable  et  il  faut  reprendre  le  calcul  a  1  'aide  des  formu- 
les  de  perturbation  rigoureuses  (89)  -  (92)  ou  (  94)  -  (99),  ou  plutot  revenir  aux  equa¬ 
tions  cartdsiennes  (62),  pour  decrire  la  troisierae  phase  de  rentree  proprement  dite. 

En  resume,  la  deformation  de  l'orbite  s'effectue  cn  trois  phases^ (Fig.  24J  : 

(1)  d'abord  une  "ci rcul ari sati on"  progressive,  ou  1‘altitude  de  i'apogee  decroit,  a 
altitude  de  perigle  quasi -constante  ; 

(2)  puis,  une  "spirale”  de  rayon  lentement  decroissant  ; 

(3)  enfin,  une  “rentree"  relativement  rapfde  dans  les  couches  denses  de  1 'atmosphere . 


Figure  24 


F igure  25 


2  -  FORMAL  1  SHE  LAGRANGIEN 


2-1  -  Mecanique  lagrangienne 


La  mecanique  lagrangienne  a  pour  objet  1 'etude  du  mouvement  des  systemes 
materiels  discrets,  tels  que  toute  conf i gurati o.n  a  l'instant  t  puisse  etre  definie  par 
la  donnee  d'un  nombre  fini  de  parametres  fl<  (  t  =  1,  2,  . . .  ,  rt  )  (coordonnees  generali- 
sees)  et  eventuel lement  de  t  . 

Le  systeme  de  N  points  materiels  de  la  premiere  partie  apparait  ainsl  comme 
un  cas  particulier.  II  est  possible  de  prendre,  par  exemple,  pour  parametres  4f‘  les 
coordonnees  x jj  (  1 ,  2,  3)  des  <.4)p(  j>  =  1,  2,  . . .  ,N  ) .  Dans  ce  cas  ,t  =  31/. 

L '  appl  i  cati  on  du  principe  des  puissances  virtuelles,  equivalent  a  la  loi 
fondanentale  de  la  dynamique  (Fig.  i),  conduit  aux  equations  de  Lagrange  bien  connues, 
qui  ,  dans  le  cas  particulier  d'un  systeme  a  Lagrangien,  s'ecrivent  : 


1 


(132) 


2.2  -  Probleme  des  2  corps 


Le  systeme  des  2  points  materiels  etudfe  au  paragraphe  1.2  est  un  systeme  a 
Lagrangien.  La  symetrie  spherique  du  probleme  (Fig.  25)  suggere  1  'utilisation  des 
coordonnees  spheriques  (  %  ,  2  ,  i  (  Ji  :  di  stance  ;  j2  :  ascension  drofte  ;  £;d6clinaf- 
son),  e'est-a-dire  le  parametrage  : 


<2  = 

i>‘J 

,  [>,«,  sy  <>=  '<,2/3 ) . 

(133) 

L'energie  cinetique  s' 

T-  iV>Z 
2 

Lc  pctonttel  o l  , 

ecrit  :■ 

2  v 

+  a'-cci'S  A*  ). 

(134) 

it- 

et  le  lagrangien  : 

(135) 

L,=  T- 

(1)6) 
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...  T.fc.  etLK  sont  des  quantites  massl  ques  (par  unite  de  masse).  K  est  mis 
pour  "kSplerien" . 

Le  mouvement  peut  etre  obtenu  par  Integration  des  equations  de  Lagrange  : 

4r  (—  )-  ^  -  O  .  (137) 

dt  {'da'')  7>«s  ~ 

L'angle  o<  est  1  gnorable  (  =  O  ),  d'ou  l'integrale  premiere  : 

i  •fiLc<nL%  =  constants  =  A,  ( composante  du  moment  clnetique  sur  Fi-  ) .  ( 138) 

dk  *  , 

Le  systeme  est  conservatl  f  (ou/dt^O),  d'ou,  pulsqu'll  n'y  a  pas  de 
liaison,  I'lntegrale  premiere  de  l  'energle  : 


I  t 


*  constante 


-  k. , 


(139) 


qui  sera  utilise  a  la  place  de  1 'equation  de  Lagrange  pour -2.  .  L'equation  de  Lagrange 
restante,  en  %  ,  peut  etre  ecrite  : 

sL  (  Lt  +  U't  f  H ’nf  ’u~  —  O  .  ( 140) 

dt^'dS  I  hS  dtr 

L ' uti 1 1 sati on  des  equations  (138)  (  139)  et  (140)  permet  d'integrer  le  mouve¬ 
ment.  Cette  integration  est  asset  laborieuse,  plus  laborleuse  qu'au  paragraphe  1.2.2.  En 
particulier  le  fait  que  le  mouvement  est  plan  ne  s ' ohti e  nt  pas  1 mmedl atement  comme  dans 
le  cas  de  1  'uti  1 1  sation  de  I'lntegrale  premiere  du  moment  clnetique. 

L ' i ntegratl on  conduit  a  : 

Q  =  €  Ofj  )  y 
Q  =  Q  (q*  )  , 


fy/]  =  [a  ,e,c,SL,eo  ,n]T 


(141) 

(142) 

(143) 


sont  les  elements  orbitaux  de  Lagrange,  Introduits  au  paragraphe  1.2.3.  II  y  a  blen  6 
constantcs  d ‘ i ntegratl  on 


~  *•'/■&/  <*>,  Z~] 


~i  r 


(144) 


Comme  au  paragraphe  1.2.3,  la  donnee  des  elements  orbitaux  est  equl va- 
lente  a  celle  des  elements  Qs  ,  (^s  .  H  ■  ■ 


2.3  -  Formules  de  perturbations  de  Lagrange 


Dans  de  nombreux  problemes  de  perturbation  d’un  mouvement  keplerien  (effet  des 
dissymetrtes  du  potentiel  terrestre  ou  effets  1  uni  -  sol  al  res  sur  l'orblte  d'un  satellite 
artificiel,  perturbations  planetaires,  etc.),  1  '  acce  lerati  on  perturbatrlce  y'  derive 
d'un  potentiel  perturbateur  R=  R  (35^  ,  fc  ),  fonction  de  la  position  H?et,  geneiale- 
ment,  du  temps  : 

7  =  _  VR  ,  (145) 

Les  formules  de  perturbation  des  elements  orbitaux  (94)  -  (99)  peuvent  alors 
etre  ecrites  sous  une  forme  parti  cul  le  rement  commode,  dite  "de  Lagrange",  ou  les  seconds 
membres  sont  exprimes  en  fonction  des  derives  partielles  DRrdGf  du  potentTeT  pertur¬ 
bateur  par  rapport  aux  elements  crbitaux  Cji  .  I" 

Cette  fcrme  pourrait  etre  obteniie,  par  un  calcul  asset  laborieux,  en  portant 
l'expression  (145)  de  "?*  dans  les  formules  de  Gauss  (94)  -  (99)  "en  gp  ", 
en  exprimant  les  composantes  du  gradient  VR  en  fonction  des  derivees  partielles.  Hals 
il  est  preferable,  dans  ce  paragraphe  consacre  a  la  mecanique  1  agrangienne ,  d'utiliser 
l'approche  elegante  suivie  par  Lagrange  pour  resoudre  le  probleme. 


Le  sy'teme  "perturbe"  est  encore  un  systeme  a  lagrangien  : 


L  =  r_  V', 

(146) 

ou,  cette  fois,  le  potentiel 

devient  :• 

If-. 

-bR  *  -  £  R  , 

(147) 

avec 

R- 

R(<B  /t )  =  R  £)  . 

(148) 
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Si  1 ' on  pose  : 

P-  _  '31.  (moments  conjugues  des  QS)  (149) 

S  3as  ' 

les  equations  de  Lagrange  s'ecrivent  : 

?  =  1L  .  (ISO) 

La  methode  d ' i ntegrati on  utilisee  est  encore  une  methode  de  variation  des 
constantes.  Elle  consiste  a  effectuer  le  changement  de  variables  (141)  (142)  portant  a 


variables  :■  ce  sont  lei 


les  1 2s  et  les  Qs  ,  oil  les  a/  s o n t  mai  ntenant 
orbitaux  de  l'orbite  oscul  atri  ce  O  ■  D'ou,  egalement  :■ 

n  (v). 


Les  equations  de  Lagrange  (150)  deviennent 

13  q*  =  Ik 

'dqi  'A  _  dQs  ’ 


Lagrange  : 


'deji  c>Cis 

et  la  derivation  de  (141)  conduit  a  : 

~  ft  =  <**  ■  (153) 

le  but  est  d  eliminer  les  variables  C\  et  Ol  et  d'obtemr  des  formules  de 
perturbation  en  c\i  •  Cette  elimination  est  possible.  Elle  met  en  jeu  les  crochets  de 
Lagrange  : 

'  L.4',i;1=  1?' 25-  %  !2‘  , 

i  L  1  H  3v 

qui  peuvent  etre  consideres  comme  des  fonctions  des  <■]{  et  qui  sont  en  fait  des  cons- 
tantes  du  mouvement  keplerien,  ce  qui  n’est  pas  evident  a  priori  car  -  H  vane  en 
'tonction  3u  temps’.  T1  est  lone  possible  de  les  evaluer  en  un  point  particulier  de 
l'orbite  osculatrice  O  ,  le  perigee  £  par  exemple,  ce  qui  simplifie  beaucoup  les 
calculs.  Tous  calculs  faits,  on  obti  ent  finalement  les  formules  de  perturbation  de 
Lagrange  : 

d  -  -  —  ££  (155) 


J  --  ±  f t  l*  -n  -1  , 

.  04%  t  'iu  i  -1  ,, 
i  M  _  _cL — _  2 £ 

J2  ^  .  _  AH  >  f 

Co  ^  -  J—  M  x 

#  hab  fa  4  nc\?e  ‘ d 4 

h  c  ,v  4-  iz-  £A  +  jUL  , 

no.  1c*.  ncnT>  e. 


~  &C°I<  '+)  =  R.(a.,e ( 

l  ■  On  verifie  evidemment  que ,  dans  un  mouvement  keplerien  (  R  =■  G  ) ,  les 
%  (  ^  -  1,  2,  ....  5)  sont  constants,  et  q(  -  M  est  foncti on  affine  du  temps. 


2.4  -  Application  :  perturbations  des  orbites  des  satellites  artificlels  dues  aux 
dissymetries  du  potentiel  terrestre 


II  est  bien  connu  que  la  Terre  est  spherique  en  premiere  approximati on (T)  ( FI g . 
26).  Si  elle  est  supposee,  de  plus,  forraee  de  couches  spheriques  homogenes,  tout  se 
passe  comne  si  sa  masse  m^etait  concentree  en  son  centre,  ce  qui  conduit  a  1 'expression 
simplifiee  du  potentiel  newtonien 

l K-  (162) 


A. 


utilisee  en  (21)  et  (135),  et  aux  classiques  orbites  kepleriennes. 

En  seconde  approximation,  la  Terre  peut  etre  assimilee  a  un  ellipsofde  de  revo¬ 
lution  aplati  fp  .  Le  renflement  equatoriel  est  responsable,  en  particulier,  de  pertur¬ 
bations  dites  "seoul  ai  res",  qui  ,  contrai  rement  aux  perturbations  "peri  odi  que  s“ ,  croissent 
l  i  noai  romonf  on  fonction  du  temos.  et  oeuvent  done  devenir  tres  importantes^au  bout  d'un 
temps  suffisamment  long.  Ces  perturbations,  qui  concernent  les  elements  lascension 
droite  du  noeud  ascendant),  U)  (argument  du  perigee)  et  M  (anomalie  moyenne)  (Fig.  27), 
peuvent  atteindre  plusieurs  degres  par  jour  comme  nous  le  verrons  plus  loin. 

L'  influence  des  autres  dissymetries  sera  egalement  etudiee  de  fagon  tres 
sommai  re ,  ou' 1 1  s’agisse  de  dissymetries  de  revolution  (par  exemple,  forme  en  "poire"  de 
la  Terpen)),  ou  de  dissymetries  1  ongi tudi nales  (par  exemple,  ellipticite  de  l’equateur 
terrestre (4)) . 
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Figure  27 


Figure  26  <Tr«  schcmattqur). 


Hecinlque  celeste 


Figure  28  Figure  29 


Notons  qu' i nversement,  1'observation  des  perturbations  des  orbites  des  satel¬ 
lites  permet  de  se  renseigner  sur  la  forme  de  la  Terre  (geodesie  dynamique)  (Fig.  28)  ; 
ce  point  sera  souligne  dans  l'expose  [4]. 

Signalons  enfin  que ,  dans  les  etudes  tres  precises,  il  faut  tenir  compte  du 
fait  que  la  forme  de  la  Terre  depend  du  temps,  a  cause  de  1'elasticite  et  de  la  visco¬ 
site  de  ce  corps  (theorie  de  Love ) ,  soumi s  au  champ  de  gravitation  d'autres  corps 
celestes  (Lune  et  Soleil). 


2.4.1  -  le  potentiel  terrestre 

Dans  le  cas  general  (Fig.  29),  il  faut  utiliser  l'expression  du  potentiel  :• 

-  des) 

ou  est  la  masse  volumique  et  h(?,cAi  )=  llPtAli 

Il  est  bien  connu  que,  a  l'exterieur  du  corps,  le  potentiel  newtonien  est  une 
foncsion  harmoni  que  : 


ait*  o 


(160 


Il  est  done  logique  de  s'interesser  a  la  solution  generale  de  (164),  ou  plutot 
a  une  famille  de  solutions  suffisamment  generale  pour  qu'elle  puisse  servir  de  base  pour 
reperer  la  foncticnv  definie  en  (163).  Ce  sont  les  harmonigues  spheriques. 

La  forme  quasi -sphe ri que  de  la  Terre  suggere  le  choix  de  coordonnees  spheri¬ 
ques  pour  repjrer  la  position  du  point  courant  t/v  .  Soit  done  F  le  centre  de  masse  ae 
ia  Torre  ct  i  Xrjoj#  les  5«ij  ge  oc«  nir  i  que  s  lies  a  la  lerre  lug.  3l)T." 

Il  peut  etre  montre  que  le  potenti e  1  terrestre  V'  ,  defini  en  (163),  admet 
un  developpement  en  harmonigues  spheriques,  que  1'on  ecrit  souvent  :• 

~  (1r)  ^ ) (c^u%w x + > 


(165) 
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F lgure  JO 


en  separant  les  harmoniques  zonaux  (  n>  =  o  !  et  tesseraux.  Les  termes  en  sont  nuls 

car  1‘origine  est  prise  au  centre  de  masse  de  la  Terre. 

Dans  ce  de vel oppement ,  cte  est  le  rayon  equatorial  de  la  Terre  ; 

5&>-  A  jp(x‘"l>l  ■ 

est  le  polynome  de  Legendre  de  degre  I  ; 

R  Cx)  =  (167) 

est  la  fonction  de  Legendre  associee  ;  J(  ,  C(„  ,  $£m  sont  des  coefficients  qui  carac- 
terisent  le  "corps"  terrestre  ;  est  le  coefficient  de  l'harmonique  zonal  <Te 
degre  l  ;  c>  ,  sont  fes  coefficients  des  harmoniques  tesseraux  de  degre  -l  et 

di  .  C  rr,  v  r/i 

ordre  hi  . 


On  possede  actucllement  plusieurs  modeles  de  potentiel  elabores  a  parti  r  de 
mesures  de  poursuite  de  satellites  et  de  mesures  gravimetri ques.  II  s'agit  de  : 

-  GRIM  3,  modele  europeen  ; 

-  GEMTi  ,  modele  du  Goddard  Space  Flight  Center  ;■ 

-  WGS  84,  modele  du  DoD. 

Ces  modeles  sont  complets  au  moms  jusqu'au  degre  et  a  l'ordre  36  pour  les 
deux  premiers,  et  180  pour  le  dernier.  Cependant  le  modele  WGS  84  est  classifie  et  seuls 
les  coefficients  jusqu'a  l  -  rr>  =  18  sont  publies.  II  reste  le  modele  de  reference 
utilise  pour  la  localisation  des  satellites  NAVSTAR,  situes  a  20  000  km  d'altitude. 

Les  modeles  ne  sont  pas  independents,  puisque  les  memes  satellites  ont  ete 
utilises  pour  les  elaborer.  Les  coefficients  les  mieux  connus  sont  ceux  qui  ont  le  plus 
d'tnfluence  aux  altitudes  des  satellites  observes. 

Des  matrices  de  covariances  d'erreurs  destination  existent,  mais  elles  sont 
rarement  publiees. 


II  est  important  de  remarquer  que,  le  terme  "d '  apl  ati  ssement"  _ est 

de  1  'ordre  de  10-3  et  que  les  autres  coe f f i ci ents^C  ou  S  sont  de  l'ordre  de 
10'6  au  plus. 


2.4.2  -  Pc rtjirbaU on£  dues_aux_d^s^yme tries^  du  potentiel  terrestre 
2. 4. 2.1  -  Potentiel  perturbateur 

Le  potentiel  terrestre  tA<j0nne  en  (165)  peut  etre  ecrit  :• 
est  le  puteniiei  perturbateur  :• 

R= 


-  Jt  +  R  , 

(168) 

X 

(169) 

m=c 

(  Q*1  FCInt  A  +■  Si.)  m  A  )  , 

(170) 

avec 
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Afin  de  pouvoir  appliquer  les  formules  de  perturbations  de  Lagrange  (155)  - 
(160),  il  est  necessaire  d'exprimer  (5  non  plus  en  fonction  de  la  position  "geogra- 
pliique"  (  7.  ,  /\  ,  cb  )  du  point  rnais  en  fonction  des  elements  orbitaux  oscula- 

teurs  ({  =  d  ,i  ,-i,£t,H]re  t  du  temps  t  ,  comme  indique  en  (161). 

-  Le  temps  t  s'introduit  evidemment  par  1  '  i  nte rmedi ai re  de  I'angle 

F**)=  >  (171) 

de  rotation  des  axes  lies  a  la  Terre  F*g,  ^  par  rapport  aux  axes  F 

finest  la  vitesse  de  rotation  de  la  Terre  =  1  tour/jour  si  de  ral  ,  et  fc  est 
alors  l'heure  siderale  de  Greenwich. 


Un  calcul  assez  fastidieux,  detaille  dans  le  livre  de  Kaula  1 6 ] ,  conduit  a 
1  'expressi on  :  j  x  ^ 

^  Fj  0)  £  6,  S,  (w,  si.n,  <?),  im) 


a**1  f  =  c  y<j 


Lsl 


+  I  CL 


,  $€  Icn  -t- 


^Mr1«  K’  +  'If+^rU  rn  (-CL  -©)  .,  (174) 

Comme  il  fallait  s'y  attendre,  le  temps  tT  n'apparait  done,  par  l'interme- 
diaire  de  I'angle  @  ,  gue  dans  les  termes  tesseraux  (  Pi^tO  ), 

Les  foncti  ons  i-t  FT  )  e  t.  (?/..  (  e  )  o"iTt  des  expressions  generales  assez 
compl i quees .  I 

Il  est  important  de  remarquer  que ,  dans  tous  les  cas,  la  partie  principale  de 
^  (e)  est  en  ,  et  que  seuls  les  termes  en  zj=o  sont  non  nuls  pour  ^.-o. 

2. 4. 2. 2  -  Calcul  des  perturbations 


Les  formules  de  perturbation  de  Lagrange  (  155)  -  (160)  peuvent  etre  eentes 
sous  la  forme  matricielle  suivante  r  _  r 


I  v  >  U  I  V  u  II  to  _  _  f 

j,  'j.,L  (v  )  [  >IM}]  , 


ou  correspond  aux  variations  des  elements  orbitaux  dans  le  mouvement  keplerien 
oscufateur  :  - 

"  0\tt  =  [o(  0 ,0 ,0  ,0 ,  n~]  '  ,  (176) 

et  ou  L  est  la^  raatrice  6  X  6  de  perturbation  de  Lagrange.  Dans  le  potentiel  pertur- 

bateur  R  ,  donne  GO  I  1  fiQ  ^  ’  1  P  t.  P  rmP  nrpnnnfio  rant-  o  c  f  lo  t  (irmo  H  1  "  a  n  1  a  i  e  e  n  mo  n  ¥  " 


^2/1  ~  )l 


e  terme  preponderant  est  le  terme  d 1  “ a 

F  ~  I-  'W>>  U. 


erme  d  1  '* a p  1  a t i  ssement" 


p,<j  1CP 


*tOfq  «  (*-  ZP  )U  +(*  -  )n  ,  (178) 

car  JL=  -  Cle  est  de  l'ordre  de  10"3  alors  que  les  autres  coefficients  Cl  et  Co 
sont  de  l'ordre  de  10'6.  m 

Il  est  alors  commode  de  poser  : 


Rzr  R2c  +  Rc  ,  (179) 

OU  Rc  est  le  potentiel  perturbateur  "conplementai  re" ,  correspondent  aux  autres  termes 
zonaux  ou  tesseraux.  Les  formules  de  perturbation  (175)  deviennent  alors  : 

V  *  </«■  +  L  )f  — ] 1  +  l 
±  t  -  -  L  ?  qt  J 

soit,  en  introduisant  le  'petit  parametreM~  £  -  : 

ch  =  h,  (1*)+  c  lo,  fa )  v-  r  h,  (f  ,n  ■  ( iso 

La  solution  de  (181)  peut  etre  alors  cherchee  sous  la  forme  d'un  devel oppement 
asymptotique  du  type  : 


(Hj)[ 


,C)‘ 


t  C  I’tofc)  J-C*  %,&)  +  -■  <182> 

L'  {mvi  utiucLion  de  cette  expression  dans  (181),  le  devel  oppement  du  Second 
membre  par  la  formule  de  Taylor  et  1  1  i de nti  f i cati on  des  termes  de  meme  puissance 
en  A  permet,  en  principe,  d'obtenir  la  solution  pas-a-pas,  par  la  resolution  des 
systemes  di  f  ferentiel  s  correspondant  aux  differents  ordres  d '  approximati on. 
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a)  Solution  d'ordre  zero 

La  solution  d'ordre  zero  est  donnee  par  : 

%(0  ~  )  > 
et  correspond  au  mouvement  keplenen  non  perturbe. 

b)  Solution  d'ordre  1 

Le  terme  d'ordre  1  est  donne  par  : 

a  _  (b’)  a  ^  J  (n  \ 

2<("  ~  ~ -  vt»  T(<,  (t*®" ) 

soit  :•  viit)  ~ 


- 


9  1 


M  *  4  (M 


J4(jn 


9  A 


•Jx 


M 


lcfV(o) 


done 


(**f,  )(C)  -  (2-  +(*- 


(  \c)-^nl =  VmK  • 


i*p<j 


(183) 


(184) 


(185) 


(186) 


(187) 


(188) 


qu'iT^aut  distingucr  dans  Ric  deux  types  de  termes 

1)  Perturbations  seculaires  (2  -  2j>  +  cj  =  0): 

Lorsque  2  -  2p  +  4  =  0,  (  )j»»  est  constant  par  rapport  au  temps  j  il 

en  est  done  de  memedd  Kura  )<p>  et  du  dedxieme  terme  du  second  membre  de,  (185).  On  peut 
montrer  qje  1 1  integration  de  (185)  conduit  alors  a  des  expressions  des  ‘JL  affines  en 
fonction  du  temps.  Ces  perturbations  sont  appelees  seculai  res,  car  el  lesfsonT“cumul  a- 
tives  et  peuvent  devenir  tres  importantes  au  bout  d'une  duree  suffisamment  longue. 


Oans  le  systeme  dffferentiel  (185),  les 
11  est  done  possible  de  superposer  les  solutions.  Or  l'expression  (188)  montre 


TjjL ,  sont  des  fonctions  affines  des 


Tous  les  calculs  faits  on  trouv?  les  resultats  suivants  :• 

Les  elements  a,  e-  etc  ne  subissent  pas  de  perturbations  seculaires.  M  ne 
subit  pas  de  perturbatfon  secul  ai  re  i  ndui  te  par  uTTe  perturbati  on  secul  ai  re  sur  cl-  , 
puisque  celle-ci  est  nulle. 

Les  elements -fl- ,tu  etfl  subissent  les  perturbations  seculaires  : 

_rl.  =  _  3  Jx  f \ is)1  nQ  CW  t„  ,  (189) 

*  lj2(4*yn*  [scot1 -4)  ,  (190) 

\  =  I Kfj  c^fA  (z“*Xc‘  -")  •  (i9U 

Ces  perturbations  dependent  de  He  et  i'„  .  Par  exemple,  pour  une  orbite 
circulaire  (  =0),  Passe  (altitude  -  300  km),  on  a  r)c  =  16  revol utions/jour  =  1 6  X 
360*  /  j  ,  d  *  ou  :■ 


-  •/}  , 

(192) 

j^.,1  (5 ccs* C„  _  H  ) 

%•> 

(193) 

4-/2-  (3 cox'1 1  a  —  'i  ) 

Vi- 

(194) 

Ces  pe rturba ti ons  seculaires  sont  importantes.  * 

Le  noeud  N  se  depl  ace  dans  1  e  sens  re  trograde  (3XS<0)  pour  une  orbite 
directe  (04  <90’) ,  d’autant  moins  rapideroent  que  P 1  nc  I  i  nai  son  est  plus  forte,  il 

n'y  a  pas,  de  perturbation  seculaire  de  la  ligne  des  ooeuds  dans  le  cas  d'une  orbite 
po  l  ai  re  I  Cc  ' 90* )  '■ 

.  Le  plan  de  1 'orbite  garde  la  meme  orientation  par  rapport  au  Soleil  lorsque 

l’/j,  done  CvSi\  1/8,5  et  Cc  e  96*, 75  (orbite  retrograde).  Cette  orbite  est  dite 
"he  1  i  osy  nchrone"  . 

L  a '  rota  ti  on  du  perigee  P  dans  le  plan  de  1 'orbite  se  fait  dans  le  sens  du 
mouvement  (  <os>  0)  pour  une  orbite  d '  i  ncl  i  nai  son  faii.ie  {  ‘.'.si  G) ,  ei  dans  le  sens  oppose 
(  te<<  nl  n n u *-  "no  orbite  ue  forte  inclinaison  (  C,  —  90*).  La  perturbation  seculaire 
est  nulle  pour  <•«  «  tc  ou  180’  -  ic.  ,  ou  ic  est  1  1  i  ncl  i  nai  son  cri  ti  que  : 

t,  r  Arices  d-  *  6V  16  '  . 


(195) 
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2)  Perturbations  a  courtes  periodes  dues  a  ( 2  -  2  p  -t  £  0)  : 

Lorsque  2  —  2  f*  “J  ^  0,  (  est  une  fonction  affine  du  temps,  (&t  cfq)(c) 

est  une  fonction  sinusoidale  du  temps, 'et  il  en  est  de  meme  du  deuxieme  terme  du  segond 
membre  de  (185).  L '  i  ntegrati  on  de  (185)  conduit  alors  a  des  expressions  des 
periodiques  a  courte  periode  (frequence  egale  a  (2—  Zy> -t- a  ,  done  periode  egale  a  un 
sous-mu)  ti  pie  <Te  la  periode  orbitale  Tc  ).  ' , 

L 1 1  ntegrati  on  1  ntrodui  t  Te  facteur  (1/ofc)^  (l/nc)—  103.  Hais  comme, 
d’une  part,  n }  est  en  facteur  dans  ,  par  1 1  i  ntermedi  ai  re  de  h-  ,  et,  d'aytre  part,nc 
figure  en  denominateur  dans  les  formules  de  perturbations,  les  derivees  sont  bien 

de  l'ordre  de  l'unite,  et  les  perturbations  sur  les  elements  orbitaux  de  l'ordre  de 
10"3.  Ces  perturbations  ne  seront  pas  detaillees. 

c )  Perturbations  d'ordres  superieurs 


11  est  hors  de  question  d'etudier  ici  en  detail  les  perturbations  d'ordre 
superieur.  On  se  contentera  de  quelques  considerations  qual  i  tati  ves ,  pour  mettre  en 
evidence  les  perturbations  les  plus  importantes.  , 

L'etude  precedente  a  montre  qu'une  bonne  approximation  de  etait  :• 

o —  (X-  Zf>  )  to-' s  r  2p  t  <j  )  tt  +■  ©  )  >  (196) 


avec  : 


ti  ■=  n0  +  ,  (197) 

ou  i"!  ,ui s  et  flj  sont  donnecs  en  (189)  -  (191).  , 

l 1 1  ntegrati  on  des  formules  de  perturbations  introduit  le  facteur  1/ot  .  Les 

perturbations  les  plus  importantes  sont  obtenues  lorsque,?  est  petit.  Cest  le  probleme 
des  “petits  denomi  nateurs" ,  classique  en  Mecanique  Celeste.  Cela  conduit  a  distinguer, 
de  fagon  genera  I  e  : 

.  1)  Les  effets  seculaires,  dus  aux  termes  tels  que  l-  2p  -  X  -  2  p  +  r)  =  <n-  0. 

Alors  J.  =  0  ft  1  1  i  ntegration  condui  t,  en  fait,  a  un  effet  proporti onnel  u  u  temps  f .  Ces 

effets  seculaires  sont  dus  aux  termes  zonaux  (  1> i=  0) ,  pai  rs  (<*  2  p)  . 

2)  Les  effets  a  longue  pe  ri  ode ,  lies  au  mouvement  rotation  du  perigee  dans 

le  pi  an  de  1  ’  orbi  te .  1 1  s  apparaissent  pour  les  terme  s  tels  que  -f'_2p+«l  ~  m  -  0  et 
X~2p4:0,  done  £  -  -i]  w  Comme  )=  0  (  -e'l1  ) ,  1‘effet,  pour  une  orbite  quasi 

circulaire  (eldest  sur  tout  important  "pour  Cj=  +  1.  A1  ors  /*  J=|zi.  /  ■£<  ti  .  La  pen  ode 
est  alors  celle  de  la  rotation  du  perigee  ,dans  le  plan  de  l'orbite,  soit  86  jours  pour 
une  orbite  basse  (  ic  =  300  km),  polaire  (  t0=  90’).  Ces  effets  a  longue  periode  sont  dus 
aux  termes  zonaux  (  m  =  0),  impairs  (-t  =  2  f>  *  1),  dans  le  cas  d’une  faible  excentrici  te . 

3)  Les  effets  resonnants ,  dus  au  couplage  entre  le  mouvement  d'orbitation  du 
satellite  et  la  rotation  terrestre. 

Dans  1  ‘expressi on  : 

<x  ~  ( -^6  -  2p  +  <|)n-m  revol  uti  ons/jour  sideral,  (198) 

le  moyen  mouvement  n-  depend  de  I'altitude  de  l'orbite.  Par  exemple,  pour  567  km 
£  Z.  894  km,  on  a  15  2-  *  >  14 . 

Les  effets  resonnants  ( ~  0)  les  plus  importants  correspondent  aux  condi¬ 
tions  -v-  2  p  +  <]  -  1,  done  m  =  14ou  15  (a  cause  du  facteur  ,  qui  conduit  a 

chercher  des  X  petits)  et  <J  -  0  (pour  avoir  un  effet  direct  important  sur  ct- ,  done  un 
effet  indirect  important  sur  M). 

4)  Les  effets  journaliers  ou  semi -j  ournal  iers ,  dus  au  termes  d'ordre  faible' 
(  hi  =  1  ou  2).  Lorsque  X-2r>+‘i=t),  A  ~  -rn  &  est  petit  pour  m  petit,  par  exemple 
m  -  l ,  d'ou  £■?  -  1  tour/jour,  soit  une  periode  de  l  jour.  Les  effets  les  plus  impor¬ 
tants  sont  obtenus  pour  <3=0,  done  X  -  2  P  (termes  tesseraux  pairs  d'ordre  faible) . 


3  FORMAL  1  SHE  HAH1LT0H1EU 


Le  formalisme  hamiltonien  est  encore  plus  abstrait  que  le  formalisme  lagran- 
gien.  Les  variables  utilisees  perdent  de  leur  sens  physique,  mais  la  forme  condensee  des 
equations  du  mouvement  (forme  canonique)  se  prete  bien  a  leur  resolution  et,  en  particu¬ 
lar,  aux  changements  de  variables  ("transformations  canoniques).  La  recherche  d'une 
telle  transformation  conduisant  a  des  equations  <Tu  mouvement  particul  ieremer.t  simples 
suygere  une  nouvelle  methode  de  resolution  du  probleme  mecanique  :1a  me  thode  de  J  acobi  ■ 
Cette  methode  tres  appropriee  pour  le  traitement  du  probleme  des  2  centres  fixes,  (Tst 
d'assez  peu  d'interet  dans  le  cas  du  probleme  des  2  corps,  r.ependant,  elle  conduit  a 
definir  un  jeu  de  variables  canoni  quement  conjuguees,  qui  permet  de  traiter  elegamment 
le  probleme  du  mouvement  keplerien  perturbe  (formules  canoniques  de  perturbations  et 
methode  de  von  Zeipel). 


3.1  -  Equations  canoniqucs 


3.1.1  -  Hami  1  tonien 


Soit  un  systeme  a  lagragien,  a  A/degres  de  liberte,  de  1  agrangien  Lffl  4  ,t \ 
Les  equations  de  Lagrange  (132),  rappelees  ici  :■  -  'l 

=  (I”) 

constituent  une  systeme  de  n.  equations  difference!  les  du  second  ordre  nour  les 

fonctions  inconnues  <Wt) .  - — -  — - -  K 

Ce  systeme  est  equivalent  au  systeme  :■ 

'll1  =  A: 

dk  i 


$(*)■ 


dL 


.  =  O 


(200) 

(201) 


'  ‘'‘I  /  , 

de  2  ^equations  di  fferentiel  les  du  premier  ordre  pour  les  In,  fonctions  i  nconnues 

. !:'!nc0l!^r’i?nt  du  ^Sterne  (200)  (201)  .est  qu'il  n'est  pas  entierement  resolu 

£ar-L^PPort  aux  derivees  premieres  d^'-zjk  ,  ULt  des  fonctions  inconnues  a-  . 

inconnues.  La  fo^ij'de''  (*200)*  et  ( 201 )  ’ sugWre"^^  cho'i 7  cj\t) h° ' p.'jj. ) 2, % vec* 7 S  fonct,ons 

K  =  /  (202) 

■p.  est  appele  le  moment  conjugue  de  cf  • 


3.1.2  -  steme  canonique 


A0/iqU'^0n  effe,ct«e-  dans  Is  systeme  (200),  (201  )  le  changement  de  variables 
qui  fait  passer  des  variables  de  Lagrange  q1,  qi  aux  variables  de  Poisson  ».  rd  on 
trouve  que  les  nouvelles  fonctions  inconnues1  p  ft  )  ,  Q'ft  i  do  i  vent  s  a  t  i  s  f  a  i  re  ?e’svsteme 
?*.?*  e^.’o.ns  differentielles  du  premier  P6rVre.  14solu  oar  rannnr?  a,„ 
premiere s ,  et  de  forme  particul ierement  simple  et  symetrTque  : -  ^ 

n'  - 

1  "  Tfi  '  (203) 

f-’-p  ’  <“*' 


ou  : 


(  205) 


H=  f.  f  _  L  =  H 

*’* "  S2!!ra»™ *■«  r  >■ 

Oe  meme  que,  dans  le  rormansme  lag.-angien,  toute"  1  '  i  nformati  on  concernant  le 

rnfZXn^V  C°"tenue  da"s,]e  lagrangienjL  .dans  le  formalismeham^tonien"  cette 
^Information  est  conteoue  dans  1 ' hami 1 tonien  M  .  ■ 

1  1  hami  1  tonien  / c'^e’st'-l-^i  re6  Vi  V'  °U  $1  6116  ne  f’9Ure  pas  da"S 


2JL  -  O  . 

i?qv 

i ,  1  *  e  < 


(206) 


etre  ecrite°rSqUe  I”1  '9norable-  ’’equation  de  Lagrange  (204)  corre spondante  peut 


P/  *  O  , 

dont  1  Integration  conduit  a  1'integrale  premiere  : 

pt-  -  Covstc i =  cl^ 

d‘ordreUt2n-°rS2  *:tre  °btenU  Par  U"e  -quadrature  f1na1e-  aPr*s  ’a  resolution  du  systeme 


(  207) 


(208) 


a!  -  21 

If, 

?r 


**L 


(209) 

(210) 


'i  dq  i 

dans  1  'expressfon^de  'est-!-dl  re  T:**”*  °  '’e  fl9Ure  PaS  exp1 fci tement 

dH 
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Or  on  a  toujours  : 

f-iELia  (1  i.u-ih  (2i2) 

dt  ~  dp-  I  2^1  dt  dfAdcf!  dt  dt 

dn 


sou  :■  — 

c^H  _  _ 

It  '  dfr  ' 

Lorsque  le  systeme  est  conservatif,  on  a  done 

d!U  o  , 

dt 

dont  1 ‘integration  conduit  a  l'integrale  premiere  de  l‘hamiltonlen  : 

H  =■  Const~an h?.  - 


(213) 


(214) 


(215) 


Cette  integrale  reduit  d'une  unite  d'ordre  du  systeme  differential  restant  a 

resoudre.  11, est  possible  de  le  reduire  d'une  unite  supplemental  re  par  le  choix  d’une 

composante  cf*  ,  ou  meme  d'une  composante  pt'  ,  comme  nouvelle  variable  i  ndependante ,  en 
considerant  alors  que  le  temps  f  comme  une  composante  cjv  supplemental  re  (une  variable 
ignorable  puisque  le  systeme  est  conservatif).  ' 

II  est,bien  sur,  impossible  d 1  uti  1  i  se  r,  .comme  nouvelle  variable  i ndependante , 
le  moment  p,1  conjugue  d'une  variable  ignorable  ,  de  meme  que  la  variable  ignorable 
elle-meme.  Autrement,  le  benefice  de  la  quadrature  finale  correspondante  serait  perdu. 

De  fagon  generale,  l'analogie  entre  Us  equations  (  204)  et  (213)  d'une  part, 
et  les  integrales  (208)  et  (215)  d'autre  part,  ivontre  que  le  temps  t  joue  un  role 
relativement  symetrique  par  rapport  aux  composantes  rt*  .  Cette  analogie  peut  etre 
developpee  en  posant  t~  et  en  choisissant  une  autre  variable  de  description  c  . 

Cela  montre  en  particulier  que  le  role  de  pnf.,  est  joue  par_H  ,  comme  cela  est 

visible  sur  (213),  qui  peut  encore  etre  ecrit  :■ 


d(-H)  2H 
It 


(216) 


3.1.3  -  Ap£li_catj/Hi  au_p£oblem£  des  2  co£p£ 


11  s'agit  seulement  de  montrer  comment  se  presente  1  '  i  ntegrati  on  du  probleme 
des  2  corps  dans  le  formalisme  hamiltonien,  afin  de  comparer  avec  l'approche  lagran- 
gienne  du  paragraphe  2.2.  s 

En  coordonnees  spheriques  (Fig.  25),  les  variables  ,  conjuguees  des  Q  , 
s’ecrivent  :■ 


?s- 

B- 


2L  =  4, 

it  =  -t*  cedf  u  , 


ce  qui  conduit  a  1 '  iami  1  tonien  :  2 

hk*t+vk.(?:+  i 


i 


tonien 


At  -ll  ecs1  S  / 

L'angle  of  est  i gnorabl e ,  d ' ou  l’integrale  premiere 

P,  xr  Consfarile  ~  tx,  . 

*  %■ 

L'angle  od  pourra  etre  nbtenu  par  une  quadrature  finale. 

Le  systeme  est  conservati  f  ( / dt  -  0),  d’ou  l'integrale  premie  re  de  1'  haroi  1  - 


(217) 

(218) 
(219) 

(  220) 

(221) 


R 


Jt  —  Cinstarth  =  ,  (  222) 

•4  , 


T+  O'*.  l(p\  H  , _ 

2  X  At  , 

qui  Sira  utilisee  a  la  place  de  l'equation  d'Hamilton  en  Pv  .  Oe  plus,  le  temps  t 
pourra  etre  obtenu  par  une  quadrature  finale,  a  condition  de  changer  de  variable  de 
description. 

Les  equations  canoniques  restantes  peuvent  etre  ecrites  : 

''  (  223) 


h  -  -  P 

.  3*.  "  1  ' 

h  ®t.  n  , 

‘  a ,,  ’SB:  -At  a 

u-il,  JL  _  d v  _ 

T  n  >  f  ?  r 

,  v  (cX  -  V  «  -i-  tti  -  c 

p  =  _  M.  =  -  - 

$  D$  AtccP'S 


■> 

•illy  ^ 

Pvs  3J 


(  224) 
(  225) 
(  226) 


Ce  systeme  peut  etre  integre  comme  au  paragraphe  2.2.  On  retrouve  les  trajec 
toires  keplerienne  s . 
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Dans  cet  exemple  parti cul ier,  I  1  uti  1 1 sati on  du  formalisme  hamiltonien  ne 
presente  pas  un  avantage  marque.  Cependant  la  structure  des  equations  canoniques 
d'hamilton  est  plus  simple  que  celle  des  equations  <Je"  "Lagrange ,  et  le  formalisme  hamil- 
tonien  s'avere  particul  ierement  interessant  lorsqu'il  s'agit,  par  exemple,  d'effectuer 
des  changements  de  variables. 


3.2  -  Transformations  canoniques 


L  ‘  i  n  tegra  ti  on  du  systeme  canonique  d'Hamilton  est  evidemment  d'autant  plus 
simple  qu'iVy  a  un  nonbre  plus  important  de  variables  ignorables.  Or  le  nombre  de  ces 
variables  depend  du  choix  du  parametragc.  Ayant  effectue  un  certain  choix  initial,  il 
peut  etre  desirable  de  changer  de  parametrage  en  cours  de  calcul,  tout  en  preservant  la 
forme  canonique  des  equations.  On  appelle  transformation  canonique  un  tel  changement  de 
van  ables . 


Theoreme 


Soit  p  ,  <3l  ,  lav  variables  canoni  quement  conjuguees,  d '  hami  1  tonien 

1  v  a  r  , 


=  IL  ,  (0*  4,lt  ....  ,n  ),  (  227  ) 

0.  -  ,  (228) 

I  1  vq* 

On  peut  demontrer  que  la  transformation  :■ 

ft(r,  -  f't )  . m” 

est  canonique,  c ' e st-a-di re  p ,  #'*■  sont  in.  variables  canoni  queme  nt  conjuguees, 

dlhamiltonle^H/(p',Cj',t.),50lt,  / 

aU  s.  1  ,  (231) 

1 


p'  r  -  ib 

I  1  eqn 


et  seulement  si,  la  difference  entre  les  formes  di  fferentiel  les 
U>  =  p(  A  A  —  H  dt  / 


et 


(  232) 

(  233) 


07  =  [>'  do\n-  «  'Mr, 

est  la  di  fferentiel  le  d'une  fonction  F,  ( /  <•)  t  ) ,  soit  : 

&>-  to  /=  jp  AtjL  dAb  _  (  p'  AcjU  _  H  'At)  ~  AFj  . 


(  234  ) 

(  235) 


On  deduit  de  (235) 


P‘- 


H  '= 


2fi 

w  dXz£j- 


(  236) 

(237) 

(238) 


d  (r 

II  en  resulte  la  methode  suivantc  pour  obtenir  une  transformation  canonique. 
On  choisit  arbi  trai  rement  la  fonction  FA  i  Q  ,t  ) ,  d’ou  les  relations  (236)— (  238).  Si 
les  relations  (236)  sont  solubles  par  raFport  aux  n.  variables  qH,  elles  definissent 
les  equations  de  transformation  (230).  les  relations  (  237),  ou  les  c\,!-  ont  ete  rempla- 
cees  par  les  expressions  obtenues,  definissent  les  equations  de  transformation  (  229). 
Enfin  (238)  definit  le_nouve!  hamiltomen. 

On  dit  que  E\  est  la  fonction  generatrice  (de  premiere  espece)  de  la  transfor¬ 
mation  canonique. 


3.3  -  Methode  d '  i  nteg  rati  on  de  Jacobi 


Soit  a  integrer  un  systeme  canonique  engendre  par  1 'hami  1  tonien  H.  une 
methode  de  resolution  consiste  a  rechercher  une  transformation  canonique  conduisant  a  un 
nouvel  hamiltonien  H'  particul  ierement  simple,  nul  par  exemple  . 


H*  o 


(  239) 


10-33 


car  alors,  le  systcme  canonique  (231)  (  232)  ,  qui  devient  :• 

=■  O  , 

f>c  = 


(240) 

(241) 


peut  etre  integrg  imraSdi  a  lenient  : 

ti 


r  ■ 


constante  =  Cl 


(  242) 

pi  «  constante  =  -t>t'  .  (  243) 

Supposons  connue  la  fonction  gendratrice  iv,  (  4  ,  ' ,t)  d'une  telle  transforma¬ 

tion.  El  le  doit  satisfalre  la  relation  (238),  qui  comp'te  tenu  de  (419), (216)  (242)  et  en 
posant  : 


s0l  /-  ;  £  )*■  ^6?  ,er  ,0, 


peut  etre  ecri  te 


2S 

Ft 


/  5  / 6  )  = 


o , 


(  244) 


(245) 


Cette  equation  aux  derivees  partielles  du  premier  ordre  est  appelee  equation 
d  Hami! ton-Jacobi  a  rt+  1  variables  q  ,  t  .  La  fonctlonSl  4  ,fr;£)  +  an*‘ ,  ou  a"*P"gst 
une  constante  additive  arbltraire,  en  constitue  une  Integrale  complete  (famllle  de 
solutions  a  ri-rl  par ame tre s  ^  j  a.**1  ) ,  de  laquelle  11  est  p o s s able  de 1  deduire  sans 
integration  toutes  les  solutions  de  I’equation. 

Inversement.  supposons  connue  utie  solution  £(  4  /  &  2:  )  de  I'equation  (  245) 

dependant  lie  tv  constantes  arbitreires  a.,  non  additiveT  (S+a."tl  est  done  une  Inte¬ 
grale  complete).  La  fonction  : 

S'  ^  y)  (240 

est  la  fonction  generatrice  cherchee.  fn  effet  : 

h‘-  »«> 

Les  fonctions  ql(t),  p_(t)  sont  obtenues  sans  integration.  Les  premieres 
sont  telles  que  :■  1  ' 

=  £,  ,  (  248) 

c>«‘ 

ce  qui  les  de  f  i  n  i  t  impl  ici  tement  en  fonction  du  temps  et  des  Zh.  constantes  arbitraires 

d  ,  j)  . 

—  “  Ces  fonctions  etant  connues,  les  moments  conjugues  sont  obtenus  a  partir  des 

relations  : 


'c>  CJ 


(  249) 


L  ‘  i  ntegrati  on  des  equations  canoniques  est  done  ramenee  a  la  recherche  d’une 
integrale  complete  de  I'equation  d ' Hami I ton-J acobi  . 

Remarque  :  Separation  des  variables 


D'une  fagon  generale,  on  peut  montrer  que  1  '  i  ntegrati  on  du  systeme  canonique 
et  la  recherche  d'une  integrale  complete  de  I'equation  d' liami  1  ton-Jacobi  sont  des 
problemes  equivalents  (les  trajectoires  dans  1’espace  des  phases  H  , p  sont  les  carac- 
teristiques  de  P e  qua  ti  on  d '  Hami 1 ton-Jacobi )  .  Cependant  dans  de  nombreux  cas  importants 
Te  second  regoit  une  solution  simple  par  separation  de  variables,  et  la  methode  de 
Jacobi  n'est  utilisee  prati  guement  que  dans  cette  ffypothese. 

on  dit  que  Tel  variables  q  e  t"t  1 i  gurant  dans'  I'equation  (  245)  sont  se pa- 

rables  s’il  existe  une  solution  de  1  a' forme  : 

Sst  SX  C}4; «■*’ )  +  (f;  ^  )*■•■'+  £*  Cf; a 1  )f  Se(b;a:) .  (  250) 


3.3.3  -  Premiere  appl_i£ati on_:  i ntegrati on_du  probleme  des  2  corps  £ar  la  methode 
de~J  acobi’  “  —  - 


d 1 Hami 1 ton-Jacobi  correspondent  a  1 


L'equation 
(220)  ,  s'ecrit  : 

r 

C?o 


dont  1 '  i  ntegr iti on  est  possible,  bien  qu'ass°z 
On  retrouve  les  trajectoires  kepleriennes . 


if- )  +  1  | 

© 

)‘+  * 

-PS  ) 

bf  ■ 

hami  1  tonien 


M 


donne  en 


laborieuse,  par  separation  de  variables. 
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La  encore,  1 '  i  ntegrati on  du  mouvement  keplerien  par  la  methode  de  Jacobi  est 
comparatlvement  plus  lourde  que  1  '  1  ntegrati  on  par  les  theoremes  generaux.  En  particulter 
le  fait  que  le  mouvement  est  pi  an  n'apparait  id  que  tres  en  aval  dans  la  demonstration, 
alors  que  le  rdsultat  peut  etre  imnedi  a  tement  obtenu  par  application  du  thdoreme  du 
moment  cinetique.  Cependant  la  methode  de  Jacobi  permet  la  determination  des 
constantes  <as,  fcs  ( constante s  de  J acobi  1  j 


bf=  CO  , 


of  =r  , 


(252) 


dont  la  connaissance  est  essentielle  pour  I'ftude  des  mouvenents  perturbfs  consideres 
plus  loin. 


3.3.4  -  Deuxieme  application  :■  integration  du  probl_eme_des_deux  centre^  fixes  par 
Ta~me'tfro5e~dnacobi  "  ~ 

Le  mouvement  d'un  point  materiel  autour  de  deux  points  matfiriels  fi xes 
dans  l'espace  absolu,  qui  l'attirent  selon  la  loi  newtonienne  (Fig.  31),  peut  etre 
completement  integre  de  faqon  parti cul ierement  commode  par  la  methode  de  Jacobi,  car  les 
variables  sont  separables  en  coordonnees  spheroidales.  Ce  resultat  est  particul  (Srement 
important  en  Astrodynami que ,  car,  pour  uncKoTx  convenable  des  parametres,  (masses  Pu  et 
(hj.  ,  distance  MiM- 1),  le  mouvement  ainsi  integre  constitue  une  excellent  approxima¬ 
tion  du  mouvement  d'un  satellite  artificiel  autpur  d'une  Terre  a  symetrie  massique  non 
spherique.  On  peut  rendre  compte  du  terme  en  (cas  m,  =  r>u  )  et  meme  en  CTj  (cas 
OM^rhii).  Ce  mouvement  peut  servir  de  solution  de  base  pour  une  etude  de  perturbations 
par  les  autres  termes  du  potentiel  ter  res tre  (et  les  puissances  de  Ji  et,  eventuel lement 
de  ) .  Par  rapport  a  la  methode  classique  utilisant  le  mouvement  keplerien  comme  solu¬ 
tion  de  base,  la  precision  e,t  globalement  amelioree  dans  un  rapport  103. 

Ce  cal  cut  ne  sera  pas  d'eve  I  o'ppe  TcT!  Ce  lecteur~est  renvoye  a  la  reference 

[7]. 


Figure  51 


3.4  -  Formules  canomques  de  perturnati  ons 


3.4.1  -  Formules  de  perturbations 


Oans  le  cas  d'un  mouvement  keplerien  perturbe  par  le  potentiel  perturbateur /?, 
1  '  hami  1  tonien  peut  etre  ecrit  :• 

«  =  TV  IT  =  T  +•  %  +-  R  —  /-lK  +  R  j  (  253) 

o'i  1 '  hami  1  tonien  "keplerien"  Widest  donne  en  (220). 

Supposons  (ce  qui  est  le  cas  ici)  que  le  mouvement  keplerien,  engendre  par 
1 '  hami  1  tonien  Hx  ,  ait  ete  integre  par  la  methode  de  Jacobi,  e'est-a-dire  qu’il  ait  ete 
possible  de  trouver  une  ionction  generatrice  r.(  (  Cu  I  qui  engendre  une  trails  forma- 

nouvel  hami  1  tor-'en  HL  soit  nul  : 


(  254  ) 


tion  canonique  (  P  /Q  )/ — ?■  ( P',  a.'  )  telle  que  le 
'  = 

Oans  1 ‘elude  du  mouvement  perturbe  engendre  par  1  1  hami  1  tonien  )W  >  donne  en 
(253),  il  est  possible  d'eliminer  le  terme  Hie,  e'est-a-dire  d’eHminer  la  partie 
“i ntegrable"  du  mouvement,  en  appliquant  la  meme  transformation  canomoue  que 
precedemne nCC  En  ertet,  Te  nouvel  hami  1  tonien  :• 

H'=  H  +•  -  Hk  +  R  v-  =  £ 

7>t  ■?  fc- 


(  255) 
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est  egal  a  )' hamd  tonien  perturbateur  R  ,  qul  doit  etre  evidemment  exprime  on  fonction 
des  nouve lies  varTaETes  canoni  quernent  conjuguees  C2/s,  .  Ces  variables  ne  soot  autres 

que  les  constantes  d  ‘  i  ntegrati  on  cx*-ks  (elements  orbitaux)  du  mouvement  keplerien.  La 
methode  utilisee  est  done,  ici  encore,  une  methode  de  variation  des  constantes. 

Oans  1e  formalisme  hamiltonien,  les  formulTs  de  perturbati  on  peDvent  etre 
ecrites  immedi atement*: 


Q/S 

(  256) 

7>p; 

p;  -  _  pk  .  . 

(  257  ) 

=  R  ). 

(  258) 

Oe  plus,  ces  formules  sont  sous  la  forme  canonique,  parti  cul  ie  rement  commode 
pour  les  manipulations  ulterieures. 

Expliciton;  le  systeme  (  2561  (257)  :■ 

f  cJzJL)  _  2fL 

J  M  C-  c)  '  eCb  ~ 
j  d(-t.  )  9R 

1  -Sr-  =  w. 

oil  R  est  suppose  exprime  en  fonction  de  & t  -h  , ,  «  coi  i! 


-3F~=^aj  ' 

e>R 

dt  'M7RR >  ’ 

■c,  bjySlet  t. 


(259) 


3.4.2  -  Passage  aux  variables  de  Delaunay 


11  est  evident  sur  (  259)  que  les  variables  -  S? ,  ,  -C,co,SL  (variables 

de  Jacobi)  sont  egalement  canoni  quernent  conjuguees,  1 'hamtl  tonien  correspondent  "etantJF.A 
chaque  instant,  ces  variables  definissent  les  elements  orbitaux  de  1  '  orbi  te  keple- 
rienne  osculatrice  au  mouvement.  "  '  ~ 

Hous  ufTiiserons  de  pre  ference ,  dans  la  suite,  un  autre  systeme  de  variables 
canoniqucs,  les  variables  Delaunay,  qui  a  eu  une  grande  importance  dans  le  devel oppement 
de  la  theorie  de  la  Lune  TE  qui  reste  un  des  systemes  les  plus  efficacement  utilises 
dans  les  problemes  de  perturbations.  Verifions  que  les  variables  de  Delaunay  : 


\  L-  VjTa.  ,  /  N  =  "L  cot  c  (ne  pas  confondre  avec  1  1  Kami  1  tonie n  H  ) 

t  X-x.  M=  n(k-t),  c^=tt>  ,  -&=.  JTL  ,  (?60) 

(Ms  anonalie  moyenne  ;  n.  =  moyen  mouvement,  b?ti?=^t-) 
sont  canoni  quernent  conjuguees  et  calculons  1 1  hami  1  tonie  n  (f>  correspondent. 


Une  condition  necessaire  et  suffisante  pour  que  la  transformation  : 
yLttC  ,t;  v/coyJL,-R')  , — T(L,6yM,t  ^,$,4,0') 

soi  t  canoni  que, est  qu’il  existe  une  fonction  (£,/.,&)  telle  que  : 

—  X.  cl  £  -f-  Rdk—^idL  _  cpdk'j—  Lyt'j  ( di  f  ferentie  1  le  exacte)  ,  (261) 

Portant  t-  ctk  r=  dans  (154),  la  CHS  s'ecrit  : 

—  ty?  olL  +  (R  +  0)Mr  i=  Mt*/ (Lfi)  (dl  f  ferentielle  exacte).  (  262) 


Cette  condition  est  verifier  si  et  seulement  si  : 


~o(k+<p)  _ 

-2  (- 

if’ ).  -  £  , 

(  263) 

T>l 

dt  V 

t»  J  L> 

d  ou 

R+  (f>  - 

K 

Constant  • 

(  264) 

1 1  suf f 1 1  de  prendre 

n 

-s* 

E 

2LX 

-  R  . 

(  265) 

L 1  hami  1  tonien  (p  doit  etre  exprime  en  fonction  des  variables  de  Delaunay. 


* 


Ceci  est  a  comparer  avec  les  developpements  des  §  1.3. 1.1  et  2.3. 
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3-4.4  -  Principe  de  1 a_methode  de  von  Zeipel 


La  metliode  consiste  a  resoudre  le  systeme  canonique  : 
f  cIl  "34>  dG  _  D<t>  Mrt  M' 

j  dt  '  cUr  ~  '  eft  ~  PTC , 

I  dL  —  M  /  .  dL 


(266) 


n.  '  7t~  '  pc  =  ?>H 

parimeserie  dc  changements  dc  variables  canoniques  independants  du  temps,  realises  a 
l'aide  de  fonctions  generatrices  du  type  pV'7  que  nous  noterons  F  (  L'/G-',  U',l  ,q  ,&.) 

Le  changement  de  variable  est  :  ”  “ 

I-  dF  G--  dF  U- 

%l  '  K  '  n  ’  (,s„ 

J'_-  If  ,  2£  , 

du  ],  M'  '  $h' 

et  1  ' hami  1  tonien  est  conserve  :■  Cp  .  La  fonction  generatrice  I”,  arbi  trai re  ,  est 
choisie  de  fagon  que  eh*  ne  depende  pas  d'une  des  variables  angulaires  dont  <p  depend. 
L'iteration  de  la  methode  permet  d'eliminer  toutes  les  variables  anaulaires  et  la 
derniere  expression  pH  de  1  1  hami  1  tonien  n'est  plus  fonction  que  de  if'  ,  G~"  et  i-C  . 
Les  trois  premieres  equations  finales  : 

ek"- 

Mr  2-i'  dt  da."  /dF~  ' 

montrent  que  Ln  .  &"  ,  et  sont  des  consxantes.  Portant  ces  valeurs  dans  les  trois 
dernieres  equations  finales  : 

cfc  },?L"  ,  t  dt  dn* 

on  voit  que  -C  ,4  ,  et-6.  sont  fonctions  affines  du  temps.  On  revient  aux  variables 
initiales  L  ,  <f  ,  ,  X  ,  ,  £  ,  a  l’aide  des  diverses  transformations  (  267  ), 

L 1  appl  i  cati  on  de  cette  methode  permet,  en  particulier,  de  retrouver  simplement 
les  perturbations  seculaires  (189)  -  (191). 


(  268) 


\  =  cte  3  Hq  l-k'-de  sty  ,  (  269  ) 


4  -  MECANIQUE  VARIATIONNELLE  -  L 1  EH  AVEC  LES  THEORIES  0 ’ OPT  1 H 1  SAT  1 ON 


L’cvolution  des  systemes  mecaniques  consideres  plus  haut  est  regie  par  un 
principe  variationnel  global  (minimum  de  l’"action"),  dont  le  principe  des  puissances 
virtuelles  n’est  qu’une  expression  locale  (dans  le  temps,  c’est-a-dire  "i nstantanee” ) . 
II  s’agit  de  rappeler  ce  principe  et  de  montrer  le  lien  entre  cette  mecanique  variation- 
nelle  et  les  nethodes  modernes  d’optimisation,  comme  le  Principe  du  Maximum  de 
Contensou-Pontryagi n  (Fig.  1). 


4.1  -  Principe  du  Maximum  de  Contensou-Pontryagi  n  [8,  9) 


Le  lecteur  est  certainement  familiarise  avec  la  theorie  classique  du  calcul 
des  variations  et  1  ’utilisation  des  equations  d’Euler.  Cette  theorie  est  suffisante  pour 
traiter  le  probleme  de  la  mecanique  variationnel  le.  dependant,  le  Principe  du  Maximum  de 
Contensou-Pontryagi n ,  qui  en  est  unc  generalisation,  presente  l’avantage  de  pouvoir  etre 
egalement  utilise  dans  l’etude  des  trajectoi res  spatiales  optimales  de  la  5eme  partie. 
C’est  pourquoi  nous  1  1  i ntrodui sons  des  a  present.  II  sera  applique,  a  titre  d’exemple, 
a  la  mecanique  variationnel  le ,  puis  largement  utilise  dans  la  5eme  partie. 


4.1.1  -  £robleme_de  Pontryagi  n  [9] 

Soft  un  systeme  evolutif  quelconque,  defini  a  cheque  instant  t  par  la  donnee 

du  vecteur  etat  ?  =  [a:  •  R"",  vecteur  colonne  a  n.  composantes  cc‘  (  i  -  1,  2 . n -) 

( par  "exemple _ :  coordonnees  de  position,  composantes  de  la  vitesse,  masse,  etc.). 

L’evolutfon  de  ce  systeme  est  gouvernee  par  les  equations  du  mouvement  : 

*  =  f  (Z  ,  «  )  v  (270) 

ou  W  -feSjeR  est  le  vecteur  commande  a  •/t  composantes  (  i  =  1 ,  2,  . . . ,  Tt,  )  ,  qui 
sont  des  fonctions  arbi  trai  res"  du  temps  (par  e*5r.pic  :  position  Jea  gouvernes,  orienta¬ 
tion  et  grandeur  de  la  poussee,  etc.),  soumises  a  des  contraintes  (par  exemple  : 
debattement  maximum  d’une  gouverne,  poussee  maximale,  etc.),  telles  que 

U  €  Vc  R*, 


ITT 


F3&  -k't  )*  . 


(271) 


ou  if  est  le  domaine  de  conmande.  Les  -f  sont  des  fonctions  generalement  non  lineaires 
des  arguments,  que  nous  supposerons  suffisamment  regulieres  [3]  pour  que  les  resultats 
qui  suivent  soient  valables. 

Le  probleme  de  Pontryagin  (  Fig.  consi  ste  a  chercher  la  loi  de  conmande  optimale 
qui  fasse  passer  des  conditions  initiales  fixSes  : 

x* 

to  ,  (  272)  f  *5 


Xc  fixe  /  (  273)  jx(t) 

aux  conditions  finales  :  f 

bf.  fixe  ou  non  f  (274)  s — ' 

■*Tty)  -  * °f-  f1x®  (^*1,2 . m.  )  ,  (275)  4.^ 

telles  que  la  fonction  lineaire  des  conposantes  non  fixees  xj 

de  1'etat  final  :  £-=CpJ(tf)  (fi=  Mif;  ,  a)  ,  (  276) 
soi t  maximum. 

Cet  enonce  parait  assez  restrictif.  En  fait  de  nombreux  problemes  d'optimisa- 
tion  peuvent  etre  ramenes  a  un  probleme  de  Pontryagin.  (Problemes  de  Mayer,  de  Lagrange, 
de  Bolza  ;  voir  [2]).  Un  exemple  de  probleme  de  Lagrange  sera  donne  plus  loin. 


4.1.2  -  Enonce  du  principe  du  maximum  de  Pontryagin 


Pour  resoudre  un  probleme  de  Pontryagin,  il  suffit  ! 

1)  d'introduire  un  vecteur  adjoint  vecteur  ligne  a  n.  conposantes  P-  ; 

2)  de  former  1  '  hami  I  toiiien  i  -  n1  > 

M=  WCf  ,1  ,0  =  p  *  =  f  j(z  ,<i  ,b)  }  (  277  ) 

3)  de  determiner,  a  chaque  instant,  la  conmande  optimale  U*  qui  maximise  cet  hamilto- 
nien  : 

arg  max^  ^  s  U*  (  f*  A  St  ,  t)  j  (278) 

4)  de  calculer  1  1  hami  1  tonien  maximal,  en  portant  la  commande  optimale  dans 
1 1  hami  1  tonien  : 

H'=  H*(r  ,*/*)«  w(f (279> 

5)  enfin,  de  resoudre  le  systeme  canonique  engendre  par  H*  : 

-  2Jt*  ,  (  280) 

p-  -  _  I'm*  ,,  (28D 

1  'dz'-  ' 

par  rapport  aux  2  n.  foncti  ons  inconnues  it  '(b)  ,  ^  (t ) ,  avec  les  conditions  d'extremites 

=  fixe  C«-  >  (  282) 

zi  fixe  i  (283) 

/  ,  J  V  ) 

pA  (yp ) ”  Cj 1  j  (284) 

t;  est  fixe  ;  freest  fixe  ou,  s'il  est  libre,  il  est  calcule  a  partir  de  : 

H  *  (bf  )  —  o  ,  (285) 

La  methode  est  simple.  La  resolution  est  cependant,  en  general,  difficile, 
marne  par  vole  numerique,  car  le  probleme  se  ramene  a  la  resolution  d'un  systeme  diffe- 
rentiel  non  lineaire  avec  conditions  aux  deux  extremites. 

®st  in,por  tan  file  souligner  que  I  e"  F  n  nci  pe  Maximum  n'est  qu'une  condition 
necessaire  d  optimalite  :  si  une  solution  optimale  existe,  elle  satisfait  au  Principe 
du  Maximum.  Mais  elle  n  est  pas  suffisante  :•  1'application  du  Principe  du  Maximum  peut 
conduire  a  des  solutions  parasites  qui  ne  correspondent  pas  a  un  maximum  global,  ni  meme 
eventuel lement  local,  de  I'indice  de  performance. 


10-38 


4.1.3  -  Demonstration  du  f’nnci_pe  du  Maximum  dans  un  cas  simple 


La  demonstration  du  Principe  du  Maximum  peut  etre  trouvee  dans  [9].  Nous  en 
donnerons  un  aperqu  dans  un  cas  simple,  qui  peut  etre  traite  en  faisant  appel  au  calcul 
des  variations  classique.  Les  hypotheses  simpl i f i catri ces  sont  : 

1  -  pas  de  contrainte  sur  1  a  comnande  ( V  -  R*) 

2  -  on  cherche  seulement  a  rend  re  jS'  stati  onnai  re  ■ 

3  -  tf  est  fixe  . 

'  Pour  rendre  S  stationnai  re ,  il  faut  et  il  suffit  d'annuler  la  variation 


premiere 


S  S  -a  Cp  $  7c.  ^  (tf.  J  . 


!  286) 

Dans  cette  expression,  les  variations  ne  sont  pas  1  ndependantes ,  a 

cause  des  contraintes  non  holonomes  (270).  ' 

Une  methode  classique  d'el imi nati on  de  la  contrainte  (270)  consiste  a  intro- 
duire  un  mul  ti  pi  icate  ur  de  Lagrange  (inconnue  auxiliaire)  j P(t),  vecteur  ligne  a  n- 
composantes  p[  i  toncti  on  cTu  temps  (puisque  la  contrainte  (27 
chaque  i  nstaiit)  , 


toncti  on  3To  temps  (puisque  la  contrainte  ("2  70)  doit  etre  ecrite  a 
et  a  rendre  stationnaire  1’ indice  de  performance  augments 


I  =  -  S  _  j*  (j>  A  -HM), 


(287) 


ou  H  est  1  '  hami  1  toni  en  (  277  ).  Les  h.  fonctions  inconnues  p/(t)  sont  dSterminees  a 
posteriori  grace  aux  n.  contraintes  (270). 

La  variation  de  X  s'ecrit 


=  -  tf  j  i SAx-  - +&  * J * ]  ’ 


J  ^fUc  -  J  ^  p  ei  fz  =  fp  J ^  p  fx.  Mr 


(288) 


(289) 


Compte  tenu  des  contraintes  initiales  (273)  et  finales  (  275),  on  a 

S^o  -  O  ,  ( 290) 


s*f  =  0  , 


et  (288)  s'ecrit  : 


(291) 


(  292) 


ou,  grace  a  1  '  i  ntroducti  in  du  mul  ti  pi  i  cateur  de  Lagrange  p(t),  les  vecteurs  fx  et 
5u.  peuvent  etre  consideres  comme  independents.  La  condition  i 


Sj-  O  ,  V  ;  Su-  , 


conduit  alors  a  (281),  (284)  et  a  : 

i  9  a 

qui  est  la  forme  "faiblc”  de  (279). 


=  O 


(  293) 

(  294) 


4.1.4  -  Interpretation  gSomStrique  -  Lien  avec  la  thSorie  de  Contensou 


L'approchc  de  Contensou  [8],  d'ailleurs  antSrieure  a  celle  de  Pontryagin,  est 
plus  geometrique.  Contensou  introduit  les  notions  de  domaine  de  manoeuvrabi  li  tS  et  de 
domaine  accessible  (Fig.  33).  vn/V  j.)  4- 

Le  domaine  de  manoeuvrabi  1  i  te  dans  1'Stat  £  ,  a  l'instant  U  ,  est 

le  domaine  de  l 'espace  hodographe  (coordonnSos  cf:  ) ,  ou  peut  etre  choisie  i nstantanSment 
la  vitesse*  .  C'est  done  le  transforms  du  domaine  de  commande  IT  par  les  equations 
(270),  i  t  et  t  constants. 

Le  domaine  accessible  A(tf)  ,  a  l'instant  tf  fixe,  a  parti  r  du  point  %c  * 
l'instant  fc0  I  est  I  ’ensemb  I  e  des  points  de  1 ‘espace  d'etat  (coordonnees  ), 

accessibles  en  donnant  a  la  commande  toutes  les  "valeurs"  possibles.  La  connais- 

sance  de  la  frontiere  DA/fc)  d»  accessib’e  psrmct  dc  rlsOudre  la  plupart  aes 

problemes  d 1  optimi sati on  intSressants  dans  la  pratique.  Par  exeir.ple,  la  resolution  du 
probleme  de  Pontryagin  du  paragraphe  4.1.1  dans  le  cas  particulier  ou  il  n’y  a  aucune 
contrainte  finale  de  type  (  275  ),  revient  a  trouver  la  loi  de  commande  optimale  (cv(t) 
conduisant  au  point  *'*'<??)  de  la  f rontie re?/Ufy)  le  plus  SloignS  dans  la  direction  du 

vecteur  c  de  composantes  Ca  (ou  ici,  ft  =  1 ,  2 . K  ) .  Le  bal  ayage  de  la  direction 

de  C  permettrait  d'ailleurs  de  determiner  la  front! e rcD Aty). 
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U2$ 


COflAIDE  DOnAtnE  DOFIAIME 

de  COnnAnOE  de  fUtlOEUVRABlLITE  ACCESSIBLE 


Fig  SS  .  Thion'c  de  Contensou 


La^ondition  du  maximum  (278)  (  279)  indique  que,  localement,  le  point  de  fonc- 
tionnement  x  (vitesse)  doit  etre  choisi  dans  le  donafne  de  manoeuvrabi 1 i te  t>  C*  /  tr  ) , 
aa  point  i*  le  plus  eloigne  de  I'origine  dans  la  direction  du  vecteur  P  ,  qui  indique, 
en  que)  que  sorte,  la  route  a  suivre  (Figs.  33  et  34).  Notons  que  si  le  domaine  de 
manoeuvrabi  1 1  te  ne  depend  pas  de  1'etat  et  ,  les  equations  adjointes  (281)  montrent 

que  p  est  constant,  done  — 

t  fi  ~  ~  '  (  295) 

Considerons,  par  exemple,  le  cas  simple  a  deux  dimensions  (Fig.  35)  ou  le 
domaine  de  manoeuvrabi  1  i  te  est,  en  tout  point  x  ,  un  disque  de  rayon  fixe,  centre  en 
*  .  La  trajectoire  est  alors  rectiligne,  de  a  ■xf  ,  et  la  frontiere  cWFr/du  domaine 
accessible  a  l'instant  tf  est  un  cercle  centre  en  *<>  .  ' 

,  Si  le  domaine  de  manoeuvrabi  1  i  te  est  un  bisque  J7  de  rayon  fixe,  mais  excentre 

d  une  quanti  te  fixeoA(Fig.  36),  la  trajectoire  est  toujours  rectiligne,  mais  non  coli- 
neaire  a  J1  =  £  et  la  frontiere  ?/)(</)  est  un  cercle  excentre  par  rapport  a  . 

le  vecteur  £  sert  bien  encore  a  indiquer  la  direction  a  suivre,  mais 
la  direction  reellement  suivie  tient  compte  de  la  forme  particuliere  du  domaine  de 
manoeuvrabi  1  i  te  .  File  n'en  maximise  'pas"  moi  ns  I'mdicede  performances  . - 
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Considerons  maintenant  le  cas  ou  le  domaine  de  manoeuvrability  est  un  di  s- 
que  H*)  centre  en  z  ,  mais  de  rayon  croissant  avec  or1  (Fig.  37).  Dans  ce  cas ,H* 
depend  de  -x  et  £  n'est  plus  constant,  a  cause  de  (281).  II  est  evident  que  pour 
s'eloigner  "au  maximum  dans  la  direction  oe  c.  ,  i  l  y  a  interet  a  se  deplacer  d'abord 
vers  les  XA>0.  Le  vecteor  f  sert  bien  encore  a  indiquer  la  direction  a  suivre,  mais 
en  tenant  compte  de  la  depeUdance  du  domaine  de  manoeuvrabi  1 1 te  J>  par  rapoort  a  la 
position  gc  . 


Considerons  enfin  le  cas  ou  le  domaine  de  manoeuvrabi 1 i te  est  identique  dans 
tout  le  plan  et  a  la  forme  indiquee  sur  la  F'g.  38.  C’est  le  cas  d'ui,  voilier  dans  un 
vent  uniforme  W  .  II  est  possible  de  "remonter  le  vent"  en  utilisant  la  vitesse  xf 
(resp.  *}  )  ,  ce  qui  conduit  au  point  X*  Itf.)  ( resp.  xKpf))  .  Mais  il  est  egalement 
possible"  d'atteindre  tout  point  >?( tf.)  du"“segment  (  )  par  une  succession 

de  virements  de  bord  c.'est-a*di  re'par  des  commutations  succes"sives  (utilisation  de  ■xf 
pendant  At*  ,puis  de  pendant  etc. A  la  I  imi  te  ,  pour  des  vi  percents  de  "bord 

"i  nfi  niment"  rapides ,  1  a,  trajectoi  re  est  le  segment  (  %<.  z'X'Orf)).  Cela  revient  a  utili¬ 
se  r  la  vitesse  fictive  2*  sur  le  segment  (  3?$  ,  *l)~Ainsi  le  domaine  de  manoeuvrabi- 
1  i  te  peut  etre  convexise.  Contensou  propose  de  construire  le  domaine  convexise  c  cmir3> 
(Fig.  39)  des  Te  debut.  Les  points  de  fonctionnement  oitimaux  sont  sur  sa  frontiere 
7)  con xj>  .  Les  points  de  V  "reel  lenient"  utilises  sont  ceu<  de  1  '  i  nte  rsecti  on  l>  n7>CtnrrP, 
L '  uti  1  i  sati  on  d'un  point  tel  que  x  d'une  partie  semi-aifine  artificielle  de 
equivaut  a  une  reticence.  Contensou  poursuit  alors  1 'etude  par  un  paran  '  t'rage  d e ‘dccnvP 
et  se  ramene  a  un  probleme  de  calcul  de  variation,  qui  est  a  rapprocher  de  celui  ctudie 
au  paragraphe  4.1.3. 

Le  Principe  du  Maximum  sera  largement  utilise  dans  la  5erce  partie,  pour 
l'etude  des  trajectoires  spatiales  optimales.  Mais  donnons  des  a  present  un  exercple 
simple  d  1  appl  i  cati  on  dans  le  cadre  de  la  mecanique  vari  a  ti  onnel  1  e  . 


4.2  -  Application  a  la  mecanique  vari ati onnelle 


Le  Principe  du  Maximum  de  Contensou-Pontry agi r,  utilise  un  formalisme  hamilto- 
nien,  qui  n'est  pas  sans  rappeler  celui  rencontre  dans  la  3eme  partie  consacree  a  la 
mecanique  hami  1  tonienne .  Cette  similitude  n'est  evidemmont  pas  fortuite  et  peut  etre 
eclairee  en  faisant  appel  a  la  mecanique  vari  ationnel  le .  II  est  bien  connu  en  effet  que 
devolution  d'un  systeme  a  lagrancien  obeit  a  un  principe  variationne1  de  "rcoindre 
action",  c  i  peut  etre  deduit  des  equations  de  Lagrange  ou  de  Hamilton. 


Princijie  de  moindre  acti££  ?  •  ,,  ,  . 

SoT^un  “systeme  ~a-lagrangien  ‘-(3  »t/‘/.  De  tous  les  mouvements  *f(j'  faisant 
passer  des  conditions  :  (r,  =  Jr  fixes,  aux  conditions  :  tf ,  fixes(Fig.Ao)j 

lemouvement  reel  (regi  par  les"equations  de  Lagrange  ou  de  Hamilton)  est  1 ' un  de  ceux  qui 


rendent  minimum  1 ‘action  lagrangienne 
A  -  (W  1  /  7 

•  ■4;  "U 


'  1 


/  \  /  L 

t  j 


(296) 


(On  n'est  pas 
imposees  ne  sont  pas  les 


assure  de  1 '  unic  i  te  de  la  solution.  En  effet,  les  conditions 
conditions  de  Cauchy  pour  les  equations  de  Lagrange). 
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Fig,  AO 


Pontryagi  nT 


Vert  fi  ons  cet  enonce,  en  appliquant  le  Principe  du  Maximum  de  Contensou- 


Oefinissons  1‘etat  a  ft  +  1  dimensions  : 

J 


r  [x  ]  =  [fs  f"  ]r 

<T'  «  \h  )Jt. 

b0 

les  equations  du  mouvement  s’ecrivent  : 


(297) 

(  298) 

(  299) 
(300) 


Le  probleme  d '  octi  mi  sati  on  se  ramene  a  choisir  les  commandes  (f)  (vites- 
ses),  telles  que 

Sz:  -  Cj  (tf.  )  =  _  A  (301) 

soit  maximum,  avec  les  conditions  d 'extremi  tes ,  a  fc„  et  tp  fixes  :• 

Cj‘(k)  =  Cj\  fixe  ,  (  302' 

CfM%)  =  0  ,  (303) 

)-  Ajp  fixe  .  (  304) 

C'est  un  probleme  de  Pontryagin,  qui  peut  etre  resolu  en  appliquant  la  methode 
exposee  au  paragraphe  4.1.2. 


1)  On  introduit  1' adjoint 


r*  1*  /  P-J- 


(  305) 


2)  On  forme  1 ' hami 1 tonien  (augmente)  : 

«=  %  zf =  f.u.1 1.f>ML(cfcy,i:).  (306) 

3)  On  le  maximise  par  rapport  a  la  commando  •£  .  Pour  les  systemes  mecaniques,  a 

lagrangien  de  la  forme  (146)  L-T-v  que  l'on  considere  ici,  'O’  ne  depend  pas  des  g1  . 
Le  lagrangien  L  est  alors,,  comme  l'energie  cinetiqueT”,  une  forme  quadratique  definie 
positive  par  rapport  aux  .  En  supposant  que  p  <0(ce  qu(  sera  verifie  par  la 

suite  en  (313)),  cela  £evient  a  ecrire  :  ‘ 

%  -  h  -  P—  y  ‘307> 

La  commande  optimale  est  tiree  de  (307)  en  fonction  de  p^  /d£  et  t  : 

=  U**  (  (308) 

.  4)  On  porte  cette  expression  dans  H  ,  qui  devient  alors  une  fonction  W 

de  et  tT  :• 
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5)  On  resout  le  systeme  differentiel  canonique 

=  212 
d£t  ' 

pr-  ' 

avec  les  conditions  d  1  extremi  tes  (302)  -  (304)  et 


Comme 


done 


fjkth  <V.  =  -4  ■ 

£{  est  ignorable  (on  -  0  )  ,  on  a  p 


=  Ox 


P„H  =  constante  =  pB4 ,  (ty  )  »  -  4  < 

9L- 


(310) 

(311) 

(312) 

(313) 


tonienne 


Par  (307)  on  a  alors  :• 

0  s  ^ 

'l  'Set1'  ” 

tes  pt  sont  done  tes  moments  conjugues  des  cj 

On  verifie  d’autre  part  aisement  que 

,-<*  f't  )  -  H  (p,  ,f,  £  ) 


(314) 

definis  en  mecanique  h ami  1  - 

(316) 


est  1 ‘hani 1 tonien  de  la  mecanique. 

Les  equali  ons  canoniques  (310!  -  (311)  s'ecnvent  alors,  pour  Q  et  h  : 

cjl>=  21  ,  1  /l- 

^  '^pc 

p,=-  M.  , 

I  1  9<|« 

Ce  sont  les  equations  Canoniques  d’Hamilton  de  la  mecani  que(tjoi  reg.aenNe 
.ment  reel. 


(316) 

(317) 


5  -  TRAJECTOIRES  SPAT  I  At  ES  OPTIMALES 


L  ’  opttmi  sat)  on  des  trajectoires  spatiales  et,  en  particular,  des  trans  fe  rts 
et  rendez-vous,  est  l’un  des  donaines  privileges  d‘ appl  i  ca  ti  on  du  controle  optimal . 

Alors  que  1 ’etude  des  mouvements  naturels  des  corps  dans  1’espace  a  ete  entre- 
prise  depuis  fort  longtemps  et  "a  conduit  au  devel  opperoent  bien  connu  de  la  Mecanique 
Celeste  dont  certains  aspects  ont  ete  rappeles  dans  les  Parries  1,  2,  3,  l’etude  des 
mouvements  propulses  optimaux  est  evidemment  beaucoup  plus  recente  [10-26,2-5  ),  bien 
qu * abordee  b'ssez  nettement  avant  I'ere  de  la  conquete  spatiale  proprement  dite.  Seuls 
les  aspects  determi  ni  stes  (c.a.d  non  stochasti  ques)  seront  consideres  ici.  Le  lexte  qui 
suit  est,  a  quelques  details  pres,  le  texte  condense  figurant  dans  [25). 


5.1  -  Definition  d'un  transfert  optimal 


Les  equations  du  mouvement  d'un  vehicule  spatial 
reference  galileen  (ou  assimile  a  un  systeme  gal  i  1  ecn)  0%  ^  ^  , 


A,  dans 
s '  ec  ri  vent 


un 


systeme 


de 


wi4  »  F  )-  me.  ,  (318) 

“  — •/  — >  , 

oo  Pitest^la  masse  instantanee,  -2-  la  position,  ^  =  ci  (  J7-,  f  )  le  champ  de  gravita- 
tion  et  F  =  mv?  la  force  de  poussee  due  a  une^e  jec  ti  on  de  masse,  avec  le  debit  —r»  o  > 
a  la  vitesse  d'ejection  relative  effective  w  . 

— »  De  fagon  generate,  un  "transfert"  est  un  changement  de  position  't-  et  de  Vi¬ 
tesse  V  du  vehicule,  e'est-a-dire  le  passage  des  cond;i  ti  otis  cinematiques  initiates  , 
vf7  aux  conditions  cinematiques  finales  bf- ,  ■’Zf  ,  Vf  .  Les  mouvements  naturels 
etudies  plus  haut  sont  des  transferts  particul  iers ,  de  cout  nul  .  Le  transfert  peut  etre" 
completement  impose  (cas  du^” rendez-vous") ,  ou  partiellement  libre  (par  exemple,  dans  le 
cas  d'une  "interception",  Vf  est  libre). 

Ce  transfert  doit  etre  effectue  de  facon  ooMm.ile.  °arri  1c;  fiumbreuses  tagons 
de  definir  net-  optimum,  scule  la  minimisation  de  la  consommation  de  masse,  e'est-a-dire 
la  maximisation  de  la  masse  finale  imp  sera  considered  ici,  car  ce  probieme  est  souvent 
rencontre  dans  la  pratique.  Cependant  les  methodes  presentees  sont  tres  generales  et 
pourraient  etre  utilisees  pour  resoudre  une  grande  variete  d'autres  problemes  (par 
exemple  :  transfert  a  temps  minimum). 

II  s'agit  done  de  choisir  i  chaque  instant  les  meilleurs  paramet>-cs  de 
comma  nde  :  p  -  f’  /  F  (direction  de  poussee),  c[=-i«(de bit)  et  f  (grandeur  de  la 
pousseel,  conpte  tenu  de  contraintes  eventuelles. 

II  sera  suppose  ici  que  Te  systeme  de  controle  d’attitude  du  vehicule  permet 
la  libre  orientation  de  la  poussee,  mais  des  resultats  concernant  le  cas  ou  la  direction 
de  poussee  est  contrainte  sont  egalement  disponibles. 

Les  contraintes  sur  cj  et  p  dependent  du  systeme  de  propulsion  consider^. 
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5.2  -  Modelisation  des  systemes  de  propulsion 


les  systemes  de  propulsion  consideres  1e  plus  souvent  sont  des  deux  types 

suivantsi 


5.2.1  -  Sy£temes_de  prop^Hi on_a_vHesjse  d 'eject  i/ui  cons  tan  te  (VEC) 


et 


Dans  ces  systemes,  les  contraintes  s'ecnvent  :• 
VV=  F/t|  =  constante  , 


0  <  F  ^  F, 


(systeme  a  poussee  conpletement  modulable)., 


(319) 


F-o 


(possibility  d‘ exti  ncti  on/real  1  umage ). 


(320) 


Si  1 'exti  ncti  on/ real  1  umage  peut  etre  "infinimont"  rapide,  (320)  est  theorique- 
ment  equivalent  a  (319). 


Selon  la  grandeur  de  la  poussee  maximale 


il  est  possible  de  distin- 


guer  :  .  . 

-  les  systeme.,  a  forte  poussee  (  f>„Ak.grand,  W  petit),  c'est-a-dire  la  propulsion 
chimique  classjque.  barmi  eux,  les  systemes  idealises  a  poussee  infinie  (  v — ) 
ou  systemes  impul si onnel s  sont  capables  de  delivrer  des  impulsions,  c'est-a-dire  des 
changements  instantanes  de  vitesse  7’’  •  Un  exemple  en  est  donne  dans  1 'expose  [3]. 

-  les  systemes  a  faible  poussee  (  peti  t ,  W  grand) ,  c'est-a-dire  la  propulsion 
electri que . 

Pour  tous  ces  systemes  VEC,  la  masse  instantanee  m-  peut  etre  avantageusement 
remplacee  par  la  vitesse  carac  te  rl  sti  que  : 


^  -  j  ydF  -  _  J  (W/m.  )cW  =  IV  Lot^  rh0  /m.)  , 

t*o 


(321) 


Ys^/mest  1 'acceleration  de  poussee.  L‘ indice  de  performance  a  maximiser  est 
Pour  un  systeme  de  propulsion  impul  si  onnel  ,  Cjl  est  la  somme  arithmetique  des 


ou 

alors  - C 
impul sions 


5.2.2  -  Systemes  de  propulsion  a  puissance  1  i mi  tee_i  deal  i  ses_(£l]^ 


Pour  ces  systemes  la  seule  contralnte  concerne  la  puissance  d'ejection  : 
CgP=p/z)cj  W2  =  FIV/2  =  FZ/2<1  ^  P^ny. 

Ces  systemes  sont  des  systemes  de  propulsion  electrique  a  faible  poussee.  _I1 
est  possible  de  montrer  aisement  que  seule  la  borne  superieure  doit  etre  utilisee. 

La  vitesse  d’ejection  VJ  ,  et  done  la  poussee  F  ,  peuvent  etre  modulees. 

L '  i  ntegrati  on  de  la  quantite 

-  =  **  /*  , 

entre  ^  et  t  ,  conduit  a 

(Viyy )  -  (V™ <■)  =  J/  , 


ou 


(322) 


peut  remplacer  avantageusement  )v. 


L'indice  de  uerformance  a  maximispr  est  alors  _ 


Jr. 

I 


5.3  -  Optimisation  parametri que  :  le  transfert  de  Hohmann 


L'etude  des  transferts  optimaux  a  ete,  tout  d’abord,  limitee  au  cat  d'un  champ 
de  gravitation  central  et  de  systemes  de  propulsion  impul si onne 1 s .  Si  l’on  admet, 
pour  l’instant,  que  le  transfert  optimal  est  alors  reellement  impu’ sionnel ,  une  methode 
simple  de  resolution,  tres  souvent  utilisee  dans  la  pratique,  consiste  3  fixer  a  priori 
le  nombre  Vo.  d'impulsions  (le  plus  souvent  ru  =  2)  et  de  determiner  le  point  duplica¬ 
tion,  la  direction  et  la  grandeur  de  chacune  de  ces  impulsions,  pour  que  leur  somme 
arithmetique  soit  minimale.  Le  probleme  est  ainsi  ramene  a  un  probleme  classique  d '  opti  - 
misation  parametrique  avec  contraintes,  qui  peut  etre  resolu  nume ri quement  (voir,  par 
exemple ,  1  ’expose  [T])  ou  meme_  analyti  quement  dans  les  cas  simples,  (.'utilisation  de 
manoeuvres  atmosphe ri ques  peut  etre  envisagec,  comme  dans  1 'expose  [26], 

Par  exemple,  il  peut  etre  montre  aisement  que  le  transfert  optimal  bi-impul- 
sionnel,  de  duree  indifference,  entre  orbites  circulaires,  coplanaires,  est  le  transfert 

de  Hohmann  bien  connu  (Fig.  41).  . 

Cependant,  pour  etre  en  mosure  de  determiner  le  nombre  optimal  d'impulsions 
(par  exemple,  dans  le  probleme  expose  en  [3],  trois  impulsions  sont  necessaires)  et  de 
pouvoi  r  traiter  le  cas  de  systemes  de  propulsion  non  impul  sionnel  s,  il  est  necessaire  de 
faire  appel  a  une  methode  d 1  op  timi  sation  plus  elaboree,  1  ‘  optimi  sati  on  fonctionnel  le  ,  et 
plus  precisement  le  Principe  du  Maximum  de  Contensou-Pontryagi  n  qui  a  ete  presente  dans 
la  4eme  Partie. 


Fig.  41-  Le  transfert  de  Hoh  mann. 


5.4  -  Transfert  optimal  dans  un  champ  de  gravitation  general 

.  — >  ~ > 

r  L’etat  du  vehicule  a  l'instant  “  peut  etre  defini  par  ,  V  et  3  (PL) 
ou  C  (VEC).  D'apres  (318),  les  equations  d’etat  s’ecrivent  :• 

Y  as  V  ,  (323) 

~V  Y  (324) 

et,  d'apres  (321)  et  (322)  : 

*  £ 

/z  (PL)  (325a) 

C  -Y  (VEC)  (  325b) 

Les  commandes  sont  P  et  if  ,  soumises,  pour  les  systemes  de  propulsion  VEC, 
aux  contraintes  (319)  : 


0  ^  ^  ^rvutx  —  / 'wi(Cl)  > 


ou  (320)  . 


— >  -r 


Le  probleme  consi^te_^a  passer  de  1’etat  (  -’1*,  V0  ,  Jc  *  0  ou  Cf*  0  )  a 
1 '  l  nstant  to  ,  a  l'etat  (  -tf ,  Vf  ,  jf  ou  Cf  )  a  l’instant  if.de  f  agon  que  1 '  i  ndi  ce 

de  performance^- Hf_  ou  -  Cp  soit maximal.  (Vs  co"d<tions  clnemat!  ques  initiaies  et/ou 

finales,  c„,  •£",  Vp  et  tf- ,  4tf,  Vt  peuvent  etre  particl  lemenjt_  libres.  Ce  probleme  est 
typiquement  un  probleme  de  Pbr.tr'ydgin  (qu  moins  si  l0  ,  ,V0  sont  fixes,  seul  cas 

(.' hamiltoni  en  s’ecrit  :  considere  ici). 


H=  4- 


;  - 


p  V(PL), 


p, ,  Pv’  ,  P~  ou  PG  sont  adjoi  nts  aux  elements  d'etat  Jl ,  V  ,  -J  ou  C  . 


_ y  ••  La  direction  optimale  de  poussee  P*  ,  qui  maximixe  H  .  est  la  direction  de 

pv  appele  le  "primer  vector"  [12]  :■ 


L 1  hami  1  tonien  s'ecrit  alors  : 
^  f  D.  y!  /? 


H  —  T>  Y  -f  J  P J  ^  +  termes  independants  de  la  commcnde. 

Pv  1  Pc  V 

Pour  les  systemas  PL,  H  est  maximum  par  rapport  a  "if  pour  :• 

Y  =  pv+  -  o, 

d  H  y2  st  <  O  (condition  qui  sera  verifiee  plus  tard), 

d '  ou  : 

-  Pv  /  Pj  •  {ni) 

La  poussee  optimale  est  modulee ■ 

Pour  les  systemes  VEC,  H  est  maximal  par  rapport  a  if  pour 

V-  >  UOV-  Pc  )  . 

ou  U-(x)est  la  fonction  de  Heaviside  (echelon  unite)  : 

lL(x)  =  ( 1  +  signe  oc  )/2  =  l  ou  0,  selon  que  as  ^  O  ■ 

La  poussee  optimale  est  un  "tout-ou-rien"  c'est-a-dire  une  alternance  d '  arcs 
a  poussee  maxinale  (AMAX)  et  d'arcs  balistiques  (AB).sauf  dans  le  cas  singulier  ou 

«  pv  +.  pc  =.  O  (  328) 

pendant  un  intervalle  de  temps  non  nul  [  £■( ,  tt].  Dans  ce  cas  la  seule  Condition  du 
Maximum  ne  fournit  pas  1  '  accele  ration  optimale  yr  .  On  obtient  un  arc  singulier  AS,  qui 
peut  etre  soit  un  arc  singulier  a  poussee  intermediate  ( A  S  P 1 )  ou  ur  arc  si  ngu  I  i  er  ~rd  ti  - 
cent  (ASR)  (voir  paragraphe  4.1.4)  selon  que  (319)  ou  1 3 D o )  est  utilise. 

L 1  hami  1  tonien  maximal  est 

p-r+  77-  I  TSi 

ou  'Ofyh  Oc\L(x)  z  st  1 ‘echelon  unite  de  vitesse. 

Le  systeme  adjoint  s'ecrit  : 

ft*  =  _  ff.G  ,  (  329) 

(33o) 

j  h  ~  ~~  =  °  >  (PL)  (331a) 

f>C=  '  2“*/dC=  '(fX/w)(pv+  pa),  (VEC)  (331b) 

ou  (d”=^/^4-est  le  tenseur  gradient  de  gravite.  j 

il  faut  noter  que  7  est  ignorable  (c.a.d.  ne  figure  pas  dans  H  )  mais  non  pas 
C  car  le  domaine  de  commande  pour  j  ,  donnee  par  (326),  depend  de  C  . 

Pour  un  systeme  PL,  1  ’  i  ntegrati  on  de  (331a)  conduit  a 


p7  =  constante  = 
pui  sque  c  'e  st  _  (J^qu '  i  1 


=  Pdf  =  -  1  <  0 . 
i  1  s ' agi t  de  maxi 


git  de  maximiser,  d'ou,  par  (327)  : 

"r7  *  ■=  D?  . 


,  Pour  un  systeme  VEC,  pc  $  O,  done  p  est  non  croissant.  Plus  precise- 
ment  pc=  0  et  p^=  constante  lorsque  pv+  pc  ^  O  ,  c'est-a-dire  sur  les  AB  et  les  AS. 
Par  exemple,  sur  une  trajec  toi  re  ne  comportant  que  des  AMAX  et  des  AB,  devolution 
de  pv  ,  -  Pc  et  F  peut  avoir  1'allure  indiquee  sur  la  Fig.  42a.  Sur  les  AS,  l'accelera- 
tion  optimale  (ASP!)  ou  1 1  accele  rati  on  moyenne  (ASR)  Y*  peut  etre  obtenue  par  deriva¬ 
tion  successive  par  rapport  au  temos  t"  et  sur  1'as  do  la  rmvntu«  de  singularity 
1328),  Jusqu'a  obtention  d'un  equation  contenaTff  f  ~Cela  se  produit  generalement  pour 
la  derivee  quatrieme  :• 


rdyv  (8  *  O 


par  1 '  i  ntermedi  aire  du  terme  <?  ,  d'apres  le  resultat  general  qui  veut  que  la  commande 
optimale  apparafssefde  fagon  affine)  dans  une  derivee  d'ordre  pair  (2t  ). 
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Fig.  hi  ■  Evolution  de  pv  et  -  pc  et  loi  de  poussee  optimale. 
a)  sy steme  VEC  ;  hi  systeme  "unpalcionnel". 


L ' accele rati  on  dc  poussee  optimale  est  alors  egale  a 

v*  *  -  <b  /gl  , 

et  1  a  condition  necessaire  d '  optimal  i  te  de  Kel 1 ey-Contensou  [18,  21]  s'ecri  t  : 

$4fGL  ,CL  <o  ,  (  332) 

pui squ' i ci  «  2 . 

Pour  les  systemes  inpul  si onnel s,  pc  =  constante  =  -  1 ,  pv  1  (Fig.  42b),  et 
les  impulsions  ne  peuvent  etre  appliquees  que  lorsque  f\,  =  1  ;  pour  les  impulsions  inte- 
rieures,  on  a  6/  =  0.  Sur  un  AS,  =  1.  Le  raccordement  d'un  AB  et  d'un  AS  se  fait 
generalement  a  l'aide  d'une  impulsion.  — 

Oans  le  cas  d'un  champ  de  gravitation  Qk1  '  independant  du  temps,  en  plus  des 
integrales  premieres  habituelles  du  systeme  (323)  -  (325),  (329)  -  (331),  apparait 
1'intcgrale  premiere  de  1 ' hami  1  tonien  : 

n  =  constante  f 

Car  w  4  =  3h*  /l>b  =  o. 

Les  conditions  d 'extremi  te  s  ,  et  en  particulier  les  conditions  de  transversa- 
1  i  te ,  dependent  du  probleme  particulier  a  resoudre.  La  difficulty  de  resolition  du 
probleme  differentiel  non  lineaire,  a  valeurs  imposees  aux  deux  extremites,  depend  de  la 
complexity  du  champ  de  gravitation  considere. 


5.5  -  Transfert  optimal  dans  un  champ  de  gravitation  uniforme 


L ' approximati on  £  =  constante  peut  etre  faite  lorsque  le  transfert  a  lieu 
dans  une  region  limitee  de  l’espace  (par  exemple,  hypotheses  :  terre  plate,  4J-  =  cons¬ 
tante,  dans  le  cas  d'un  missile  balistique  a  courVe  portee).  L '  approximation  =  0  peut 
etre  faite  loin  des  masses  attirantes  (transferts  i  nterstel  1  ai  res) .  j.,  *  1*  — > 

Le  systeme  adjoint  cj[nfmatique  (329)  -  (330)  devient  alors  P  =  0  et 
et  peut  etre  intcgre  selon  :  =  constante  et  ’IV 

rT  =  -X  +  ■ 

La  loi  d 'ori  s  nta  tion  de_J  a  poussee  est  affine  ou  homographi  que  selon  le  c^hoix 
des  axes.  Si  1  a  position  finale  est  Hbre  (  Yv  °  ou  C a  vi  tesse  finale 

estlibre  (  =  0),  la  direction  de  poussee  est  fixe.  Oans  les  cas  non  singuliers,  ou 

]v  zp  o,  le 'comportement  hyperbolique  de  p,,,£t)  montre  qu'il  y  a  au  plus  deux  AMAX  (ou 
a  la  Umite  deux  impulsions)  separes  par  une  AB. 


5.6  -  Transferts  optimaux  dans  un  champ  de  qravita tion  central 

Ce  probleme  est  evidemment  fondamcntal .  L ' approximati  on  du  champ  central  : 

— • i  — >  /  3 

=  -  pt  A.  /'l  (  p  «  constanie)  (Fig.  43) 

est  generalement  excellente  pour  1 'etude  d'un  transfert  geocentrigue  (plus  generalement 
pi  ane tocentri  que )  ou  de  la  phase  hel iocentri que  d'un  transfert  i nterpl ane tai re . 


;(M7 


/  \ 


Fig.  -  Spirale  de  Lamlen. 


Fig.  45-  Champ  central.  Le  centre  est  F,  "Foyer" 
des  orlntes  ktph'nennes  oscu/atnces 

Hi stori quement ,  le  prohleme  a  d'abord  ete  etudie  cn  utllisant  les  coordonnees 
cartesiennes  (ou  plutot  spheriques)  cemme  conposantes  d'etat.  Cette  metlinde  reste  encore 
interessante  pour  l'etude  de  certaines  questions  comne  les  arcs  singuliers  ou  les  condi¬ 
tions  de  commutation  [19,  22]  dans  le  cas  des  transferts  de  duree  i  ndi  fierente .  II  est 
generalement  preferable  d'utiliser  les  elements  orbitaux  afin  de  pouvoir  faire  appel  aux 
methodes  puissantes  de  la  Mecanique  Celeste  et  en  particulier  de  la  theorie  des  pertur- 
bations  expo;ee  dans  les  Parties  1,  2,  3.  Le  passage  d'un  systeme  3c  coordonnees  a 
I  '  autre  peut  etre  realise  elegamment  en  utilisant  des  transformations  canoniq^es  [16] 
rappelees  dans  la  3eme  Partie. 


5.6.1  -  Uti  1  i_s^t_k>n  dej>  coordojinnes  cartesiennes  (ou  sphe ri gues) 

L'equation  adjointe  (  329)  pour  devient,  sous  forme  matricielle  : 
h  =  >  <3331 

■  ■HI— 

ou  pv  et<T  ont  ete  definis  par  leurs  conposantes  dans  les  axes  orbitaux  tournants 
(Fig.  43),  en  particulier  =  L  S ,  F,  \p~J. 

I'hypothese  du  champ  central  mtrcduit  de  nouvelles  integrales  premieres  : 

Z'1  P-c-  +■  V  A  py‘  =  vecteur  constant  ■  A  > 

+-  2 ^  P'Z  —  V.  ps  _  3  hi  *  t  *  constante  *  /3  (pour  les  syjtenes  PI), 

„  3  H*  t  -  constante  =  3  (pour  les  systemes  VEC 
sur  les  AB  et  les  AS,  et  pour  les  impulsions). 

L 'el  imi  nation  de  p^  entre  (330)  et  (  333)  conduit  a  . 

Tv  -  6*/*3)(3  p7 )• 

Cette  equation  di  f  fe  renti  e  1  le  vectorielle  lineaire  du  second  ordre  peut  etre 
integre  sur  un  AB  [12],  ce  qui  conduit  a  : 

S  —  (ffi'  CVS nr~  y-  £i*n qy-  )  J 

-  I  -  -  I7(v-)  ,  (  334) 

W -  (3c  cv<,v~  T  <zF~!hr)V~J /f' -r  f 

ou  6  est  1  ' excen tri cf  te  de  l'arc  ktfplerien,  V'  est  l'anonu'ie  v^aie  (Fig.  43),  dt$s, 
£?,&),,£ '■  ,T  sont  les  six  constante s  d'mtegration  et  sont  des  fo notions 

connues  de  V  ,  non  exolicitees  ici.  i»  i>«»  40  }  du  point  'y(S~,  •rVydafis.  les  axes  uvyy  £ 
est  appele  le  "primer  locus"  [12]. 

Si  oifiaisse  de  cote  les  questions  d'origines,  d'orientation  et  d'echelle,  les 
arcs  singuliers  dependent  de  troi  s  paranetres.  la  condition  necessaire  de  Kclley- 
Cortensou  (332)  conduit  a  S<  0.  £n  particulier  la  "spirale  de  lawden"  (Fig.  44)  [12] 
n'est  sOrrment  pas  optimale.  l'etude  de  1  optimalite  veritable  des  arcs  singuliers  qui 
satisfont  a  la  condition  necessaire  conduit  au  resultat  siivant  :  dans  les  transferts  de 
duree  indifferente  !  H*=  0)  entre  ellipses  exteneures  a  la  planetc  attirante,  les  arcs 
singuliers  ne  sont  jamais  optimaux. 
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5.6.2  -  Utj_HsaUon  des  e1ements_orbi  taux 

Conme  _y  a  e_te  vu  an  paragraphe  1.2.3,  la  donnee  a  l'instant  t  des  elements 
cl  nemati  que  s  jC,  v  du  vehtcule  M  est  equivalence  a  la  donnee  des  six  Elements  orbitaux 
*).■  (  /  -  1,  2,  ...,  6),  constantes  du  mouvement  keplerien  qui  definissent  l'orbite 
osculatrice  O  (Fig-  43)  et  la  position  de  tAC  sun  cette  orbite.  Lorsqu'on  utilise  l'etat 
orbital  4  *  £<|*  3, les  equations  d'etat  coincident  avec  les  forraules  de  perturbation  de 
Gauss  (103)  de  la  Mecanique  Celeste  : 

Jq  /dk  —  X  (q  ,  (335) 

oO  V  est  la  matrice  de  perturbation  6X3  e  t  V  =>  ,  Z&'J  est  la  matricc  3  X  1  des 

composantes  de  1 ' acce le rati  on  "perturbatrice"  y  dans  les  axes  arbitaux  tournants  p4>Xy£ 
^utilisation  des  elements  orbitaux  presente  de  nombreux  avantages  : 

-  L '  t  ntegrati  on  sur  les  A8  (  "V  s  0)  est  immediate  :  4  =  constante. 

-  Pour  les  systemes  de  propulsion  a  faible  poussee,_les  elements  orbitaux  varient  moins 
rapidement  que  Tf.v  . 

-  Les  conditions  d'extremites  font  souvent  intervenir  l'orbite  osculatrice  O  0 1 1  e- 
meme . 

Une  theorie  generale  peut  etre  developpbe  a  parti  r  des  equations  d'etat  (  335), 
mais  c  'est  dans  trois  cas  particuliers  que  I'btude  analytique  peut  etre  poussee  rel  <3 - 
tivement  loin.  "  ' 


5. 6. 2.1  -  Theorie  linearisee  :  corrections  optimales  d'orbite  el  1  i  pti  que 

Lorsque  la  vitesse  caracten  sti  que  Cf  est  petite  vis-a-vis  de  la  vitesse 
orbitale  moyenne  V  ,  il  apparait  un  "petit  parametre"  £  *  <Tr  /  V  dans  1c  probleme, 
qui  peut  alors  etre  linearise  comme  indique  au  paragraphe  1.3.2.  L  ’  i  ntegrati  on  des 
equations  de  perturbation  (335)  montre  que,  pendant  1e  transfert,  l'orbite  oscula- 
tricc  O  ne  s'ecarte  jamais  de  plus  de  £  par  rapport  a  1'oroite  initiale  Oc  ,  ou  encore 
par  rapport  a  l'orbite  finale  C>f.  ,  ou  enfin  par  rapport  a  une  orbite  nominale  o  , 
choisie  assez  procne  de  Ocet  Op  (ecarts  de  l'ordre  de  £.  ).  La  linearisation  est  effec- 
tuee  "autour  de  0  "•  Rappelons  que  la  linearisation  des  formules  de  pe_rturbati on  (103) 
conduit  a  "figer"  l'orbite  osculatrice  O  dans  sa  position  noninale  o  dans  le  second 
membre  de  (335),  qui  devient  : 

A  /JE  -  Ji  K(e  ,  £  )  Y  ,  {336) 

ou  est  grandement  simpllfiee  :  ses  elements  non  nuls  $ont  des  polynomes  en  £*/>>£”, 
Cos#  et  e ventue  1  lement  £T  (Tableau  2). 

L'equation  de  consemmation  (325)  linearisee  s’ecrit  : 

Mj /ol£  ■=  4  V1  /2  ,  (PL)  (  337a) 

oic  /c(£  =  Ji  V  f  (VEC)  (  337b) 

ou  As  1  .  ectqfr'  .  Pour  les  systemes  VEC,  la  contrainte  (32b)  1  ineari  see  s'ecrit  ; 

0<  v  <c  W  «  /m0  . 

La  maximisation  de  1 'hami  1  tonien  : 


d%-  f  /je) 


,n’ 

( pc  dC/dE  i  jp^siY  (VCC) 

par  rapport  a  la  commande  jf  fournit  1 ' acce le rati  on  de  poussee  optimal©  : 


r  =  -  rj /p,  x 

U  ^(f^Pc)Pv  /f>y  , 


(PL) 

(VEC) 


ou 

£  L  fix  'fay.  '  P°-  'fa z  'ftp  '  frli 

est  I'adjoint  orbital,  et 

£v  =  p  £Ce<^) 

est  le  "primer  vector",  dont  il  a  ete  question  plus  haut  et  qui  peut  etre  eerie  sous  la 
forme  vecto'-ielle  : 

P/=  V  +  ^  +  [fi?A  V  +(K/^  )]^  +•  Pr  3MlP), 

e  t 


(338) 


ou  ^=^AVc st  le  moment  cinetique.  La  similitude  entre  les  expressions  (330)  de 
:t  (52)  de  da  n'est  pas  fortuite  (voir  [23). 
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Dans  1 ' hami 1 tonien  maximal 

9T=  mwj£=  J--‘lV*/iftr  - 

I  ( -4  Wl^f/v  pc ) , 

toutes  les  variables  d’etat  sont  ignorables.  Done  1  '  adjoi  nt  [  P  ,  Pr  ou  Pc.  1  est  cons¬ 
tant.  En  particulier  =  pc  *  -  1  et  . " 

I  V  *  =  pj  ,  (PD  (  339a) 

1  r»'Cc  u fa-*  )rf/Pv  tVEC)-  (3!!t’ 

L’expression  ( _338 )  peut  etre  consideree  comme  fourni  ssanfl ‘evol  uti  on  de  Pv/ 
sur  1’arc  “ b a  1  i  sti  que”  o  ■  Les  composantes  corre spondantes  de  sur  lef  axes  orbi- 
tapx  tournants  oU/XYZ  sont  done  de  la  forme  (  334),  ou  les  constantes  Ot ,cD  ,1®  ,2)  , 

£  ,  (F  sont  liees  aux  composantes  (constantes)  de  p  . 

Pour  un  transfert  sans  rendez-vous,  ou  ®  =  Ot  et  done  V  sont 

periodiques  enf.de  periode  2  71  :  la  meme  loi  de  poussee  est  appliquee  a  chaque 

revolution. 

Lorsque  (339'  est  utilise,  les  formules  de  perturbation  (336)  deviennent  : 

* 3  =  *  * V  =  «  X  v*( p/r /p„ )  =(*' )*  <  k.Y=  (r 7/v  )  8  f  , 

ou  B=^£est  une  matrice  symetrique  6X6.  Done,  par  integration  de  E0&  Er  ,  on 
obtrent  1 

A«|  =  _  Cjc  -  £  pT  t  (34o! 

O0  (ff  , 

-  =  J  /Pv  ^  !341) 

A' 

est  une  matrice  symetrique  6X6. 

Le  cout  est  obtenu  par  integration  de  (337)  :•  ^ 

ref 

J  Aj  =  Xj.  r  (i/2.  ~tpJ(lE  =  (//z  )J  -t.  pjf  kT pTMf  =fj/z)J  P  ft  p (  34 2 a ) 

l*CSQ.  f/  'll  (p^--i)  ME  .  (  342b) 

Co 

Pour  les  systemes  PL,  (341)  fournit  aiseraent  la  matrice  Ct  ,  car  Y  =  p y  et 
les  elements  de  j3  sont  des  polynomes  en  £  ,cOS&  et  eventuel  fement  B  .  Comme  la 


Pour  les  systemes  PL,  (341)  fournit  aiseraent  la  matrice  Ct  ,  car  Y  =  p v  et 
les  elements  de  &  sont  des  polynomes  en  .itsE  et  eventuel  fement  B  .  Comme  la 

matrice  <?  ne  contient  pas  p  ,  le  systeme  (  340!  est  lineaire  par  rapport  aux  inconnues 
(composantes  non  nulles  de-l ’adjoi  nt  orbital  et  variations  non  imposees  des  elements 
orbitaux).  Par  exemple,  si  toutes  les  variations  des  elements  orbitaux  sont  imposees, 
1 ’inversion  de  (340)  conduit  a  :■ 

p  =  A  Cj  G 


et  (342a)  donne 


AU  =  (A/z  )  A(jr  £'  Ac\ 


Le  cout  est  une  forme  quadratique  des  variations  des  elements  orbitaux.  Le 
probleme  est  completement  soluble  analy  ti  quement  (e’etait  un  probleme  1  i  neai  re-quadra- 
tique).  Pour  un  transfert  sans  rendez-vous  (  Pj-  =  0)  en  un  nombre  entier  VI  de  revolu¬ 
tions  (  £Tp  _  £  c  =  2  bill),  (343)  se  simplifie  en  : 

AT ^  [ */z )]  jjlAl*  +-  fc(i-e:)/{ *  (344) 

Pour  les  systemes  VEC,  les  points  de  commutation,  ou  les  extinctions  ou 
reallumages  se  produisent,  sont  donnees  parp^*  1,  ou  encore ,  soit  : 

dp  pvl  =  j>v  pj  -  JL  p  k  kTpT  =  [’ftp7'-  A-ecerE  , 

Pour  un  transfert  (  Pj-  5  0),  i  1  y  a  iu  plus  six  solutions  en  £  ,  done  trois 
AMAX  ou  impulsions  par  revolution.  L ’ i ntegrati on  sous  forme  explicite  de  (341)  sur  les 
AMAX  (  V*  -  VA,„v)  est  qeneralement.  imnosxxihlo  j  rA»«o  ae  i>  p-5cer'ce  do  su  dc.nomina- 
teur  de  1  ’  i  ntegrande .  L’inversion  de  (340)  est  egalement  difficile,  car  dr  contient  p  . 
Le  probleme  ne  peut  etre  resolu  analyti  quement  que  dans  un  nombre  limite  de  cas.  Deux 
exemples  sont  donnes  ci-dessous. 
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1  -  Modification  ijif  i  ni  te  simale  optimale  du  demi^grami  axe 

La  seule  composante  de  p  qui  ne  soi  t  pas  necessai renent  nulla  est  fa.  ■ 
L'expression  (338)  montre  alors  que'le  "primer  vector"  fy  ~  z  pa  v  est  proporti onnel  a  la 

vitesseV*.  La  loi  de  poussee  optimale  est  tres  simple  (Fig.  45'. 

Pour  un  systeme  V £ C  ,  Aa.  /h  'i'mci*  et  A C /N  Ytyinx  peuvent  etre  exprimees  sous 

forme  parametrique  en  fonction  de  1‘anonalie  excentrique  £T^  du  point  de  commutation^,, 

2  -  Transferts  optimaux ,_mul ti ^i mpul si onnel s  ,  entre  orbites.  qua  sj_  ci^c  filin' re  j>, 

jirocTie's 

Pour  un  tel  transfert,  defini  sur  la  Fig.  46a,  il  est  possible  de  prendre  £  = 
0  ,  et  le  "primer  locus"  C'?)  est  une  ellipse  (Fig.  46b).  Si  le  transfert  prend  plus 
d'une  revolution,  cette  ellipse  doit  se  trouver  a  I'interieur  de  la  sphere  ^  de  centre 
et  de  rayon  l.  Les  points  de  contact  avec  correspondent  aux  points  d'impulsions 
sur  l'orbite  (Fig.  46c).  II  y  a  quatre  types  de  solutions  :  1,  II,  III  et  I'  ;  les  types 
III  et  I'  sont  singuliers  !pv-  1).  he  domaine  accessible  avec  la  vitesse  caracteris- 
ti  que  AG  peut  etre  represente  par  ses  sections  Aa.-  constante  dans  1‘espace  tridimen- 
si  onnel  Ae/  ,  A&±  ,  AJ.  (Fig.  46d). 
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5. 6. 2. 2  -  Transferts  de  duree  indifferente  (systemes  VEC) 

Dans  ce  cas  les  transferts  entre  paraboles  sont  theori quement  de  cout  nul , 
puisqu'ils  peuvent  etre  realises  a  1'aide  d'impulsions  infiniment  petites,  appliquees 
infiniment  loin  ;  il  est  done  possible  de  separer  les  phases  elliptique  et  hyperboliquc 
de  tout  transfert.  11  reste  done  trois  problemes  : 

1  -  1 1 acqui si ti on  optimale  du  niveau  parabolique  (c.a.d.  n'importe  quelle  parabole)  a 

partir  d'une  ellipse  ou  d'une  hyperbole  (et  inversement)  ; 

2  -  les  transferts  ellipse-ellipse  ; 

3  -  les  transferts  hyperbole-hyperbole. 

four  les  trans.erts  de  type  2,  toute  poussee  peut  etre  decomposee  en  parties 
appliquees  au  cours  des  revolutions  successives.  Un  rendez-vous  e  v'crvt  tie  1  ne  couterait 
pas  plus  que  1e  transfert  correspondant.  En  effet,  11  serait  suffisant  pour  le  realiser, 
d'attendre,  par  exemplc,  assez  longtemps  sur  une  orbite  i  ntermedi  ai  re  tres  proche 

de  l'orhite  finale.  Dans  cette  theorie,  on  peut  se  contenter  d'utiliser  l'etat  orbital 

redui  t  q  «  [  alT)  (  £  *  1,  2,  ....  5),  en  laissart  de  cote  le  sixieme  element  orbital, 

utile  sSulement  pour  les  rendez-vous.  II  est  egalement  commode  de  prendre  la  vitesse 

carac  te  ri  sti  que  C  comme  variable  de  description  [11,  14]. 

les  formules  de  perturbation  (335)  deviennent  : 

a  def  /dC  s  ,'v~)  £  > 

ou  K  est  la  patrice  de  perturbation  redui  te  5  X  3.  v  , 

Les  commandes  sont  la  direction  de  poussee  P-l/s  (matrice  3X1)  e  t  1  '  ano- 

malie  vraie  tr  [11,  14],  car  il  est  toujours  possible  d'attendre  sur  1'orbite  oscu  I a- 
tri ce  O  jusqu'a  ce  qu'unc  position  convenable  soit  atteinte.  I' hami 1 tonien  est  : 

=  £  W  /^)=f  5  |  =  Mi  v  _ 

ou  £v-  f  £  est  le  “primer  vector".  M  est  maximum  pour  b  ~  /V  /P^  et  alors  pour  la 

valeur  ”  v*-  qui  assure  le  maximum  absol  u  de  la  fonction  fy)  ."  U  n  changement  brutal  du 

point  de  foncti  onnement  driest  une  commutation.  La  reticence  entre  deux  (ou  plusieurs) 
points  de  foncti  onnement  tt)*,  nfx*  correspond  aux  arcs  sinquliers  alternatifs  (ASA)  qui 
ne  sont  jamais  optimaux  (la  condition  necessaire  (  332)  3e  K e 1 ley-Contensou  n'est  pas 
remplie).  a 

Lorsque  la  dimension  du  probleme  le  permet,  cette  maximisation  de  Ai  peut  etre 
effectuee  en  considerant  le  domai  re  de  manoeuvrabi  1  i  te  Sb(<\),  e'est-a-dire  le  domaine 

de  l'espace  "hodographe"  (  dy/dC ,  dg1  /do,  .  /clqs/nO  obtd"nu  en  donnant  aux  commandes 

P  ,  tT  toutes  les  valeurs  possibles,  pour  une  valeur  fixee  de  g  (voir  paragraphe 
4.1.4).  Par  exemple,  dans  le  cas  d'un  transfert  entre  orbites  elliptiques  cool  anai  res  ,■ 
d' orientation  indifferente  (Fig.  4?),  l'etat  orbital  peut  etre  defini  oar  t  ct  t  J 
«U_e1p1  (demi-petit  axe)  seulement,  et  le  domaine  de  manoeuvrabi  1  i  te  SD  est  la  region 
a  quatre  pointes  representee  en  grise  sur  la  rig.  47b.  Le  point  optimal  de  fonctionne- 
ment  i  ,v*  )  est  necessai  rement  choisi  dans  1 '  i  ntersec  ti  on  rj>(\iun/rS>  de  et  de  son 
contour  convexe'3im'2>(  rectangle  P+  A  +  P~  A~  ),  e'est-a-dire  parmi  les  quatre  pointes 
pr,  /\+  ;  P'  ,  ,  qui  correspondent  a  V  -  0  ou  71  et  (inde  pendamme  nt)  -  0  ou  7E . 


I  A 


c 


Fig.  4  7-  Transfert  entre  orbites  elliptiques,  coplanaires,  d' orientation  indifferente. 
a)  notations  ;  b)  domaine  de  manceuvrabilitd: 
deldC  -  (b>/na2)[‘S.r,  u-  gin 4'  +  (tes  ir  +  c&b  £)co\ 
d'tojdC  =.  (4/n)/e 5.013-5.0^  +  [2ie(tu5,i3-cos£’)jtos'Fj 
c)  transfert  bi-eiliptique 


La  ""'issee  dolt  done  etre  appliqude  seulement  au  pericentre  ou  a  l'apocentre 
et  langentlel  lenient  vers  I'avant  ou  vers  l'arriere.  Le  choix  de  la  "pointe"  de  fonc- 
tionnement  depend  du  signe  de  fvot  pj,  .  Les  commutations  peuveut  etre  etudiees  a  1  'aide 
du  systeme  adjoint.  II  peut  etre  montre  que  le  transfert  optimal  appartient  a  la  Camille 
des  transferts  bi  -cl  1  i  pti  ques  (rig.  47c)  et  la  comparaison  directe  de  >  cout?  ve  tels 
transferts  (le  cout  depend  d'un  paranetre,  la  distance  de  l'apocentre  i  ntermedi  ai  re  A  ) 
montre  que  le  transfert  optimal  est  soit  de  type  Hohmann  soi t  bi parabol 1 que  (Fig.  48). 
Entre  cercles,  le  rapport  de  rayons  limite  est  -  11,94. 

Sien  d'autres  resultats  analytiques  sont  disponibles  dans  le  cas  de  la  duree 
indifferente  [19],  en  particulier  pour  les  transferts  entre  ellipses  copl anai re s  ou 
coaxiales  et  les  transferts  entre  hyperboles. 

Par  contre,  1 'etude  des  tansferts  de  duree  fixee  necessite  le  plus  souvent  une 
approche  numerique.  Cependant,  1 'etude  analytique  peut  etre  poussee  asse2  loin  dans  Is 
cas  particulier  ci-dessous. 

5. 6. 2. 3  -  Transferts  a  temps  fixe,  a  grand  nombre  de  tours  ,  entre  orbites 
elltptiques  (systemes  PL) 


Le  nombre  N  de  revolutions  du  vehicule  autour  du  centre  attractif  est  suppose 
grand.  II  est  alors  possible  d'utiliser  une  methode  de  "moyenne''.  On  calcule  tout 
d’abord  le  cout  elementaire  cl7  pour  une  revolution  par  la  formule  (  344)  (dans  laqui^le 
1 'homogenei  te  a  ete  preal  ablement  restauree).  On  choisit  ensuite  le  trajet  optima) 
dans  1'espace  d'etat  orbital  reduit,  de  fagon  a  minimiser  le  cout  total  :  - 

V  f 

te 

Les.  re  sul  tats  pnneipaux  do  cette  approche  sont  :■ 

1  -  le  cout  ~j  est  une  fonction  lineaire  du  temps  t  ; 

2  -  l'cnergie  £  •=  (V1/!  '  -  j  u /n  "i  de  1'orbite  osculatrice  O  est  une  fonction 

quadratique  du  temps  ;  ' 


3  - 


pour  un  choix  convencHe  des  axes,  le  systene  differentiel  des  trajectoires  opti 
males  prend  la  forme  si-Dle  sufvante  :• 

d(f>  jjj-  +  £c ot'^4:  _  (Ji  _  $  S.H Sm*coJ 

M,  j do  =  CdifJ  frntO  'kjiLd  friVit  , 

! UV  j do  C  (p  —  )  Ceil  ,, 


J£l/d&  =  (d/5  )* 

d  est  un  "o.eudo-iemps".  (p  -  ArcUn  e-  et-^est  une  constante. 

La  Fig.  49  montre  un  exempli  de  trajectoire  optinale  en  forme  de  spirale. 


t 


fig.  4d -Discussion  du  type  de  transfert.  fig.  49-  Projection  de  la  trajectoire  de 

transfert  sur  le  plan  de  00. 


-  Re  i.  iex- vuus  l  nierpl  ane  tai  res 


Oans  ce  cas,  le  champ  di  gravitation  cc  (?? ,b)  est  tres  complete.  II  res  ite  de 
1  attraction  du  Soleil  et  des  planetes  du  systene  solaire.  Le  probleme  d ' optimi sa ti on 
est  genera  I  ement  simplific  en  negligeant  1'attraction  des  planetes  pendant  la  phase 
l,el  i  oeentri  que  du  rendez-vous  et  1'attraction  du  Soleil  et  des  autres  planetes  dans 
chaque  phase  pi  and  tocentri  que,  et  en  raccordant  les  differentes  solutions  "charm 
central'  zinsi  obtenues. 
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Le  passage  au  voisinage  d'une  planete  ou  d‘un  satellite  naturel  peut  donner 
lieu  a  un  effet  de  "trenplin*.  qui  peut  etre  utilise  pour  1 ' optirai sation. 

■four  Tel  systemes  de  propulsion  "  irapul  sionnel  s" ,  le  transfert  de  Hohnann 
(Fig.  41)  est  encore  le  transfert  optimal  bi -impul si onnel  entre  deux  planetes  massives 
sur  des  orbites  circulaires  et  coplanaires.  Cheque  impulsion  doit  etre  appliquee  aussi 
pres  de  la  surface  de  la  planete  que  possible. 

La  propulsion  electrique  (Fig.  50)  est  particul  ierement  interessante  pour  les 
voyages  vers  les  planetes  lointaines. 


Fig. 50-  Rendezvous  Terre  -  Mars.  [15] 

a)  trois  exemples  de  rendezvous  correspondent  A  une  durie  beliocentrique  t  o  =  184  jours  —  6  mois 
b)  cout  de  !a  phase  hiliocentrique  en  fonction  de  !a  date  du  debut  de  cette  phase 


conclusion 


Hous  esperons  que  cet  expose  introductif  aura  convaincu  le  lecteur  specialiste 
de  mecaniquc  du  vol  mais  non  necessai  renent  specialiste  d ’ Astrodynami que ,  que  1‘etude 
des  trajectoircs  spatiales  est  plus  simple  qu'il  n’y  parait.  le  modele  de  depart  est 
simple  :  les  forces  d’attraction  newtonienne  sont  bien  connues,  certainement  mieux  que 
ne  le  sont,  en  general,  les  efforts  aerodynami  que  s  qu’il  doit  egalement  introduire  dans 
ses  calculs.  Le  probleme  se  ramene  finalement  a  la  resolution  du  systeme  differentiel 
non  lineaire,  alors  que  le  mecanicien  des  fluidss  doit  faire  face  a  des  systemes  d’equa- 
tions  aux  derivees  partielles  complexes.  La  theorie  des  perturbations  repose  sur  une 
methode  classique  de  variation  des  constantes.  Cela  ne  veut  pas  dire  qu’il  ne  subsiste 
pas  des  difficultes,  comme,  par  exemple,  l’etude  du  comportcment  a  long  terme  des  solu- 
ti ons. 

Cet  expose  a  ete  volontai rement  limite  aux  aspects  les  plus  fondamentaux  pour 
l’etude  du  mouveraent,  naturel  ou  coitrole,  des  satellites  artificiels.  Des  problemes 
importants  n’ont  pas  ete  abordes  :  probleme  des  3  corps,  aspects  rel ati vi stes ,  aspects 
stochasti ques ,  navigation  et  trajectographie ,  guidage  et  pilotage.  L’accent  a  ete  mis 
sur  l’approche  analytique,  plus  que  sur  l’approche  numerique.  O’autres  exposes  de  cc 
Symposium  -voire  de  Symposiums  futurs-  conbleront  cette  lacune. 

Cependant  la  portee  des  methodes  exposees  depasre  largement  le  cadre  de 
1‘etude  des  trajectoires  spatiales.  Les  formalismes  newtonien,  lagrangien  et  hamiltonien 
sont  evidemment  applicables  a  d’autres  problemes  d' as trodynami que  ou,  plus  generale- 
ment,  de  mecanique  :  par  exemple,  mouvement  d'attitude  (y  compris  dans  le  cas  de  satel¬ 
lite;  "  flex'  Sles” ,  s!  une  mode  lisa  Lion  de  type  masses  +  ressorts  +  dashpots,ou  une 
approche  modale,est  utilfsee).  Le  Principe  du  Maximum  de  Pontryagin  peut  egalement 
servir  a  resoudre  des  problemes  de  commande  ou  de  controle  d'attitude,  ou  d ' optimi sation 
de  trajectoires  de  lanceurs  ou  de  vehicules  de  rentree. 

Cette  “introduction  aux  trajectoires  spatiales"  a  presente  quelques  outils  et 
quelques  exemples  d' appl i cati on.  Elle  ne  se  congoit  que  par  les  prol ongements  qui 
pourront  lui  etre  donnes. 


10-54 


REFERENCES 

1  -  J.-P.  Marec.  Seminaires  d'Option  Astrodynami que ,  lere  Partie,  Mouvenent  des  satel¬ 

lites  artificiels,  Cours  de  1‘Ecole  Poly techni que.  Pans  (  1983). 

2  -  J.-P.  Harec.  Optimal  Space  Trajectories,  Elsevier,  Amsterdam  (  1979). 

3  -  J.  Bouchard  et  C.  Aunasson.  Optimization  of  the  positioning  of  two  satellites  on 

geosynchronous,  eccentric  and  inclined  orbits,  AGARO/FMP  Symposium  "Space  Vehicle 
FI  ight  Mechanics" ,  Luxembourg  (13-16  novembre  1'989T" 

4  -  P.  Exertier,  P.  Sengenes  et  G.  Tavernier.  Orbit  determination,  AGARD/FMP  Symposium 

“Space  Vehicle  Flight  Mechanics",  (Luxembourg  13  -  16  novembre  1989) . 

5  -  H.  Caldichoury  et  C.  Chaopetier.  Hermes  rendezvous  with  the  Space  Station,  AGARD/ 

FHP  Symposium  “Space  Vehicle  Flight  Mechanics*,  Luxembourg  (13  -  16  novembre  1989)  . 


6  -  W.M.  Kaula.  Theory  of  Satellite  Geodesy.  Blaisdel,  Waltham  (1966). 

7  -  J.P.  Vinti.  New  method  of  solution  for  unretarded  satellite  orbits.  Journal  of 

Research,  BUS,  Vol .  63  B,  n*  2  (1959). 

8  -  P.  Contensou.  Note  sur  la  cinematique  du  mobile  dirige,  Bui  leti  n  ATHA  n'  45  (  1946). 

9  -  L.S.  Pontryagin,  V.G.  Boltyanskii,  R.V.  Gankrelidze  et  E.F.  Mischenko.  The  Mathe- 

matical  Theory  of  Optimal  Processes,  Interscience  Publishers,  Wiley,  Hew  York 

11557)1 - 

10  -  W.  Hohmann.  Pie  Erreichbarkei t  der  Himmel skorper,  Oldenbourg,  Munich  (1925). 

11  -  P.  Contensou.  Etude  theorique  des  trajectoires  optimales  dans  un  champ  de  gravita¬ 

tion.  Application  au  cas  d'un  centre  d'attraction  unique,  Astronautica  Acta  8,  134- 
160  (1962). 

12  -  O.F.  Lawden.  Optimal  Trajectories  for  Space  Navigation,  Butterworths,  Londres 

(1963). 

13  -  W.J.  Melbourne  et  C.G.  Sauer.  Optimum  interplanetary  rendez-vous  with  power-limited 

vehicles,  A1AA  J ■  1,  54-60  (1963). 

14  -  J . V .  Breakwell.  Minimum-impulse  transfer.  Progress  in  Astronautics  and  Aeronautics 

(Ed  :  M.  Sunnerfield  et  Y.G.  Szebehely),  Vol  .  14 ,  Cel e'iti a l  Mechanics  and  Astrody- 
namlcs.  p.  583,  Academy  Press,  Hew  York  (1964). 

15  -  T.N.  Edelbaum.  Optimum  power-limited  orbit  transfer  in  strong  gravity  fields. 

A1AA  J.  3,  921-925  (1965). 

16  -  B.  Fraeijs  de  Veubeke.  Canonical  transformation  and  the  thrust-coast-thrust  optimal 

transfer  problem.  Astronautica  Acta  11,  271-282  (1965). 

17  -  G.L.  Grodzovskii,  H.  Ivanov  et  V.V.  Tokarev.  Vol  Cosmique  a  Poussee  Faible  (en 

russe).  Hauka,  Moscou  (1966). 

18  -  H.J.  Kelley,  R.E.  Kopp  et  H.G.  Moyer.  Singular  extremals,  in  Topics  in  Optimiza¬ 

tion,  ch.  3,  p.  63,  Academic  Press  (1967). 

19  -  C.  Marchal  .  Synthese  des  resultats  analytiques  sur  les  transferts  optimaux  entre 

orbites  kepleriennes  (duree  i  ndi  ffe  rente ) .  Dans  :  Advanced  Problems  and  Methods  for 
Space  Flight  Optimization  (Ed  :  B.  Fraeijs  de  Veubeke) ,  pi  9T;  Pergamon,  Oxford 
TT955T1 - 

20  -  F.W.  Gobetz  et  J.R.  Doll.  A  survey  of  impulsive  trajectories  :  A1AA  J.  7,  801-834 

(1969).  - 

21  -  P.  Contensou.  Conditions  d'optfmalfte  pour  les  domaines  de  manoeuvrabi 1 1 te  a 

frontiere  semi-affine,  Colloquium  on  the  Methods  of  Optimization,  Lecture  Notes  in 
Mathematics  n*  112,  p.  139,  Spri nger-Verl ag  (19/0). 

22  -  N.W.  Vinh  et  R.D.  Culp.  Optimal  switchino  in  coplanar  orbit  transfer.  JQTA  7,  197- 

208  (1971).  ' 

23  -  V.V.  Ivashkin.  Manoeuvres  Spatiales  Optimales  avec  Bornes  sur  la  Oistance  a  la 

Plane te  (en  russe),  Wauka,  Moscou  (1975). 

24  -  V.A.  Ilin  et  G.E.  Kouzmak.  Vol  Optimal  des  Vehicules  Cosmiques  avec  des  Systenes  de 

Propulsion  a  Forte  Poussee  (en  russe),  8auka,  Moscou  (1976). 

25  -  J.-P.  Marec.  Space-vehicle  trajectories  :  optimization,  in  Systems  and  Control 

Encycl opedi a  (Ed.  M.  G.  Singh),  4481  -  4490,  Pergamon  (1987). 

26  -  R.8.  Norris  et  H.A.  Karasopoul os .  Synergetic  plane  change  compared  with  impulsive 

maneuvers  for  future  aeroassisted  orbital  transfer  vehicles,  AGARD/FMP  Symposium 
“Space  Vehicle  Flight  Mechanics*,  Luxembourg  (13  -  16  novembre  1 988 ) . 


11-1 


CALCUL,  D’ORBITES 
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RESUME 

Depuis  de  nombreuses  annAes,  le  CNES  est  impliquA  dans  las  problAmes  de  calcul 
d'orbite.  A  1'origine  ces  Atudes  ont  AtA  menAes  dans  un  but  expArimental .  Puis  elles 
ont  AtA  affinAes  pour  des  besoins  opArationnels  concernant  les  satellites  en  orbite 
basse,  gAostationnaires  et  les  sondes  interplanAtaires.  Plus  rAcemment,  le  CNES  a 
entrepris,  en  coopAration  avec  la  NASA,  l'dtude  d'un  satellite,  T0PEX-P0SE1D0N,  destind 
A  dtudier  la  circulation  oedanique.  L'eraploi  d'altimAtres  embarquAs  trds  prdcis  (5  cm) 
impose  une  ddterraination  d'orbite  dgalement  trds  prdcise  (de  l'ordre  de  quelques 
centimdtres  sur  1' altitude). 

Cet  article  prdsente  quelques  aspects  des  techniques  modernes  de  ddtermination 
d'orbite. 

Le  probldme  des  satellites  artificiels  de  la  terre  s'apparente,  en  premidre 
approximation,  au  probldme  d  deux  corps.  En  fait,  le  corps  central  principal  (la  Terre) 
ne  peut  dtre  considdrd  comme  une  sphdre  homogdne  et  rigide.  La  diffdrence  principale 
est  son  aplatissement,  les  plus  faibles  sont  les  inhomogdnditds  dans  la  distribution 
des  masses  A  l'intdrieur  de  la  terre.  De  plus,  ces  irrdgularitds  variant  avec  le  temps 
A  cause  de  l'dlasticitd  et  de  la  viscosit A  (hypothese  de  Love)  du  corps  central  qui  se 
trouve  dans  le  champ  gravitationnel  d'autres  corps  cdlestes  (Lune,  Soleil). 

La  trajectoire  du  satellite  est  dgalement  perturbde  par  des  forces  d'origine  non 
gravitationnelle.  Les  premidres  determinations  d’orbite  effectudes  A  la  division 
Mathdmatiques  Spatiales  du  CNES  ont  pris  en  compte  le  freinage  atmosphdrique  afin  de 
prdvoir  l'dvolution  des  trajectoires  des  satellites  en  orbite  basse. 

De  nos  Jours,  d'autres  effets  non  gravitationnels  sont  A  prendre  en  compte  dans  une 
moddlisation  dynamique  rdaliste  pour  des  applications  requdrant  un  calcul  d'orbite  de 
plus  en  plus  prdcis  (T0PEX-P0SE1D0N) . 

Un  satellite  artificiel  de  la  terre  peut  dtre  considdrd  comme  un  ddtecteur  de 
forces  dans  l'environnement  spatial.  Ainsi  le  principe  fondamental  de  la  dynamique  peut 
Atie  appliqud.  L'accdldration  rdsultante  du  satellite  dans  un  rdfdrentiel  inertiel  est 
dgale  A  la  somme  de  toutes  les  forces  (par  unitd  de  masse).  L' extrapolation  d'orbite 
consiste  A  rdsoudre  cette  dquation  dif fdrentielle  du  deuxldme  ordre  A  dlffdrentes 
dpoques,  A  partir  d'une  position  et  d'une  Vitesse  initlales. 

Historiquement,  du  fait  de  la  faiblesse  des  moyens  de  calcul  algdbriques  ou 
numdriques,  les  "mdcaniciens"  ont  essayd  de  ddvelopper  des  mdthodes  de  rdsolutlon 
analytiques  qui  transforment  les  Aquations  classiques  de  la  dynamique  en  un  nouveau 
systdme  d'dguations  dif fdrentielles  plus  faciles  A  intdgrer.  Dans  ce  type  de 
transformation  de  mdcanique  cdleste,  on  applique  la  mdthode  gdndrale  des  perturbations 
A  la  solution  keplArlenne  triviale.  Les  calculs  sont  dAveloppAs  jusqu’A  un  certain 
degrA  de  complexitA  qui  donne  le  niveau  de  prAcision  de  la  solution  du  mouvement 
orbital.  Lorsque  l'on  recherche  une  solution  de  prAcision  AlevAe,  ces  mAthodes 
analytiques  sont  maintenant  abandonnAes  ou  profit  de  mAthodes  d'intAgration  purement 
numArlques  des  modAles  de  forces  les  plus  rAails'ces. 

La  dAtermination  d'orbite  consiste  A  comparer  les  solutions  numAriques  du  systAme 
diffArentiel  dynamique  aux  observations  fournies  par  les  systAmes  de  poursulte  de 
satellite  (mesures  angulaires,  de  vitesse  radiale,  de  distance  ...).  Cette  comparaison 
permet  d'araAliorer  la  connaissance  des  conditions  initlales  de  la  trajectoire  et  de 
certains  coefficients  empiriques  utilisAs  pour  combler  les  petits  Acarts  entre  la 
rAalitA  et  la  modAllsation  des  forces.  Cette  amAlioration  est  obtenue  A  l'aide 
d'algorithmes  d'ajustement  gAnAralement  basAs  sur  la  mAthode  des  moindres  carrAs  ;  en 
fonction  de  1' application,  on  a  recours  ou  filtrage  de  Kalman  ou  A  des  mAthodes 
globales  de  moindres  carrAs. 

ABSTRACT 

For  many  years,  CNES  has  been  involved  in  orbit  computation.  At  the  beginning 
these  calculations  have  been  made  for  experimental  purposes.  Then,  they  hove  been 
improved  for  operational  projects  such  as  low  earth  orbiting  satellites,  geostationnory 
satellites  and  interplanetary  probes. 

More  recently,  CNES  has  decided  to  work  (in  coll  shore  tier,  with  USA)  on  TOPEX-POSRTDON 
project  which  is  realized  for  oceanic  circulation  determination.  The  use  of  a  very 
accurate  (5  cm)  on-board  altimeter  requires  a  very  accurate  orbit  estimation  (some 
centimeters  on  altitude). 

This  paper  presents  some  aspects  of  modern  technics  of  orbit  determination. 
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Earth  artificial  satellites  problem  corresponds  theoritically  to  the  restrained 
two-body  problem.  In  fact  the  main  central  body  (the  Earth)  cannot  be  considered  os  an 
homogeneous  rigid  sphere.  The  main  difference  is  the  oblateness  of  the  Earth  and  the 
least  ones  are  the  irregularities  in  mass  distributions  inside  the  Earth.  Furthermore 
these  irregularities  are  time  dependant  because  of  the  elasticity  and  viscosity  (Love 
hypothesis)  of  the  central  body  which  is  in  the  gravitational  field  of  other  celestial 
bodies  (Moon  and  Sun). 

In  the  same  way,  the  satellite  is  also  perturbated  by  non  gravitationnal  effects. 
First  orbit  determination  computed  at  ONES  space  mathematics  division  took  into  account 
atmospheric  drag  effects  In  order  to  predict  the  evolution  of  low  altitude  satellites 
trajectories.  Nowadays,  others  non  gravitational  effects  must  be  considered  in  a 
realistic  forces  model  for  applications  requiring  an  even  more  accurate  orbit 
determination  (TOPEX-POSEIDON). 

The  Earth  artificial  satellite  can  be  considered  as  a  forces  detector  in  spatial 
environment.  Then  the  fundamental  principle  of  the  dynamics  can  be  applied.  The 
resulting  acceleration  of  the  satellite  in  an  inertial  reference  frame  is  equal  to  the 
sum  of  all  forces  (per  unit  of  mass).  Orbit  extrapolation  consists  in  solving  this 
second  order  differential  equation  at  different  epochs  from  initial  position  and 
velocity. 

Historically,  because  of  poor  algebraic  or  numerical  mean  of  calculation, 
mechanicians  tried  to  develop  analytical  resolution  methods  which  roughly  transform  the 
classical  equations  of  dynamics  into  a  new  differential  equations  system  easier  to 
integrate.  In  this  kind  of  celestial  mechanics  transformations,  we  apply  the  general 
perturbations  methods  to  the  trivial  koplerian  solution.  Calculations  are  developped  up 
to  a  certain  order  of  complexity  which  gives  the  level  of  precision  of  the  orbital 
motion  solution.  For  high  precision  solution,  these  analytical  methods  are  today 
abandonned  and  replaced  by  purely  numerical  integration  of  the  most  realistic  forces 
models. 

Orbit  determination  consists  in  comparing  the  numerical  solutions  of  the  dynamic 
differential  system  to  observations  provided  by  satellite  tracking  systems  (angular, 
radial  velocity,  range  ...  measurements).  This  comparison  allows  to  improve  the 
knowlegde  of  initial  conditions  of  the  trajectory  and  some  empirical  coefficients  used 
to  fill  up  the  small  discrepancy  between  reality  and  forces  modelisation.  This 
improvement  is  achieved  by  fitting  algorithms  generally  based  on  least  squares 
methods  ;  depending  on  applications,  Kalman  filtering  or  global  least  squares  methods 
are  implemented. 

INTRODUCTION 

La  localisation  des  satellites  est  rendue  necessaire  par  le  besoin  de  : 

-  pointer  sur  eux  des  antennes  de  communication  ou  de  localisation, 

-  prevoir  Involution  de  la  trajectoire  sous  1' action  des  accelerations 
perturbatrlces, 

-  contrOler  leur  orbite  (manoeuvres)  afin  de  r6aliser  les  objectifs  de  la  mission. 

La  realisation  de  ces  tAches  est  possible  avec  une  precision  de  l'ordre  de 
quelques  centaines  de  metres,  obtenuc  aisemont  grace  A  une  modelisation  simplifiAe  des 
forces. 

Pour  certains  satellites,  la  rdussite  de  la  mission  ndcessite  une  plus  grande 
precision  de  localisation.  Cn  pout  citer  : 

-  Le  positionnement  de  balises  terrestres  (GPS  -  DORIS).  La  precision  de  celui-ci 
est  directement  fonction  de  la  precision  de  la  localisation  du  satellite. 

-  La  localisation  de  vehlculos  terrestres,  adriens  (GPS). 

-  L'altimdtrie  ocdanique  ;  l'altimetrc  est  trAs  utile  pour  l'dtude  de  la  circula¬ 
tion  ocAanique  (courants,  tourbillons  ...),  A  condition  de  connaitre  1'altitude 
du  satellite  avec  une  precision  comparable  A  celle  de  1 'instrument  lui-m§me.  On 
vise  pour  les  anndes  90,  un  ordre  de  grandeur  de  10  cm  (TOPEX-POSEIDON). 

-  La  clnAmatique  terrestre.  II  est  possible,  en  suivant  le  mouvement  d’un  rdseau 
de  stations  de  poursuite  terrestre  par  rapport  A  l'orbite  inertielle  d’un 
satellite,  de  mesurer  les  irrAgularltAs  de  la  rotation  terrestre  (STARLETTE, 
LAG EOS ) . 

Comme  nous  venon3  de  le  voir,  la  precision  requise  par  certaines  missions  est  de 
l'ordre  de  quelques  metres,  voir  quelques  centimetres.  II  est  olors  ndcessalre  de 
modeiisor  beaucoup  plus  finement  les  forces  aoissant  sur  le  satellite,  ct  pcrfcis 
d'eiobomr  des  modeies  adapte.;  a  chaque  type  de  mission  (prise  en  compte  de  la 
g6om6trie  et  de  1 'attitude  du  satellite...). 

Ce  type  de  calcul  d'orbite  rsfmet  parfois,  en  rC'.our,  d'amdliorer  les  modAles  de 
forces  (potentlel  terrestre,  densitA  atmosphdrique — ). 
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X.  PRINCIPE  DO  CALCUL  D'ORBITE 

On  dispose  d'un  module  dynamique  de  Involution  de  la  trajectoire  du  satellite, 
plus  ou  moins  coaplexe  en  fonotion  des  objectlfs  de  la  mission,  mals  toujours  entflchd 
d'erreur. 

II  est  done  necessalre  de  recaler  la  trajectoire  prddite  par  rapport  &  des  mesures 
de  localisation  (distance,  angulaire,  doppler,  laser  ...)  a  l'aide  d'un  algorithme  de 
flltrage  numdrique  da  type  moindres  carrfes  ou  Kalman. 

L'dvaluation  do  la  precision  de  restitution  de  la  trajectoire  est  delicate,  faute 
de  critdre  absolu. 

On  a  done  recours,  on  phase  d' analyse  de  mission,  A  des  analyses  de  covariance  ou 
a  des  simulations. 

En  phase  opdrationnelle,  il  existe  plusieurs  techniques  souvent  compldmentaires 
comme  : 

-  L'analyse  des  rdsidus  (mesure  observde  -  mesure  calculde)  par  le  calcul  d'dcart- 

types,  le  tracd  d'histogrammes _ 

-  L'dtude  des  recouvrements  :  la  valeur  des  dcarts  observds  sur  la  pdriode  de 
recouvrement  de  deux  dphdmdrides  provenant  de  deux  calculs  d'orbite  ddcalds  dans 
le  temps  donne  une  estimation  de  la  precision  de  ces  calculs. 

-  Les  comparaisons  d'orbites  calculdes  avec  diffdrents  types  de  mesures  ou 
diffdrents  logiciels. 

2.  QUELQUES  EXEMPLES  DE  CALCUL  D'ORBITE 

Le  CNES  dispose  d'un  rdseau  2  GHz  de  4  stations,  Aussaguel,  Kiruna,  Kourou  et 
Hartebeesthock  permettant  d'offectuer  trois  types  de  mesures,  distance,  avec  une 
precision  de  l'ordre  de  10  metros,  doppler,  avec  une  precision  de  0,3  Hz  ( correspondent 
A  une  prdcisior.  de  2,5  cm/s  sur  la  vitesse  radiale)  et  angulaire  (0,05*).  Ce  rfeseau 
sert  A  calibrer  le  matdriel  et  les  logiciels  utilises  pour  le  calcul  d'orbite  de 
satellites  gdostatlonnalres  comme  TELECOM  1A,  1C  ou  TDF  grSce  A  des  car.ipagnes  de 
mesures  spdciflques.  La  precision  obtenue  est  de  l’ordre  de  20  A  40  m  (max.).  II  est 
Ggalement  utilise  pour  les  satellites  hdliosynchrones  d'observation  de  la  terre,  comme 
SPOTl .  L'orbite  opdrationnelle  est  calculde  avec  une  precision  de  100  A  150  m  (max.), 
des  caropagnes  de  calibration  permettent  de  descendre  A  15  m  (max.). 

La  mise  A  poste  de  satellites  g6ostationnaires  est  r6alisee  A  l'aide  du  r6seau 
CUES  2  GHz  complete  par  les  stations  de  Malindl  (ESA),  Goldstone  et  Canberra 
(D3N/NASA).  Les  objectifs  de  precision  sont  de  110  ra  sur  le  demi  grand-axe,  9.10~5  Sur 
1 'excentricite,  correspondent  J  2,5  km  le  long  de  la  trace,  pour  le  premier  apogee,  et 
40  m  sur  le  1/2  grand-axe  et  1  km  le  long  de  la  trace  pour  le  quatrifeme  apogde. 

Le  rdseau  tranet  comportant  3  stations  CNES  (une  vingtalnc  de  stations  au  total) 
permet  d'offectuer  des  mesures  de  type  Doppler  avec  une  precision  de  l'ordre  de 
0,3  cm/s. 

Lors  de  la  campagne  MERIT,  les  mesures  recueillies  par  20  stations  ont  dtd 
utilisdes  pour  calculer  l'orbite  du  satellite  N0VA3.  Les  residus  en  fin  de  traitement 
sont  de  0,5  cm/s  et  la  trajectoire  est  ddterminde  avec  une  precision  de  2  A  5  m  (max.). 
Plus  rdeemraent,  les  3  stations  TRANET  du  CNES  ont  donnd,  pour  le  satellite  altlmdtrique 
GE0SAT  des  rdsidus  de  0,6  A  1.3  cm/s  et  une  precision  de  15  A  20  m  (max.)  sur  la 
trajectoire.  Une  des  explications  4  la  moins  bonne  qualitd  des  rdsultats  est  la 
couverture  moins  complete  de  l'orbite  avec  seulement  3  stations. 


Figure  1  :  Le  systdme  DORIS 
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Les  mesures  distances  de  type  LASER  sont  parmi  les  plus  prAcises  A  l'heure 
actuelle  avec  un  bruit  de  mesure  de  1  A  3  cm  pour  les  stations  les  plus  modernes.  Dos 
calculs  d'orbite  pour  des  arcs  de  5  a  30  jours  avec  les  satellites  STARLETTE  et  LAGEOS 
conduisent  A  des  rAsidus  finaux  de  IS  A  30  cm  (A  1  sigma)  et  une  precision  de  2  A  5  ra 
(max.)  sur  la  tiajectoire. 

Un  nouveau  type  de  mesures  sera  bientot  utilisA  au  ONES  :  les  mesures  DORIS,  de 
type  Doppler  bifrAquence  (400  Hilt  -  2  GHz)  done  la  specification  de  precision  est  de 
0,3  mm/s.  Le  rAseau  coropcrtera  A  terme  50  balises  d'orbitograpbie  (34  A  ce  jour) 
assurant  une  trAs  bonne  couverture  gAographique.  La  nise  en  oeuvre  probatoire  de  ce 
systAme  consiste  A  embarquer  un  instrument  DORIS  A  bord  du  satellite  d 'observation  de 
la  terre  SPOT2.  L'emploi  d'un  nouveau  modAle  de  potentiel  (GEM-T2  ou  GRIM4)  et  une 
meilleure  modAlisation  des  forces  de  surface  doivent  permettre  d'atteindre  l'objectif 
de  precision  de  5  m  le  long  de  la  trace. 


L' instrument  DORIS  sera  ensuite  embarquA  sur  le  satellite  altimAtriquc  TOPEX- 
P0SEID0N  d'observation  des  ocAons.  Ce  satellite  embarquera  Agalement  deux  altimAtres  de 
grande  precision  (10  cm).  Plusieurs  centres  seront  chargAs  du  calcul  de  l'orbite 
prAcise  avec  un  objectif  de  10  cm  en  radial  :  le  GODDARD  SPACE  FLIGHT  CENTER  (GSFC  - 
NASA )  avec  le  logiciel  GE0DYN,  1'UnivorsitA  du  Texas  (UTEX)  avec  UTOPIA  et  le  CNES  avec 
ZOOM.  Outre  les  mesures  DORIS,  des  mesures  LASER,  GPS  et  TDRSS  seront  Agalement 
utilisAes  pour  les  diffArents  calculs  d'orbite,  prAcise  et  opAiationnelle. 


Un  nouveau  type  de  calcul  d'orbite  fait  l'objet  d'Atudes  :  la  navigation 
embarquAe.  Elle  consiste  A  effectuer  les  traitements  A  bord  du  satellite-  La  puissance 
de  calcul  est  done  limitAe  et  impose  de  recourir  a  un  modAle  dynamique  simplifiA. 

Un  premiAre  Atude  concerne  un  navigateur  DORIS  embarquA,  avec  un  objectif  de 
prAcision  de  500  m,  qui  pourrait  servir  par  exemple  au  pointage  du  tAlescope  PASTEL  de 
communication  optique. 

Une  autre  Atude  est  relative  A  l'emploi  des  mesures  pseudorange  et  pseudorange- 
rate  GPS  A  bord  de  la  navette  HERMES.  Des  simulations  ont  permis  d'Avaluer  la  prAcision 
A  25  m  et  4  cm/s  (3  sigmas),  cette  prAcision  Atant  atteinte  au  bout  d’une  rAvoiution  . 

3.  LES  PERTURBATIONS 


Les  orbites  des  satellites  artificiels  proches  de  la  terre  obAissent  en  premiAre 
approximation  aux  lois  de  Kepler  mais  elles  sont  fortement  perturbAes  et  instablcs  sous 
1 'action  des  perturbations.  II  est  done  nAcessaire  de  modAliser  ces  perturbations  pour 
calculer  des  trajectoires  de  satellites  de  plus  en  plus  prAcises,  ceci  afin  de  rApondre 
A  des  besoins  de  localisation  de  plus  en  plus  fins. 

On  distingue  deux  grandes  families  de  perturbations.  Les  perturbations  d'origine 
gravitationnelle  qui  ne  dApendent  ni  de  la  gAomAtrie  du  satellite,  ni  de  sa  masse  comme 
la  non  sphAricitA  du  potentiel  terrestre,  les  phAnomAnes  de  marAes  terrestres  et 
ocAaniques  et  les  forces  a 'attraction  de  la  lune,  du  soleil  et  d'autres  planAtes  du 
systAme  solaire. 

Les  perturbations  d'origine  non  gravitationnelle  comme  le  f reinage  atmospherique, 
les  pressions  de  radiation  solaire  directe  et  indirecte  et  les  manoeuvres  de  contrdle 
d'attitude  et  de  maintien  A  poste. 


On  assimile  Agalement  A  une  force  perturbatrice  une  Aventuelle  accAlAration 
complAmentaire  d'entrainement  due  au  choix  d'un  rAfArentiel  d'intAgration  non  inertiel. 

3.1.  LE  POTENTIEL  DE  GRAVITATION  TERRESTRE 

Les  interactions  de  type  Newtonien  crAent  des  accAlArations  gravitationnelles 
dArivant  d'un  potentiel  de  la  forme  : 


avec  rpS  *  distance  entre  P,  point  AlAmentaire  de  masse  dm  et  S,  position  du 
satellite 


la  somme  Atant  Atcndue  A  toutes  les  masses. 

1 

-  «  f(0P  ;  OS)  peut  Atre  dAveloppA  en  polynAmes  de  Legendre  et  le  potentiel 

rps  exprimA  cn  coordonnAes  sphAriques  A  condition  de  concentrer  toutes  les 
masses  attractives  dans  une  sphAre  ou  le  satellite  no  rentrerait  jamais.  Cela  n'est 
possible  qu'en  sApsrcnt  le  potentiel  yrovitationnel  en  deux  composantes,  terrestre  et 
luni-solaire. 

La  Torre  n' Atant  ni  sphArique,  ni  homogene,  elle  ne  peut  etre  considArAe  comme  une 
masse  ponctuelle  A  1'extArieur  d'une  sphAre  la  contenant. 
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Le  dEveloppement  du  potentiel  terrestre  en  harmoniques  sphEriques  conduit  E 
1* expression  : 

MT  »  n  ae 

U  (r ,\,t)  «  -  £  E  ( - )"  Pnk  (sin*  )(Cnk  cos  kl  +  Snk  sin  kl  ) 

r  n»0  k«0  r 

1  dn(xs-l)n 

avec  Pn  :  polynor.es  de  Legendre  kn(x)  - - — 

2  n!  dxn 


Pnk  :  fonctions  de  Legendre  Pn^  -  (l-x*)k/2 


d^Pnt  x ) 


Ky  :  masse  de  la  Terre 

ae  :  rayon  Equatorial  de  la  Terre 

r,  1  ,  a  :  coordonnEes  sphEriques  du  point  S  extErieur  E  la  Terre  (dans  un  repEre 
terrestre ) . 


3.1.1.  PARTIE  STATIQUE  DU  POTENTIEL  TERRESTRE 

Les  coefficients  Cn^  et  Snk  sont  des  fonctions  du  temps  E  cause  de  la  non  station- 
naritE  de  la  rEpartition  des  masses  terrestres  qui  est  due  : 

-  aux  marEes  ocEaniques. 

-  E  la  rEponse  Elastique  de  la  Terre  aux  potentiels  perturbateurs  extErieurs 
(raarEe  terrestre), 

-  E  des  phEnomEnes  gEophyslques  internes. 

Cette  non  stationnaritE  est  cependant  faible  et  les  valeurs  des  coefficients  de  la 
dEcomposition  Cnk't)  et  Snk(t)  restent  asset  voisines  des  coefficients  moyens  : 

1  fT 

Cnk  “  I  Cnktf)  dt 

T  Jo 

1  rT 

Snk  *  -  Snk(t)  dt 

T  Jo 

II  est  done  lEgitime  de  s'intEresser  E  la  "partie  statique  du  potentiel 
terrestre",  e’est  E  dire  au  potentiel  fictif  dont  la  dEcomposition  dans  le  repfcre 
terrestre  auralt  pour  coefficient  : 

Cnk-  Snk 

Les  marEes  terrestres  et  ocEaniques  seront  prises  en  compte  sous  forme 
d'incrEmen's  de  coefficients  du  potentiel  terrestre,  variables  dans  le  temps  : 

ECnk(t),  ESnk(t) 


II  est  possible  de  dEfinir  des  coefficients  normalisEs  Cxm-  syn  avec  : 


Le  systeme  d'axes  du  repEre  terrestre  par  rapport  auquel  sont  dEflnis  les  coeffi¬ 
cients  de  potentiel  est  dEfini  par  : 

-  une  origine  en  0,  centre  de  grovitE  de  la  Terre  d'ou  : 

CIO  "  C11  ‘  Six  «  0 

-  l'axe  Oz  est  assimilE  E  l'oxe  principal  d'inert'e  d'oE  : 

C21  *  S21  -  0 

En  fait  lo  p61e  d'inertie  n'est  pas  fixe  sur  la  croOte  terrestre. 

D*ou  introduction  du  pdle  CIO  ou  d'un  pile  moyon  (fixe  sur  la  Torre  et  asset 
volsin  du  pEle  d'inertie)  pour  la  dEcomposition  du  potentiel  terrestre. 

Un  modEle  de  potentiel  est  done  dEfini  par  des  constantes  (  |  My),  oe  et  les 
coefficients  Cnp,  Snk- 

On  pout  citor  les  sEries  GRIM  (GRGS  -  DFGI )  et  GEM  (GSKC)  :  GRIM  3,  GEM  10D  et 
plus  rEcemment  GEM-T1  GEM-T2 . 
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3.1.2.  INTERPRETATION  PHVSIQUE 

Les  termes  Cno>  sont  appelAs  harmoniques  zonaux.  Ils  traduisent  une  symOtrie  de 
revolution  par  rapport  A  l'axe  Oz  (k  -  0  done  ils  ne  dependent  pas  de  la  longitude). 
Ils  sont  parfois  notes  Jfn. 

Le  terme  en  3 2  tradult  l'aplatissement  des  p61es  (R  equateur  -  R  pdie  »  20  km) 

32 

-  32  P20  sin  -t  -  -  -  {3  sin^  •}  -  1) 


Figure  2  :  Harmonique  zonal  (2 ,01 


Le  terme  en  33  traduit  la  dissymdtrie  Nord/Sud  de  la  Terre,  celle-ci  a  une  forme 
de  poire 


"  J3  p30  sin* 


( 5  sin^  -  3  sin  ) 


Figure  3  .-  Harmonique  zonal  (3,0) 

Les  termes  Cnk,  Snk  {'<  -}■  0)  sont  appelAs  harmoniques  tessereaux.  Les  tessereaux 
correspondant  A  n  *  k  sont  appelAs  sectoriels  et  traduisent  une  forme  en  "quartiers 
d’ orange"  de  la  Terre. 


Figure  4  :  Harmonique  tesseral  (9,6) 


Figure  5  .-  Harmonique  sectorlel  (9,9) 


11-7 


II  faut  noter  que  le  terme  principal  est  le  terme  central  ou  k6pl6rien 
(CQO  -  j0  »  1)  tandis  que  le  J2  est  de  l'ordre  de  10“3  et  les  autres  termes  de  1‘ordre 
de  10-6  ou  plus  petits. 

3.1.3.  EFFETS  DES  PERTURBATIONS  LIEES  AU  MODELE  DE  POTENTIEL 

Les  coefficients  zonaux  et  tessereaux  du  potentiel  terrestre  ont  des  effets 
sdculaires  et/ou  periodiques  sur  les  6l6ments  orbitaux  qui  d6finissent  1  orbite  du 
satellite  (figure  6) 


.  sfeculaires  sur  u  ,  ft,  et  M 

.  courtes  (*  T/2)  et  longues  (=  Tw  /2)  pferiodes 


T  «  pferiode  du  satellite 
To  «  pferiode  du  pferigfee 

-  Les  zonaux  inpairs  exercent  des  perturbations  : 

.  longues  pferiodes  (=  To  ) 

.  courtes  pferiodes  (=  T) 

-  Les  tessereaux  exercent  des  perturbations  : 

.  moyennes  pferiodes  (1  jour  ou  une  fraction  de  Jour) 

.  courtes  pferiodes  avec  en  particulier  des  phfenomfenes  de  rfesonance  lorsgue  la 
pferiode  orbltale  du  satellite  T  est  un  sous-multiple  de  la  pferiode  de  rotation 
de  la  Terre  sur  elle-memo  (1  jour)  :  T  -  T.perre/n.  Les  harmoniques  tessereaux 
dont  l’ordre  est  un  multiple  de  n  produisent  des  phfenomfenes  de  rfesonance  comme 
par  exeraple  C22  S22  pour  les  satellites  gfeostationnaires  ou  les  harmoniques 

d'ordre  13,  26,  _  ou  14,  28,  ...  pour  les  satellites  bas  comme  SPOT  ou 

TOPEX.  L'observation  des  rfesonance?  est  trfes  utile  pour  dfeterminer  les 
harmoniques  correspondents. 

3.2.  LE  POTENTIEL  LUNI-SOLAIRE 

Intferessons  ncus  maintenant  fe  la  deuxifeme  partie  du  potentiel  gravitationnel 
relative  aux  effets  de  la  Lune  et  du  Soleil. 


En  asslrailont  l'astre  attracteur  fe  une  sphfere  homogfene  fe  l’extferieur  de  laquelle 
se  trouve  le  satellite,  la  formulation  de  NEWTON  s’fecrit  : 


SA  OA 

ISA|3  jQAp 


avec 


Ha 


S 

0 


Masse  de  l'astre  perturbateur 

Position  du  centre  de  gravitfe  du  satellite 

Centre  de  la  Terre 

Cunli-  de  i’astre  attracteur 


Dans  cette  expression  le  terme  en  SA/|SAp  reprfe^sente  1  'occfelferation  effecrivement 
subie  par  le  satellite  tandis  que  le  terme  en  OA/|OA|3  reprfesente  cclle  que  subit  la 
Terre. 


)fa  est  done  bion  l'accfelferation  dif fferentielle  subie  par  le  satellite  dans  un 
repfero  life  pu  centre  do  la  Torre. 
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Cette  acceleration  derive  d'un  potentiel  que  l'on  peut  ecrire  : 
1  OS 


W 


/l  OS  .  OA  1  \ 

1  Ma  tei  ’  ioa|3  '  j 


La  constante  d‘ integration  6tant  choisie  telle  que  le  potentiel  s'annule  A 
l'origine  (si  S  est  en  0). 

On  peut  alors  la  d6velopper  sous  la  forme  : 

rn 


W 


n-2  on+1 


Pn  (cos  e) 


Figure  7  :  Potentiel  lunl-solalre 

Cette  expression  s' applique  6galement  aux  autres  planetes  du  systeme  solaire  si 
l'on  veut  prendre  leur  effet  en  compte. 

Ce  potentiel  est  appeie  "potentiel  des  mar6es"  car  il  cr6e  des  perturbations 
d'orbites  terrestres  mais  dgalement  des  deformations  de  la  Terre  eiastique  et  de  la 
surface  des  oc6ans. 

Le  rapport  r/p  prend,  lorsque  A  est  le  Soletl,  des  valeurs  de  4.10*5  &  2.10*4 
pour  des  orbites  basses  d  g6ostationnaircs. 

Lorsque  A  est  la  Lune,  il  prend  des  valeurs  de  1,6  10*2  A  10*1  pour  des  orbites 
basses  A  g6ostationnaires. 

Dans  le  cos  des  orbites  basses  ou  de  1* etude  des  mardes  on  utilise  1* expression  de 
W  jusqu'au  degrd  2  : 

r2  3  cos20  -  1 


Pour  la  prise  en  compte  de  la  perturbation  lunaire  sur  une  orbite  gdostationnaire 
on  utilise  1 'expression  de  W  Jusqu’au  degrd  n  ■  3  : 

5  cos2o  -  3  cosO 1 


2  J 

Par  les  deformations  de  la  Terre  eiastique  et  de  la  surface  des  oceans  qu’il 
provoque,  le  "potentiel  des  mardes”  crde  une  variation  du  potentiel  terrestre.  Ce 
phdnomdne  est  pris  en  compte  sous  forme  d'un  potentiel  perturbateur .  du  potentiel 
statique  tel  qu'il  a  6t6  ddfini  prdcddemment. 

3.3.  LE  FROTTEMENT  ATMOSPriERIQUE 

Cette  perturbation  de  type  non  gravitationnel  rdsulte  des  chocs  des  molecules 
ccmposant  la  haute  atmosphere  sur  les  parols  du  satellite.  Malgr6  la  faible  valeur  des 
densitds  atmosphdriques  rencontrdes  aux  altitudes  des  satellites,  ces  derniers  se 
ddplacent  d  de  telles  vitesses  (7000  d  10000  m/s)  que  le  produit  ov2  de  la  densite 
rencontrde  par  le  carrd  de  la  Vitesse  (g6n6ralement  proportionnel  aux  forces 
adrodynamiques )  n'est  pas  ndgligeabie. 

11  en  rdsulte  une  perturbation  d'origine  adrodynamique  : 

-  pr6pond6rante  pour  les  orbites  trds  basses  (200  -  400  km) 

-  prdoccupante  jusqu'd  1000  km. 

L'expression  de  cetto  acceleration  perturbatrlce  est  ,  avec  une  hypothdse  de 
portance  nulle  : 

i  -  -  —  PCD—  jvj.v 

2  m 

avec  :  o  «  dcnsitd  atmosphdrique 

Co  "  coefficient  adrodynamique  (qui  varie  entre  2,2  et  2,8) 

S  •  surface  de  reference 
y  -  masse  du  satellite 

V  »  Vitesse  relative  du  satellite  psr  rapport  A  1' atmosphere 


r2  f  3  cos20  -  1  r 
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Les  paramfitres  A  prendre  en  compte  dans  la  modfelisation  du  frottement 
atmosphferique  son'-  : 

-  l'6tat  de  1 1  atmosphere  comme  sa  masse  volumique,  sa  temperature  et  la  masse 
mo!6culaire  moyenne  (calcul  de  la  density), 

-  les  positions  relatives  du  satellite  et  du  soleil  (densitfe), 

-  des  parametres  physiques  d'environnement  comme  le  flux  solaire,  l'indice 
g6omagn6tique  (densitd),  le  taux  de  superrotation  de  l'atmosphdre  et  les  vents 
en  altitude  (calcul  de  la  vitesse  relative). 


3.4.  LA  PRESSION  DE  RADIATION  SOLAIRE  DIRECTE 

Cette  perturbation  prA sente  de  grandes  analogies  avec  le  frottement  atmosph6rique. 

Elle  rSsulte  des  chocs  entre  un  flux  de  photons  et  la  surface  du  satellite.  On 
distingue  en  ggn&ral  deux  composantes  : 

-  la  pression  de  radiation  solaire  dirccto, 

-  la  pression  de  radiation  solaire  rediffusSe  par  la  Terre. 

L' expression  de  1' acceleration  perturbatrice  resultant  de  la  pression  de  radiation 
solaire  directe  est  : 

„  S  L0  SA 

*.  -  k - ; -  .  - - - 

m  4n  |SA|2  |$A| 

avec  : 

k  -  coefficient  lid  aux  qualitds  g6om6triques  et  rdflectives  des  parois  du 
satellite 

S  ■  section  de  choc  dans  la  direction  Soleil-satellite 
m  -  masse  du  satellite 

L0  -  flux  lumineux  6mis  par  le  Soleil  par  stdradian 

SA  -  vecteur  satellitc-Soleil 

L' acceleration  perturbatrice  resultant  de  la  pression  de  radiation  solaire  rcdif- 
fusde  est  calculee  A  partir  des  elements  de  la  terre  vus  du  satellite.  Elle  represento 
environ  25  %  de  la  valeur  de  )' acceleration  due  A  la  pression  de  radiation  solaire 
directe.  Ses  erfets  sur  l'orbite  du  satellite  sont  cumulatifs. 

3.4.1.  EFFETS  DES  PERTURBATIONS  LI EES  A  LA  PRESSION  DE  RADIATION  SOLAIRE 

La  pression  de  radiation  solaire  n'eitraine  pas  de  variation  s6culaire  sur  le 
demi-grand  axe,  mats  des  variations  significatives  sur  l'excentricitd  et  l'inclinaison. 

On  observe,  pour  un  satellite  sur  orbite  gdostationnaire  : 

-  un  terme  s6culaire  en  inclinaison  de  0,9*/an  et  un  terme  periodique  avec  une 
amplitude  de  0,0035’  a  13,66  jours  et  0,023*  A  182,65  jours, 

-  des  termes  s6culaires  sur  la  longitude  moyenne,  et  des  terraes  pGriodiques  moyen- 
nes  et  longues  pdnodes  d'ampiitude  0,019*, 

-  des  termes  courtes  pGriodes  sur  le  demi-grand  axe  d’ampiitude  965  m, 

-  des  termes  courtes  et  moyenr.es  periodes  sur  1'excentricitG  d'ampiitude  5.10"5. 

On  observe,  pour  un  satellite  sur  orbite  basse  de  type  SPOT  (altitude  832  km)  : 

-  une  resonance  entre  la  rotation  du  plcn  de  l'orbite  et  la  rotation  apparente  du 
soleil, 

-  une  dGrivc  de  l'inclinaison  de  3,34  10"3  dagrGs/an  qui  fait  diminucr  l'heure 
locale. 

3.5.  IMPORTANCES  RELATIVES  DES  DIFFERENTES  FORCES 

Le  terme  central  ou  "KAplGrien"  du  potential  a  une  importance  prGponddrante.  C'est 
lui  qui  donne  une  forme  ell in t i quo  a  la  trejec teiro  d'un  satellite  Carres Cte.  Tous  ics 
autres  termes  du  potentiel  ainsi  que  les  autres  forces  ne  font  que  dGforraer  ldgGrcment 
cette  ellipse  et  faire  tourner  son  plan. 

Le  second  tern.a  par  ordrc  d' importance  dGcroissante  est  le  J2  qui  traduit  l'apla- 
tissement  de  la  terre.  Son  ordre  de  grandeur  est  10'3  par  rapport  au  terme  central. 
Tons  les  autres  effets  ont  des  ordres  de  grandeur  infGrieurs  ou  Ggaux  A  10"3  par 
rapport  ou  J2  done  10"&  par  rapport  au  terme  central. 

Le  frottement  est  trGs  li6  6  1’ altitude  du  satellite  et  A  1 'activity  solaire. 
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PRESSION  OE  RADIATION  SOLAJHE 


ATTRACTION  DU  SOLEIL 


ATTRACTION  OEUtUNE 


IRRECULARITES  OE  LA  FORME  Dl  U  TERRE  (Jo. «>?. C  ) 

_ — — j 


FROTTtMENT  ( - ALTmjDE  OE  ISO  »  iC»k«) 


ARLAT1SSEMENT  OE  LA  TERRE  ( J, ) 


ATTRACTION  CENTHALE 


-H - 1 - 1 - 1 - 1 - 1 - 1 - 1 - 1 - 1 - 1 - 1 - f. 

TO"  10,!  10"  10*  10*  10'  10*  to1  10"  10‘  10'  10'  I 


Figure  8  :  Conparaison  des  forces 

La  figure  0  donne  des  ordres  de  grandeur  mais  son  interpretation  est  delicate  car 
Le  module  de  chaque  force  (en  dehors  du  terme  central)  peut  aller  de  0  6  la  borne  supE- 
rieure  en  fonction  de  la  gEomEtrie  du  satellite,  ae  son  altitude,  de  son  attitude,  et 
de  sa  position  sur  orbite. 


4.  LE  TRAITEMENT  DES  PERTURBATIONS 

Le  calcul  de  la  trajectoire  d'un  satellite  se  fait  par  integration  de  1' Equation 
fondaraentale  de  la  dynamique  : 

d2Xi 

-  -  fi/m  (i  •  1,  2,,  3) 

dt2 

&  partir  des  conditions  initiales  :  ( 1 ) 

*i  (t  «  0)  »  Xi* 

x*  (c  -  0)  •  ' 

Dans  ie  cac  d'un  satellite  soumis  uniquement  A  un  champ  newtonien  de  type 
fo/m  •  -  px^/r^  avec  r2  ■>  Ex^2,  ia  solution  est  une  orbite  kEplErienne  : 


Sj  -  a  S4  -  u 

52  ■  e  S5  ■»  O 

53  "  i  Sg  *  M  -  nt  :  anomalie  moyenne  initiale 


le  systEme  (1)  est  alors  Equivalent  au  systEme  : 


dSi 

-  .  0 

dt 


i  »  1 , 


6 


Dans  la  rEalitE,  lc  satellite  est  soumis  S  un  champ  newtonien  perturbE  ;  la  force 
principale  agissant  sur  le  satellite  est  celle  due  au  terme  newtonien  mais  il  faut 
Egalement  prendre  en  compte  des  termes  complEmentaires,  ce  qui  est  realisable  de  deux 
fagons  : 

d2x<  x<  Xj 

-  *  -  p  — —  +  Ki  avec  Ij:  <<  p  — —  (2) 

d  1 2  r3  r^ 

ou  : 

dSf 

-  -  Pj  avec  Pj  petits  (3) 

dt 


La  mEthode  des  perturbations  consiste  E  intEgrer  le  systEme  (3)  de  prEfErence  au 
systEme  (2). 


Par  contre,  une  integration  numErique  du  systEme  (1)  permet  en  gEnEral  d'atte<ndre 
une  oeilleuro  prEcisicn. 


4.1.  L' INTEGRATION  NUMERIQUE 

Celle-ci  consiste  A  approxin.er  le  systAme  : 
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y  -  f(y,  t)  ] 

j  oG  f(y,  t)  est  dAterminAe  (4) 

y(t0>  ■  y0  ) 

par  : 

yn+I  -  yn 

-  "  £(yn-  tn)  0,1  h  est  le  Pas  d'  Integration 

h 

Le  choix  du  pas  d'intAgration  rAsulte  d'un  dAlicat  compromis  entre  la  nAcessitA 
d'une  bonne  approximation  du  systAme  (4)  et  la  maitrise  des  problAmes  numAriques 
(erreurs  de  tronoature  et  d'arrondis). 

Les  y  sont  alors  calculAs  de  proche  en  proche. 

Les  algorithmes  utilises  sont  de  deux  types  : 

-  A  pas  sAparAs  :  le  calcul  du  point  n  ♦  1  ne  depend  que  du  point  n  (RUNGE-KUTTA 
par  exemple) 

-  6  pas  116s  :  le  recours  A  un  processus  itAratif  de  prediction  correction  permet 
un  meilleur  conditionnement  numArique  du  systAme  intAgrA,  au  prix  d’un  problAme 
de  constitution  du  tableau  initial  au  dAmarrage  du  processus  (COWELL  par 
exemple ) . 

L' integration  numArique  des  Aquations  du  mouvement  est  couteuse  en  temps  de  calcul 
et  les  erreurs  de  troncature  et  d’arrondis  ont  un  effet  cumulatif.  On  peut  remAdier  A 
ce  dernier  problAme  A  l'alde  de  fonctions  rAgularisantes  qui  rAduisent  artificiellement 
la  rapiditA  de  la  variation  des  perturbations  par  convolution  a vec  une  fonction  bien 
adaptAe. 

4.2.  L' EXTRAPOLATION  D'ORBITE 

Celle-ci  permet  de  connaitre  1‘ evolution  des  paramAtres  d'orbite  au  cours  du 
temps,  en  fonction  des  perturbations  qui  agissent  sur  le  satellite. 

II  existe  pour  cela  des  mAthodes  analytiques  qui  permettent  une  representation  et 
une  interpretation  de  chaque  perturbation  et  une  decomposition  harmonique  de  celle-ci 
de  la  forme  : 

X  •  Aj  +  B|t  +  Ei  Ci  sin  (  w  £t  +  ^i) 

II  est  alors  possible  d'identifier  les  diffArents  paramAtres. 

La  somme  des  dAco-  positions  harmoniques  des  perturbations  agissant  sur  le  satel¬ 
lite  donne  une  decomposition  du  mAme  type  qui  facilite  1’ envoi  des  paramAtres  (nombre 
llmitA  de  paramAtres  A  transmettre  pour  permettre  A  un  utilisateur  d'effectuer  sa 
propre  extrapolation  d’orbite). 

II  est  Agalement  possible  de  procAder  A  une  integration  numArique.  Comme  nous 
l'avons  dAjA  signale  prAcAdemment,  le  point  dAlicat  de  cette  muthode  est  le  choix  du 
pas  d' integration.  Pour  un  satellite  bas  comme  SPOT,  par  exemple,  on  utilise  un  modAle 
de  potentiel  complet  de  degrA  et  ordre  nmax. 

La  plus  petite  pAriode  des  perturbations  sera  done  : 

Tm  *  T/nmax  T  est  la  pAriode  orbitale 

Le  thAorAme  de  SHANNON  impose  une  valeur  maximale  du  pas  d 'integration,  si  l'on 
veut  que  cette  pAriode  soit  observable  par  1 'intAgrateur  : 

Tm  T 

h  <  -  soit  h  < - 

2  2  nmax 

Pour  SPOT  (T  «  100  min)  on  peut  utiliser  un  modAle  comme  GRIM  3,  pour  lequel 
nmax  "  36,  d'oG  une  valeur  maxlmale  du  pas  de  l'ordre  de  80  s. 

Dans  la  pratique  on  extrapole  une  orbite  de  type  SPOT  avec  un  pas  h  ■  1  minute. 

Une  trolsiAme  mAthode,  mixte,  consiste  A  Aliminer  analytinuement  les  variations  A 
courtes  pAriodos  et  A  intAgrer  numAriquement  les  effets  A  moyen.'e  et  longue  pAriode- 

4.3.  LE  CHOIX  D’UN  REPERE  POUR  LE  CALCUL  D'ORBITE 

Un  choix  classiquc  cn  .~Acanique  consiste  A  rechercher  un  repAre  inertiel  ;  en 
mAcanlque  cAleste  on  peut  done  calculor  une  orbite  dans  le  repAre  cAleste  moyan  dAfini 
A  une  dote  t0  (par  exemple  le  J2000).  L' integration  des  Aquations  du  mouvement  est 
alors  immediate  mals  1 'expression  des  accelerations  est  dAlicate  dons  un  tel  repAre 
inertiel.  De  plus  il  nAcessite  un  passage  des  position-vitesse,  en  fin  de  traitement, 
du  repAre  inertiel  de  calcul  dans  un  repAre  terrestre  ou  cAleste  instantanA.  Ce  choix 
complique  Agalement  la  prise  en  compte  des  mesures  entre  le  satellite  et  les  stations 
terrestres.  II  nAcessite  un  double  changement  de  repAre  : 
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J  2000  - -  repAre  vrai  de  la  date  - -  repAre  terrestre  de  la  date. 

Le  programme  de  calcul  d'orbite  precise  GEODYN  du  GODDARD  SPACE  FLIGHT  CENTER 
(NASA  -  Washington)  fonctionne  selon  ce  principe. 

Une  autre  possibility  consiste  A  intAgrer  les  equations  du  mouvement  dans  un 
repfere  "tournant"  :  le  renAre  celeste  vrai.  La  prise  en  compte  des  mesures  est  alors 
plus  simple  mais  ce  choix  necessite  le  calcul  des  accelerations  d’entrainement  et  de 
CORIOLIS  (dues  A  la  precession  et  A  la  nutation  de  l’axe  de  rotation  de  la  Terre).  Ces 
accelerations  peuvent  etre  traitAes  comme  des  perturbations. 

Le  programme  de  calcul  d'orbite  precise  ZOOM  du  CNES  (Toulouse)  fonctionne  selon 
ce  principe. 


POLE  0E  L'ECUPTIQUI 


Figure  9  :  Mouvement  du  moment  cin6tique  terrestre 


S.  LES  DXFFERENTS  TYPES  DE  MESURES 
5.1.  LA  MESURE  DISTANCE 

Son  principe  est  la  mesure  d'un  temps  de  propagation  oller-retour. 


Station  Station  t  Station  t  *  t I  ♦  T2 


Figure  10  :  Mesure  distance  :  temps  de  propagation  aller-retour 

II  existe  plusieurs  techniques  pour  cela  : 

-  le  laser  (paquets  de  photons) 

-  le  radar  (ondes  centimetriques ) 

-  les  mesures  par  tons  (signal  defini  A  j.'aide  de  sous-porteuses) 

Ces  dernidres  consistent  6  mesurer  en  station  le  dAphasage  entre  l'onde  6mise  et 
l'onde  rogue. 


Figure  11  :  Mesure 


ta nee  par  tons 
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La  mesure  est  datde  au  top  Amission  t  pr6cAdant  le  top  de  reception  qui  arrSte  Xa 
valeur  de  la  mesure 

La  mesure  du  ddphasage  est  effective  aveo  une  indetermination  de  2np  (p  entier).  A 
cette  indetormination,  correspond  une  ambiguity  dans  la  mesure  de  la  distance  de  : 

C 

Ad  -  - 

2f 

La  precision  de  la  mesure  est  li6e  A  la  resolution  de  la  mesure  de  ddphasage 
(fraction  r  de  la  pdriode  du  ton)  et  A  la  frequence  du  ton  : 

rc 

od  -  - 

2f 

II  est  necessaire  de  trouver  un  compromis  entre  lever  d'ambiguite  et  precision.  II 
faut  done  effectuer  simultan6ment  des  mesures  de  distance  A  l'aide  de  plusieurs  tons  de 
frequences  diffdrentes  : 

-  le  ton  mineur  permet  de  lever  1'ambiguitA,  par  exemple  pour  8  Hz  : 

C 

Ad  -  -  -  18750  km 

2f 

-  le  ton  majeur  donne  la  precision  du  systAme  de  mesure,  par  exemple,  pour  100  KHz 
d  «  1,5  km  (insuffisant  sans  le  ton  mineur)  mais  pour  r  *  10"2  od  -  Ad  .  r  »  15  m. 

La  precision  de  la  mesure  distance  est  affectAe  par  son  bruit  : 

-  laser  <  1  m,  1  A  3  cm  pour  les  stations  de  derniAre  generation 

-  radar  =  10  m 

-  rdseau  ONES  2  GHz  =  15  -  20  m 

et  par  des  biais  liAs  au  temps  de  transit  en  station  (6valu6  r6guli6rement  grAce 
A  des  mesures  de  calibration)  et  au  temps  de  transit  A  bord  (AvaluA  gr5ce  A  des  mesures 
de  calibration  avant  le  lancement,  avec  un  problAme  de  stabilite  au  cours  de  la  vie  du 
satellite), 

5.2.  LES  MESURES  ANGULAIRES 

Les  diffdrentes  techniques  sont  : 

-  optiques  :  photographie  du  satellite  sur  fond  d’Atoiles 

-  interf6rom6triques  :  comparaison  de  phase 

-  relevA  de  la  position  de  l'antenne,,  celle-ci  pouvant  avoir  une  monture  azimutale 
ou  A  la  cardan. 


Figure  12  :  Monture  azimutale 


Figure  13  :  Monture  de  cardan 


Les  bruits  de  mesures  sont  : 

-  optioue  :  1  second**  d'erc 

-  interf6rom6trique  :  variable 

-  relevd  de  position  d'antenne 

.  radar  "Bretagne"  0.5  A  1  10"^  rad 
.  Antenne  STL  4-6  GHz  2  10"^  rad 
.  Antenne  rAseau  CNES  HBK  10"3  rad 
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Les  biais  sont  dus  au  calage  des  axes  mEcaniques  (Evolutions  pEriodiques  et 
sEculaires),  aux  Ecarts  entre  I'axe  mEcanique  et  l'axe  radio-Eleotrique  et  au  trainage 
des  asservissements. 

5.3.  LES  MESURES  DOPPLER 

L'effet  Doppler  se  traduit  par  la  relation  : 

v 

fr  -  fe  U - ) 

c 

entre  les  frEquences  Emise  et  regue 

La  mEthode  de  mesure  est  la  mEthode  "Quatant** 

On  compte  E  bord  du  rEcepteur  qui  peut  Etre  le  satellite  ou  la  station  terrestre, 
un  nombre  N0  de  cycles  regus  entre  deux  dates  ti  et  t2- 

Dans  la  pratique  les  frEquences  fe  utilisEes  (et  done  les  frEquences  fr  qui  s'en 
dEduisent)  sont  trop  fortes  pour  qu'il  soit  possible  de  compter  les  cycles  regus 
directement.  On  fait  done  battre  la  frEquence  fr  avec  une  frEquence  voisine  fs.  on 
compte  alors  les  battements  du  signal  composE. 

ic 


J 

Frequence  3  -nffsorc 

-  f  \. 

r  ^ 

3 

w  v 

ZP 

^1  Horlogf  fine 


Figure  14  :  Mesure  dopplec  -  comptage  des  cycles 

La  mesure  est  done  const! tuEe  des  valeurs  :  t  (dote  de  la  mesure),  N  (nombre  de 
cycles  comptEs),  T q  (temps  de  comptage),  Zj  (premier  passage  E  zEro  aprEs  l'ouverture 
de  la  fenEtre  doppler),  Z2  (premier  passage  E  zEro  aprEs  la  fermeture  de  la  fenEtre 
doppler). 

Les  mesures  doppler  peuvent  Etre  de  type  : 

-  une  voie  (montante  ou  descendante) 


Figures  15  -  16  :  Mesure  doppler  une  voie  (descendante  et  montante) 

-  2  ou  3  voles 

frEquence  fe  Emise  par  une  station  1,  regue  par  le  satellite,  fe  (1  -  V/C), 
rEEmise  avec  un  facteur  Ci  :  Cj  .  fe  (1  -  V/C)  et  regu  par  une  station  2  : 

V 

fr  *  Ci  .  fe  (1 - )2 

c 

2V 

a  Cl  .  fe  (1 - ) 

c 


satellite 


Figure  17  :  Mesure  doppler  bi-voie 
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5.4.  LA  REFRACTION  ATMOSPHERIQUE 

La  plupart  des  mesures  sont  affectdes  par  ce  ph6nom6ne  qui  a  pour  effct  une 
courbure  du  trajet  et  l'allongement  ou  le  raccourcissement  do  celui-ci. 


Figure  18  :  La  refraction  atnosph6rlque 


5.4.1.  LA  CORRECTION  TROPOSPHERIQUE 

L'lndice  de  refraction  de  la  troposphere  est  ind6pendant  de  la  frequence  et 
fonction  des  conditions  m6t6orologiques  (pression,  temperature,  humidite).  II  existe 
des  moddles  de  correction  troposphdrique  d’une  precision  de  l'ordre  de  4%. 

5.4.2.  LA  CORRECTION  IONOSPHERIQUE 

L'lndice  de  refraction  de  1' ionosphere  est  une  fonction  inverse  du  carrd  de  la 
frequence  et  du  contenu  dlectronique. 

Ce  dernier  est  trds  complexe  e  moddliser.  Afin  de  limiter  l'effet  ionospherique  on 
augmente  la  frequence  de  travail  (2  GHz,  8  GHz,  30  GHz)  et  on  utilise  des  mdthodes  de 
correction  bi-fr6quence  (mesure  e  deux  frequences  et  elimination  de  l'effet  ionospheri¬ 
que  au  premier  ordre,  les  erreurs  sont  r6siduelles) . 

5.5.  LA  MODELISATION  DES  MESURES 

Les  diffdrents  types  de  mesures  sont  modeiises  sous  la  forme  : 

)  .  f  [X(t  +  6t ) ,,  X(t  +  fit),  Xs,  PJ  +  bt  +  bs 


■  date  de  la  mesure 

«  erreur  de  synchronisation  et/ou  erreur  d' estimation  du  temps  de 
propagation 

»  position-vitesse  du  satellite  dans  le  repdre  d' integration 
*  coordonnde  de  la  station  dans  le  mdme  repdre 
«  paramdtres  technologiques 

»  biais  sur  la  mesure  616mentaire  (116  6  1' instrument  de  mesure) 

■  biais  lids  d  la  position  du  satellite  sur  son  orbite  (refraction 

atmosphdrique,  attitude,  correction  de  la  monture,  correction 
relativiste,  _ ) 

La  sensibilitd  de  la  mesure  A  diffdrents  paramdtres  est  6valu6e  grace  aux  d6riv6es 
partielles  : 


0C  (t  +  fit 
avec  : 
t 

fit 

(X,  X) 

xs 

p 

bt 

bs 


•  6tat  du  satellite 


-  station 


-  dotation  et  biais 


30c 

3f 

3x 

3xq 

3x 

3x0 

30c 

3f 

3x 

3x 

3xq 

3GC 

3£ 

3xs 

3xs 

30c 

£ 

30c 

3t 

3t 
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30c  3bs(Pi) 

-  paramAtres  du  module  de  b<.  :  -  <•  - 

3t  3Pi 


6.  LA  RESTITUTION  D'ORBITE 

Son  objet  est  la  connaissance  au  cours  du  temps  des  positions  et  vitesses  du 
satellite. 

La  seule  extrapolation  d'orbite  fournit  une  prAcision  insuffisante  du  fait  de  la 
mAconnaissance  des  modules,  d'un  pilotage  en  attitude  imparfait  et  des  manoeuvres  de 
maintien  A  poste  (comportement  des  tuyeres). 

La  restitution  d'orbite  consiste  A  Alaborer  des  mesures  thAoriques  entre  le(s) 
satellite! s)  et  les  stations  sol  A  partir  d'une  orbite  extrapolAe  (mesures  de  type 
distance,  doppler  ou  angulaire). 

Un  algorithme  d' estimation  permet  ensuite  de  rAduire  les  Acarts  entre  mesures 
observAes  et  mesures  thAoriques  par  correction  des  paramAtres  orbitaux,  dynamiques  et 
de  mesurc  A  l'aide  des  dArivAes  partielles  des  mesures  par  rapport  A  ces  paramAtres 
(correction  diffArentielle). 

Le  problAme  d' estimation  se  rAsoud  en  fonction  des  informations  disponibles  et  des 
paramAtres  A  estimer. 

Les  informations  disponibles  sont  des  informations  A  priori  (dispersions,,  con- 
traintes)  et  les  mesures  avec  leurs  erreurs. 

Les  parumAtres  A  estimer  peuvent  Atre  de  diffArentes  natures  : 

-  paramAtres  d'orbite  (bulletin  initial)  et  de  modAle  dynamique  (coefficient 
multiplif icatif  sur  une  force 

-  paramAtres  de  mesure  (datation,  Acart  de  frAquence  par  passage 

-  paramAtres  de  gAodAsie  dynamique  et  semi-dynamique  (modAle  de  potentiel  ter- 
restre  . . .  ) . 

Ils  peuvent  Arre  libArAs  (analyse  de  covariance  :  Atude  des  correlations  entre 
paramAtres)  ou  ajustAs  (restitution  d'orbite  proprement  dite)  en  tenant  compte  de 
1' existence  des  contraintes. 

Deux  grands  groupes  d'algonthmes  sont  mis  en  oeuvre  A  cette  fin  : 

-  Les  moindres  carrAs,  adaptAs  A  des  traitements  en  temps  diffArAs,  souvent  implA- 
mentAs  sur  de  gros  calculateurs  et  plutOt  rAservAs  A  des  applications  de  grande 
precision. 

-  Le  filtrage  numArique  de  KALMAN  le  plus  souvent  utilise  dans  des  applications  de 
type  temps  rAel  ce  type  d' algorithme,  pouvant  Atre  facilement  mis  en  oeuvre  sur  les 
calculateurs  qui  Aquipent  aujourd'hui  les  satellites,  permet  de  doter  ces  derniers 
d'une  capacite  de  navigation  embarquAe,  ouvrant  la  voie  A  des  vAhicules  spatiaux  de 
plus  en  plus  autonomies. 
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RESUME 

Un  pro  jet  de  systAme  de  tAlAcommunication  AtudiA  par  le  CNES  est  basA  sur  1 'uti¬ 
lisation  de  deux  satellites  Avoluant  sur  des  orbites  gAosynchrones  24h,  excentriques  et 
fortement  inclinAes,  dont  les  noeuds  ascendants  sont  dAcalAs  de  180°.  Pour  mettre  A 
poste  ces  satellites,  il  est  envisage  de  les  injecter  dans  un  premier  temps  sur  l'or- 
bite  de  transfert  gdostationnaire  standard  (GTO)  dAlivrAe  par  un  lanceur  Ariane.  Chacun 
d'eux  est  ensuite  transfArA  individuellement  de  celle-ci  sur  son  orbite  finale.  Les 
manoeuvres  A  deux  ou  trois  impulsions  permettant  de  rdaliser  cette  seconde  phase  de  la 
mise  A  poste  pour  une  consommation  d'ergols  minimale  ont  AtA  dAterminAes  par  une 
mAthode  d' optimisation  paramAtrique  basAe  sur  l'algorithme  du  gradient  projt cA  gdndra- 
lisd  mis  au  point  A  l'ONERA.  Dans  1'hypothAse  oft  l'injection  prdliminaire  des  satel¬ 
lites  sur  orbite  GTO  est  faite  en  deux  lancements  sdpards,  il  est  possible  de  realiser 
les  deux  transferts  ultdrieurs  par  des  manoeuvres  identiques  si  la  durde  sdparant  les 
tirs  est  convenablement  choisie.  Si  par  contre  on  impose  un  lancement  unique,  les 
transferts  sont  a  priori  diffdrents  et  consomment  chacun  une  quantitd  d'ergols  supA- 
rieure.  Les  manoeuvres  optimales  ont  dtd  ddtermindes  dans  les  deux  cas. 


INTRODUCTION 

La  definition  d'un  systdme  de  tdldcommunication  relayd  par  satellites  impose  le 
choix  d'orbites  bien  adaptdes  A  la  zone  gdographique  gue  l'on  ddsire  couvrir.  En  effet, 
tout  point  de  cette  zone  doit  dtre  en  visibilitd  permanente  d'au  moins  un  satellite  re- 
lais  sous  le  site  le  plus  dlevd  possible  pour  assurer  de  bonnes  conditions  de  communi¬ 
cation,  mdme  en  prdsence  d'obstacles  comme  en  zone  urbaine  ou  montagneuse. 

Si  pour  les  rdgions  dquatoriales,  l'utilisation  d'un  satellite  gdostationnaire 
permet  de  remplir  aisdment  cette  condition,  il  n'en  est  pas  de  mdme  pour  les  latitudes 
plus  dlevdes.  Aussi  le  concept  SYCOMORES  du  Centre  National  d' Etudes  Spatiales  (CNES) 
propose,  pour  couvrir  la  majeure  partie  de  l'Europe,  d'utiliser  deux  satellites  placds 
sur  des  orbites  gdosynchrones  24h,  excentriques  et  inclindes,  dont  les  noeuds  ascen¬ 
dants  sont  ddcalds  de  180°.  Les  traces  au  sol  de  ces  satellites  seraient  identiques, 
mais  parcourues  avec  un  ddcalage  de  temps  de  12  heures  de  fagon  A  assurer  un  service 
permanent  sur  l'Europe.  Un  site  de  visibility  tou jours  supArieur  A  55°  pour  l'un  au 
mo<ns  des  deux  satellites  permettrait,  dans  le  cas  de  communications  entre  vAhicules 
terrestres,  de  doter  ceux-ci  de  simples  antennes  non  orientables  pointAes  verticale- 
ment. 

Pour  mettre  A  poste  les  deux  satellites,  il  est  propose  de  les  injecter  au  moyen 
d'un  lanceur  Ariane  4  sur  une  orbite  de  transfert  gAostationnaire  (GTO)  standard.  Un 
moteur  A  liquides  rA-allumable  permet  alors  de  faire  passer  chaque  satellite  sur  son 
orbite  definitive  en  deux  ou  trois  phases  propulsives.  Les  deux  satellites  peuvent  Atre 
injectees  sur  une  mSme  orbite  GTO  A  la  suite  d'un  lancement  unique,  auquel  cas  les 
transferts  optimaux  du  point  de  vue  de  la  masse  d'ergols  consommAe  ne  seront  pas  effec- 
tues  par  les  m§mes  manoeuvres.  La  seconde  solution  consiste  A  injecter  les  satellites 
en  deux  lancements  distincts  (au  cours  desquels  chacun  d'eux  pourrart  Aventuel foment 
accompagner  un  gAostationnaire) .  En  choisissant  convenablement  l'intervalle  de  temps 
sAparant  les  tirs,  on  peut  toujours  faire  en  sorte  que  la  configuration  g6om6tnque  de 
1' orbite  finale  par  rapport  A  1' orbite  GTO  de  depart  soit  la  mSme  pour  les  deux  trans¬ 
ferts.  Par  consequent,  les  manoeuvres  optimales  permettant  de  les  rAaliser  sont  dans  e’e 
cas  identiques  pour  les  deux  satellites. 

Quelle  que  soit  la  procedure  de  lancement  choisie  (tirs  sAparAs  ou  tir  unique),  la 
determination  des  manoeuvres  A  deux  ou  trois  impulsions  permettant  de  transferor  chaque 
satellite  sur  son  orbite  finale  pour  une  consommation  d'ergols  minimale  est  un  prcblAme 
dont  on  ne  connait  pas  de  solution  analytique,  Atant  donn6  que  chaque  transfer!  s'ef- 
fectue  ici  entre  des  orbites  qui  ne  sont  ni  coaxiales  ni  coplanuires  (1).  Ce  problAme  a 
done  At6  traite  par  une  mAthode  d' optimisation  numArique  basAe  sur  l'algorithme  du 
gradient  projetA  gAnAralisA  do  l'ONERA,  qui  prAsente  1'intArSt  de  pouvoir  prendre  en 
compte  faciieraent  les  contraintes  opArati onnel  les  du  problems,  sans  avoir  a  priori  >jne 
idAe  do  la  solution  optimale.  Le3  transferts  optimaux  A  deux  et  trois  impulsions  ont 
ainsi  AtA  dAterminAs  pour  chaque  precAdure  de  lancement. 


ORBITES  SYCOMORES  [3] 

SYCOMORES  est  un  concept  de  tAlAcommunication  entre  vAhicules  terrestres  relayA  par 
satellite.  Il  permettrait  d'assurer  en  permanence  un  service  de  haute  qualitA  sur  la 
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plupart  de  1' Europe,  ou  sue  toute  zone  de  dimensions  et  de  situation  en  latitude  compa¬ 
rables.  XI  est  prdvu  pour  cela  d'utiliser  deux  satellites  remplissant  a  tour  de  r81e  la 
fonction  de  relais  par  pSriodes  de  12  heures.  Les  deux  satellites  seraient  places  sur 
des  orbites  gdosy nchrones ,  excentriques  et  inclinSes  caract6ris4es  pax  les  paramfetres 
suivants: 


-  demi  grands  axes: 

-  excentricitds : 

-  inclinaisons: 

-  arguments  de  pdrigde: 


aj  »  a2  ■=  42  164  km 

el  =  e2  c  0*35 

i^  =  ij  =  60° 

<ji  e  wj  “  270° 


(pdriode  24  heures) 


Pour  que  le  systSme  fonctionne  convenablement,  il  faut  que  les  deux  satellites  parcou- 
rent  oar  rapport  a  la  Terre  une  trajectoire  unique,  mais  avec  un  ddcalage  de  12  heures 
des  temps  de  passage  en  un  point  donnd.  Cette  condition  est  satisfaite  grace  a  deux 
equations  liant  les  paramatres  orbitaux  restants : 


-  ascensions  droites  des  noeuds  ascendants:  ^2  -  Oj  =  180°  (1) 

-  anomalies  moyennes:  M2  -  M^  =  180°  (2) 


Le  noeud  ascendant  de  l'une  des  orbites  coincide  done  avec  le  noeud  descendant  de 
1 'autre,  et  l'un  des  satellites  passe  au  pfirigde  chaque  que  £ois  que  le  second  est  <1 
l'apogde. 

La  trajectoire  ddcrite  par  rapport  a  la  Terre,  qui  est  la  m&me  pour  les  deux  satel¬ 
lites  et  dont  la  trace  au  sol  est  reprdsentde  en  figure  1,  n'est  pas  entidrement 
ddfinie  par  ce  qui  prdc6de.  II  faut  specifier  en  outre  la  longitude  d'un  de  ses  points, 
par  exemple  celle  de  l'apogde  qui  s' exprime  par: 


LA  =  «!  +  Mi  -  TSG  -  rc/2  (3) 


oh  TSG  est  1' angle  repdrant  la  position  du  mdridien  de  Greenwich  dans  le  repdre  absolu 
de  rdfdrence,  a  1' instant  pour  lequel  est  donnde  l'anomalie  moyenne  Mi  du  satellite  1. 
La  valeur  de  LA  actuellement  retenue  pour  un  service  de  telecommunication  de  couverture 
europdenne  est: 


La  =  8°  (Est) 


Aucune  condition  suppldmentaire  n'dtant  requise  pour  le  fonctionnement  correct  du 
systame,  il  existe  un  degrd  de  libertd  dans  la  definition  des  orbites.  Cela  provient  du 
fait  qu'il  n'est  pas  utile  d'imposer  de  fagon  absolue  la  chronologie  du  mouvement  des 
satellites:  seul  importe  le  ddealege  de  12  heures  entre  leurs  temps  de  passages  en  un 
point  donnd  de  la  trajectoire.  En  consequence,  on  peut  par  exemple  choisxr  librement  la 
valeur  de  ^2  est  alors  fixe  par  (1),  et  les  valeurs  de  M^  et  M2  a  tout  instant  sont 
ddfinies  par  (2)  et  (3). 


Chaque  satellite  est  utilise  comme  relais  de  telecommunication  pendant  la  p6riode 
de  12  heures  centree  sur  1' instant  de  passage  a  1 'apogee  de  son  orbite.  Les  valeurs 
choisies  pour  les  parametres  e,  i  et  <0  sont  telle3  que  le  mouvement  apparent  du  satel¬ 
lite  par  rapport  a  la  Terre  est  alors  de  faible  amplitude.  En  particulier,  sa  latitude 
et  son  altitude  demeurent  dlevdes  durant  les  12  heures  de  service.  De  ce  fait,  et  grace 
a  1' utilisation  de  deux  satellites,  un  des  deux  relais  est  vu  en  permanence  en  Europe 
sous  un  site  netteraent  supdrieur  a  celui  sous  lequel  un  gdo3tationnairo  peut  dtre 
observd.  Les  communications  sont  done  moins  sensibles  aux  obstacles,  comme  en  zone 
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urbaine  ou  montagneuse.  La  figure  2  indique  les  Unites  do  la  region  oil  le  site  de  vue 
du  satellite  relais  eat  &  tout  instant  supArieur  A  55°,  ce  qui  est  le  critbre  choisi 
pour  dAfinir  une  utilisation  satisfaisante  du  systAme. 


Fig.  2:  Zone  de  service  permanent  du  systAme  SYCOMORES  (site  >  55°) 


PROCEDURE  DE  HISE  A  POSTE 

Pour  mettre  A  poste  les  deux  satellites  relais  du  concept  SYCOMORES,  il  est  propose 
de  les  injecter  dans  un  premier  temps  sur  l'orbite  de  transfert  gAostationnaire  stan¬ 
dard  (GTO)  dAlivrAe  par  un  lanceur  Ariane  4.  11  s'agit  d'une  orbite  200  km  -  36  000  km 
inclinAe  A  environ  10°  sur  l'Eguateur.  Son  apogAe,  qui  coincide  avec  le  noeud  ascen¬ 
dant,  appartient  A  l'orbite  gAostationnaire,  si  bien  qu'une  seule  impulsion  suffit  en 
pnneipe  pour  assurer  la  mise  A  poste  d'un  satellite  sur  ce  type  d'orbite.  L'orbite  GTO 
que  nous  avons  considArAe  peut  Atre  caractArisAe  par  les  param&tres  orbitaux  suivants: 


an  =  24  372  km 
en  =  0.35 
i0  =  10° 

W0  -  180° 


Quant  A  1' ascension  droite  du  noeud  ascendant  n0,  elle  est  fonction  de  1' instant  de  tir 
puisque  la  longitude  (par  rapport  A  la  Torre)  du  premier  passage  A  1' apogAe  est  la  mSme 
A  1' issue  de  tous  les  lancements. 

II  faut  noter  que  ce  choix  de  l'orbite  GTO  en  tant  qu' orbite  do  depart  de  la  mise  A 
poste  rAsulte  en  premier  lieu  du  souci  d'utiliser  une  procedure  de  lancement  AprouvAe. 
II  autorise  d'autre  part  l'injection  simultanAe  d'un  gAostationnaire.  II  aurait  AtA 
cependar.t  possible  de  dAfinir,  pour  le  lanceur  retenu,  une  trajectoire  de  montAe  dAdiAe 
A  la  mise  A  poste  des  satellites  SYCOMORES  qui  permettc  de  fairs  de  substar.tielles 
Aconomies  d'ergols:  l'injection  serait  faite  sur  uno  orbite  quasi  coplanaire  et  sAcante 
avec  l'orbite  visAe,  si  bien  que  le  transfert  final  serait  fait  en  une  seule  impulsion 

Pi). 


Deux  variantes  sont  en  fait  envisagAes  pour  la  mise  A  poste  via  l'orbite  GTO.  La 
premiAre  solution  consiste  A  inje~ter  les  deux  satellites  en  un  seul  lancement,  de 
telle  sorte  qu'ils  sont  tous  les  deux  placAs  sur  la  m@me  orbite  GTO.  Chaque  satellite 
est  ensuite  transfArA  sur  sa  propre  orbite  finale  en  deux  ou  trois  arcs  de  poussAe,  au 
moyen  d'un  motour  A  liquides  rA-allumable.  L' inconvAnient  d'une  telle  procAdure  est 
qu'elle  requiert  des  manoeuvres  a  priori  diffArentes  pour  les  deux  transferts,  qui  r.e 
consomment  done  pas  forcAment  la  mAme  quantitA  d'ergol.  En  outre,  la  consommation 
totale  est  de  toute  fagon  supArieure  A  celle  que  nAcessiterait  la  seconde  technique  de 
mise  A  poste  proposAe.  Celle-ci  consiste  A  rAaliser  l'injection  prAliminaire  en  deux 
lancements  sAparAs,  avec  un  intervalle  de  temps  entre  les  tirs  tel  que  les  deux  orbites 
GTO  obtenues  aient  des  noouds  ascendants  diamAtralement  opposAs  par  rapport  au  centre 
de  la  Terre.  En  effectuant  les  mSmes  manoeuvres  de  transfert  pour  les  deux  satellites, 
on  est  done  assurA  que  leurs  orbites  finales  prAsenteront  elles  aussi  cette  propriAtA, 
c'est-A-dire: 


n2  -  S!l  =  180° 


ce  qui  est  prAcisAment  ce  que  l'on  recherche.  Par  consAquent,  et  contrairement  A  ce  qui 
se  produit  dans  le  premier  cas,  le  respect  de  cette  contrainte  n’influe  en  aucunc 
maniAre  sur  la  dAtermination  des  manoeuvres  optimales,  qui  consomment  la  raAme  quantitA 
d'ergols  pour  les  deux  transferts.  En  contre  partie,  cette  seconde  procAdure  est  un  peu 
plus  dAlicate  d'un  point  de  vue  opArationnel,  puisqu'ii  existe  un  seul  instant  de 
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lar.cement  possible  par  jour  pour  le  second  satellite,  une  fois  le  premier  satellite 
injects.  L'heurv  repdrant  cet  instant  avance  de  4  minutes  d'un  jour  a  1 'autre,  soit  la 
difference  entre  le  jour  solaire  et  la  pdriode  de  rotation  terrestre. 


II  s'agit  en  some  de  quantifier  le  gain  d'ergols  que  permet  de  rdaliser  la  seconde 
procedure  par  rapport  a  la  premiere,  ce  qui  permettra  de  decider  s'il  justifie  une 
procedure  de  raise  a  poste  un  peu  plus  contraignante. 


TPAITEKENT  DU  PROBLEME 

On  souhaite  determiner  les  manoeuvres  optimales  permettant  de  transferer  les  deux 
satellites  SYCOMORES  sur  leur  orbite  finale  a  partir  d'une  orbite  GTO  Ariane  4,  dans 
les  deux  hypotheses  d' injection  (lancement  individuel  ou  couple),  Le  critere  a  maximi¬ 
ser  est  ici  la  masse  utile  des  satellites,  la  masse  initiale  injectde  sur  orbite  GTO 
etant  fixde.  Cela  revient  bien  sQr  a  minimiser  la  masse  d'ergol  consomm6e  par  la  mise  a 
poste. 

Nous  avons  choisi  de  ne  pas  limiter  la  durde  des  transferts.  De  m&ne,  nous  ne  nous 
sommes  pas  prdoccupds  pas  de  la  position  des  satellites  sur  les  orbites  finales,  ou  de 
fagon  dquivalente  de  la  position  de  leurs  traces  a  la  surface  de  la  Terre.  On  salt  en 
effet  que  l'anomalie  d'un  satellite  peut  Stre  corrigde  au  prix  d'une  consommation 
d'ergols  minirae,  a  condition  de  rdpartir  cette  correction  sur  une  pdriode  suffisamment 
longue.  D'autre  part,  aucune  contrainte  sur  la  direction  et  le  module  des  impulsions, 
sur  la  visibility  des  points  de  manoeuvres  par  des  stations  terrettres,  ni  sur  les 
conditions  d'dclairement  solaire  n'a  d*  prise  en  compte. 

Que  la  mise  a  poste  soit  couplde  ou  mdividuelle,  nous  avons  cependant  imposd  a 
chaque  transfert  de  respecter  deux  types  de  contraintes.  D'abord,  l'altitude  de  pdrigde 
des  diverses  orbites  intermddiaires  doit  Stre  superieure  a  200  km,  afin  d ’ dviter  un 
freinage  atmosphdrique  intense  et  pour  assurer  ainsi  leur  viability  sur  plusieurs 
ryvoiutions.  Ensuite,  la  distance  de  manoeuvre  par  rapport  au  centre  de  la  Terre  ne 
doit  Stre  ni  trop  petite,  pour  des  raisons  de  visibility  par  des  stations  terrestres, 
ni  trop  grande  po,,r'  des  raisons  de  bilan  de  liaison  avac  ces  stations.  Pour  limite 
basse,  nous  avons  adopty  la  plupart  du  temps  la  valeur  200  km  (de  sorte  que  cette 
contrainte  est  automatiquereent  satisfaite  si  la  premi&re  l'est  aussi).  Pour  limite 
haute,  nous  avons  choisi  la  valeur  arbitraire  de  100  000  km,  qui  permet  en  outre  de 
maintenir  a  faible  niveau  les  dventuelles  perturbations  gravitationnelles  de  la  Dune. 

Pour  cette  premidre  dvaluation  des  coftts  de  mise  a  poste,  le  mouvement  balistique 
des  satellites  a  yty  considdrd  comme  ytant  purement  kdpldrien  et  les  manoeuvres  ont  dtd 
modyiisyes  par  des  impulsions,  ce  qui  permet  de  ddfinir  chaque  transfert  par  un  nombre 
fini  de  paramdtres.  Le  probldrae  a  done  pu  Stre  traitd  par  un  logiciel  gdndral  d' optimi¬ 
sation  paraadtrique  basd  sur  l'algorithme  du  gradient  projetd.  Cet  algorithme  permet, 
par  opposition  A  ceux  de  type  gradient  conjugud,  de  prendre  en  compte  directement  des 
contraintes  d'dgalitd  ou  d'indgalitd,  sans  avoir  d  estimer  des  multiplicateurs  de 
Lagrange  ou  des  coefficients  de  pdnalisation  ir.connus.  La  version  que  nous  avons  ddve- 
loppde  a  l'ONERA  tendficie  d'une  amdlioration  de  la  technique  de  projection  (projection 
"gdndralisde" )  qui  permet  de  rattraper  progressivement  les  erreurs  de  rdalisation  des 
contraintes.  De  la  sorte,  il  devient  possible  d' initialiser  le  logiciel  par  un  jeu  de 
paramdtres  ’non  faisables’,  e'eat  S  dire  qui  ne  satisfont  pas  d'emblde  toutes  les 
contraintes  (5J, 

L'algorithme  utilisd  est  dvidemment  susceptible  de  converger  non  seulement  vers 
l'optimum  absolu,  mais  encore  vers  tout  optimum  local.  C’est  pourquoi  nous  avons  systd- 
matiquement  essayd  un  nombre  asset  important  de  jeux  de  paramdtres  initiaux,  afin  que 
la  solution  rdellement  optimale  fiqure  de  fagon  quasi-certaine  parmi  les  rdsultats 
obtenus.  Cette  technique  a  dtd  grandement  facilitde  par  la  robustesse  et  la  rapiditd  de 
treitement  du  logiciel. 

Les  deux  proeddures  de  miso  a  poste,  individuelle  et  couplde  ont  dtd  successivement 
dtudides,  en  considdrant  dans  chacun  des  cos  des  transferts  a  deux  et  trois  impulsions. 


PARAKBTRAGE  D'UN  TRANSFERT  IMPULSIONNEL 

Une  fagon  naturelle  ds  ddcrire  un  transfert  entre  deux  orbites  a  N  impulsions 
consiste  a  indiquer  pour  chacune  d'elles: 

-  la  position  sur  1' orbite  courante  du  point  oft  elie  est  effectude, 
repdrde  par  exemple  par  son  anomalie  vraie, 

-  los  trois  composantes  de  la  variation  de  vitesse  imprimde. 

Si  ce  jeu  de  itt  paramdtres  ddfinit  entierement  le  transfert,  1' orbite  finale  obtonue  a 
1' issue  des  N  impulsions  ainsi  ddcrites  p. 'a  a  priori  aucune  raison  de  coincider  avec 
1 'orbite  finale  visde.  Pour  assurer  l'dgalitd  de  ces  deux  orbites,  il  faut  fixer  autant 
dc  contraintes  que  de  paramdtres  orbitaux  imposds,  e'est  a  dire  au  plus  5  dans  le  cas 
prdsent  puisque  l'on  ne  se  prdoccupe  pas  de  la  position  des  satellites  sur  les  orbites 
finales.  Dans  le  cas  d'une  orbite  finale  entidrement  fixde  (S  l'anomalie  prds),  il  y  a 
done  4N-5  degrds  de  liberty  pour  ddfinir  un  transfert  a  N  impulsions,  soit  3  en  bi- 
impulsionnel  et  7  en  tri-impulsionnoi. 
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Pluc6t  que  d'empioyer  ef  fectivement  les  pararadtres  intuitifs  mentionnds  ci-dessus, 
et  d'imposer  5  contraintes  d'dgalitd,  il  esc  prdfdrable  de  choisir  un  jeu  de  4N-5 
paramdtres  qui  les  satisfasse  d'emblde.  Bien  que  le  logiciel  uti.li.s6  soit  parfaitement 
capable  de  les  prendre  en  compte,  le  traitement  sera  en  effet  d'autant  plus  rapids  que 
les  contraintes  et  les  paramdtres  seront  moins  nombreux. 

Que  ce  soit  pour  les  transferts  6  deux  ou  trois  impulsions,  le  jeu  de  paramdtres 
ef fectivement  choisi  est  basd  sur  le  fait  qu'il  existe  une  seule  orbite  elliptique  de 
paramStre  donnd  p=a(l-e2)  passant  par  deux  points  quelconques  de  l'espace,  A  condition 
toutefois  que  ceux-ci  ne  soient  pas  alignds  avec  le  centre  de  la  Terre. 

Pour  un  transfert  bi-impulsionnel,  nous  avons  done  retenu  comme  paramdtres: 

-  l'anomalie  vraie  vq  de  la  premiere  impulsion  sur  1 'orbite  initxale, 

-  l'anomalie  vraie  Vf  de  la  seconde  impulsion  sur  l'orbite  finale, 

-  le  paramdtre  p  de  l'orbite  intermddiaire. 

En  rdalitd,  ces  3  paramdtres  ne  suffisent  pas  pour  ddcrire  entidrement  le  transfert.  Si 
l'orbite  intermddiaire  est  bxen  ddfinie  de  fagon  unique,  elle  peut  cependant  dtre 
parcourue  da.is  les  deux  sens.  II  faut  par  consequent  ajouter  en  toute  rigueur  un  gua- 
tridme  paramdtre  dxscret  M  ddfinissant  le  sens  de  parcours,  par  exemple: 

-  M=1  si  l'ouverture  de  1'arc  d'orbite  est  infdrieure  6  180°, 

-  M=-l  sinon. 

Quant  au  transfert  tri-impulsionnel,  il  peut  dtre  caractdrisd  par  les  7  paramdtres 
continus  suivants: 

-  l'anomalie  vraie  vq  de  la  premiere  impulsion  sur  l'orbite  initiale, 

-  l'anomalie  vraie  Vf  de  la  seconde  impulsion  sur  l'orbite  finale, 

-  les  trois  coordonnees  sphdriques  de  la  seconde  impulsion  (distance  d  du  centre  de 

la  Terre,  ascension  droite  a,  ddclinaison  S), 

-  le  paramdtre  pj,  de  la  premiere  orbite  de  transfert, 

-  le  paramdtre  pj  de  ssconde  orbite  de  transfert, 

auxquels  il  faut  ajouter  2  paramdtres  discrets: 

-  Mj:  et  Mj  ddfinissant  respectiveroent  le  sens  de  parcours  de  la  preraidre  et  de  la 

seconde  orbite  de  transfert. 


En  definitive,  il  est  possible  de  ddcrire  un  transfert  bi  ou  tri-impulsionnel  par 
des  paramdtres  en  nombre  dgal  au  nombre  de  degrds  de  liberty,  si  l'on  fait  abstraction 
des  paramdtres  discrets  ddfinissant  le  sens  de  parcours  des  orbites  intermddiaires. 
Aucune  contrainte  n'est  alors  ndeessaire  pour  assurer  la  coincidence  entre  l'orbite 
obtenue  a  l'issue  des  manoeuvres  et  l'orbite  finale  visde.  Le  paramdtrage  indiqud  ci- 
dessus  n'est  cependant  pas  parfait  dans  la  mesure  ob  il  n'est  pas  valide  lorsque  deux 
impulsions  successives  du  transfert  sont  aligndes  avec  le  centre  de  lu  Terre.  En  ce  qui 
concsrne  la  mise  A  poste  des  satellites  SYCOMORES,  il  semble  toutefois  que  la  solution 
optimale  ne  corresponde  jamais  a  cette  situation. 


HISE  A  POSTE  IHDIVIDUELLE 

On  ne  se  ordoccupe  dans  ce  cas  que  do  la  mise  A  poste  du  premier  satellite,  puisque 
le  transfert  du  second  sera  identique  en  manoeuvres  et  en  coflt  si  l'on  choisit  judi- 
cieuseaent  1' instant  du  deuxidme  lancement.  Rnppelons  qu'aucune  contrainte  n'est 
imposde  A  1' ascension  droite  Ri  du  noeud  ascendant  de  l'orbite  finale  du  premier 
satellite,  dont  seulement  4  paramdtres  sont  fixds.  Avec  le  formalisme  adopts  ici,  or, 
considdrera  que  1' angle  A£?=nj.-8()  entre  les  lignes  des  noeuds  initiale  et  finale  du 
transfert  est  un  paramdtre  suppldmontaire  qu'il  faut  determiner.  Il  y  a  done  au  total  4 
paramdtres  continus  A  optimiser  en  bi-impulsionnel,  et  8  en  tri-impulsionnel . 

On  souhaite  maximiser  la  masse  finale  m£  du  satellite  aprds  mise  A  poste,  sa  masse 
initiale  n g  dtant  fixde.  Ces  deux  grandeurs  sont  lides  par  1 'Equation: 


mf  -  AV/W 

—  =  e 

m0 


ob:  -  W  est  la  vitesse  d 'Ejection  des  noteurs  de  mise  A  poste, 

-  AV  est  la  “variation  de  vitesse  caractdristique"  associde  an  transfert 
(somme  des  r.ermcs  des  variations  de  vitesse  du  satellite  produites  par  les 
impulsions). 


Maximiser  it?f  est  done  dquivalent  A  miniraiser  Av<  grandeur  qui  a  le  mdr.tte  d'dtre  indd- 
pondante  des  performances  du  moteur,  reprdsentdes  ici  par  W.  C'ost  done  la  variation  do 
vitesse  caractdristique  av  qui  est  classiquement  choisie  comme  critdre  A  minimiser. 
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La  contrainte  imposant  h  1' altitude  de  pfirig&e  des  diverses  orbites  interm<§diaires 
du  transfert  d'Slre  supSrieure  h  200  km  est  prise  en  compte  pour  les  manoeuvres  a  deux 
comma  &  trois  impulsions.  Par  contro,  la  limitation  A  100  000  km  de  la  distance  entre 
le  centre  de  la  Terre  et  les  points  de  manoeuvre  n'a  de  raison  d'etre  que  dans  le  cas 
du  transfert  tri-impulsionnel .  Elle  est  en  effet  n&cessairement  satisfaite  en  bi- 
impuisionnel,  compte  tenu  de  la  nature  des  orbites  initiale  et  finale  du  transfert. 

En  pratique,  le  transfert  optimal  a  &t6  determine  de  deux  fagons  diff&rentes.  La 
premi&re  technique  employee  a  consist^  &  ne  pas  traiter  AC  comme  un  param&tre  &  optimi- 
ser  mais  comme  une  donnde:  nous  avons  effectud  toute  une  s&rie  d' optimisations  pour  des 
valeurs  de  AC  rdparties  entre  -180°  et  180°.  La  valeur  optimale  de  AC  ainsi  que  celle 
du  coQt  correspondant  sont  ensuite  identif ides  graphiquement.  L'intdrAt  de  cette 
m&thode  lourde  et  peu  prdcise  est  qu'elle  rend  fort  improbable  la  possibility  que  la 
solution  fir.alement  obtenus  ne  soit  pas  l'optimum  global  du  probifeme.  Et  surtout,  les 
rdsultato  de  ce  balayaga  permettront  de  rdsoudre  aussi  le  probl&me  de  la  mise  A  poste 
couplde.  Par  ailleurs  nous  avons  dgalement  effectud  une  optimisation  compldte  (A  AC 
libre)  pour  confirmer  et  affiner  la  solution  fournie  par  la  premi&re  mdthode. 


Transfert  bi-impulslonne! 

La  technique  de  balayage  permet  de  tracer  l'dvolution  du  coQt  du  transfert  optimal 
en  fonction  de  Ac  (figure  3).  En  rdalitd,  quelque  soit  la  valeur  de  ce  param&tre,  le 
logiciel  d' optimisation  converge  toujours  vers  plusieurs  solutions  (gdndralement  deux), 
selon  1' initialisation  qui  lui  a  dtd  fournie.  Seul  le  coQt  de  la  plus  dconomique 
d' entre  elles  a  dtd  reprdsentd. 


* 


A V  optimal  (m/s) 


AO  O 


Fig.  3:  CoQt  des  transferts  individuels  optimaux 


L'existence  d'optima  multiples  explique  la  prdsence  de  deux  points  anguleux  sur 
cette  courbe.  En  effet,  les  diverses  solutions  obtenues  pour  une  valeur  donnde  de  AC 
appartiennent  A  autant  de  families  d'optima  locaux  dont  les  param&tres  et  le  coQt  sont 
des  fonctions  continues  et  ddrivables  de  AO-  Or  suivant  la  valeur  de  ce  param&tre,  la 
solution  optimale  globale  n'appartient  pas  toujours  a  la  mdme  famille  de  "candidats  A 
l'optimalitdH .  Leo  valeurs  de  AC  pour  lesquelles  se  produisent  les  transitions  corres¬ 
pondent  h  une  discontinuitd  de  pente  de  la  courbe  de  coQt,  et  &  une  discontinuitd  des 
param&tres  optimaux. 

D'autre  part,  on  peut  constater  que,  lorsque  AC  varie,  il  existo  deux  minima  nette- 
ment  marguds  pour  les  valeurs  AC»  -9°  et  AC»  -169°.  La  premi&re  conduit  au  coQt  le  plus 
faible,  soit  AV  ®  2470  m/s.  Ces  rdsultats  sont  enti&rement  confirmds  par  1 'optimisation 
corapl&te  qui  fournit  la  description  prdcise  du  transfert,  visualisd  sur  la  figure  4: 


AC  “  -9.1° 

v0  =  170.4°  AV  =  2472  m/s  l«re  impulsion:  2330  m/s 

vc  «  237.7°  2®me  impulsion:  92  m/s 

p  "  391S0  km 
H  =  1 


La  premi&re  impulsion  reprdsente  96%  du  AV  total  du  transfert.  Elle  est  r&alis&e  au 
voisinage  de  1'apogSe  de  l'orbite  GTO  (v0  =  170.4°),  od  la  vitesse  du  satellite  est  la 
plus  faiblo.  Il  est  alors  particuli&remont  facile  de  modifier  son  orientation  et  de 
faire  passer  le  satellite  sur  une  orbite  interra&diaire  presque  coplanairo  avec  l'orbite 
finale  visde.  Au  point  d' intersection  de  ces  deux  orbites.  la  seconde  impulsion  effec- 
tue  une  correction  minima  pour  compl&ter  la  mise  &  poste. 


Fig.  4:  Transfert  bi-impulsionnel  optimal  (mise  &  poste  individuelle) 


Remarquoi.  que  la  valeur  AD=-9.1°  permet  d'amener  l'apogde  de  l'orbite  GTO  a  proxi¬ 
mity  du  plan  a-,  l'orbite  finale.  C'est  la  configuration  la  plus  favorable  pour  rdaliser 
le  changement  <=  plan,  qui  est  la  partie  la  plus  cofiteuse  du  transfert.  Cette  configu¬ 
ration  peut  natureliement  dtre  obtenue  pour  deux  valeurs  de  AD  distantes  de  180°.  Cela 
explique  1 'existence  du  second  optimum  pour  AD=  -169°.  Son  coQt  est  cependant  plus 
dlevd  puisque  1 ' inclinaison  mutuelie  des  orbites  est  alors  de  70°  environ,  au  lieu  de 
50°  dans  lo  ca3  prdcddent. 

Pour  la  solution  optimale,  l'altitude  de  pdrigde  de  l'orbite  de  transfert  est 
d'approximativement  23  000  km.  II  ne  se  pose  done  aucun  problfeme  de  perturbation  par 
1 'atmosphere.  De  plus,  1' observation  des  points  de  manoeuvre  par  des  stations  terres- 
tres  est  aisde.  L'altitude  de  pdrigde  est  dgalement  supdrieure  a  200  km  pour  toutes  les 
valeurs  de  AD  autres  que  -9.1°. 


Transfert  tri-impulsionnel 


La  courbe  devolution  du  coQt  optimal  en  fonction  de  AD  est  comparable  a  celle 
obtenue  pour  le  transfert  bi-impulsionnel  (figure  3).  Comme  prdeddemment ,  il  exists  en 
fait  plusieurs  families  de  solutions.  L' optimum  global  appartient  a  l'une  ou  a  1' autre 
selon  la  valeur  de  AD-  II  existe  en  consdquence  2  points  anguleux  sur  la  courbe, 
correspondant  a  une  discontinuity  des  paramdtres.  II  est  intdressant  de  noter  le 
transfert  tri-impulsionnel  consomme  systdmatiouement  moins  d'ergol  que  le  transfert  bi- 
impulsionnel,  quelque  soit  la  valeur  de  AD.  Le  minimum  du  cofit  optimal  lorsqu'on  fait 
varier  AD  est  obtenu  pour  AD=-7°.  L'optimisation  directe  des  8  paramdtres  de  la  mise  a 
poste  confixme  ce  rdsultat  et  prdcise  les  caractdnstiques  du  transfert  optimal  corres¬ 
pondant: 


AD=  -6.9° 
v0=  4.6° 

Vf —  243.4° 

ct  =  _6  1  ° 

6  =  -1.1°  AV=2259  m/s 

d  =100  000  km 

pg=  12  390  km 

P2=  56  230  km 

M1=M2=1 


l“re  impulsion:  442  m/s 
2“me  impulsion:  1148  m/s 
geme  impulsion:  669  m/s 


La  premidre  impulsion  est  effectude  a  proximity  du  pdrigde  de  l'orbite  GTO  (vq  = 
4.6°).  Elle  produit  essentiellement  une  montde  de  l'apogde  jusqu'd  une  distance  voisine 
de  la  valeur  maximale  permise  pour  les  manoeuvres  (100  000  km),  sans  modifier  les 
autres  caractdristiques  orbitales.  En  particulier,  le  plan  de  l'orbite  resto  inchangd. 
Les  deux  manoeuvres  suivantes  sont  tout  h  fait  comparables  a  celles  du  transfert  bi- 
impulsionnel.  La  seconde  impulsion,  rdalisde  au  voisinage  de  l'apogde  de  la  premidre 
orbite  de  transfert,  effectue  le  changement  de  plan;  elle  reprdsente  un  peu  plus  de  la 
moitid  du  coftt  total.  La  troisidme  impulsion  assure  la  mise  a  poste  finale  au  point 
d' intersection  de  la  seconde  orbite  de  transfert  avec  l'orbite  visde  (figure  5). 

En  dloignar.t  l'apogde  de  l'orbite  intermddiaire,  la  premidre  manoeuvre  permet  de 
rdduire  nettement  la  vitesse  du  satellite  en  ce  point,  ce  qui  facilite  grandement  le 
basculement  de  plan  rdalisd  par  la  seconde  impulsion.  Son  coflt  a  done  pu  dtre  rdduit  de 
moitid,  de  2380  m/s  a  1148  M/s.  Malgrd  l'ejout  d'une  manoeuvre  prdliminaire  et  l'aug- 
mentation  trds  notte  du  AV  de  la  dernidre  impulsion,  cetto  proeddure  reste  avantageuse 
par  rapport  au  bi-impulsionnel.  Le  gain  global  est  de  213  m/s,  soit  l'dquivalent  de 
quatre  anndes  du  maintien  a  poste  d'un  satellite  SYCOMORES  (3). 
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Quelque  soit  la  valeur  de  A!!,  les  orbite3  intermAdiaires  ont  toujours  une  altitude 
de  pArigAe  supArieure  a  200  km,  comme  dans  lo  cas  du  transfert  bi-impulsionnel .  La 
premiAre  ne  1'est  cependant  que  de  3  km  pour  la  solution  optimale.  La  contrainte  de 
distance  maximale  de  manoeuvre  est  par  contre  systeroatiquement  active.  La  suppression 
de  cette  contrainte  s'accompagnerait  done  de  1 'accroissement  du  paramAtre  d.  Dans  le 
cas  du  transfert  optimal,  un  essai  d' optimisation  a  AtA  fait  en  portant  a  1  000  000  km 
la  valeur  maximale  imposAe  a  ce  paramAtre:  comme  auparavant  cette  limite  a  AtA  attein- 
te.  II  semblerait  done  que  la  solution  optimale  naturelle  consiste  a  faire  passer  le 
satellite  sur  une  orbite  parabolique,  a  rAaliser  le  change!' .-nt  de  plan  a  1' inf  ini  pour 
un  coflt  nul,  et  a  revenir  couper  1' orbite  finale  visAe  sur  un  second  arc  de  parabole. 
On  retrouve  la  le  transfert  optimal  "bi-parabolique"  dAja  connu  pour  des  transferts 
plus  simples  (1). 


AV3=  669  m/s 


Fig.  5:  Transfert  tri-impulsionnel  optimal  (mise  a  poste  individuelle) 


Enfin,  on  peut  remarquer  que  pour  ce  transfert  tri-impulsionnel,  une  impulsion 
assez  importante  (la  premiAre)  est  dAlivrAe  au  voisinage  du  pA  igAe  de  l'orbite  GTO,  ci 
qui  pourrait  s'avArer  gSnant  sur  le  plan  opArationnel  (difficultA  d'Atablir  une  liaison 
directe  avec  des  stations  sol).  C'est  pourquoi  nous  avons  refait  un  calcul  d'optimisa- 
tion  en  imposant  une  altitude  minimale  de  manoeuvre  de  2000  km.  On  constate  que  la 
perte  de  performance  induite  se  limite  a  53  m/s  de  Vitesse  caractAristique  supplAmen- 
taire. 


MISE  A  POSTE  COUPLEE 

Les  deux  satellites  sont  injectAs  srmultanAment  sur  une  mAme  orbite  GTO,  a  partir 
de  laquelle  ils  sent  ensuite  transfArAs  individuellement  vers  leurs  orbites  finales 
respectives.  Nous  avons  vu  qu'il  existe  un  degrA  de  libertA  dans  le  choix  de  leurs 
2x5c10  paramAtres  orbitaux.  La  seule  contrainte  imposAe  aux  ascensions  droites  Dj  et  23 
des  noeuds  ascendants  de  la  premiAre  et  de  la  seconde  orbite  est  de  vArifier: 


02  =  0£  +  180° 


Comme  auparavant,  on  considArera  done  &0  =  0^  -  On  comme  un  paramAtre  supplAmen- 
taire  du  transfert  a  dAterminer.  Par  contre,  la  configuration  de  la  seconde  orbite 
relativement  a  l'orbite  GTO,  dAfinie  par  AO'  =  03  -  Oq,  sera  alors  imposAe  puisque: 


AO'  =  AO  +  180“ 


II  s'agit  done  d'optimiser  AO  et  le  jeu  de  paramAtres  dAfinissant  chaque  transfert, 
soit  au  total  7  paramAtres  continus  en  bi-irapulsionnel  et  )5  en  tri-impulsionnel.  Le 
critAre  que  l'on  soubaite  maximiser  est  toujours  la  masse  finale  m£  de  chaque  satellite 
aprAs  mise  a  poste,  la  masse  totale  mgj  +  rngo  placAe  sur  orbite  GTO  Atant  fix.Ae.  Les 
satellites  SYCOMORES  remplissant  une  fonction  identique,  on  impose  naturellement  que  m£ 
soit  la  m&me  pour  les  deux.  Dans  ces  conditions: 


mf  -  AVi/H  m£  '-  iV2/W 

-  =  e  et  — —  «  e 

m01  >"02 


oA: 


-  W  est  la  vitesse  d'Ajection  des  moteurs  de  misos  a  poste, 

-  AV£  et  &V2  sont  les  coQts  en  vitesse  caractAristique  des  deux  transferts. 


I>i  I.  ^  |li luJi  wl.  I#* 'ifW 
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Par  consequent 


m01  +  "’02  AVf/W 

-  =  e 

mf 


+  e 


AV2/W 


On  peut  ddf inir  une  variation  de  vitesse  caractdristique  fictive  AV  correspondant  a  un 
transfert  unique  conduisant  aux  mfimes  variations  de  masse: 


AVj/W  AV2/W 

m01  f  ra02  AV/W  e  +  e 

-  a  e  done  AV  =  W  Log  - 

2  mf  2 


Maximiser  mf  est  equivalent  a  minimiser  AV,  qui  est  independant  de  la  masse  moi+mQ2 
injeetde  sur  GTO.  C'est  done  AV  que  nous  avons  choisi  comme  indice  de  coQt.  Xl  est 
intdressant  de  noter  que  la  solution  optimale  depend  (un  peu)  de  la  vitesse  d'djection 
W,  contrairement  au  cas  du  transfert  individuel. 

Avant  d'effectuer  1' optimisation  complete  des  7  ou  15  paramdtres  du  transfert,  nous 
avons  traitd  le  problSme  par  simple  exploitation  des  courbes  donnant  le  coflt  optimal 
d'un  transfert  unique  en  fonction  de  AQ,  obtenues  pr6cddemment  dans  le  cas  de  la  mise  a 
poste  individuelle .  En  effet,  pour  une  valeur  donnde  du  paramdtre  AO,  ces  courbes 
donnent  bien  sQr  le  coflt  AVf  du  premier  transfert,  mais  aussi  le  coflt  Av2  du  second, 
puisqu'il  s'agit  de  la  valeur  correspondant  a  AO+180°.  II  est  ainsi  possible  de  calcu- 
ler  le  coflt  global  Av  du  transfert  couple  pour  toute  valeur  de  Afi.  Nous  av'ons  done 
reprdsentd  graphiquement  1' evolution  de  AV  en  fonction  de  Afi  dans  le  cas  des  manoeuvres 
bi  et  tri-impulsionnelles  (figure  6).  Le  trace  aurait  pu  §tre  fait  pour  des  valeurs 
comprises  entre  -90°  et  +90°  seulement,  puisque  la  pdriodicitd  en  AS  du  probiame  de  la 
mise  a  poste  coupiee  est  de  180°.  La  vitesse  dejection  a  dtd  fixde  a  2800  m/s. 


AV  optimal  (m/s) 


Fxg.  6:  Coflt  des  transferts  couples  optimaux 


Les  manoeuvres  tri-impulsionnelles  sont  bien  sQr  plus  economiques  que  celles  a  deux 
impulsions  quelle  que  soit  la  valeur  de  AS,  puisque  c'Atait  ddja  le  cas  pour  la  m;se  a 
poste  individuelle.  Qu'il  s'agisse  des  manoeuvres  a  deux  ou  trois  impulsions,  on 
constate  l'existence  d'un  seul  optimum  pour  une  valeur  de  AS  voisine  de  0°.  L'optimi- 
sation  directe  de  la  mise  a  poste  confirme  les  rdsultats  obtenus  et  fournit  les  valeurs 
exactes  des  variations  de  vitesse  caractdristique  pour  chaque  transfert: 


bi-imoulsionnel: 

AS  =  1.3° 

AV  =  2885  m/s 

A Vf=  2642  m/s 
AV2=  2885  m/s 


tri-imoulslonnel : 

AS  =  0.6° 

AV  =  2423  m/s 

AVj,=  2306  m/s 
AV2=  2535  m/s 


Comme  prdvu,  les  deux  transferts  de  chaque  mise  a  poste  different  par  le  coQt  (et 
done  aussi  par  les  enraetdristiques  des  impulsions).  La  difference  de  AV  se  chiffre  a 
environ  230  m/s,  en  bi  comme  en  tri-impulsionnei.  Cela  se  traduit  par  un  dcart  de  9% 
entre  les  masses  initiales  des  satellites,  juste  aprfes  l'injection  sur  GTO.  Il  faut 
noter  que  dans  l'hypothdse  vraisemblable  d'une  structure  identique  pour  les  deux  satel¬ 
lites,  le  rdservoir  d'ergols  de  l'un  d'entre  eux  est  par  consequent  partiellement 
rempli  au  ddpart. 
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Le  couplage  des  mxses  A  poste  conduit  A  une  augmentation  du  coQt  global  de  413  m/s 
pour  le  transfert  bi-impulsionnel.  Cette  perte  de  performance  trds  nette  fait  perdre 
dans  ce  cas  tout  intdrdt  A  la  procedure  de  lancement  unique.  L' augmentation  du  coOt  est 
plus  raisonnable  pour  le  transfert  A  trois  impulsions:  elle  est  de  164  m/s.  Cela  ne 
semble  cependant  pas  suffisant  pour  faire  de  la  mise  A  poste  couplde  une  solution 
intdressante,  en  raison  de  la  valeur  ddjA  tr&s  dlevde  du  coQt  nominal  (2259  m/s). 


CONCLUSION 

Le  probifeme  de  la  determination  des  manoeuvres  bi  et  tri-impulsionnelles  A  consom- 
mation  d'ergols  minimale  permettant  de  mettre  A  poste  les  deux  satellites  du  concept 
SYCOMORES  a  dtd  traitd  numdriquement  par  une  mdthode  d' optimisation  paramdtnque  par 
gradient  projetd  gdndralisd  mise  au  point  A  1' ONERA.  Cet  algonthme  s'est  montrd  d'un 
emploi  tr&s  satisfaisant  par  son  aptitude  A  converger  rapidement  vers  une  solution 
localement  optimale  quelles  que  soient  les  manoeuvres  proposdes  pour  1' initialiser. 
Grace  a  cotte  robustesse,  il  a  dtd  possible  d'essayer  systdmatiquement  un  grand  nor-ibre 
d' initialisations,  la  meilleure  solution  ainsi  obtenue  dtant  vraisemblablement  1' opti¬ 
mum  global  du  probldme.  D'autre  part,  la  facultd  de  la  mdthode  de  traiter  efficacement 
des  contraintes  s'est  avdrde  utile  pour  optimiser  les  transferts  tri-impulsionnels, 
pour  lesquels  il  est  indispensable  de  limiter  la  distance  maximale  de  1' impulsion 
intermddiaire . 


Il  est  apparu  que  la  procedure  consistant  &  injecter  simultanement  les  deux  satel¬ 
lites  sur  une  mdme  orbite  de  transfert  geostationnaire  A  la  suite  d'un  lancement  unique 
conduit  A  une  consommation  d'ergols  diffdrente  pour  les  deux  transferts  ultdrieurs. 
Elle  est  dans  tous  les  cas  supdrieure  a  celle  des  manoeuvres  qu'il  est  possible  de 
rdaliser  en  ddployant  les  satellites  en  deux  lancements  distincts,  fails  a  des  instants 
sdpards  par  une  durde  judicieusement  choisie.  La  diffdrence  globale,  qui  se  chiffre  a 
164  m/s  de  vitesse  caractdristique  dans  le  cas  le  plus  favorable  (tri-impulsionnel) , 
semble  trop  importante  pour  faire  de  la  mise  a  poste  couplde  une  solution  acceptable, 
en  raison  du  niveau  ddja  trds  dlevd  de  la  consommation  requise  dans  le  cas  de  la 
technique  des  lancements  sdpards.  La  variation  de  vitesse  caractdristique  minimale,  qui 
est  alors  la  mdme  pour  les  deux  satellites,  est  en  effet  de  2472  m/s  pour  les  manoeu¬ 
vres  a  deux  impulsions,  et  de  2259  m/s  pour  celles  a  trois  impulsions.  Cette  dernidre 
valeur  ddpend  en  fait  de  la  distance  maximale  autorisde  pour  rdaliser  1 'impulsion 
intermddiaire,  la  consommation  dtant  bien  sOr  une  fonction  ddcroissante  de  ce  paramA- 
tre. 


Le  choix  des  transferts  tri-impulsionnels  parait  justifid  par  l'dconomie  d'ergols 
qu'ils  off rent  par  rapport  aux  manoeuvres  a  deux  impulsions.  Cette  dconomie,  qui 
correspond  a  quatre  anndes  du  maintien  a  poste  des  satellites,  compense  avantageusement 
les  difficultds  opdrationnelles  posdes  par  la  rdalisation  de  la  premidre  des  trois 
impulsions.  Le  probldme  provient  de  ce  qu'elle  est  iaite  au  voisinage  du  pdrigde  de 
l'orbite  de  transfert  gdostationnaire.  L'altitude  du  satellite  est  alors  proche  de  200 
km,  et  il  est  par  consdquent  ddlicat  d'assurer  a  ce  moment  des  communications  avec  une 
station  de  contrdle  terrestre.  La  situation  peut  toutefois  Stre  amdliorde  en  iroposant 
une  distance  minimale  de  manoeuvre  supdneure  a  200  km.  Si  l'on  porte  cette  limite 
infdrieure  a  2000  km,  on  ne  ddsoptiraise  le  transfert  que  de  53  m/s. 
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NONCOPLANAR  ORBIT  TRANSFER  OPTIMIZATION  FOR 
AN  AEROASSISTED  SORTIE  VEHICLE 

H . A ,  Karasopoulos  and  R.B.  Norris 
Wright  Research  and  Development  Center,  WRDC/FIMG 
Wright-Patterson  AFB ,  Ohio  45433-6553,  USA 


SUMMARY 


Noncoplanar  orbital  plane  change  trajectories  for  an  aeroasslsted  sortie  vehicle 
(ASV)  from  a  220  nautical  mile  circular  orbit  at  28.5  degrees  inclination  to  a  150 
nautical  mile  circular  polar  orbit  were  optimized,  subject  to  nose  stagnation  tem¬ 
perature  constraints.  Both  synergetic  and  two-impulse-deorbit  aeroassist  trajectories 
were  successfully  optimized,  the  baseline  aeroassisted  sortie  vehicle,  a  double-delta 
lifting  body,  had  a  maximum  hypersonic  L/D  of  3.4.  The  ASV  was  powered  by  a  liquid 
hydrogen/oxygen  rocket  engine.  The  optimized  synergetic  plane  change  trajectory  resul¬ 
ted  in  the  delivery  of  more  pounds  of  payload  to  polar  orbit  than  the  two-impulse- 
deorbit  aeroassist  trajectory.  The  propulsive  4V  expended  by  the  AS V  during  the 
baseline  trajectory  was  less  than  half  the  propulsive  4V  required  by  a  two-impulse, 
al 1 -propul si ve  orbital  transfer  maneuver.  By  adding  propellant  drop  tanks  of 
approximately  half  of  the  gross  weight  of  the  ASV,  the  payload  weight  to  polar  orbit 
was  almost  tripled  with  an  optimal  two-impulse-deorbit  aeroassist  trajectory.  This 
trajectory  provided  more  payload  to  the  final  orbit  for  this  ASV  configuration  than  a 
synergetic  maneuver  preceded  by  an  exoatmospheric  propulsive  plane  change.  To  fully 
utilize  an  L/D  capability  greater  than  3,  the  ASV  must  be  able  to  sustain  maximum  nose 
stagnation  temperatures  up  to  4500  degrees  Fahrenheit. 

1.0  INTRODUCTION 

Since  the  early  sixties,  synergetic  or  aeroassisted  orbital  plane  change  maneuvers 
have  been  studied  by  a  number  of  people  and  independent  organizations,  Including  the 
USAF  Flight  Dynamics  Laboratory.  Today,  orbital  changes  from  low  earth  orbit  (LEO)  to 
high  earth  orbits  (HEO),  particularly  geosynchronous  earth  orbit  (GEO)  are  accomplished 
by  all-propulsive  upper  stages  such  as  the  Centaur  and  the  Inertial  Upper  Stage  (IUS), 
and  rocket  motors  attached  to  the  payload  such  as  a  propulsion  assist  module  (PAM). 

All  velocity  changes  and  orbital  inclination  changes  required  to  transfer  to  the 
required  orbit  are  accomplished  by  a  rocket  engine  burn.  All  of  these  upper  stages  are 
expendable. 

Since  the  early  1970 ' s ,  NASA  has  investigated  reuseable  aeroconf igured  upper  stage 
concepts  that  use  aerodynamic  forces  during  a  pass  through  the  upper  atmosphere  to 
decrease  the  velocity  and,  depending  upon  the  vehicle  configuration  (lifting  shapes), 
perform  small  plane  changes  during  transfer  from  a  high  earth  orbit  to  low  earth  orbit. 
The  maximum  aerodynamic  lift-to-drag  ratio  (L/D)  of  these  concepts  ranged  from  0.25 
for  ballistic  shapes  to  1.5  for  biconic  shapes.  These  studies  showed  that  by 
utilizing  aerodynamic  drag  and  lift  to  decrease  velocity  and  change  the  orbital  plane, 
significant  reductions  in  propellant  and  tankage  weight  could  be  transferred  into 
increased  payload  capability.  This  orbital  transfer  technique  is  called  aerobraking. 

In  1980,  two  NASA  studies  [1,2]  determined  that  ballistic  aeroassisted  orbital  transfer 
vehicle  (AOTV)  concepts  could  realize  a  40£  to  503!  Increase  in  the  payload  delivered  to 
geosynchronous  earth  orbit  by  employing  aerobraking. 

In  1983,  the  Air  Force  sponsored  a  study  [3]  to  evaluate  reuseable  orbital 
transfer  vehicle  concepts  configured  for  maximum  L/D  ratios  from  2  to  2.5.  These 
lifting  body  concepts  used  rocket  propulsion  and  aerodynamic  lift  and  drag  to  perform 
orbital  p’ane  changes  greater  than  40  degrees.  By  using  the  synergetic  plane  change 
technique,  these  high  L/D  concepts  could  perform  large  plane  changes  with  significant 
reductions  in  the  propulsive  energy  (total  velocity  increment,  a V )  compared  to 
al 1 -propul si ve  orbital  transfer  vehicles  (see  Figure  1).  Although  these  high  L/D 
concepts  could  not  carry  as  much  payload  to  high  earth  orbits  as  the  ballistic  AOTVs, 
they  could  execute  large  plane  changes  and  return  to  a  base  in  low  earth  orbit. 


2.0  CONFIGURATION 

The  aerodynamic  configuration  of  the  aeroassisted  sortie  vehicle  (ASV)  is  designed 
to  fly  through  the  Mach  20  to  25  flight  regime  at  a  maximum  lift-to-drag  ratio  (L/D) 
greater  than  3,  allowing  the  vehicle  to  perform  aeroassisted  orbital  plane  changes 
greater  than  50  degrees.  The  ability  to  perform  such  a  large  orbital  plane  change 
gives  the  aeroassisted  sortie  vehicle  great  potential  to  perform  a  variety  of 
atmospheric  and  exoatmospheric  applications  such  as  the  deployment,  recovery,  or  even 
servicing  of  LEO  satellites  with  orbit  inclination  angles  ranging  from  less  tha  28.5 
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vehicle  with  the  ability  to  perform  successive  orbital  overflights  over  a  particular 
area  of  interest  on  the  Earth's  surface.  Due  to  its  high  L/D,  the  ASV  should  also 
have  a  great  downrange  and  crossrange  potential  upon  atmospheric  descent  to  a  landing 
at  a  specific  site  on  earth. 

The  vehicle  configuration,  shown  in  Figure  2,  is  a  classical  double-delta  lifting 
body  featuring  small  leading  edges  for  low  inviscid  drag,  small  outboard  strakes  and  a 
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full-span  body  flap  for  extra  lift  and  longitudinal  stability,  and  twin  outboard 
vertical  fins  for  directional  stability.  The  body  flap  is  divided  into  a  center  flap 
for  extra  trim  control  and  right  and  left  outboard  flaps  for  integrated  pitch  and  roll 
control.  Each  vertical  fin  has  a  trailing  edge  rudder  for  directional  control. 

Additional  concept  features  shown  in  Figure  2  include  an  advanced  liquid  hydrogen 
and  oxygen  rocket  engine  and  landing  gear.  The  rocket  engine  has  a  vacuum  thrust  of 
30,000  pounds  and  a  corresponding  vacuum  Isp  of  470  seconds.  A  passive  thermal 
protection  material  is  utilized  to  allow  the  ASV  to  sustain  stagnation  radiation 
equilibrium  temperatures  up  to  4500  degrees  Fahrenheit  (F) . 

3.0  AERODYNAMICS 

The  longitudinal  aerodynanic  characteristics  of  the  sortie  .ehicle  configuration 
were  estimated  with  the  hypersonic  aerodynmaic  methodologies  in  the  Mark  IV  Supersonic- 
Hypersonic  Arbitrary-Body  Program  (4).  Aerodynamic  coefficients  were  computed  at  Mach 
numbers  of  15,  20,  25,  and  27,  for  altitudes  of  150,000,  175,000,  200,000,  250,000,  and 
270,000  feet.  At  each  flight  condition,  aerodynamics  were  computed  at  angles  of  attack 
from  0  to  40  degrees  in  increments  of  5  degrees. 

Figure  3  shows  longitudinal  stability  and  control  surface  effectiveness  at  Mach  20 
for  an  altitude  of  200,000  (200K)  feet.  The  sortie  vehicle  Is  slightly  unstable  at  low 
anlgcs  of  attack,  and  is  stable  at  the  higher  angles  of  attack  where  the  vehicle  will 
fly  in  the  trimmed  (Cm  •«  0)  conditions.  The  stability  and  control  characteristics  arc 
similar  at  all  the  other  flight  conditions. 

The  characteristics  of  trimmed  lift-to-drag  ratio  at  Mach  20  and  25  arc  shown  in 
Figure  4.  At  Mach  20,  the  maximum  L/D  decreases  from  3.4  at  200K  feet  to  approx¬ 
imately  2.4  at  250K  feet  (Figure  4a),  primarily  due  to  the  increase  in  laminar  skin 
friction  drag  coefficient  which  is  greater  than  50%  of  the  total  drag  coefficient  at 
altitudes  near  250K  feet  and  above.  At  Mach  25  and  270K  feet,  the  maximum  L/D  drops 
below  2  (Figure  4b). 

4.0  NONCOPLANAR  AEROASSISTED  ORBIT  TRANSFER 

Several  past  studies  (5,6]  of  aeroassisted  noncoplanar  orbital  transfer  have  shown 
a  variety  of  trajectories  that  are  optimal  for  certain  conditions.  Figure  5,  from 
Hanson  (5],  presents  three  major  classes  of  acroasslst  trajectories  that  can  be  the 
optimal  minumum  fuel  mode  depending  on  the  characteristics  of  the  flight  vehicle,  and 
on  the  final  orbit  sought. 

The  first  of  these  modes  is  the  one-impulse-deorbit  aeroassist  trajectory,  which 
is  named  the  aeroassist ( 1 ) ,  for  brevity.  A  flight  vehicle  initiates  this  trajectory 
with  a  single  deorbit  boost  that  may  be  applied  out  of  the  orbit  plane.  This  causes 
the  vehicle  to  enter  the  planet  atmosphere  where  it  maneuvers  out  of  its  orbital  plane 
through  execution  of  a  banked  glide.  The  vehicle  then  applies  thrust  to  complete  the 
plane  change  and  to  raise  the  apoapsis  to  the  desired  final  orbital  altitude.  The 
trajectory  ends  with  a  circularizing  thrust  phase. 

The  second  class  of  optimal  aeroassisted  orbital  transfer  trajectories  is  the 
two-lnpulse-dcorblt  aeroassist  trajectory,  or  aeroassist (2) .  To  initiate  this 
trajectory,  the  vehicle  performs  a  transfer  boost  to  raise  its  apoapsis.  A  second 
boost  Is  then  performed  at  apoapsis  to  lower  the  periapsis,  causing  the  vehicle  to 
enter  the  planetary  atmosphere.  The  remainder  of  the  trajectory  is  similar  to  that  of 
the  aeroassistO)  trajectory. 

The  third  node  of  aeroassist  transfer  is  the  acroparabolic  trajectory.  In  theory, 
the  vehicle  boosts  into  a  parabolic  trajectory  and  travels  nearly  an  infinite  distance 
where  it  thrusts  to  change  its  orbit  plane.  The  vehicle  then  returns  to  the 
atmosphere,  utilizing  aerodynamic  drag  to  decelerate  and  to  reach  the  desired  final 
apoapsis.  At  this  point,  the  vehicle  performs  a  small  thrust  to  circularize  the  orbit. 
Reducing  the  maximum  altitude  of  the  acroparabolic  trajectory  to  more  realistic  values 
will  eventually  drive  the  trajectory  towards  the  aeroassist  (2) ,  where  it  becomes 
optimal  to  perform  a  portion  of  the  plane  change  within  the  atmosphere.  Practical 
limits  on  the  duration  of  a  manned  orbit  transfer  for  a  vehicle  like  the  ASV  would 
forbid  the  use  of  an  acroparabolic  trajectory.  This  aeroassist  trajectory  was  therefore 
not  further  investigated  in  this  study. 

In  his  study  of  optimal  aeroassisted  orbit  transfer,  Hanson  (5]  compares  the 
optimality  of  a  number  of  trajectory  classes  for  noncoplanar  transfer  between  circular 
orbits.  Some  results  of  his  work  arc  presented  in  Figure  6.  Hanson  (5),  and  Vinh  and 
Hanson  (6]  (in  earlier  work  on  optimal  aeroassisted  return  from  HEO  with  plane  change) 
found  that  the  optimal  transfer  mode  depends  on  the  maximum  iift-to-drag  ratio  of  the 
flight  vehicle,  the  ratio  of  final  orbital  radius  to  the  radius  of  the  sensible 
atmosphere,  the  desired  plane  change  angle,  nud  the  ratio  of  initial  to  final  circular 
crbft  radius  (n).  In  Figure  6,  AV/V  ie  the  r  n  ^  i  o  i  ^  v  { mmpnf 

required  by  the  vehicle  to  perform  tfie  plane  change  and  the  final  circular  orbit 
velocity . 

For  the  baseline  mission  examined  in  this  study,  an  orbital  transfer  with  a  61.5 
degree  plane  change,  the  value  of  n  is  1.02.  Maximum  L/D  for  the  sortie  vehicle  is  3,4. 
Figures  6a,  6b,  and  6c  present  results  for  flight  vehicles  with  maximum  lift-to-drag 
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ratios  of  1.0,  1.5,  and  2.0,  respectively,  and  for  plane  change  angles  ranging  from  0  to 
50  degrees.  Although  AV  requirements  for  the  ASV  cannot  be  deduced  from  these  plots 
without  unreasonable  extrapolation,  a  general  trend  can  be  observed.  As  L/D  increases, 
the  differences  in  optimality  between  three  of  the  modes  decreases.  These  three  modes 
are  the  one  and  two-itapulse-deorbi  t  aeroasslst  maneuvers  and  the  synergetic  maneuver, 
where  all  the  plane  change  is  accomplished  in  the  atmosphere.  Liberal  extrapolation  of 
these  curves  to  a  plane  change  of  61.5  degrees  and  an  I./D  of  3. A  would  make  all  three 
trajectory  classes  candidates  for  the  optimal  orbital  transfer  node. 

In  Hanson* 8  analysis,  plane  change  can  be  accomplished  during  any  of  the  thrust 
phases  for  both  the  aeroassist ( 1 )  and  aeroasslst  (2)  trajectories.  It  was  also  assumed 
that  the  ncxt-to-last  thrust  phase  applied  in  both  the  aeroasslst ( 1 )  and  aeroasslst (2) 
trajectories  occurred  outside  the  atmosphere.  The  aeroassist  (2)  maneuver  examined  in 
the  study  that  follows  allows  for  plane  change  throughout  the  trajectory  (with  the 
exception  of  the  omall  final  rec irculariznt ion  boost)  and  the  boost  to  final  apoapsls 
which  occurs  within  the  atmosphere. 

The  synergetic  orbital  plane  change  trajectory  is  actually  a  special  case  of  the 
aeroassis t ( 1 )  trajectory,  where  all  the  plane  change  Is  accomplished  within  the 
atmosphere.  Preliminary  findings  for  the  applications  investigated  in  this  report 
indicate  that  there  was  no  significant  advantage  to  performing  the  required  plane 
change  with  the  aeroassist ( 1)  trajectory  compared  to  the  synergetic  maneuver.  Because 
the  aeroassist ( 1 )  trajectory  is  exponentially  more  time  consuming  to  numerically 
optimize  than  the  synergetic  maneuver  (without  promise  of  being  more  optimal  for  the 
baseline  trajectory  examined),  the  ae roassi st ( 1 )  mode  was  not  further  examined  in  this 
effort. 


In  the  literature,  two  restricted  types  of  synergetic  orbital  plane  change  trajec¬ 
tories  ore  often  studied.  These  are  the  acrocrulse  and  the  acroglldc  synergetic 
maneuvers.  Plane  change  is  performed  in  an  aerocruise  trajectory  by  a  constant 
altitude  banked  turn  with  thrust  throttled  during  the  turn  to  equal  drag.  The 
aeroglide  synergetic  maneuver  differs  from  the  aerocruise  in  that  propulsion  it  not 
applied  until  the  entire  plane  change  has  been  completed.  The  synergetic  maneuver 
studied  here  neither  employs  the  aerocruise  restrictions  of  a  constant  altitude  turn 
and  a  throttleable  rocket  engine,  nor  the  aeroglide  assumption  that  all  plane  change  is 
exclusively  performed  aerodynamically . 
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complete  background  of  general  aeroassisted  orbit  transfer  ccn  be  found  in 
t  survey  papers.  Walberg  (7)  provides  an  extensive  review  of  past  work  on 
maneuvers,  missions,  vehicles,  and  related  technology.  The  second  survey 
e  (8),  presents  a  comprehensive  review  of  the  optimization  of  minimum 
orbital  transfer  between  coplanar  and  noncoplanar  orbits. 


5.0  ANALYSIS 


5.1  Numerical  Trajectory  Simulation  and  Optimization  Methods 

The  Optimal  Trajectories  by  Implicit  Simulation  (OTIS)  computer  program  (9,10)  was 
used  to  compute  all  trajectory  results  presented  in  this  paper.  OTIS  is  a  three 
dcgrec-of -f reedora  trajectory  simulation  computer  program  that  employs  nonlinear 
programming  optimization  routines  to  provide  the  code  with  an  advanced  trajectory 
optimization  capability.  OTIS  can  simulate  and  optimize  the  trajectories  of  a  large 
variety  of  flight  vehicles  ranging  from  subsonic  aircraft  to  hypersonic  vehicles  and 
spacecraft.  OTIS  contains  options  to  incorporate  a  general  spherical  or  oblate, 
rotating  or  non-rotating,  planet  model.  A  number  of  gravitational  and  atmospheric 
models  are  also  available  to  the  user. 


This  program  differs  from  traditional  (explicit)  numerical  trajectory  optimization 
techniques  in  that  it  treats  the  equations  of  motion  as  constraints  and  basically 
Iterates  to  find  the  optimal  trajectory  which  satisfies  these  and  other  constraints. 
Including  boundary  conditions.  An  implicit  optimization  procedure  based  on  Hcrmite 
interpolation  is  used  by  OTIS  to  convert  an  optimal  flight  control  problem  to  a 
nonlinear  programming  problem.  OTIS  then  employs  a  nonlinear  programming  package 
called  NPSOL  to  compute  the  optimal  solution.  NPSOL,  developed  by  the  Systems 
Optimization  Laboratory  at  Stanford  University,  utilizes  sequential  quadratic 
programming  methods.  A  thorough  discussion  of  the  formulation  of  the  OTIS  computer 
program  and  of  the  implicit  optimization  techniques  utilized  are  presented  In 
References  9  and  10. 


Many  past  studies  of  the  performance  of  the  synergetic,  or  aeroassisted  orbital 
plane  change  maneuver  have  assumed  constant  L/D,  and  in  some  cases,  constant  angle  of 
attack  and/or  bank  angle.  The  realistic  variance  of  lift-to-drag  ratio  with  altitude 
can  be  quite  large  as  can  be  observed  in  Figure  A.  In  a  recent  study  by  Mease  and 
others  (11],  it  was  found  that  constant  angle  of  attack  does  not  generally  produce 
optimal  results  even  for  the  restricted  case  of  constant  altitude,  aerocruise, 
synergetic  plane  change.  A  number  of  studies  [12,  13,  1A,  151  of  aerocruise, 
synergetic  maneuver  optimization  have  allowed  angle  of  attack  and  bank  angle  to  vary 
along  the  trajectory.  However,  some  of  these  studies  are  based  on  restricted 
optimization  of  one  or  more  prescribed  functions  for  the  control  angles.  Bursey  and 
others  [121  found  optimal  aerocruise  and  aeroglide  synergetic  trajectories  based  on 
angle  of  attack  and  bank  angle  polynomials  of  degree  three  or  less  for  each  major  phase 
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of  the  trajectory.  OTIS  avoids  these  potential  problems  by  utilizing  quintic  spline 
interpolations  of  the  control  angles  at  a  large  number  of  nodes  within  each  phase  of 
1  the  trajectory.  This  feature  effectively  removes  control  angle  restrictions  inherent 

in  many  numerical  optimization  methods,  allowing  for  complete  freedom  oi  the  form  of 
the  optimized  control  schedules. 

Due  to  limited  computer  resources,  numerical  optimization  of  the  entire  synergetic 
trajectory  was  not  performed.  To  save  computation  time,  an  initial  deorbit  velocity 
increment  of  316.6  feet  per  second  was  assumed,  providing  the  ASV  with  an  entry  flight 
path  angle  of  approximately  -.63  degrees  and  a  relative  velocity  of  approximately 
24,683  feet  per  second  at  an  altitude  of  300K  feet.  From  these  initial  conditions,  the 
trajectory  was  simulated  and  optimized.  Propulsion  applied  within  the  atmosphere  was 
modeled  with  finite  thrust  tines  and  atmospheric  pressure  losses.  The  final  AV, 
applied  to  circularize  the  orbit  of  the  acroAssistcd  sortie  vehicle  at  an  apogee  of  150 
nautical  miles,  was  modeled  as  an  impulsive  burn  and  was  determined  by  the  optimization. 
The  synergetic  orbital  plane  change  maneuver  was  therefore  globally  optimized  from  the 
initial  condition  prescribed  at  300K  feet  to  the  final  150  nautical  mile  circular  orbit 
(polar)  conditions. 

The  entire  trajectory  of  the  two-impulsc-deorbi t  aeroasslst  maneuver  was  globally 
optimized.  Simulation  commenced  from  the  Initial  conditions  of  a  220  nautical  mile 
circular  orbit  with  a  28.5  degree  inclination  and  ended  at  the  final  conditions  of  a 
150  nautical  mile  circular  polar  orbit.  The  first  three  thrust  phases  were  modeled 
with  finite  thrust  times  and  optimized  by  the  OTIS  computer  program.  Thrust  applied 
within  the  atmosphere  was  corrected  for  atmospheric  pressure  loss.  The  final  velocity 
increment,  applied  to  circularize  the  ASV  at  an  apogee  altitude  of  150  nautical  miles, 
was  modeled  as  an  Impulsive  thrust;  its  magnitude  was  determined  by  the  optimization. 

To  the  best  of  the  author's  knowledge,  no  previous  numerical,  global  optimization  of 
the  entire  two-impulsc-deorbi t  aeroassisted  orbit  transfer  has  previously  been 
completed . 

Initial  and  final  conditions  for  both  types  of  aeroassisted  trajectories  were 
specified  in  terms  of  flight  path  angle,  inertial  velocity,  and  altitude.  Initial 
longitude  was  arbitrarily  set  to  zero.  Initial  latitude  and  heading  angle,  however, 
were  left  free  to  be  optimized  for  each  trajectory.  This  ability  to  optimize  the 
placement  of  the  sortie  vehicle  within  its  orbit  at  the  commencement  of  the  maneuver 
proved  to  be  valuable.  The  initial  orbit  for  all  of  the  trajectories  studied  was 
chosen  to  be  a  220  nautical  mile  circular  orbit  with  an  inclination  angle  of  28.5 
degrees.  The  final  orbit  was  chosen  to  be  a  150  nautical  mile  circular  polar  (90 
degrees  Inclination)  orbit. 

Most  analytical  and  numerical  studies  of  aeroassisted  orbital  transfer  have  assumed 
a  spherical,  non-rotating  Earth  model.  A  1986  study  by  Ikawa  (16]  of  AOTV  txajectorics 
investigated  possible  trajectory  simulation  errors  duo  to  the  non-rotating  planet 
assumption.  It  was  noted  that  numerical  trajectory  simulation  using  the  non-rotating 
Earth  model  caused  velocity  errors  which  gave  dynamic  pressure  (and  hence,  lift  and 
*  drag)  differences  ranging  up  to  10%  to  14%.  Ikawa  found  that  these  differences  may 

cause  underprediction  of  the  final  altitude  and  overprediction  of  the  attainable  orbital 
inclination  change  in  a  non-rotatirg  Earth  analysis.  Ikawa  concluded  that  the  rotating 
Earth  effects  must  be  Included  for  realistic  AOTV  trajectory  simulations. 

In  this  study  of  noncoplanar  ovbit  transfer  optimization,  a  spherical,  rotating 
^  Earth  model  with  an  inverse  square  gravitational  field  and  a  1976  U.S.  Standard 

Atmosphere  were  exclusively  used.  This  analysis  also  assumed  that  the  aeroassisted 
sortie  vehicle  maintained  zero  slideslip  throughout  all  of  its  trajectory.  Because  of 
the  high  speeds  involved  in  aeroassisted  orbit  transfer,  heating  constraints  were 
incorporated  in  the  trajectory  optimization  for  realistic  results.  Hence,  all 
trajectories  examined  in  this  study  were  optimized  with  radiation  equilibrium 
temperature  constraints. 

5 • 2  Equations  of  Motion 

The  equations  of  motion  used  by  the  OTIS  computer  program  for  the  ASV  trajectory 
analyses  are  given  below  in  flight  path  coordinates  £  6 ] . 
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m  =  Vehicle  mass  flow  rate 

m  =  Vehicle  mass 

V  °  Earth  relative  velocity  magnitude  (speed) 

0  =  Heading  angle,  clockwise  from  North 

y  =  Flight  path  angle,  positive  up 

r  =  Radius  from  center  of  Earth 

0  =  Longitude,  East  from  prime  meridian 

(6  =■  Latitude 

oE  =»  Earth  rotation  rate 

fa  -  Aerodynamic  force 

Fp  =  Vectored  propulsive  force 

Ag  =  Gravitational  acceleration 


5 • 3  The  All-Propulsive  Plane  Change 


To  show  the  benefits  of  high  „/D  for  an  aeroaesiated  sortie  vehicle  to  perform  the 
baseline  plane  change  to  a  150  nautical  mile  polar  orbit,  the  theoretical  propulsive 
energy  of  the  ASV  can  be  compared  to  that  required  by  an  all-propulsive  orbital 
transfer  vehicle  (OTV)  to  perform  a  two-impulse,  cxoatmosphcrlc  plane  change.  The 
required  propulsive  energy  expended  during  the  plane  change  maneuver  is  expressed  as  a 
theoretical  impulsive  velocity  increment,  AV,  computed  by  the  following  equations. 


AV  =  isp  gQ 


where , 


w 

w° 

lip 

8_ 


Initial  weight  of  the  vehicle 
Final  weight  of  Che  vehicle 

Vacuum  specific  impulse  of  the  rocket  (470  seconds) 
Acceleration  of  gravity  at  a  mean  earth  radius 


(5) 


The  AV  for  the  all-propulsive  orbital  transfer  is  computed  by  the  following  equation. 


AV  =  /V21C  +  v£a  -  2  Vlc  Vta  cos  Ai 


V2c  “  % 


where,  Ai 
V 


lc 


2c 


fp 


Orbital  plane  change  angle 

Inertial  circular  orbital  velocity  (25,145.5  fcet/second) 
at  220  nautical  miles 

Inertial  apogee  velocity  (25,024.  fcet/8ecord)  for  a 
Hohmann  transfer  orbit  between  the  two  circular  orbits 
Inertial  circular  orbital  velocity  (25,389.2  feet/sccond) 
at  150  nautical  miles 

Inertial  perigee  velocity  (25,511.4  feet/second)  for  a 
Hohmann  transfer  orbit  between  the  two  circular  orbits 


(6) 


The  last  two  terms  represent  the  additional  AV  xequired  to  circularize  the  orbit 
at  an  altitude  of  150  nautical  miles. 


6.0  RESULTS 

The  aeroassisced  sortie  vehicle  was  sized  to  perform  a  synergetic  orbital  plane 
change  from  its  space  base  In  a  circular  orbit  at  an  altitude  of  220  nautical  miles 
and  28.5  degrees  inclination  to  a  final  150  nautical  mile  circular  polar  orbit.  Both 
the  synergetic  and  two-inpulse-deorbit  acroaesist  maneuvers  were  optimized  for  this 
trajectory.  Because  the  synergetic  maneuvpr  rrt* jectery  proved  to  uo  optimal  (provided 
more  payload  weight  to  the  desired  final  orbit),  it  was  adopted  os  the  baseline  ASV 
trajectory.  Direct  comparison  between  the  equivalent  synergetic  and  the  two- 
impulsc-deorbit  aeroossist  trajectories  was  not  accomplished.'  When  optimization  of 
the  two-impulse-deorbit  maneuver  was  attempted  for  the  baseline  vehicle,  the 
optimization  routines  caused  the  vehicle  to  initiate  a  synergetic  trajectory. 
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Presented  in  a  later  section  are  results  for  a  modified  vehicle  where  the  two-impulse- 
deorbit  aeroassisted  plane  change  is  the  optimal  maneuver  to  attain  the  final  circular 
polar  orbit. 

The  following  trajectoxy  results  represent  optimized  trajectories  generated  by  the 
Optimal  Trajectories  by  Implicit  Simulation  (OTIS)  computer  program. 

6 . 1  Baseline  Trajectory 


The  details  of  the  baseline  trajectory,,  a  synergetic  orbital  plane  change 
trajectory  from  an  inclination  of  28.5  degrees  to  90  degrees,  are  shown  in  Figure  7. 

The  vehicle  entered  the  sensible  atmosphere  at  an  altitude  of  300X  feet,  with  a 
velocity  of  24,683  feet  per  second,  and  a  flight  path  angle  of  -.63  degrees.  For  the 
baseline  trajectory,  the  radiation  equilibrium  stagnation  temperature  at  the  vehicle 
nose  was  constrained  to  4500  degrees  Fahrenheit  (F).  The  sortie  vehicle  flew  an 
unpowered  descent  for  1421  seconds  (Figure  7a).  The  rocket  engine  was  then  ignited  and 
the  vehicle  climbed  out  of  the  atmosphere.  The  minimum  altitude  at  159,344  feet  was 
reached  at  1440  seconds,  shortly  after  ignition  of  the  rocket  engine,  shown  as  a  sharp 
increase  in  axial  acceleration  in  Figure  7b. 

Optimal  control  of  the  synergetic  plane  change  was  effected  by  the  modulation  of 
angle  of  attack  and  bank  angle  (Figure  7c).  During  the  initial  descent,  the  angle  of 
Ctack  stayed  near  the  value  for  maximum  L/D  (10  to  12  degrees),  and  the  bank  angle 
increased  to  -174  degrees  to  enable  a  quicker  descent  lr.'.o  the  atmosphere  for  greater 
plane  change.  Angle  of  attack  then  increased  to  values  between  18  degices  and  20 
degrees  and  bank  angle  decreased  to  values  between  -80  degrees  and  -60  degrees, 
resulting  in  an  increase  in  the  rate  of  inclination  angle  change  (Figure  7d). 

Throughout  the  trajectory,  angle  of  attack  and  bank  angle  were  optimally  modulated  to 
enable  the  vehicle  to  fly  at  a  maximum  nose  stagnation  temperature  of  4500  degrees  F 
(Figure  7c).  For  optimum  inclination  change  subject  to  a  heating  constraint,  the 
vehicle  flew  at  angles  of  attack  higher  than  that  corresponding  to  maximum  L/D, 
indicating  a  requirement  for  higher  lift  rather  than  maximum  aerodynamic  efficiency. 

It  can  be  scan  from  Figure  7d  that  more  than  half  of  the  required  inclination 
change  was  achieved  before  rocket  ignition.  The  initial  heading  angle  of  90  degrees, 
optimally  determined  by  OTIS,  indicated  that  the  sortie  vehicle  began  atmospheric  entry 
at  an  apex  (maximum  latitude  -  -28.5  degrees)  in  the  orbit.  Total  heading  change  was 
90  degrees  for  this  baseline  trajectory. 

As  shown  in  Figure  7c,  the  wing  leading  edge  stagnation  temperature  reached  a 
maximum  3210  degrees  F  and  the  centerline  static  temperature  reached  a  maximum  2909 
degrees  F.  The  centerline  static  temperature  was  computed  at  a  point  on  the  bottom 
surface  of  the  aeroassisted  sortie  vehicle  5  feet  aft  of  the  nose. 

The  lift-to-drag  ratio  reached  a  maximum  3.04  during  the  unpowered  descent  phase 
and  reached  a  maximum  3.09  during  the  powered  ascent  phase  of  the  trajectory  (Figure 
7f).  Prior  to  rocket  engine  ignition,  the  vehicle  flew  at  an  L/D  near  2.5.  For 
nearly  the  entire  trajectory,  the  vehicle  flew  at  angles  of  attack  higher  than  that 
corresponding  to  the  maximum  L/D  -  on  the  "back  side"  of  the  L/D  curve. 

6 . 2  Effects  of  Varying  Maximum  Temperature  Constraints 

A  series  of  optimized  synergetic  trajectories  were  run  to  determine  the  effect  of 
varying  the  maximum  nose  stagnation  temperature  constraint  on  vehicle  payload  weight  to 
polar  orbit  (Figure  8),  For  the  baseline  trajectory  (maximum  Tnose  "  4500  degrees  F), 
the  sortie  vehicle  carried  2417  pounds  of  payload  to  polar  orbit.  For  a  maximum 
temperature  of  4250  degrees  F,  the  payload  was  only  440  pounds.  For  maximum  nose 
temperatures  of  5000  and  5400  degrees  F,  the  payload  weights  delivered  to  a  150 
nautical  mile  circular  polar  orbit  were  4713  and  5392  pounds,  respectively.  Increasing 
the  maximum  temperature  constraint  allowed  the  vehicle  to  descend  deeper  into  the 
atmosphere,  utilizing  the  higher  L/D,  and  thus  resulting  greater  payload  capability. 

The  sensitivity  of  payload  weight  to  maximum  temperature  (with  respect  to  the 
baseline  trajectory  values)  is  more  acute  at  the  lower  maximum  temperature  constraints 
investigated.  A  5.6%  decrease  in  maximum  allowable  temperature  for  the  baseline 
vehicle  results  in  a  82%  decrease  in  payload  weight.  An  11.1%  increase  in  maximum 
allowable  nose  temperature  for  the  baseline  aeroassisted  sortie  vehicle  increases  the 
payload  weight  delivered  to  the  final  orbit  by  95%. 

6 . 3  Two-Impulse  Aeroassist  with  D*  op  Tanks 

Subjected  to  a  maximum  temperature  constraint  of  4500  degrees  P,  the  baseline 
synergetic  trajectory  resulted  in  2417  pounds  of  payload  delivered  to  a  '50  nautical 
mile  circular  polar  orbit.  To  evaluate  an  increased  payload  capability,  two  external 
drop  tanks  were  Added  to  the  ccroassistcu  sortie  vehicle.  This  tankage  was  arbitrarily 
chosen  to  have  a  weight  of  30,000  pounds,  approximately  half  of  the  gross  weight  of  the 
aeroassisted  sortie  vehicle.  With  an  assumed  mass  fraction  of  .95,  the  drop  tanks 
provided  the  sortie  vehicle  with  an  additional  28,500  pounds  of  propellants  and  an 
additional  AV  capability  of  5513  feet  per  second.  This  simulation  required  the  drop 
tanks  to  be  emptied  and  discarded  prior  to  atmospheric  entry.  For  the  case  of  the 
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tvo-impu Ise-deorbit  aeroassist  trajectory,  the  tanks  were  discarded  after  the  second 
propulsive  maneuver  (See  Figure  5). 

The  two-lmpulse-deorbif  trajectory  was  programmed  to  allow  global  optimization  of 
the  complete  trajectory.  Initial  optimization  efforts  quickly  indicated  that  Che 
aeroassist  (2)  orbital  plane  change  maneuver  was  significantly  more  optimal  than  the 
synergetic  maneuver  for  this  configuration.  Subjected  to  a  maximum  nose  temperature  of 
4500  degrees  F,  the  ASV  with  drop  tanks  delivered  7124  pounds  of  payload  to  polar  orbit 
during  the  tvo-impulse-deorbi t  aeroassist  trajectory.  The  equivalent  synergetic 
maneuver,  preceded  by  an  all-propulsive  plane  change  which  emptied  the  drop  tanks, 
delivered  only  6167  pounds  to  polar  orbit.  Details  of  the  atmospheric  portion  of  the 
nominal  two-inpulse-deorbit  aeroassist  trajectory  arc  presented  in  Figure  9. 

For  the  nominal  aeroaosi st  (2)  trajectory,  the  radiation  equilibrium  stagnation 
temperature  at  the  vehicle  nose  was  constrained  at  4500  degrees  F.  The  vehicle  entered 
the  sensible  atmosphere  at  an  altitude  of  approximately  300K  feet  with  a  velocity  of 
approximately  27,200  feet  per  second  and  flight  path  angle  of  approximately  -2.3 
degrees.  The  minimum  altitude  of  174,581  feet,  and  minimum  velocity  of  19,935  feet  per 
second  were  reached  8970  seconds  into  the  trajectory  (Figure  9a).  At  that  time,  the 
rocket  engine  ignited  and  the  vehicle  climbzd  out  of  the  atmosphere,  as  indicated  by 
the  sharp  rise  in  axial  vehicle  acceleration  in  Figure  9b. 

Optimal  control  of  the  atmospheric  portion  of  the  trajectory,  constrainted  by  a 
maximum  nose  temperature  of  4500  degrees  F,  was  effected  by  the  modulation  of  anjlc  of 
attack  and  bank  angle  (Figure  9c).  Comparison  of  angle  of  attack  values  between  this 
trajectory  and  those  of  the  baseline  synergetic  maneuver  (Figure  7c)  shows  chat  much 
higher  angles  of  attack  are  required  during  the  unpowered  portion  of  the  aeroassist (2) 
trajectory  to  pull  the  vehicle  out  of  the  very  fast  and  steep  atmospheric  entry.  In 
both  cases,  the  vehicle  flew  at  angles  of  attack  much  higher  than  that  corresponding 
to  maximum  L/D  (10  to  12  degrees),  indicating  a  requirement  for  higher  lift. 

As  indicated  in  Figure  9d,  approximately  50.4  degrees  of  inclination  change  was 
accomplished  during  the  atmospheric  portion  of  the  trajectory.  A  considerable  portion 
(over  14  degrees)  of  this  inclination  change  was  obtained  above  200K  feet  during  the 
descent  due  to  Che  very  high  atmospheric  entry  velocity,  characteristic  of  the  two- 
impulse  dcorbit  aeroassist  maneuver. 

The  wing  leading  edge  stagnation  temperature  reached  a  maximum  3692  degrees  F  and 
the  centerline  static  temperature  reached  a  maximum  3328  degrees  F  (Figure  9e).  The 
centerline  static  temperature  was  computed  at  a  point  on  the  bottom  surface  of  the 
aeroassisted  sortie  vehicle  5  feet  aft  of  the  nose. 

The  lift-to-drag  ratio  flown  by  the  vehicle  reached  a  maximum  value  of  2.88  for  a 
few  seconds  during  the  powered  ascent  phase  of  the  trajectory  (Figure  9f).  This  value 
is  approximately  85%  of  the  maximum  L/D  potential  for  the  vehicle.  A  tine-averaged 
value  of  the  L/D  flown  by  the  aeroassisted  sortie  vehicle  below  200K  feet  altitude  was 
approximately  2.4. 

6 • 4  Effects  of  Varying  Maximum  Temperature  Constraints  on  the  Aeroassist (2) 

Orbital  Plane  Change 

A  series  of  optimized  two-impulse-deorbit  aeroassist  trajectories  were  computed  to 
determine  the  effect  of  varying  the  maximum  nose  stagnation  temperature  constraint  on 
vehicle  payload  weight  to  polar  orbit  (Figure  20).  For  the  baseline  trajectory,  the 
sortie  vehicle  carried  7124  pounds  of  payload  to  polar  orbit.  For  a  maximum  tempera¬ 
ture  of  4100  degrees  F,  the  payload  was  only  2207  pounds.  The  payload  weights 
delivered  to  a  150  nautical  mile  circular  polar  orbit  were  12,377  and  15,752  pounds  for 
maximum  nose  temperatures  of  5000  and  5500  degrees  F,  respectively.  Increasing  the 
maximum  temperature  constraint  resulted  in  higher  entry  velocities,  higher  utilized 
L/D,  and  greater  payload  capability. 

In  comparison  with  the  baseline  synergetic  trajectory,  the  30,000  pound  drop  tanks 
increased  the  payload  to  polar  orbit  by  4704  pounds,  approximately  190%.  For  the  5000 
and  5500  degrees  F  nose  temperature  constrained  trajectories,  the  aeroassist  (2)  maneuver 
with  added  drop  tanks  increased  the  payload  capability  by  approximately  162%  and  192%, 
respectively.  The  sensitivity  of  Increased  weight  to  increased  maximum  temperature  was 
relatively  high  for  the  entire  range  of  maximum  temperature  constrained  aeroassist (2) 
tralectories  investigated. 

6 . 5  Max  L/D  Vehicle  Trade  Study 

To  evaluate  the  ability  of  different  vehicle  configuration  classes  to  perform  the 
baseline  trajectory,  optimal  synergetic  orbital  transfer  trajectories  to  a  maximum 
final  inclination  angle  were  computed  for  the  baseline  high  L/D  vehicle  (maximum 
!/*>  -  3.4),  c  medium  (relative)  L/D  venicle  (maximum  L/D  ■  3.0),  and  a  low  (relative) 

L/D  vehicle  (maximum  L/D  -  2.2).  For  each  vehicle,  optimized  trajectories  were 
computed  with  the  maximum  nose  temperature  constraint  ranging  from  3500  degrees  P  to 
5000  degree**  F.  The  payload  was  fixed  at  1000  pounds  for  each  trajectory. 

To  develop  an  approximate  aerodynamic  model  for  the  medium  L/D  vehicle,  the  axial 
force  coefficient  of  the  baseline  vehicle  at  zero  angle  of  attack,  Mach  20,  and  an 
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altitude  of  200K  feet  was  increased  by  30% .  This  Increment  was  then  added  to  the  axial 
force  coefficient  at  each  angle  of  attack  for  each  Mach  number  and  altitude  condition. 

To  develop  an  approximate  aerodynamic  model  for  the  low  L/D  vehicle,  the  axial  force 
coefficient  of  the  baseline  vehicle  at  zero  angle  of  attack  for  the  same  conditions  as 
above  was  increased  by  1001.  This  increment  was  then  added  to  the  axial  force 
coefficient  at  each  flight  condition.  Also,  the  normal  force  coefficient  at  each 
condition  for  the  low  L/D  vehicle  was  scaled  by  a  factor  of  0.9.  The  resultant  values 
of  L/D  for  all  three  vehicles  at  Mach  20  end  an  altitude  of  200K  feet  arc  presented  in 
Figure  11. 

The  synergetic  plane  change  trajectory  for  the  high  L/D  vehicle  was  essentially 
identical  to  the  baseline  trajectory  presented  in  Figure  7.  For  brevity,  this 
trajectory  is  not  shown.  The  final  orbital  inclination  attained  by  the  high  L/D 
vehicle  was  94.9  degrees  for  the  1000  pound  payload.  The  baseline  trajectory  resulted 
in  2417  pounds  of  payload  delivered  to  polar  orbit.  As  a  result,  increasing  the  final 
inclination  angle  by  4.9  degrees  reduced  the  payload  weight  by  141’  pounds. 

The  baseline  synergetic  plane  change  performance  of  the  medium  L/D  vehicle  is 
presented  in  Figure  12,  Unlike  the  high  L/D  vehicle,  the  medium  L/D  vehicle  flared 
near  230K  feet  and  bounced  out  of  the  atmosphere  to  345K  feet.  It  then  reentered  the 
atnosphe-e  and  flew  an  altitude  profile  similar  to  the  high  L/D  vehicle  (Figure  12a). 
Rocket  v*>gine  ignition  occurred  at  3100  seconds  to  boost  the  vehicle  up  to  the  polar 
orbit  condition  (Figure  12b).  As  the  vehicle  bounced  out  of  the  atmosphere  after  the 
Initial  flare,  the  angle  of  attack  dropped  to  zero  degrees  twice  before  increasing  to 
20  degrees  during  the  descent  to  the  minimum  altitude  (Figure  12c).  As  the  angle  of 
attack  dropped  to  zero,  the  L/D  dropped  to  -0.25  (Figure  12d).  For  this  trajectory, 
the  medium  L/D  vehicle  reacvcd  a  final  inclination  of  91.9  degrees. 

For  the  low  L/D  vehicle,  the  baseline  synergetic  plane  change  performance  to  polar 
orbit  (Figure  13)  showed  trends  similar  to  those  of  the  medium  L/D  vehicle.  Both 
vehicles  skipped  out  of  the  atmosphere  before  reentering  and  performing  the  plane 
change,  possibly  indicating  that  the  assumed  initial  deorbit  AV  was  not  optimal.  These 
two  dips  into  the  atmosphere  were  approximately  centered  about  two  different  nodes  in 
the  orbit,  with  the  first  dip  providing  only  a  couple  of  degrees  of  Inclination  change. 
The  low  L/D  vehicle  reached  a  final  inclination  of  only  83.9  degrees. 

The  final  inclination  angle  attained  by  each  vehicle  as  a  function  of  the  maximum 
nose  temperature  constraint  is  presented  in  Figure  14.  Between  the  4000  degree  F  and 
3500  degree  F  constraints,  the  high  L/D  vehicle  and  the  medium  L/D  vehicle  reached 
approximately  the  same  final  inclination,  implying  that  the  high  L/D  vehicle  could  not 
take  full  advantage  of  its  aerodynamic  performance  capability.  As  the  temperature 
constraint  was  increased  above  4000  degrees  F,  the  high  L/D  vehicle  was  able  to  attain 
Increasingly  larger  values  of  the  final  inclination  angle,  compared  to  the  medium  and 
low  L/D  vehicles,  respectively.  The  payoff  of  higher  attainable  final  inclination 
angle  for  greater  maximum  temperatures  decreased  for  all  three  vehicle  classes  as 
maximum  temperature  constraints  increased. 

To  carry  a  1000  pound  payload  from  its  base  at  an  inclination  of  28.5  degrees  to 
polar  orbit,  a  sortie  vehicle  with  a  nosecap  material  capable  of  sustaining  radiation 
equilibrium  stagnation  temperatures  up  to  4500  degrees  F  need  only  to  have  a  maximum 
L/D  of  3.0.  This  implies  that  nose  and  leading  edge  radii  on  the  vehicle  can  be  larger 
than  those  for  a  vehicle  with  a  maximum  L/D  of  3.4,  which  will  also  result  in  reduced 
temperatures.  To  carry  larger  payloads  to  polar  orbit,  a  vehicle  with  a  larger  maximum 
L/D  is  required. 

6 . 6  Comparison  with  an  All-Propulsive  Plane  Change 

The  theoretical  impulsive  AV  capability  and  the  AV  required  for  all-propulsive 
orbit  transfer  are  computed  by  equations  5  and  6,  respectively.  Without  payload,  the 
aeroassisted  sortie  vehicle  alone  has  a  AV  capability  of  12,817  feet  per  second. 
Depending  on  the  maximum  temperature  constraint  imposed  on  the  sortie  vehicle,  this  AV 
capability  allows  the  ASV  to  place  significant  payload  weight  into  polar  orbit.  For 
the  synergetic  baseline  trajectory  subjected  to  a  maximum  nose  stagnation  temperature 
of  4500  degrees  F,  the  aeroassisted  sortie  vehicle  can  transport  2417  pounds  of  payload 
from  a  circular  220  nautical  mile  28.5  degree  inclined  orbit  to  a  150  nautical  mile 
circular  polar  orbit.  This  trajectory  required  a  theoretical  velocity  impulse  of 
11,525  feet  per  second  (equation  5).  Placement  of  the  same  payload  by  a  two-impulse, 
all-propulsive  orbital  plane  change  would  require  a  theoretical  velocity  impulse  of 
25,774  feet  per  second  (equation  6).  Furthermore,  an  OTV  having  the  same  AV  capability 
as  the  sortie  vehicle  could  place  n  1000  pound  payload  to  a  final  inclination  of  only 
58.4  degrccc,  instead  of  the  94.9  and  91.9  degrees  achieved  by  the  baseline  high  and 
medium  L/D  sortie  vehicles  constrained  by  a  maximum  nose  temperature  of  4500  degrees  F. 

Adding  propellant  drop  tanks  to  the  aeroassisted  sortie  vehicle  increases  its  AV 
capability  to  18,330  feet  per  second.  This  allows  the  placement  of  7124  pounds  of 
payload  to  polar  orbit  by  the  two-impulse-deorbi t  aeroassist  maneuver  constrained  by  a 
maximum  temperature  of  4500  degrees  F,  An  OTV  with  this  velocity  increment  capability 
can  only  reach  a  final  inclination  angle  of  71.6  degrees  with  a  two-impulse 
all-propulsive  maneuver. 
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CONCLUSIONS 


Noncoplanar  orbital  plane  change  trajectories  for  an  aeroasslsted  sortie  vehicle 
f ron  220  nautical  mile  circular  orbit  at  28.5  degrees  inclination  to  a  150  nautical 
mile  circular  polar  orbit  were  optimized,  subject  to  nose  stagnation  temperature 
constraints.  Both  synergetic  and  tvo-impulse-dcorbit  aeroasslsted  trajectories  were 
successfully  optimized. 

The  synergetic  maneuver,  where  all  of  the  plane  change  occured  within  the  atmos¬ 
phere,  was  found  to  be  more  optical  than  the  tvo-impulse-deorbi t  aeroasslst  maneuver 
for  the  baseline  vehicle  and  trajectory.  The  optimized  synergetic  plane  change 
trajectory  resulted  in  the  delivery  of  2417  pounds  of  payload  to  polar  orbit.  The 
11,525  feet  per  second  of  propulsive  AV  expended  during  this  trajectory  was  less  than 
half  the  propulsive  AV  (25,774  feet  per  second)  required  by  a  two-inpulse,  all- 
propulsive  orbital  transfer  maneuver. 

For  the  baseline  trajectory,  the  two-impulse-deorbit  aeroasslst  trajectory  was  the 
optimal  plane  change  maneuver  for  the  ASV  with  drop  tanks.  The  entire  two-impulse- 
deorbit  acroassisted  orbital  plane  change  trajectory  was  globally  optimized.  Uy  adding 
30,000  pound  propellant  drop  tanks,  approximately  half  of  the  gross  weight  of  the  ASV, 
the  payload  weight  (7124  pounds)  to  polar  orbit  was  almost  tripled. 

The  effect  of  varying  the  maximum  nose  stagnation  temperature  constraint  on  vehicle 
payload  weight  delivery  to  polar  orbit  was  investigated.  Results  showed  a  decrease  in 
sensitivity  at  the  higher  maximum  temperature  constraints  for  both  classes  of 
aeroasslst  trajectories,  with  the  decrease  in  payoff  for  the  synergetic  maneuver  being 
more  pronounced. 

To  evaluate  the  ability  of  different  vehicle  configuration  classes  to  perform  the 
baseline  trajectory,  optimal  synergetic  orbital  transfer  trajectories  to  a  maximum 
final  inclination  angle  with  a  fixed  payload  of  1000  pounds  were  computed  for  three 
different  maximum  L/D  vehicles.  To  fully  utilize  an  L/D  capability  greater  than  3,  the 
ASV  must  be  able  to  sustain  maximum  nose  stagnation  temperatures  greater  than  4400 
degrees  F.  For  a  vehicle  with  a  maximum  L/D  of  2.2  to  carry  1000  pounds  payload  to  the 
baseline  polar  orbit,  the  maximum  nose  stagnation  temperature  must  exceed  4900  degrees 
F. 


Some  general  conclusions  can  be  made  concerning  both  the  synergetic  and  two- 
impulse-dcorbit  acroassist  maneuvers.  For  either  optimum  inclination  change  for  a 
fixed  payload  macs,  or  optimum  payload  weight  for  a  fixed  final  inclination  angle 
subject  to  a  wide  range  of  heating  constraints,  the  sortie  vehicle  generally  flew  at 
angles  of  attack  much  higher  than  that  corresponding  to  maximum  L/D.  This  observation 
indicated  a  requirement  for  higher  lift  rather  than  maximum  aerodynamic  efficiency. 

Increasing  the  maximum  temperature  constraint  allowed  the  aeroasslsted  sortie 
vehicle  to  descend  deeper  into  the  atmosphere,  utilizing  increased  atmospheric  density 
to  perform  the  plane  change  more  quickly  and  efficiently.  Increasing  the  maximum 
temperature  constraint  also  allowed  the  sortie  vehicle  to  fly  at  higher  lift-to-drag 
ratios.  There  is  a  large  performance  payoff  for  increasing  the  maximum  temperature 
constraint.  However,  the  sensitivity  of  this  payoff  decreased  with  increasing  maximum 
temperature,  indicating  the  existence  of  a  limit  where  increasing  the  thermal 
protection  system  of  a  flight  vehicle  would  not  be  worth  the  added  weight  and/or  the 
cost  of  increased  technology  for  passive  thermal  protection  systems. 

It  is  anticipated  that  new  passive  thermal  protection  materials  capable  of 
sustaining  temperatures  up  to  4500  degrees  F  (not  a  defined  boundary)  will  be  available 
by  the  late  1990's.  To  handle  temperatures  above  4500  degrees  F,  active  cooling  will 
be  required,  which  will  likely  be  less  expensive  than  high-technology  materials  for 
passive  cooling. 

A  planned  insertion  of  a  payload  to  polar  orbit  would  be  most  efficiently 
accomplished  by  a  ground  launch  directly  into  the  desired  low  earth  orbit.  However, 
for  fast  response  time  requirements,  to  quickly  service  an  ailing  satellite,  or  for  a 
variety  of  other  applications,  an  acroassisted  sortie  vehicle  based  in  low  earth  orbit 
that  has  the  potential  to  reach  a  large  range  of  orbits  (inclination  ranging  from  at 
least  28.5  degrees  to  90  degrees)  could  be  a  great  asset.  After  account  ng  for  the 
difference  in  additional  structural  and  thermal  protection  system  weight  required  by 
the  sortie  vehicle  to  fly  in  a  high  temperature  environment,  compared  to  the  structural 
weight  of  the  all-propulsive  orbital  transfer  vehicle,  the  sortie  vehicle  will  likely 
have  significantly  more  payload  capability  to  perform  the  baseline  trajectory  to  polar 
orbit . 
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SUMMARY 

This  paper  intends  to  present  an  overview  of  the  requirements  and  concepts  for  the  HERMES  rendezvous  system.  A 
review  of  the  mission  requirements  and  constraints,  mainly  dictated  by  safety  rules  and  man  involvement,  is  first  performed  to 
highlight  the  impact  of  the  vehicle  configurations  and  environment  on  the  definition  of  the  GNC  subsystem.  The  whole  RV 
scenario  from  the  end  of  the  transfer  phase  up  to  the  docking  is  described.  A  particular  attention  is  devoted  to  the  elaboration 
of  guidance  and  control  strategies  for  the  homing  and  the  final  approach  phases.  The  navigation  system  selected  and  designed 
for  HERMES  is  presented,  with  some  emphasis  on  the  GPS  navigation  dedicated  to  the  homing  and  closing  phases  and  the 
optical  navigation  during  the  final  approach.  The  redundant  philosophy  for  the  RV  system  and  the  crew  involvement  in  the 
GNC  and  management  process  arc  also  discussed. 


LIST  of  ACRONYMS 


CFF 

Columbus  Free  Flyer 

CG 

Center  of  Gravity 

CW 

CJohessy-Wiltshire 

DRS 

Data  Relay  Satellite 

FDIR 

Failure  Detection,  Isolation  and  Recovery 

FO/FS 

Fail  Operational  /  Fail  Safe 

GNC 

Guidance,  Navigation  and  Control 

GPS 

Global  Positioning  System 

GPSS 

GPS  Satellite 

HUD 

Head  Up  Display 

IMU 

Inertial  Measurement  Unit 

LOS 

Lign  Of  Sight 

MMI 

Man  Machine  Interface 

RV 

Rendezvous 

RVD 

Rendezvous  and  Docking 

RVS 

Rendezvous  Sensor 

STS 

STar  Sensor 

TDF 

Target  Docking  Frame 

TOF 

T'rgcl  Orbital  Frame 

1  -  INTRODUCTION 

Since  several  years  in  Europe,  a  great  emphasis  has  been  placed  on  the  study  and  the  development  of  new 
technologies  which  should  enable  to  engage  Europe  on  the  path  to  manned  space  flight.  The  three  cornerstones  of  the  related 
preparatory  program  arc  ARIANE  V  for  launching,  COLOMBUS  Free  Flyer  Laboratory  (CFF)  for  orbital  infrastructure  and 
HERMES  which  performs  the  transportation  of  men  and  enables  them  to  intervene  on  the  CFF  infrastructure.  Among  the 
various  challenging  stages  arising  in  the  HERMES -CFF  mission,  the  Rendezvous  and  Docking  operations  are  essential 
technologies  which  must  be  mastered.  These  operations  require  a  complex  Guidance,  Navigation  and  Control  (GNC)  system  to 
ensure,  with  safety  aspects  as  majors  drivers,  the  control,  monitoring  and  supervision  tasks. 

Tltis  paper  intends  to  present  an  overview  of  the  requirements  and  concepts  for  the  HERMES  rendezvous  system.  A 
review  of  the  mission  requirements  and  constraints,  mainly  dictated  by  safely  rules  and  man  involvement,  is  first  performed  to 
highlight  the  impact  of  the  vehicle  configurations  ar.d  environment  on  the  definition  of  the  GNC  subsystem.  The  whole  RV 
scenario  from  the  end  of  the  transfer  phase  up  to  the  docking  is  described.  A  particular  attention  is  devoted  to  the  elaboration 
of  guidance  and  control  strategics  for  the  homing  and  the  final  approach  phases.  The  navigation  system  selected  and  designed 
for  HERMES  is  presented,  with  some  emphasis  on  the  GPS  navigation  dedicated  to  the  homing  and  closing  phases  and  the 
optical  navigation  during  the  final  approach.  The  crew  involvement  in  the  GNC  and  management  process  arc  also  discussed.  A 
large  amount  of  the  concepts  described  in  this  paper  is  not  especially  dedicated  to  the  HERMES-CFF  mission  but  may  be 
applied  to  a  generic  rendezvous  scenario.  So,  the  reader  should  not  be  surprised  if  sometimes  the  generic  terms  "chaser"  and 
"target"  arc  used  instead  of  "HERMES"  and  "CFF". 

2  -  MISSION  DEFINITION  AND  REQUIREMENTS 

2.1  -  In-orbit  Rendezvous  and  Docking  (RVD)  description 

The  in-orbit  part  of  the  RV  mission  between  HERMES  and  the  CFF  space  station  can  be  divided  into  three  main 
phases  :  transfer,  homing/closmg  and  final  approach,  with  their  symmetric  counterparts  :  retreat,  moving  away,  de-orbiting. 
The  reference  scenario  can  be  described  as  follows.  After  the  injection  of  HERMES  by  Ariane  V  in  the  orbital  plane  of  the 
Space  Station,  a  Hohmann  boost  is  achieved  to  transfer  the  space  plane  on  an  orbit  the  apogee  of  which  lies  about  10  km 
below  the  circular  target  orbit,  at  the  altitude  of  450  km.  When  the  apogee  has  drifted  sufficiently  close  to  the  target,  an  other 
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Hohmann  boost  circularizes  the  chaser  orbit.  A  coast  phase  then  follows  for  navigation  needs.  The  next  phase  consists  in 
manoeuvring  HERMES  from  its  transfer  orbit  to  a  hold  point  located  on  the  target  orbit  about  100  m  behind.  This  phase  can 
be  divided  in  two  subphascs  :  the  homing  from  the  transfer  orbit  up  to  a  stable  point  on  the  target  orbit,  1  km  behind,  and  the 
closing  from  this  point  to  an  other  point  at  100  m  from  the  target.  Then,  a  slewing  manoeuvre  puts  HERMES  back  to  the 
target  and  the  acquisition  of  the  optical  navigation  means  is  performed.  If  the  target  is  sun-pointed,  or  if  the  docking  axis  is 
not  pointed  along  the  target  orbit,  a  fly-around  is  required.  The  CFF  sation,  which  is  nominally  sun-pointed,  acquires  an  earth- 
pointed  attitude  during  the  RVD  operation,  so  that  the  fly-around  is  avoided.  The  last  RV  phase  is  the  final  approach  from  100 
m  to  the  docking.  A  hold  point  is  planned  at  20  m  from  the  target  in  order  to  acquire  the  relative  altitude  of  both  vehicles. 
Figure  1  shows  the  reference  RV  profile  drawn  in  the  target  orbital  frame.  The  different  subphases  of  the  RV  mission  arc 
summarized  in  Table  1. 


Distance  from 
the  target 

Subphase 

Operations 

80  km 

SI 

last  transfer  boost 

St  -S2 

coast  phase  -  acquisition  of  the 
target  GPS  measurements 

S2-S3 

vertical  homing  phase 

1  km 

S3 

hold  point 

S3  •  S4 

closing  phase  ('hopping") 

100  m 

S4 

hold  point  ■  slewing  manoeuvre  • 

RV  sensor  acquisition 

S4-S5 

final  translation  (earth-pointed  target) 

20  m 

S4b 

hold  point  •  relativo  attitude 
acquisition 

Ora 

S5 

docking  operations 

Table  1  .  Reference  operation  sequcnccmcnt 


2.2  •  Mission  requirements  and  constraints 

The  RVD  process  is  critical  to  both  crew  safety  and  mission  success  Collision  avoidance  and  safe  separation  arc 
supreme  requirements  for  crew  safety,  and  die  success  of  RV,  docking  and  separation  is  a  prerequisite  for  the  achievement  of 
the  objectives  of  a  servicing  mission.  The  safety  and  mission  assurance  rests  on  a  Fail  Operational  /  Fail  Safe  (FO/FS) 
concept.  In  ease  of  a  single  failure,  the  nominal  operations  continue  by  switching  to  redundant  system  functions.  If  the 
nominal  operation  cannot  be  continued,  the  mission  must  be  achieved  by  repetition  of  nominal  or  contingency  operations.  If 
a  double  failure  on  the  same  function,  or  a  combination  of  critical  single  failures  on  different  functions  occurs,  the  RVD 
mission  is  aborted.  Separation  and  return  to  ground  must  be  achieved  safely. 

Besides  these  safety  constraints,  some  odter  specifications  concerning  the  supervision  by  the  crew  and  the  operation 
timing  have  to  be  taken  into  account.  Each  subsequent  phase  in  llie  approach  scheme  shall  be  released  /  initiated  by  the  crew 
after  verification  of  the  achievement  of  the  previous  phase.  The  approach  strategy  must  include  lime  flexible  elements  to 
allow  for  success  /  system  health  verification  and  decision  making.  During  the  homing/closing  phase  and  die  final  approach, 
die  crew  must  have  a  direct  or  camera-assisted  vision  of  the  target.  The  last  50  meters  and  all  the  manoeuvres  have  to  be 
performed  during  the  orbital  day.  Time  must  also  be  foreseen  at  the  end  of  the  orbital  day  to  undertake  safing  retreat  in  ease  of 
contingency.  Furthermore,  within  these  security  constraints,  the  performances  in  terms  of  crgol  consumption  and  manoeuvre 
precision  must  be  optimized. 

2.3  -  Impact  on  the  GNC  subsystem  requirements 

The  approach  scheme  has  to  be  designed  so  that  if  a  subsequent  manoeuvre  cannot  lie  executed,  the  chaser  will  proceed 
on  a  collision-free  trajectory.  All  possible  natural  trajectories  resulting  from  forced  trajectories  or  dirusting  failing  to  operate 
must  also  be  collision  free.  To  be  unable  to  perform  some  manoeuvre  or  to  achieve  some  trajectory  in  the  first  attempt  must 
not  result  in  the  loss  of  die  mission.  In  particular,  the  guidance  and  control  laws  must  be  robust  enough  to  permit  the 
achievement  of  the  mission  despite  failures  such  as  temporary  loss  of  the  nominal  navigation,  dirusting  failing  on  or 
thrusting  failing  to  operate.  Recovery  by  contingency  operations  must  be  possible.  A  direct  consequence  of  these  constraints 
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is  that  the  honiing/clostng  phase  and  the  final  approach  must  be  closed-loop  controlled  phases.  Homing/closing  and  final 
approach  trajectories  compatible  with  the  safety  rules  as  staled  above  and  optimal  in  terms  of  consumption  have  to  be 
designed. 

It  is  clear  that  the  specifications  in  terms  of  position  and  velocity  dispersions  become  more  and  more  stringent  as  far 
as  the  chaser  approaches  the  target.  Nevertheless,  it  is  worth  noting  that  as  regards  the  operation  management, 
homing/closing  is  a  critical  phase  of  the  RV.  Conirarily  to  the  final  approach,  a  delay  in  the  progress  of  the  operations 
which  is  not  compatible  with  die  robustness  of  the  guidance  and  control  strategies  will  cause  severe  consequences  on  the  RV 
timing  in  terms  of  duration  of  the  mission  as  well  as  consumption. 

3  -  GUIDANCE  AND  CONTROL  CONCEPTS  AND  DESIGN 


3.1  -  Basic  guidance  trajectories 


The  mission  requirements  induced  by  the  safety  constraints  as  stated  in  the  previous  section  must  be  taken  into 
account  for  the  design  of  guidance  trajectories.  The  main  constraints  are  the  following 

-  the  duration  of  the  approach  from  lkm  up  to  the  docking  is  less  than  2  orbital  periods 
■  the  last  50  meters  are  covered  during  the  daylight 

-  up  to  the  last  2.5  meters  of  the  RV,  the  trajectories  are  collision-free  in  the  case  of  thrusters  failing  to  operate 

-  two  hold  points,  at  100  m  and  20  m  behind  the  Space  Station  arc  mandatory 

-  the  crgol  consumption  is  to  be  minimized  as  far  as  possible 

The  guidance  trajectories  arc  calculated  in  the  target  orbital  frame  (TOF)  as  described  on  Figure  2.  The  equations  describing  the 
relative  movement  of  the  chaser  in  the  TOF  can  be  directly  derived  from  die  Kepler  laws  : 


£r 

dtJ 


dt1  dt1  ii  ih 


where  the  following  notations  arc  used 


rr  cardi  center  to  target  vector 
rc  earth  center  to  chaser  vector 
R  relative  position  vector 

Yc  acceleration  induced  on  the  chaser  by  non  gravitational  fore,  s 


Yr  acceleration  induced  on  die  chaser  by  non  gravitational  forces 


When  the  target  is  on  a  circular  orbit  (period  T  =  2rt/to),  a  first  order  expansion  of  the  differential  Kcplcrian  acceleration  leads 
to  the  following  linearized  equations,  named  as  Clohcssy-Wiltshirc  (CW)  equations,  expressed  in  the  TOF 


X-2WZ  =  Y»+lT 
y  +  co5y  =  Yr  +  lT 
z  +  2<oz-3oi2z  =  Yr  +  Yf” 


where  (x,y,z)  arc  the  coordinates  of  the  chaser  center  of  gravity  (CG)  in  the  TOF,  (Y«.  Yr.  Y<)  the  tlirusl  accelerations  of  the 

chaser,  and  (Yf31 .Y^.Y O  include  all  the  other  acceleration  sources  such  as  the  differential  air  drag,  the  CW  second-order 
neglected  terms,  the  differential  '2  term,  ...  The  out-of-plane  motion  can  be  considered  in  a  first  approximation,  as  decoupled 
from  the  movement  in  the  orbit  plane  and  can  be  viewed  as  an  harmonic  oscillator  movement  which  is  quite  easy  to  control.  In 
the  following,  only  the  relative  movement  in  the  target  orbit  plane  will  be  considered. 


X-axis  :  in  the  direction  of  the  target  velocity 
Y-axis  :  perpendicular  to  the  target  orbit  plane 
Z-axis  :  in  the  target  orbit  plane,  towards  the  earth 

Figure  2  :  i arget  Orbital  Frame 


Guidance  trajectories  for  the  homing  phase 

In  the  reference  scenario,  the  first  homing  subphasc  consists  in  transfering  HERMES  from  its  drift  orbit  10  km  below  the 
target  orbit  onto  the  target  orbit,  lkm  behind  the  target.  In  order  to  minimize  the  consumption,  the  thrusts  must  be  delivered 
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along  the  X-axis.  The  problem  then  becomes  that  of  finding  an  acceleration  profile  which  transfers  the  chaser  from  the  initial 
conditions  : 

xo  to  be  defined,  z<>  =  10  (cm,  xo  =  ^-(AZo,  zo  =  0 

2 

to  the  final  desired  conditions  : 


xr  =  -  1  km,  z.r=  xr  =  ir  =  0 


The  resulting  trajectories  will  be  called  admissible.  Thcoritical  admissible  trajectories  can  be  obtained  by  applying  two 
Hohmann  transfer  boosts  each  of  magnitude  ; 

AV,=  —  wAz,  (Az-7.0-zj) 

4 

along  die  X-axis,  separated  by  half  an  orbital  period  (sec  Figure  3).  The  first  boost  must  be  applied  when  : 


Ax  =  Xr-  xo  =  3rr/4  Az 

An  other  homing  transfer  (see  Figure  3)  can  be  performed  with  a  constant  level  X-thrust  of  magnitude 


7,  =  -J-  to2  Az 
4n 

during  one  orbital  period  This  results  in  a  forced  path  which  starts  when 


Ax  =  SfL  Az 
2 


The  duration  of  the  transfer  itself  is  twice  that  of  die  Hohmann  transfer,  but  the  difference  is  only  one  quaier  of  period  if  time  is 
compared  from  the  same  starting  point.  Both  the  resulting  trajectories  arc  safe  w.r.t.  the  thrusting  failing  to  operate  (sec 
Figure  4).  It  is  worth  noting  that  the  above  trajectories  are  both  obtained  with  non  realistic  guidance  acceleration  profiles  In 
order  to  save  crgol  consumpuon  for  controlling  die  trajectory,  the  guidance  laws  must  take  into  account  the  fact  that  the  thrust 
is  delivered  without  amplitude  modulation. 


Let"/.  be  the  achievable  acceleration  which  can  be  applied  to  the  chaser  along  the  X-axis.  The  total  impulse  the  target  must 
receive  : 


corresponds  to  an  overall  thrust  duration  of 


AV„  =  i-coAz 
2 


In  the  case  of  HERMES  (sec  Table  2),  Az  =  10km  yields  Tihr  =  300  s  (compare  widi  the  orbital  period  T  =  5500s). 

The  proposed  approach  consists  in  splitting  the  total  impulse  required  for  die  whole  transfer  into  N  distinct  boosts  of  duration 

T  =  Ttiu-  (see  Figure  5). 

N 

It  can  be  shown  that  periodic  boosts  spaced  by  AT  =  2rt  Iti  to  yieids  admissible  trajectories  The  transfer  duration  becomes' 

2IL-(AT-t). 

CO 

N  =  2  corresponds  to  a  realistic  Hohmann  transfer  while  N  large  corresponds  to  a  contmous-likc  steered  transfer 


The  problem  now  is  to  find  admissible  trajectories  satisfying  the  following  initial  and  final  conditions  * 


Xo  = 

-1000m 

=  -100m 

Zo  = 

0m 

zt  =  0m 

Xo  = 

Om/s 

xi  =  Om/s 

Zo  = 

Om/s 

U  =  Om/s 

The  constraints  on  the  trajectories  are  both  tuning  constraints  .  transtcr  duration  iess  than  one  orbitai  period,  anu  safety 
constraints  .  collision- free  trajectory  after  a  thrusting  failure.  Furthermore,  the  crew  must  have  the  target  in  their  Field  of  view 
during  all  the  transfer.  So,  the  LOS  must  not  be  greater  than  20°.  Different  concepts  which  may  be  applied  for  this  transfer  are 
summarized  and  compared  in  Tabic  3.  A  good  compromise  between  the  various  requirements  is  fulfilled  by  the  hopping 
trajectories  for  which  die  transfer  boosts  arc  performed  along  die  Z-axis.  The  resulting  free  trajectories  arc  ellipses  centered  on 
die  target  orbit.  N-boosts  realistic  trajectories  can  be  calculated  as  for  the  homing  vertical  transfer  As  shown  on  Figure  6,  the 
LOS  requirement  is  not  satisfied  when  a  single  hop  is  performed  widi  N=2.  In  this  case,  two  hops,  which  globally  last  one 
orbital  period,  have  to  be  performed. 
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Figure  3  :  Theoritical  admissible  trajectories 


Figure  4  :  Safe  trajectories  for  the  homing 


AXIS 

THRUS 

HOMNG 

LEVEL 

CLOSING 

EFFICIENCY 

SPECIFIC  IMPULSE 

♦  X 

400  N 

40  N 

1 

300  s 

-X 

40  N 

40  N 

1 

300  s 

±  Y 

20  N 

20  N 

07 

300  s 

iZ 

20  N 

20  N 

07 

300S 

mass  -  23 1 


Table  2  :  HERMES  Propulsion  System 


yL 

i3C 

.celer 

atic 

n 

— 

p 

(t  ) 

(0 

0 

T  AT  (n-1 

AT  T 

(  -3  k  ak+  4  ukstn  ak) 


max 

Y*  X 

Xk-Xf= - 

0) 
max 

2  v  x  x 

zk= — - —  (k-ukcosaO 

0) 

•  max 

xk=yx  t  (  3  k  —  4  ukcos  ak) 

•  max 

Zk=-  2f,  t  uksin  ak 


Ut=sinfcim  (  ai=(k.1)n+«x. 
k  sin  (rt  i  N)  N  2 


Figure  5  :  Realistic  admissible  trajectory  (acceleration  profile  and  equations) 
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DURATION 

AVx 

AVz 

SAFETY 

A Vx  AVx 

1  ORBIT 

0.11  m/s 

086  kg 

0 

- 

X 

z 

AVz  AVz 

1/2  ORBiT 
(2  boosts) 

1  ORBIT 
(continuous 
thrust) 

0 

0.5  nVs 

5.58  kg 

+ 

X 

2 

AVX  AVX 

VARIABLE 
(Function  ol 
AVx) 

0  32  m/s 

2.5  kg 
(duration 

1  orbit) 

2rrVs 

22  3  kg 

X 

ttJlttttlllf 

h 

Z 

NOTA:  AV  AND  CONSUMPTIONS  FOR  AX-  900  M 


Table  3  :  Admissible  guidance  trajectories  for  the  closing  phase  (1km  -  100m) 


2  BOOSTS  TRANSFER 


100  M 


1  KM 


35' 


zt  1  HO!' :  LOS™  =  35° 


100  M  320  M  1  KM 


zt  2  HOPS  :  LOS„  =  18° 


N  BOOSTS  TRANSFER  (N  LARGE) 
_  |  100  M  1  KM 


Figure  6  :  LOS  requirement  analysis 


Guidance  traicctories  for  the  final  approach 

Due  to  timing  constraints,  the  final  approach  is  based  on  forced  paths  along  the  X-axis  from  100m  to  the  docking  The 
analysis  must  be  focussed  on  the  safety  requirement  which  becomes  crucial  during  this  phase.  A  safety  domain  around  the 
target  which  tile  frcc-trajcctorics  must  not  enter  is  first  defined.  A  corner  domain  as  shown  on  Figure  7  lias  been  considered. 
Then  the  safety  criterion  can  explicitly  be  expressed  as  constraints  on  the  instantaneous  axial  velocity  x  : 

x  <  £-  for  x  S  z, 

X 

x£il±2?  forxBz, 

2  Xz, 

with  X  =  -1-  (jj  -  3  Arccos  2- )  =  426  s 

(0  4 

which  cuueapuuua  iu  die  phase  plane  domain  indicated  on  Figure  6.  For  die  HERrviES-CFF  mission,  we  can  take  -  20m, 
With  X  =  500s  for  providing  a  safety  margin,  die  phase  plane  trajectory  of  Figure  9  can  be  performed.  Widi  this  profile,  the 
total  duration  of  the  last  100  meters  is  equal  to  38  minutes  without  a  stop  at  20m,  which  is  quite  compatible  with  the  liming 
constraints. 
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Figure  7  :  Safety  box  around  the  target 


Figure  8  :  Safety  domain  in  the  plane  phase 
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Figure  9  :  Designed  velocity  profile  for  the  last  100  m 


3.2  •  Guidance  and  control  concepts  for  the  homing/closing  phase 

For  the  homing/closing  phase,  two  basic  guidance  schemes  have  been  selected.  In  the  first  one,  the  chaser  is  kept  on  a 
reference  trajectory  by  controlling  both  its  position  and  ns  velocity.  In  the  second  one,  control  boosts  arc  just  performed  so 
as  to  ensure  the  final  kinematic  conditions  as  desired  (position  at  the  desired  location  on  the  target  orbit,  velocity  equal  to 
zero)  without  requiring  a  control  of  the  instantaneous  position  Both  schemes  arc  now  described  and  compared. 

3.2.1  -  Guidance  on  a  reference  trajectory 


The  guidance  on  a  reference  trajectory  is  based  on  the  scheme  shown  on  Figure  10.  The  guidance  trajectories  have  been 
calculated  from  the  CW  equations.  Their  cquauons  can  be  formulated  as  : 


X*  =  AcwX*+Br*  with  Acw  = 


0  I 

0  0 

0  0 

3(0*  -2co 


0 

1 

2(0 

0 


0 

0 

1 

0 


0 

0 

0 

1  - 


where  X<  is  the  desired  kinematic  stale  (position  and  velocity)  of  the  chaser  in  the  TOF  an.  r.  the  guidance  boosts.  For  the 
control  design,  the  relative  position  and  velocity  of  the  chaser  arc  assumed  to  be  perfectly  measured.  Let  SX  =  X-X<  be  the 
difference  between  the  desired  state  and  the  actual  slate.  Its  dynamic  is  described  by  : 


6X  =  Acw  SX  +  B  re  +  perturbations 


where  Tt  is  the  control  acceleration.  The  time  DT  between  two  successive  control  boosts  is  assumed  to  be  constant.  In  the  case 
of  N-boosts  guidance  trajectories  with  N  large,  the  control  boosts  will  be  performed  in  addition  to  the  guidance  boosts.  The 


i 
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control  boosts  can  be  considered  as  discrete  impulsions.  So,  the  continous  equations  describing  the  error  evolution  along  the 
reference  trajectory  may  be  replaced  by  the  following  discrete  ones  :  “ 

SXn.,  =  Aa5X„  +  B<,rn 

with 

SX,,  =  SX(nDT),  rn  =  rt(nDT),  Aa  =  cAcwDT,  Ba  =  eAcw  DT  [j 
An  optimal  state  feedback  r„  =  Ko  SX„  can  be  calculated  by  minimizing  a  quadratic  criterion  of  the  form 

i=I(SxlQSxn+rlRr„) 

D«> 

The  consumption  is  minimized  by  means  of  the  weighting  matrix  R,  while  the  performances  are  obtained  via  the  weighting 
matrix  Q.  For  N  large,  the  steady-state  feedback  K  obtained  as  N  tends  to  infinity  is  quite  sufficient  for  efficiently  controlling 
the  trajectory.  This  feedback  can  be  expressed  as  :■  6 

K  =  (R  +  BjPBa)BlP 

where  P  is  the  positive  solution  of  the  discrete  Riccati  equation 

P  -  AjPAd+  A^PBd(R  +  BjPBd)Ad-  Q  =  0 


reference  trajectory 


Figure  10 :  Guidance  on  a  reference  trajectory 


3.2.2  -  Guidance  to  terminal  point 

In  this  guidance  scheme,  the  reference  trajectory  is  re-adjusted  at  each  guidance  step.  An  admissible  trajectory  going 
through  the  estimated  position  of  the  chaser  and  leading  to  the  desired  final  kinematic  conditions  is  calculated  so  that  no 
position  control  is  required.  A  velocity  correction  is  just  performed.  The  algorithm  is  efficient  because  through  a  given  point 
goes  one  and  only  one  admissible  trajectory  (see  (5]  for  details).  As  the  problem  becomes  singular  near  the  end  point,  the 
guidance  trajectory  must  be  frozen  a  few  steps  before  the  arrival,  and  a  position  control  is  then  required. 

As  regards  the  homing  subphasc,  it  is  possible  to  release  somewhat  the  specification  on  the  end  point  abscissa.  From 
a  given  admissible  arrival  interval  on  the  target  orbit  [xr.xPj,  one  can  enlarge  the  set  of  admissible  trajectories  to  those 
which  finish  inside  this  interval.  Now,  through  a  given  point  (the  estimated  position  of  the  chaser)  go  an  infinity  of 
admissible  trajectories  (see  Figure  12).  The  set  of  all  these  trajectories  is  bounded  by  the  trajectory  arriving  at  xp  and  that 
arriving  at  Xf  .  To  the  first  one  corresponds  the  smaller  nominal  vertical  velocity,  to  the  second  one  the  larger.  Furthermore 
Uicre  exists  a  bi-uruvoque  conespondancc  between  the  end  point  inside  the  arrival  interval  and  the  nominal  vertical  velocity! 
n  order  to  minimize  the  consumption,  the  following  procedure  can  be  followed  :  from  the  estimated  position  of  the  chaser, 

--  -. - — - - -  «>v  vaicuiaieu,  togcuicr  wim  tnc  related  vertical  velocities.  If  the  estimated  vertical 

vc  ocity  of  the  chaser  lies  inside  the  admissible  interval,  only  the  horizontal  velocity  is  corrected.  Otherwise,  the  vertical 
velocity  is  also  corrected  taking  into  account  as  the  reference  velocity  the  closest  bound  of  the  admissible  interval 


admissible  trajectory 


Figure  II  :  Guidance  to  tciminal  point 


TARGET 


ADMlSSlBl  £  TERMINAL 
PONT  INTI  VAL 


SET  Of  ADMISSIBLE 
VELOCITIES  CHASER  ESDMATED 

VELOOTY 


ADMISSIBLE  VERTICAL 
VELOOTY  INTERVAL 


CHASER  ESTIMATED 
POSmON 


Figure  12  :  Release  on  the  end  point  abscissa  specification 


PERFORMANCE  ROBUSTNESS  CONSUMPTION 
(DISPERSION) 


N  BOOSTS  TRANSFER 
(N>  100):  CONTROL 
ON  A  REFERENCE 
TRAJECTORY 


N  BOOSTS  TRANSFER 
(N>  100):  GUIDANCE 
TO  TERMINAL  POINT/ 
VEUDCHY  CONTROL 


CLOSING  (1  KM  TO  10OM) 


Table  4  :  Comparison  of  guidance  concepts  for  the  homing  and  closing  phases 


3.2.3  •  Performances  and  robustness  evaluation 


The  performance  of  both  strategies  in  terms  of  consumption  and  dispersion  box  at  the  terminal  point  as  well  as  their 
robustness  w.r.t.  failures  such  as  navigation  failures,  thrusting  failing  to  operate,  thrusting  failing  on  have  been  evaluated 
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using  adapted  simulation  tools  (see  Table  4).  A  typical  number  of  one  hundred  guidance  and  control  boosts  is  required  in  order 
to  meet  the  specification  in  terms  of  final  dispersion  box,  which  arc  typically  : 


HOMING 
SX  =  1 00  m 
SY  =  8Z  -  1 0  m 
8X  =  2  cm/s 
8Y  =  8Z=2  cm/s 


CLOSING 
8X  =  1 0  m 
8Y  =  8Z  =  5  m 
8X  =  8Y  =  8Z=  1  ent/s 


From  an  algorihmic  point  of  view,  the  guidance  on  a  fixed  trajectory  is  simpler.  However,  with  such  a  strategy,  the 
consumption  is  much  increased  when  the  chaser  moves  away  from  the  reference  trajectory.  For  the  homing  phase,  considering 
a  guidance  to  terminal  point  strategy,  the  release  on  the  end  point  abscissa  specification  induces  an  important  reduction  of  the 
propellant  consumption  As  regards  the  closing  phase,  the  algorithmic  singularity  at  the  end  point  becomes  important  and 
the  release  on  the  final  point  constraints  is  not  desired.  So.  for  this  subphasc,  the  guidance  on  a  fixed  trajectory  is 
recommended  in  the  nominal  mode.  However,  in  a  backup  mode,  a  backup  trajectory  has  to  be  defined  w.r.t.  the  estimated 
chaser  state,  so  that  a  guidance  to  terminal  point  algorithm  should  be  available. 

3.3  -  Control  scheme  for  the  final  approach 

Only  die  dimensioning  phase  from  a  few  meters  from  the  target  up  to  the  docking  is  considered  here.  The  basic  difference  with 
the  previous  phase  is  that  the  relative  altitude  of  the  target  !  the  chaser  must  now  be  controlled.  The  attitude  of  the  target  is 
assumed  to  be  unmeasured  (no  transmission  of  the  target  gyros  information  towards  the  chaser)  bu.  only  estimated  (see 
Section  4  3)  During  this  phase,  the  desired  relative  axial  velocity  is  typically  5  mm/s.  The  most  stringent  specifications  on 
the  kinematic  conditions  at  docking  arc  related  to  the  relative  attitude  and  angular  rate  and  to  the  lateral  position  and  velocity 
of  die  docking  port  center  in  the  target  docking  frame  (TDF)  (see  Table  5).  To  simplify  the  presentation,  only  the  movements 
of  the  chaser  in  die  target  orbit  plane  arc  considered.  The  linearized  equations  of  die  motion  can  be  set  as  • 


|e,=n, 

relative  attitude  (  . 

|U  =  Ty/L-GT  +  pcrl 


lateral  motion 


z  =  :u  +  (X*  -e  Lt)  Gr  +  Lc  Go 
z«=  F,/Mc  +  X-Gr  +  pert. 


axial  motion  j 

lx'c=  F,  /Me 

where  the  following  notations  arc  used 

(x.z) 

(x,z) 

(Xc,Zc) 

Go 
Gr 
G, 

TV 

(Fx.Fi) 

Lc 

Lr 

Me 
h 

As  shown  by  dtese  equations,  the  dynamics  of  the  lateral  deviation  and  the  relative  angular  deviation  of  the  docking  ports  arc 
coupled  Taking  into  account  this  problem,  the  following  gutdancc/control  scheme  has  been  proposed.  The  known 
perturbations  due  to  Coriolis  orbital  accelerations  arc  first  compensated  by  the  guidance  forces.  The  axial  and  lateral 
deviations  ..re  then  controlled  using  prcpoilional-dcnvalc  .dbacks.  The  relative  angular  deviations  arc  controlled  so  as  to 
induce  a  rotational  movement  of  die  chaser  around  its  docking  port,  keeping  it  fixed  in  die  TDF.  Such  a  coordinated  movement 
requires  a  feedback  of  the  relative  attitude  and  angular  rale  on  both  the  torque  and  die  force  command  (see  Figure  14).  This 
guidance  and  control  design  has  bo'm  validated  by  simulations  (see  Figure  15)  taking  into  account  the  estimation  of  the 
required  feedback  variables  from  di'  available  measurements  :  range,  ligns  of  sight  and  relative  attitude  angles  (see  the  next 
section). 


deviation  of  the  HERMES  docking  port  center  from  its  nominal  trajectory  expressed  in  the  TDF 

axial  and  lateral  deviation  rales  of  the  HERMES  docking  port  center  in  die  TDF 

velocity  of  the  HERMES  CG  in  the  TDF 

chaser  angular  rate  Lt  the  TOF 

target  angular  rale  m  the  TOF 

relative  angular  rate 

control  torque  on  the  chaser 

control  forces  on  the  chaser 

distance  from  CG  to  docking  port  of  the  chaser 

distance  from  CG  to  docking  port  of  the  target 

mass  of  the  chaser 

inerua  of  die  chaser 
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v 


AZ<  40mm 
AZ  S  2  mm Is 
A8,£  1.5  4 
AO,  £  0.1  °/s 

Tabic  5  :  Typical  specifications  on  the  kinematic  conditions  for  docking 


Figure  14  :  Control  strategies  for  the  final  approach 


4  -  HERMES  ORBITAL  NAVIGATION 

4.1  -  Navigation  systems,  architecture  and  equipments 

The  long-range  in-orbit  navigation  of  HERMES  is  based  on  the  NAVSTAR  Global  Positioning  System  (GPS)  for  the 
position  and  velocity  estimation  and  on  inertial  measurements  (1MU)  updated  by  Star  Sensor  (STS)  measurements  for  the 
attitude  estimation.  GPS  navigation  will  be  detailed  in  the  next  subsection.  Design  rules  for  the  proposed  altitude  estimation 
can  be  found  m  (2),  As  GPS  is  available  only  with  the  degraded  C/A  civil  code,  die  achievable  performances,  admissible  for 
die  transfer,  does  no  longer  permits  a  precise  and  safe  navigation  near  the  target  and  would  lead  to  an  extra  consumption.  So, 
the  baseline  is  to  perform  the  homing/closing  phase  with  a  cooperative  target  which  delivers  its  own  GPS  information  to 
HERMES.  The  treatment  of  the  GPS  measurements  from  both  HERMES  and  CFF  generates  a  relative  posilion/vclocity 
estimation  sufficiently  precise  to  achieve  a  safe  homing/closing. 

During  the  RV  proximity  operations,  from  a  typical  relative  distance  of  one  hundred  meters  up  to  the  docking,  a 
dedicated  navigation  equipment  is  required  for  taking  over  the  no  more  efficient  relative  GPS  accuracy  and  for  providing 
relative  attitude  measurements  during  the  last  meters.  The  current  baseline  for  such  a  navigation  system  relies  on  optical  RV 
sensors  (RVS),  the  initial  sensor  acquisition  being  required  before  the  final  translation.  Among  the  various  candidate 
technologies,  the  proposed  concepts  are  based  on  CCD  camera  (see  Figure  16)  which  deliver  two  lines  of  sight  (LOS) 
measurements,  a  relative  range  measurement  and  a  relative  attitude  measurement  during  the  last  20  meters. 


VM-IOM-I  ■»««!  »  KOI*.  J  <*— I  u/v-2  JMUCCO  <  "IJA-2  33  -HlMU 
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Actual  and  estimated  lateral  position  of  the  chaser  docking  port  in  the  TDF  (inm) 


Lateral  velocity  of  the  chaser  docking  port  in  the  TDF  (mm/s) 


Actua  and  estimated  lateral  velocity  of  the  chaser  CG  in  die  TDF  (mm/s) 


■p 

rbsmumhiB 

■  I 

■■ 

■■■ 

aee.ee  4m,m 

TIMC  (SEC) 


Actual  and  estimated  relative  altitude  (degrees) 


Figure  15  :  Simulations  for  the  last  meters  approach 
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Figure  16  :  RVS  concept  based  on  CCD  cameras 


The  architecture  of  the  navigation  system  must  take  into  account  the  FO/FS  and  safcty/rcliabilily  criteria  as  well  as 
constraints  on  die  mass  and  the  complexity  of  the  whole  system.  A  compromise  between  these  antagonist  requirements  leads 
to  the  following  sensor  configuration  : 


RVS 

2 

GPS 

2 

IMU 

3 

STS 

2 

HJD 

1 

In  the  case  of  a  double  failure  requiring  an  emergency  re-entry,  a  back-up  mode  compatible  with  re-entry  constraints  and  using 
no  additional  hardware  must  be  defined.  To  cover  the  contingency  of  a  double  GPS  receiver  or  GPS  unavailability,  the  selected 
back  up  mode  is  to  use  the  DRS  measurements  processed  on  ground.  This  is  the  only  ease  where  the  navigation  function  is  not 
performed  autonomously.  The  attitude  estimation  back-up  mode  uses  the  Head-Up  Display  (HUD)  measurements  before  de- 
orbiting  in  order  to  bound  the  attitude  estimation  divergency  and  to  enable  orbital  guidance,  together  with  a  specific 
dcorbiting  strategy  coupled  with  GPS  measurements  for  providing  an  improved  initial  attitude  estimation  to  the  re  entry 
navigation. 

4.2  •  Relative  GPS  navigation  principle 

An  autonomous  on-board  orbit  estimation  is  required  and  thus  HERMES  must  be  able  to  tijxlate  an  orbit  model  by  its 
own  measurement  capabilities.  The  GPS  system  is  the  selected  measurement  mean  for  this  orbit  estimation  The  good 
performances  offered  by  GPS  make  it  probably  oversized  for  the  only  orbital  drift  phase,  but  first,  its  utilization  can  be 
optimized  for  power  management  and  secondly,  it  offers  the  following  mission  oriented  advantages  : 

•  GPS  can  be  used  during  reentry, 

-  Relative  GPS  navigation  technique  provides  an  accurate  navigation  during  the  rendezvous  up  to  100  m  , 

-  Differential  GPS  with  respect  to  a  ground  beacon  can  be  used  during  the  landing. 

The  relative  navigation  principle  using  GPS  will  now  be  described. 

4.2.1  -  GPS  measurements 


The  NAVSTAR  GPS  is  based  on  a  constellation  of  18  satellites  (minimum  number)  placed  on  circular  orbits  at  the 
altitude  of  20000  km.  The  information  delivered  by  each  GPS  satellite  (GPSS)  consist  in  the  current  cphcmcris  of  the  satellite 
and  the  GPS  date.  Comparing  the  GPS  dale  of  the  message  with  the  HERMES  time  yields  the  so-called  pseudo-range 
information  : 

Urn  -  r,  II  +  c  8t 


where  m  is  the  HERMES  absolute  position,  r,  the  GPSS  absolute  position,  5t  the  dcsynclironization  between  HERMES  time 
and  GPS  lime  (the  GPSS  are  all  syncliromzcd)  A  range  rate  measurement  can  also  be  performed  using  the  Doppler  effect  on  the 
GPS  signal  carrier.  Proceeding  by  triangulalion  from  three  pseudo-range  measurements  would  yield  the  desired  absolute 
position  if  5l  =  0.  As  the  HERMES  and  GPSS  clocks  arc  not  synchronized,  a  fourth  pseudo-range  measurement  is  required  to 
recover  a  reliable  position  estimation.  The  triangulalion  accuracy  crucially  depends  on  the  geometric  distribution  of  the  GPSS 


in  visibility.  If  U  is  the  unitary  vector  defining  the  LOS  HERMES-GPSSi,  and  H  die  4x4  matrix 


U,  U2  UJ  U4 


of  the  selected 


1111 


LOS,  then  the  positive  number  : 


mill'll)-1 

(named  as  the  Global  Dilution  of  Precision  (GDOP))  characterizes  the  achievable  positioning  performances  .  the  smaller  it  is, 
the  better  the  localization.  With  more  than  four  GPSS  in  visibility,  a  selection  which  minimizes  the  GDOP  is  recommended 
Otherwise,  in  the  frame  of  a  pure  GPS  point  navigation,  the  position  is  no  longer  observable  due  to  the  clock  drift.  The 
appearance  frequency  of  such  unobservability  conditions  highly  depends  on  the  receiver  antenna  aparturc. 
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The  main  source  of  GPS  measurement  errors  comes  from  the  selective  availability  (SA)  concept  attached  to  NAVSTAR 
procedures  :  for  civil  applications,  a  low  frequency  coded  degradation  is  superposed  to  the  original  signal.  Other  perturbations 
due  to : 

-  die  GPS  receiver  noise, 

-  the  GPSS  cphcmcris  errors, 

-  the  ionosphere  propagation, 

-  the  clock  divergence  between  HERMES  and  the  GPSS. 

are  also  to  be  considered.  Table  6  gives  die  error  allocation  on  the  pseudo-distance  measurements. 


SOURCES 

ERROR  (to) 

SA  ♦  GPSS  ephemens  + 
satellite  clock 

30  m 

user  receiver 

10  m 

ionosphere 

15  m 

Total 

33m 

Table  6  :  Enor  allocation  on  pseudo-range  measurements 
4.2.2  •  Relative  GPS  navigation  filter 

In  die  HERMES  RV  mission,  the  target  is  assumed  to  be  equipped  with  GPS  receivers  and  to  transmit  its  own  dated 
GPS  pseudo-range  to  HERMES.  An  important  improvement  of  the  GPS  absolute  navigation  can  then  be  achieved  by  directly 
subslracling  the  pseudo-range  measurements  of  both  vchiculcs  which  leads  to  the  relative  pseudo-range  "measurement"  . 

u,.  R  +c  5t 

where  R  is  the  relative  position  of  HERMES  and  CFF  in  die  TOF  and  5t  the  clock  desynchronization  between  both  vehicules. 
In  this  operation,  the  slowly  varying  SA  bias  as  well  as  the  propagation  disturbances  and  die  GPSS  cphcmcris  bias  are  nearly 
eliminated.  Residual  errors  due  to  the  non  simultaneity  of  the  chaser  and  target  measurements  arc  negicclable  if  a 
synchronisation  better  than  1  second  is  achieved.  On  the  contrary,  tile  GPS  receivers  noises  are  amplified  by  a  factor  l/2.  In 
order  to  prevent  the  bad  GDOP  configurations  and  to  filter  the  measurement  noise,  an  optimal  filtering  will  be  performed 
through  a  Kalman  filter  using  an  on-board  prediction  model  of  die  chaser  movement  in  the  TOF  (sec  Section  3.1)  A  two-order 
model  of  the  clock  drift  is  integrated  to  the  prediction  model.  The  global  prediction  model  can  be  expressed  as  : 


and  the  measurement  equation  : 


where  the  following  notations  arc  used  : 


X  =  AX+BH+px 
Y  =  C(t)  X  +  py 


X  =  (x,  y,  z,  x,  y,  z,  c  St,  c  St) 

A  AAA- 

U  =  (Y„  7/ 

A 

px 

Y  =  (n,  n,  T3,  uf 


relative  slate  (position,  velocity,  clock  drift) 
estimated  thrusting  accelerations 
estimated  pertutbations  (differential  air  drag) 
relative  pseudo-range  measurement  (linearized) 


with  r,(t)  -  u, .  R  +  c  St  (R  =  (x,y,z)T) 


Acw  0c,2 

'  o3J  ‘ 

A  = 

.  B  = 

Ij.j 

O2.6  0  1 

.  . 

L  00- 

■»T 


:  0,.,  : 

»T  1  0 

U4 


and  die  H's  arc  the  chascr-GPSS  estimated  LOS.  The  unmodclizcd  perturbations  which  must  be  considered  for  designing  the 
Kalman  estimator  arc : 

-  the  error  on  the  thrust  estimate  (including  attitude  estimation  error,  dirustcr  misaligmcnt,  thrust  level  error,  ...). 

-  the  neglected  second-order  terms  in  the  CW  dynamics, 

•  die  residual  term  due  to  the  target  orbit  eccentricity. 

-  the  error  on  the  differential  air  drag  estimation, 

-  the  differential  effect  of  the  J2  gravity  term. 


14-15 


As  seen  above,  the  measurement  errors  essentially  proceed  from  the  GPS  receiver  noises.  It  is  worth  noting  that  the 
measurement  model  is  non  stationary  since  it  varies  w.r.t.  the  selected  GPSS  configuration  A  discretized  linear  prediction 
model  at  a  sample  time  Tf  can  be  used  :■ 

X„,  =  FXn  +  G  U„  +  p^ 

Y„  =  Hr,  X- 

with 

c Tp 

F  =  exp(ATp)  .  G=  j  exp(ACTp- t)).  Bdt 
H0  =  C(nTp) 

which  leads  to  the  Kalman  estimation  procedure  described  in  Table  7  (R  is  the  covariance  matrix  of  die  measurement  noises) 


ESTIMATE 

ERROR  COVARIANCE 

GAIN 

PROPAGATION 

111112153201 

- 

UPDATING 

p:-<i-iw:<i-k.h.>t 

♦  k,rkI 

K„.P;Hl(RilVjtI) 

Table  7  :  Propagation  of  the  state  estimation 


The  optimal  design  results  of  a  compromise  between  the  rejection  of  the  perturbing  accelerations  and  the  filtering  of  the 
measurement  noise.  As  the  perturbing  accelerations  arc  far  from  being  ideal  white  noise,  an  artificial  state  perturbation  matrix 
Qn  must  be  selected  and  tuned  in  order  to  achieve  optimal  performances.  Due  to  the  fact  that  the  perturbation  level  greatly 
varies  during  the  homing/closing,  the  matrix  Qn  cannot  be  constant.  At  the  interface  between  the  transfer  phase  and  the 
homing  phase,  the  error  covariance  matrix  is  transmitted  for  the  initialization  of  the  filter. 


4.2.3  •  Navigation  performance  assessment 


In  order  to  assess  the  navigation  filter  performances,  the  mean  and  the  covariance  of  the  estimator  error  arc 
propagated  along  the  rcfcncc  trajectory  (sec  Section  3.1).  Set  : 


c„  “  x„  -  x„ 

8u„  =  u„-u„ 

Ulo  =  E(c„) 

P«  =  E((ctl-m„)(c11-in„)T| 

or 

R« 


state  estimation  error 

thrust  estimation  error 

mean  value  of  the  estimation  error 

covariance  of  the  centered  estimation  error 

true  covariance  of  the  pcrtuibaltons 

covariance  of  the  GPS  relative  measurements 


Then,  the  error  propagation  is  given  in  Table  3. 


ESTIMATION  ERROR  MEAN 

ESTIMATION  ERROR  COVARIANCE 

PROPAGATION 

UPDATING 

p:-C1-KJI„)P;<1-KJ1a)VK„R  k; 

Table  8  :  Propagation  of  die  estimation  error  mean  and  covariance 

The  global  performance  on  the  i1'1  position  or  velocity  variable  is  obtained  front  the  corresponding  error  mean  in  and  the 
corresponding  diagonal  elements  0?  of  the  error  covariance  matrix  by  the  formula 

worst  case  performance  / 1  '*•  variable  =  m,  ±  3  <S 

Navigation  performance  analysis  during  die  homing  and  the  closing  phases  have  been  carried  out  Figures  17  and  18  show 
typical  propagations  of  die  global  performance  for  each  subphases.  The  chaotic  fluctuations  arc  due  to  the  GDOP  variations  of 
the  selected  GPSS  which  induces  transient  evolutions  of  the  Kalman  filler.  This  clearly  illustrates  the  high  degree  of  non 
stationarity  of  the  estimation  prohlcm. 

4.3  -  Navigation  during  the  final  approach 

The  short  range  relative  navigation  of  HERMES  (from  100  m  to  the  docking)  is  based  on  the  use  of  RV  sensors  which 
provide  one  relative  range  measurement,  two  LOS  measurements  and  three  relative  attitude  measurements  (the  later  during  the 
last  20  meters).  Typical  performances  of  such  sensors  are  shown  on  Figure  19.  The  proximity  operation  can  be  decomposed 
into  two  main  subphascs.  From  100  m  to  20  m,  only  the  relative  position  and  velocity  of  HERMES  center  of  gravity  (CG)  arc 
estimated  via  LOS  and  range  measurements.  The  continuity  with  the  previous  phase  is  guaranted  since  the  estimated  state  and 


*irf5  ...  .  ,  .  velocity  error  [km/s]  *10  positioning  error  /  distance 

elOCity  error  [km/sj  *10  positioning  error  /  distance  r 
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the  prediction  error  model  are  the  same.  In  the  final  path,  from  20  m  to  the  docking,  the  position  and  velocity  of  HERMES 
docking  port  center  in  the  target  docking  frame  (TDF)  must  be  estimated  and  controlled.  Then,  the  measurement  of  the  relative 
attitude  of  HERMES  w.r.t.  the  Space  Station  must  be  taken  into  account.  During  this  phase,  the  HERMES  gyro  measutements 
are  also  used  as  well  as  an  estimation  of  the  absolute  CFF  attitude  in  its  local  orbital  frame. 

To  simplify,  the  problem  of  estimation  will  be  stated  without  considering  the  out-of-plane  motion.  Only  the 
dimensioning  phase  20m  to  0m  is  considcted.  The  notations  correspond  to  those  of  Section  3.3.  The  function  assigned  to  the 
navigation  filter  is  to  deliver  an  estimation  of  the  following  variables  : 

1)  HERMES-largct  relative  attitude  0,  and  target  absolute  angular  rate, 

2)  axial  position  x  and  velocity  x  of  the  HERMES  docking  port  center  in  the  estimated  TDF, 

3)  lateral  position  z  and  relative  velocity  z  of  the  HERMES  CG  in  the  estimated  TDF. 


RANGE  MEASUREMENT  ACCURACY 
(3  sigma.  Log  scales) 


RANGE 


RELATIVE  ATTITUDE  MEASUREMENT  ACCURACY 
(3  sigma,  Log  scales) 


RANGE 


LINE  OF  SIGHT  MEASUREMENT  ACCURACY 
(3  sigma,  Log  scales) 


Figure  19  :  RVS  performances  versus  range 
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For  a  preliminar  evaluation  of  the  achievable  navigation  performances,  an  estimation  filter  has  been  designed  as  a  triple  of 
(os.fl). fiUcrs  for  each  group  of  variables  : 


RELATIVE  ATTITUDE  ESTIMATOR 


relative  attitude  measurement 
HERMES  gyro  measurement 


m 


rang©  measurement 
estimated  axial  acceleration 


AXIAL  POSITION  AND  VELOCITY  ESTIMATOR 


r. 


FILTER  2 


X 

X 


LATERAL  POSITION  AND  VELOCITY  ESTIMATOR 


LOS  measurement  Z„»X(LOS-8,)  . 
estimated  lateral  acceleration  r, 


FILTER  3 


Z 


2 


Tlie  predictor  model  is  given  by  the  dynamical  equations  described  in  Section  3.3.  For  convenience,  the  estimation  of  the 

relative  lateral  velocity  is  replaced  by  that  of  the  relative  velocity  z  of  HERMES  CG  ill  the  estimated  TDF.  The  (a.P)-filtcrs 
equations  then  can  be  written  as  : 


o,  =  nc"-f>r+a,(er-8,) 

Or  =  p,  <er-e,) 

^  A  A 

x  =  x  +  orfxm-x) 

A  A  A 

x  =  Pr(x„-x)  +  r, 

.  ✓N  A 

z  =  Zc  +  LcOc  +(x  +  Lj)Or  +  Oj(zro-z) 

-A  -n 

i<  =  X+  r,  +  Pj(Za-z) 

Owing  to  the  coupling  between  the  altitude  and  the  lateral  velocity  chains,  this  design  is  not  quite  optimal  but  is  expected  to 
be  representative  of  the  actual  on-board  filter  performances.  The  (a,P)-gains  arc  to  be  optimized  so  as  lu  obtain  a  good 
compromise  between  the  filtering  of  RVS  noise  (low  bandwidth  required)  and  the  attenuation  of  the  perturbations  due  to  the 
lack  of  knowledge  on  the  target  angular  movement  (large  bandwith  required).  The  residual  axial  velocity  required  for  the 
docking  mechanisms  fitting  is  a  dimensioning  parameter  :  the  larger  it  is,  the  wider  the  desired  bandwith  An  improvement  of 
the  navigation  performances  can  be  obtained  in  the  case  where  the  target  gyro  measurements  arc  transmuted  to  HERMES 
However,  this  possibility  would  be  investigated  only  if  necessary.  A  less  constraining  mean  for  .educing  the  required 
navigation  bandwith  consists  in  switching  off  the  attitude  control  system  of  the  target  during  the  last  meters  precceding  the 
docking  which  makes  easier  the  estimation  tasks. 

A  covariance  analysis  of  the  navigation  errors  can  be  performed  as  described  in  the  previous  section.  The  main 
prediction  errors  which  must  be  taken  into  account  in  this  analysis  come  from  : 

-  the  guidance  and  control  boosts  misalignments  and  unaccuracics  (calculated  on  a  reference  trajectory), 

-  the  poor  differential  drag  estimation, 

-  die  target  attitude  behaviour, 

-  the  plume  impingement  effects. 

Preliminary  simulation  results  are  shown  on  Figure  20,  which  seem  compatible  with  the  specifications  on  the  kinematic 
conditions  for  the  docking. 
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Figure  20  :  Navigation  performances  :  Final  translation 


5  -  MAN  INVOLVEMENT  IN  THE  RVD  TASKS 

5.1  -  Man  Machine  Interaction  and  Task  Allocation 

RVD  with  intensive  intervention  by  man  has  been  demonstrated  many  times  in  otbil  with  man  acting  as  sensor, 
processor  and  actuator.  However,  the  technology  has  also  made  it  feasible  to  perform  a  completely  automatic  RVD.  Although 
it  is  true  that  automatic  systems  perform  better  than  man  in  tasks  which  require  cither  fast  processing  of  huge  amounts  of  data, 
fast  and  accurate  detection  or  actuation,  continuous  restless  operation  or  operation  in  hostile  environment,  it  must  also  be 
acknowledged  that  some  human  capabilities  are  still  unchallenged  by  the  most  powerfull  automatic  systems.  This  is  due  to  the 
human  ability  to  use  judgement,  to  infer  from  fuzzy  information,  to  react  in  case  of  unexpected  or  unanticipated  events,  to 
leant  from  experience,  to  formulate  new  strategics, 

The  allocation  of  tasks  to  man  and  machine  cannot  be  an  cither/or  process,  i.c.  cither  man  is  better  and  he  is  in 
charge,  or  the  machine  is  better  and  man  is  excluded.  This  approach  has  been  overtaken  by  technological  progress  and  docs 
not  consider  such  important  factors  as  the  requirement  for  the  man  to  be  involved  permanently  in  order  to  be  ready  to  exercise 
his  superior  capabilities  if  necessary.  Moreover,  the  cither/or  approach  does  not  consider  that  the  best  pcrfotmsncc  of  the 
automatic  system  can  only  be  achieved  if  the  real  environment  in  which  it  has  to  operate  actually  corresponds  to  what  was 
forecast  during  its  design.  This  approach  ignores  the  fact  that  man,  although  not  as  accurate  and  efficient  in  some  automatic 
tasks,  can  intervene  just  to  correct  these  unanticipated  deviations  by  superimposing  his  correction  to  the  action  of  the 
machine  in  order  to  achieve  the  desired  performance 

Therefore,  die  allocation  of  tasks  should  rather  be  a  result  of  ar.  integrated  design  process,  Man  and  automatic 
systems  must  then  be  considered  from  die  beginning  with  dicir  capabilities  and  limitations  and  proper  criteria  must  be  defined 
from  which  the  allocation  of  tasks  has  to  be  performed.  The  ultimate  goal  is  to  obtain  a  symbiotic  cooperation  of  man  and 
machine,  in  which  man  and  machine  complement  each  other  in  order  to  obtain  the  safest  passible  system,  and  within  such  a 
system,  to  optimize  the  performance. 

5.2  -  Possibilities  for  man  Involvement  In  the  GNC  tasks 

The  possible  levels  of  involvement  of  the  pilot  in  the  GNC  process  are  shown  in  Figure  21.  Their  arc  related  to  : 

-  the  manual  update  of  the  slate  estimation  (point  1 ), 

-  the  manual  adaptation  of  guidance  parameters  (point  2), 

-  the  manual  guidance  commands  (point  3), 

-  die  manual  control  commands  (point  4), 

-  the  manual  command  of  individual  thrusters  (point  5) 

Pilot  involvement  in  GNC  tasks  may  be  planned  for  nominal  modes  which  arc  not  fully  automatic,  or  for  nominal 
modes  which,  although  being  fully  automatic,  could  benefit  from  the  intervention  of  man  e  g.  to  correct  unexpected  biases,  or 
for  backup  and  emergency  modes  to  replace  a  failed  automatic  system. 

5.3  -  GNC  functions  In  nominal  modes  of  RVD 

On  the  basis  of  die  results  of  past  works  on  unmanned  spacecraft  RVD,  and  taking  into  account  the  requirements, 
capabilities  and  limitations  of  the  automatic  system  and  the  pilot,  a  concept  has  been  proposed  for  the  HERMES  GNC  during 
RVD.  The  concept  assumes  that  in  nominal  modes,  GNC  functions  arc  performed  by  die  automatic  system.  T1  e  pilot  has  the 
role  of  supervisory  control  which  includes  : 

-  involvement  in  the  mission  and  in  the  vehicle  configuration  management  tasks, 

•  monitoring  of  the  operation  of  the  GNC  system,  which  requires  complete  observability,  including  visibility  of 
the  targe:  at  short  d!:i2rrA 

-  cooperation  with  the  automatic  GNC  system  to  correct  small  deviations  (vernier  control). 

The  vernier  control  by  the  pilot  is  explained  with  reference  to  Figure  22.  The  automatic  system  estimates  the  relative  chaser 
position  and  attitude.  The  pilot  compares  these  estimations  with  the  actual  position  and  attitude  as  viewed  via  the  video 
camera  system  and  introduces  an  additional  innovation  to  the  state  update  block.  This  can  be  made  by  superposing  a  dynamic 
pattern  generated  by  the  automatic  system  from  the  state  estimate  with  the  actual  pattern  obtained  by  the  video  camera.  Using 
the  side  stick,  the  pilot  moves  the  artificial  pattern  and  makes  it  coinciding  with  the  real  pattern.  The  motions  of  the  artificial 
pattern  arc  translated  into  innovation  signals  which  are  fed  to  the  slate  update  software  of  the  automatic  system.  In  this 


concept,  the  resources  of  the  automatic  system  arc  fully  used  and  the  pilot  is  called  upon  to  supplement  the  system  by 
correcting  the  unexpected  errors. 

The  required  observability  is  given  to  the  pilot  by  means  of  : 

-  caution  and  warning  function, 

-  synthetic  data  consistent  with  the  current  control  mode, 

-  granting  access  to  all  system  information  on  request, 

-  direct  or  camera-assisted  view  of  the  target  during  the  final  approach  through  the  Crew  Vision  System  (CVS). 

The  supervision  by  the  crew  passes  through  the  Man  Machine  Interface  devices,  ergonomically  arranged  in  the  HERMES 
cockpit.  The  proposed  cooperation  between  man  and  machine  can  be  stated  as  follows.  As  regards  to  the  mission 
management,  highest  authority  for  the  selection  of  mission  objectives  and  strategics  belongs  to  the  ground  and  the  crew.  The 
pilot  sets  strategy  parameters  and  GNC  system  modes  while  the  automatic  system  provides  the  pilot  with  the  necessary  aids  to 
perform  its  role.  Automatic  operation  scqucncement  and  monitoring  is  performed,  the  pilot  giving  go  ahead  commands  at  key 
points.  At  any  time,  the  pilot  has  the  capability  to  override  the  automatic  process.  As  concerns  the  vehicle  management,  the 
machine  performs  the  vehicle  configuration  setting  and  keeping,  including  FDIR,  and  reports  to  the  mission  management 
level  and  to  the  pilot  through  the  MMI.  The  pilot  cooperates  in  FDIR  tasks  and  may  command  vehicle  configuration  changes 
consistent  with  the  selected  operating  mode. 
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Figure  21  :  GNC  system  operability  by  the  pilot 


Figure  22  :  Manual  vernier  control  scheme 


6  -  CONCLUSION 


In  this  paper,  some  concepts  for  the  HERMES  Rendezvous  system  have  been  examined.  A  particular  attention  has 
been  devoted  to  the  description  of  the  mission  requirements  and  constraints,  mainly  dictated  by  the  safety  rules  attached  to  the 
HERMES-CFF  mission.  Strategics  for  the  guidance  and  control  design  during  the  critical  phases  of  the  RV  have  been  analysed 
and  compared  in  terms  of  performances  and  robustness  w.r.t.  failure.  The  navigation  system  selected  and  designed  for  HERMES 
has  been  presented,  with  some  emphasis  on  the  CPS  navigation  dedicated  to  the  homing  phase  and  the  optical  navigation 
during  the  final  approach.  The  crew  involvement  in  the  GNC  and  management  process  has  been  also  discussed. 
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ABSTRACT 

The  paper  briefly  reviews  complex  interactions  between  flexibility,  deployment,  environmental  forces  and  attitude 
dynamics  during  both  steady  state  and  transient  phases.  The  available  literature  on  the  subject  is  cited  through  several 
review  papers  which  would  give  fair  understanding  of  its  present  state.  Parametric  studies  suggest  that  critical  combinations 
of  system  variables  can  drive  the  spacecraft  unstable,  however,  suitable  control  strategies  are  available  to  restore  equilibrium. 
Emphasis  throughout  is  on  methodology  of  approach  to  complex  dynamical  systems  and  analysis  of  results  to  gain  better 
physical  appreciation  as  to  their  response  character.  To  that  end  mathematical  details  are  purposely  avoided.  Evolution 
of  the  field  and  current  challenges  arc  illustrated  through  examples  involving  a  variety  of  configurations  of  contemporary 
interest. 


1.  INTRODUCTION 

Motion  of  a  spacecraft  presents  two  dynamical  aspects  of  interest.  The  most  obvious  one  is  the  trajectory  traced  by  its 
center  of  mass  which  is  governed  by  the  classical  Keplerian  relations.  However,  spacecraft  are  not  point  masses  as  Kepler 
assumed  in  the  analysis  of  planetary  bodies.  They  have  finite  sizes  and  hence  inertias.  Thus  a  satellite  while  negotiating 
a  trajectory  may  execute  rotational  motion  about  its  center  of  mass  commonly  referred  to  as  libration  (Fig.  1).  In  this 
presentation  we  will  be  concerned  with  librational  dynamics  and  stability  of  the  Earth  orbiting  systems. 

There  are  numerous  situations  of  practical  importance  such  as  communications,  scanning  of  cloud  cover  for  weather 
forecasting,  survey  of  earth  resources,  scientific  and  military  observations,  etc.,  where  it  is  desirable  to  maintain  a  satellite 
in  a  fixed  orientation  with  respect  to  the  Earth.  Unfortunately,  even  though  a  spacecraft  may  be  precisely  oriented  at 
launch,  it  tends  to  deviate  from  this  preferred  orientation  under  the  influence  of  environmental  forces  in  the  form  of  the 
solar  radiation  pressure,  interactions  with  the  Earth’s  gravitational  and  magnetic  fields  and,  if  the  spacecraft  happens  to  be 
close  to  the  Earth,  free  molecular  reaction  forces  (Fig.  2).  Internal  motion  of  payload,  astronauts  and  sloshing  propellant 
as  well  as  coupling  of  the  attitude  dynamics  with  the  orbital  and  flexural  mechanics  may  add  to  the  problem.  This  leads 
to  undesirable  librational  motion  which  must  be  controlled  for  successful  completion  of  a  given  mission. 

Several  methods  of  attitude  control  have  been  developed  over  the  years.  Broadly  speaking  they  may  be  classified  as 
active  and  passive  techniques. 

Active  stabilization  procedures  involve  large  expenditure  of  energy  usually  in  the  form  of  microthrustcr  units,  momen¬ 
tum  gyros  and  reaction  wheels.  Sometimes  the  whole  satellite  is  turned  into  a  gyroscope  as  with  the  spin-stabilized  and 
dual-spin  systems.  But  energy  is  a  very  expensive  commodity  aboard  an  instrument  packed  spacecraft.  A  satellite  can 
carry  only  a  limited  amount  of  fuel  (energy)  for  librational  control.  Once  the  energy  supply  is  exhausted  there  is  no  attitude 
control  left,  the  satellite  succumbs  to  the  disturbances,  starts  tumbling  and  the  mission  is  disrupted.  The  spacecraft  has  to 
be  discarded  although  its  structural  and  electronic  systems  may  be  functional.  This,  of  course,  is  quite  extravagant.  It  is 
somewhat  like  discarding  an  expensive  automobile  just  because  it  has  run  out  of  gas  (petrol).  Most  early  communications 
satellites  used  to  have  a  life-span  of  4-7  years  which  is  now  extended  to  &-10  years  thus  requiring  their  periodic  replacement 
at  an  enormous  cost. 

Stabilization  techniques  demanding  very  little  or  virtually  no  power  consumption  are  termed  passive.  This  is  generally 
achieved  by  designing  satellites  with  physical  characteristics  (such  as  booms;  flaps  like  aileron,  elevator  and  rudder  of  an 
airplane;  magnetic  dipoles,  etc.)  which  interact  with  the  environmental  forces  in  a  manner  so  as  to  maintain  a  specified 
orientation.  Environmental  forces  such  as  the  gravity  gradient,  solar  radiation  pressure,  earth’s  magnetic  field  and,  for 
near  earth  satellites,  free  molecular  reaction  forces  are  available  for  ever  at  no  cost.  Modi  et  al.  have  reviewed  the  relevant 
literature  in  two  papers  (1,2)  citing  132  and  223  references,  respectively.  A  subsequent  paper  by  Markland,  primarily  aimed 
at  the  attitude  control  of  communications  satellites,  complements  the  above  two  studies  [3,  47  references). 

The  vast  body  of  literature  reflects  logical  evolution  of  the  spacecraft  design,  the  problems  it  posed  and  the  analyses 
needed  to  explore  their  resolution.  It  can  be  classified  in  a  number  of  ways  depending  on  the  objective,  however,  from 
dynamics  and  control  considerations  following  areas  of  development  appear  distinct: 

(a)  formulation  methodologies  particularly  for  multibody  systems  with  open  or  closed  topology; 

(b)  dynamics  and  control  of :  (i)  rigid  systems;  (ii)  rigid  systems  in  the  presence  of  environmental  forces;  (iii)  systems  with 
flexible  appendages;  (iv)  transient  behaviour  during  deployment  and  retrieval,  evolving  structures  such  as  integration 
of  the  proposed  Space  Station  Freedom ;  (v)  flexible  systems  in  the  presence  of  environmental  forces. 

Objective  here  is  to  briefly  touch  upon  some  salient  features  of  dynamical  performance  through  typical  examples,  each 
representing  a  large  class  of  systems,  with  further  details  left  to  references. 

2.  RIGID  SYSTEMS 

To  help  appreciate  physical  aspects  of  litc  system  dynamics,  we  will  puipuiciy  consider  a  simple  configuration  of  an 
axisymmetric,  gravity  oriented,  nonspinning  satellite  in  a  circular  orbit.  Recognizing  that  the  orbital  perturbations  due  to 
librational  motion  arc  small  (4,5),  the  classical  Keplerian  equations  are  still  considered  valid.  This  leads  to  the  governing 
nonlinear,  coupled  equations  of  motion  for  inplane  (or,  pitch)  and  out-of-piane  (-y,  roll)  degrees  of  freedom  as  [6] 

or  -  2(a  +  O^Tan^i  +  3 tP  K,Co$1t'i SinaCosa  -0, 

T  +  |(d  +  <j)  +  3()J  KiCosta\Sini  Cos~i  =  0.  (l) 

Even  without  solving  these  equations  one  can  get  some  appreciation  as  to  the  regions  of  possible  motion  and  dynamical 
stability  simply  by  studying  the  zero  velocity  plots, 

C„  =  (2 II /IO2)  -  Ki  =  -CosJT(l+3K(Cos!cr), 


(2) 
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Figure  1  A  satellite  describing  a  trajectory  and  un¬ 
dergoing  pitch,  roll  and  yaw  librations. 


Figure  2  A  chart  showing  the  variation  of  environ¬ 
mental  torques  with  altitude  on  GEOS-A 
satellite.  Note,  at  the  geostationary  al¬ 
titude  of  22,300  miles  (36,000  km)  used 
by  communications  satellites,  solar  pres¬ 
sure  and  gravitational  torques  are  of  the 
same  order  of  magnitude.  Similarly  for 
near  earth  satellites  aerodynamic  forces  are 
dominant. 


where,  H,  the  Hamiltonian,  is  a  constant  of  the  motion  as  the  Lagrangian  function  ’oes  not  involve  time  explicitly.  As  the 
velocity  becomes  imaginary  for  a  point  outside  a  zero  velocity  curve,  the  librationai  motion  can  occur  only  when  i  and  a 
lie  inside  the  domain  bounded  by  the  curve.  Thus  for:  Cu  <  -(1  +  3K,),  no  motion  is  possible;  -(1  +  3/C,)  £  Cu  £  -1 , 
motion  is  bounded;  -l  <  C/r  <  0  ,  motion  can  be  unstable  only  in  a  direction;  0  <  Cu  ,  unbounded  motion  is  possible  in 
both  coordinates.  Typical  zero  velocity  curves  in  a,-y-plane  for  K-  =  1  arc  presented  in  Fig.  3. 

Parametric  analysis  of  a  system,  particularly  with  a  large  number  of  variables  and  a  range  of  initial  conditions  of 
interest  makes  presentation  of  results  in  a  concise  form  a  challenging  task.  The  concept  of  invariant  surface  or  integral 
manifold,  generated  by  what  Hdnon  and  Heilcs  [7)  refer  to  as  a  ‘numerical  experiment’,  proves  to  be  quite  attractive  to  this 

end  when  the  governing  equations  have  periodic  coefficient  as  in  the  present  case.  Modi  ct  al.  have  described  the  process 
at  length  in  a  series  of  papers  for  gravity  gradient  [8-101  and  spin-stabilized  satellites  [11,12]  even  in  the  presence  of  solar 
radiation  pressure  [13,14]  and  aerodynamic  forces  |15,16). 

Consider,  for  example,  an  arbitrary  satellite  in  an  elliptic  orbit  of  eccentricity  ‘e’  undergoing  planar  librationai  motion 
governed  by 

(1  +  eCosO)a"  -  2 e(a'  +  1  )SinO  +  3 K,  Sina  Cosa  =  0,  (3) 

where  prime  denotes  differentiation  with  respect  to  0,  the  true  anomaly.  An  initial  point  a  =  a0,  a'  =  a'0,  0  =  0  is  chosen 
and  equation  (3)  integrated  over  2ir.  This  produces  a  “consequent”  point  a  =  a,,  a1  =  a\,6  =  1-  which  may  be  considered 
as  a  new  initial  condition  at  0  =  0.  The  process  may  be  thought  of  as  a  transformation  ,  definea  by  equation  (3),  of  the 
initial  point.  The  new  starting  point  may  itself  be  transformed,  repeatedly,  leading  to  a  scries  of  po.n,s  in  the  a,  or'  -  plane 
at  0  =  0.  If  any  of  the  transformed  points  lies  outside  the  region  -~/2  <  a  <  zr/2,  all  the  points  determined  by  the  process 
lead  to  tumbling  motion  and  may  be  plotted  in  the  unstable  region.  Alternatively,  the  points  may  lie  inside  the  region 
indicating  stable  operation  and,  when  plotted,  define  a  curve.  This  is  an  invariant  curve  of  the  transformation,  i.e.,  the 
transformation  of  the  curve  lying  in  the  8  =  0  plane  results  in  the  same  curve  being  generated  at  0  =  2x.  The  two  curves 
are  connected  by  an  infinity  of  trajectories  defining  a  surface  which  may  be  called  an  “invariant  surface”. 


Figure  4  represents  such  an  invariant  surface  schematically.  An  initial  condition  interior  to  this  surface  results  in  the 
generation  of  a  new  surface  which  lies  within  the  one  shown.  On  the  other  hand,  an  exterior  initial  condition  generates 
an  external  surface  provided  the  motion  continues  to  be  stable.  Hence  the  desired  region  of  stability  is  represented  by  the 
interior  of  the  largest  invariant  surface  that  can  be  constructed.  Interior  of  the  limiting  invariant  surface  for  K,  -  0.7  and 
r  =  0.2  is  shown  in  Fig.  5. 

The  concept  of  a  limiting  surface  represented  in  the  phase  space  is  very  important.  For  a  given  eccentricity,  it 
provides  all  possible  combinations  of  initial  angles  and  velocities  to  which  a  satellite  may  be  subjected  at  any  point  in  its 
orbit  without  causing  it  to  tumble.  Of  equal  significance  is  the  fact  that,  at  a  critical  combination  of  system  parameters 
(e,  Ki,  etc.),  the  stability  region  shrinks  to  a  point;  or  in  the  phase-space  representation  the  invariant  surface  degenerates 
to  a  single  trajectory,  showing  the  existence  of  a  periodic  solution. 

One  may  explore  a  further  possibility  of  condensation  of  information  by  taking  an  intercept  of  the  manifold,  say  at 
0  =  o:  =  0  as  a  measure  of  the  system  stability.  Fig.  6  shows  effect  of  eccentricity  and  inertia  on  the  region  of  stability 
of  a  satellite  undergoing  planar  librationai  motion.  Note,  for  a  dumbbell  satellite  (/(,  =  1),  except  for  an  isolated  island, 
the  system  becomes  unstable  for  e  >  0.33  (Fig.  6a).  For  K,  =  0.)  [K,  =  0  is  a  sphere)  the  stability  region  has  shrunk 
significantly,  and  stability  beyond  e  =  0.1  docs  not  exist.  Of  course,  this  is  in  absence  of  any  active  control.  Thus 
the  information  can  be  used  to  advantage  in  designing  an  appropriate  control  depending  on  the  system  parameters  and 
operating  conditions. 


'M»;v  ^ " 1 


S'Jw’fV'f,  ft-  f  v>*|  >t  I  f, ' 


1 


15-3 


Figure  3  Zero  velocity  curves  for  K;  =  1.  Figure  4  A  schematic  representation  of  an  invariant  surface. 


As  can  be  expected,  environmental  forces  affect  the  margin  of  stability  adversely  (13,16).  A  study  of  the  spin  stabilized 
satellites  by  Modi  and  Pande  (17)  brings  home  this  point  rather  vividly.  Significance  of  the  inertia  parameter  I(Iyv/Izz, 
ratio  of  the  axial  to  transverse  inertia,  axisymmctric  satellite),  the  spin-parameter  a  (spin  rate  nondimcnsionalized  with 
respect  to  the  orbital  rate)  and  the  orbital  eccentricity  is  quite  apparent  in  Fig.  7.  It  shows  variation  of  $  ,  the  angular 
deviation  of  the  axis  of  symmetry  from  the  orbit  normal,  as  a  function  of  8.  It  is  apparent  that  a  judicious  choice  of 
parameter  values  is  essential  to  avoid  tumbling  motion  ($  >  x/2).  Of  particular  interest  is  a  disturbing  influence  of 
the  solar  radiation  pressure  represented  here  by  the  parameter  C.  This  dimensionless  parameter  depends  on  the  satellite 
geometry  and  mass  distribution,  reflectively  and  transmissibility  of  its  surface,  distance  t  between  the  c.m..  and  the  center 
of  pressure,  solar  intensity  and  the  perigee  distance.  Note  that  the  value  of  C  as  small  as  0.5,  which  would  physically 

correspond  to  e  =  3  cm  for  INTELSAT  IV  category  of  satellites  causes  the  spacecraft  to  tumble  over.  Of  course,  in  actual 
practice,  a  higher  spin  rate  and/or  active  control  system  would  counter  this  tendency.  Nevertheless,  the  analysis  clearly 
brings  out  the  fact  that  the  solar  parameter  C  is  of  the  same  importance  as  /,  a  and  e  in  the  design  of  the  satellite  attitude 
control  system. 


i 
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Figure 


Limiting  invariant  surface  showing  the  boundary  of  stability  for  K,  =  0,7  and  e  =  0.3. 
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Figure  C  Stability  in  the  presence  of  impulsive  disturbances  as  affected  by  the  orbital  eccentricity: 
(a)  K,  =  1;  (b)  K,  -  0.1. 


2.1  Nonlinearity  and  Coupling 

Nonlinearitics  and  coupling  between  the  degrees  of  freedom  represent  key  factors  governing  response,  stability  and 
demand  on  the  control  system.  To  illustrate  this  point  consider  librational  dynamics  of  the  Orbitcr.  Fig  8  shows  librational 
response  of  the  Orbitcr  in  a  circular  orbit  when  subjected  to  a  relatively  small  disturbance  of  0.05°  in  roll,  yaw  and  pitch 
simultaneously.  The  response  is  evaluated  using  nonlinear  as  well  as  linearised  approaches  for  the  Orbitcr  in  three  different 
configurations.  Note,  except  for  local  details,  particularly  at  large  angles  of  attack,  the  linearized  approach  seems  to  predict 
the  trend  towards  instability  accurately  (Figs.  8a,  8b,  8c,  8d).  During  the  small  amplitude  bounded  motion  (Fig.  8e), 
linear  and  nonlinear  analyses  yield  virtually  the  same  response  as  expected.  The  Lagrange  configuration  representing  the 
minimum  moment  of  inertia  axis  along  the  local  vertical  and  the  maximum  moment  of  inertia  axis  aligned  with  the  orbit 
normal  is  stable.  Thus  from  control  consideration,  the  Lagrange  configuration  will  be  less  demanding  in  terms  of  fuel 
expenditure. 

However,  in  the  presence  of  a  relatively  large  disturbance,  the  linear  analysis  would  lead  to  misleading  conclusions. 
This  is  clearly  demonstrated  through  Fig.  9.  The  Lagrange  configuration  found  to  be  stable  under  small  disturbances  is 
now  subjected  to  a  roll,  yaw  and  pitch  disturbance  of  4°.  Note,  the  linear  analysis  continues  to  predict  bounded  motion 
(Fig.  9a)  while  actually  the  system  is  unstable  (Fig.  9c).  It  is  of  interest  to  recognize  relatively  large  deviations  from 
the  equilibrium  in  the  yaw  degree  of  freedom  (Fig.  9b),  which  becomes  unstable  within  five  orbits  with  a  slightly  larger 
disturbance  (Fig.  9c). 

To  get  better  appreciation  as  to  the  system  dynamics  during  transition  to  instability,  the  Lagrange  cnfiguraHon  was 
subjected  to  pitch,  yaw  and  roll  disturbances  separately  (Fig.  10).  With  a  pitch  disturbance  as  large  as  30°  (Fig.  10a),  the 
roll  and  yaw  remain  unexcited  and  the  system  is  stable.  The  same  is  essentially  true  with  a  yaw  disturbance  (Fig.  10b). 
However,  even  with  a  relatively  small  roll  disturbance  (Fig.  10c),  the  diverging  yaw  oscillations  set-in  tending  towards 
instability.  Thus  roll  control  seems  to  be  a  key  to  ensure  stability  of  the  Orbitcr  in  the  Lagrange  configuration. 

Figure  11  attempts  to  study  the  effect  of  roll  control  on  the  librational  stability  of  the  Orbitcr  in  the  Lagrange 
configuration.  The  spacecraft  is  in  a  circular  orbit  and  is  subjected  to  an  initial  disturbance  in  pitch  as  well  as  yaw  of  4°. 
The  roll  is  controlled  using  the  primary  and  vernier  reaction  controls  of  the  Orbitcr  with  a  typical  time  history  over  an 
orbit  as  reported  by  Budica  and  Tong  [18].  Two  different  deadband  limits  are  used,  =  ±1°  (Figs.  11a,  lib)  and 
±0.15°  (Figs.  11c,  lid),  to  have  some  appreciation  as  to  the  degree  of  control  in  roll  needed  to  assure  stability.  The  phase 
plane  response  in  yaw  is  included  to  help  judge  the  velocities  involved.  It  is  apparent  that  the  roll  control  to  the  extent 
of  ±1°  is  not  adequate  and  the  Orbiter  becomes  unstable  in  yaw  within  five  orbits.  However,  with  the  deadband  limits  of 
±0.15°,  the  system  returns  to  stability. 


JiKl'  ' 


,  Q[o)  •  £(o).  yfo)  >  o.05  deo. 


0-orbils 

Figure  7  Response  of  a  spinning  satellite  showing 
significance  of  various  system  parameters 
including  the  solar  radiation  pressure  ef¬ 
fect. 
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Figure  8  Comparison  between  linear  and  nonlinear  responses 
to  a  small  disturbance  with  the  Orbiter  in  three 
different  flight  configurations. 


(a)  e  =  o  . /9[0):y[o)=  0  .  a[o]  =  30de0. 


Figure  9  Plots  showing  inadequacy  of  the  linear  analysis 
to  accurately  predict  instability  of  the  Orbiter. 


higuro  10  Librational  response  of  the  Orbiter  to  an  inde¬ 
pendent  excitation  in  pitch,  yaw  and  roll.  Note 
the  pitch  and  yaw  disturbances  lead  to  essen¬ 
tially  uncoupled  stable  motion.  However,  even 
with  a  relatively  small  disturbance  in  roll,  the 
system  apears  to  become  unstable  in  yaw  through 
its  coupling  with  roll. 
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It  was  suspected  that  such  a  demanding  control  for  stability  may  be  due  to  sharp  positive  peaks  in  the  roll  time 
history  caused  by  firing  of  the  thrusters.  Considerable  extension  in  the  deadband  limits  can  be  achieved  through  smoothing 
of  the  peaks.  This  is  shown  in  Fig.  12,  where  the  Orbiter’s  control  strategy  is  improved  to  result  in  an  approximately 
sinusoidal  roll  time  history  with  the  deadband  limits  of  ±6°.  It  also  shows  the  effects  of  changing  the  roll  control  frequency. 
In  Figs.  12a  and  12b  the  roll  control  frequency  is  taken  to  be  2  cycles/orbit  which  approximately  coincides  with  the  natural 
frequency  in  roll  of  the  uncontrolled  Orbiter  in  the  Lagrange  configuration  (Fig.  9).  The  system  is  unstable  (Figs.  12a, 

12b),  however,  with  the  frequency  increased  to  6  cycles/orbit  the  system  regains  stability  (Figs.  12c,  12d).  Thus  an  increase 
in  the  roll  control  frequency  as  well  as  reduction  in  the  sharpness  of  the  peaks  in  the  roll  time  history  appear  to  promote 
stability.  This  is  a  useful  design  information  as  at  a  frequency  of  around  13  cycles  per  orbit,  normally  used  in  the  actual 
practice,  the  deadband  limits  can  be  further  relaxed. 

e=o  .  a[o)=/3tO)=4  deo. 
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Figure  11  Librational  response  of  the  Orbiter  in  the  Lagrange  configuration  with  the  time  history  of  roll  control  actually 
used  in  practice. 


es  0  .  a[0}:/3[0):  4  deg. 


Figure  12  Effect  of  smoothing  of  the  peaks  and  frequency  of  the  roll  control  on  the  Orbitcr’s  librational  response. 
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3.  FLEXIBLE  SPACECRAFT  :  PRELIMINARY  REMARKS 

•  -a  earl?  stag“  ^  space  exploration,  satellites  tended  to  bo  relatively  small,  mechanically  simple  and  essentially 
rigid.  However,  for  a  modern  space  vehicle  carrying  lightweight  deployable  members,  which  are  inherently  flexible,  this  is 
no  longer  true.  Several  typical  examples  stress  this  point: 

(i)  Ever  increasing  demand  on  power  for  operation  of  the  on  board  instrumentation,  scientific  experiments,  communica- 
tions  systems,  etc.,  has  been  reflected  in  the  size  of  the  solar  panels.  The  Canada/USA  Communications  Technology 
-1,1.  lCTS’  Hermes)  launched  in  January  1976  carried  two  solar  panels,  1.14  m  x  7.32  m  each,  to  generate  around 
1.2  kW  of  power. 

(ii)  Use  of  large  members  may  be  essential  in  some  missions  For  example,  Radio  Astronomy  Explorer  (RAE)  satellite 
used  four  228.8  m  antennae  to  detect  low  frequency  signals. 

(lii)  Preliminary  configurations  of  the  next  generation  of  satellites  such  as  the  European  Space  Agency’s  L-S  AT  (Olympus). 
Canada/USA’s  proposed  Mobile  SATcllite  (M-SAT),  and  many  others  suggest  a  trend  towards  spacecraft  with  large 
flexible  members  extending  to  several  scores  of  meters. 

(iv)  The  Space  Shuttle  being  operational  and  having  proved  its  versatility  in  undertaking  diverse  missions,  several  proposals 
for  its  utilization  as  a  platform  for  conducting  dynamics  experiments  have  been  presented.  They  range  over  stability 
and  control  of  large  flexible  members,  manufacturing  of  structural  components  for  construction  of  the  proposed  Space 
ctAan'pUp-FrCC<1?mi’  cxtension  of  PaneIs  for  augmenting  the  Orbiter’s  power  (Solar  Array  Flight  Experiment- 
SAFE,  Fig.  13),  deployment  of  gigantic  hoop-column  type  antennae  for  mobile  communications  systems,  and  several 
others.  In  fact,  NASA  has  shown  considerable  interest  in  exploiting  application  of  the  Space  Shuttle  based  tethered 
subsatellite  system,  extending  to  100  km  (Fig.  14);  and  an  experiment  involving  20  km  long  electrodynamic  tether  is 
scheduled  for  launch  in  early  1901. 

We  must  recognize  that  flexibility  is  a  design  choice  dictated  in  part  by  a  dichotomy  of  extremes  in  the  orce  environ¬ 
ment:  very  high  accelerations  during  delivery  to  orbit  followed  by  very  low  accelerations  in  the  operational  life.  Generally, 
configuration  size  and  weight  are  often  severely  constrained  as  a  result  of  the  launch  vehicle  limitations  or  structural 
strength  of  the  satellite  components.  As  a  solution,  spacecraft  are  initially  packaged  as  compact  rigid  bodies.  Once  in 
orbit,  various  elements  deploy  to  establish  the  desired  configuration.  In  case  of  the  proposed  space  station  when  under 
construction,  partially  completed  components  will  be  continually  added  thus  changing  the  mass,  inertia,  flexibility  and 
structural  damping  characteristics.  The  presence  of  environmental  forces  will  only  add  to  the  problem. 

It  should  be  emphasized  that  prediction  of  satellite  attitude  motion  is  by  no  means  a  simple  proposition,  even 
if  the  system  is  rigid.  Flexible  character  of  the  appendages  makes  the  problem  enormously  complex.  It  is,  therefore, 
understandable  why  transient  behaviour  associated  with  the  critical  phase  of  deployment  related  maneuvers  has  received 
relatively  little  attention.  On  the  other  hand,  although  deployment  effects  are  of  a  transient  nature,  they  may  be  felt  over 
a  long  period  of  time  as  a  result  of  relatively  small  extension  rates  that  arc  normally  associated  with  long  appendages.  The 
Space  Shuttle  based  tethered  satellite  system  mentioned  before  may  take  6-8  hours  to  deploy  and  much  longer  to  retrieve. 
Construction  of  a  space  station  may  extend  over  several  years. 


Remcml^^wp  ^r,VWhl n0t  c?"<i“ct  Kf°un<i  simulation  studies  before  taking  a  structure  or  its  subassemblies  in  space’ 
'  .•  d,K  ,h.cre  Wlth. flcxilllc  structures  in  microgravity  environment  having  time  dependent  geometry  and 

be  of  doubtfuTva  lit'  This  hlf  M  V”"’  gr0U",d  baSed  simu,iation  ?tudics  of  Polypes  and  scale  models  have  proved  to 
of analytical and TmoJv.i  ,  "T  £chanc,°  0n  aPal>T;S  ll,an  in  the  paat-  Trend  been  towards  development 

accurate^ ^-imuhfionTf  WhlC-'  Ca"  bc,  U.S?d  W,t'c  an  incrca5cd  levcl  of  confidence.  Even  with  scale  models, 

accurate  umuiation  of  gra\ity  and  other  environmental  forces  has  proved  to  bc  elusive. 

imoorT^e^ni11!?  casc’  effects  on  satellite  attitude  motion  and  its  control  have  become  topics  of  considerable 

t  y,car,s.’  a  lars°,  *>°<iy  of  literature  pertaining  to  the  various  aspects  of  satellite  system  response  stability 
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Farge’space  structurcs^e)?^  Astr°naHtlcs)  conta,ns  a  scr,cs  of  articlcs  ^viewing  the  state  of  the  art  in  the  generll  area  of 
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Attention  is  also  directed  towards  planning  of  on-orbit  experiments  such  as  SCOLE  (Spacecraft  COntrol  Laboratory 
Experiment)  to  check,  calibrate  and  improve  algorithms.  It  is  generally  concluded  that  on-orbit  information  acquired 
during  the  constructional  phase  of  a  space  station  is  the  only  dependable  procedure  for  its  overall  design.  Obviously,  this 
promises  to  open  up  an  exciting  area  of  in-flight  measurements  of  structural  dynamics,  stability  and  control  parameters 
necessary  for  design.  With  the  U.S.  commitment  to  an  operational  space  station  by  late  1990’s,  the  need  for  understanding 
structural  response  and  control  characteristics  of  such  time  varying,  highly  flexible  systems  is  further  emphasized. 

4.  MULTIBODY  SYSTEM  FORMULATIONS 

Importance  of  flexibility,  particularly  with  reference  to  large  scale  systems,  having  been  recognized  there  have  been 
considerable  effort  aimed  at  general  formulation  applicable  to  a  wide  class  of  systems.  The  models  considered  vary  signif¬ 
icantly,  however,  the  ultimate  aim  is  to  have  dynamic  equations  of  motion  for  a  system  of  arbitrarily  connected  flexible 
deployable  members  forming  branched  and  closed  loop  topology.  Formulation  procedures  aimed  at  dynamics  of  multibody 
flexible  spacecraft  have  been  developed  by  several  researchers.  These  include  the  early  contribution  by  Ho  [27]  using  the 
direct  path  method  to  more  recent  ones  by  Singh  et  al.  [28,  Kane’s  approach],  Mcirovitch  and  Quinn  [29,  Perturbation 
technique],  Vu-Quoc  and  Simo  [30,  rotationally  fixed  floating  frame  approach],  Spanos  and  Tsuha  [31,  component  modes 
method],  Modi  et  al.  [32,  33,  Lagrangian  approach],  and  others. 

A  comment  concerning  Lagrangian  approach  to  the  problem  might  be  appropriate.  It  has  not  been  popular  in 
multibody  dynamics  because  the  kinetic  energy  expression  can  become  extremely  large  and  perhaps  unmanageable  (before 
the  advent  of  high  speed  computers)  as  indicated  by  Hooker  [34]  and  others.  On  the  other  hand,  its  effectiveness  has 
been  attested  by  a  variety  of  problems  in  analytical  dynamics  for  more  than  200  years.  More  specifically,  the  approach 
automatically  satisfies  holonomic  constraints.  It  provides  expressions  for  useful  functions  such  as  Lagrangian,  Hamiltonian, 
conjugate  momenta,  etc.,  and  the  form  of  the  governing  equations  displays  clear  physical  meaning  in  terms  of  contributing 
forces.  Equally  important  is  the  fact  that  the  equations  arc  readily  amenable  to  the  stability  study  and  well  suited  for  the 
control  design. 

A  key  to  the  use  of  Lagrange’s  approach  in  multibody  dynamics  is  the  development  of  the  kinetic  energy  expression 
in  a  concise  matrix  form,  which  can  be  differentiated  as  required.  Obviously,  the  favored  form  for  the  kinetic  energy  is 

(1/2)9  M?  wlmre  9  and  M  arc  the  system  velocity  vector  and  mass  matrix,  respectively.  Also  the  mass  matrix  should 
clearly  display  the  system’s  dynamic  character  in  a  simple  and  meaningful  form.  Such  a  form  for  the  kinetic  energy  is  known 
for  configurations  such  as  a  system  of  point  masses,  discretized  vibrating  structures,  rigid  bodies  connected  in  a  chain  form 

135],  etc.  To  arrive  at  the  form  for  a  complex  flexible  multibody  systems  has  been  a  challenge  faced  by  dynamicists  for  a 
long  time.  The  formulation  procedures  presented  by  Modi  et  al.  resolves  this  problem  quite  elegantly  [32,33],  Essential 
features  of  the  general  formulation  may  be  summarized  as  follows: 

•  spacecraft  of  an  arbitrary  inertia  distribution  in  a  general  orbit  undergoing  three-axis  librations; 

•  arbitrary  number  and  orientation  of  flexible  appendages  (tether,  mcmbrancc,  beam,  plate,  shell)  deploying  indepen¬ 
dently  at  an  arbitrary  velocity  and  acceleration; 

•  the  appendage  is  permitted  to  have  variable  mass  density,  flexural  rigidity  and  cross-rcctional  area  along  its  length; 

•  governing  equations  account  for  gravitational  effects,  shifting  center  of  mass,  changing  rigid  body  inertia,  and  ap¬ 
pendage  offset  together  with  transverse  oscillations; 

•  modified  Eulcrian  rotations  -y,/7,a  (roll,  yaw,  pitch,  respectively)  arc  so  chosen  as  to  make  the  governing  equations 
applicable  to  both  spin  stabilized  and  gravity  gradient  orientations; 

•  the  equations  arc  programmed  in  nonlinear  as  well  as  linearized  forms  to  permit  the  study  of  :  (i)  large  angle 
maneuvers;  (ii)  nonlinear  effects. 

In  what  follows,  this  versatile  formulation  is  applied  to  several  systems  of  contemporary  interest  to  illustrate  current 
and  future  challenges  in  the  general  area  of  attitude  dynamics  and  control.  Details  of  the  mathematical  formulations 
and  analyses  being  extremely  lengthy  are  purposely  omitted  here,  however,  appropriate  references  are  cited.  Emphasis 
throughout  is  on  the  analysis  of  results  and  corresponding  conclusions. 

5.  TRANSIENT  DYNAMICS  DURING  DEPLOYMENT 

The  configuration  selected  for  study  corresponds  to  the  Orbiter  Mounted  Large  Platform  Assembler  Experiment  once 
proposed  by  Grumman  Aerospace  Corporation  (Fig.  15).  Its  objective  is  to  establish  capability  of  manufacturing  beams 
in  space  which  would  serve  as  one  of  the  fundamental  structural  elements  in  construction  of  the  future  space  station.  The 
assembler  is  fully  collapsible  and  automatically  deployed.  It  has  some  similarity  to  the  experiment  carried  out  by  astronauts 
Jerry  Ross  and  Sherwood  Spring  in  November  1985. 
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Figure  15  A  schematic  diagram  showing  the  Orbiter  based  construction  of  beam-type  structural  members.  The  principal 
coordinates  x,  y,  z  having  their  origin  at  the  instantaneous  center  of  mass  and  beam  coordinates  f,  i),  £  with 
the  origin  at  the  attachment  point  are  also  indicated.  In  general  the  two  origins  arc  not  coincident. 
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...  an^ysis,  the  flexibility  and  deployment  rate  parameters  were  taken  to  be  of  the  same  order  of  magnitude  as  used 
or  likely  to  be  employed  in  practice.  In  the  diagrams  e  represents  orbital  eccentricity;  El  is  the  beam  flexural  rigidity, 
assumed  constant  over  the  length  in  this  particular  example;  and  t  corresponds  to  the  deployment  rate.  A,„  and  Aoui 
denote  beam  inclinations  to  the  local  vertical  in  and  normal  to  the  orbital  plane,  respectively.  The  perigee  was  taken  to 
be  331  km,  The  truss  or  beam  vibrations  were  represented  by  a  maximum  of  the  first  four  modes,  ,  of  a  cantilever. 
”ii  vr  represent  generalized  coordinates  associated  with  the  admissible  functions  used  to  represent  beam-type  appendage 
oscillations  in  the  f  th  mode  in  and  t)  directions,  respectively.  Pi  and  0;  represent  transverse  generalized  coordinates 
normalized  with  respect  to  the  total  length. 

Numerical  values  for  some  of  the  more  important  parameters  used  in  the  computation  are  given  below: 

Miter:  Mass  =79,710  kg;  /«=8,286,760  kg-m2;  /yv=8,646,050  kg-m2;  /„= 1,091, 430  kg-rn2; 

/IJf=27,116  kg-m2;  7^=328,108  kg-m2;  7„=-8, 135  kg-m2. 

Beam:  Mass  (Mt)=  129  kg;  Length  (l)  =  33  m;  Flexural  Rigidity  (El)  =  436  kg-m2. 

Here,  x,y,  z  are  the  principal  body  coordinates  of  the  (Arbiter  with  the  origin  coinciding  with  the  center  of  mass.  In 
the  nominal  configuration  x  is  along  the  orbit  normal,  y  coincides  with  the  local  vertical  and  z  is  aligned  with  the  local 
horizontal  in  the  direction  of  motion.  Only  some  typical  results  are  presented  here.  More  extensive  discussion  of  the  system 
behaviour  has  been  presented  in  the  references  {25,  36-41). 

Figure  16  shows  tip  response  of  the  beam  for  two  different  orientations  in  the  plane  defined  by  the  local  vertical  and 
the  orbit  normal,  A<,m  =  20°  and  90°.  Note,  the  two  transverse  motions  f  and  t;  are  coupled  with  the  plane  of  vibration 
processing,  due  to  the  Coriolis  force,  at  a  uniform  speed  which  is  governed  by  the  beam  inclination  angle  Aout.  For  the 
case  of  Aout  =  0,  the  uncoupled  motion  showed  no  precession.  On  the  other  hand,  the  processional  velocity  increased  with 
an  increase  in  A«u(  and  reached  a  maximum  value  at  A<>U(  =  90°.  The  plane  of  vibration  of  the  beam  prccessed  in  one 
direction  only  (in  this  case  clockwise  for  a  given  Asui). 

Effect  of  beam  deployment  on  the  tip  dynamics  is  studied  in  Fig.  17.  Initial  tip  deflection  is  the  same  as  before.  Two 
time  histories  with  the  same  duration  of  deployment  are  considered.  As  can  be  expected,  the  frequency  of  oscillation  in  and 
out  of  the  cubital  plane  gradually  decreases  with  deployment  finally  attaining  a  steady  state  value  upon  its  termination.  It 
is  o  interest  to  recognize  that  they  reach  the  same  steady  state  amplitude,  although  it  is  much  larger  during  deployment 
compared  to  the  deployed  case. 

In  practice  the  Orbitcr’s  librations  will  be  controlled  to  a  specified  tolerance  limit.  A  typical  time  history  [18]  of  the 
controlled  Space  Shuttle  librations  during  an  orbit  is  shown  in  Fig.  18.  In  the  following  results  attention  is  focused  on 
response  of  the  deployed  beam  during  such  forced  excitation  of  the  (Arbiter  in  the  Lagrange  configuration. 

Figure  19  shows  the  forced  tip  response  as  well  as  the  first  two  modes  contributing  to  it  for  a  beam  deployed  along 
the  orbit  normal  with  the  (Arbiter  in  the  Lagrange  configuration.  At  the  outset  it  should  be  recognized  that,  for  this  out- 
of-plane  configuration  of  the  beam,  the  out-of-plane  motion  c  and  inplanc  response  r;  are  coupled  as  seen  before  (Fig.  16). 
Hence  one  would  expect  the  Orbitcr’s  yaw  and  roll  to  be  reflected  in  both  i)  (inplanc)  and  (  (out-of-plane)  motions.  The 
response  shown  in  Fig.  19  precisely  reveals  these  trends.  However,  the  roll  disturbance,  being  at  a  higher  frequency  and 
hence  with  a  higher  acceleration,  appears  to  bo  dominant  as  apparent  from  the  amplitude  modulation  of  the  response  at 
the  roll  frequency  (around  13  cycles  per  orbit). 
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Figure  10  Response  of  the  beam  to  a  tip  disturbance  wiicn 

located  out  of  the  orbital  plane.  Note,  thetrans-  Figure  17  Effect  of  deployment  strategies  on  tip  response 
verse  motions  c  and  >;  arc  coupled  and  the  vibra-  of  a  beam  deploying  normal  to  the  orbital  plane, 

tion  plane  of  the  beam-tip  processes  at  a  uniform  Note  a  reduction  in  beam  frequency  during  de¬ 
rate.  ployment. 
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Figure  18  Representative  controlled  motion  of  the  Or- 
biter  during  a  typical  orbit.  The  roll,  yaw 
and  pitch  motions  are  with  reference  to 
the  local  horizontal,  local  vertical  and  or¬ 
bit  normal,  respectively. 
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0.  THE  ORBITER  BASED  EXPERIMENT  SCORE 

Obviously,  the  main  objective  of  any  attitude  and  vibrational  dynamics  study  of  a  flexible  spacecraft  is  to  develop 
an  appropriate  control  strategy  so  that  the  system  response  to  disturbances  remains  within  the  specified  limits.  However, 
uexibihty  often  results  in  low  and  closely  spaced  frequency  spectrum,  and  a  possibility  of  overlap  with  the  control  system 
bandwidth.  This  will  demand  evolution  of  high  performance  attitude  control  and  vibration  suppression  procedures  as  well  as 
observation  algorithms  with  special  emphasis  on  robustness  to  the  parameter  errors,  spill  over  management,  sensor/actuator 
locations,  etc.  Although  a  vast  body  of  literature  exists  in  this  area,  most  of  the  proposed  control  strategies  remain 
essentially  numerical  simulations  and  hence  need  to  be  validated.  As  pointed  out  before,  it  is  generally  recognized  that 
gravitational,  magnetic,  plasma,  solar  radiation,  and  free  molecular  environments  can  not  be  modeled  precisely  with  the 
ground  based  simulation  facilities.  Carefully  planned  on-orbit  tests  with  flexible  structures  appear  to  be  the  only  reliable 
approach  for  validation,  refinement  and  calibration  of  the  control  algorithms. 

Under  the  circumstances,  NASA  has  proposed  an  experiment  SCORE  (Fig.  20,  Spacecraft  COntrol  Laboratory 
•experiment,  421.  It  involves  prescribed  slewing  maneuver  of  a  reflector  plate  type  antenna,  attached  to  a  flexible  mast, 
supported  by  the  Space  Shuttle.  A  specified  librational  motion  of  the  Shuttle  provides  the  desired  slew  motion  to  the 
antenna,  and  the  primary  control  task  involves  suppression  of  the  resulting  dynamics  which  may  introduce  error  in  the 
antenna  s  linc-of-sight. 

a  st„dvhnf8™™ai  fo™"lati°n  is  applied  to  assess  dynamics  of  the  SCOLE  system  through  a  parametric  analysis  Such 

roll-  tl  pitcTSl :Xvlwirmw°a'ledb^W<!C\neX'brlty’  Siow,ing  mancuvfr  .<&i,  roll;  fa,  pitch)  and  iibtrational  motion  (0,, 

C,°".pl,?g  cff<S  5’ 1S,  n0‘  only  important  during  the  preliminary  structural  design 
the  Shuttle’s  nrimsrven,! !!!>8  •  Hi  co?tro1  strategy.  The  classical  infinite  time  linear  state  feedback  regulator,  utilizing 
motion.  P  ’  vernier  thrusters,  is  designed  to  suppress  the  vibrations  as  well  as  control  the  Shuttle’s  attitude 

.  noted  from  Fig.  20  that  the  SCOLE  configuration  involves  the  Orbitcr  based  flexible  truss  structure 

i  H0id  reflector  antcr  at  its  cnd-  The  mast’ a‘  t“e  c.“)  of  U,e  ShSltle! 

uniform  • controlled  slewing  maneuver  about  the  attachment  point  to  the  Shuttle.  The  truss,  treated  as  an 

the  first  mode  (torsion^or\he0first,i.t0  XT*?  “  ‘o^ional  ffe)  vibrations,  repented  by 

frcouencies  inniirl,™  ?  Jo  /  H-  modes  (bending),  involving  the  damping  effects.  The  mast’s  fundamental  bending 

1  z’  rcsPcct'v’cly,  while  that  in  torsion  is  0.53  Hz.  The  effective 
modal  damping  ratio  of  each  degree  of  freedom  is  taken  to  be  0.003.  The  Shuttle  is  considered  to  be  in  a  5303  s  circular 

the  SCOL iPprotragm1  *  UtU<iC  °f  2°°  km'  0tllcr  imporlant  proPcrtics  ar«  selected  to  represent  a  realistic  situation  of 
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r  i  er  (Body  1);  mass^t])  =  92,986kg;  inertia  matrix^)  =  0  92121C0  0 

197243  0  9615840 

Mast  (Body  3);  mass(m3)  =  181  kg;  Iength(/3)  =  39.62  m; 

Reflector  antenna  (Body  5):  mass (m5)  =  181  kg;  diamctcr(ds)  =  22.86  m; 

c.m.  position  with  respect  to  Frame  5,  (151,252,3:53)  =  (5.72,9.91,0)  m. 


hg-m2; 
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Two  typos  of  maneuvers  are  considered  here:  {0  Pz2  -  slewing  maneuver,  in  the  orbital  plane  of  the  mast  through 
20°  from  the  nominal  upright  position  at  an  average  rate  of  l°/s;  (ill  /J31  -  slewing  maneuver,  out  of  the  orbital  plane, 
of  the  mast  through  20°  at  the  same  rate  as  above.  The  nominal  trajectory  of  the  mast  slewing  motion  is  charactenzea 
by  the  acceleration  to  vary  sinusoidally.  U  leads  to  both  velocity  and  acceleration  to  be  zero  at  the  initial  and  terminal 
stages.  This  is  desirable  to  minimize  excitation  of  the  flexible  mast.^  Only  a  sample  of  representative  results  is  presented 
here.  Further  details  and  response  analysis  data  are  recorded  in  earlier  publications  J43-45], 

6.1  Uncontrolled  Response 

The  first  item  of  the  interest  is  to  have  some  appreciation  as  to  the  effect  of  the  mast  flexibility  on  the  uncontrolled 
system  response.  Fig.  21  presents  time  histories  of  the  libratioi  I  rcsponse,  mast  tip  acceleration  and  line-of-sight  error 
corresponding  to  the  desired  direction  for  communication  at  2„  with  respect  to  the  local  vertical.  The  flexible  mast 
is  undergoing  the  maneuver  corresponding  to  case  (i),  with  the  Shuttle  free  to  undergo  three-axis  attitude  motion.  The 
maneuver  excites  the  uncontrolled  librational  motion  that  is  unstable  in  roll  leading  to  a  secular  variation  of  the  out-oi  plane 
line-of-sight  error  (f3i).  It  is  apparent  that  the  effect  of  flexibility  on  the  line-of-sight  error  and  the  mast  tip  acceleration, 
showing  high  frequency  modulations,  is  indeed  quite  significant.  Although  the  amplitude  of  modulations  of  the  line  of  Mght 
error  is  only  0.1°  (f3N  Fig.  21b),  it  is  still  undesirable  as  antenna  pointing  accuracy  requires  the  error  to  be  less  than  0.02 
in  20  s.  On  the  other  hand,  the  flexibility  has  virtually  no  effect  on  the  attitude  response  because  of  their  widely  separated 
frequencies. 

A  closer  look  at  Fig.  21  is  necessary  to  better  appreciate  complex  interactions  between  flexibility  and  coupling.  Note, 
the  line-of-sight  error  in  pitch  (c3j)  shows  limit  cycle  oscillations  about  the  equilibrium  position  of  the  flexible  system  which 
are  absent  for  the  rigid  case.  It  should  be  noted  that  although  the  mast  is  slewed  in  the  orbital  plane,  both  inplane  (/<ai) 
and  out-of-plane  (^32)  oscillations  are  excited  leading  to  inplane  (031)  and  out-of-plane  (032)  mast  tip  accelerations.  In 
fact,  even  the  mast’s  torsional  degree  of  freedom  was  found  to  be  present  (Fig.  21a)  because  of  the  asymmetrical  mounting 
of  the  reflector.  Thus  the  transverse  and  torsional  degrees  of  freedom  of  the  mast  are  strongly  coupled.  A  difference  in 
the  transverse  vibrational  frequencies  of  the  mast,  caused  by  the  asymmetric  mounting  of  the  antenna  plate,  results  in 
a  beat  response  with  a  period  of  around  36  s  during  the  uncontrolled  maneuver  in  pitch  (Fig.  21b).  Note,  the  mast  tip 
accelerations  are  significant  (10-2  g).  It  may  be  of  interest  to  point  out  that  an  earlier  study  without  the  plate  antenna 
showed  the  inplane  and  out-of-plane  degrees  of  freedom  (both  librational  and  vibratonal)  to  be  uncoupled  (43].  Thus 
asymmetric  mounting  of  the  antenna  is  a  major  cause  of  coupling. 

6.2  Control  Strategy!  Infinite  Time  Optimal  Linear  Regulator 

On  linearizing  about  the  zero  equilibrium  state,  the  original  governing  equations  of  motion  reduce  to  the  nonau- 
tonomous  coupled  set  which  can  be  represented  in  the  standard  form  as: 

j  =  A3  +  Bu 

S  =  {iT,iT}T;  ('<) 

a  =  A/  =  {Af,„M,tlA/,3}r; 

where  A,  B  arc  the  system  and  control  matrices,  respectively,  and  ti  is  the  control  vector,  consisting  of  the  Shuttle’s  3-axis 
control  moments.  Introducing  a  cost  function  to  be  minimized, 

J  —  ?  f  Q S  OrRfi]  dl ,  (5) 

3  Jo 

the  optima!  control  C  is  given  by, 

0(2)  =  R-'BTP3(f) .  (6) 

The  symmetric  positive  definite  matrix  P,  based  on  the  optimality  principic,  can  be  obtained  by  solving  the  algebraic 
Ricatti  equation, 

ArP  +  PA  -  PBR-iBtP  +  Q  =  0,  (7) 

where,  R,  Q  arc  positive  definite  and  semidefinite  symmetric  weighting  matrices,  respectively. 

6.3  Controlled  Response 

The  primary  control  task  is  to  rapidly  change  the  line-of-sight  of  the  antenna  mast,  attached  to  the  Shuttle,  and  to 
damp  the  induced  structural  vibrations  for  precise  pointing  of  the  antenna.  Thus  the  objective  is  to  minimize  the  time 
required  to  slew  and  settle,  until  the  antenna  line-of-sight  remains  within  a  specified  tolerance  limit  [42], 

The  first  logical  step  is  to  illustrate  effectiveness  of  the  full  state  feedback  optimal  linear  regulator,  which  employs  a 
set  of  Shuttle's  thrusters  to  produce  three-axis  torques.  A  controller  is  designed  so  as  to  provide  additional  damping  to 

the  structural  vibration  through  coupling  while  stabilizing  the  Shuttle  attitude.  Thus  the  line-of-sight  error,  which  13  quite 
susceptible  to  both  the  structural  oscillations  and  attitude  motion,  can  be  reduced. 

As  against  the  earlier  study,  now  the  Shuttle  is  controlled  to  maintain  the  nominal  position.  Thus  the  desired 
line-of-sight  is  attained  by  slewing  the  mast  in  pitch  (Fig.  22).  The  results  demonstrate  rather  vividly  effectiveness  of 
the  controller.  The  attitude  motion  originally  unstable  in  roll  leading  to  the  secularly  varying  out-of-plane  line  of  sight 
errors  (Fig.  21a),  regains  stability.  Undesirable  mast  vibrations  arc  also  significantly  damped  and  the  commanded  antenna 
direction  is  acquired  in  less  than  5  r  after  completion  of  the  maneuver.  Fig.  22c  presents  time  histories  of  the  Shuttle 
control  moments.  It  may  be  pointed  nut  that  the  mavtmnm  moments  produced  by  the  Shuttle  thrusters  were  limited  to 
1.36x10s  Nm  as  specified  in  the  SCO.'.E  design  challenge  [42]. 

Finally,  an  alternate  way  of  attaining  the  line-of-sight  by  pitching  the  Shuttle  is  examined.  Here  the  desired  antenna 
pointing  direction  is  acquired  by  pitching  the  Shut  tie,  not  through  slewing  of  the  mast.  Results  show  that  the  two  maneuvers 
(slewing  of  the  mast,  Fig.  22;  Shuttle  pitch  Fig.  23),  though  equivalent  in  terms  of  orienting  the  antenr.a,  demand  vastly 
different  control  moments.  Note,  in  the  present  case  of  inplane  maneuver,  the  control  moment  in  pitch  lor  the  mast  slew 
is  about  an  order  of  magnitude  smaller.  This  clearly  suggests  an  enormous  saving  in  cortrol  energy  if  the  antenna  is 
positioned  in  a  desired  orientation  through  mast  maneuvers  rather  than  maneuvering  the  Shuttle  as  suggested  in  the  design 
challenge. 
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Figure  23  Plots  showing  the  controlled  response  during  the  Shuttle  pitch  maneuver.  Note  the  control  moment  in  pitch  is 
nearly  an  order  of  magnitude  higher. 


7.  SPACE  STATION:  A  LARGE  SCALE  SYSTEM 

The  United  States  led  space  station  Freedom  is  progressively  moving  towards  the  design  and  development  phases 
with  its  international  partners  (Canada,  ESA  and  Japan)  confirming  the  specific  hardware  elements  they  will  provide.  The 
primary  design  requirements  is  to  develop  a  versatile,  expandable,  permanent,  manned  facility  for  undertaking  significant 
advances  in  space  science  and  technology.  The  Space  Station  will  contain  laboratories  for  research  in  such  areas  as 
communications,  material  processing  and  astrophysics.  It  will  be  used  as  a  platform  for  satellite  launch  and  repair  as  well 
as  assembly  of  space  structures  which  may  be  too  large,  in  terms  of  size  or  weight,  to  transport  in  their  entirety  by  the 
Space  Shuttle. 

The  Space  Station  is  planned  to  be  assembled  in  orbit  utilizing  twenty  Space  Transportation  System  (STS)  flights  [46]. 
Fig.  24  presented  earlier  illustrates  the  Station  configuration  at  the  completion  of  the  assembly  sequence.  The  pressurized 
modules  (habitation,  laboratory  and  logistics)  wii!  be  located  near  the  geometric  centre  of  the  spacecraft  while  the  servicing 
equipment  will  be  placed  along  the  power  truss  on  either  side  of  the  clustered  modules.  Each  end  of  the  main  truss  will 
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The  first  Space  Shuttle  flight,  referred  in  the  acronym  form  as  MB-1,  will  deliver  four  truss  bays  of  the  power  boom, 
two  of  which  are  outboard  of  the  articulating  alpha  joint  (Fig.  25a),  which  allows  the  photovoltaic  solar  arrays  to  track  the 
sun.  Hardware  delivered  on  this  flight  will  also  include  a  pair  of  solar  arrays  providing  18.85  kW  of  power,  a  panel  radiator, 
2  RCS  modules,  fuel  storage  tanks  for  flight  control  and  rcboost,  and  limited  avionics  and  communication  equipment.  Once 
assembled,  MB-1  will  bo  a  fully  functional  spacecraft  awaiting  the  return  of  the  second  Shuttle  flight  to  progress  to  the 
next  stage  of  the  assembly  sequence. 

Tiie  second  flight  (MB-2,  Fig.  25b)  will  deploy  six  more  bays  inboard  of  the  alpha  joint,  a  station  radiator,  six  Control 
Moment  Gyros  (CMG)  for  additional  attitude  control  with  a  complete  communications  coverage  provided  by  a  TDRSS 
antenna.  A  tclerobotic  servicer  will  extend  support  to  gxtra  Vehicular  Activity  (EVA)  of  a  crewman  during  assembly  and 
maintenance.  Phase  MB-3  (Fig.  25c)  will  add  the  aft  port  node,  a  pressurized  docking  adapter  and  a  standard  airlock.  These 
elements  will  provide  a  base  for  deployment  of  the  various  modules  for  a  permanently  manned  configuration  (Fig.  25d),  a 

simplified  model  of  which  is  considered  here  for  dynamical  investigation. 

The  finite  clement  procedure  was  applied  to  obtain  the  first  forty  system  modes  of  the  above  mentioned  four  con¬ 
figurations.  The  First  Element  Launch  consists  of  a  25  m  long  boom,  a  11.5  m  long  array  radiator  (both  modelled  as 
beams)  and  a  pair  of  solar  panels  (33  x  G  x  0.25  m)  represented  as  plates.  For  the  MB-2  model,  the  main  truss  is  extended 
to  55  meters  and  an  additional  station  radiator  (  10  x  5  X  0.25  m)  is  attached  to  it.  The  transition  from  the  MB-2  to 
MB-3  configuration  involves  the  incorporation  of  a  lumped  mass  element  at  the  lower  end  of  the  main  truss  representing 
the  module  support  structure  and  the  pressurized  docking  adapter  (25,000  kg).  Finally,  the  PMC  configuration  has  a  105 
meter  main  truss  with  a  module  cluster  at  its  geometric  centre  (146,000  kg);  a  pair  of  array  and  station  radiators  located 
at  40  m  and  21  m  from  the  truss  center,  respectively;  and  solar  arrays  near  each  end  of  the  truss.  The  frequency  spectrums 
for  the  beginning  MB-1  stage  and  the  final  PMC  stage  are  presented  in  Fig.  26.  It  is  of  interest  to  point  out  that  there 
are  31  modes  (besides  the  rigid  body  modes)  below  5  Hz  for  the  MB-1  configuration!  For  example,  the  first  elastic  mode 
represents  the  arrays’  fundamental  bending  (symmetric)  at  around  0.08  Hz.  /io  =  0.38  Hz  is  predominantly  the  array 
second  bending  mode  with  the  main  truss  in  torsion.  The  main  truss  first  bending  mode  occurs  at  /<o  =  8.79  Hz.  The 
MB-1  case  is  the  only  one  where  the  main  truss  torsion  frequencies  (/i0i/m)  are  below  its  fundamental  bending  frequency 
(/so).  For  the  PMC  case  both  the  length  as  well  as  the  system  weight  have  increased.  This  leads  to  more  modes  in  a  given 
frequency  range.  Now  the  lowest  bending  modes  for  the  truss  correspond  to  fn  =  0.32  Hz  and  /20  =  0.35  Hz. 

Summarizing,  it  can  be  inferred  that  the  appendages  dominate  the  flexible  dynamics  and  that  modes  involving  their 
pure  motion  are  not  significantly  affected  by  the  evolutionary  character  of  the  Space  Station.  However,  growth  of  the  main 
truss  and  its  interaction  with  the  cluster  of  modules  significantly  affect  the  system  modes  as  observed  through  the  changes 
in  the  truss  bending  frequencies. 

Modi,  Suleman  and  Ng  have  studied  at  length  dynamics  of  the  evolving  space  station  using  both  system  as  well  as 
component  modes.  Resul's  were  presented  at  the  recently  held  workshop  organized  by  ESA  |47),  However,  to  have  better 
appreciation  of  interactions  between  librational  dynamics  and  flexibility  let  us  focus  attention  on  a  relatively  simple  model 
of  the  Space  Station  as  shown  in  Fig.  27.  Modi  and  Suleman  [48]  have  examined  the  system  response  using  the  first  seven 
modes  (Fig.  28)  through  a  numerical  analysis  of  the  governing  nonlinear  equations  as  well  as  an  approximate  analytical 
approach  leading  to  a  closed  form  solution  employing  the  variation  of  parameter  method  as  proposed  by  Butanin  [49). 


Figure  25  The  Space  Station  Freedom  '$  assembly  sequence 
showing  four  evolutionary  phases. 
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(a)  FREQUENCY  SPECTRUM  FOR  MB-1 
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Figure  26  The  frequency  spectrum  and  three  representative  modes  for:  (a)  MB-1;  (b)  PMC. 
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Figure  27  A  simplified  model  of  the  Space  Station  undergoing 
planar  librational  and  vibrational  motions. 


Figure  28  The  first  seven  vibrational  frequencies  and  associated  I]  !| 
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Figure  29  shows  response  of  the  system  when  subjected  to  a  pitch  disturbance  of  5°.  Tiic  ensuing  librational, 
generalized  coordinates  associated  with  the  vibrational  response,  as  well  as  time  histories  of  deflections  at  the  upper  tip  of 
the  power  boom  and  free  end  of  the  top  left  solar  panel  are  presented.  Only  the  response  of  the  generalized  coordinates 
Pi,  P2,  and  ps  ^corresponding  to  the  fundamental  frequency  /i,  h,  and  /$,  respectively)  is  given  as  contribution  of  the 
remaining  coordinates  was  found  to  be  several  orders  of  magnitude  smaller.  For  the  inertia  values  used,  the  theoretically 
predicted  pitch  frequency  equals  f.44  per  orbit,  which  agrees  quite  well  with  the  period  of  the  planar  libration,  ip.  The 
vibratory  response  is  essentially  a  modulation  of  the  above  character  at  the  system’s  fundamental  frequency.  The  librational 
motion  is  able  to  excite  ps  primarily  because  of  the  proximity  of  /s  to  the  fourth  harmonic  d/o  (Fig.  30).  Note,  the  solar 
panel  tip  deflection  of  10_4g  which  may  not  be  acceptable  for  microgravity  experiments. 

Figure  31  shows  the  effect  of  vibratory  disturbance  on  the  system  response.  The  Station  is  disturbed  in  its  first  two 
modes  with  the  maximum  deflection  (in  each  mode)  equal  to  2.5%  of  the  power  boom  length.  Note,  the  coupling  effect  leads 
to  a  substantial  pitch  motion  (0.5°  amplitude)  modulated  at  the  Station’s  fundamental  frequency.  This,  in  turn,  excites 
tiie  vibratory  response  in  p$  due  to  its  proximity  to  the  fourth  pitch  harmonic  as  explained  before.  Furthermore,  both 
the  power  boom  and  panel  tip  deflections  are  also  significantly  increased  (panel  tip  amplitude  4.25  m,  boom  tip  deflection 
0.84  m).  This  level  of  vibrations  may  prove  to  be  an  important  factor  in  the  design  of  a  control  system. 

As  seen  in  Figs.  29  and  31,  both  the  librational  and  vibrational  disturbances  failed  to  induce  a  significant  response  in 
P3i  Pti  Pei  and  pr  generalized  coordinates.  Hence  the  system  was  purposely  excited  in  these  degrees  of  freedom  to  assess 
their  effect  on  the  Station  response.  The  system  is  subjected  to  the  panel  tip  deflection  of  0.825%  of  the  boom  length 
m  each  of  the  third,  fourth,  sixth  and  seventh  modes.  Note,  the  total  tip  deflection  at  each  panel  is  the  same  as  before, 
however,  the  system  is  now  excited  in  different  modes.  The  results  are  shown  in  Fig.  32.  It  is  of  interest  to  recognize 
that  now  all  the  generalized  coordinates  are  excited  through  coupling.  A  largo  amplitude  pitch  motion  (1°)  modulated 
at  high  frequency  may  prove  to  be  "f  concern.  Similar  high  frequency  modulations  arc  also  observed  in  p )t  Pz,  and  ps. 
The  beat-type  respnse  in  the  generalized  coordinate  pe  may  be  duo  to  the  proximity  of  /G  and  the  fifth  harmonic  of  the 
librational  frequency.  The  results  seem  to  suggest  that,  depending  UDOn  the  type  of  the  disturbance,  all  the  modes  may  be 
excited  thus  making  the  design  of  the  control  system  all  the  more  difficult. 

,  Accuracy  of  the  approximate,  variation  of  parameter  method  based,  closed-form  solution  was  checked  by  comparing 
it  with  the  numerical  solution  of  the  original  nonlinear  equations  studied  before.  The  comparison  wras  carried  out  over  a 
wide  range  of  system  parameters  and  initial  conditions.  The  analytical  solution  predicted  the  response  with  a  surprising 
degree  of  accuracy  as  indicated  in  the  typical  response  plots  presented  in  Figs.  33  and  34. 

-  igurc  33  compares  the  analytical  and  numerical  solutions  when  the  system  is  subjected  to  a  rather  severe  disturbance: 
librational  displacement  through  5°  plus  a  vibratory  disturbance  in  the  first  and  second  modes  corresponding  to  the  panel 
tip  deflection  of  5%.  Note,  there  is  virtually  no  difference  between  the  two  solutions.  Even  wi'h  the  pitch  disturbance 
as  larp'  as  20°  (Fig.  34)  the  correlation  continues  to  be  quite  good.  Although  small  differences  in  amplitude  and  phase 
are  not.ceable,  for  all  practical  purposes,  at  least  in  the  preliminary  design  stage,  the  results  are  indeed  acceptable.  The 
results  also  suggest  that,  in  most  situations,  the  contribution  of  higher  modes  is  likely  to  be  quite  small.  Thus,  the  solution 
promises  to  be  a  useful  too!  in  conducting  parametric  studies  of  such  a  complex  system  wi*h  ?  considerable  saving  faround 
70%)  in  the  computational  cost. 


Figure  30  Librationa!  and  vibrational  frequency  spectra  associated  with  a  simplified  model  of  the  Space  Station. 


Figure  32  Response  of  the  Station  with  a  vibrational  disturbance  in  the  third,  fourth,  sixth  and  seventh  modes. 
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Figure  33  Comparison  between  the  analytical  and  numerical  solutions  when  the  Space  Station  is  subjected  to  a  large 
pitch-vibratory  disturbance.  Note,  the  two  solutions  are  almost  identical. 
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Figure  34  Effectiveness  of  the  analytical  solution  with  the  system  subjected  to  an  extremely  large  pitch  disturbance- 
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8.  SPACE  STATION  BASED  TETHERED  PAYLOAD 

As  discussed  before,  advent  of  the  Space  Shuttle  and  the  proposed  Space  Station  have  presented  a  wide  range  of 
Po^'bdities  for  space  exploration  and  exploitation.  One  approach  to  this  end  is  the  concept  of  Tethered  Satellite  System 
(TSS,  Fig.35).  Possible  applications  of  the  system  cover  a  broad  spectrum:  (i)  sophisticated  scientific  experiments  aimed 
at  gravity  gradient,  magnetic,  ionospheric,  aerothcrmodynamic  and  radio  astronomy  measurements;  (ii)  deployment  of 
payloads  into  new  orbits  or  retrieval  of  satellites  for  servicing;  (iii)  microgravity  environment  and  manufacturing;  (iv) 
generation  of  electricity  (electrodynamic  tether);  (v)  power  and  cargo  transfer;  and  many  others. 

The  vast  potential  of  a  tethered  satellite  system  has  led  to  many  investigations  concerning  its  dynamics  during 
operational  (i.e.,  stationkeeping),  deployment  and  retrieval  phases.  In  its  utmost  generality  the  problem  is  quite  challenging 
as  the  system  dynamics  is  governed  by  a  set  of  ordinary  and  partial  nonlinear,  nonautonomous  and  coupled  differential 
equations  that  account  for: 

•  three  dimensional  rigid  body  dynamics  (librational  motion)  of  the  station  and  subsatellite; 

•  swinging  inplane  and  out-of-plane  motions  of  the  tether  of  finite  mass; 

•  offset  of  the  tether  attachment  point  from  the  space  station’s  centre  of  mass  as  well  as  controlled  variations  of  it; 

•  transverse  vibrations  of  the  station; 

•  longitudinal  and  transverse  vibrations  of  the  tether; 

•  external  forces  due  to  aerodynamic  drag  and  solar  radiation  effects. 


Over  the  years,  investigators  have  attempted  to  obtain  some  insight  into  the  the  complex  dynamics  of  the  system  using 
a  variety  of  models  which  have  been  summarized  by  Misra  and  Modil50,51|.  In  general,  the  studies  show  that  the  dynamics 
of  the  system  during  deployment  is  stable,  however,  the  retrieval  dynamics  is  basically  unstable.  The  system  involves  a 
negative  damping  approximately  proportional  to  I'Hnf ,  where  l  and  l,ef  are  the  unstretched  and  reference  tether  lengths, 
respectively,  and  prime  denotes  differentiation  with  respect  to  the  true  anomaly.  This  suggests  a  need  for  an  active  control 
strategy,  particularly  to  limit  inplanc  (ad  and  out-of-pianc  (71)  swing  (librational)  motions  of  the  tether.  The  pioneering 
contribution  that  may  help  realize  this  objective  is  due  to  Rupp[52l  who  introduced  a  tension  control  law  for  the  system. 
Librational  motion  in  the  orbital  plane  was  analyzed  and  the  growth  of  pitch  oscillations  during  the  retrieval  phase  noted. 
The  system  was  further  studied  in  detail  bv  Baker  and  othersi53l  taking  into  consideration  the  three  dimensional  character 
of  the  dynamics  and  the  aerodynamic  drag  in  a  rotating  atmosphere.  Several  more  sophisticated  models  have  followed 
sincc[5<l),  however,  one  of  the  major  conclusions  of  all  the  analyses  remains  essentially  the  same,  even  when  the  various 
tension  control  schemes  are  used,  large  amplitude  motion  can  result  under  certain  conditions,  particularly  during  retrieval, 
which  may  not  be  acceptable. 

One  of  the  major  limitations  of  the  tether  tension  control  is  its  dependence  on  the  gravity  gradient  which  is  governed 
by  the  tether  length.  Hence  foi  a  small  flexible  librating  tether,  the  tension  may  be  quite  small  or  even  negative,  i.e.,  the 
tether  may  become  slack.  This  can  be  avoided  by  introducing  thrustcrs[55,56],  however,  their  firing  in  the  vicinity  of  the 
shuttle  or  the  space  station  is  considered  undesirable  due  to  plume  impingement,  safely  and  other  considerations.  The 
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problem  is  further  complicated  by  the  fact  that  any  offset  between  the  tether  attachment  point  and  the  station’s  centre  of 
mass  imposes  additional  moments  on  the  station.  Thus,  the  dynamics  of  the  station  is  intrinsically  coupled  to  that  of  the 
tether. 

A  vast  array  of  linca  •  and  nonlinear  control  strategies  using  tension  and/or  thrusters  have  also  been  reviewed  by  Misra 
and  Modi  (50,51;  contain  67  and  97  references,  respectively).  Modi  et  al.  have  introduced  a  new  approach  to  the  control 
through  regulated  motion  of  the  tether  attachment  point,  tested  its  performance  using  a  realistic  mathematical  modcl[57- 
64),  assessed  its  relative  merit  with  reference  to  other  control  stralegies[65]  and  substantiated  the  conceptual  validity  with 
a  ground  based  experiment  (66).  They  have  reviewed  this  literature  at  some  length  particularly  with  an  emphasis  on  the 
offset  control  strategy[67;  contains  23  references].  The  offset  control  technique  is  similar  to  the  act  of  balancing  a  rod 
on  the  palm  of  one’s  hand.  As  can  be  expected,  for  a  given  angular  disturbance,  the  motion  required  at  the  point  of 
attachment  of  the  tether  would  grow  proportional  to  the  length  of  the  tether.  To  assess  the  controller’s  performance, 
Modi  et  al.  purposely  considered  demanding  platform  inertias,  severe  initial  conditions  and  rapid  retrieval  rates.  Table  1 
compares  relative  performance  of  the  three  control  strategies  during  deployment,  stationkeeping  and  retrieval.  As  can  be 
expected,  the  strength  of  the  ofTset  control  lies  at  shorter  tether  lengths,  where  tension  and  thruster  control  approaches 
have  limitations.  Thus  a  hybrid  control  strategy,  initially  utilizing  tension  or  thruster  control  with  switch  over  to  the  offset 
control  at  an  appropriate  length,  appears  quite  attractive  as  indicated  in  the  Table. 

9.  CONCLUDING  COMMENTS 

Let  me  close  with  a  few  general  remarks  concerning  desirable  directions  for  future  efforts: 

(i)  It  is  apparent  that  there  is  a  rich  body  of  literature  in  the  area  of  attitude  dynamics  and  control.  With  the  success 
of  the  Space  Shuttle  and  the  U.S.  commitment  to  an  operational  Space  Station  by  the  end  of  this  century,  we  may 
soon  see  spacecraft  ranging  from  a  few  meters  to  several  hundred  meters  in  size.  For  such  large  scale  flexible  systems 
influence  of  the  environmental  forces  will  be  necessarily  significant,  particularly  with  a  trend  towards  higher  pointing 
accuracy.  Dynamics  and  control  of  flexible  spacecraft  in  the  presence  of  environmental  forces  remains  a  field  that  has 
received  relatively  little  attention.  Note,  in  general,  flexibility  interacts  with  the  environmental  forces  as  well  as  the 
control  system  while  the  latter  two  affect  the  flexible  configuration.  Thus  the  problem  is  inherently  conjugate  and 
should  be  treated  as  such. 

The  entire  field  is  wide  open  to  innovative  contributions.  Dynamics  and  control  of  such  nonlinear,  nonautonomous  and 
coupled  systems  accounting  for  joint  conditions,  damping,  external  and  internal  nonconscrvativc  disturbances,  etc., 
remain  virtually  untouched.  Development  of  algorithms  to  predict  the  effect  of  mass,  inertia,  damping,  environmental 
input,  etc.,  on  the  dynamics  and  control  parameters  represents  an  exciting  challenge  for  all,  young  as  well  as  established 
researchers. 

(ii)  With  several  relatively  general  formulations  in  hand  and  the  programs  operational,  coordinated  efforts  should  be 
made  to  develop  a  comprehensive  data  bank  for  spacecraft  attitude  dynamics  and  control.  This  should  provide  design 
charts  over  a  wide  range  of  system  parameters  and  control  strategies.  Not  only  will  it  prove  useful  to  design  engineers 
involved  in  planning  of  future  scientific,  communications  and  other  applied  technology  satellites  but  will  also  help  m 
assessing  dynamical,  stability  and  control  considerations  associated  with  the  time  dependent  evolving  structures  such 
as  the  Space  Shuttle  based  contraction  of  the  proposed  Space  Station. 

(ni)  As  general  approach  to  the  problem  gets  well  established,  details  should  begin  to  receive  more  attention,  c.g  ,  quasi- 
steady,  discrete  or  continuous  representation  of  elastic  appendages,  modes  to  be  used  and  their  number  from  accuracy 
and  computational  considerations,  robustness  of  control,  step-size  and  numerical  stability,  etc. 

(iv)  So  far,  complex  character  of  the  problem  has  limited  most  analyses  to  small  deformations  and  librations.  Studies 
aimed  at  dynamic  response,  stability  and  control  in  the  large  are,  of  course,  formidable  but  promise  to  be  equally 
exciting  and  rewarding. 

(v)  There  are  two  classes  of  problems  which  have  already  received  some  attention  and  their  importance  promises  to  increase 
in  future: 

Space  Robotics:  The  Mobile  Servicing  System  (MSS)  or  the  space  manipulator  will  be  involved  in  all  phases  of  the 
Space  Station  -  construction,  operation,  maintenance,  and  future  extension.  However,  as  against  the  ground  based 
robots,  here  we  are  faced  with  a  problem  of  higher  order  of  complexity.  It  invlovcs  dynamics  and  control  of  a  flexible 
manipulator,  supporting  a  flexible  payload,  freely  traversing  an  orbiting  flexible  platform.  Its  operation  in  the  presence 
of  environmental  forces  would  only  accentuate  the  challenge.  This  represents  an  entirely  new  class  of  problems  not 
encountered  before.  Although  a  promising  begining  has  been  r.iadc[43-45,68,69],  there  is  a  long  way  to  go. 

Tethered  Systems:  With  reference  to  the  proposed  Space  Station  Freedom,  all  the  participating  agencies  have  shown 
interest  in  the  tethered  supported  facilities  aimed  at  a  variety  of  missions.  Recognizing  the  highly  flexible  character  of 
the  Station,  the  problem  of  dynamics  and  control  of  the  Space  Station  based  tethered  facility  attains  the  challenge  of 
a  higher  magnitude  than  that  encountered  or  studied  so  far.  Modi  and  Misra[50, 5 1,56-64]  have  initiated  investigations 
in  that  area,  however,  eventually  one  will  have  to  make  the  models  more  sophisticated  to  account  for  station,  tether 
and  payload  flexibility.  Influence  of  free  molecular  reaction  forces,  solar  radiation  induced  heating  and  electromagnetic 
forces  for  conducting  tethers  will  have  to  be  incorporated  rclaistically.  This  class  of  problems  has  remained  virtually 
untouched  so  far. 

A  new  category  of  problems  involving  tether  supported  systems  of  three,  four  or  more  bodies  is  also  receiving  some 
attention  lately.  The  objectives  are  quite  varied  ranging  from  simultaneous  sounding  of  the  environment  at  several 
altitudes  to  communication  antenna,  payload  transfer  and  microgravity  control.  This  represents  a  fertile  field  of 
considerable  practical  significance  and  promise. 


(vi)  Finally,  and  perhaps  most  importantly,  we  urgently  need  carefully  planned  ground  and  space  based  experiments  to 
validate  and  improve  literally  hundreds  of  algorithms  aimed  at  flexible  multibody  attitude  dynamics  and  control. 
Apparently,  there  arc  endless  challenges,  ar  d  so  arc  the  efforts  needed  to  meet  them.  The  ancient  sa„es  described 
knowledge  as  a  tiny  island  surrounded  by  a  vast  ocean  of  ignorance.  Like  any  process  of  inquiry,  philosophical  or 
f!5„  .(■’  no  matter  how  far  we  advance,  we  will  always  be  on  .he  shores  of  an  uncharted  ocean.  But  then,  a  journey 
fulfills  itself  m  every  step.  The  end  lies  in  the  effort  itself.  Beyond  that  there  are  no  permanent  results. 
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Table  i  Relative  efforts  during  stationkceping,  deployment  and  retrieval  for  the  three  control  strategies.  Hybrid  control 
demands  arc  also  included. 


Case 

Configuration 

Tension 

Thruster 

Offset 

Stationkeeping 

Reference  Case 

169.3  Ns,  180.6  J 

87.1  Ns,  503,2  J 

22.9  Ns,  444.1  J 

Pel  Pa  ~ 2 

174.3  Ns,  502.7  J 

97.2  Ns,  525.4  J 

26.1  Ns,  467.4  J 

1000  m 

190.2  Ns,  518.2  J 

166.6  Ns,  556,1  J 

42.3  Ns,  450.3  J 

(n  =  1  x  10" 1  kg/m 

181.4  Ns,  542.1  3 

159.2  Ns,  560.7  J 

56.9  Ns,  451.3  J 

m,  =  500  kg 

190.1  Ns,  546.7  j 

163.9  Ns,  569.6  J 

57.1  Ns,  469.1  J 

Deployment 

10  m  -»  1000  m 

0,37  orbit 

184.1  Ns,  513.5  i 

159.7  Ns,  560.8  J 

41.4  Ns,  450.1  J 

Retrieval 

100  m  ->  10  m 

1  orbit 

1656.9  Ns,  546.5  J 

1453.3  Ns,  573.9  J 

385.0  Ns,  409.3  J 

0.68  orbit 

1701.1  Ns,  555.8  J 

1510.5  Ns,  594.7  J 

495.7  Ns,  475.6  3 

0.37  orbit 

1781.9  Ns,  581.4  3 

1583.4  Ns,  609.8  3 

585.3  Ns,  490.8  J 

Retrieval 

1000  m  ->  10  in 

0.37  orbit 

6501.1  Ns,  641.1  J 

6076.1  Ns,  619.2  J 

10621.1  Ns,  509.3  J' 

Hybrid  Control 

Retrieval 

10GO  m  -*  10  m 

0.37  orbit 

tension/oflfset 

3903.5  Ns,  312.9  J 

503.7  Ns,  208.4  J 

0.37  orbit 

thruster/ofiset 

2623.1  Ns,  280.0  J 

525.5  Ns,  218.3  J 

1  Retrieval  in  one  orbit  with  the  initial  tether  disturbance  reduced  to  a<(0)  -•  7,(0)  =  1°. 
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SUMMARY 

This  paper  describes  models  of  the  spin  axis  of  a  spacecraft  moving  in  sub-equatorial 
orbit  in  a  relatively  dense  atmosphere,  and  under  non  negligeable  gravity  gradient  and 
magnetic  torque.  These  drift  models  have  been  used  in  the  design  of  the  San  Marco  5th 
"Utafiti"  aeronomy  satellite  for  obtaining  the  most  stable  pointing  condition  and, 
also,  for  the  refinement  of  the  attitude  measurements  of  the  same  spacecraft.  The  method 
of  fitting  is  described  and  some  results  shown. 


INTRODUCTION 

SAN  MARCO  PROJECT  (Co-operation  University  of  Rome  "La  Sapienza"  And  Italian  Aii — Force) 

The  San  Marco  Project,  wich  was  formalized  on  May  31,  1962,  is  part  of  NASA’s 
international  cooperative  program.  The  objective  of  this  program  is  to  pursue  space 
research  with  the  participatory  country  for  the  mutual  benefit  of  both  by  entering  into 
joint  scientific  programs  wherein  contributions  of  space  research  systems,  including 
their  cost  and  management  responsibilities,  are  shared  mutually.  NASA’s  international 
activities  are  planned  to  provide  opportunities  for  the  participation  of  scientist  and 
agencies  of  other  countries  m  the  task  of  increasing  mankind's  understanding  and  use 
of  the  spatial  environment.  The  activities  follow  guidelines  wich  establish  a  basis  for 
sound  programs  of  mutual  value  and  contribute  to  the  objectives  of  international 
cooperation. 

A  number  of  highly  qualified  University  personnel  belonging  to  the  Italian  Air-Force  and 
to  the  National  Council  for  Research  are  co-operating  with  the  named  San  Marco  Project 
in  : 

a.  spacecraft  design,  construction,  integration  and  tests} 

b.  range  management,  logistics,  operation; 

c.  rocket  assembly,  check-out  and  launch  operations; 

d.  ground  station  operation,  mission  control  and  date  management. 

The  San  Marco  Project  is  based  on  the  Scout  vehicle  system  and  on  the  Kenya  Equatorial 
Range,  located  at  Ngomeny  bay,  (  2.9383  south  latitude  ,  40.2125  east  longitude  )  close 
to  Malindi  country.  This  site  allows  launches  m  a  wide  angular  range  from  the  equator 
to  the  pole  and  in  particularly  effective  for  low  equatorial  orbits.  In  the  same  site  is 
located  the  San  Marco  Ground  Station  for  Command  and  Telemetry  in  VHF,  L,  S,  and  X 
Bands. 


SAN  MARCO  5th  SPACECRAFT 

The  San  Marco  5th  spacecraft  (fig.  1)  is  an  aeronomy  satellite  which  was  launched  in  a 
low  nearly  equatorial  orbit  (262  km  perigee  at  B.0.L»9  2.9  degrees  inclination)  and  was 
operative  down  to  altitudes  lower  than  150  km.  During  this  lifetime  period  an  attitude 
determination  better  than  0.2  degrees  accuracy  was  needed.  Due  to  the  low  altitude  a 
relevant  aerodynamic  torque  is  acting  on  the  spacecraft,  together  with  an  also  non 
negligeable  gravity  gradient  torque  (due  to  the  presence  of  very  long  "cable  booms"  in 
the  equatorial  plane  of  the  spacecraft).  Under  the  action  of  these  torques,  the  spin 
axis  drift  was  nothing  but  negligeable.  It  is  not  therefore  possible  improving  the 
original  quality  of  the  attitude  determination  (based  on  horizon  and  sun  sensors)  by 
simple  averaging  or  other  statistical  procedure,  without  a  drift  model  of  the  spin  axis 
under  the  combined  action  of  the  gravity  gradient,  magnetic  and  aerodynamic  torques. 

The  equations  of  the  spin  axis  motion,  linearized  in  the  vicinity  of  the  nominal 
pointing  direction,  have  been  solved  in  a  closed  form  under  the  hypothesis  of  constant 
magnetic  ana  gravity  gradient  torque  ana  variable  aerooynamic  torque.  ine  solution 
procedure  has  been  based  on  appropriate  changes  of  the  reference  system  in  such  a  way  of 
having  the  "  null  torque  "  axis  (or  torque  node)  with  the  minimum  variability  with 
respect  to  the  reference  itself. 

The  torque  node  position  has  been  also  a  major  consideration  in  the  design  of  the  spa¬ 
cecraft,  whose  nominal  pointing  had  to  be  the  orbit  anti-pole.  The  motion  is  basically 
a  perturbated  cone  around  the  torque  node.  The  approximated  closed  form  solution, 
obtained  in  this  way,  has  been  used  as  an  interpolation  function  for  interpolating  the 
experimental  attitude  points. 
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The  paper  will  present  the  model  and  the  results  of  its  application  to  the  attitude 
determination  problem.  From  a  theoretical  point  of  view,  the  origin  of  the  problems  of 
the  class  described  above  can  be  traced  back  to  the  beginning  of  the  space  era  and  have 
been  the  object  of  many  studies  since  then  (Ref  3,  2,  8).  The  present  application  is 
characterized  by  the  original  closed  form  solution  in  the  reference  most  suited  to  the 
interpolation  requirements . 


LINEAR  DRIFT  MODELS 

Consider  a  gyroscopic  spinning  spacecraft  with  spin  axis  Kj  the  drif*  motion  in  the 
inertial  reference  under  a  torque  M  can  always  be  described  by j  (  Ref.  i  ) 


dr 

(  1  )  -  ■  |  A  H 

dt 

where  Y  is  the  moment  of  momentum  Unit  Vector 
1 

and  H  “  — '  (M  a  y  )  ♦  2  y 


T  *  Moment  of  momentum  absolute  value 
z  »  arbitrary  constant 


For  particular  torques  M,  the  H  vector  is  independent  on  y.  In  this  case  the  drift  is 
"linear"  and  as  a  consequence  the  drift  equation  can  be  easily  solved.  This  is  for 
instance  the  case  of  the  average  magnetic  torque  (Ref.  1,  2,  3,  4)  due  to  a  constant 
intrinsic  magnetic  dipole.  The  gravity  gradient  torque,  in  general,  is  non  linear  (Ref. 
1,  4  )  but  for  slightly  variable  attitudes  it  can  be  easily  linearized.  Also  the 

aerodynamic  torque  can  be  linearized  (see  Appendix  1).  So  the  eq.  (1)  can  be  used  for 
the  motion  under  the  combined  action  of  the  three  torques  under  the  said  hypotheses, 
which  are,  by  the  way,  appropriate  to  the  spacecraft  under  consideration .  In  addition 
the  three  considered  torques,  under  the  said  hypotheses,  are  conservative,  so  the 
precession  angle  and  the  spin  rate  are  bound  to  be  constant  (Ref.  1,  4). 

So,  if  the  motion  is  initially  a  pure  spin,  we  have: 

y  s  K  (  spin  axis  unit  vector  )  and  r  ®  Cr  =*  cost 

(  C  *  inertia  moment  around  K,  r  *  spin  velocity  ) 

the  equation  writes  then: 


dK 

(  i*  )  -  »  KaH 

dt 


If  the  vector  H  is  constant,  the  drift  motion  reduces  to  a  cone  around  H,  at  a  rate  |H|. 
In  the  general  case  H  is  not  constant  in  absolute  value  and  in  direction.  For  taking 
into  account  the  modulus  variations,  we  can  easily  refer  to  a  modified  variable  s 


and 

to 

the  unit  vector 

h  *  H  /  |  H  | 

,  so  we  have  : 

dK 

(  1“ 

) 

-  °  K  a  h 

drv 

If 

H 

is  not  constant 

in  direction 

we  may  change  the  reference  from  the  inertial  to 

another,  movable  with  respect  to  the  inertial  at  rate  w 


The  (1'  )  becomes,  in  the  new  reference  : 

K  +  WA  K  “  K  A  H 


that  is 

(  i'  "  >  K  «  KA(  H  +  w)  »  KaH’ 

where  K  is  the  derivative  in  the  mobile  reference  .  We  see  that  the  equation 
same  form  as  the  original  one,  the  only  dif  fpr»nr;e  in  tKat  H  iz  replaced  uy : 

H'  *  U+  u> 


has 


the 


By  an  appropriate  choice  of  the  mobile  reference  (and  therefore  of  w  )  we  can  try  to 
reduce  the  variability  of  the  H  direction.  If,  at  the  end,  we  succeed  in  having  H'  con¬ 
stant  in  direction,  the  drift  is  reduced  to  a  coning  around  M'  (in  the  mobile  refe¬ 
rence,  of  course).  The  change  of  reference  can  be  applied  in  sequence  as  many  times  it 
is  desired;  most  of  the  times  it  is  not  easy  to  arrive  to  H'  »  const,  in  direction,  but 
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it  is  always  possible  to  obtain  H‘  movable  only  over  a  coordinate  plane.  In  this  case 
it  is  possible  to  obtain  a  solution  in  iterative  form  in  two  important  cases,  namely: 
(Ref.  5  ) 

i)  when  the  motion  of  the  node  is  "  slow  M  with  respect  to  the  coning  period; 

ii)  when  the  max  angular  diapacement  of  the  node  is  “small"  with  respect  to  the  cone 
aperture  . 

For  our  spacecraft  we  have  the  situation  of  case  (  ii  ) .  The  theory  of  (  Ref.  5  )  has 

therefore  been  applied,  as  described  in  appendix  2. 


THE  INTERPOLATION  OF  THE  ATTITUDE  DATE 

The  theory  of  appendix  2  brings  to  the  model: 


XN  »  Acos  (CD  +  uJrJ  +  ycosO  -((l.+yuj*)  sin u3 

Y rg  a  Asin  (Cu  +  wh)  +  ysinu>  +  (8*+yw*>  cosu/-a 
W  D  Lf  + 

The  XN,  Yri  are  the  component  of  the  spin  axis  unit  vector  in  the  "nodal  reference"  (X* 
along  the  orbit  ascending  node,  Z*  to  the  geographic  North),  u>  is  the  argument  of 
perigee,  y  is  a  small  “asymmetry"  angle,  #  is  a  small  parameter  depending  upon  the 
perigee  density  variation  with  time,  <x  is  a  small  parameter  depending  upon  the 
gravity  gradient,  and  finally  : 

w*  «  (t  -  to) 

is  an  angle  linearly  varying  with  time.  The  rate  cu*  depends  upon  the  perturbing 

torques,  and  mostly  upon  the  gravity  gradient  and  the  magnetic  torque.  The  A  angle  is 

related  to  the  amplitude  of  the  coning  around  the  torque  node,  and  depends  upon  the 
initial  conditions.  Among  all  these  parameters  only  a  can  be  evaluated  "a  prion"  with 

fairly  good  accuracy,  lj  is  in  addition  known  from  the  orbital  ephemendes.  We  will 

therefore  consider  a  and  w  known  and  we  will  try  to  evaluate  the  other  parameters  by 
fitting  the  experimental  data.  It  is  however  convenient  to  fit  the  quantities: 


Di  *  XN  cosw+  iYn  +  a)5inw3  Acos(  Wh+ fj  +  y -(3*+ ^  ^ 

D3  «  -X*  sinu>  +  (Y*  +  a)cosu**  Asin(uj  *+  Y  )  +  (P*+y  u;M)  +  y  y 


in  place  of  the  original  Xn,  Yn. 

Since  -y  and  are  "small  quantities"  and  A  and  0*  finite  quantities,  D*  is  mostly 
a  cosine  curve,  slightly  perturbed  by  a  small  linear  term,  Da  is  a  sinusoid  with  the 
origin  shifted  of  the  8«  value  plus  a  small  linear  perturbing  term. 

We  may  now  consider  two  cases,  namely: 

i)  the  interpolation  is  made  over  short  period  of  times,  such  as  to  have  a  very  small 
variation  of  uh  with  respect  to  its  central  value  w«*  In  this  case  we  have,  by 
expanding  the  trig  nometric  functions  in  Taylor  series: 


Dj,  4  a4  +  bx(t  -  to)  ♦  Cj.(t  -  to)*  ♦  .... 
Da  *  a3  +  ba<t  -  to)  +  Ca(t  -  to)2  +  


ax  =  (Aco5Wc  +  y-Y'8*  “  >  xruic) 

b*  «  -  A  U/*sincue 

c4  a  -  (A  w  n*  cos  oj  * ) /2 


?a  *  Asinw*  +8*  +ywa 

ba  «  (A  cos +|),wh 
Ca  3  -  (A  cOrs2sinu>c)/2 


By  a  parabolic  fitting  of  the  experimental  data  we  can  therefore  obtain  the  six 
coefficients  a*,  LXf  Ct,  a=,  bi;,  c=. 


ii)The  interpolation  period  is  not  as  small  as  in  the  previuos  case,  so  that  the  full  | 

trigonometric  formulas  shall  be  retained.  It  is  however  still  possible  to  consider  I 

constant  the  A,  8*,*y,  ^  ,  ujn  parameters  .  § 


r 
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In  this  case  *  least  sau*»*c  fitting  can  be  obtaineo  by  the  following  procedure: 

a)  assume  for  uoH  an  initial  gu^ssj 

b)  minimize  the  cost  functional: 

tr 

I  a  J  {  J  A+Bt+  CcosLUrtt-  DsinvJ^t-  Dx(t)|*  +  |A'+B't+  Csincu*t+  DcosuJ^t  -Da(t)|)dt 
t«> 

where  A,  A' ,  B,  B',  C,  D  are  the  unknown  constants,  related  to  the  parameters 
of  the  physical  model  by  the  relationships: 

A  =  yo* 

A'*  fl*  +  y  V 

B  =  -  y  lu*  y 

B'a-y 

Notice  that,  since  we  have  only  three  physical  constants  ( (3 * ,  ,  y  )  against 

the  four  coefficients  A,  A' ,B,  B' ,  the  problem  shall  be  intended  as  a 
"conditional  minimum".  The  conventional  method  of  the  Lagrange  multipliers 
brings  in  this  case  to  non  linear  algebraic  equations.  This  is  the  reason  why  an 
iterative  procedure  (based  on  the  assumption  y  «  1)  has  been  prefered  for  the 
solution  (Appendix  3)| 

c)  compute  I  *  I  (ui»),  that  is  the  the  relative  minimum  of  I  for  the  given  cl/*; 

d)  search  for  the  absolute  minimum  of  "  I  by  varyi^q  the  Ui*. 


RESULTS  AND  DISCUSSION 

Fig.  (2,  3)  show  the  experimental  altitude  points  (days  of  the  1988  year  from  114  to 
163),  in  the  vernal  and  in  the  "nodal  reference".  Fig.  (4,  3,  6,  7)  are  the 
corresponding  parabolic  fittings  of  D* ,  Pa  over  the  periods  114-139  and  139-163. 
Fig. (8,  9)  are  the  fittings  over  the  whole  period  b/  means  of  the  trigonometric 
formulas.  The  mean  square  error  is  abor‘.  4  hundredths  of  degree  for  the  two  parabolic 
fittings,  a  little  more  (  *  4.3  hundredths)  for  the  trigonometric  fitting.  The  max 
individual  deviation  of  the  experimental  points  of  the  set  is  about  +-  0.2  degrees, 
Table  I  gives  the  coefficients  of  the  fitting.  It  may  be  interesting  to  compare  the 
parabolic  and  the  tr igonometri'.  fitt.rg-s:  Fig.  (10,  11). 


Table  I 

TRIGONOMETRIC  FITTING  COEFFICIENTS,  First  period 


A 

AFOiMO 

B 

BPRIMO 

C 

D 

0.0024491 

0.0404473 

0.000(016 

-0 .0001380 

-0.0265281 

-0.0245701 

BSTAR 

GAMMA 

HS1 

0M0 

DELTA 

OMP 

0.0404127 

0.0029277 

0.0118416 

3.8886907 

0.0361584 

-2.70 

Cost  index  I 
0.0000463 


We  see  certain  discrepancies  whose  qualitative  behaviour  indicates  variability  of  the 
perameters  during  the  fitting  period  and  could  be  described  by  a  positive  shift  of  the 
angle  in  the  period  114  to  139,  and  a  negative  one  in  the  remaining.  Now,  day  139 
corrisponds  approximately  to  thp  min.  of  the  diurnal  density  bulge  located  at  the 
perigee,  that  is  to  a  ‘ocal  asymmetry  angle  y  a  0. 

We  should  have  therefore  negative  in  the  first  half  of  the  period  and  positive  in 
the  second  half,  (instead  cf  *  constant  and  almost  null  value  as  given  by  the  y  3 
const. fitting ) .  This  evidences  that  the  y  variations  due  to  the  density  bulge  have  a 
detectable  effect,  and  that  an  improvement  of  the  fitting  could  be  obtained  by 
modeling  this  feature  a  variability  of  and  wr»  could  however  also  depend  upon 

induLtd  magnetic  dipole  and/or  non  linear  eftects  in  aerodynamic  torque). 

Table  II,  III,  IV  are  giving  the  co^  ficients  of  the  trigonometric  fittings  for 
different  time  periods.  In  each  one  or  these  periods  the  spacecraft  is  drifting  freely 
(whilst,  in  between,  correction  maneuvers  tnok  place,  with  a  consequent  change  in  uJ* 
and  A  ) . 


Table  II 

TRIGONOMETRIC  FITTING  COEFFICIENTS,  2«  period 


A 

APRIMO 

B 

BPRIMO 

C 

D 

0.0077129 

0.0373237 

0.0000006 

0 . 0000029 

-0.0147464 

-0.0325278 

BSTAR 

Gamma 

PSI 

0M0 

DELTA 

OMP 

0 . 0373066 

-0.0000817 

-0.2009327 

4.2867341 

0.0337144 

-2.00 

Cost  index  I 
0.0000299 
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Table  III 

TRIGONOMETRIC  FITTING  COEFFICIENTS,  3„  period 


A 

APR I M0 

B 

BPR3M0 

C 

D 

0.0089488 

0.0496719 

-0.0000006 

-0.0000033 

-0.0445372 

-0.0090789 

BSTAR 

GAMMA 

PSI 

0M0 

DELTA 

OMP 

0.0496888 

0.0000951 

-0.1781835 

-0.2010952 

0.0454532 

-2.00 

Cost  index  I 
0.0000165 


Table  IV 

TRIGONOMETRIC  FITTING  COEFFICIENTS,  4**  period 


A 

APR I MO 

B 

BPRIMO 

C 

D 

0.0192404 

0.0821213 

0.0000016 

0.0000069 

-0.0128541 

-0.0798305 

BSTAR 

GAMMA 

PSI 

0M0 

DELTA 

OMP 

0.0820851 

-0.0001532 

-0.2362612 

4.5527580 

0.0808666 

-2.60 

Cost  index  I 
0 . 0005424 


On  the  contrary  continuity  should  be  obtained  in  u/h>  0  =&*■♦•)' uJ*.  Fig.  (12)  shows  the 
and  0  behaviour,  vir*  is  -2.7  degrees/day  in  the  first  period,  2.0  degress/day 
in  the  second  period  and  third,  -2.6  degrees/day  in  the  fourth  period.  Notice  that 
On  is  the  small  difference  of  relatively  large  terms,  and  that  V  is  one  of  the 
contribution  (which  has  been  neglected)  this  can  explain  the  relatively  large 
discontinuity  .  A  discontinuity  is  observed  also  in  the  aerodynamic  parameter  (1. 

An  overall  increasing  trend  can  be  noticed,  and  this  is  a  little  larger,  but 
gual itatively  m  agreement  with,  for  instance,  the  corresponding  variation  of  the  drag 
parameter  of  the  orbit  decay  as  given  by  the  NORAD  tracking  elements  (Fig.  13). 

Fig.  14  shows  actual  perigee  force  data  during  the  first  period,  compared  with  the 
computed  0.  We  see  that  the  hypothesis  of  linear  variation  is  actually  far  from  reality 
and  that  we  cannot  expect  improvements  beyond  the  obtained  accuracy  without 
substantially  improving  the  density  model. 


CONCLUSIONS 

The  fitting  of  the  experimental  data  with  the  closed  form  model  in  the  appropriate 
reference  system  made  it  possible  to  build  smooth  interpolated  attitudes  with  r.m.s.  and 
local  deviations  compatible  with  the  experimentes  requirements.  It  made  also  possible  to 
understand  the  type  of  motion  and  its  physical  causes,  although  the  detailed  analysis  of 
the  parameters  evidenced  that  some  of  the  hypotheses,  shall  be  revised  if  a  better 
internal  consistency  is  desired.  In  particular  a  density  model  incorporating  at  least 
the  bulge  effects  should  be  used. 
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APPENDIX  1 

THE  MODELS  OF  THE  ACTING  TORQUES 

The  torques  acting  on  the  spacecraft  can  be  modeled  as  it  follows:  (Ref.  1,  2,  3,  4) 


Gravity  gradient  (orbital  average) 


A-l )  M0  =  -Cr  cbQ(k  A  n) 


k  =  spin  axis  unit  vector; 

C-A 

“  (’/a)  .  -  •  (k.n); 

Cr 


n  =  orbit  normal  unit  vector; 
p( 1-e* )*'* 

uJp*  8  -  ! 

P3 


M  =  planetary  constant;  p 
C  =*  max  inertia  moment  of  s/c;  A 
e  =  orbit  excentrici ty ;  r 
(k.n)  *  -1  for  slightly  variable  K 
(the  anti-pole  of  the  orbit) 


=  orbit  parameter; 

=  min  inertia  moment  of  c/c  (QsA); 

*»  spin  velocity; 

(linearization  hypotesis)  around  the  nominal 


position 


Magnetic  torque  (orbital  and  dayly  average) 


A-2 )  Mm  >  -  CrumkA[(5/2)(cos  i)n-'4N3 


Ppk  m«( l-e= ) 

cUr.  -  -  cos  X;  [jpk  =  on  board  magn.  dipole  along  spin  axis; 

p3Cr 

M«  =  earth  magnetic  dipole;  e  a  orbit  excen tnci ty ; 

l  -  orbit  inclination;  I  *  magnetic  earth  axis  inclination; 

N  =  geographic  north  unit  vector. 


Aerodinamic  torque 

The  geometry  of  the  spacecraft  is  mostly  axisymmetnc ,  with  only  minor  surfaces  with 
polygonal  symmetry  (the  four  inertial  booms,  the  four  cable  booms)  or  asymmetric.  The 
spin  around  the  axis  of  symmetry  is,  on  the  other  hand,  producing  a  complete  axisymmetry 
for  what  is  concerning  the  average  drifting  action.  In  these  conditions  the  aerodynamic 
force  passes  necessary ly  through  a  point  of  the  axis  of  symmetry  (the  center  of  pressure 
C.P.),  where,  on  well  balanced  spacecraft,  also  the  center  of  gravity  (C.G.)  is  laying. 
In  the  hypothesis  of  Ref.  6,  the  force  is  also  a  pure  drag,  directed  opposite  to  the 
spacecraft  velocity  relative  to  the  atmosphere.  This  cannot  be  very  different  from  the 
inertial  velocity. 

The  instantaneous  torque  expression  is  then: 

M  =  ( A/a)CD  f V=Sd(k a v) 

where  S  is  the  surface  normal  to  the  wind,  k  the  spin  axis  unit  vector,  v  the  velocity 
unit  vector,  f  the  local  density,  V  the  velocity  and  C©  a  drag  coefficient  (generally 
close  to  the  value  CD  =  2).  The  "d"  factor  is  the  CP-CG  measured  along  the  symmetry 
axis. 

S  and  d  are  generally  variable  with  the  incidence  a  (sina  =  k*v).  For  a  sphere  we  have 

however  S  3  S.  =const,  d  =  d„  =  const.  For  a  body  with  "center"  (Ref  9)  (for  instance  a 
cylinder)  we  have  d«-  =  const,  S  =  S(a). 

In  the  case  of  San  Marco  5,  the  body  is  pratically  a  sphere  plus  two  small  cylinders  at 
the  top  and  bottom,  both  equal  and  centered  with  respect  to  the  sphere.  The  C.G.  of  the 
body  is  slightly  down  with  respect  to  the  center  of  the  conf iguration  above,  so  four 
winglets  are  attached  to  the  bottom  cylinder  for  lowering  the  overall  C.P. 

We  have  then: 

S*d  =  CS»  Sicosa  +  Sto|sinaj]d.  +  Swcosa*d« 

where  S.  is  the  cross  section  of  the  sphere,  Si  the  area  of  the  two  cylinders  projected 
normal  to  the  axis,  S„  the  base  area  of  the  cylinders,  SN  the  projected  area  of  the 
winglets,  d„  the  distance  of  the  winglets  from  the  CG,  dm  the  excentncity  of  the  main 
body,  a  the  "incidence":  sina  *  k*v. 

In  our  case  it  is  now 

S„/(S.+Si)  3  Sx/S.  »  (  sina  )  i  0,1, 

so  we  may  put: 

S«  *»  (Si+S*.)d»+Swdw  *  S0d©  «  const 
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within  less  ten  IV.  o f  SaJ^in  the  whole  field  of  the  possible  incidences.  The  body  can  be 
therefore  considered  as  an  excentric  sphere  as  far  as  the  drift  model  is  concerned.  The 
corresponding  torque  is  conservative  and  can  be  averaged  as  it  follows  (Ref.  5): 

A-3)  »  -Cr  w.(kAQ) 


Fig.  A-l 


(  V  «l) 
(Co  ~2) 

k) ; 

(1-e*  )=*'3 

ne  =  -  exp(-X)CU(X)-M?Io(A)3; 

i+e 

Xx*Io  Modified  Bessel  functions; 

( i+e)Hp 

Hp  =  density  scale  height  at  perigee. 


Q  =  nAP; 

P  =  P  cost+  sin  'f'  (nAP)  *  P  ♦'i'(nNP); 
P  ®  "modified”  perigee  unit  vector; 

P  s  perigee  unit  vector; 

w.  *  f\P  fo  Vo*  Sd/Cr ; 

fo  55  density  at  the  perigee; 

Vo  *  velocity  at  the  perigee; 

S  =*  s/c  surface  normal  to  the  wind; 
d  »  CP/CG  excentricity  (computed  aloag 


The  6  unit  vector  refers  to  the  resultant  of  the  aerodynamic  force  m  one  orbit.  For  a 
keplerian  orbit  and  for  a  density  profile  depending  only  upon  the  altitude,  3  should  be 
coincident  with  0,  the  normal  to  the  perigee  direction  P. 

This  is  not  however  the  case,  mostly  because  of  the  diurnal  density  bulge,  which  is 
shifting  P  with  respect  to  P  in  the  direction  of  the  sun.  This  is  taken  into  account  by 
introducing  an  "asimmetry  angle"  V*'  >  which  reflects  this  bulge  effect,  together  with 
other  possible  asimmetries  (perigee  precession,  decay,  etc.). 


Solar  torque 

From  the  effected  analysis,  solar  torque  effects  could  not  be  detected. 

Induced  magnetic  torque 

No  important  f erromagnetic  masses  arc  present  on  board,  so  this  torque  shall  be  very 
minor,  and  its  effects  are  in  any  case  difficult  to  be  separed  from  the  intrinsic  dipole 
torque.  It  has  therefore  been  neglectro  in  the  present  model. 


APPENDIX  2 

EQUATIONS  OF  MOTION  AND  DRIFT  MODELS 

1 )  Equations 

In  the  inertial  reference  (or  vernal  reference  a ,  N,  K “  vernal  equinox, 

N  =  North  unit  vector) 

dk 

A-4)  —  *=  (M<.+M*+M*J/Cr 

dt 

Let  us  consider  a  first  rotating  reference  V  ,  p,  N  (nodal  reference); 

V  a  ascending  node  unit  vector 
N  =  geographic  North  unit  vector 

In  this  frame  let  us  consider 

nT  s  (0,  -sin  i,  cos  i)  orbit  normal 

i  ■  orbit  inclination  measured 
clockwise  from  n  Lo  N 

t  s  (0,  sin  a,  cos  a) 

a  measured  clockwise  from  N  to  t 

This  frame  rotates  with  velocity  (Om.N)  around  N 
(Am  =  node  advance  rate  (negative)). 

The  drilt  equation  in  this  reference  is 


A-5) 


k  a  -kA[(  w„+(3/2)co5  iu/m)n  +  u/m)N+u/.0) 
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We  putt 


A-6) 


(  Wo+(3/2)C05  iw*)n  +(-flN-(i/2)w/m)N  *=  U> 

U>T  *  C-nN-*(  x/=)  W„,+  (  Cj  o^t^/sr)  WwC05  1  )  COS  1  ]  * 

(w0+(»/a)«i/,cos  i)*  sin*  i 


1  + 


C-On-(a/s)  wm+(  wflf(3/a)wmco5  i)cos  i3* 

w,  a-  -nN+ u»0  for  i  <<  1 

(u/o+t’/a)  wmcos  i)sin  i 


L/= 


sina  =  - 


cosa  u  1 

tt  *•  (0,  sin  a,  cos  a) 


and  we  rewrite  the  equation: 

A-7)  k  =  -k  a  C  ^*03  (in  the  nodal  reference  y  ,  p,  N) 

Let  us  now  consider  a  second  reference  P*,Q‘,t  (modified  orbital  reference): 


A -8) 


0'  =  (  t  a  P)  /  |  T  A  P| 
P '  =  0' A  T 


P  =  modified  perigee  unit  vector 
(see  Appendix  1 ) 


This  reference  rotates  at  a  speed  which,  at  the  first  order  in  i,  (i+a)  is  w  „  *  cut, 
with:  w=  ^  *  rate  of  variation  of  the  argument  of  perigee,  4*  =  rate  of 

variation  of  the  "asymmetry"  parameter. 

The  drift  equation  m  this  reference  is  therefore 

A-9 )  k  =  -k  a  C  w,t.  tu.Q-  Cut ]  =  -k  a  {  (  w,-  u5  +  £  )  t+-  w.Q  > 

where  t  is  defined  by 

A-10)  Q  =  0'  +  £  T 

and  it  is 


A-ll)  fc*  (i+a)cosu»  <<1 

We  define  now: 

A- 11* )  =  (  U/T  - 


x/2 

i  *  — — = - 

(  U/,-  U^4-£uU.)=  . 


If  we  consider  small  of  the  first  order  with  respect  to  -  w,  the  corrective 

terms  in  w*  are  of  the  2°  order  and  therefore 

A-13)  *  -(0M*  &)  +  dj m+  , 

We  define  in  addition 


A-14)  hT  =  (0,  -  sinf),  cosfl) 

and  the  equation  becomes 

A-15)  k  *  -k  a  Wrth 

In  scalar  form 
r  . 


sinfl 


cosO  *  1 


0  <<  1 

in  the  modified  orbital  reference  (P* ,  O’,  t). 


-  cu^(y  cosfl  z  sinfl) 

A-1&)  J  y  =  +  x  cosfl  kT  3  (x,y,z) 

z  =  +  vuK  x  sinf) 

0  represents  the  effects  of  the  aerodynamic  drag. 


I 


16*9 

2)  The  drift  models. 

We  may  build  models  corresponding  to  various  hypotesis  on  the  drag: 

i)  No  drag  0  «  0.  In  this  case  the  integration  of  1)  gives 

“  sin  i  CC SU/n  =  Wr,o  ♦  vO„(  t“t0) 

A-17 )  ]  y  =  sinA  i»inwh 

r  =  cos  A  a  const 

where  x,  y,  z  are  the  components  of  k  in  the  P* ,  0‘,  7  reference. A  is  an  angle  depending 
upon  the  initial  conditions.  The  motion  is  a  cone  of  constant  aperture  25  ,  swept  at 
constant  angular  rate 

ii)  Constant  drag  0  =  const. 

In  this  case  Eq.  A-1&  integrates  as: 

x  °  sin  A  ccs 

A-18)  |  y  »  -cos  A  sinfl-r  cos0  sinA  sin  u/n 

z  a  cosAcos0+  sinfi  sinA  sin  u4, 

when  0<<1,  sin  3  <<1»  cosS*^!  (as  in  our  case), 
we  may  refer  to  A  =*  n  -A  <<  i  and  use  the 
linearised  form: 

x  *  A  cos 

A- 19 )  -j  y  *  AsiouJ^+  0 

z  *  -1+  0  AsinvUn+tO*  >  A*  )/a  *  -1 

at  the  first  order.  The  motion  is  again  a  cone  of  constant  aperture  &  ,  but  around 
hT  =  (0,  -0,  1—0* / 2 )  *  (0,  -0,  1) 


111)  Variable  drag. 

In  this  case  from  Eq.  1  we  obtain  the  solving  equation  m  x: 
A-21)  0*(xH+x)'  =  0"<x"-»x)-<0' )*x' 

d  Id 

d  iJh  U/r>  dt 


where 


('  )  = 


We  can  solve  exactly  the  case  0'  =  const  and  approximately  the  case  of  general 

variability  of  0  at  a  very  small  rate. 

3-1)  Linearly  variable  0.  In  this  case  we  put  0'  »  const  =  £  *nd  obtain: 

u"+x(l+K')  =  const  =»  b(l+y  *  ) 

x  =  b>  a  coskwh  i/3 

y  cos0+  z  sin0  *  ak  sink 

X2+y2+Z2  a  1 

a  and  'c  are  not  mdipendent.  From  the  first  two  relationship  we  obtain  in  fact: 
y  cos0+z  Sin0 


A-22) 


k  =  (1+y  *  ) 

«=  ♦W^w(t-to) 


(x-b)“+  £ 


]■*• 


and,  by  derivation  with  respect  to 


A-23) 


2xx ’ -2bx  *  - 


p  y  cos0+  2  sin0  .  -  y * cos0+  z'sin0  y  sin0-  z  co*0  -j 

L  k  J  L  k  *  k  J 

i-l 

[A  J  snip-  A  wwap  1 

r* - ; - 1 


?/w-KU 

k  J  L  k 

that  is  also,  by  recalling  the  original  equations  A-16): 

2x'  r  x  y  sin0-  z  cos0 


which  give 


i 1  j  t 1*  A'ntUtfi  J*  1 1-  •LA'1  ■F'fc'hMM  aVr  i 
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y  sinB-  2 

A-24) 

If  we  now 
xa+x'  a*-<  y 


cos0  s=  -y  x+bk*  /y  by  using  this  equation  and  the  second  of  Eq. 
y  =  -(yx-bk*/y  JsinO-x'cosP 
2  =  { ^  x-bk* )cosB“x'sin0 

apply  the  x*+y*+z*  *  1  we  obtain  the  necessary  conditions 
x-bk* /y  )*  «  1  With  some  algebra  we  ofccain: 


A-16  we  get: 


A-25) 


which  is  the  necessary  relationship  between  a  and  b.  The  constants  a  and  are  then 
obtained  from  the  initial  conditions.  In  the  practical  case  of  very  small  0‘a  %  <<1  we 
have,  at  the  first  order  k*l ,  and  we  may  put  also: 


A-26) 


A-27) 


P  a  =  sin  A 

L  b  *  - y cos  A  and  therefore 

x  *  -  y  ccsA  +sinA  cos  wh 

y  *  sinA  (sinuJ^cosp-y  coswJ^sinP  )-cos  A  sinfl 
2  >  cos  A  cos0+  sin  A  ( sin  i^sinD*  y  cosu*r>cos0) 


When  also 


sinA  <<1, 

sinH  <<i, 


We  refer  to  A*  n  -A 
x  *•  y  A  cos  u/n 
A-28)  -j  y  »  (3+ As into,. 


cosA  *-1  (our  specific  case) 
cosp  *  1 

and  we  use  the  linearized  form: 

=  u/r,0+ ^r>(  t-t<.) 

0  =  Bo  +y  ^  „ 


2  *  -1  +  A  0Sinu/n«-  AcOStv„  +  /=+  0#/2  a*  “1 


«1 


y  <<i 

sin  ^  <<1 
sinfi  <<i 


The  instantaneous  motion  is  still  a  cone  of  aperture  A'  around 


A-29 ) 


h'T  s 


*  ,  -0,  -1) 


Since  0  *  0o  «  (0o  ) -*-y  ( t- to ) ,  the  axis  of  the  cone  moves  linearly 

parallel  to  the  y  axis. 


iii-b)  0  arbitrarlv  variable.  0'<<1.  In  this  case  from  the  solving  equation  A-21 )  we 
get: 

A-30)  x”+x  *  bi0*  B’<<!  bx.  a  const  and  we  easely  derive: 

UJn. 

A-31)  x  *=  a4cosw r'^bi|  *  A)«in(u/„-  A  )<j,\ 

0 

where  ax  and  bx  are  contant  and  u;^(t-to).  (Iterations  of  the  solution  above 

are  also  feasible  for  larger  values  of  O').  If  B’*const  we  have  also: 

A-32)  x  =  (ax-b*0'  )cosi*/„+bx0 '  *  b*acostc/« 

which  therefore  is  coincident  with  the  expression  of  the  previous  paragraph  for  k*  — * I 
y*  negligeable. 


3)  Our  model  for  fitting  the  atti tude, da ta 

In  our  physical  case  the  drag  is  variable  with  time  because  of  the  lowerina  of  th*> 
perigee,  the  orbit  circularization  posci bl >  other  effects  related  to  the  dynamics 
Of  the  atmosphere.  In  a  first  portion  of  the  lifetime  the  drag  variation  can  actually  be 
thought  as  pratically  linear.  The  last  portion  of  the  lifetime  is  however  characterised 
by  a  drag  increase  g  much  more  then  linarly  in  time.  We  will  however  limit  the  fitting 
to  periods  short  enough  for  the  drag  to  be  considered  linearly  variable  at  least  as 
average  in  the  period,  with  y  <<1, 
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The  drag  velocity  iv.  will  be  always  small  enough,  with  respect  to  to# assume  0<<1 

and  w*  *  const  (on  u/^  actually  there  are  playing  also  factors  like  CS  ,  6m,  wich  are 
slightly  variable,  and  u/Q,  Wm  which  are  variable  too  (for  instance  with  the  spin 
velocity).  These  variations  are  however  minor,  so  that  in  every  fitting  period  we  accept 
w„=const).  Also  the  (small)  H* parameter  is  actually  variable  (with  a  period  of  about  52 
days,  the  perigee  rotation  period  with  respect  to  the  sun).  The  effects  of  'P  ,  although 
small,  could  be  still  detect.  The  present  fitting  is  however  based  on  H*  =  const,  V*  c  0, 
and  the  effects  of  this  assumption  will  be  discussed  later  on. 

The  displacements  of  the  spin  axis  from  the  torque  node  ?  is  always  very  small  (most  of 

the  time  <  3*),  so  we  have  also  A<<1. 

In  conclusion  we  are  proposing  the  use  of  the  A-28  model;  we  will  study  in  particular 

the  motion  in  the  xy  plane.  In  the  modified  orbital  reference: 

x  =  V  ♦  A  cos  u/* 

y  “  0»+y  A  sin  w* 

h  a  co*c»  ♦  tu*{ t-to) 

and  try  to  fit  the  experimental  data  by  the  appropriate  choice  of  the  constants 


■Jf  >  A  f  0«  y  W*o» 


U>r, 


Notice  that  the  x  and  y  coordinates  are  those  in  the  (P' ,  O’,  t)  modified  orbital 

reference  system.  The  measurements  are  actually  made  in  the  vernal  (y.A.N)  reference. 

We  have  now  from  the  geometry: 


1 

cos(C  -*-0) 

-sin(CJ+fi) 

-a  sin 

0 

P* 

A 

u 

Sin(u3  +0) 

cos (u3 *Q) 

a  cos 

0 

0’ 

N 

-a  sin  w 

-a  cos  w 

1 

T 

w  -  u/  ♦  y  j  vv«=  argument  of  perigee;  't'  *  "asymmetry  angle"; 
The  drift  model  in  the  nodal  reference  is  therefore: 


0  =  right  ascension  of 
the  ascending  node 


X*  *=  Aco5(tv+u^,)+[^  cos^v  -(B.+J;  Uh)sinu/  ) 

Ym  »  A  sin(u7  *)+Cy  sin iZJ  ♦(0ir^y  ^h)cosu7  }-a 

and  in  the  vernal  reference: 


Xy  =  Acos(  +  c -y  cos(iv  +fl)"(B.+  y  oJ*)sin(H7+n)  J+asin  0 

Yy  =  £sin(CG +Q+  w/rJ  +  Cy  sin(*7  +  y  tv*)cos(Cv>n)  3-acos  0 


4 )  Orders  of  magnitude. 

Orders  of  magnitude  of  the  torques  are: 


Gravity  gradient  torque 
Magnetic  torque 
Aerodynamic  torque  (BOL) 
Aerodynamic  torque  (EOL) 
Solar  torque 


Mg  *=  1.10  t  1.20  10-4  Nm 
Mm  <  1.5  10-6  Nm 
Ma  <  2  10-6  Nm 
Ma  <  5  10-5  Nm 
Ms  <  3  10-8  Nm 


APPENDIX  3 

FITTING  OF  THE  ATTITUDE  DATA 

As  explained  in  the  text,  we  apply  a  least  square  procedure  based  cn  minimizing  the  cost 
functional : 


I 


ft.  . 

(CA+  Bt+  CcosvJnt-  Dsinwwt-  Di(t)5*+  CA'  +  B't*  C«inw„t+  Dccsu/„t-  D3(t)J*}  dt  = 

J  to 

K*<A»+A'»+C»  +D»  )+2K3(AB+A'B’  ).K3(B’»+B*  )+2K.(CA+DA'  )+2K.(CA’-UA)+2K»(CD->-DB'  )  + 

+2Kt ( CB - -DB) -2AN»-2A' N3-2BN3“2B 1 N.-2CN0-2DN*+NT 
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where!  Kj.  *  Ka  = 

sin(w>  „t.«.)-sin(iX/„to) 


COSl  UJ„to)-COS(U/ „t») 


! 


trSinl  )-toSin(vi/  «to) 


K»  toCOB(uy  „to)-t»COS( K« 

-I  Kt 


ti/* 

w* 

uJr. 

ft* 

Nx  «  Didt ; 

J  to 

N2  ** 

Dadt; 

•It* 

ft* 

N»  «  I  tDidt; 

J  to 

N«  =  tDadt; 

jto 

No  »  J  (Dicosu/„t+DaSinu/„t)dt| 

J  to 


«.  •  r 

J  to 


(DaCOsWht-DiSinw  „t)dt j 


Nr 


t-r 
.  to 


(Di*+Da»  )dt 


The  A,  A',  B,  B'  constants  are  not  indipendent,  but: 
A  =  *  -  t  r  =  -  B/B* 


A'=  u/*+  n't  1 

y  a  -  CA-*(B/B'  ) A '  )=  B'/u/r, 

B  =  -y  why  l-MB/B'  >* 

B’«  y  U/*  1 

0.  «  - C(8/b‘  >a+ap  ]-y  tv^0 

i+(B/B’ >* 

So  a  condition  does  exists  among  these  variables,  namely  A-(B/BP)A'=  (B*/u>k)C1+(B/B* )* } 

This  condition  is  not  linear,  and  its  treatment  with  the  usual  Lagrange  multiplier 
method  bring  to  a  non  linear  algebnc  equation.  We  prefer  therefore  the  following 
iterative  method: 


i)  the  equations  of  the  minimum  are  written  as  for  all  independent  variables: 


ii)  the  condition  is  expressed  as  (3  =  -  'f'fl* 

and  the  0  variable  is  eliminated  from  the  equations  accordingly: 


K*  0  yK*  K*  -k9 

A 

Ni 

0  K*  Ka  K*  K* 

A* 

Na 

0  Ka  K3  K7  K. 

8’ 

XX 

N. 

K.  Ko  1K,-YK.)  Kx  0 

C 

N„ 

-K„  K«  (K.»TKa)  0  K, 

D 

N. 

The  system  is  solved  by  assuming  for  a  starting  value  (for  instance  vfr'a  0). 

We  compute  then: 

tang  ^ho  ■  D/C;  sign{sin  0)  =  sign  (D);  ^  =»  D/sin  wjh(! ;  #  e 

P.+J'Wko  *  A’-C(y  -A)y  ]/A*  ;  r=  (r  “A)/(0.-*-jr^o) 

iii)  A  new  iteration  is  made  with  the  computed  H*  value. 

I’X'cr  y  ijic  i»8  process  is  terminated. 

iv)  The  cost  index  I  ■  I(w„)  is  computed. 

The  value  of  ds*  is  then  varied  for  searcning  the  wich  corresponds  to  the  absolute 
minimum  of  I. 
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THE  INSTRUMENT  POINTING  SYSTEM  -  PRECISION  ATTITUDE  CONTROL  IN  SPACE 

Half  Hartmann,  Albrecht  Woclker 
Dornier  GmbH,  Transport  k  Orbital  Systems  Division, 

7990  Friedrichshafen ,  West  Germany 


ABSTRACT 

The  Spacelab  Instrument  Pointing  System  (IPS)  is  a  three  axes  gimbal  system  providing 
pointing  and  stabilization  in  the  arcsec  range  to  a  variety  of  space  experiments  with  a 
mass  of  up  to  7000  kg.  The  IPS  demonstrated  its  control  performance  during  the  maiden 
flight  in  July  1985,  the  Spacelab  2  mission  on  board  the  Space  Shuttle  Challenger. 

The  most  challenging  problem  for  attitude  control  in  space  is  the  disturbance  compensa¬ 
tion  in  the  presence  of  structural  flexibilities.  Kalman  filtering  based  on  optical  sen¬ 
sor  and  gyro  measurements  as  well  as  flexible  mode  attenuation  and  feedforward  control 
were  indispensable  to  achieve  high  precision. 

To  further  enhance  the  IPS  pointing  performance  and  versatility,  a  new,  more  autonomous 
computer  and  sensor  concept  has  been  conceived  providing  the  capacity  for  a  higher  de¬ 
gree  of  automation  as  well  as  for  improved  pointing  and  closed  loop  tracking  control. 

The  autonomy  an**  control  capacity  of  the  enhanced  IPS  establish  the  basis  to  accommodate 
the  IPS  as  long-term  available  tracking  and  pointing  platform  on  the  International  Space 
Station  Freedom  (ISF). 


1.  IPS  DESCRIPTION 

Figure  1  depicts  the  Instrument  Pointing  System  (IPS)  as  flown  on  the  Spacelab  2  mission 
on-board  Challenger,  The  scientific  experiments  mounted  on  the  IPS  were  pointed  towards 
the  sun  with  an  excellent  precision  and  stability.  Besides  solar  pointing,  the  IPS  al¬ 
lows  for  various  other  applications  such  as  stellar  pointing  and  Earth  observation. 

To  enhance  the  Shuttle  capabilities  with  regard  to  experiment  pointing,  Dornier  devel¬ 
oped  the  IPS  under  contract  of  the  European  Space  Agency  (ESA).  As  a  subsystem  of 
Spacelab,  two  IPS  flight  units  were  delivered  to  NASA. 


Fig.  1:  IPS  in  Spacelab  2  Configuration 


Figure  2  presents  the  IPS  in  an  exploded  view.  The  gimbal  system  is  mounted  via  a  sup¬ 
port  structure  and  four  hardpoints  at  the  aft  end  of  a  single  suspended  Spacelab  pallet. 
A  box  type  structure  (Replaceable  Column)  supports  the  tubular  framework  and  enables 
height  adjustment  of  the  gimbal  center  of  rotation  according  to  the  payload  dimensions. 
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The  IPS  gimbal  system  comprises  three  identical  Drive  Units  (brushless  DC  torquers), 
each  providing  30  Nm  maximum  torque.  The  Elevation  Drive  Unit  (EDU)  serves  for  IPS  erec¬ 
tion,  the  Cross-Elevation  Drive  Unit  (XDU)  enables  side-looking  out  of  the  Shuttle  cargo 
bay,  finally  the  Roll  Drive  Unit  (RDU)  provides  the  payload  rotation  about  the 
line-of-sight .  The  g.mbal  system  yields  a  viewing  range  of  60’  half  cone  angle,  whereas 
the  roll  freedom  is  t!80*.  For  safety  reasons,  a  spring  loaded  bumper  device  mounted  at 
the  rear  end  of  the  RDU  hits  a  ring  placed  around  the  EDU  in  case  a  certain  cone  angle 
is  exceeded. 

The  front  end  of  the  RDU  is  connected  to  the  Equipment  Platform  (EPF)  carrying  electron¬ 
ic  units  and  a  mechanism  which  enables  the  separation  and  thus  decoupling  of  the  payload 
from  the  IPS  during  launch  and  landing. 

The  absence  of  gravity  enables  to  mount  the  payload  with  it3  center  of  gravity  far  out¬ 
side  the  gi.abal  center  of  rotation.  Thus,  a  variety  of  payload  masses  and  dimensions  can 
easily  be  accommodated.  The  increased  disturbance  sensitivity  wa3  mainly  reduced  by 
feedforward  control. 
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The  actual  IPS  design  assumes  support  by  the  Spacelab  Command  A  Data  Management  System 
(CDMS)  and  Electrical  Power  Distribution  System  (EPDS).  The  IPS  Power  Electronics  Unit 
(PEU),  which  is  mounted  on  the  Spacelab  Pallet  transforms  the  power  from  the  EPDS  to  the 
necessary  voltages  and  currents  for  the  IPS  electronics  and  electro-mechanical  devices. 

The  IPS  is  operated  by  the  astronauts  via  the  CDMS  and  its  keyboard  and  display  located 
either  in  the  Spacelab  module  or  in  the  Crbiter  aft  flight  deck.  Whereas  the  CDMS  is 
dedicated  to  operational  procedures,  the  IPS  Data  Control  Unit  (DCU),  mounted  on  the  EPF 
executes  the  control  algorithms  for  pointing  and  stabilization  in  fixed  point  arithme¬ 
tics. 

The  absolute  celestial  reference  for  control  is  provided  by  the  Optical  Sensor  Package 
(OSP)  containing  one  borcsighted  and  two  skewed  (image  dissector  tube  type)  fixed  head 
star  trackers  (FUST).  To  minimize  misalignments,  the  OSP  is  mounted  on  the  payload.  The 
borcsighted  tracker  can  also  be  configured  for  <*o!»r  missions  by  using  u  sun  beam  sput- 
l«i  providing  a  negative  star-like  imago.  Three  axes  rate  measurement  is  accomplished  by 
three  orthogonal  and  one  (redundant)  skewed  gyro  mounted  on  the  EPF.  Finally,  a  three 
axes  accelerometer  package  on  the  lower  framework  enables  feedforward  disturbance  com¬ 
pensation. 

The  payload  is  serviced  with  up  to  1250  W  (22  VDC)  power  and  various  control  and  data 
lines,  including  six  high  speed  lines,  The  he-nesses  are  coaxially  routed  across  through 
entire  girabal  system  and  arc  thus  twisted  w  a  certain  resistance  and  friction  during 
gimbal  motions. 
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2.  CONTROL  SYSTEM 

The  envisaged  pointing  stability,  the  structural  flexibility  of  the  IPS  with  its  payload 
in  view  of  sharp  disturbances  of  its  mounting  base  and  internal  imperfections 
(noise, friction)  imposed  challenging  requirements  on  the  control  system  design. 

The  control  system  comprises  a  feedback  loop  with  attenuation  filters  and  PID  control  as 
well  as  feedforward  compensation  of  external  disturbances.  Based  on  optical  sensor  and 
gyro  measurements  the  attitude  is  determined  via  a  special  version  of  the  Kalman  filter. 

The  block  diagram  of  the  IPS  control  system  is  shown  in  Figure  3.  The  algorithms  are  ex¬ 
ecuted  by  two  computers:  the  fast  control  loop  algorithms  are  implemented  in  the  DCU, 
whereas  the  slow  control  loop  tasks  are  allocated  to  the  CDMS.  The  fast  control  loop 
feedback  is  established  by  the  three  axes  IPS  rate  measurement  of  the  gyro  package.  The 
rate  is  sampled  with  100  Hz  and  transformed  into  the  payload  axes.  The  (prefiltered) 
rate  is  submitted  to  a  quaternion  integration  to  obtain  the  attitude  and  subsequently 
the  attitude  error.  The  quaternion  representation  of  the  attitude  has  been  chosen  to 
ease  the  computation  load.  The  control  law  consists  of  a  sequence  of  attenuation  filters 
and  a  PID  controller.  The  controller  output  must  be  transformed  from  the  platform  axes 
into  the  gimbal  axes  to  exert  the  control  torque  via  power  amplifier  and  drive  units. 

The  payload  center  of  gravity  is  far  outside  the  gimbal  center  of  rotation  to  accommo¬ 
date  various  types  of  payloads.  However,  this  implies  sensitivity  to  external  distur¬ 
bances,  caused  e.g.  by  Orbiter  thruster  firing  or  crew  motion.  Therefore,  an 
accelerometer  package  (ACP)  is  essential  to  measure  any  linear  acceleration  at  the  IPS 
mounting  base  and  thus  to  enable  feedforward  torque  compensation. 


Fig.  3:  IPS  Control  System  Block  Diagram 


The  absolute  measurement  reference  is  provided  in  three  axes  by  means  of  the  three  Fixed 
Head  Star  Trackers  (FHST)  of  the  Optical  Sensor  Package  (OSP) .  The  optical  sensor  sig¬ 
nals  are  sampled  with  1  Hz  for  correction  of  the  quaternions  according  to  the  actual  at¬ 
titude  error  with  respect  to  the  celestial  target.  To  this  end  a  dedicated  Attitude  De¬ 
termination  Filter  ( ADF  in  Figure  4)  is  applied.  Referring  to  Figure  3  the  loop  compris¬ 
ing  the  quaternion  integration  block  and  the  'Gyro  Drift  and  Attitude  Estimation’  block 
forms  a  modified  version  of  the  Kalman  filter.  This  Kalman  filter  (or  ADF)  estimates  the 
current  quaternions,  the  gyro  drift  and  the  relative  misalignment  between  the  star 
trackers.  The  quaternion  integration  yields  the  current  attitude  with  a  sampling  rate  of 
25  Hz.  Considering  the  1  Hz  cycle,  this  signal  represents  the  attitude  estimate  based  on 
gyro  information.  Via  the  observation  matrix  this  attitude  is  transformed  into  the  opti¬ 
cal  sensor  axes.  This  enables  a  comparison  between  the  optical  sensor  measurements  and 
the  gyro  based  estimate.  The  resulting  error  signal  is  fed  through  the  Kalman  filter 
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gain  matrix  to  obtain  the  corrections  of  the  quaternions,  the  gyro  drift  and  the  tracker 
misalignments . 

The  signal  correction  and  thus  the  main  part  of  the  Kalman  filter  is  executed  in  the 
1  Hz  cycle.  However,  the  quaternion  integration  running  with  25  Hz  frequency  is  part  of 
the  filter.  This  implies  that  the  state  transition  matrix  of  the  filter  depends  on  the 
gyro  rate  signal  during  a  1  Hz  cycle. 

For  the  generation  of  the  Kalman  filter  gain  matrix  the  state  transition  and  observation 
matrices  are  linearized  to  enable  a  precalculation  of  the  Kalman  filter  gain  matrix 
based  on  the  following  informations: 

o  a  time-invariant  state  and  observation  model.  The  model  applies  10  states;  3 
quaternions  (one  is  redundant),  3  gyro  drifts,  and  4  misalignments  (2  lateral  mis¬ 
alignments  of  the  two  skewed  w.r.t.  the  boresighted  FHST), 
o  the  system  noise  due  to  gyro  noise  and  numerical  errors  of  the  quaternions, 
o  the  measurement  noise  of  the  optical  sensors. 

These  informations  allow  the  generation  of  the  time  variant  filter  gams,  which  optimal¬ 
ly  combine  redundant  measurements  according  to  the  error  sources  to  yield  optimum  atti¬ 
tude  estimation.  To  ease  computation  load,  these  gains  are  approximated  by  hyperbola 
functions,  which  can  be  represented  by  a  few  coefficients  only. 

The  attitude  determination  is  the  basis  for  achieving  high  pointing  accuracy  and  stabil¬ 
ity  in  three  axes  by  minimizing  the  effects  due  to  gyro  and  optical  sensor  noise,  gyro 
drift  and  sensor  misalignments.  After  filter  settling,  lasting  typically  100  sec  from 
initial  target  acquisition,  long  terra  stabilization  is  provided  to  the  experiments. 

As  an  option,  experiment  sensors  can  substitute  the  OSP  as  absolute  measurement  refer¬ 
ence.  Also  attitude  offset  commands  from  the  experiments  are  accepted  by  the  DCU. 


2.2  Attitude  Control. 

Figure  4  presents  the  IPS  fast  control  loop  which  is  for  the  most  part  implemented  in 
the  Data  Control  Unit  (DCU).  The  three  axes  gyro  loop  applies  a  sequence  of  filters  with 
different  sampling  frequencies.  This  is  necessary  because  the  DCU  computer  is  not  able 
to  execute  all  filter  algorithms  within  fastest  (100  Hz)  cycle.  On  the  other  hand  the 
averaging  of  gyro  data  (100  Hz)  and  the  prefilters  (50  Hz)  require  high  sampling  rates, 
in  order  to  ovoid  aliasing  of  high  frequency  structural  modes  and  gyro  noise.  The  rate 
filters  running  with  25  llz  are  designed  to  attenuate  structural  modes  with  minimum  phase 
shift.  Each  filter  consists  of  a  transfer  function  with  a  second  order  nominator  and  de¬ 
nominator.  Figure  4  also  illustrates  the  aDF  and  PXD  control. 

The  second  branch  of  the  DCU  consists  in  the  three  axes  ACP  loop.  Although  the  ACP  mea¬ 
surement  is  designed  to  form  a  feedforward,  in  fact  it  must  be  regarded  as  a  feedback 
loop  for  stability  analyses  due  to  the  coupling  with  the  dynamics  of  the  IPS.  Hence  in 
total  six  feedback  loops  establish  the  multivariable  system.  Consequently  the  ACP  loop 
requires  as  well  a  sequence  of  filters,  designed  according  to  similar  criteria  as  the 
rate  filters. 


Fig.  4:  Control  Loop  Block  Diagram 


Table  2  aummanzcs  the  IPS  performance  in  terms  of  the  most  relevant  payload  criteria, 
the  quiescent  stability  and  the  disturbance  response.  All  results  are  given  for  the 
worst  of  the  two  lateral  axes. 

The  quiescent  cases  assume  an  undisturbed  inertially  fixed  Orbiter,  such,  that  any 
pointing  error  of  the  IPS  is  caused  by  its  own  internally  generated  effects  as  there  are 
sensor  noise,  bearing  friction,  quantization  misalignments  etc.  The  lateral  stability  is 
kept  below  0.7  arcsec  in  such  quiescent  periods,  which  are  most  valuable  for  experiments 
to  obtain  high  quality  images  of  their  targets  although  these  conditions  are  occasional¬ 
ly  interrupted  by  external  disturbances. 

The  disturbance  response  represents  the  variation  of  the  attitude  resulting  from  Orbiter 
thruster  firing  and  crew  wall  push  off.  Except  for  free  drift  cases,  the  Orbiter  per¬ 
forms  limit  cycling  within  +/-0.1  deg.  by  repeated  80  msec  thruster  firings.  In  this 
case  the  worst  attitude  variation  was  5  arcsec.  During  the  SL-2  flight  also  1040  msec 
thruster  firing  occurred  resulting  in  a  disturbance  response  of  up  to  18  arcsec. 

Figure  5  demonstrates  that  upon  such  1040  msec  thruster  firing,  the  IPS  settles  fairly 
quickly  to  provide  high  pointing  stability  to  the  experiments. 

The  man-motion  disturbance  results  from  two  opposite  well  push-offs  by  an  astronaut  m 
the  Orbiter  flight  deck.  Figure  6  presents  the  worst  case  in  which  the  attitude  varia¬ 
tion  was  17  arcsec. 

Table  1  demonstrates  a  quite  good  coincidence  between  simulation  and  flight  performance 
for  the  quiescent  and  thruster  firing  case  whereas  the  man-motion  impact  is  higher  than 
predicted  because  the  crew  impulse  unexpectedly  caused  a  higher  Orbiter  acceleration  and 
thus  worse  IPS  response. 

The  IPS  is  designed  to  accommodate  various  types  of  payloads.  For  large  payloads  of  up 
to  7000  kg  and  thus  high  inertias,  the  performance  degradation  is  very  low  due  to  the 
effectiveness  of  the  feedforward  control  and  due  to  a  merely  slight  reduction  of  the 
control  system  bandwidth  from  0.7  Hz  to  0.5  Hz.  Therefore,  it  can  be  concluded  that  the 
disadvantage  of  the  large  center  of  gravity  offset  is  minimized. 


LOS  Performance 

Unit 

Flight 

Characteristics 

SL-2 

SL-2 

-  pointing  accuracy 

arcsec 

0.4 

0.8 

-  * 

-  rms  stability 

arcsec 

0.7 

0.7 

0.7 

-  rms  stability  rate 

deg/hr 

2.9 

2.0 

-  * 

-  man-motion 

arcsec 

5.1 

8.9 

8.5 

17.0 

-  80  msec  thruster  firing 

arcsec 

6.7 

7.1 

5.6 

5.0 

-  1040  msec  thruster  firing 

arcsec 

“ 

18.0 

Payload  mass 

kg 

2  000 

7  000 

1  402 

1  402 

Inertia  about  COR 

kgra1 

15  740 

132  200 

i  m 

5  980 

5  980 

*  could  not  be  evaluated  from  flight  data 
Table  1:  IPS  Performance 


3.  IPS  PERFORMANCE  ENHANCEMENT 


3.1 


After  the  successful  maiden  flight  further  enhancement  of  the  IPS  has  been  investigated. 
The  mechanical  design  is  mature  and  does  not  limit  the  IPS  capabilities.  Considering  the 
growth  in  computer  and  sensor  technologies,  significant  improvements  can  be  achieved  by 
just  replacing  or  adding  electronic  boxes  but  keeping  the  basic  IPS  design. 

A  major  objective  of  the  IPS  improvement  is  to  establish  o  highly4 autonomous  system  be¬ 
ing  independent  of  Spacelab  and  requiring  only  a  minimum  amount  of  external  services. 
The  Spacelab  CDHS  in  replaced  by  a  more  powerful  Operation  and  Control  Computer  (OCC)  to 
provide  enhanced  IPS  performance,  operations  and  handling. 

The  driving  demand  of  using  the  OCC  autonomy  concept  is  to  provide  the  capacity  to  exe¬ 
cute  more  complex  control  algorithms  at  higher  sampling  rates.  This  improves  the  point¬ 
ing  performance  and  to  provides  the  capability  for  closed  loop  tracking  of  moving  ob¬ 
jects.  Furthermore,  autonomy  implies  the  automatic  execution  of  operational  procedures 
by  the  OCC  software  which  is  ii.yortant  for  fast  and  reliable  object  acquisition  in 
tracking  and  pointing  missions. 
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The  automation  and  autonomy  features  of  the  improved  IPS  with  the  OCC  form  a  basis 
accommodate  the  IPS  as  a  self-contained  system  on  the  International  Space  Station 
dora  (ISF). 
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Attitude  Error  Response  to  Crew  Wail  Push-off  (from  ref.  1 > 
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3  *  2  Pointing  Performance  Improvement 

For  stellar  and  solar  observation  it  is  most  important  to  provide  a  high  stability  with 
the  IPS.  The  IPS  demonstrated  about  0.7  arcsec  quiescent  stability,  however,  there  is 
still  a  demand  for  further  improving  the  pointing  performance.  Table  2  shows  the  results 
of  a  sensitivity  analysis  for  the  quiescent  performance. 


Error  Source 

Relative  Contribution  to 
Quiescent  Performance  (%) 

(1)  DCU  quantization 

73 

(2)  Gyro  noise 

52 

(3)  Optical  sensor  noise 

39 

(4)  Torque  hysteresis 

16 

(5)  Structural  flexibility 

10 

(6)  Torque  roughness 

8 

RSS  Sum 

100 

Table  2:  Sensitivity  analysis  of  internal  generated  disturbances 


Consequently  those  error  sources  which  are  inherent  to  the  basic  IPS  design,  namely  no. 
4,  5,  6  have  only  a  minor  effect.  The  important  error  sources  no.  1,  2,  3  ca»*  be  reduced 
by  exchanging  or  adding  individual  boxes. 

The  DCU  quantization  which  is  caused  by  its  fixed  point  arithmetics  can  effectively  be 
eliminated  by  use  of  the  new  OCC.  Even  without  changing  the  control  law  the  quiescent 
stability  can  be  reduced  to  about  0.25  arcsec.  A  quiescent  stability  below  0.1  arcsec 
can  bo  achieved  by  the  following  measures  m  addition  to  using  the  OCC: 

o  Use  of  a  new  gyro  with  a  noise  of  about  0.4 ‘/hr  and  25  Hz  bandwidth.  Alternatively, 
this  can  be  achieved  by  an  improvement  of  the  IPS  gyro  electronic  reducing  the  gyro 
noise  by  a  factor  of  5. 

o  Use  of  an  optical  sensor  with  a  noise  of  0.2  arcsec  at  1  Hz  sampling  which  could  be 
either  IPS  dedicated  or  user  supplied.  Alternatively,  the  optics  of  the  IPS  FHST  can 
be  improved  to  yield  a  factor  of  4  of  noise  reduction. 

In  addition  or  as  an  alternative  to  the  optical  sensor  and  gyro  improvement,  the  capaci¬ 
ty  of  the  OCC  can  be  utilized  to  implement  mere  efficient  control  algorithms.  Using  a 
filter  sampling  frequency  of  100  Hz,  aliasing  effects  arising  from  structural  modes  and 
gyro  noise  can  be  avoided.  More  flexibility  m  the  design  of  the  attenuation  filters  and 
control  algorithms  is  gained  by  the  higher  storage  and  speed  capabilities  of  the  OCC. 
Furthermore,  an  enhanced  Kalman  Filter  for  attitude  and  rate  determination  applying 
on-line  gain  computation  and  avoiding  delays  of  sensor  measurements  yields  faster  set¬ 
tling  and  higher  stability. 

With  these  measures,  simulations  have  shown  that  IPS  internally  generated  error  source 
can  be  minimized  to  yield  0.1  arcsec  for  an  mertially  stabilized  orbiter.  If  the  orbit- 
er  is  free  drifting  in  a  Earth  pointing,  the  stability  degradation  is  about  0.1  arcsec 
due  to  increased  tearing  and  harness  friction. 

The  disturbance  response  upon  man-motion  and  thruster  firing  can  also  be  reduced  by 
o  relocation  of  the  Accelerometer  Package  to  a  point,  which  is  more  sensitive  to  dis¬ 
turbances  than  to  structural  flexibilities, 

o  using  100  Hz  sampling  and  filtering,  optimization  internal  ACP  filter  presently  nec¬ 
essary  to  avoid  aliasing  effects  with  low  sampling  rate, 
o  improved  filters  in  the  feedforward  loop  running  at  100  Hz 
o  use  of  a  rigid  body  disturbance  observer. 


3.3 


The  IPS  has  been  designed  for  high  precision  pointing  towards  inertial  celestial  ob¬ 
jects.  With  the  autonomy  concept  the  IPS  provides  the  capability  for  closed  loop  track¬ 
ing  of  anv  objects  moving  at  rates  of  up  to  3  ‘/sec. 

Bor  tracking  of  object  moving  relative  to  the  Shuttle  the  following  scenario  is  assumed: 
o  The  IPS  applies  two  {user  supplied)  sensors: 

a  coarse  acquisition  sensor  with  a  field  of  view  of  abou*  5‘  x  5* 
a  fine  tracking  sensor  with  a  field  of  view  of  about  0.5*  x  0.5*. 
o  The  initial  position  of  the  object  is  known  with  an  uncertainty  less  than  the  exten¬ 
sion  of  the  acquisition  sensor  field  of  view.  This  is  the  case  for  tracking  of  a 
fixed  landmark  or  other  cooperative  spacecrafts. 


Tracking  is  performed  with  the  following  automated  sequence: 

(1)  Tracking  Preparation  comprising 

-  IPS  supports  calibration  of  the  optical  sensors  and  experiments 

-  Gyro  drift  calibration  and  attitude  initialization 
Last  uplink  of  object  and  mission  parameters. 


it*. 
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(2)  Initial  Positioning: 

The  IPS  is  moved  close  to  the  end  of  the  operational  cone  to  a  position  which  is 
located  on  a  predefined  trajectory  derived  from  the  knowledge  on  the  initial  ob¬ 
ject  position.  The  Orbiter  as  well  has  to  acquire  the  required  position. 

(3)  Gyro  Tracking: 

Automatic  tracking  is  started  before  the  object  is  visible  in  the  acquisition  sen¬ 
sor  field  of  view  (e.g.  because  the  objective  is  behind  the  horizon).  Hence,  Gyro 
Tracking  means  closed  loop  control  along  a  predefined  trajectory  (based  on  a  im¬ 
perfect  a  priori  information),  where  the  attitude  error  is  the  difference  between 
the  predefined  trajectory  and  the  actual  attitude  derived  from  gyro  rate  integra¬ 
tion.  Due  to  the  relative  object  motion  a  high  initial  rate  error  effects  a  sharp 
acceleration  of  the  IPS  to  the  rate  of  the  object  (see  initial  torque  profile  in 
Figure  7).  At  about  30  secs,  when  object  appears  in  the  acquisition  camera  field, 
the  rate  error  is  small  whereas  the  attitude  error  is  about  1.4  deg.  due  to  the 
imperfect  a  priori  information  on  the  object  location. 

(4)  Object  Acquisition: 

Once  the  acquisition  sensor  has  acquired  the  object  in  its  field  of  view,  it  gen¬ 
erates  an  attitude  error  which  causes  a  transient  (second  torque  profile  on  Figure 
7)  into  the  field  of  view  of  the  tracking  sensor. 

(5)  Fine  Tracking: 

Once  the  object  is  acquired  by  the  tracking  sensor  and  settling  is  performed,  the 
IPS  provides  a  fine  tracking  stability  of  0.6  arcsec  (3  jirad)  to  a  2000  kg  payload 
at  a  rate  of  up  to  2.1 ’/sec  ,  assuming  an  optical  sensor  noise  of  2  arcsec  (10 
prad)and  30  Hz  sampling.  A  maximum  bias  error  of  23  arcsec  (115  prad)  after  set¬ 
tling  has  been  achieved  with  PID  control.  A  second  integrator  or  a  trajectory  pre¬ 
dictor/estimator  is  found  not  suitable  to  further  improve  the  accuracy.  Due  to  the 
double  integration  of  the  plant,  bias  error  results  from  the  variation  of  the  ac¬ 
celeration  which  can  hardly  be  determined  through  a  further  integrator  or  observ¬ 
er. 


Fig.  7:  IPS  Tracking  Stimulation 


4.  SPACE  STATION  ACCOMMODATION 

There  is  only  a  limited  number  of  satellites  for  astronomy  and  solar  sciences,  on  the 
other  hand  the  International  Space  Station  Freedom  (ISF)  constitutes  a  large, 
long-termed  infrastructure  for  a  variety  of  experiments.  However  the  ISF  is  Earth  point¬ 
ed,  has  a  limited  maneuverability  and  is  only  coarsely  stabilized  and  thus  docs  not  sup¬ 
port  tracking  and  pointing  experiments.  Consequently  the  IPS  could  expand  the  ISF  versa¬ 
tility  and  and  range  of  utilization  ,  because 
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o  the  IPS  supports  a  variety  of  payloads  in  terms  of  mass  and  accuracy, 

o  the  IPS  is  the  only  flight  proven  pointer  presently  available, 

o  the  IPS  is  designed  for  50  Shuttle  missions  and  10  years  lifetime  and  thus  includes 
considerable  design  margins  and  a  high  robustness, 
o  the  IPS  autonomy  concept  forms  the  basic  for  the  accommodation  of  the  IPS  on  the  ISF 

c  the  basic  IPS  design  can  be  retained,  mainly  add-on  improvements  like  the  OCC  are  re¬ 

quired  . 

o  the  openly  exposed  IPS  Equipment  Platform  can  be  supplemented  by  an  automatic  Payload 
Berthing  Adaptor  which  facilitates  the  experiment  exchange  with  the  Remote  Manipula¬ 
tor  Arm. 

Figure  8  shows  the  IPS  accomodated  on  the  long  ISF  truss  structure. 

Compared  to  the  Shuttle,  the  155m  long,  lightweight  ISF  design  imposes  the  IPS  to  cope 
with  low  frequency  vibrations  in  the  vicinity  of  the  control  system  bandwidth.  The  con¬ 
trol  system  structure  is  basically  retained  for  first  analyses,  however  the  following 
adaptations  are  mandatory: 

o  The  processing  capacity  of  the  CCC  is  the  basis  to  implement  adapted  attenuation  fil¬ 
ters  running  with  100  Hz  cycle  time. 

o  The  control  system  bandwidth  has  to  be  reduced  from  0.64  Hz  to  0.32  Hz  to  avoid  in¬ 
teraction  of  the  IPS  with  low  frequency  ISF  vibrat  ons  and  thus  to  ensure  dynamic 

stability  of  the  coupled  dynamics  system.  The  reduced  feedback  disturbance  compensa¬ 

tion  is  recovered  by  improving  the  feedforward  loop  as  follows: 
o  Reduction  of  accelerometer  internal  filter  time  constant, 

o  Optimization  of  accelerometer  location  closer  to  the  IPS  center  of  rotation, 

o  Use  of  further  accelerometers  to  observe  the  low  frequency  ISF  vibration  and  direct 

feedforward  compensation  (not  yet  simulated). 


Figure  9  depicts  the  IPS  response  upon  crew  wall  push-off.  The  maximum  attitude  error  is 
25  arcsec.  The  wall  pushoff  effects  an  almost  undamped  vibration  of  the  long  Space  Sta¬ 
tion  truss,  representing  a  continuing  disturbance  to  the  IPS  which  results  in  an  oscil¬ 
lation  error  with  an  amplitude  of  18  arcsec.  For  the  present  analysis  it  is  assumed  that 
the  ISF  does  not  stabilize  its  own  disturbances. 

Figure  10  demonstrates  the  effectiveness  of  the  feedforward  compensation  with 
accelerometers:  even  though  not  yet  optimized,  the  feedforward  reduces  the  maximum  error 
from  41  arcsec  down  to  10  arcsec  m  cross-elevation  and  even  the  ISF  vibration  response 
is  decreased  from  25  arcsec  to  18  arcsec. 

The  attitude  error  upon  ISF  thruster  firing  is  shown  in  Figure  ii.  The  maximum  error  is 
39  arcsec  with  feedforward  control.  Although  the  IPS  is  unfavorably  located  just  above  a 
thruster  pod,  that  is  at  an  antinode,  the  ISF  vibration  disturbance  can  be  compensated 
by  feedforward.  After  20  sec  the  amplitude  of  the  attitude  error  has  been  decreased  to  6 


arcsec . 

Thus  it  is  considered  reasonable  to  further  exploit  the  feedforward  compensation.  Since 
the  IPS  is  disturbed  by  one  (or  two)  dominant  flexible  ISF  modes  only,  it  seems  to  be 
well  feasible  to  conceive  a  disturbance  observer  of  limited  order  based  on  distributed 


Fig.  8:  IPS  in  Space  Station  Freedom  Configuration 
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Fig.  10:  IPS  Han  Motion  Response  on  the  ISF  (without  feedforward) 
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Fig.  11:  IPS  Thruster  Firing  Response  on  the  1SF 


5.  CONCLUSION  AND  FUTURE  OUTLOOK 

The  IPS  performance  during  the  Spacelab  2  mission  rendered  essential  benefit  for  experi¬ 
ments.  Attitude  control  with  flexible  mode  attenuation  and  Kalman  filtering  based  on  op- 
«  tical  sensor  and  gyro  measurements  enable  precision  pointing  for  the  IPS  as  well  as  for 

satellites.  The  IPS  specifically  has  to  cope  with  step-like  disturbances  of  its  mounting 
base.  Therefore  further  studies  are  ongoing  to  prove  that  the  IPS  car.  provide  a  pointing 
performance  on  the  ISF  being  close  to  the  Spacelab  2  results  in  order  to  enhance  the  IPS 
as  long-term  available  platform  for  a  variety  of  tracking  and  pointing  experiments  on 
the  ISF. 

! 
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ABSTRACT 


The  main  interest  of  this  paper  is  to  promote  the  objectives  of  Control-Structure  Interaction  (('SI)  in  vibration  sup¬ 
pression  and  attitude  control  of  largo  spaco  structures.  Integration  of  multibody  dynamics,  flexible  structures  and  control 
system  design  is  considered  extreme!}  important  m  CSI  research.  The  concepts  of  decentralized  controls  and  optimization 
of  lightly  damped  systems  are  the  promising  approaches  for  realistic  applications. 


1.  INTRODUCTION 

A  number  of  future  space  systems  are  being  planned  at  present  for  both  military  and  civilian  applications.  Some  of 
the  common  perceptions  about  these  systems  arc.  (a)  they  arc  large  in  size,  (b)  they  are  extremely  flexible,  and  (c)  they 
nc^d  both  active  and  passive  controls  to  assure  adequate  performance  while  subjected  to  a  variety  of  disturbances.  In 
addition,  they  are  made  of  multiple  bodies  connected  together  in  a  tree  fashion  or  in  multiple  closed  loops.  For  example, 
the  proposed  NASA  Space  Station  consists  of  solar  panels,  antennas,  crew  quarters,  life  support  systems,  etc.,  and  each  of 
these  is  a  flexible  body  connected  together  by  truss  booms.  The  disturbances  arc  a  result  of  either  large  angle  maneuvers 
o?  impact  due  to  docking  or  crew  and  equipment  movement.  The  vibrations  induced  by  these  disturbances  need  to  be 
controlled  for  the  proper  operation  of  the  spacecraft.  Passive  controls,  though  extremely  important,  alone  arc  not  expected 
to  be  adequate  .  Active  controls  .arc  expected  to  play  an  important  role  in  vibration  suppression  and  shape  control.  The 
interaction  of  multibody  dynamics  and  the  extreme  flexibility  of  the  bodies  can  prcs<  nt  significant  problems  in  the  design 
of  control  systems. 

Tilt  integration  of  multibody  dynamics,  finite  clcirit.it  models,  and  active  passive  controls  is  going  to  be  the  major 
thrust  of  future  research  in  large  spate  structures  design  Each  of  these  disciplines  presents  numerous  unsolved  problems  in 
their  own  right,  and  their  integration  appears  to  be  an  intractable  problem  at  present.  Early  multibody  dynamics  research 
was  primarily  concerned  with  the  formulation  of  the  Equations  of  Motion  (EOM).  The  controversy  about  the  Newton- 
Eulcr  formulation  vs  Lagrange’s  equations  is  largely  resolved.  The  general  consensus  is  that  it  is  possible  to  obtain  the 
same  equations  of  motion  by  either  route!1!  However,  the  new  formulation,  known  as  Kane’s  formulation  which  reduces 
to  the  Lugrange  s  form  of  the  D’Alembert’s  principle  in  special  cases,  is  the  preferred  approach  at  present  because  of  its 
generality!2^  The  solution  of  the  nonlinear  equations  of  multibody  dynamics  is  another  major  obstacle  m  the  development 
of  design  methods.  Most  of  these  arc  approximate  numerical  methods,  and  their  computational  complexity,  speed,  and 
reliability  of  convergence  arc  always  in  question. 

The  flexibility  effects  of  large  bodies  in  rapid  maneuvers  further  confound  the  spacecraft  design  n*sucs.  Multiple  bodies 
are  built-up  structures  and  their  representation  by  continuum  modeling  is  at  best  unsatisfactory.  The  popular  finite 
element  modeling,  on  the  other  hand,  is  fraught  with  the  curse  of  dimensionality.  Even  though  the  finite  element  model 
is  satisfactory  to  predict  the  dynamic  behavior  of  a  constrained  flexible  body,  its  inclusion  in  the  multibody  dynamics 
seriously  alter  i  the  solution  strategy  For  example,  in  the  numerical  integration  of  the  equations  of  motion  the  time  step 
requirements  of  rigid  body  oscillations  and  flexible  motions  can  be  significantly  different,  and  a  balanced  approach  can  be 
achieved  only  by  extensive  numerical  simulation. 

Model  order  reduction  is  one  of  the  active  research  topics  in  the  development  of  active  control  technology.  The  effects 
of  unmodcllcd  modes,  truncated  modes  and  model  uncertainty  are  the  issues  that  must  be  addressed  seriously  in  the 
development  of  integrated  design  methods  The  modern  optimal  control  theory  is  entirely  based  on  linear  models  The 
nonlinear  motions  of  multiple  bodies  and  their  flexibility  require  new  approaches  for  design.  The  actuator/sensor  dynamics 
further  enhance  the  nonlinearitics.  A  flexible  structure  subjected  to  rapid  maneuvers  can  introduce  instabilities. 

Recent  interest  in  multibody  dynamics  promoted  development  of  a  number  of  computer  codes  such  as  DISCOS!3!, 
CONTOPS!*!,  ADAMS!5!,  DADS**!  etc.  Most  of  these  codes  were  originally  intended  for  the  simulation  of  rigid  body 
dynamics  Since  the  size  of  the  bodies  is  expected  to  be  large  in  spacecraft  applications,  a  realistic  simulation  cannot  ignore 
the  flexibility  effects.  The  new  enhancements  of  these  codes  are  addressing  the  flexibility  issue  to  a  limited  extent. 

The  dynamics  of  connected  bodies  is  of  interest  in  not  only  spacecraft  design  but  in  robotics  as  well.  The  major 
difference  is  that  in  the  ease  of  robots  the  analytical  simulation  can  be  verified  reasonably  well  in  experiments.  However, 
in  the  case  of  a  spacecraft  the  difficulties  arc  far  too  numerous  for  such  an  experimental  verification.  The  size  of  the 
spacecraft,  zero  gravity  environment,  absence  of  aerodynamic  damping,  and  free-free  motion  arc  some  of  the  impediments 
for  experimental  validation  of  an  analytical  simulation.  The  orbital  motion  of  the  spacecraft  adds  to  the  complexity.  It 
is  imperative  that  in  the  absence  of  such  a  validation,  our  understanding  of  the  analytical  models  must  be  thorough  and 
include  as  many  elements  as  possible  in  the  model. 
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The  purpose  of  this  paper  is  to  identify  the  design  issues  Arising  from  flexibility  effects  and  active/ passive  control  for 
vibration  suppression  of  a  nmltibody  system. 

2.  EQUATIONS  OF  MOTION  OF  MULTIBODY  SYSTEMS 

The  dynamics  of  a  multibody  system  can  be  formulated  in  a  number  of  ways.  The  Ncwton-Eulcr  formulation,  Lagrange’s 
equations,  D’Alembert's  principle  and  Kane’s  formulation  arc  some  of  the  means  for  dcriwng  the  equations  of  motion. 
Generality,  case  of  formulation  and  solution  arc  the  key  considerations  in  choosing  the  appropriate  method^1  3,7~9).  An 
inertial  reference  frame  and  \arious  body  coordinate  systems  arc  the  means  lor  defining  the  configuration  as  well  as  the 
state  space. 

The  basic  equations  of  motion  of  a  multibody  system  can  be  written  by  considering  the  dynamic  equilibrium  of  the 
individual  bodies. 

mV  =  Q  +  F  (1) 

where  V  is  a  set  of  generalized  coordinates  that  describes  the  body  configuration  in  the  inertia!  frame.  The  generalized 
forces,  Q,  on  the  bod)  include  those  induced  by  the  environment  of  the  orbiting  spacecraft  and  inertia,  elastic  and  damping 
forces  of  tK  deformable  bodies  The  <  nv.ronmcntal  forces  include  gravity,  gravity  gradient,  solar  pressure,  thermal  gradient 
and  aerodynamic  drag  in  the  ease  of  a  low  earth  orbit.  They  also  include  inertial  forces  due  to  centrifugal  and  Coriolis 
acceleration  and  the  dynamic  forces  resulting  from  spin  rate  stabilization  etc.  F  is  a  set  of  constraint  forces  transmitted 
from  tlie  inU^onnecting  bodies.  The  left-hand  side  cf  equation  I  represents  the  inertia  forces  of  the  body.  The  essence  of 
Eq  l  is  that  t».  nvironmental  and  constraint  forces  on  the  body  arc  in  dynamic  equilibrium  with  the  inertia  forces  of  the 
body  which  is  <  ..v.itially  the  statement  of  D’Alembert  s  principle  It  should  be  remembered  that  Eq.  1  covers  both  the 
forces  and  moments  of  the  body,  because  the  generalized  coordinates  V  include  both  the  translations  and  rotations.  The 
constraint  forces  F  ar*  appended  to  the  environmental  forces  Q  through  the  Lagrangian  multipliers,  A,  which  results 

mV  =  Q  +  b'\  (2) 

The  constraint  matrix,  b,  expresses  the  kinematic  conditions  of  the  interconnecting  bodies  in  the  form 

E.6,l>  =  a  (3) 

The  summation  in  Eq  3  is  over  the  number  of  bodies.  Equations  1  (or  2)  represent  n  first  order  nonlinear  ordinary 
differential  equations,  and  Eq  3  represents  rn  conditions  of  kinematic  constraints,  n  represents  the  number  of  bodies  and 
m  represents  the  number  of  connections  between  the  bodies  a  arc  the  prescribed  velocities  across  the  bodies. 

The  most  crucial  element  of  multibody  d>namic  formulations  is  development  of  tlie  mathematical  equations  for  the 
generalized  forces.  Q  Research  in  mechanical  systems  (mechanisms)  and  space  structures  produced  a  wealth  of  information 
in  the  form  of  various  formulations  and  prompted  the  development  of  tlie  computer  codes  cited  in  the  introduction.  However, 
the  difficulty  is  how  to  blend  the  complex  interactions  of  an  orbiting  spacecraft  and  develop  a  coherent  approach  for  the 
design  of  an  effective  control  system  for  vibration  suppression  and  attitude  control. 

3.  ACTIVE  AND  PASSIVE  CONTROLS 


Vibration  suppression  and  attitude  control  are  the  two  ma^or  tasks  of  the  control  system  for  large  space  structures. 
Vibrations  arc  the  elastic  motions  of  flexible  structures  which  must  be  suppressed  in  a  finite  time  to  assure  the  desired 
performance  T lie  spacecraft  attitude,  on  the  other  hand,  is  primarily  related  to  the  rigid  body  motion  However,  these 
two  arc  generally  coupled  motions  ami  must  he  controlled  simultaneously. 


Active  and  passive  controls  are  the  means  of  achieving  the  control  objectives  In  an  active  control  system  a  set  of 
actuate*, s  and  sensors  regulated  by  an  onboard  controller  produce  motions  to  counteract  the  vibrations  induced  by  the 
external  disturbances  If  the  lishirbanccs  arc  known  apriori,  an  open  loop  control  system  can  be  designed  to  suppress  the 
resulting  vibration  Open  loop  control  can  be  accomplished  by  actuator  alone.  When  the  disturbance  is  unknown,  as  in 
the  ease  of  random  disturbance,  a  closed  loop  control  s>stem  is  necessary,  and  A  would  have  both  actuators  and  sensors 

I  lie  actuators  are  generally  classified  as  mechanical,  hydraulic  and  electromagnetic.  Hydraulic  actuators  arc  generally 
not  very  suitable  for  space  applications.  Small  rocket  thrusters  or  reaction  jets  are  particularly  well  suited  for  attitude 
control  They  are  being  proposed  for  vibration  suppression  as  well  Hydraulic  cylinders,  moment  actuators,  torque  motors, 
proof-mass  actuators,  control  moment  gyros,  rear t ion  wheels,  locks  and  brakes  are  some  of  the  actuators^1**)  being  modeled 
in  spacecraft  control  system  design.  More  recently  piezoelectric  actuators  are  being  investigated  for  space  applications. 
Accelerometers,  rate  gyros,  position  sensors,  tachometers,  sun  and  star  sensors  etc.  are  the  sensors  being  considered  for 
space  applications.  Piezoelectric  and  fiber  optic  systems  are  the  closest  systems  for  distributed  control.  All  others  are 
considered  as  noint  actuators  and  snisors 

Ihe  elements  of  a  passive  control  system  are  viscous  dampers,  friction  dampers,  viscoelastic  systems,  constraint  layer 
damping  and  shock  mounts  In  addition,  joints  and  other  sources  of  sliding  and/or  slipping  at  the  microscopic  or  macroscopic 
level  contribute  to  structural  damping  inherent  in  the  system.  Structural  damping  is  generally  described  by  a  concept  called 
the  complex  modulus.  Passive  control  is  basically  an  open  loop  system.  The  mechanism  of  passive  control  in  a  vibratmg 
system  is  through  the  dissipation  energy  counteracting  tlie  kinetic  and  potential  energies.  The  damping  forces  arc  out  of 
phase  with  the  elastic  and  inertia  forces  of  the  dynamical  system. 


A  combination  of  active  controls  and  passive  damping  offers  the  best  promise  for  vibration  suppression  and  attitude 
control  of  future  space  systems  The  total  mass  of  the  spacecraft,  the  energy  available  for  control  and  the  on-line  compu¬ 
tations  arc  serious  considerations  in  the  design  of  a  control  system.  Both  passive  damping  and  active  controls  significantly 
increase  the  total  mass  and  energy  requirements.  It  would  be  impractical  to  delegate  the  control  function  entirely  to  either 
active  or  passive  controls  alone.  Instead,  the  best  compromise  appears  to  be  a  combined  control  system  in  which  a  lightly 
damped  (passive)  structure  is  designed  a  priori  in  an  open  loop  mode,  and  then  an  active  control  law  is  implemented.  The 
last  section  of  this  paper  (Section  5)  addresses  the  issue  of  designing  a  lightly  damped  system  in  the  context  of  optimization 
with  the  structure,  mass  and  damping  parameters  as  variables. 

4.  ISSUES  IN  ACTIVE  CONTROL 

The  problem  statement  of  a  Linear  Quadratic  Regulator  (LQR)  in  the  presence  of  continuous  random  disturbances  can 
be  written  as^11^  follows: 

X  =  AX  +  Du  +  tv  (4) 

The  optimization  criterion  for  the  stochastic  regulator  problem  may  be  stated  as 
Minimize 

J  =  E[f,\x‘QX  +  u,Ru)dt]  (5) 

Jto 

where  X  is  the  random  state  variable,  u  is  the  contiol  input,  A  and  1}  arc  the  plant  and  control  matrices,  and  w 
represents  a  continuous  stochastic  disturbance,  w  is  assumed  to  be  white  noise.  In  the  quadratic  performance  criterion  Q 
and  R  are  weighting  matrices  with  the  properties  that  Q  is  at  least  positive  scmidcfinitc  and  R  is  positive  definite  It  is 
assumed  in  the  above  formulation  that  the  full  state  feedback  is  available  at  all  times.  In  the  case  of  output  feedback  with 
a  finite  number  of  sensors,  the  addition  of  a  Kalman  filter  makes  the  problem  LQG  (Linear  Quadratic  Gaussian),  and  the 
necessary  modification  is  as  follows 

X  =  AX  +  Du  +  wt  (6) 

where  the  observed  variable  is  given  by 

U  =  QX  +  w2  (7) 

w,  is  the  state  excitation  noise  and  w2  is  the  measurement  noise.  The  joint  process  of  uj,  and  w2  is  assumed  to  be  white 
noise. 

The  mechanics  of  the  control  algorithm  as  described  in  Eqs.  4  to  7  arc  quite  complex  when  applied  to  a  spacecraft 
with  interconnected  flexible  bodies.  Multibody  dynamics  arc  in  general  nonlinear,  and  they  arc  linearized  at  a  particular 
state  of  interest  in  order  to  take  advantage  of  the  powerful  analytical  techniques  developed  for  linear  dynamic  systems. 
The  plant  matrix  A  in  Eq.  4  contains  linearized  multibody  dynamics,  flexibility,  inertia,  and  the  damping  properties  of  the 
individual  flexible  bodies  and  the  connecting  appendages.  In  addition,  it  also  contains  a  description  of  the  actuator  and 
sensor  dynamics,  the  constraint  forces  between  the  bodies,  the  gravity  gradient  and  other  dynamic  effects  associated  with 
the  orbiting  spacecraft  An  analytical  simulation  and  onboard  implementation  of  a  centralized  control  law  for  the  entire 
spacecraft  with  multiple  bodies  is  unpractical  for  a  number  of  reasons.  The  dimensionality  of  a  multibody  system  can  be 
very  large,  when  all  the  flexible  degrees  of  freedom  of  the  bodies  arc  added.  Order  reduction  at  such  a  large  system  level  can 
be  computationally  demanding  and  can  also  introduce  severe  errors  and  uncertainties.  In  addition  the  diverse  flexibilities 
of  the  interconnecting  bodies  and  appendages  require  different  input  and  output  sampling  rates,  and  a  centralized  control 
system  would  be  hard  pressed  to  respond.  It  is  much  more  appealing  to  decentralize  the  control  system  at  each  body  level 
for  vibration  suppression  and  design  a  separate  control  system  for  the  attitude  control  This  process  is  akin  to  passive 
vibration  isolation,  even  though  it  can  he  accomplished  with  a  combination  of  active  and  passive  controls. 

The  decentralized  control  system  is  based  on  the  premise  that  the  governing  equations  of  the  system  can  be  decoupled 
at  the  individual  body  level.  The  decoupling  extends  to  the  state  as  well  as  the  input  and  output  of  the  system.  A  canonical 
transformation  using  the  system’s  natural  modes  is  the  most  direct  approach  for  decoupling  the  system  equations.  However, 
such  an  approach  is  not  practical,  because  identification  of  the  appropriate  natural  modes  of  a  large  system  with  different 
bandwidth  requirements  of  the  bodies  is  not  an  easy  task.  Two  approaches,  which  arc  used  extensively  in  the  solution  of 
structural  dynamics  problems,  are  being  considered  for  the  decentralized  control ,  roblcm 

Analysis  based  on  component  mode  synthesis  is  a  well  established  method  in  the  solution  of  structural  dynamics 
problems  Similarly,  dynamic  reduction  based  on  reduced  basis  vectors  and  static  reduction  (Guyan  reduction)  based 
on  static  condensation  arc  available  in  many  of  the  general  purpose  analysis  codes  such  as  NASTRAN.  These  methods 
arc  based  on  the  physical  and  the  related  mathematical  partitioning  of  the  system  and  its  equation  The  solution  is 
implemented  in  two  or  more  levels.  At  the  body  or  component  l*v<d  the  dynnnv'*  properties  of  the  body  and  s» 

the  forces  acting  on  it  arc  transferred  from  the  body  interna!  degrees  of  freedom  to  the  interfacing  es  <.f  freedom  with 
the  other  bodies.  The  system  of  equations  can  he  written  symbolically  in  block  diagonal  form  as  follows* 
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MULTI-BODY  SYSTEM 
BLOCK  DIAGONAL  REPRESENTATION 


The  overlapping  degrees  of  freedom  in  the  block  diagram  represent  the  interface  between  the  bodies  Such  a  representation 
can  include  both  open  tree  and  closed  tree  topologies  as  well  In  such  a  scheme  there  will  he  n  +  1  sets  of  subsystem 
equations 

mfj  =Qj  +  FJ  j  =  1,2,...,  n  (8) 

MV  =  9  (9) 

where  n  represents  the  number  of  flexible  bodies,  and  A/  is  the  total  mass  of  the  system.  Eq  8  represents  the  dynamic 
equations  of  the  jth  flexible  body,  while  Eq.  9  represents  the  overall  system,  reduced  to  include  only  the  interface  degrees 
of  freedom  Since  the  constraint  forces  are  a  system  of  self  equilibrating  forces,  they  do  not  appear  in  the  overall  system 
equations 

A  decentralized  control  system  in  such  a  scheme  will  have  n  4- 1  controllers,  one  controller  for  each  body  and  an  overall 
controller  for  the  total  system.  Control  of  the  clastic  motions  will  be  the  primary  function  of  the  individual  body  controllers, 
while  the  attitude  control  of  the  spacecraft  will  be  relegated  to  the  system  controller 

In  an  LQG  controller  setting  the  body  controller  treats  interaction  from  the  other  bodies  as  part  of  the  stochastic 
disturbance.  This  concept  of  decentralization  is  very  appealing.  However,  its  implementation  is  fraught  with  many  pitfalls. 
Most  of  the  reduction  schemes  arc  approximate,  and  it  is  impossible  to  estimate  their  effect  on  the  stability  and  performance 
of  the  controller  without  extensive  numerical  simulation!12). 

5.  PASSIVE  CONTROL 

Passive  control  basically  involves  adjustment  of  mass,  stiffness  and  damping  of  the  flexible  body  in  order  to  achieve 
some  predetermined  dynamic  characteristics.  The  object  is  to  design  a  lightly  damped  system  to  augment  the  active 
controls  in  vibration  suppression.  This  damping  issue  can  be  addressed  as  an  optimization  problem  at  the  individual  body 
level.  Optimization  first  involves  formulation  of  an  objective  function  and  definition  of  constraints  in  the  spirit  of  nonlinear 
programming.  The  mass  of  the  body  is  an  appropriate  objective  to  minimize  in  spacecraft  applications.  The  real  and 
imaginary  parts  of  the  complex  eigenvalues  of  the  damped  system  arc  appropriate  constraints.  The  structural  (mass  and 
stiffness)  and  damping  parameters  are  the  variables  of  the  system.  Optimal  distribution  of  mass,  stiffness  and  damping 
properties  can  be  achieved  by  posing  the  optimization  problem  as  follows!13"17)  : 

Minimize 

F{x)  =  F(x,,x2,  ,.,xn)  (10) 

(11) 


Subject  to  inequality  constraints 


Z,(x)  <  2, 
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and  equality  constraints 

Z,(x)  =  Z,  (12) 

The  constraints  on  the  variables  arc  defined  as 


l  <  x  <  |  (13) 

In  the  context  of  a  truss  structure  the  mass  minimization  problem  can  be  stated  as^18) 

F(x)  =  E  tCtxt  (14) 

subject  to  constraints  on  the  real  and  imaginary  parts  of  the  complex  eigenvalues.  The  constraint  on  the  real  part  introduces 
a  desired  percentage  of  damping  in  the  mode.  The  constraint  on  the  imaginary  part  is  to  avoid  resonance  conditions.  The 
variables,  x,,  rep  resent  the  mass,  stiffness  and  damping  properties  of  the  structure  In  this  representation  an  increase  in 
damping  in  an  clement  can  be  tied  to  an  increase  in  mass  as  well,  so  that  there  is  penalty  associated  with  the  damping. 
The  purpose  of  this  optimization  is  to  achieve  an  optimal  distribution  of  damping,  stiffness  and  mass  properties  with  a 
minimal  mass  increase. 

Once  this  problem  is  posed  in  a  nonlinear  programming  setting,  it  is  possible  to  take  advantage  of  the  many  search 
algorithms  readily  available  for  optimization^3  \  lightly  damped  system  augments  the  active  control  system  and 
enhances  the  stability. 

0.  SUMMARY  AND  CONCLUSIONS 

The  interaction  of  multibody  dynamics,  the  flexibility  of  the  bodies  and  the  control  system  is  an  important  consideration 
in  the  design  and  dynamic  response  predictions  of  large  flexible  space  structures.  The  concept  of  a  decentralized  control 
system  for  lightly  damped  structures  is  extremely  appealing  and  needs  further  research  in  order  to  establish  its  validity.  The 
approximations  associated  with  order  reduction  and  substructure  representation  need  further  assessment,  before  they  can 
be  accepted  as  viable  design  approaches.  The  design  of  lightly  damped  structures  using  nonlinear  programming  algorithms 
is  a  realistic  approach  for  large  order  systems  However,  these  concepts  need  extensive  numerical  simulation  in  order  to 
establish  their  validity  for  realistic  applications. 

REFERENCES 

1  Likins.  P  W  ,  “Multibody  Dynamics  An  Historical  Perspective,"  Proceedings  of  the  Workshop  on  Multibody  Sim¬ 
ulations,  Jet  Propulsion  Laboratory,  California  Institute  of  Technology,  Editors  Man,  G  and  Laskin,  R  ,  April  15, 
1988. 

2  Kane,  T  R  and  Levinson,  D  A.,  “Formulation  of  Equations  of  Motion  of  Complex  Spacecraft,”  Journal  of  Guidance 
and  Control,  Vol.  3,  No  2,  1980. 

3  Bodlcy,  C  S  ,  Dcvcrs,  A  D.,  Park,  A.C  and  Frisch,  H.P.,  MA  Digital  Computer  Program  for  the  Dynamic  Interaction 
Simulation  of  Controls  and  Structure  (DISCOS)  ”  Vols.  1  k  2,  NASA  Technical  Paper  1219,  May  1978 

4  Waites,  H.B  and  Singh,  R  ,  “Dynamics  of  Flexible  Bodies:  CONTOPS  A  Computer  Oriented  Approach,”  Proceed¬ 
ings  of  the  Workshop  on  Multibody  Simulations,  Jet  Propulsion  Laboratory,  California  Institute  of  Technology,  Editors 
Man,  G.  and  Laskm.  R  ,  April  15,  1988 

5.  ADAMS  5,2  User's  Manual,  Mechanical  Dynamics,  Inc.,  April  1987. 

6.  DADS  User's  Manual,  Computer  Aided  Design  Software  Incorporated.  P.O.  Box  203,  Oakdale,  Iowa. 

7  Likins,  P.W  ,  “Analytical  Dynamics  and  Non-Rigid  Spacecraft  Simulation,”  JPL  Technical  Report  32-1593,  July  15, 
1974. 

8  Singh,  R  P.,  VandcrVoort,  R.J.  and  Likins,  P.W.,  “Dynamics  of  Flexible  Bodies  in  Tree  Topology  —  A  Computer- 
oriented  Approach,”  Journal  of  Guidance,  Control  and  Dynamics,  Vol.  8.,  No  5,  Scptcmber-October  1985,  pp 
584-  590. 

9.  Nikravcsh,  P  E  ,  “Systematic  Construction  of  the  Equations  of  Motion  for  Multibody  Systems  Containing  Closed 
Kinematic  Loops,”  ASME  paper  no.  89-D AC-58,  Montreal,  Canada,  September  17-20,  1989. 

10  User’s  Manual  for  TREETOPS  -  “A  Control  System  Simulation  for  Structures  with  a  Tree  Topology.” 

11*  Kwakernaak,  H.  and  Sivan,  R.,  “Linear  Optimal  Control  Systems,”  Wilcy-Intcrscicncc,  New  York,  1972. 

12  Young,  K.D.,  “Hierarchical  Controlled  Component  Synthesis  of  Large  Space  Structures,”  Lawrence  Livermore  National 
Laboratory  draft  report,  UCRL  101639  This  is  also  a  paper  being  prepared  for  submittal  to  the  ll<ft  International 
Federation  of  Automatic  Control  (IFAC)  World  Congress,  August  1990. 

13.  Venkayya,  V.B.,  “Aerospace  Structures  Design  on  Computers,”  WRDC-TR-89-3045,  March  1989. 


■k** 1  vJartn-IV . * 


18-6 


14.  Vcnkayya,  V.D.,  Tisclilcr,  V.A.,  Kolonay,  R.M.  and  Canfield,  R.A.,  “A  Generalized  Optimality  Criteria  for  Mathemat¬ 
ical  Optimization,”  WRDC-TR-89-XXXX. 

15.  Vandcrplaats,  G.N.,  “A  General-Purpose  Optimization  Program  for  Engineering  Design,"  J.  Computers  and  Structures, 
Vol.  24,  No.  1,  pp  13-21,  1980. 

16.  Haftka,  R.T.  and  Kamat,  M.P.,  “Elements  of  Structural  Optimization,”  2"J  Edition,  Martinos  and  Nijhoff  in  Press. 

17.  Morris,  A.J.,  Editor,  “Foundations  of  Structural  Optimization:  A  Unified  Approach,”  John  Wiley  ti  Sons,  New  York, 
1982. 

18.  Khot,  N.S.,  “Structurcs/Control  Optimization  to  Improve  the  Dynamic  Response  of  Space  Structures,”  Journal  of 
Computational  Mechanics,  Vol.  3,  No.  3,  1988,  pp  179-186. 


19-1 


DYNAMICS  AND  DYNAMICS  EXPERIMENTS  INTSS-I* 
by 

Silvio  Bcrganmsehi 

Principal  Investigator  of.  Theoretical  and  Experimental  Investigation  on  TSS- 1  Dynamics 

Department  of  Mechanical  Engineering,  University  of  Padua 
Via  Venezia  1, 35 1 31  Padua,  Italy 


SUMMARY 

TSS-1  (Tethered  Satellite  System-1)  is  the  first  retrievable  space  system  to  be  tethered  to  the  Shuttle  in  order 
to  conduct  scientific  experiments. 

The  nominal  profile  of  the  mission  will  consist  of: 

•  a  deployment  phase,  where  the  tether  is  reeled  out  from  the  Shuttle  until  the  satellite  is  20  km  above  it 

•  stationkeeping,  in  which  the  tether  length  is  almost  constant  and  the  scientific  activity  reaches  its  maximum 

•  retrieval,  where  the  tether  is  reeled  in,  until  the  satellite  is  recovered  in  the  cargo  bay. 

Two  of  the  research  proposals  selected  in  1984  by  a  joint  U.S.-Italy  commission  arc  dedicated  to  the  study  of 
the  dynamics  of  this  novel  system.  Purpose  of  this  paper  is: 

•  to  comment  the  mathematical  models  implemented  so  far  to  simulate  TSS-1  dynamics 

•  to  present  the  rationale  of  the  investigation  activity  (being)  carried  out  at  the  University  of  Padua  and  to 
survey  its  functional  objectives. 

INTRODUCTION 

It  is  known  that  the  origin  of  the  concept  of  long  tethers  in  space  can  be  traced  back  to  the  end  of  the  19th 
century,  when  Tsiolkowskii  [1**]  first  proposed  a  tower  anchored  to  the  Earth  and  extending  beyond  the  altitude  of 
the  geostationary  orbit. 

In  the  space  era,  the  idea  of  tethering  a  satellite  to  the  Space  Shuttle,  in  order  to  conduct  acronomy,  gravity 
gradiometry  and  electrodynamics  experiments  in  LEO  was  first  proposed  in  a  SAO  report  (2);  investigations  on  the 
dynamics  of  such  a  system  began  in  1975,  with  two  independent  studies  sponsored  by  NASA/MSFC  [3]  and 
ESA/ESTEC  [4],  the  purpose  of  which  was  mainly  to  define  the  feasibility  of  deployment  and  retrieval  manoeuvres. 

In  the  second  half  of  the  seventies,  a  number  of  investigators  developed  models  intended  to  take  into  account 
any  aspect  of  the  motion.  However,  the  inclusion  of  tether  elasticity  caused  most  of  them  to  require  excessive 
computer  time  for  the  numerical  integration  of  the  resulting  equations,  so  that  they  were  abandoned  and,  in  recent 
years,  the  trend  has  been  to  substitute  "general  purpose"  models  with  a  library  of  routines,  each  of  them  more 
limited  in  scope,  but  much  more  efficient  from  the  point  of  view  of  computational  flexibility  [5]. 

In  the  meanwhile,  at  the  beginning  of  the  eighties,  the  TSS  became  a  joint  project  between  the  U.S.  and  Italy, 
and  funding  was  approved  for  the  first  mission,  which  was  to  be  dedicated  to: 

•  in  flight  verification  of  the  concept  of  tethers  in  space 

•  dynamics  experiments 

•  electrodynamics  and  plasma  physics  experiments 

In  april  1984,  NASA  and  PSN  (the  National  Space  Plan  of  Italy,  at  present  ASI)  jointly  requested  proposals  of 
experiments  on  TSS-1.  The  selection  procedure  was  carried  out  in  the  summer  of  the  same  year  and  two  proposals 
related  to  dynamics,  by  SAO  (Smithsonian  Astrophysical  Observatory)  and  Padua  University  respectively,  were 
approved. 

At  present,  TSS-1  is  manifested  for  flight  in  May  1991.  The  mission  profile  calls  for  the  upward  deployment  of 
a  20  km  conducting  tether  and  an  overall  duration  of  some  36  hours.  From  fig.  1  (see  page  2)  is  seen  that  the 
satellite  remains  in  stationkeeping  conditions  for  about  10  hours.  A  shorter  t«iTiC  interval  during  which  the  tether 
iength  is  nearly  constant  is  also  planned  toward  the  end  of  retrieval. 


(*)  This  research  effort  has  been  sponsored  by  ASI  (Agenzla  Spazlale  Italians) 
(*‘)  See  References  at  end  of  paper 


Fig.  1 

In  both  such  periods,  part  of  the  time  will  dedicated  to  dynamics  experiments.  During  the  remaining  part  of 
the  mission  this  kind  of  activity  will  be  carried  out  on  a  non  interference  basis  with  other  scientific  experiments.  The 
hardware  to  be  used  will  primarily  consist  of  a  set  of  three  linear  accelerometers  and  three  gyros  with  mutually 
/'•■thogonal  sensitive  axes.  While  the  accelerometers  are  part  of  the  scientific  core  equipment,  the  gyros  will  also  be 

rix  attitude  determination  and  control.  The  purpose  and  flight  objectives  of  both  the  dynamics  experiments 

h. 

''op  a  number  of  mathematical  models  intended  to  simulate  TSS-1  dynamics  as  close  as  possible 

•  .0  i  are  linear  and  angular  accelerations  at  the  satellite  and  compare  experimental  results  with 
thcoi.  cal  expectations. 

HISTORY  OF  DYNAMICS  SIMULATIONS 

Rigid  tether 

The  SAO  report  mentioned  above  did  not  include  any  simulation  of  the  motion,  although  it  was  shown,  by 
means  of  a  quasi  static  model,  that  deployment  manoeuvres  arc  feasible.  This  is  because,  in  a  circular,  unperturbed 
reference  orbit,  the  system  composed  by  the  Shuttle,  a  tether  and  a  subsatcllite  has  four  possible  equilibrium 
configurations.  Two  of  them,  aligned  with  the  local  vertical,  are  stat'cally  stable,  so  that  the  tether  can  be  deployed 
both  upward  and  downward  with  respect  to  the  reference  orbit.  Tether  tension  is  provided  by  gravity  gradient;  if 
the  mass  of  the  tether  is  neglected,  one  can  write: 

t  =  3mn2/  (1) 

where: 

-  t  is  the  tether  tension 

-  m  is  the  satellite  mass 

-  n  is  the  mean  motion  of  the  Shuttle  orbit 

-  /  is  the  tether  length 

The  most  important  features  of  the  dynamics  of  a  TSS  were  studied  shortly  afterward,  and  the  criticality  of 
both  deployment  and  (in  particular)  retrieval  was  readily  apparent.  Such  features  arc  reported  here  by  commenting 
the  equations  of  what  can,  perhaps,  be  considered  as  the  simplest,  but  physically  meaningful  mathematical  model 
USeu  for  uie  simulations.  The  assumptions  are: 

•  The  Space  Shuttle  is  in  a  circular  orbit,  not  perturbed  by  the  satellite.  This  means  that  the  c.o.m.  of  the 
overall  system  coincides  with  the  c.o,m.  of  the  Shuttle  itself. 
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•  Both  the  Shuttle  and  the  satellite  arc  point  masses.  Tether  inertia  is  neglected. 

•  The  tether  is  rigid.  As  it  will  be  apparent  in  the  following,  the  assumption  of  neglecting  tether  elasticity  has 
dramatic  consequences. 

•  Control,  or  environmental  forces,  as  thrust,  air  drag,  J2  effects,  etc.  are  ignored.  Only  the  gravitational 
attraction  of  the  spherical  Earth  is  taken  into  account. 


If  one  further  assumes  that  l  is  a  control  variable,  the  motion  of  m  (sec  fig.  2)  has  two  d.o.f.:  the  in  plane  (0) 
and  out  of  plane  (4>)  libration  angles,  measured  starting  at  the  local  vertical.  In  writing  the  equations  of  motion,  it  is 
usuaiiy  taken  advantage  from  the  fact  that  //a  <  <  1  (a  is  the  semimajor  axis  of  the  Shuttle  orbit),  so  that  the 
gravitational  potential  at  m  is  expanded  in  series  and  the  terms  with  powers  higher  than  the  second  of  I/a  arc 
neglected.  Finally,  limiting  the  analysis  to  small  angles,  the  dynamical  equations  arc: 


0  +  2j<~>  +  3rc20  =  -?.rtj 

i  .  , 

$  +  ?.-<{>  +  4/t  <j>  =  0 


(2a) 

(2b) 


from  which  it  is  seen  that  small  in  plane  and  out  of  plane  libration  angles  arc  uncoupled.  First,  let  us  coasidcr 
the  case  with  constant  /  (stationkeeping);  in  this  situation,  the  motion  is  the  composition  of  two  harmonic 
oscillations  with  slightly  different  periods  (see  fig.  3,  where  the  periods  have  been  plotted  vs.  the  orbital  altitude),  so 
that  the  system  is  dynamically  stable. 
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Different  is  the  case  in  which  i  is  not  zero.  In  the  first  place, the  forcing  term  in  eq.  (2a),  originated  by  the 
Coriolis  acceleration,  pulls  the  tether  away  from  the  local  vertical.  If  the  same  control  law  is  used  during  the 
manoeuvres,  the  destabilizing  action  is  the  same  for  deployment  and  retrieval.  On  the  contrary,  the  angular 
velocities  dependent  terms  cause,  in  both  equations,  the  librations  excited  during  deployment  to  be  damped  out  as 
the  tether  is  reeled  out,  while  they  originate  self  excited  oscillations  during  retrieval.  Thus,  it  can  be  concluded  that, 
although  the  initial  phase  of  deployment  is  also  critical  because  tether  tension  is  small  (sec  cq.  1),  the  highest 
degree  of  dynamical  instability  occurs  in  the  last  phase  of  retrieval.  For  this  reason,  the  simulations  carried  out  a 
NASA/MSFC  and  ESA/ESTEC  with  different  models  and  computational  techniques,  led  to  remarkably  similar 
results,  i.e., while  6-3  hours  arc  sufficient  to  successfully  complete  a  100  km.  deployment,  depending  on  the  control 
law  being  adopted,  more  than  1  day  is  needed  to  retrieve  the  satellite  from  the  same  distance. 

Further  dynamics  studies  were  performed  by  MMC  (Martin  Marietta  Corporation)  ai  d  BASD  (Ball  Brothers 
Aerospace  Division)  during  the  phase  B  of  the  TSS-1  project,  and  shortly  afterwards  by  Acritalia  in  Italy.  One  of 
the  main  purposes  was  to  shorten  the  excessive  time  interval  required  by  retrieval.  Two  different  approaches  were 
proposed: 

•  to  avoid  excessive  angular  excursions  from  the  local  vertical  by  means  of  suitable  manoeuvres  of  the  Shuttle, 
in  analogy  with  the  well  known  fact  that  the  dynamics  of  a  pendulum  can  be  controlled  by  the  motion  of  its 
suspension  point 

•  to  consider  an  active  satellite  (with  yaw  control)  with  radial  in  plane  and  out  of  plane  thrusters  for  libration 
damping. 

Both  alternatives  showed  promising  results  and  allowed  retrieval  to  be  completed  in  6-7  hours.  Later  on  it  was 
decided  that  the  subsatellitc  should  have  been  active  and  an  additional  set  of  thrusters,  nominally  parallel  to  the 
tcthcrline,  was  included  in  the  finai  configuration,  in  order  to  ensure  a  minimum  artificial  tension  of  2  N  when 
gravity  gradient  is  small. 

The  mathematical  models  used  in  this  phase  of  the  dynamics  analysis  were,  of  course,  more  general  in  scope 
than  the  one  shown  above.  They  were  not  limited  to  small  angles,  included  tether  inertia  and  took  into  account 
some  environmental  effects  as  air  drag  and  J2  perturbations;  however,  they  shared  the  common  feature  to  neglect 
tether  elasticity.  For  this  reason,  they  were  relatively  simple  and  numerical  integrations  were  fast;  on  the  other  side, 
the  simulation  of  tether  longitudinal  and  lateral  vibrations  was  ruled  out. 

Elastic  tether 

In  the  second  half  of  the  seventies,  the  novelty  and  intricacy  of  the  problem  of  tether  dynamics  attracted  a 
number  of  investigators  who  worked  actively  to  relax  the  assumptions  by  which  existing  codes  were  constrained. 
The  idea  was  to  implement  what  was  later  called  a  'general  purpose  model",  with  the  capability  to  simulate: 

•  tether  elasticity  effects 

•  environmental,  thrust  and  control  forces 

«  Shuttle  and  satellite  attitude  dynamics 

•  Shuttle  elliptic  orbit  and  orbital  perturbations 

The  situation  in  those  years  is  best  summarized  in  [6J.  In  most  models  tether  elasticity  was  simulated  by  means 
of  discretization  techniques  (finite  differences,  or  finite  elements)  and  the  resulting  equations  were  integrated  by 
means  of  numerical  methods.  Unfortunately,  the  frequencies  of  the  elastic  vibration  modes  are  much  higher  than 
the  mean  orbital  motion;  on  the  other  side,  tether  vibrations  and  rigid  body  librations  arc  coupled  in  the  equations 
of  motion,  so  that  very  small  integration  steps  have  to  be  adopted  to  maintain  the  accuracy  and  computer  time  is 
likely  to  be  excessive  in  many  cases.  To  be  more  specific,  let  us  consider  the  TSS-1  case  where: 

a  =  6674  km  /  =  20  km  m  =  550  kg  (3) 

while  the  tether  density,  Young  modulus  and  diameter  arc  respectively: 

p  =  1.5  ■  103  kg/m3  E  =  7  •  1010  N/m2  d  =  2.5  mm  (4) 

From  fig.  3  it  is  seen  that  the  frequency  of  the  in  plane  libration  is  2  •  10'3  rad/scc,  depending  only  on  the  orbit 
altitude.  The  frequencies  of  the  two  lower  modes  of  the  longitudinal  vibrations  of  the  tether  arc  respectively: 

mt  =  1.77  •  10'1  rad/scc  &>2  =  1.07  rad/scc 

Therefore,  an  integration  step  smaller  than  1  sec  is  needed  to  simulate  correctly  this  kind  of  vibrations  up  only 
to  the  second  mode.  If  upper  modes  have  to  be  included,  the  number  of  d.o.f.  is  increased  ant  the  step  decreased 
correspondingly,  so  that  it  is  not  surprising  that  the  time  required  for  some  numerical  integrations  can  be  as  large  as 
ten  times  the  physical  time. 
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As  a  consequence,  in  more  recent  years  the  trend  has  been  toward  the  implementation  of  libraries  of  codes 
’ess  general  in  scope,  but  more  easy  and  less  expensive  to  be  used,  each  of  them  tailored  to  describe  a  few  aspects 
of  TSS-1  dynamics.  The  need  for  this  kind  of  approach  has  been  emphasized  also  by  the  fact  that,  in  the  meantime, 
several  other  applications  of  tethers  in  space,  different  from  the  TSS  project,  have  been  proposed.  Such 
applications  include  attitude  and  c.o.m.  location  control  of  the  Space  Station  Freedom,  variable  gravity  tethered 
laboratories,  creation  of  artificial  gravity  for  the  manned  mission  to  Mars,  etc.,  so  that  what  could  be  considered  a 
general  purpose  code  for  TSS-1  might  be  insufficient  to  describe  some  features  of  the  motion,  important  in  other 
applications.  The  conclusions  above  can  be  found  in  [SJ. 

Going  back  to  the  specific  problem  of  the  simulation  of  tether  clastic  vibrations,  in  the  eighties  extensive  use 
has  been  made  of  modal  analysis.  What  follows  is  a  summary,  as  short  as  possible,  of  one  [7]  of  the  so  called 
analytical-numerical  models,  intended  to  reduce  the  computational  burden. 

Most  of  the  assumptions  valid  in  this  case  are  the  same  made  above,  the  fundamental  difference  being  that  now 
the  tether  is  considered  to  be  a  perfectly  elastic  monodimcnsional  continuum.  No  material  damping  is  included  in 
the  model,  because  of  lack  of  experimental  information.  Referring  to  fig.  4,  let  (0,X,Y,Z)  be  an  inertial  reference 
system  centered  at  the  Earth  c.o.m.,  the  XY  plane  coincident  with  the  equatorial  plane  ad  Z  toward  the  north  pole; 
let  also  (S,x,y,z)  be  a  rotating  frame  with  its  origin  al  the  Shuttle  c.o.m.,  x  along  the  ascending  local  vertical,  y 
coincident  with  the  direction  of  the  Shuttle  orbital  velocity  and  z  toward  the  orbit  pole.  Further,  s  is  the  space 
independent  variable  in  the  tether  domain.  The  lagrangian  density  of  this  system  can  be  written  as: 


L-X-\i{(.x-ny)i~ly~n(a  +  x)Y  +  zz)~]-EA[(x'* 


-pn 


2x2-y2-z2\ 
a  2a 2  ) 


(5) 


where  p.  is  the  tether  mass  per  unit  length,  the  dots  mean  time  derivatives,  while  the  primes  denote 
differentiation  with  respect  to  s.  With  the  assumptions  made,  the  configurations  with  the  tether  along  the  local 
vertical  are  of  stable  equilibrium.  In  these  conditions  the  tether  is  stressed  because  of  the  gravity  gradient  acting  on 
it  and  on  the  satellite;  therefore,  considering  the  small  amplitude  oscillations  around  such  configurations,  the 
solutions  have  the  form: 


x  (s,t)  =  xi  (s)  +  ex2  (s,t) 

|  y(s,t)  =  ey2(s,t)  (6) 

!  z(s,t)  =  eZ2(s,t) 

i 

,  where  xi  (s)  is  the  solution  in  equilibrium  conditions  and  s  a  small  ordering  parameter.  By  substituting  (6)  in 

(5)  and  using  standard  methods,  the  strai .  in  the  equilibrium  configuration  can  be  obtained  from  the  0-th  order 
lagrangian  density. 

In  fig.  5  (see  page  6)  the  elongations  of  the  tether  at  the  satellite  have  been  plotted  for  lengths  up  to  100  km 
tjirpp  different  dismeters.  Therefore,  the  ciongstion  in  the  csss  of  TSST  is  expected  to  be  less  then  *1  m,  while 
in  the  second  mission  the  tether  would  be  lengthened  by  about  100  m. 

The  dynamical  equations  can  be  derived  from  the  second  order  lagrangian  density.  They,  together  with  the 
proper  boundary  conditions,  are  not  reported  here  for  sake  of  brevity;  in  any  case,  what  turns  out  is  that  | 

longitudinal  and  in  plane  lateral  (taut  string)  vibrations  are  coupled,  while  lateral  out  of  plane  oscillations  are  | 

uncoupled  to  them.  , 

i 

f 

A  I 
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Fig,  6  (see  page  7)  shows  the  frequencies  of  the  out  of  plane  oscillations  (non  dimensionalized  with  respect  to 
n)  as  functions  of  the  mode  order,  both  for  the  TSS-1  and  TSS-2  missions. 

Fig.  7  (see  page  7)  shows  the  first  three  vibration  modes  for  TSS-1.  It  is  seen  that  the  fundamental  mode  is  a 
rigid  libration  with  frequency  equal  to  the  one  predicted  by  eq.  (2b).  It  is  noted  that,  in  the  higher  modes,  the 
vibration  amplitude  at  the  satellite,  though  small,  is  different  from  zero. 

Similar  results  have  been  obtained  for  the  longitudinal-in  plane  coupled  vibrations. 

FURTHER  ASPECTS  OF  TSS-1  MOTION 

From  the  assumptions  made  above,  it  is  clear  that  different  models  arc  needed  in  order  to  simulate  other 
important  features  of  TSS  dynamics  and  make  the  theoretical  expectations  closer  to  the  real  motion.  In  the 
following,  an  overview  is  made  of  other  models  used,  or  in  the  process  of  implementation,  to  describe  the  time 
evolution  of  degrees  of  freedom  not  included  in  the  model  just  presented. 

Orbit  eccentricity.  The  residual  eccentricity  of  the  Shuttle  orbit  in  nominal  conditions  is  of  the  order  of  10'3, 
corresponding  to  a  difference  between  apogee  and  perigee  altitudes  of  about  14  km.  From  the  theory  of  gravity 
gradient  stabilisation  of  rigid  satellites  in  low  eccentric  orbits  [8]  it  is  known  that  e  forces  the  pitch  motion  to 
oscillate  harmonically  with  frequency  equal  to  the  orbit  mean  motion.  In  the  present  case  the  amplitude,  in  radians, 
of  the  libration  is  equal  to  the  eccentricity  value. 

Earth  oblateness.  The  perturbation  of  the  reference  orbit  originated  by  the  Earth  oblatcncss  and  the 
subsequent  tether  motion  have  been  studied  by  several  authors  (see  [9J  for  additional  references).  The  related 
mathematics  arc  somewhat  involved,  so  that  no  formulas  arc  reported  here.  It  is  sufficient  to  note  that,  since 
J2  =  0(10'3),  the  perturbations  are  of  the  same  order  of  magnitude  of  the  one  caused  by  residual  eccentricity. 
Computer  simulations  have  shown  that  the  acceleration  level  at  the  satellite  is  less  than  lO^g,  not  detectable  by  the 
accelerometers  mounted  on  board  TSS-1 . 


kf  it  J  ^  ■** 
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Fig.  8 


Interaction  of  the  conducting  tetiier  with  the  Earth  magnetic  field.  Since  the  TSS-1  mission  is  dedicated  also 
to  electrodynamics  and  plasma  physics  experiments,  the  tether  will  be  electrically  conducting.  As  a  consequence, 
the  interaction  of  the  conducting  tether  with  the  Earth  magnetic  field  generates,  according  to  Laplace  laws,  a 
perturbing  force  which  pulls  the  satellite  away  from  the  local  vertical.  The  force  acting  on  an  infinitesimal  tether 
element  of  length  ds  is: 

3F  =  ioBxHs  (7*) 

where: 

-  io  is  the  intensity  of  the  current  flowing  in  the  tether 

-  B  is  the  induction  of  the  Earth  magnetic  field  at  3s 

To  assign  a  numerical  value  to  io  is,  in  this  case,  a  problem,  because  the  intensity  is  precisely  one  of  the 
quantities  which  will  be  measured  in  some  of  the  electrodynamics  experiments.  From  preliminary  evaluations 
reported  at  the  investigators  Working  Group  meetings  it  turns  out  that  i0  will  be  in  any  case  less  than  1  A  (more 
likely,  a  few  100  mA).  Thus,  dynamical  equations  have  been  written  to  describe  the  three  dimensional  motion  of  a 
rigid  tethered  system  subjected  to  gravity  gradient  and  force  (7),  where  a  tilted  dipole  model  has  been  used  to 
derive  the  expression  of  B  *  [10],  The  equations  have  been  integrated  numerically  and  some  of  the  results  for  the 
time  behaviour  of  the  displacement  angles  0  and  <j>  (already  defined)  in  the  case  with  io  =  1A  arc  shown  in  figs.  8 
and  9. 

It  is  seen  that  the  maximum  angular  displacements  in  the  orbit  plane  are  about  0.7  deg.,  while  <j>max  is  close  to 
0.3  deg.  This  means  that  the  maximum  linear  acceleration  at  the  satellite,  when  the  tether  is  fully  deployed,  is  about 
5  Hrg.  In  conclusion,  this  kind  of  perturbation  is  at  the  limit  of  the  detection  capability  of  the  accelerometers. 


Fig.  9 


(*)  The  bar  denote*  vector 
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Fig.  10 


Satellite  attitude  motion.  So  far,  the  satellite  has  been  considered  as  a  point  mass,  so  that  the  d.o.f.  relative  to 
its  attitude  have  been  neglected.  A  more  accurate  model  must  simulate  the  satellite  as  a  rigid  body,  but  the 
problem  arises  that  its  oscillations  around  the  tether  attachment  point  are  coupled  to  the  librations  and  vibrations 
of  the  tether  itself.  Therefore,  the  simplification  has  sometimes  been  made  to  restrict  the  analysis  to  the  case  with 
the  tether  along  the  local  vertical  and  to  consider  the  tether  action  on  the  satellite  as  an  external  torque.  At  present, 
since  the  satellite  will  be  spinning  at  1  r.p.m.  during  part  of  the  mission,  a  model  based  on  Euler  equations  is  under 
development  to  study  the  spin  effect  on  the  attitude. 

However,  preliminary  information  can  be  obtained  from  simpler  models.  For  instance,  fig.  10  shows  the 
dependence  of  satellite  pitch  period  on  tether  length.  The  period  increase  as  /  decreases  is  due  to  the  weakening  of 
the  restoring  gravity  gradient  torque.  With  /  =  100  km,  the  period  is  about  5  sec. 

Air  drag.  The  effect  of  air  drag  on  TSS-1  is  expected  to  be  small,  both  for  the  anticipated  Shuttle  altitude  of 
296  km  and  because  of  the  upward  deployment.  Considering  worst  case  conditions,  it  is  found  that  the  equilibrium 
configuration  is  displaced  from  the  local  vertical  by  about  0.1  deg.  Therefore,  the  forcing  acceleration  at  the 
satellite  is  not  detectable  by  the  instruments. 

Completely  different  will  be,  of  course,  the  case  of  TSS-2,  where  a  downward  deployment  is  planned  and  the 
final  altitude  is  foreseen  to  be  around  130  km. 


Tether  material  damping  and  elastic  properties.  To  the  author’s  opinion,  ti 's  is  the  most  crucial  problem  of 
simulations.  In  fact,  from  a  review  of  TSS  dynamics  models,  it  is  easily  seen  that  most  frequently  the  tether  has  been 
simulated  as  rigid,  or  purely  elastic,  although  several  computer  codes  have  the  capability  to  take  into  account,  at 
least  in  part,  the  damping  action.  This  situation  is  due  to  a  number  of  causes: 

•  The  structure  of  the  tether  to  be  used  for  TSS-1  is  far  from  simple.  From  fig.  11  (see  page  10)  it  is  seen  that 
it  is  made  up  by  5  coaxial  elements,  while  only  one  of  them,  made  by  braided  kcvlar,  is  needed  to  withstand 
mechanical  stresses. 

•  Experimental  work  has  been  done  in  the  past,  but  problems  have  been  raised  for  data  interpretation  (i.c. 
viscous  or  structural  damping  ?)  At  present,  it  seems  that  the  best  available  analysis  is  contained  in  (11). 
Moreover,  it  is  not  trivial  to  extrapolate  the  results,  obtained  with  10-15  m  long  specimens,  to  a  20  km  tether. 

•  Space  conditions  will  be  different  from  laboratory  ones,  so  that  it  is  questionable  if  the  same  damping 
mechanism  apply  (friction  between  elementary  fibers  ?).  Further,  outgassing  might  also  alter  the  physical 
properties  of  the  tether. 


From  these  considerations,  it  appears  that  the  problem  of  tether  damping  is  quite  open  and  that,  possibly,  the 
only  viable  method  to  gain  insight  in  it  will  be  to  conduct  in-flight  experiments.  As  a  consequence,  some  of  the  flight 
objectives  of  the  dynamics  experiments  to  be  performed  during  the  TSS-1  mission  will  be  dedicated  to  the  analysis 
of  damping. 

Also,  it  is  important  to  note  that  other  tether  characteristics  arc  known  with  limited  accuracy.  For  example,  it 
is  usually  assumed  that  its  diameter  is  2.5  mm  and  this  value  is  used  ill  tiie  calculation  of  vibration  frequencies,  in 
the  same  way,  the  Young’s  modulus  of  keviar  is  most  frequently  adopted.  But  how  close  arc  these  assumptions  to 
the  characteristics  of  the  real,  composite  tether  ?  Thus,  it  is  seen  that  the  quality  of  simulations  can  be  reduced  not 
only  by  simplifying  assumptions  on  which,  more  or  less,  all  the  models  arc  based,  but  also  by  limited  knowledge  of 
some  of  the  parameters  affecting  the  motion. 
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FIRST  MISSION  (TSS)  CONDUCTING  TETHER  CONFIGURATION 


Fig.  11 

Failure  modes.  In  the  course  of  several  years,  some  investigators  (among  which  is  the  author)  have  studied  the 
dynamical  behaviour  of  TSS-1  in  the  event  that  non  nominal  conditions  occur  during  the  flight.  It  is  not  the  case 
here  to  go  into  the  details  of  such  special  studies.  However,  models  have  been  developed  to  study: 

•  tether  slackness  induced  by  jamming  of  the  reel  mechanism 

•  dynamics,  after  tether  breakage,  of  both  the  part  which  remain  in  connection  with  the  Shuttle  [12]  and  the 
other  one  attached  to  the  satellite 

•  instability  induced  by  jettison  of  one  of  the  deployable-retrievable  booms  to  be  used  for  RETE  experiment 

•  decay  time  of  satellite  free  orbit  after  tether  breakage,  in  order  to  evaluate  the  rescue  feasibility  in  a  future 
Shuttle  mission  (13]. 

FUNCTIONAL  OBJECTIVES 

TEID  (Theoretical  and  Experimental  Investigation  of  TSS  Dynamics)  is  the  name  given  by  the  project  to  the 
Padua  experiment.  Its  functional  objectives  (listed  below)  arc  the  logical  consequence  of  the  present  status  of 
simulation  models  and  of  their  limitations.  It  is  noted  that  these  F.O.-s  are  quite  similar  to  the  ones  of  the  other 
dynamics  experiment  on  TSS-1. 

F.O.l  Pre-deployment  dynamics  measurement.  It  is  desired  to  measure  the  dynamic  noise  on  board  the  Shuttle, 
before  the  beginning  of  deployment.  If  possible,  two  sets  of  acceleration  data  will  be  generated:  the  first 
when  the  boom  carrying  the  satellite  is  still  stowed  in  the  cargo  bay,  the  second  when  it  is  fully  extended 
with  the  satellite  latched  at  the  tip. 

F.0.2  Deployment  profile.  Many  interesting  phenomena  can  be  identified  during  deployment.  In  particular,  since 
the  frequencies  of  the  motion  of  different  d.o.f.  depend  on  tether  length,  some  of  them  arc  equal  in  some 
phase,  thus  affecting  energy  transfer  between  different  components  of  the  motion.  For  the  purpose  of  this 
objective,  no  restrictions  or  inhibits  arc  placed  on  other  experiments. 

F.0.3  In  line  Impulse  response  function.  This  F.O.  requires  the  application  of  a  perturbation  along  the  tether 
axis  (e.g.  applying  reel  brake)  when  the  satellite  is  on  station  1.  From  the  analysis  of  the  ensuing  free 
longitudinal  vibrations,  information  can  be  obtained  on  system  damping  and  acceleration  regime  at  the 
satellite. 

F.0.4  In  line  periodic  perturbation  on  station  t.  The  application  of  an  in  line  perturbation  (  e.g.  by  means  of  the 
satellite  in  line  thrusters)  is  required  to  study  the  forced  oscillations  regime  and  tether  material  damping. 

F.0.5  Transverse  impulse  on  station  1.  It  is  required  to  apply  a  transverse  impulse  to  the  satellite,  at  the  purpose 
of  studying  tether  taut  string  vibrations,  the  so-called  skip-rope  motion  and  TSS  attitude  dynamics. 


19-11 


F.O.6  Dynamic  quiet  measurements  on  station  1.  The  purpose  of  this  F.O.  is  to  measure  the  environmental 
forces  acting  on  the  system.  During  the  corresponding  time  interval,  internal  perturbation  sources  as 
satellite  thrusters  acceleration,  Shuttle  attitude  and  orbit  manoeuvres,  etc.  should  be  reduced  to  a 
minimum. 

F.0.7  Retrieval  profile.  The  purpose  is  the  same  of  the  one  of  F.O.2. 

F.0.8  In  line  impulse  response  function  on  station  2.  The  same  goals  of  F.0.3  apply.  The  vibration  regime  is 
different  in  this  ease,  because  of  the  much  shorter  tether. 

The  accelerometers  to  be  used  for  the  experiments  arc  manufactured  by  Bell  Aerospace.  Their  measurement 
ranges  are: 

-  x,y  axes  (nominal  local  horizontals):  from  1  ■  10'5  g  to  1  ■  10'2  g 

-  z  aids  (nominal  local  vertical):  from  1  •  104  g  to  0. 8  •  1GP  g 

while  their  bandwidth  is  from  DC  to  1  Hz. 

The  three  axis  integrating  gyro  has  two  operating  modes.  In  the  fine  mode  angulai  velocities  can  be  detected 
up  to  0.8  dcg/scc,  while  oima*  in  the  coarse  mode  is  2  deg/sec. 

The  constant  drift  in  the  two  modes  is  1  deg/hour  and  2.5  degfliour  respectively  and  the  short  term  random 
drift  is  less  them  0.02  deg/hour  in  both  modes. 

It  is  also  noted  that  many  perturbations  originated  by  the  system  itself  arc  likely  to  be  detected  by  the 
instruments.  Knowledge  of  timing  and  features  of  such  disturbances  is  of  vital  importance  for  the  interpretation  of 
data. 
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ABSTRACT 

The  current  status  and  plans  of  the  U.S.  National  Aero-Space  Plane  (NASP)  program  arc  reviewed.  The  goal  of  the 
program  is  to  develop  technology  for  single  stage,  hypersonic  vehicles  which  use  airbreathing  propulsion  to  fly  directly  to 
orbit.  The  program  features  an  X-30  flight  research  vehicle  to  explore  altitude-speed  regimes  not  amenable  to  ground  testing 
The  decision  to  build  the  X-30  is  now  scheduled  for  1993,  with  the  first  flight  in  the  late  1990's  The  flight  mechanics, 
controls,  flight  management,  and  flight  test  considerations  for  the  X-30  are  discussed. 

1.0  INTRODUCTION 

The  National  Aero-Space  Plane  (NASP)  program  is  a  joint  DOD/NASA  program  to  develop  technology  for  a  new  class 
of  aerospace  vehicles  that  can  takeoff  from  conventional  runways  and  fly  directly  into  Earth  orbit  or  cruise  at  hypersonic 
speeds  in  the  Earth's  atmosphere  (ref.  1).  These  vehicles  will  employ  airbreathing  propulsion  systems,  will  be  reusable,  and 
are  visualized  as  operating  in  an  airline-like  mode  with  significantly  reduced  operating  costs  relative  to  current  conventional 
space  vehicles.  A  key  feature  of  the  NASP  program  is  a  flight  research  vehicle,  the  X-30,  shown  in  figure  1,  for  investigating 
flight  conditions  that  cannot  be  simulated  in  ground  facilities  and  to  serve  as  a  pathfinding  vehicle  for  future  hypersonic 
vehicles 

There  arc  several  hypersonic  vehicle  programs  being  pursued  by  other  nations  with  goals  similar  to  the  NASP  program 
The  United  Kingdom  has  studied  the  Horizontal  Takeoff  and  Landing  (HOTOL),  a  single  stage  space  vehicle  that  uses 
a  combination  of  airbreathing  and  rocket  propulsion.  West  Germany  is  investigating  the  Saenger  vehicle  which  features 
airbreathing  propulsion  for  the  first  stage  and  rocket  propulsion  for  the  second  stage  The  first  stage  is  also  proposed  as  a 
developmental  vehicle  for  a  future  high-speed,  Mach  5,  civil  transport.  The  Japanese  have  shown  both  single  and  two-stage 
conceptual  hypersonic  vehicles  similar  to  the  NASP  and  the  Saenger.  These  programs  were  discussed  at  the  recent  AIAA 
First  National  Aero-Space  Plane  Conference  in  Dayton,  Ohio,  July  20-21,  1989. 

The  NASP  program  consists  of  three  phases  as  shown  in  figure  2  and  is  currently  in  phase  2  or  the  technology  development 
phase  Based  oil  a  recent  review  of  the  program  by  the  U.S.  National  Space  Council,  the  decision  milestone  for  proceeding 
to  Phase  3,  the  building  and  flight  test  of  the  X-30  flight  research  vehicle,  is  now  scheduled  for  early  1993  If  the  decision  is 
positive,  flight  tests  will  begin  in  the  late  1990’s. 

The  X-30  vehicle  will  be  designed  for  atmospheric  flight  throughout  an  extremely  large  range  of  Mach  numbers  from 
0  to  25.  Flight  control,  propulsion  control,  structural  cooling  control,  and  structural  active  control  functions  will  require 
integration  to  an  unprecedented  degree.  Transitions  between  aerodynamic  and  reaction  control  will  be  frequent  For  all  these 
reasons,  flight  mechanics  and  control,  as  well  as  piloting  responsibilities,  levels  of  automation,  and  systems  reliability  are 
primary  considerations  Simulation  and  handling  qualities  studies  are  also  very  important  and  are  now  underway. 

The  X-30  flight  test  program  will  be  conducted  by  NASA  and  the  Air  Force  at  Edwards  Air  Force  Base,  California.  As 
the  test  Mach  numbers  arc  increased,  the  flight  test  area  will  encompass  virtually  all  of  the  continental  U  S  Planning  for  the 
complex  and  extensive  envelope  expansion  flight  program  has  been  initiated. 

This  paper  will  briefly  summarize  the  status  of  the  NASP  program  with  emphasis  on  flight  mechanics  and  flight  systems, 
and  flight  test  aspects  of  the  X-30  flight  research  vehicle 

2  0  NASP  PROGRAM  PERSPECTIVE 

The  NASP  program  is  m  phase  2  developing  technology  for  the  X-30  flight  research  vehicle,  which  will  be  used  to 
demonstrate  the  critical  technologies  for  airbreathing  hypersonic  vehicles.  The  U.S.  has  a  long  history  of  involvement  in 
hypersomes  research,  including  the  early  X-scries  of  research  aircraft  (ref.  2).  The  rocket  powered  X-15  set  an  altitude  record 
of  354,200  feet  and  a  speed  record  of  Mach  6.72.  The  X-30  continues  this  heritage  as  shown  in  figure  3 

The  significant  characteristic  of  the  X-30  is  the  use  of  airbreathing  propulsion,  ramjets  and  scramjets,  for  passage  through 
the  atmosphere  at  hypersonic  speeds.  As  opposed  to  a  pure  rocket  vehicle  like  the  Shuttle,  the  NASP  must  linger  in  the 
atmosphere  at  high  Mach  numbers  to  extract  its  oxidizer  and  is,  therefore,  subject  to  severe  aerodynamic  forces  and  a  high 
thermal  environment  A  comparison  of  trajectories  of  the  Space  Shuttle  and  the  NASP  or  X-30  is  shown  in  figure  4.  In 
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addition,  efficient  propulsion  requires  a  high  degree  of  integration  of  the  airframe  and  propulsion  systems.  It  is  clear  that  the 
flight  mechanics  and  control  of  such  a  vehicle  will  be  a  major  technical  challenge. 

The  three  major  elements  of  the  NASP  program  during  phase  2  are  the  engine  contracts,  the  airframe  contracts,  and  the 
technology  maturation  effort.  The  two  engine  contractors,  Pratt  &  Whitney  and  Rocketdyne,  are  involved  in  the  design  of  the 
engine  systems  including  ground  tests  of  engine  modules  as  shown  in  figure  5.  The  limit  of  ground  test  capability  for  reasonable 
sized  engines,  however,  is  about  Mach  8  The  X-30  is  needed  to  explore  the  higher  Mach  numbers.  The  airframe  contractors, 
Geneiui  Dynamics,  McDonnell  Douglas,  and  Rockwell,  are  designing  X-30  configurations,  conducting  wind  tunnel  tests, 
and  fabricating  sample  vehicle  sections  as  shown  in  figure  6.  In  the  technology  maturation  area,  government  laboratories, 
NASA  Research  Centers  (Langley,  Lewis,  and  Ames),  Air  Force  Wright  Research  Development  Center,  Johns  Hopkins 
University,  and  others  work  closely  with  the  contractors  to  improve  critical  technologies  to  reduce  the  risk  in  developing  the 
X-30.  Throughout  the  past  year,  important  contributions  have  been  made  in  the  areas  of  propulsion,  computational  flu  1 
dynamics,  aerothermodynamics,  advanced  materials,  and  flight  research  planning. 

In  the  propulsion  area,  industry  and  government  researchers  have  provided  improved  understanding  of  the  physical 
processes  m  the  inlet,  combustion  chamber  and  nozzle  of  the  scramjet  engine,  which  is  required  for  propelling  the  X-30 
from  Mach  5-6  to  orbital  speed  The  application  of  the  scramjet  and  other  propulsion  cycles  in  the  airbreathing  flight 
corridor  is  shown  m  figure  7.  Tests  have  been  completed  on  a  large-scale  inlet  model  and  efforts  continue  on  evaluating  the 
potential  of  slush  hydrogen  as  an  X-30  fuel. 

Advanced  computational  fluid  dynamics  (CFD)  codes,  which  accurately  predict  aerodynamics  and  physical  flow  effects  at 
hypersonic  flight  conditions,  are  being  used  by  the  contractors  for  evaluating  their  engine  and  airframe  configurations.  This 
information  and  other  ongoing  research  is  essential  to  achieving  the  desired  aerodynamic  and  thermal  performance  of  NASP 
and  other  hypersonic  vehicles 

Excellent  progress  is  being  made  in  the  critical  area  of  advanced  materials  and  structures  needed  for  survival  of  the  X-30 
in  the  severe  flight  environment  (ref.  3).  One  concept  for  a  materials  system  including  thermal  control  is  shown  m  figure  8. 
This  concept  includes  technologies  such  as:  reusable,  high  temperature  materials;  long  life  composite  fuel  tank,  nose  cap 
transpiration  cooling;  leading  edge  heat  pipe  cooling;  and  ceramic/compositc  control  surfaces  Centerpiece  of  the  overall 
materials  and  structures  effort  is  the  unique  consortium  of  the  five  NASP  engine  and  airframe  contractors,  who  are  working 
closely  to  accelerate  the  development  of  the  needed  materials.  A  second  consortium  of  this  type  is  being  established  for  the 
development  of  X-30  subsystems 

Wind  tunnels,  large  computer  systems,  and  other  unique  test  facilities  in  industry  and  government  are  being  used  to 
support  the  NASP  program.  The  engine  contractors  have  conducted  successful  scale  model  tests  of  their  engine  concepts, 
and  the  airframe  contractors  have  completed  important  wind  tunnel  tests  of  scale  models  of  their  X-30  vehicle  configurations 
These  tests  provide  critical  data  for  understanding  the  aerodynamic  characteristics  of  this  highly  integrated  cngme/airframe 
configuration.  These  data  also  help  to  calibrate  the  CFD  codes,  which  are  needed  for  projection  to  flight  conditions  not 
available  in  ground  facilities  These  NASP  design  and  analysis  activities  are  made  possible  by  the  supercomputer  capability 
now  available  in  industry  and  government,  and  the  excellent  technical  progress  would  not  be  possible  without  tins  capability 

Flight  research  and  test  planning  is  continuing  to  utilize  simulations  of  NASP  vehicles  with  predicted  performance  based 
on  CFD  results  from  wind  tunnel  tests.  Approaches  to  the  expansion  of  the  X-30  flight  envelope,  cockpit  displays,  off-design 
operation  of  systems,  and  other  facets  of  flight  test  are  being  evaluated  on  the  simulations  to  establish  a  safe  means  to 
conduct  the  flight  program  and  to  determine  the  critical  aerodynamic,  propulsion,  structures,  and  systems  data  needed  from 
the  flight  program. 

The  NASP  program  is  managed  by  a  team  of  DOD  and  NASA  personnel  located  in  the  Joint  Program  Office  (JPO)  at 
Wright  Patterson  Air  Force  Base  and  the  NASP  Inter-Agency  Office  (NIO)  in  the  Pentagon,  Washington,  D.C  The  U.S. 
Air  Force  leads  this  joint  DOD/NASA  team  and  reports  to  the  NASP  Steering  Group  which  is  chaired  by  the  DOD  Under 
Secretary  for  Acquisition,  and  the  NASA  Deputy  Administrator  is  the  Vice  Chairman. 

The  next  3  years  of  the  NASP  program  will  feature  extensive  testing  of  engine  modules  and  airframe  structural  components 
and  acceleration  of  efforts  in  government  and  industry  to  reduce  the  risk  in  the  critical  technologies  required  to  build  the 
X-30.  The  overall  national  team  numbers  over  5000  people  and  involves  some  200  companies  m  -10  states.  The  NASP 
program  expects  to  continue  to  progress  toward  its  key  milestone,  the  decision  to  build  and  test  the  X-30  flight  research 
vehicle,  scheduled  for  1993. 

3  0  AIRBREATIIING  HYPERSONIC  VEHICLE  CHARACTERISTICS 

For  hypersonic  vehicles  such  as  the  X-30,  there  arc  a  number  of  factors  which  affect  configuration  design  including  vehicle 
flight  mechanics,  control,  and  flight  manngomont  '•haracteristirs  The  most  boon.  faUui  is  the  requirement  for  satisfactory 
operation  of  several  propulsion  systems  over  the  Mach  range  from  0  to  25.  The  vehicle  must  fly  a  high  dynamic  pressure  (e.g. 
1500  pounds  per  square  foot)  trajectory  in  the  airbreathmg  corridor  shown  in  figure  4  to  insure  that  adequate  air  is  supplied 
to  the  propulsion  systems.  This  is  critical  for  proper  operation  of  the  ramjet  and  scramjet  above  Mach  4.  The  upper  bound 
of  the  airbreathing  corridor  is  the  limit  for  airbreathing  propulsion  and  the  lower  bound  is  the  structural  limit. 

The  basic  configuration  requires  a  high  level  of  engine-airframe  integration  as  shown  in  figure  9,  and  has  been  referred  to 
as  an  engine-frame  or  engines  with  attachments  (ref.  4).  The  forebody,  which  needs  to  be  long  and  wide  to  provide  adequate 
air  capture  at  high  Mach  numbers,  is  an  integral  part  of  the  inlet.  The  design  of  this  forcbody  must  be  carefully  integrated 
with  the  combustor  to  insure  efficient  engine  performance  over  the  speed  range,  and  this  will  probably  require  geometric 
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changes  in  the  forebody  to  insure  proper  performance.  The  position  of  the  shock  wave  and  the  boundary  layer,  for  example, 
at  the  entrance  of  the  combustor  are  critical  for  required  thrust  at  high  speeds.  This  same  forebody-combustor  must  also 
operate  efficiently  at  low  and  intermediate  speeds.  In  a  similar  way,  the  aft  body  of  the  configuration  becomes  the  nozzle 
and  proper  design  is  also  critical  for  required  performance. 

In  addition,  the  fuel  must  be  hydrogen  for  speeds  above  Mach  5-6,  and  this  will  require  a  large,  light  weight  tank  structure. 
This  suggests  a  large,  relatively  slender  and  flexible  vehicle,  which  requires  accurate  trajectory  and  configuration  control  for 
proper  engine  performance  Other  factors,  such  as  low  frequency  structural  and  fuel  slosh  modes,  could  affect  angle  of  attack 
and  sideslip  and  reduce  engine  performance.  Active  controls  may  be  required  for  structural  integrity,  and  active  thermal 
control  required  in  such  areas  as  the  leading  edges  and  the  combustor  entrance. 

As  these  vehicles  proceed  through  the  atmosphere  at  higher  Mach  numbers,  the  aerodynamic  forces  become  more  complex 
with  an  expanding  boundary  layer  transitioning  from  laminar  to  turbulent  with  attendant  effects  on  propulsion  efficiency  and 
heating  (refs.  5,6)  Viscous  effects  become  significant  at  hypersonic  speeds  and  at  very  high  Mach  numbers  and  skin  friction 
drag  can  account  for  50  percent  of  the  total  drag.  At  Mach  numbers  above  10,  real  gas  effects  begin  to  appear  and  can  affect 
the  performance  of  aerodynamic  control  effectors.  As  the  vehicles  approach  higher  altitudes,  they  lose  use  of  control  effectors 
and  must  rely  on  rockets  or  reaction  jets  for  stability  and  control.  The  propulsive-induced  moments  are  significant  and  will 
have  to  be  included  in  the  control  strategy. 

4.0  FLIGHT  MECHANICS  AND  FLIGHT  SYSTEMS  ISSUES 

4.1  Stability  and  Controls,  Trajectory  Guidance,  and  Flying  Qualities 

For  the  single  stage  to  orbit  airbreathing  hypersonic  vehicles  discussed  above,  the  designers  must  consider  vehicle 
characteristics  such  as  stability  and  control  over  the  entire  trajectory,  trajectory  optimization  and  guidance,  and  flying 
qualities.  The  NASP  contractors  arc  addressing  these  characteristics  in  their  respective  X-30  designs. 

Some  typical  hypersonic  vehicle  configurations  are  shown  in  figure  10.  Although  there  arc  clear  differences  in  projected 
performance,  some  of  the  flight  mechanics  and  control  issues  can  be  discussed  in  a  more  generic  fashion.  All  will  have  the 
airbreathing  performance  characteristics  described  in  the  previous  section.  NASA  has  done  some  analyses  of  the  conical 
configuration,  and  the  results  are  useful  in  understanding  the  dynamics  of  this  class  of  vehicle  (ref.  7).  Stability  and  control 
analyses  for  this  configuration  have  shown  that  at  the  higher  Mach  numbers,  aerodynamic  control  effectiveness  is  sharply 
reduced  In  addition,  the  aerodynamic  center  moved  forward  of  the  center  of  gravity  creating  a  pitching  moment,  which  when 
offset  by  the  elevons,  introduces  significant  trim  drag.  Hence,  center  of  gravity  management  and  thrust  vectoring  concepts 
will  have  to  be  considered. 

Since  there  is  a  requirement  for  controlling  the  angle  of  attack  accurately  to  insure  proper  propulsion  performance,  an 
analysis  was  run  to  evaluate  the  effects  of  gusts,  wind  shear,  and  turbulence  aloft  on  control  system  effectiveness  (ref.  8).  The 
results,  as  shown  in  figure  11.  indicate  that  a  more  advanced  performance  sensitive  control  system  may  have  to  be  considered. 

An  optimal  trajectory  for  the  X-30  must  be  defined  to  reach  the  desired  Mach  number  with  minimum  fuel  consumption. 
The  trajectory  must  also  minimize  thermal  loads  while  meeting  performance  goals  Guidance  along  such  optimal  trajectories 
in  the  presence  of  changing  atmospheric  conditions  will  be  a  difficult  but  necessary  task  for  the  onboard  guidance  and  control 
system. 

Although  the  X-30  may  be  flown  automatically  over  most  of  its  trajectory,  especially  at  high  Mach  numbers,  flying 
qualities  arc  a  fundamental  consideration  for  flight  safety  in  takeoff  and  landing  and  in  abort  conditions.  A  flying  quahties 
data  base  for  hypersonic  vehicles  does  not  exist  and  is  currently  being  developed  m  the  NASP  program.  This  data  base  is 
needed  for  design  of  the  flight  management  system  Flying  quahties  criteria  for  high  speed,  low  lift  to  drag  landings,  takeoffs, 
and  hypersonic  cruise  are  currently  being  studied  Fixed-base  and  motion-base  X-30  simulations  have  been  developed  in 
preparation  for  in-flight  simulation  testing 

4.2  Control  System 

The  control  system  for  hypersonic  vehicles  like  the  X-30  will  have  to  accommodate  a  wide  range  of  functions  and  will  be 
very  complex  because  of  the  high  level  of  system  integration  as  shown  in  figure  12.  The  system  will  be  responsible  for  flight 
controls,  thermal  controls,  propulsion  controls,  and  structural  controls  The  control  laws  will  be  complex,  interactive,  and 
be  able  to  provide  restructuring  in  case  of  subsystem  failures. 

The  system  will  provide  high  levels  of  automation  for  all  control  functions  and  must  be  reliable.  If  this  flight  critical 
system  fails,  then  the  result  would  be  the  loss  of  the  vehicle.  In  addition,  since  the  control  system  plays  such  a  critical  role 
in  vehicle  operations,  and  since  specific  performance  can  be  improved  or  enabled  through  the  control  system,  it  is  vital  that 
the  control  system  be  an  integral  part  of  the  overall  vehicle  design. 

4.3  Flight  Instrumentation 

Hypersonic  vehicles  will  have  a  particular  challenge  providing  sensor  information  to  the  onboard  flight  systems  to  maintain 
vehicle  control  and  the  desired  path.  Air  data  sensors  will  be  required  throughout  the  flight  envelope  for  estimating  velocity, 
angle  of  attack,  and  sideslip  Inertial  sensors  will  have  to  be  aligned  accurately  to  assist  in  flight  path  control.  Thermal  load 
sensors  will  be  integrated  into  the  flight  control  system  since  trajectory  adjustments  based  on  thermal  effects  may  have  to 
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be  considered.  Since  dynamic  pressures  will  be  high  and  wing  thicknesses  small,  structural  load  sensors  will  be  required  to 
enable  active  control  functions.  In  addition,  accurate  sensor  information  for  scramjet  propulsion  at  the  inlet,  combustor,  and 
nozzle  sections  will  be  required. 

4.4  Flight  Management 

The  design  challenges  for  a  flight  management  system  for  an  airbreathing  hypersonic  vehicle  are  shown  in  figure  13.  This 
figure  summarizes  the  control  and  pilot  interactions  discussed  in  the  sections  above.  The  crew-vehicle  interface,  in  particular, 
will  present  difficult  flight  management  challenges.  The  vehicle  systems  will  be  highly  complex  and  highly  automated,  and 
provisions  must  be  made  to  provide  the  crew  with  appropriate  information  during  all  phases  of  the  flight.  The  vehicle  must 
takeoff  horizontally,  accelerate  to  hypersonic  speeds  in  the  atmosphere,  and  eventually  to  orbit,  reenter,  and  land  horizontally. 
This  represents  an  enormous  set  of  data  that  must  be  presented  to  the  crew  in  usable  form. 

Because  the  vehicle  must  maintain  its  carefully  tailored  aerodynamic  configuration  during  all  flight  phases  except  for 
takeoff  and  landing,  and  maybe  on-orbit,  there  will  be  restricted  visibility  at  all  times.  For  operations  near  the  runway, 
pop-up  vision  systems  may  be  possible.  At  other  times,  the  view  will  be  restricted  and  may  have  to  be  augmented  with 
electronic  vision  systems.  The  conceptual  cockpit,  shown  in  figure  14,  is  being  studied  at  NASA  to  address  the  flight 
management  issues. 

5.0  FLIGHT  TEST  CONSIDERATIONS 

The  flight  test  plan  for  the  X-30  is  currently  being  developed  by  the  NASP  Joint  Program  Office  (ref.  9).  Unlike  the  Space 
Shuttle,  the  X-30  will  undergo  a  controlled  envelope  expansion  as  with  other  experimental  aircraft,  starting  with  short  flights 
near  the  test  site  and  eventually  expanding  to  orbital  flight.  The  test  site  will  be  Edwards  Air  Force  Base  in  California,  where 
NASA  also  has  its  Ames-Drydcn  Flight  Test  Center.  The  test  plan  has  been  implemented  on  a  pilot-m-the-loop  simulation 
of  generic  NASP  vehicles,  and  various  test  scenarios  have  been  evaluated.  The  plan  includes  several  existing  Air  Force  and 
NASA  ground  facilities  for  future  flight  tests 

A  preferred  envelope  expansion  that  has  resulted  from  these  studies  is  shown  m  figure  15  The  early  flights  would  be  flown 
near  Edwards,  but  as  the  vehicle  speed  increases,  the  flight  path  would  extend  beyond  that  boundary.  The  plan  is  for  the 
X-30  to  cruise  at  a  low  Mach  number  away  from  Edwards  and  at  an  altitude  above  air  traffic.  The  vehicle  would  then  turn 
back  to  the  base  and  accelerate  to  the  test  Mach  number  and  hold  for  a  brief  penod  of  tune.  A  real  advantage  is  that  the 
vehicle  has  to  spend  very  little  time  at  the  test  Mach  number,  which  reduces  the  total  heat  load.  Also,  the  vehicle  is  on  the 
way  back  to  the  base  as  it  completes  the  test.  The  vehicle  would  tnen  return  under  power  or  dead  stick  back  to  the  landing 
strip  This  vehicle  would  then  be  inspected  for  any  thermal  or  structural  damage  after  landing 

Initial  analyses  show  that  there  are  sufficient  tracking  stations  while  the  vehicle  is  over  the  U.S.,  to  acquire  the  test  data 
by  telemetry,  and  the  use  of  satellites  looks  promising  In  addition,  theie  appear  to  be  satisfactory  recovery  bases  if  one  is 
required  How  long  it  takes  to  complete  the  envelope  expansion  is  difficult  to  predict  and  will  depend  on  many  variables.  It 
is  vitally  important  to  proceed  carefully  through  the  expansion  process. 

a.O  SUMMARY 

In  the  face  of  emerging  hypersonic  vehicle  interest  in  the  world,  the  NASP  program  is  the  focus  for  the  U  S.  national 
effort.  It  is  a  very  tough  technical  challenge,  and  the  flight  mechanics  and  flight  systems  elements  aie  critical  to  vehicle 
performance  and  must  be  developed  in  parallel  with  other  elements  A  successful  flight  program  of  the  X-30  will  demonstrate 
the  technology  and  permit  us  to  exploit  those  advances  in  propulsion,  materials  and  structures,  computational  sciences, 
controls,  and  flight  mechanics  technologies  necessary  for  future  aerospace  vehicles 
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Figure  1.-  The  NASP  X-30  flight  research  vehicle. 
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Figure  3.-  Evolution  of  the  X-Scrics  research  vehicles. 
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Figure  4.-  Comparison  of  Shuttle  and  NASP  trajectories . 


Figure  6.-  NASP  Phase  2  airframe/component  development 


Figure  7.-  Propulsion  cycles  in  the  airbreathing  flight  corridor 


Figure  8.-  Advanced  materials  and  thermal  control  technologies. 
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Figure  10.*  Typical  hypersonic  vehicle  configurations . 


Figure  11.-  Atmospheric  effects  on  control  system  pcrfonnancc. 
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Figure  15.-  Flight  research  envelope  expansion 
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Abstract 

The  ascent  performance  of  winged  space  transportation  systems  is  considered.  The  system  investigated  consists 
of  two  stages  the  first  stage  of  which  is  equipped  with  an  airbreathing  propulsion  system.  For  the  second  stage, 
two  rocket-powered  vehicles  are  considered  of  which  one  is  equipped  with  wings  and  the  other  is  a  fuselage 
type  body. 

It  is  shown  which  arc  key  factors  in  regard  to  the  ascent  performance  of  the  upper  stage.  This  particularly 
concerns  the  performance  enhancement  due  to  its  lifting  capability.  It  is  shown  that  an  upper  stage  without 
wings  also  shows  an  ascent  capability  for  small  flight  path  angles  at  separation. 

Furthermore,  the  separation  flight  maneuver  is  considered.  It  is  shown  that  constraints  (dynamic  pressure 
and  load  factor  limits)  have  a  significant  effect  on  the  ascent  performance  achievable  in  regard  to  a  most 
favorable  separation  condition  for  the  upper  stage.  The  effects  of  thrust  increase  due  to  a  fuel-air  ratio  more 
than  stoichiometric  arc  considered.  It  is  shown  which  improvements  can  be  achieved  for  the  separation  flight 
condition. 

Two  optimization  methods  have  been  used.  One  is  an  indirect  technique  applying  the  minimum  principle  and 
the  method  of  multiple  shooting.  The  other  represents  a  direct  technique  where  the  control  vector  function  is 
parameterized. 


1.  Nomenclature 


Co 

= 

drag  coefficient 

T 

= 

thrust 

Cl 

= 

lift  coefficient 

i 

= 

time 

D 

= 

drag 

u 

= 

control  vector 

9 

= 

acceleration  due  to  gravity 

V 

= 

speed  (relative  to  rotating  earth) 

II 

= 

Hamiltonian 

X 

= 

state  vector 

h 

= 

altitude 

a 

= 

angle  of  attack 

hp 

= 

specific  impulse 

7 

= 

flight  path  angle 

J 

= 

performance  criterion 

6 

= 

throttle  setting 

K 

= 

lift  dependent  drag  factor 

(T 

= 

thrust  vector  angle 

l 

= 

lift 

A 

= 

lagrangc  multipliers 

M 

= 

Mach  number 

Q 

= 

atmospheric  density 

m 

= 

mass 

a 

= 

specific  fuel  consumption 

< / 

= 

dynamic  pressure,  q  =  (g/2)VJ 

V 

= 

bank  angle 

tflmax 

= 

maximal  fuel  flow  rate 

4> 

= 

latitude 

r 

= 

distance  to  earth  center  of  gravity 

4> 

= 

heading 

rc 

= 

radius  of  earth 

w 

earth  rotational  rate 

S 

= 

reference  area 

2.  Introduction 

The  Sanger  concept  represents  a  new  type  of  space  transportation  system  proposed  by  MBB  (Mcsserschmitt- 
Bolkow  Blohm),  Refs  1,2.  It  has  its  origins  in  a  concept  of  the  rocket  pioneer  Eugen  Sanger,  Ref.  3.  The  Sanger 
system  (Fig.  1)  basically  consists  of  two  stages,  the  first  of  which  is  equipped  with  wings  and  airbreathing 
engines  and  is  capable  of  performing  a  cruising  flight.  Two  types  of  rocket-powered  vehicles  are  considered  for 
the  upper  stage  One  U  a  vehicle  wings  and  thr  other  a  fuselage-type  body  without  wings. 

The  ascent  of  the  Sanger  transportation  system  is  initially  an  airbreathing  phase  including  a  horizontal  take¬ 
off  and  a  cruise  flight  to  a  suitable  latitude  position  where  the  separation  of  both  stages  takes  place.  After 
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separation,  the  second  stage  performs  an  ascent  to  an  orbit  at  about  450  km,  while  the  first  stage  returns  to 
its  base. 

This  paper  deals  with  the  ascent  optimization  of  two-stage  vehicles  similar  to  the  Sanger  system.  The 
results  presented  are  an  outcome  of  a  cooperation  with  MBB  on  the  Sanger  system.  The  investigation  on 
trajectory  optimization  for  new  space  transportation  systems  is  part  of  a  study  sponsored  by  the  Deutsche 
Bundesministcriumfur  Forschung  und  Technologic  (German  Ministry  for  Research  and  Technology). 

In  regard  to  ascent  trajectory  optimization,  space  vehicles  with  airbreathing  engines  and  lifting  capability  have 
received  greater  interest  not  until  recently  (Refs.  4-18).  Taking  a  Sanger  type  configuration  as  a  reference,  it  is 
the  purpose  of  this  paper  to  show  which  are  key  factors  for  the  ascent  performance  of  winged  two-stage  vehicles 
with  an  airbreathing  propulsion  system.  Particular  emphasis  is  given  to  the  optimization  of  the  combination 
of  the  separation  maneuver  and  of  the  ascent  of  the  upper  stage.  This  concerns  tile  limited  performance 
capabilities  of  airbreathing  first  stages  as  regards  their  capability  of  achieving  significant  flight  path  angles 
for  optimal  separating  the  upper  stage  at  a  hypersonic  flight  condition.  Other  topics  addressed  are  related 
to  the  performance  enhancement  due  to  the  lifting  capability  of  the  upper  stage  and  the  effects  resulting 
from  constraints  such  as  maximum  and  minimum  values  admissible  for  load  factor  and  dynamic  pressure.  In 
addition,  the  effect  of  thrust  increase  due  to  a  fuel-air  ratio  more  than  stoichiometric  is  considered.  It  :s  shown 
which  improvements  can  be  achieved  for  the  separation  flight  maneuver. 


3.  Modeling  Considerations 

The  modeling  of  the  vehicle  is  based  on  the  equations  of  motion  with  reference  to  a  spherical  rotating  earth 
(sec  also  Fig.  2).  They  may  be  expressed  as  (Ref.  19) 


~  =  — (Tcos(a  +  c-r)  -  £>]  -  ffsin7  +  wJrcosiji(sin7Cos^  -  cos7sin«Jsit  up) 
at  m 


dy 

It 


1  0  V 

: - [Tsin(a  +  ey)  +  /,]  cos  tp  -  cos  y  -f  _  cos  7  +  2tv  cos  <p  cos  tfi 

mV  V  r 


+  -p- cos<4(cos7COS<£  +  sin7sin<£sio  if>) 


dib  1  siny?  V  ,  , 

—  = - [7sin(a  +  cy)  +  L] - cos  7  cos  v  tan  <p 

at  mV  cos  7  r 

+  2w(tan  7  cos  <i>  sin  ip  —  sin  6) - - - sin  4>  cos  4>  cos  V* 

V  cos  7 

dip  _  V  cos  7 sin  ^ 
dt  r 


—  =  V  sin  7 
dt 

dm  _  _  dm fvei 
dt  dt 


(1) 


where 


The  equations  of  motion  are  applied  to  the  combined  system  consisting  of  both  stages  and  separately  to  the 
second  stage  alone  for  its  ascent.  Accordingly,  the  symbols  m,  T,  I,  cfc.  denote  quantities  valid  for  each  case 
considered. 

In  regard  to  powerplant  and  aerodyainic  characteristics,  a  realistic  modeling  is  applied.  For  the  combined 
system  with  its  air  breathing  propulsion  system  (turbo-,  ramjet  combination),  the  thrust,  lift  and  drag  models 
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where 


T  —  ^TmQx(A/)  h,  or) 
l  =  Ct(e/2)VJS 
D  =  CD(e/2)VJS 
dmjuc\/dt  =  <r(M,  h)T 

CL  =  CL(a,  M) 

CD  =  CDa(M)  +  K(M)C\ 


(2) 


(3) 


The  thrust,  lift  and  drag  models  of  the  rocket  powered  upper  stages  are  (for  simplicity,  no  subscripts  are  used 
for  denoting  the  upper  stages) 


T  =  S  Tmax(h) 

L  =  Ct(e/2)V’S 
D  =  CD(e/2)V7S 
dmfucl/dt  =  T/(g0I1?) 


(4) 


where 


ijnai  —  dlmax  9o  Isp{h) 

Cl  =  Cc(a,  M)  (5) 

CD  =  CDo(M)  +  I<(M)Cl 

In  general,  the  control  variables  are  the  lift  coefficient  Cl,  throttle  setting  6,  thrust  vector  angle  cq  and  bank 
angle  tp  which  are  subject  to  the  following  inequality  constraints 


CLm,n<CL<CLma, 

0  <  6  <  1 

€t  K  C't  K  Ct 
mtn  —  1  —  1  max 

Vm, n  <V><  Vmax 


(6) 


The  initial  states  of  the  lower  stage  for  the  separation  flight  maneuver  are  considered  to  be  prescribed  by  a 
reference  flight  condition  given  by  the  end  of  the  cruise  flight 


V(0)  =  Vc  7(0)  =  0 

/i(0)  =  hc  m(0)  =  mc 


(7) 


The  separation  conditions  of  the  first  stage  flight  are  given  by  altitude  and  velocity 

V(taer)  =  Vo  /•(<«,,)  =  /.0  (8) 

which  represent  initial  conditions  for  the  upper  stage.  Additional  initial  conditions  for  the  upper  stage  are 


■y(iscp)  =  7o  ”i(fjep)  =  to0 

VK^arp)  =  V'o  ^(f*ep)  =  4>o 


(9) 


The  final  state  of  the  upper  stages  is  determined  by  the  orbit  that  has  to  be  approached.  Thus 

T  («/)  =  0  /i(</)  =  hj  (10) 

The  relations  for  V(tj)  and  ^(Ij)  must  account  for  orbit  inclination  and  absolute  speed.  The  final  time  t /  is 
considered  to  be  free. 


21-4 


4.  Optimization 
4.1  Upper  Stage 

Tlie  optimization  problem  consists  of  determining  ascent  trajectories  where  the  final  mass  of  the  upper  stage 
in  orbit  is  maximum,  or  its  fuel  consumed  is  minimum.  This  can  be  formulated  by  introducing  the  following 
performance  criterion 


^  =  (11) 

where  m /„„((</)  is  the  fuel  consumed  and  tj  is  the  final  time  after  approaching  the  orbit. 

The  optimization  problem  can  now  be  stated  as  to  find  the  control  histories  Cg ,  6 ,  and  <p  and  the  final 
time  tf  which  minimize  the  performance  criterion  J  =  m/uci(tf)  subject  to  tin  dynamic  system  described  by 
Eq.  (1),  the  boundary  conditions  given  by  Eq.  (9)  and  (10)  and  the  inequality  constraints  of  Eq.  (6). 

Necessary  conditions  for  optimality  were  used  by  applying  the  minimum  principle.  This  is  described  in  the 
following. 

With  the  use  of  the  vectors 


x  =  (V,-ytxp,< j>,h,  m)7 

«  =  (Ct><5>cr>  v)T 

the  dynamic  system  (Eq.  (1))  may  be  expressed  as 

i  =  f(x,u). 


The  Hamiltonian  may  be  written  as 


//(z,A,u)  =  A7/(z,u) 


(12) 


(13) 


where  the  Lagrange  multipliers 

A  “  (Ayr,  Xy,  Xy,  Ag,  A;,,  Any)7 

have  been  adjoined  to  the  system  Eq.  (12).  The  Lagrange  multipliers  arc  determined  by 

dll 


A  =  - 


Ox 


The  controls  are  such  that  II  is  minimized  For  this  reason,  they  are  determined  by 

Oil 


du 


=  0 


(H) 


(15) 


or  by  the  constraining  bounds  of  Eq.  (0). 

The  system  described  by  Eq.  (12)  is  autonomous  so  that  II  is  constant.  Since  furthermore  the  final  time  If  for 
approaching  the  orbit  is  considered  free,  the  Hamiltonian  is  given  by 

11  =  0  (1C) 

With  the  use  of  the  above  relations,  the  optimization  problem  can  be  formulated  as  a  two  point  boundary 
problem  for  integrating  the  state  and  costate  equations,  Eqs.  (12)  and  (M).  This  problem  was  solved  with  the 
program  BOUNDSCO  (Ref.  20,  21). 


4.2  First  Stage 

The  ep.iioo  flight  of  the  first  stage  and  the  separation  flight  maneuver  for  releasing  the  upper  stage  was  inves¬ 
tigated  by  applying  a  parameterization  technique.  The  problem  considered  was  to  minimize  fuel  consumption 
for  a  flight  to  a  prescribed  separation  flight  condition.  Particular  emphasis  was  given  to  constraints  of  dynamic 
pressure  and  load  factor,  both  for  maximum  and  minimum  values  admissible.  In  the  numerical  investigation, 
the  program  TOMP  (Ref.  22)  was  used 
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5.  Results 

A  typical  optimal  (light  profile  of  a  winged  two-stage  vehicle  like  the  Sanger  system  is  shown  in  Fig.  3.  It  may 
be  decomposed  into  the  following  significant  parts. 

-  cruise 

-  separation  fligth  maneuver 

-  ascent  of  upper  stage  and  return  of  first  stage 

The  crjise  type  part  of  the  flight  profile  corresponds  to  classical  (light  optimization.  Accordingly,  their 
characteristics  which  significantly  depend  on  individual  applications  (short  or  long  cruise  distances)  follow 
well-known  lines,  like  a  cruise-climb  technique  for  example.  Therefore,  the  present  paper  is  mainly  concerned 
with  flight  profile  elements  of  a  more  recent  type  posing  new  problems  in  aircraft  trajectory  optimization.  This 
particulary  concerns  the  separation  flight  maneuver  at  a  hypersonic  Mach  number  and  the  ascent  performance 
of  an  upper  stage,  including  the  performance  enhancement  due  to  its  lifting  capability. 

The  first  part  of  this  chapter  deals  with  optimization  of  the  ascent  of  the  upper  stage.  Thus,  it  can  be  shown 
which  arc  key  factors  for  the  ascent  of  an  upper  stage  which  has  to  start  at  a  small  flight  path  angle  70  and  for 
which  a  lifting  capability  may  he  essential.  This  part  of  the  investigation  gives  an  indication  of  the  performance 
requirements  which  the  upper  stage  poses  on  the  first  stage  with  its  airbreathing  engines.  Two  types  of  upper 
stages  are  considered.  One  is  equipped  with  wings.  It  is  similar  to  the  Horus  vehicle  of  the  Sanger  system.  The 
other  which  has  no  wings  is  similar  to  the  Sanger  upp  -  stage  called  Cargus. 

A  Horus  type  upper  stage  the  aerodynamic  characteristics  of  which  are  illustrated  in  Fig.  4  is  considered  first 
As  an  example,  an  optimal  ascent  beginning  at  a  small  flight  path  angle  70  at  the  separation  point  is  presented 
in  Figs.  5  and  C  .  They  show  a  typical  characteristic  for  trajectories  starting  with  a  small  70  since  there  is  a 
significant  utilization  of  the  lifting  capability  which  enables  the  vehicle  to  achieve  an  orbit  even  if  it  starts  at  a 
horizontal  flight  condition. 

An  evaluation  of  the  effect  of  70  on  maximized  final  mass  in  orbit  is  shown  in  Fig.  7  for  different  thrust 
levels.  As  a  main  result,  the  final  mass  in  orbit  is  significant  even  for  small  70  values.This  result  is  due  to  the 
lifting  capability  of  the  vehicle.  It  can  be  made  evident  by  a  comparison  with  a  configuration  without  a  lifting 
capability,  as  also  shown  in  Fig.  7.  A  non-lifting  configuration  cannot  perform  an  ascent  below  a  70  value  quite 
large. 

A  factor  which  is  of  interest  concerning  the  conditions  for  the  begin  of  an  ascent  is  the  orbit  inclination  that  has 
to  be  approached.  Fig.  3  shows  how  the  maximum  final  mass  in  orbit  is  affected  for  the  range  of  70  of  practical 
interest  (0  <  70  <  7oOJ)l  )■  For  the  ascent  trajectories  computed,  the  latitude  at  the  begin  is  considered  to  be 
equal  to  the  inclination.  The  optimum  heading  at  the  separation  point  is  practically  zero  (east)  in  all  cases 
investigated. 

Considering  now  a  Cargus  type  upper  stage,  the  following  conclusion  can  be  drawn  from  the  results  presented 
An  ascent  would  not  be  possible  for  such  a  configuration  having  no  wings  if  it  cannot  produce  a  lifting  force 
This  holds  for  70  values  of  practical  interest,  i.c.,  for  70  values  which  can  be  achieved  by  an  airbreathing  first 
stage  at  a  hypersonic  flight  condition.  However,  vehicles  such  as  Cargus  can  have  a  lifting  capability  despite  it 
is  lacking  a  wing  This  is  due  to  the  fact  that  fuselage  type  bodies  can  produce  a  lifting  force  not  unsignificant 
at  hypersonic  Mach  numbers.  An  illustration  is  presented  in  Fig.  9  which  shows  aerodynamic  characteristics 
of  a  vehicle  similar  to  Cargus.  This  lifting  capability  can  be  utilized  for  a  significant  ascent  performance 
enhancement. 

In  Figs.  10  and  11,  an  optimal  ascent  trajectory  for  a  wingless  upper  stage  similar  to  Cargus  is  shown.  It  may 
be  seen,  that  an  ascent  is  possiblccvcn  for  a  horizontal  flight  condition  at  the  separation  point.  As  regards  the 
controls  aim  state  variables  history,  basic  similarities  exist  with  the  Horus  type  vehicle  considered  earlier. 

An  evaluation  of  the  cfTcct  of  70  01,  ‘.lie  maximized  final  mass  in  orbit  is  shown  in  Fig.  12.  Here  again,  similarities 
exist  in  regard  to  the  results  considered  earlier.  This  concerns  the  significant  amount  of  final  mass  in  orbit 
even  for  smalt  70  values  as  well  as  the  existence  of  an  optimal  70  value  and  its  magnitude  (yielding  the  greatest 
amount  of  final  mass  in  orbit).  In  addition,  it  may  be  seen  that  a  non-  lifting  configuration  would  have  an 

(UylCllt  CdjJclUllliy  fuf  ICU'gO  */o  V&»uOS  OHij. 

The  results  presented  up  to  now  describe  the  ascent  capability  as  regards  a  flight  condition  at  the  separation 
point  for  a  given  altitude/Mach  number  combination.  A  further  evaluation  is  presented  in  Fig.  13  which  shows 
the  effect  of  the  separation  flight  condition  on  the  maximized  final  mass  in  orbit,  both  for  70  =  0  and  ~foopt 
(where  7oOJ>i  =  /(Mo  ho))-  This  Fig.  makes  evidcat  the  effect  of  altitude  and  Mach  number.  It  may  be  of 
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interest  to  note  that  the  variation  of  sepaiation  altitude  has  only  a  little  cflect,  whereas  the  effect  of  separation 
velocity  is  of  comparable  significance  as  the  efTect  of  the  initial  flight  path  angle. 

The  second  part  of  this  chapter  is  concerned  with  the  separation  flight  maneuver.  In  I'igs.  14  and  15,  an 
optimal  maneuver  for  achieving  maximum  flight  path  angle  at  a  prescribed  Mach  number/altitudc  condition 
is  shown.  According  to  the  results  presented,  the  separation  flight  maneuver  may  be  decomposed  into  the 
following  elements: 

-  transfer  from  cruise  flight  condition  to  flight  at  maximum  dynamic  pressure  limit 

-  acceleration  at  maximum  dynamic  pressure  limit 

-  pull  up  for  reaching  the  flight  condition  at  the  separation  point 

-  push  down  of  first  stage  (for  avoiding  flight  at  dynamic  pressure  to  low) 

An  evaluation  of  optimized  separation  flight  maneuvers  as  described  is  presented  in  Fig  16  which  shows  the 
maximum  flight  path  angle  achievable  at  the  separation  point  as  a  function  of  speed  and  altitude  (region 
indicated  by  A  is  excluded  because  of  exceeding  a  prescribed  upper  fuel  consumption  limit  of  25  tons).  The 
results  shown  may  be  considered  as  the  performance  capability  which  the  first  stage  with  its  airbreathing 
propulsion  system  can  provide  for  the  ascent  of  the  upper  stage. 

A  further  evaluation  concerning  the  performance  capability  at  the  separation  point  is  shown  in  Fig.  17.  In 
this  Fig.,  the  influence  of  constrains  (nm,„,qm,n)  effective  in  the  flight  phase  after  the  separation  point  is 
considered  These  constraints  have  a  significant  effect  on  the  achievable  amount  of  the  flight  path  angle.  It 
may  be  of  interest  to  note  that  both  the  maximum  flight  path  angle  and  the  corresponding  altitude  at  the 
separation  point  show  comparatively  small  changes  only.  This  is  also  an  effect  of  the  constraints  nm,„  and 
<7mm  which  become  active  after  the  separation  point. 

When  combining  the  separation  maneuver  pcrformanccof  the  first  stage  (Fig.  17)  and  the  ascent  performance 
of  the  upper  stage  (Fig  13),  the  maximum  of  the  final  mass  vhicli  can  be  brought  to  orbit  can  be  determined. 
This  combination  may  be  considered  as  the  overall  ascent  performance  capability  of  the  whole  system.  The 
final  mass  in  orbit  is  shown  in  Fig.  18.  The  results  presented  suggest  a  tendency  towards  a  high  speed  at  the 
separation  point  while  an  optimum  value  exists  for  altitude. 

An  evaluation  concerning  the  fuel  consumption  of  the  first  stage  for  the  separation  fight  maneuver  is  presented 
in  Fig  19.  Prom  this  Fig  it  follows  that  the  fuel  consumption  shows  a  pronounced  increase  above  a  certain 
speed  level  The  effect  of  altitude  is  comparatively  small  in  the  lower  part  of  the  speed  range  considered. 

An  improvement  of  the  separation  flight  maneuver  performance  can  be  achieved  by  utilizing  a  fuel-air  ratio 
more  than  stoichiometric  for  ramjet  thrust  increase.  In  Fig.  20,  it  is  shown  that  thrust  can  be  significantly 
increased  by  this  technique.  However,  this  is  accompanied  by  a  decrease  of  the  specific  impulse,  Fig.  21. 

The  effect  of  the  higher  thrust  capability  resultig  from  a  fuel-air  ratio  more  than  stoichiometric  on  the  separation 
flight  maneuver  is  shown  in  Fig.  22.  Typically,  this  technique  for  thrust  increase  is  utilized  in  the  final  part  of 
the  acceleration  phase  and  for  the  pull-up  maneuver.  It  may  be  of  interest  to  note  that  the  time  at  which  a 
fuel-air  ratio  more  than  stoichiometric  is  applied  is  part  of  the  optimization  procedure. 

An  evaluation  is  presented  in  Fig.  23  which  shows  the  speed  and  flight  path  angle  achievable  at  the  separation 
point  This  Fig.  makes  evident  that  the  optimal  utilization  of  overfuelcd  combustion  provides  a  significant 
improv  ment  which  may  be  used  in  two  ways.  Either  the  maximum  speed  at  the  separation  point  can  be 
increased  when  considering  a  prescribed  amount  of  fuel  consumption  or  the  fuel  consumption  necessary  for  a 
given  combination  of  speed  and  flight  path  angle  may  be  reduced.  It  may  be  of  interest  to  note  that  a  reduction 
in  fuel  consumption  can  be  achieved  despite  the  fact  that  specific  fuel  consumption  is  increased. 

6.  Conclusions 

For  a  winged  two-stage  vehicle  similar  to  the  Sanger  space  transportation  system,  optimum  ascent  performance 
is  considered.  In  the  first  part,  basic  characteristics  of  optimal  ascent  trajectories  of  the  upper  stage  are 
described  It  is  shown  that  the  lifting  capability  of  the  upper  stage  is  essential  for  achievme  an  ascent  beginning 
at  a  small  flight  path  angle  at  separation.  Tins  is  confirmed  by  comparison  with  a  non  lifting  case  where  an 
ascent  is  possible  only  at  separation  flight  path  angles  quite  significant.  Furthermore,  it  is  shown  what  amount 
of  final  mass  can  be  brought  into  orbit  for  various  initial  conditions  representing  the  end  of  the  separation 
flight  maneuver. 

In  the  second  part,  the  separation  flight  maneuver  is  investigated.  It  is  shown,  how  an  optimized  maneuver 
compares  with  a  simpler  type  of  separation  maneuver.  Dynamic  pressure  and  load  factor  constraints  are 
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identified  as  having  a  significant  effect.  Furthermore,  it  is  shown  what  combination  of  velocity,  altitude  and 
flight  path  angle  at  the  end  of  the  separation  flight  maneuver  can  be  reached.  Thus,  it  is  possible  to  determine 
the  best  initial  conditions  for  the  upper  stage  such  that  the  final  mass  in  orbit  is  maximized. 

Furthermore,  the  effect  of  thrust  increase  due  to  a  fuel-air  ratio  more  than  stoichiometric  is  considered.  It  is 
shown  that  the  separation  flight  maneuver  performance  can  be  improved  by  applying  this  technique. 
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Fig.  1  Sanger  space  transportion  system  (from 
Ref.  2) 


Fig.  •!  Lift  and  drag  characteristics  of  a  winged 
upper  stage  similar  to  Horns 


Fig  3  Flight  profdc  for  cruise  and  ascent  of  the 
Sanger  system  (from  Ref.  2) 


Fig.  G  Optimal  ascent  of  a  Horus  type  configuration 
(70  =  0°,/i0  =  37  km,  Vo  =  205G  m/s), 
control  variables 
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Fig  7  Maximized  final  mass  in  orbit  for  a  Horus 
type  configuration 
(h0  =  37  km,  V0  =  205G  m/s) 
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Fig  8  Effect  of  orbit  inclination  on  maximized  filial 
mass  in  orbit  for  a  Horus  type  configuration 
(/i0  =  37  km,  V0  =  205G  m/s,  £'/•  optimal) 
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Fig.  9  Lift/drag  characteristics  of  a  Cargos  type 
configuration  without  wings 
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Fig.  10  Optimal  ascent  of  a  Cargus  type  configuration 
(y0  =  0°,/io  =  37  km,  V0  =  205G  m/s),  state 


variables 
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Fig.  11  Optimal  ascent  of  a  Cargus  type  configuration 
(70  =  0°,/i0  =  37  km,  Vo  =  2056  m/s,  C/, 
based  on  cross  section  area),  control  variables 
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Fig.  12  Maximized  final  mass  in  orbit  for  a  Cargus 
type  configuration 
(h0  =  37  km,  V0  =  2056  m/s) 
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Fig.  13  Effect  of  separation  conditions  on  final  mass 
in  orbit  for  7o  =  0  and  y0op,  for  a  Horus  type 
configuration  (ex'  optimal) 


Fig.  10  Maximum  separation  flight  path  angle  with 
constraints  (,imai  =  2,  9mttI  -  50  kPa) 


Fig.  M  Optimized  separation  fl,ght  maneuver  with 
constraints  ( nmal  =  2,  qmaz  =  so  kPa), 
state  variables 


Fig.  15  Optimized  separation  flight  maneuver  with 
constraints  (nmax  =  2>  =  S0  kPa), 

control  variables  and  dynamic  pressure 


Fig.  17  Maximum  separation  flight  path  angle  with 
constraints  (nmax  =  2,  qmax  =  so  kPa, 
nmin  —  o,  qmin  =  10  kPa) 
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Fig.  18  Maximum  final  mass  in  orbit  for  constrained  Fig.  20  Thrust  characteristics  for  different  fuel-air 
separation  flight  maneuver  ratios  (from  Ref.  23) 

(nmaz  =  2,  fjmax  =  50  kPa,  n„„„  =  0,  Tref.  reference  value  for  M  =  0,  h  =  0,  <f>  =  1 

om,„  =  10  kPa)  (stoichiometric  combustion) 
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Fig.  19  Fuel  consumption  of  lower  stage  for  con-  Fig.  21  Specific  impulse  characteristics  for  different 
strained  separation  flight  maneuver  fuel-air  ratios  (from  Ref.  23) 

(iimor  =  2,  qmax  =  50  kPa,  nm,„  =  0,  (hp)rcj-  reference  value  for  M  =  0,  h  =  0, 

9min  =  10  kPa)  <f>  =  1  (stoichiometric  combustion) 
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Fig.  22  Speed  and  thrust  history  for  ramjet  operation 
with  fuel-air  ratio  more  than  stoichiometric 
( - :0=l) 
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I'  ig.  23  Separation  flight  maneuver  improvement  due 
to  ramjet  operation  with  fuel-air  ratio  more 
than  stoichiometric 
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SUMMARY 

The  design  ot  an  air-breathing  winged  launcher  vehicle  is  a  highly  interactive  process.  The  'optimum'  (minimum 
mass)  vehicle  is  determined  by  a  trade-oif  involving  fuselage  shape  and  its  influence  on  drag  and  structural 
efficiency  (mass/volume)  together  with  the  rocket  and  air-breathing  propulsion  mode  of  operation  and  system  sizing. 
These  effects  must  be  coupled  with  the  most  efficient  mission  profile. 

Contained  in  this  paper  are  details  of  the  ascent  and  descent  optimization  which  must  be  conducted  for  a  single- 
stage-to-orbit  vehicle.  Those  parameters  which  have  a  significant  influence  on  the  selection  of  the  air-breathing 
ascent,  the  rocket  ascent,  and  the  re-entry  and  autoland  trajectories  are  described.  The  strong  interactions  between 
the  various  phases  of  flight,  and  their  influence  on  the  vehicle  design  and  performance,  are  discussed.  The  launcher 
design  mission  is  shown  to  have  a  significant  impact  on  the  ascent  profile  and  the  optimum  configuration. 


INTRODUCTION 

Launch  costs  and  reliability  form  a  fundamental  consideration  for  all  space  activity.  Concepts  for  more  dependable 
advanced  launcher  systems  capable  of  greatly  reducmg  launch  costs  have  been  studied  for  a  number  of  years  but, 
until  recently,  have  not  received  great  priority.  The  current  upsurge  m  interest  has  been  prompted  by  the  realization 
that  the  launch  capacity  of  the  existing  and  currently  planned  launcher  fleet  will  be  inadequate  to  meet  the  predicted 
market  beyond  the  late  1990s  and,  perhaps  more  importantly,  high  launch  costs  will  stifle  expansion  of  the  market. 
The  commercial  exploitation  of  space  is  fundamentally  dependent  upon  the  ready  availability  of  reliable,  cost- 
effective  and  flexible  launch  systems. 

These  future  launcher  studies  were  given  further  impetus  with  the  suspension  of  Space  Shuttle  flights  after  the  1986 
Challenger  disaster  and  the  concurrent  failures  of  three  types  of  expendable  launch  vohicles. 

To  overcome  the  limitations  of  present  launchers,  the  feasibility  of  a  fully  re-usable  winged  launcher  powered  by  air- 
breathing  propulsion  for  the  initial  ascent  through  the  Earth’s  atmosphere  is  being  studied  in  the  United  Kingdom, 
West  Germany,  France,  USA,  Japan  and  the  USSR.  Although  the  concepts  are  different  in  detail,  they  each  share  the 
common  aim  to  operate  like  conventional  aircraft.  For  a  smgle-stage-to-orbit  (SSTO)  vehicle,  the  wing  sizing  is  limited 
by  the  requirements  of  re-entry  heating  and  cross-range  performance,  so  it  is  entirely  logical  to  use  these  wings  to 
allow  horizontal  take-off  with  a  much  lower  level  of  thrust  and  therefore  engine  weight  than  a  vertical  take-off 
vehicle.  Horizontal  take-off  and  landing,  and  aircraft-style  ground  handling  and  operation  will  allow  these  vehicles  to 
be  more  flexible  and  less  vulnerable  to  failures  (particularly  at  take-ofl).  The  launch  costs  for  these  fully  re-usable 
systems,  operated  with  minimum  support  staff,  will  greatly  reduce  when  compared  to  that  of  current  launcher 
systems. 

With  new  and  anticipated  technologies,  the  ultimate  goal  of  an  SSTO  vehicle  is  now  believed  to  be  possible.  The 
SSTO  vehicle  of  course  presents  a  greater  design  challenge  but  will  have  significant  cost  advantages  over  the  two- 
stage-to-orbit  (TSTO)  vehicle. 

With  payload  fractions  of  between  1.5%  and  3.0%  (depending  on  the  mission)  the  performance  of  SSTO  vehicles  is 
extremely  sensiuve  to  the  design  assumptions.  Consequently  the  design  process  is  highly  interactive.  The  'optimum' 
(minimum  mass)  vehicle  is  determined  by  a  trade-off  involving  fuselage  shape  and  its  influence  on  drag  and 
strucmral  efficiency  (masstvolume)  together  with  rocket  and  air-breathing  propulsion  mode  of  operation  and  system 
sizing.  These  effects  must  be  coupled  with  the  most  efficient  trajectory. 

The  performance  of  these  vehicles  can  bo  greatly  enhanced  by  a  suitable  choice  of  ascent  and  descent  profiles. 
Although  the  performance  of  the  TSTO  vehicle  can  be  significantly  affected  by  the  ascent  and  descent  trajectories,  it 
is  the  more  sensitive  SSTO  vehicle  where  the  impact  on  performance  can  be  the  most  dramatic.  Discussed  m  this 
paper  is  the  SSTO  ascent  and  descent  trajectory  optimization  which  must  be  conducted  as  part  of  the  overall  Total 
System  Studies.  Those  parameters  which  have  a  significant  impact  on  the  choice  of  ascent  and  descent  profile  are 
described  The  information  presented  here  is  based  on  four  years'  experience  in  the  design  evolution  of  HOTOL  and 
a  parallel  study  on  winged  launcher  vehicles  currently  being  conducted  for  the  European  Space  Agency  (ESA). 


TOTAL  SYSTEM  MODEL 

Befoie  discussing  tho  ascent  and  descent  trajectories  it  is  important  to  understand  the  process  required  to  achieve 
the  optimum  Total  System  performance. 

It  is  well  known  that  the  performance  of  an  SSTO  vehicle  is  extremely  sensitive.  It  is  because  of  this  sensiuvity  that  it 
is  essential  to  have  a  detailed  model  of  the  Total  System.  The  use  of  simple  analytical  representations  is  totally 
inadequate.  The  model  must  bo  capable  of  predicting  the  performance  for  a  range  of  vehicle  design  schemes  and 
configurations.  The  results  must  represent  a  consistent  vehicle  performance  with,  for  example,  a  given  engine 
performance,  and  vehicle  drag,  sufficient  propellant  capacity  to  complete  the  mission.  At  BAe  (Military  Aircraft) 
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Limited,  Warton,  design  trade-off  studies  are  performed  using  a  Computer  Aided  Project  Study  Tool  (CAPS).  CAPS  is 
a  project  study  integrated  design  tool,  developed  progressively  smce  the  1960s.  A  schematic  of  the  use  of  the  Total 
System  Model  is  shown  in  F’qure  1. 


Flg.1  Schematic  of  Total  System  Model 

The  CAPS  Total  System  Model  is  continually  updated  as  the  results  from  detailed  engineering  studies,  reflecting  new 
design  concepts  or  requirements,  become  available  To  assess  the  impact  of  the  design  changes  on  the  performance, 
the  vehicle  must  be  re-optimized.  The  performance  penalues  for  non-optimum  design  ai6  very  severe.  At  the  early 
stages  of  vehicle  design  it  is  acceptable,  and  necessary,  to  re-optimize  the  vehicle.  As  the  project  progresses,  a 
performance  margin  will  be  required  to  guarantee  the  completion  of  the  mission.  However,  by  completing  a  wide 
ranging  Enabling  Technology  programme  the  uncertainties  in  design  assumptions  can  be  minimized,  reducing  the 
need  for  vehicle  overdesign. 

The  ascent  and  descent  trajectories,  like  the  soluuon  to  any  particular  design  problem,  can  not  be  considered  Ui 
isolation.  Considering  the  air-breathing  ascent,  the  traditional  methods  of  defining  an  optimum  minimum  fuel  ascent, 
described  by  the  locus  of  where  specific  excess  power  divided  by  fuel  flow  (SEP/Qr  -  the  product  of  thrust  minus 
drag  and  velocity,  divided  by  vehicle  weight  and  fuel  flow)  is  a  maximum  at  each  energy  height  (energy  height  is  a 
measure  of  total  energy  =  h  +  V2/2g)  are  only  applicable  for  a  fixed  vehicle  and  propulsion  system.  The  optimum 
ascent  trajectory  can  only  be  derived  when  its  impact  on  propulsion  system  sizing  and  mass,  vehicle  control 
requirements  (and  hence  actuation  and  power  supply  system  mass),  wing  aeroelastics,  wing  design,  and  fuselage 
shape  have  all  been  addressed  (Figure  2).  It  must  combine  minimum  propulsion  mass,  optimum  fuselage  and  wing 
shapes,  with  minimum  ascent  propellant. 
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ASCENT  TRAJECTORY 

The  most  efficient  way  to  conduct  these  studies  is  to  analyse  the  vehicle  performance  in  two  distinct,  but  coupled 
segments  -  the  air-breathing  ascent  phase  and  the  rocket  ascent  phase  (Figure  3). 


Flg.3  Ascent  Trajectory 


The  parameters  which  dominate  the  air-breathing  performance  do  not  significantly  affect  the  rocket  ascent  (except 
the  conditions  at  the  point  of  transition  to  rocket  power).  The  difficult  task  of  optimising  vehicle  shape,  propulsion 
integration  and  sizing,  and  the  air-breathing  ascent  trajectory  can  be  undertaken  without  computing  the  optimum 
rocket  ascent  each  time,  thus  reducing  computing  time. 

The  air-breathing  phase  can  be  linked  to  the  rocket  ascent  by  the  rocket  mass  ratio  (mass  on  orbit  (funded  by  mass 
at  transition  ~  MoaafMnuui)-  The  optimum  rocket  ascent  is  greatly  influenced  by  the  condiuons  at  the  point  of 
transition  to  rocket  power.  The  rocket  mass  ratios  for  various  transition  parameters  -  altitude,  velocity,  climb  angle, 
rocket  specific  unpulse,  rocket  thrust-to-weight,  and  vehicle  hypersonic  aerodynamic  coefficient  can  be  calculated  as 
a  set  of  analytical  expressions  using  the  rocket  ascent  optimisation  programme  discussed  later. 


Air-breathing  Ascent  Trajectory 

The  optimization  of  the  air-breathing  ascent  trajectory  and  the  associated  propulsion  integration  studies  arc 
particularly  difficult  because  of  the  strong  interactions.  If  conducted  thoroughly,  they  can  significantly  enhance 
vehicle  performance  and  greatly  influence  vehicle  design. 

The  selection  of  the  type  of  propulsion  system  to  be  used  and  the  optimum  air-breathing  ascent  profile  will  depend 
upon  the  vehicle  design  mission.  If  the  aim  is  to  provide  cheap  access  into  equatonal  or  near  equatorial  oibits,  the 
vehicle  will  be  launched  from  or  near  the  equator.  Such  a  vehicle  is  described  as  an  ‘accelerator’.  Although  it  is 
obviously  important  to  have  both  a  high  thrust-to-weight  and  specific  unpulse,  for  the  accelerator  vehicle  which  does 
not  require  a  cruise  phase  the  emphasis  is  to  have  a  propulsion  system  with  a  high  thrust-to-weight.  If  the  vehicle  is 
to  be  operated  from  a  European  launch  site  into  equatonal  or  near  equatorial  orbits,  then  because  of  the  possible 
need  for  a  enuse  capability  a  propulsion  system  with  reasonable  fuel  economy  is  preferred.  Because  of  the  trade-off 
between  accelerating  and  cruising  phases  of  the  ascent,  and  the  requirement  to  manoeuvre  the  vehicle  to  a  particular 
ground  track  to  rendezvous  with  a  specific  orbit,  the  optimum  ascent  trajectory  will  be  different  from  that  of  the 
'accelerator'  vehicle,  ft  should  be  noted  that  the  cost  penalty  for  the  pnvilege  of  a  European  launch  is  very  large. 

‘Accelerator’  Vehicle.  The  optimum  ascent  trajectory  for  an  'accelerator'  vehicle  can  be  divided  into  three  main 
phases: 

1.  Accelerate  from  take-off  to  an  airframe  limited  dynamic  pressure  and  climb  at  this  limit  until  the 
maximum  engine  operating  design  pressure  is  reached. 

2.  Climb  at  the  maximum  operating  ongine  design  pressure  to  the  transition  pull-up  manoeuvre. 
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3.  Conduct  the  pull-up  manoeuvre  pnor  to  transition  to  rocket  power  tor  the  final  part  of  the  ascent. 
This  is  illustrated  m  Figure  4. 
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Two  Trade-offs  to  be  Considered: 
f.  At  Low  Altitudes,  Vehicle  Performance 


Gains  for  Flying  Fast  Versus  Airframe 


Flg.4  Air-breathing  Ascent  Trajectory 


The  initial  part  of  the  ascent  represents  a  trade-off  between  engine  performance  and  airframe  structural 
considerations.  Generally,  air-breathing  propulsion  favours  a  'fast  and  low'  ascent  profile.  The  higher  specific  excess 
power  divided  by  fuel  flow  (SEP/Or)  maximizes  the  ratio  of  energy  gain  to  propellant  usage  and  dominates  the  small 
structural  penalty  This  portion  of  the  ascent  would  follow  a  constant  equivalent  air  speed  profile  of  between  600  and 
700  knots  equivalent  air  speed  (KEAS). 

The  second  phase  of  the  ascent  is  limited  by  engine  design  considerations.  The  mass  of  the  intake  and  air-breathing 
propulsion  components  is  predominantly  sensitive  to  the  mtake  recovered  pressure  (PT1),  which  of  course  is 
dependent  upon  the  ascent  profile.  A  full  air-breathing  ascent  trajectory  optimization  must  involve  the  use  of 
'rubberized'  models  of  the  mtake  and  propulsion  units.  The  model  must  be  capable  of  assessing  varying  engine/ 
mtake  combinations  stressed  to  different  maximum  operating  design  pressures. 

The  optimum  maximum  PT1  is  derived  from  a  trade-off  between  the  increased  propulsion  efficiency  at  the  high  PTls, 
versus  the  increased  mass  of  engine  (said  intake)  theso  higher  opeiatmg  pressures  will  require.  To  illustrate  Hus 
trade-off  the  results  from  a  study  of  a  vehicle  powered  by  a  rocket-ramjet  propulsion  system  are  presented  m 
Figure  5. 
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Flg.5  Trade-off  Between  Engine  Mass  and  Propulsion  Efficiency 
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U  the  high  altitude  ascent  is  made  at  a  high  PT1,  then  with  the  increased  thrust,  less  fuel  will  be  burnt  m  reaching  the 
transition  Mach  number,  oi  the  air-breathing  ascent  could  be  extended  to  a  higher  transition  Mach  number.  This  must 
of  course  be  paid  for  by  a  heavier  ramjet  engine. 

For  simplicity,  in  this  example  the  engine  size,  the  transition  Mach  number,  the  transition  pull-up  manoeuvre,  and  the 
initial  ascent  speed  were  not  re-optimized  for  each  of  the  maximum  engine  operating  pressures.  The  thrust  of  the 
engine,  as  well  as  its  mass,  decreases  with  reducing  engine  maximum  operating  pressure.  This  will  result  in  a  lower 
optimum  transition  Mach  number  and  possibly  a  pull-up  manoeuvre  which  produces  a  less  than  optimum  rocket 
ascent,  and  hence  a  poorer  rocket  mass  ratio  (Mora/Mimm).  Obviously  all  these  interacuons  nc;d  to  be  addressed 
when  identifying  the  optimum  ascent  profile. 

Engine  Thrust  Characteristics.  The  thrust  of  air-breathing  propulsion  systems  shows  a  fairly  rapid  degradation  at 
higher  Mach  numbers  (M  >  3.5)  -  Figure  6.  This  is  because  the  exhaust  velocity  is  limited  by  exhaust  product 
dissociation,  whereas  ram  drag  continues  to  rise  with  velocity. 


Mach  Number 

Fig. 6  Engine  Thrust  Characteristics  at  High  Mach  Number 


As  the  thrust  minus  drag  at  these  high  Mach  numbers  reduces,  accelerauon  time  increases  and  more  and  more 
hydrogen  is  consumed  (Figure  7). 


Flg.7  Vehicle  Acceleration 


The  thrust  margin  will  eventually  become  so  poor  that  it  is  more  efficient  to  switch  to  rocket  power.  The  high  Mach 
number  performance  could  be  improved  and  air-breathing  operation  extended  to  higher  Mach  numbers  by  installing 
a  larger  engine  (or  intake,  depending  on  the  type  of  propulsion  system),  but  there  comes  a  point  where  the 
additional  mass  of  these  items  overrides  the  benefit  of  reduced  fuel  bum;  identification  of  this  point  is  part  of  the 
vehicle  design  optimization  process. 


* 
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Engine  OverfucUir.g.  There  are  two  critical  areas  in  the  ascent  trajectory  which  can  size  the  air-breathing  engine. 
There  must  be  sufficient  thrust  in  the  transonic  regime,  where  drag  is  high,  to  allow  reasonable  acceleration  and  a 
low  fuel  bum.  The  transonic  thrust  margin  is  obviously  strongly  influenced  by  vehicle  shape  (drag).  The  second 
■pinch’  point  is  at  the  maximum  operating  Mach  number.  A  thrust  boost  for  these  critical  ‘pinch’  points  can  be 
obtained  by  overfuelling  the  engine,  but  of  course  the  engine  specific  fuel  consumption  will  increase.  The  optimum 
engine  si2e  and  the  ascent  trajectory,  particularly  the  transition  Mach  number,  could  be  significantly  influenced  by 
the  effects  of  overfuelling, 

Rolls-Royce  provided  data  for  three  levels  of  overfuelling  a  ramjet  engine.  The  vehicle  was  initially  accelerated  to 
effective  ramjet  operating  speeds  by  a  rocket  system  and  so  did  not  have  transonic  penetration  difficulties.  The 
influence  of  various  levels  of  overfuelling  from  the  datum  stoichiometric  fuel  air  ratio  (FAR)  of  0.029,  to  a  maximum 
FAR  of  0.116,  on  the  high  Mach  number  portion  of  the  ascent  was  assessed.  The  overfuelling  was  progressively 
introduced  during  the  ascent.  The  results  from  the  studies,  which  are  essentially  a  trade-off  between  extra  fuel  used 
against  a  possible  reduction  in  ramjet  engine  scale  and/or  an  increase  in  optimum  transition  Mach  number,  are 
shown  in  Figure  8. 


Reference  Thrust  to  Weight  =  0.25 - 


Trajectory 

EAS  =  650  kts 
PT1  =  850  kPa 


Fuel  to 
Air  Ratio 
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■x  0.029 

1.0 -Transition 

0.029 
’A  0  058 

1.0 -5.0 

5.0  -  Transition 

0  029 

1.0-4  5 

K>  0.058 

4.5  -  5.0 

0  087 

5  0- Transition 

Fig.8  Payload  Sensitivity  to  Ramjet  Overfuell'ng 


The  conclusion  from  this  work  is  that  overfuetluig  does  not  improve  the  vehicle  performance.  However,  although  not 
considered  here,  there  may  be  some  benefit  to  be  gained  with  very  limited  overfuelling  during  the  transition  pull-up 
manoeuvre 

Wing  Design  The  air-breathing  ascent  trajectory  can  be  significantly  affected  by  the  choice  of  wing  design  and 
sizing.  The  wing  may  be  sized  to  give  optimum  ascent  performance,  but  it  must  also  provide  satisfactory  airfield 
performance,  re-entry  and  cross-range  performance,  and  adequate  tnm  characteristics.  Its  size  may  be  defined  by 
the  need  to  carry  propellant  in  wing  tanks  These  various  requirements  are  discussed  in  detail  in  Ref.l. 

If  the  wing  size  is  selected  to  give  optimum  ascent  performance,  then  the  trade-off  is  between  wing  mass  and 
aerodynamic  and  propulsion  system  jserformance.  At  high  Mach  numbers  the  induced  drag  makes  tip  50%  of  the 
total  vehicle  drag,  thus  a  larger  wing  would  significantly  reduce  the  vehicle  drag  but  at  a  mass  penalty.  In  addition,  if 
the  vehicle  with  the  larger  wing  was  flown  along  the  same  ascent  trajectory,  then  its  incidence  would  reduce  causing 
a  loss  of  intake  pre-compression  and  thus  engine  performance. 

In  a  recent  study,  the  wing  size  for  optimum  ascent  performance  was  shown  to  be  at  a  re-entry  wing  loading  of 
280  kg/m’  (Figure  9) 


Rocket  Ramjet 
Kourou  Mission 
GLOM  =  500  Mg 
Transition  Mach  No  --  6  0 


Re-entry  Wing  Loading  (kg/m2) 


Fig.9 


Wing  Size  Optimization 
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If  it  became  necessary  to  increase  the  wing  size  to  meet  airfield  or  re-entry  performance  (heating,  cross-range  or 
pitch  control)  requirements,  the  optimum  PT1  ascent  and  transition  Mach  number  may  change.  In  Figure  10,  the 
optimum  transition  Mach  numbers  from  air-breathing  to  rocket  power  for  two  wing  loadings,  one  for  optimum  ascent 
performance  (re-entry  wing  loading  =  280  kg/m3),  and  one  sized  to  meet  particular  re-entry  hr.  'ng  and  cross-range 
requirements  (re-entry  wing  loading  =  220  kg/m3),  are  illustrated. 


Re-entry  Wing 
Loading  =  280  kg/ms 


101- 

Actual 
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Re-entry  Wing 
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Rocket  Ramjet 
Kourou  Mission 
GLOM  =  500  Mg 


5  5.5  6  6.5 

Mach  Number  at  Transition  to  Rocket  Power 


Flg.10  Optimum  Transition  Mach  Number  versus  Wing  Sizing 


The  optimum  transition  Mach  number  (in  this  study)  for  the  wing  sued  for  ascent  performance  was  5  7.  If  it  became 
necessary  to  increase  the  wing  sue,  thus  reducmg  the  induced  drag  component,  then  it  would  be  beneficial  to 
extend  air-breathing  operaUon  to  Mach  5.9.  This  re-optimuation  increased  the  payload  for  the  vehicle  with  the  larger 
wing  by  500  kg.  The  fact  that  the  optimum  ascent  trajectory  can  be  significantly  influenced  by  the  re-entry 
requirements  emphasues  the  strong  interaction  of  all  the  design  assumpuons  for  the  SSTO  vehicle. 


Transition  Pull-up  Manoeuvre 

The  rocket  performance  is  extremely  sensitive  to  the  vehicle  climb  angle  at  the  point  of  transition  (see  later).  For 
optimum  rocket  performance  the  initial  climb  angle  should  be  approximately  20’.  In  reality,  it  is  only  possible  while 
air-breathing  to  reach  climb  angles  of  between  T  and  8".  This  is  because  as  the  vehicle  performs  the  pull-up 
manoeuvre  it  climbs  rapidly,  losing  thrust  and  decelerating  (Figure  11) 


Flg.11  Pull-up  Manoeuvre  for  Transition  to  Rocket  Power 


Shown  in  this  figure  is  the  variation  in  vehicle  climb  angle  for  constant  normal  acceleration  pull-up  manoeuvres.  The 
predicted  increase  in  payload  is  calculated  assuming  transition  to  rocket  power  at  that  particular  instant.  The 
optimum  transition  point  is  a  trade-off  between  the  change  m  rocket  mass  ratio,  resulting  from  the  changes  m  vehicle 
transition  climb  angle,  velocity  and  altitude,  and  the  addiuonal  air-breathing  propellant  required  to  perform  the  pull- 
up  manoeuvre. 


When  optimizing  the  ascent  trajectory  it  is  essential  to  have  a  complete  map  of  engine  data  (very  large  matrix) 
covering  an  appropriate  range  of  altitude,  Mach  number  and  incidence  (levels  of  intake  pre-compression). 

The  performance  sensitivity  of  a  ramjet  engine  to  variations  m  vehicle  incidence  is  shown  in  Figure  12. 


0  S  to  15  20 

Vehicle  Incidence  (Oog) 

Fig.  12  Ramjet  Net  Thrust  Variation  with  Vehicle  Incidence 


The  sensiuvity  to  vehicle  incidence,  parucularly  at  higher  Mach  numbers,  can  significantly  affect  the  final  part  of  the 
air-breathing  ascent,  particularly  the  pull-up  manoeuvre  (or  high  speed  orbital  track  rendezvous  manoeuvres,  see 
European  launch  trajectory  requirements  discussed  later).  At  M  =  3  25/25  km  an  increase  in  pre-compression 
resulting  from  a  1°  change  in  incidence  gives  a  not  thrust  boost  of  5%,  whereas  for  the  same  increase  at  M  =  5  (V 
25  km  the  thrust  will  uicrease  by  approximately  10%  (in  the  incidence  ranges  of  interest). 

In  early  studies,  to  reduce  the  amount  of  engine  data  required,  data  was  produced  for  an  assumed  incidence/Mach 
number  profile.  With  such  data  only  very  limited  trajectory  and  pull-up  manoeuvre  optimization  could  be  undertaken. 
Meaningful  optimization  and  propulsion  integration  studies  can  only  be  conducted  if  full  incidenciVMach  number 
dependent  engine  data  are  provided  Presented  m  Figure  13  is  a  comparison  of  an  optimized  ascent  trajectory  based 
on  non-mcident  dependent  engine  data  (initially  assumed  incidence  profile),  with  the  new  optimized  trajectory  using 
full  incidence  dependent  performance  data. 


Flg.13  Transition  to  Rocket  Power  Pull-up  Manoeuvre 


The  impact  on  the  pull-up  manoeuvre  significantly  changes  the  vehicle  performance.  An  increase  in  vehicle  climb 
angle  of  4°  at  the  point  of  transition  to  rocket  power,  would  uicrease  the  payload  by  approximately  600  kg. 
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European  Launch 

The  ascent  traiectory  optimization  is  complicated  further  if  the  vehicle  is  required  to  be  launched  from  a  European 
launch  site.  This  may  introduce  the  need  for  a  cruise  capability  and,  in  addition,  the  vehicle  will  be  required  to 
manoeuvre  to  a  particular  ground  track  in  order  to  rendezvous  with  a  specific  orbit  (Figure  14) 
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Fig.14  European  Launch  Trajectory 


The  optimum  ascent  is  now  defined  by  trade-offs  between  the  accelerating  phase  and  cnuse  requirements,  and 
engine  sizmg  (mass)  and  propulsion  efficiency.  Obviously  if  a  large  engine  is  installed  then  the  vehicle  will 
accelerate  to  the  transition  point  more  quickly,  covering  less  range,  and  so  to  meet  the  specfic  orbit  will  require  a 
longer  cruise  leg.  (For  optimum  vehicle  performance  the  vehicle  must  be  m  the  required  orbital  plane  pnor  to 
transition  to  rocket  power.)  In  a  similar  way,  if  the  vehicle  climbs  at  a  higher  equivalent  airspeed,  or  higher  engine 
operating  limit,  then  the  vehicle  will  accelerate  more  quickly  at  the  higher  specific  excess  power  and  would  then 
require  a  longer  cruise  leg.  This  trade-off  between  the  cruise  leg  and  the  accelerating  ascent  mil  influence  the 
selection  of  both  initial  and  final  ascent  phases  and  of  course  the  transition  Mach  number 


In  a  society  becoming  more  concerned  with  environmental  issues,  the  choice  of  altitude  for  the  cruising  phase,  if 
required,  may  be  restricted  by  the  need  to  protect  the  ozone  layer. 


To  optimize  the  turn  required  to  manoeuvre  the  vehicle  to  a  particular  ground  track  to  rendezvous  with  a  specific 
orbit  is  a  difficult  task  that  will  influence  the  whole  ascent  trajectory.  It  will  influence  the  engine  and  wing  sizing,  and 
the  selection  of  the  transition  Mach  number  as  well  as  fuselage  shaping  (drag). 


Presented  in  Figure  15  are  the  results  of  a  study  to  investigate  the  effects  of  varying  the  latitude  at  the  start  of  the 
posiuomng  turn  (and  hence  the  normal  load  factor  and  turn  radius)  for  a  rocket  ramjet  powered  vehicle.  The  vehicle 
was  launched  from  Istres,  France  (fautude  43  3:N)  into  a  28.fP  inclined  orbit. 
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Fig.15  Payload  Sensitivity  to  Latitude  at  Start  of  Positioning  Turn 
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In  this  particular  example  the  pull-up  manoeuvre  prior  to  transition  to  rocket  power  was  performed  immediately  alter 
the  completion  of  the  positioning  turn.  This  will  not  necessarily  produce  the  optimum  transition  point  in  each  case.  In 
this  study  the  best  performance  was  achieved  by  beginning  a  1.07  'g'  (nominal)  turn  at  a  latitude  of  32t5»N. 

The  provision  of  a  one  hour  launch  window  capability,  at  minimum  performance  penalty,  imposes  further  constraints 
on  the  ascent  trajectory.  During  this  one  hour  period  the  launch  site  will  move  IS"  of  longitude  eastward  reiatlvo  to 
tho  target  orbit.  By  moving  the  launch  point  relative  to  the  target  orbit,  a  launch  window  study  was  conducted  (Figure 
16).  It  should  be  noted  that  tho  0"  reference  launch  longitude,  Is  the  launch  point  from  which  the  vehicle  would  moot 
the  target  orbit  at  its  most  northerly  point  (see  inset).  All  other  launch  points  are  relative  to  this  datum, 


It  can  bo  seen  from  Figure  1G  that  tho  payload  penalty  for  providing  tho  one  hour  launch  capability  is  only  240  kg. 
The  optimum,  tho  carliosl  ond  lutost  launch  trajectories  aro  shown  In  Figuro  17, 


1  Hour  Launch  Window 


Fig.  17  Launch  Tra|octorl»«  to  Provide  a  On#  Hour 
Launch  Window  with  Minimum  Payload  Penally 


Rocket  Recent  Optimization 

After  transition,  the  engine  parameters  and  aerodynamics  become  relatively  airnplo,  as  tho  vehicle  switches  to  rocket 
power  and  enters  the  hypersonic  flight  regime.  This  allows  the  trajectory  from  transition  to  Main  Engine  Cut-Ofl 
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(MECO)  to  be  fully  optimized.  The  equations  of  motion  which  govern  the  dynamics  are  a  function  of  seven  primary 
variables.  These  are: 


The  velocity  at  transition  V, 

The  climb  angle  at  transition  9, 

The  altitude  at  transition  h, 

The  vehicle  Thmst-to- Weight  T/W 

The  vehicle  area  to  mass  ratio  S'm 

The  vehicle  zero  mcidence  drag  coefficient  Ck, 

The  engine  specific  impulse  I,p 


The  trajectory  can  be  optimized  using  vehicle  incidence  as  the  control  variable,  whilst  meeting  constraints  on  apogee 
and  perigee  altitude  at  MECO,  and  the  ratio  of  mass  at  MECO  to  mass  at  transition  (m,M1-co)  can  be  maximised 
(Ref.2). 

Two  methods  of  optimization  have  been  applied.  The  first  is  generally  referred  to  as  the  Indirect  Method,  which  uses 
Pontryagin’s  Principle  to  define  an  optimum  incidence  profile  indirectly  as  a  function  of  a  set  of  Lagrange  Multipliers. 

This  method  has  the  advantage  of  being  exact  and  reasonably  fast  computauonally  but  is  inflexible  and  may  show 
poor  convergence  characteristics  if  the  complexity  of  the  problem  is  increased  (by  constraints  for  example) 

The  second  method,  kr.o'"n  as  the  Direct  Method,  selects  an  mcidence  profile  as  a  finite  set  of  parameters  and 
optimizes  the  ascent  trajectory  directly  with  respect  to  these  parameters.  This  method  has  the  advantage  of  relauve 
simplicity  but  owing  to  the  set  of  parameters  being  finite,  is  only  an  approximation  to  the  true  optimum  profile  The 
larger  the  set  of  parameters  the  better  the  accuracy,  but  of  course  this  must  be  paid  for  in  computing  tune;  a 
compromise  must  be  sought. 

Both  methods  have  been  applied  at  BAe  and  have  given  extremely  close  agreement  in  predicted  propellan. 
requirements.  To  achieve  this  accuracy  the  Direct  Method  required  ten  parameters. 

The  rocket  mass  ratio  can  be  described  by  a  function  of  tne  ’even  primary  variables: 

mMEco  =  {(V|1  01>  h|i  r/W,  S'm,  Cdo,  Up)  (1) 

This  function  is  essentially  non-analyuc  and  must  be  evaluated  point  by  point  using  the  optimization  procedure.  For 
small  deviations  from  a  chosen  nominal  set  of  the  seven  variables,  this  function  can  be  expanded  as  a  Taylor  Senes 
to  first  order  as  follows: 


m  MECO  =  m  raco  +  5f/5Vt  (Ui  _  v1(lwm)  +  mo,  (9,  -  9,<„„,)  +  . . ,  (2) 

Therefore  the  mass  ratio  for  an  arbitrary  set  of  the  seven  vanables  can  be  found  simply  by  knowledge  of  the  seven 
sensitivity  coefficients,  5f/6x„  provided  the  deviations  from  the  nominal  condition  remain  small. 

For  a  typical  SSTO  vehicle,  the  sensitivity  coefficients  are: 

51/5V,  =  6  X  10->  sec/m  6f/6Coo  =  -0.14 

me,  =  7  x  lO  Vdeg  6t/5I,p  =  7  x  10  * /sec 

fifiSh,  =  2.5  x  :0"/km  6f/5(T/W)  =  0018 

5f/6(S/m)=  -4  x  lO'mMcg 

As  can  be  seen  from  Figure  18,  variations  m  m,™00  with  T/W  and  transition  altitude  are  not  Unear  over  a  significant 
region,  and  care  should  be  exercised  to  keep  the  variations  small.  When  a  new  nominal  configuration  is  adopted,  the 
sensitivity  coefficients  should  be  re-evaluated,  to  keep  the  first  order  approximation  valid. 

m,M6CO  •  186,000 


Thiusl/Welght 


Flg.18  Variation  In  Mass  at  MECO  With  Transition  Altitude  and  Rocket  Thrust/Weight 
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The  sensitivity  coefficients  lead  to  fairly  obvious  conclusions.  The  vehicle  would  prefer  to  be  flying  higher  ar.d  faster 
and  climbing  steeper  at  transition,  with  less  drag,  more  thrust  and  a  higher  specific  impulse.  Achieving  these 
objectives  however  is  a  total  system  optimization  problem,  and  the  trade-off  can  only  be  performed  by  including  the 
sensitivity  coefficients  in  a  global  optimization  program. 

Compared  to  the  air-breathing  trajectory,  the  rocket  powered  ascent  from  transition  onwards  is  relatively 
unconstrained.  The  dynamic  pressure  and  wing  loading  decrease  rapidly  The  stagnation  heating  increases  on  the 
nose,  foreplane,  wing  and  intake  leading  edges  but  temperatures  do  not  reach  those  experienced  during  re-entry. 

The  MECO  point  ts  selected  such  that  the  resulting  transfer  apogee  meets  the  required  target  orbit  The  pengee  of 
this  hypothetical  transfer  orbit,  for  minimum  propellant  usage,  is  at  an  altitude  of  approximately  60  km.  However, 
other  considerauons  may  influence  the  choice  of  perigee.  For  example  if  the  vehicle  is  required  to  re-enter 
successfully  following  a  failure  of  the  Orbital  Manoeuvring  System  (so  that  circularization  at  apogee  cannot  be 
performed)  and  a  landing  at  the  launch  site  is  desirable,  then  the  transfer  orbit  perigee  must  be  chosen  carefully. 
Such  a  scenario  is  described  as  'Abort-Once-Around'  (AOA)  and  requires  consideration  of  both  ascent  and  descent 
phases.  The  transfer  orbit  pengee  is  very  sensitive  to  the  constraints  imposed.  To  meet  the  AOA  re-entry  heating 
and  cross-range  requirements,  for  minimum  performance  loss,  the  pengee  for  a  HOTOL-type  launcher  is 
approximately  20  km  Again,  because  of  a  requirement  for  AOA,  the  re-entry  constraints  have  influenced  the  ascent 
trajectory. 


DESCENT  TRAJECTORY 

Two  aspects  of  the  descent  trajectory  are  considered;  the  re-entrv  and  autoland. 

Re-entry  Trajectory  Optimization 

A  vehicle  of  this  type  is  assumed  to  be  cooled  by  radiation;  that  is,  the  external  aeroshell  is  allowed  to  reach  a  high 
temperature  (m  excess  of  1200  K)  so  that  the  incoming  heat  generated  in  the  boundary  layer  and  convected  to  the 
surface  is  re-radiated  back  to  the  atmosphere  according  to  Stefan's  Law.  This  equotion  can  be  wntten  m  the 
following  form: 


aeTj  =  S,pV(h-hw)x^S,pV3(l-Tyrw)  (3) 

Where  S,  is  the  Stanton  number,  the  functional  form  of  which  depends  on  the  state  of  the  boundary  layer,  h„  and  T„ 
are  the  enthalpy  and  temperature  at  the  surface  and  T,K  is  the  recovery  temperature. 

Assuming  an  ideal  gas,  it  can  be  shown  that  on  the  attachment  line  of  a  cyhndncal  flow  of  radius  r  and  incidence 
alpha  (Ref.2): 


S,  =  1.03  x  10'(pr)‘l1sin  a  for  laminar  flow 


(4) 


and 


S,  =  3.2  x  10"’(pr)‘”;  sin  a  tan'^c  (1  +  tan’a)"1”"  for  turbulent  flow  (5) 

A  simple  entenon  for  transition  between  laminar  and  turbulent  flow  is  adopted.  This  assumes  that  if  turbulent  flow 
can  occur,  it  will  occur. 


pr  =  1.2  x  I0‘tana(l  +  tan'a)  51 


(6) 


At  conditions  of  high  enthalpy  such  as  occur  at  re-entry  speeds,  di»  -ociation  and  ionization  of  the  air  molecules  will 
occur,  which  alter  the  properties  of  the  boundary  layer  (in  particular  the  density  and  specific  heat  capacity  of  the 
gas). 

These  properties  can  be  explicitly  calculated  from  a  knowledge  of  the  major  chemical  reaction  rate  equations,  as  a 
function  of  pressure  and  enthalpy,  if  it  can  be  assumed  that  reaction  equilibrium  occurs  between  the  vanous  species 
The  result  is  merely  to  introduce  a  multiplying  factor  on  the  Stanton  number  which  for  turbulent  flow  can  exceed  2  0, 
but  for  a  laminar  flow  rarely  exceeds  1.2.  Laminar  flow  is  thus  seen  as  a  destrab'e  feature  m  high  enthalpy  flow. 

From  these  equations  it  is  possible  to  evaluate  a  good  approximation  to  the  radiation  equilibrium  temperature 
experienced  on  the  surface  of  a  re-entry  vehicle  in  equilibnum  real  gas  conditions.  A  re-entry  profile  can  then  be 
generated  using  tins  temperature  as  an  inequality  constraint. 

The  problem  chosen  ts  to  mmimizo  the  mass  of  the  Thermal  Protection  System  (TPS)  subject  to  inequality  constraints 
on  surface  temperature,  dynamic  pressure  and  g-loads,  and  a  final  cross-range  of  12*  as  an  equably  constraint.  A 
solution  to  this  problem  was  to  control  the  bank  angle  so  that  the  velticle  remained  on  an  isotherm  for  the  vehicle 
surface,  and  to  vary  the  incidence  profile  to  satisfy  the  ramaming  constraints.  A  three  parameter  incidence  profilo 
was  chosen,  similar  in  form  to  the  profile  adopted  by  the  US  Space  Shuttle,  This  is  depicted  in  Figure  19  with  a 
typical  bank  angle  profile. 


was  chosen,  similar  in  form  to  the  profile  adopted  by  the  US  Space  Shunle.  This  is  depicted  in  Figure  19  with  a 
typical  bank  angle  profile. 
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Fig.19  Typical  Descent  Incidence  and  Bank  Angle  Profile 


The  result.ng  temperature  profile  is  shown  m  Figure  20  Note  the  jump  in  temperature  as  transition  to  turbulent  flow 
occurs,  this  must  be  pre-empted  by  the  control  algorithm  so  that  the  constraint  is  not  exceeded 


Lower  Centre  Line  Tempeiature 
—  Body 


Time  (Seconds) 


Flg.20  Re-entry  Temperature  Profile 


The  minimisation  is  performed  using  a  simple  first  order  direct  optimization  method,  whereby  the  incidence 
parameters  are  varied  in  turn  in  order  to  generate  function  and  constraint  gradients  by  numerical  differences.  This  is 
similar  to  that  used  for  the  rocket  ascent  optimization  but  this  time  the  problem  is  highly  constrained.  This  method 
has  proved  to  converge  fairly  rapidly  and  has  the  advantage  that  the  number  of  incidence  parameters  (and  hence  the 
accuracy  of  the  minimization)  can  be  increased  fairly  simply. 

The  Indirect  Method  can  be  applied  to  this  kind  of  problem  and  has  been  successful  m  a  few  simple  cases  (such  as 
maximum  cross-range  descents)  but  it  is  BAe’s  experience  that  the  method  possesses  intractable  difficulties  when 
appLed  to  more  representative  re-entry  optimization  problems 

Once  a  re-entry  trajectory  has  been  defined,  the  sensitivity  of  this  minimized  TPS  mass  to  the  configuration 
parameters  Cdo  and  ballistic  coefficient  can  be  found. 
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Figure  21  shows  the  result  of  this  sensitivity  analysis.  It  can  be  seen  that  a  high  area  to  mass  ratio,  and  a  low  zero- 
incidence  drag  coefficient  arc  bcr.chcia!  :r.  reducing  tha  Olui.ui  TrS  moos,  but  die  reduction  s  seen  to  De  lairly 
small. 


Flg.21  Thermal  Protection  Mass  Sensitivity 


Autoland 

During  re-entry  and  recovery,  vehicle  position,  attitude  and  velocity  information  is  obtained  from  Global  Positioning 
Satellites,  inertial,  radar  altimeter  (in  the  final  stages)  and  air  data  signals.  These  provide  precise  latitude,  longitude, 
attitude  and  altitude  information  together  with  their  associated  rates  The  Flight  Control  System  uses  these  data  to 
follow  a  pre-programmed  trajectory  to  control  heating  rates  and  cross-range  (as  described  previously)  and  to 
position  the  vehicle  for  the  final  Autoland  manoeuvre. 

Autoland  for  civil  airliners  is  conventional,  it  has  been  m  operation  for  the  last  25  years.  Autoland  for  an  unmanned 
glider  with  a  lift/drag  ratio  of  3  5  is  a  different  matter.  The  strategy  adopted  is  to  fly  a  two-segment  approach 

Initially  the  vehicle  flies  a  steep  giideslope  (nominally  240  kt  EAS  along  a  20°  glideslope)  This  is  significantly  steeper 
than  required  for  maximum  lift/drag  (L/D)  ratio  in  order  to  cater  for  the  effects  of  head-  and  tail-winds  Figure  22 
shows  the  range  of  glideslope  modulation  that  is  available  and  the  size  of  the  still  air  Autoland  window 


Fig.22  Autoland  Glideslope  Window 

As  the  vehicle  nears  the  ground  a  flare  manoeuvre  is  required  to  check  the  descent  rate  Trials  m  the  USA  have 
shown  that  it  is  possible  to  land  successfully  from  ghdeslopes  as  steep  as  30°  using  a  single  flare  manoeuvre  It  was 
found,  however,  that  such  a  manoeuvre  required  very  precise  trajectory  control  in  order  to  achieve  the  required 
speed  and  sink  rate  at  touchdown 

A  more  conservauve  approach  is  to  carry  out  an  initial  flare  onto  a  shallow  decelerating  glideslope  (3°  was  adopted 
for  HOTOL,  1 5°  is  used  by  the  Space  Shuttle)  which  allows  some  scope  for  further  adjustment.  A  final  flare  and 
touchdown" then  takes  place.  HOTOL  lands  at  approximately  170  knots. 
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The  Space  Shuttle  (which  has  a  lower  maximum  1/D  ratio  than  H.OTOL  subsonically)  has  demonstrated  that  such  a 
strategy  is  feasible.  To  date,  however,  all  landings  have  beer,  under  partial  or  complete  manual  control.  Fuil  Autoland 
has  nover  been  demonstrated.  For  HOTOL  manual  control  is  not  a  valid  option. 

A  simulation  was  therefore  set  up  at  Warton  which  used  wind  tunnel  derived  aerodynamics  and  reprosentauve  wind, 
turbulence  and  inertia  models  to  dovelop  a  suitable  control  system  Figures  23  and  24  illustrate  the  final  capture  limits 
and  touchdown  scatter  obtained  with  this  system.  Although  some  refinement  is  deemed  necessary,  notably  to  reduce 
dispersion  of  touchdown  point  and  to  reduce  energy  loss  m  turbulence,  the  results  demonstrated  the  essential 
feasibility  of  successful  repeatable  Autoland  for  this  class  of  vehicle. 
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Fig.24  Summary  of  Touchdown  Scatter 


CONCLUSIONS 

To  meet  the  demand  for  a  moro  reliable  and  cost-effective  launch  system,  designers  are  again  assessing  the 
feasibility  of  fully  re-usabie  winged  launcher  vehicles  powered  during  the  initial  ascent  by  air-breathing  propulsion 
systems.  The  performance  of  these  vehicles  is  extremely  sensitive,  and  bccauso  of  l 'as  can  be  significantly  enhanced 
by  design  optimizauon. 

Part  of  the  optimisation  process  involves  the  identification  of  the  most  mutable  ascent  and  descent  trajectories 
However  for  these  vehicles,  the  selection  of  the  optimum  mission  profile  can  not  be  considered  in  isolation.  The 
traditional  methods  of  defining  optimum  minimum  fuel  ascent  are  only  valid  for  a  final  configuration.  For  air-breathing 
launcher  vehicles  the  trajectory  optimization  must  be  part  of  a  Total  System  Opumizauon.  The  conrect  selection  of 
ascent  and  descent  trajectories  can  only  be  made  in  conjunction  with  studies  on  fuselage  design  and  shape,  wing 
design  and  sizing,  and  propulsion  integration,  to  name  a  few. 

These  studies  are  extremely  complex  but  are  essential.  Although  the  performance  of  a  TSTO  vehicle  can  be  affected 
by  the  selection  of  ascent  and  descent  trajectories,  it  is  the  more  sensitive  SSTO  vehicle  where  the  impact  on 


performance  can  be  the  most  dramatic.  The  penalty  for  a  non-optimum  design  ts  very  severe  but  the  rewards  for 
refinement  of  design  and  optimisation  of  the  trajectory  can  be  very  large 
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ABSTRACT 

A  trajectory  global  optimization  method  for  single  stage  to  orbit  (SSTO)  air  breathing  launch  vehicle  is 
presented.  This  method  was  involved  in  STS  2000  AEROSPATIALE  studies  to  compare  various  air  breathing  candidate 
solutions,  assess  their  performances  and  contribute  to  the  definition  of  an  optimized  SSTO  global  design. 


INTRODUCTION 

The  development  of  space  applications  at  the  beginning  of  the  next  century  involves  an  increase  in  LEO  payload 
delivery,  lover  costs  of  transportation  and  minimum  turnaround  tine.  Reusable  air  breathing  launch  vehicles  are 
potential  solutions  to  neet  these  requirements.  Their  characteristics  will  be  an  active  use  of  aerodynamic  lift  in 
the  atmospheric  phase,  propulsion  means  combining  air  breathing  propulsion  at  lov  altitude  and  rocket  propulsion  at 
high  altitude. 

Hany  air  breathing  propulsion  technologies  are  candidates  for  the  concept  of  S.S.T.O.  (Single  Stage  To  Orbit). 
AEROSPATIALE  associated  with  engine  manufacturers  has  conducted  for  ONES,  since  1986.  parametric  studies  of 

S. S.T.O.  (mainly)  under  the  ^signation  of  STS  2000  study,  comparing  different  aerodynamic  shapes  and  propulsion 
solutions.  As  air  breathing  SS.J  propulsion  design  is  characterized  by  stronq  interactions  between  the  selection  of 
thrust  level,  the  ascent  profile,  the  air  intake  sizing,  the  limits  of  use  o'f  each  engine  and  the  maximum  payload, 
an  optimization  process  can  determine  the  best  compromise  between  the  design  parameters  to  provide  the  maximum  pay- 
load. 

This  paper  presents  the  optimization  methods  involved  in  the  STS  2000  studies  through  the  use  of  the 

T. O.P.L.A.  program.  An  example  of  optimized  trajectory  is  discussed  for  a  reference  S.S.T.O.  configuration  with 
integrated  turborocket-ramjet-rocket  engines. 


GLOBAL  DESIGN  PROCESS 

The  global  design  process  is  illustrated  in  Figure  2. 

Preliminary  studies  showed  the  high  sensitivity  of  the  maximum  allowed  payload  to  the  aerodynamic  drag  coeffi¬ 
cient  and  to  the  mass  of  stiucture  and  the  strong  influence  of  forebody  interactions  on  propulsion  performances.  As 
a  good  evaluation  of  these  parameters  is  necessary,  the  aerodynamic  shape  design  was  not  included  m  the  on-line 
optimization,  but  in  an  external  highly  interactive  design  loop  with  some  ram  evolutions  at  certain  steps  of  the 
study. 
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Figure  2.  Design  process 

The  basic  design  of  the  propulsion  system  is  an  input  of  the  optimization  process  as  well,  although  the  sizing 
is  unknown. 

As  sore  fixed  assumptions  are  rede  on  the  takeoff  mass  and  on  the  mission  type,  it  results  from  the  optimiza¬ 
tion  an  estimation  of  the  maximum  payload,  the  propellant  consumption  and  the  propulsion  system  mass  (engines  4  air 
intake). 

Some  modifications  may  eventually  occur  if  these  parameters  do  not  comply  with  the  basic  shape  definition. 


Mission  assumptions 


A  reference  scenario  was  assumed  for  the  studies.  After  an  assisted  takeoff  from  Kourou  and  an  ascent  phase, 
the  S.S.T.O.  is  injected  on  a  100/500  km/30  deg  orbit.  The  orbit  is  tlmn  circularized  at  bOO  km.  The  navload  is 
maximized,  the  utmost  objective  being  7  tons  of  payload.  After  on-orbit  operations,  the  S.S.T.O.  is  brought'  back  on 
earth  after  an  atmospheric  re-entry  phase. 


orbit  500  km 


Figure  3,  Mission  scenario 
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Deternination  of  the  payload 

The  paxipup  payload  that  can  be  brought  to  orbit  is  the  real  optinization  criterion.  This  payload  results  for 
each  trajectory  iron  the  takeoff  pass  (fixed),  the  LO?  and  LH?  consupption,  the  propulsion  systen  pass  (optiPi- 
zation  variable)  and  the  structure  pass  (Figure  4). 

The  structure  pass  results  itself  fron  a  breakdown  into: 

-  one  part  function  of  the  takeoff  pass  (wings), 

-  one  part  function  of  the  on-orbit  pass  (on-orbit  operation  and  re-entry  propellant,  landing  gear,  theipal 
protections), 

-  one  part  for  the  propellant  tank  pass  and  one  part  for  fixed  P2ss. 


OPTIMIZATION  i 


TAKE  OFF 
MASS 


PROPULSION 

MASS 


STRUCTURE 

MASS 

+ 

OPs .+recntry 
fuel 


Figure  4.  Payload  determnation 

To  deterPine  the  optipun  propulsion,  the  engine  pass  and  air  intake  pass  are  correlated  with  propulsion  design 
drivers  by  relations  of  the  form 


-  air  intake  pass 


:  Hmt  -  k  (N.AC)  •'’si 


°2  u  ”3 

•  "pax 


-  air  breathing  engine  pass  ;  Hae  ■  N  *  Hae  ref 

-  rocket  engine  pass  :  Mre  -  f  (H,  Fpax> 

with  N  :  scale  factor  on  the  reference  engine.  It  ray  be  interpreted  as  a  nurber  of  engines, 
Pgi  :  raxipun  air  intake  recovered  pressure. 


H  px  :  operating  Hach  nupber  of  the  air  intake.  Beyond  this  value,  the  air  intake  is  closed. 

f  :  paxipup  rocket  thrust  level. 


k,  «j,  Uj  are  coefficients  which  depend  on  the  air  intake  design. 
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CONSTRAINS  OH  THE  TRAJECTORY 

The  trajectory  is  subject  to  sone  physical  constraints  on  state  paraneters  and  on  control  parameters. 

Structural  design  and  physiological  constraints  inpose  sone  1  imitations  on  dynamic  pressure,  transverse  and 
longitudinal  acceleration.  The  propulsion  system  design  fixes  sone  limits  on  the  operating  Mach  numbers  of  the  air 
breathing  engines  (turborocket,  ramjet). 

The  angle  of  attack  is  constrained  to  be  positive  in  ramjet  node.  Practically,  it  is  not  necessary  to  consider 
upper  limits  on  the  angle  of  attack  as  the  transverse  acceleration  limit  is  more  stringent. 


Aerodynamic  and  propulsive  models 

A  complete  model  nation  of  aerodynamic  and  propulsive  parameters  as  functions  of  the  flight  parameters  Mach, 
altitude  Z,  angle  of  attack  a.  is  included  in  the  equation  of  motion.  The  atove-defined  N  factor  allows  to  derive 
piopulsive  coefficients  from  the  basic  coefficients  of  the  reference  engine: 

-  aerodynamic  shape  coefficients: 

*  CZ  -  CZ  (a.  Mach). 

»  CX  -  CX  (a,  Mach). 

-  additive  aerodynamic  forces:  additive  forces  must  be  taken  into  account  for  subcntical  air  intake  regime,  i.e. 
when  the  engine  airflow  demand  does  not  match  the  air  intake  available  area. 

*  Xa  -  N  .  Xarc£  (Mach.  Z,  a), 

*  Za  -  N  .  Zarpf  (Mach.  Z.  a). 

*  Xculot  -  N  .  Xculotref  (Mach,  Z.  a), 


-  thrust 


F  »  N  .  Fref  (Mach.  Z.  a) 

-  flow  rates  (air  breathing  phase): 

*  %  '  \  \  ref  (Kach'  «> 

*  ftl  '  »2-  \  ref  <Mach'  8> 


The  propulsive  model  for  the  rocket  phase  has  an  elementary  form  witn  constant  coefficients. 


Optimization 

The  optimization  algorithm  aims  at  maximizing  the  admissible  payload  with  rpspect  to  the  variables: 

-  air  breathing  and  rocket  phase  ascent  profile. 

-  initial  azimuth. 

-  transition  Mach  between  the  engines:  turbo  jet,  ramjet,  rocket. 

-  "number  of  engines"  N. 

-  limit  of  air  intake  recovered  pressure. 

-  thrust  level  in  the  rocket  phase.  Two  levels  (fixed)  are  optimized  in  this  phase  consif'ently  with  the  limit  on 
longitudinal  acceleration  (40  m/sz).  The  transition  between  these  two  levels  occurs  wner.  „he  acceleration  reaches 
this  limit. 
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This  probier  is  solved  by  a  parametric  eethod.  The  air  breathing  ascent  profile  is  split  up  into  a  finite 
Au.  ;r  of  segrents  in  the  altitude/velocity  systen  of  coordinates.  The  velocity  or/and  altitude  components  of  each 
bte  xing-point  of  tne  profile  can  be  optimized  (figure  n'  6). 

A  radial  pursuit  control  lav  determnes  the  angle  of  attack  necessary  to  follow  the  profile  (figure  n°  7).  Tha 
control  is  switched  fror  one  reference  segrent  to  tne  next  one  with  .'Tie  anticipation  in  order  to  track  the  profile 
sroothly.  The  trajectory  is  explicitly  constrained  by  the  limt  on  dynaric  pressure  and  air  intake  recovered 
pressure  as  these  limits  nay  be 'defined  according  to  velocity  and  altitude  only.  The  air  intake  recovered  pressure 
takes  into  account  the  air  intake  pressure  recovery  which  depends  also  on  altitude  and  velocity. 


Figure  6.  Air  breathing  ascent  profile  Figute  7.  Ascent  profile  tracking 


The  bank  angle  during  air  breathing  phase  is  naintained  at  zero  as  the  initial  azinuth  is  optimzed.  Some 
residual  transverse  corrections  are  nade  in  the  rocket  phase  in  order  to  reach  the  prescribed  orbit  plane. 

The  rocket  phase  trajectory  is  directly  optimzed  by  neans  of  an  explicit  guidance  algorithm  A  quasi-NEWTON 
method  was  also  tested  to  optimize  this  phase,  but  it  was  less  satisfactory  with  regard  to  computer  time  and 
robustness  relatively  to  feasible  initial  trajectory. 

Tha  global  optimization  process  consists  in  a  cyclic  nonodmensional  search  on  each  parameter.  This  method, 
although  conservative,  does  not  reguire  any  weighting  factor  on  the  optimization  parameters  and  has  a  robust 
behavior  with  respect  to  significant  change  in  the  various  configurations  of  S.S.T.O.  which  had  to  be  compared. 
Computer  processing  time  was  acceptable  to  implement  this  software  on  an  ordinary  work  station. 


Initialization  of  the  optimization  process 

Trajectory  optimization  algorithms  generally  reguire  a  good  initial  g„ess  of  the  optimization  parameters. 
Classic  methods  of  best  ascent  trajectory  determination  currently  used  for  aircrafc  may  be  applied  for  that  purpo¬ 
se.  Such  methods  are  detailed  by  ROTOHSKI  (reference  Ill). 


They  rely  on  the  minimization  of  the  consumed  fuel  mass  (Figure  8): 


¥  i 

“  i  d(E/m)/dm 
E/m1 


d(E/m) 


which  is  equivalent  to  maximizing  at  each  energy  level: 
I  (T-D) . V/  <m.g»E/|)  .  fonst. 
with  E/m  -  gZ  +  V2/2  g.Z  ♦  V2/2 
Z  altitude. 


V  velocity, 
T  thrust, 


0  drag. 

Q  flow  rate  of  fuel. 
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Figure  8.  Ascent  profile  first  guess 

This  nethod  nay  be  applied  for  a  first  guess  of  the  air  breathing  ascent  profile.  It  can  take  into  account  the 
dynamc  pressure  and  air  intake  recovered  pressure  limit  as  these  constraints  nay  be  expressed  in  the  sane  (Z,  V) 
plane.  The  fust  guess  of  air  breathing  engine  thrust  level  is  determined  by  trial  and  error. 


Characteristic  trajectories 


The  exanple  of  an  optimzed  trajectory  for  a  turborocket/ranjet/rocket  engine  (reference  S.S.T.O.)  is  shown  in 
Figures  9  to  12. 

The  aerodynanic  shape  was  designed  to  provide  a  low  drag  in  the  transsonic  phase  and  the  turborocket  engine 
was  adapted  for  this  phase.  As  shown  in  Figure  9.  the  air  breathing  ascent  profile  in  (Z.  V)  plane  begins  by  a 
segment  at  low  altitude  (no  environmental  or  safety  constraint  was  presently  assumed),  at  Mach  0.7.  after  a  pull-up 
maneuver,  the  vehicle  climbs  rapidly  up  to  3  000  m  to  pass  the  transsonic  phase  with  a  small  positive  flight  path 
angle  until  the  dynamic  pressure  constraint  is  reached.  The  profile  follows  then  this  constraint  and  the  turboroc¬ 
ket  is  switched  over  to  ramjet  propulsion  at  the  optimized  transition  Mach  3.6.  This  Mach  number  was  also  the 
operating  limit  of  this  turborocket  engine.  After  that  transition,  the  air  intake  recovered  pressure  constraint 
becomes  preponderant. 

The  ascent  profile  follows  then  the  constraint  up  to  the  pull-  up  maneuver  the.  increases  the  flight  path 
angle  before  transition  to  the  rocket  phase.  The  optimzed  upper  bound  of  Mach  number  during  air  breathing  base  is 
Mach  -  6.  It  was  also  the  upper  operating  limit  for  that  engine. 

As  shown  in  Figure  12,  in  the  rocket  phase,  the  longitudinal  acceleration  increases  rapidly  up  to  its  limit  0{ 
40  m/s^.  This  condition  triggers  a  second  thrust  level  which  is  reduced  to  an  optimized  value.  Earlier  studies 
proved  that  the  possibility  to  have  two  rocket  thrust  levels  could  bring  an  appreciable  payload  gain  relatively  to 
the  solution  with  a  single  constant  rocket  thrust  level. 

For  the  previous  S.S.T.O.  configuration,  the  transsonic  phase  was  passed  at  a  relatively  low  altitude.  Figu¬ 
re  13  shows  the  initial  ascent  trajectory  of  the  same  S.S.T.O.  equipped  with  engines  of  better  specific  impulse  but 
of  lower  thrust-to-mass  ratio.  The  turbo  engine  is  here  adpated  for  takeoff  instead  of  being  adapted  for  the 
transsonic  phase. 

The  transsonic  phase  occurs  then  at  higher  altitude  and  ends  with  some  negative  flight  path  angle.  To  compen¬ 
sate  for  this  higher  mass  of  engines,  the  optimum  of  air  intake  maximum  Mach  number  is  no  more  the  operating  limit 
of  the  ramiet  engine.  Therefore,  the  transition  to  rocket  phase  is  done  at  Hach  4.5.  The  initial  ascent  profile  of 
Figure  13  was  composed  of  7  optimized  breakpoints.  It  is  interesting  to  compare  this  profile  with  a  reduced  prof  le 
structure  at  3  breakpoints.  The  trajectories  (continuous  lines)  are  comparable  and  the  difference  in  payloads  is 
practically  negligible  with  respect  to  model  uncertainties. 

Ac  a  cor.scqucr'c,  the  choice  uf  <i  purametiic  representation  ol  the  ascent  profile  in  an  altitude/velocity 
plane  is  well  suited  to  the  air  breathing  trajectory  optimization. 
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CONCLUSIONS 

The  STS  2000  studies  showed  the  relevance  in  optinizing  the  propulsion  sizing  paraneters  together  with  the 
trajectory.  Pararetric  optinization  nethods  with  a  representation  of  the  air  breathing  ascent  profile  by  broken 
lines  in  an  altitude,  velocity  systen  of  coordinates  proved  to  be  well  suited  to  this  task.  It  was  then  possible, 
by  neans  of  these  nethods,  to  efficiently  conpare  nunerous  configurations  of  propulsion  integration  in  order  to 
select  nore  rapidly  the  best  solutions  or  give  the  orientation  for  future  studies. 
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THE  CHALLENGE  OF  ASSEMBLING  A  SPACE  STATION  IN  ORBIT 


Vance  D.  Brand 

NASA  Lyndon  B.  Johnson  Space  Center 
Houston,  Texas  77058  USA 


1.  The  Need  for  a  Space  Station 


Seventeen  years  ago,  America  had  a  very  capable  space  station  in  orbit.  It  was 
called  Skylab.  Skylab  was  a  scientific  space  station  which  weighed  approximately  90 
metric  tons  and  traveled  in  low  Earth  orbit  with  a  crew  of  three. 

The  Space  Station  Freedom,  an  all-purpose  scientific  platform  currently  being 
developed  by  free  world  partner  nations,  will  be  a  superior,  much  larger  station  with 
newer  technology.  It  will  weigh  more  than  225  metric  tons  and  eventually  will  have  a 
crew  of  eight.  Freedom  will  be  permanently  manned  and  will  be  assembled  in  orbit  in  the 
late  1990's. 

What  are  the  unique  attributes  of  any  space  station?  Obviously,  a  space  station  is 
an  excellent  vantage  point  from  which  to  view  both  the  Earth  and  the  universe.  A  space 
station  is  in  an  advantageous  location  to  serve  as  a  depot  or  transportation  node  for 
spacecraft  destined  to  go  further  out  into  space,  and  it  exists  in  an  environment  of 
weightlessness  and  near-perfect  vacuum. 

A  space  station  is  a  scientific  platform  for  observing  both  the  universe  and  the 
surface  of  the  Earth  and,  in  addition,  car  be  used  to  develop  equipment  that  might  be 
later  transferred  to  unmanned  satellites.  A  space  station  can  serve  as  a  transportation 
depot  at  which  spacecraft  may  be  refueled,  repaired,  or  assembled.  There  is  a  strong 
possibility  that  a  manned  Mars  probe  may  someday  be  assembled  and  fueled  onboard  a  space 
station  before  starting  its  journey  to  Mars.  A  space  station  can  be  a  laboratory  for 
microgravity  research  where  larger,  purer  crystals  and  other  materials  are  processed. 
Life  sciences  research  will  be  conducted  there  so  that  man's  physiology  may  be  better 
understood  before  long  journeys  into  the  solar  system  are  initiated  early  in  the  next 
century.  Space  stations  can  have  military  as  well  as  peaceful  objectives.  A  space 
station  must  be  part  of  the  infrastructure  of  space  capabilities  of  any  nation  or  nations 
planning  to  extend  the  frontier  of  space  exploration. 


2.  The  Challenge  of  Space  Construction 

Although  there  are  similarities  between  Earth  construction  and  space  construction, 
there  are  also  some  very  important  differences.  The  remoteness  of  the  assembly  site  is  a 
significant  difference.  Any  space  station  in  Earth  orbit  must  be  assembled  at  an 
altitude  of  at  least  300  kilometers  and  at  an  approximate  speed  of  28  000  kilometers  per 
hour.  Obviously,  if  a  space  station  is  being  built  under  those  conditions,  it  is 
impossible  to  drive  to  a  nearby  hardware  store  to  buy  a  wrench  or  any  other  tool  that  may 
have  been  forgotten  or  to  replace  building  materials  that  might  not  be  suitable.  Thus, 
preplanning  is  a  very  important  ingredient  in  space  construction  and  even  more  important 
than  in  Earth-based  construction  projects.  Another  difference  is  the  hostile  environment 
of  space.  Orbiting  above  the  Earth's  atmosphere,  the  construction  site  is  in  a  vacuum 
and  is  subject  to  radiation,  micrometeoroid  bombardment,  and  great  thermal  extremes.  The 
workers  on  orbit  must  be  protected  from  these  hazards,  and  the  space  station  must  be 
designed  to  withstand  the  rigors  of  the  environment.  Although  working  in  a  space  suit 
may  appear  to  be  fun,  there  are  penalties  associated  with  wearing  such  a  garment.  For 
example,  today's  space  suits  ore  massive  and  somewhat  stiff  in  the  joints  and  gloves. 
Thus,  they  are  cumbersome,  tiring,  difficult  to  take  into  tight  places,  and  reduce  one's 
manual  dexteiity.  These  disadvantages  are  partially  offset  by  extensive  training  m  the 
suits. 

Construction  operations  in  the  weightless  environment  offer  both  advantages  and 
disadvantages.  Advantages  are  that  structures  can  be  made  lighter  and  that 
extravehicular  crewmen  can  easily  translate  about  the  station.  Disadvantages  include  the 
need  for  new  techniques  and  tools  and  complete  ground  simulation  of  operations  before 
flight.  Unlike  on  Earth,  in  space  there  is  no  yard  around  the  building  site  where 
materials  may  be  stored.  This  means  that  components  must  be  assembled  as  soon  as  they 
reach  orbit,  or  secured  in  a  temporary  storage  location. 
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Factors  that  determine  the  difficulty  of  construction  on  orbit  include  the 
configuration  of  the  station,  capabilities  of  the  transportation  system  tbit  will  carry 
components  to  orbit,  and  the  actual  magnitude  of  the  assembly  work  required  by 
extravehicular  (EV)  crewmen  or  robots.  The  size  and  the  complexity  of  the  station  are 
the  primary  configuration  factors. 

Capabilities  of  the  transportation  system  that  are  of  interest  include  the  amount  of 
mass  and  volume  of  materials  that  can  be  transported  to  orbit  on  each  flight,  man-hours 
of  extravehicular  activity  (EVA)  available  on  each  flight,  visibility  to  do  the  job,  on- 
orbit  stay  time,  and  flight  rate.  Other  factors  include  capabilities  of  the  assembly 
work  platform  connected  to  the  transportation  system  and  of  remote  manipulators  such  as 
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the  Space  Shuttle  remote  manipulator  system  (RMS)  that  will  be  used  for  construction  of 
the  Space  Station  Freedom. 

The  magnitude  of  assembly  work  required  by  crewmen  or  robots  pertains  to  the  number 
of  things  that  must  be  assembled  on  the  station  as  opposed  to  those  things  that  can  be 
deployed  automatically  or  can  be  operated  as  they  arrive  in  orbit  without  any  assembly  or 
deployment.  Generally,  the  on-orbit  construction  job  is  easier  if  devices  such  as  solar 
panels,  radiators,  and  antennas  can  be  deployed  automatically  rather  than  assembled  in 
orbit  by  human  beings.  Tradeoff  studies  must  be  made  to  determine  whether  hardware  is 
best  assembled  or  deployed.  In  either  case,  there  is  always  the  possibility  that 
something  will  not  work  properly  after  it  has  been  assembled  or  deployed  which  makes  end- 
to-end  ground  checkout  of  hardware  and  software  a  must  before  flight.  Design  for 
reliability,  quality  control,  and  ground  testing  are  paramount  requirements. 


4 .  The  Optimum  Choice 

My  opinion  is  that  the  best  solution  to  the  problem  of  constructing  a  large  space 
station  on  orbit  is  to  minimize  assembly  and,  thereby,  to  maximize  ground  end-to-end 
checkout.  For  a  large  station,  this  method  requires  use  of  a  large,  wide-body  launch 
vehicle.  The  use  of  such  a  transportation  system  allows  a  space  station  to  be  assembled 
on  Earth,  ground  tested  as  a  complete  system,  and  placed  in  orbit  in  just  one  or  two 
flights.  Any  assembly  activities  which  follow  are  less  time  critical,  reduced  in  scope, 
and  staged  from  an  already  functional,,  orbiting  base.  Significant  operational  costs 
associated  with  many  assembly  flights  and  the  risk  inherent  in  extensive  on-orbit 
assembly  are  avoided.  Currently,  the  United  States  does  not  have  an  operational  wide- 
body  launch  vehicle.  The  last  one  used  in  the  United  States  was  the  Saturn  V,  which 
could  lift  more  than  100  metric  tons  into  low  Earth  orbit. 

Obviously,  without  such  a  vehicle,  a  space  station  assembly  sequence  requires 
transporting  many  smaller  loads  into  orbit,  with  extensive  assembly  on  orbit  by 
astronauts  in  space  suits.  The  latter  assembly  method  is  actually  a  feasible,  out  more 
difficult,  way  of  building  a  space  station.  On  the  positive  side,  assembly  on  orbit 
proviaes  the  space  assembly  knowledge  and  national  capabilities  for  vpry  large  space 
projects  in  the  future. 


5 .  Description  of  the  Space  Station  Freedom 

The  Space  Station  Freedom  will  consist  of  a  long  truss,  several  pressurized  modules, 
and  many  items  of  equipment  attached  to  the  truss  (Figure  1).  The  planned  truss  will 
eventually  consist  of  27  bays  of  composite  truss  construction  and  will  be  more  than 
145  meters  long  py  5  meters  wide  by  5  meters  deep.  Large  photovoltaic  panels,  capable  of 
producing  an  electric  power  output  of  75  kilowatts,  will  be  attached  at  the  ends  of  the 
truss.  The  panels  will  gimbal  so  that  the  solar  arrays  are  always  facing  the  Sun. 


Eight  pressurized  modules  will  be  attached  to  each  other  and  to  the  center  of  the 
truss  (Figure  2).  The  U.S.  modules  will  be  arranged  in  a  racetrack  (rectangular) 
arrangement.  The  core  configuration  will  consist  of  a  laboratory  module,  a  habitation 
module,  and  four  nodes  attached  at  the  corners  of  the  rectangle.  The  nodes  will  serve  as 
control  centers,  and  will  contain  computer,  stabilization,  control,  and  other  systems. 
The  European  Space  Agency  and  Japan  will  each  supply  an  additional  pressurized  laboratory 
to  complete  the  module  pattern.  The  Canadian  mobile  servicing  center  (MSC),  a  remote 
manipulator,  will  move  along  the  long  truss.  The  Space  Shuttle  docking  systems  will 
attach  to  docking  systems  on  the  forward  nodes.  At  least  20  Space  Shuttle  assembly  and 
provisioning  flights  will  be  needed  to  construct  the  Station.  Currently,  the  Space 
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Shuttle  has  the  capacity  to  carry  approximately  18  000  kilograms  to  an  orbital  altitude 
of  400  kilometers. 


6.  Space  Station  Freedom  navigation  and  Control  Systems 

Magnetic  passive  dampeis  will  be  used  for  attitude  control  of  the  first  stage  of 
freedom  until  arrival  of  the  second  assembly  flight.  The  passive  dampers  are  spherical 
devices  having  a  mass  of  approximately  9  kilograms.  They  attach  to  the  Station  truss 
structure  and  damp  attitude  oscillations  of  the  Station  as  it  is  flying  in  the  gravity- 
gradient  attitude.  Each  damper  consists  of  a  spherical  shell  inside  a  shell,  with 
viscous  damping  fluid  between  the  shells  (Figure  3).  The  outer  shell  is  attached  to  the 
spacecraft  structure  and  the  inner  shell  to  a  permanent  magnet,  which  seeks  alignment 
with  the  Earth's  magnetic  field.  The  result  is  that  spacecraft  oscillations  about  the 
gravity-gradient  attitude  are  positively  damped.  With  a  sufficient  number  of  dampers,  a 
tumbling  spacecraft  can  eventually  be  stabilized  in  the  gravity-gradient  attitude.  As 


Figure  2.-  Freedom's  pressurized  modules. 
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Concept  of  Magnetic  Passive  Damper 


9  Magnet  attempts  to  align 
to  magnetic  field 
Q  Spacecraft  oscillates  in 
gravity  gradient  mode 
0  Relative  motion  between 
spacecraft/magnet  is 
damped 

9  Amplitudes  of  spacecraft 
oscillations  diminish 


Figure  3.-  Concept  of  magnetic  passive  damper. 


many  as  seven  dampers  may  be  required  for  the  stage  assembled  on  the  first  Space  Shuttle 
flight.  Passive  dampers  have  been  used  on  satellites  in  the  past  and  are  considered  to 
be  reliable.  The  NASA  long  duration  exposure  facility  (LDEF),  whicn  currently  is  in 
orbit  and  will  be  returned  to  Earth  late  this  year,  is  a  3-axis,  passively  stabilized 
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satellite  successfully  utilizing  the  magnetic  passive  damper.  It  has  no  active  control;, 
i.e.,  no  reaction  control  system  (RCS)  or  control  moment  gyros  (CMG's). 

A  two-module  RCS  is  installed  on  the  second  Space  Shuttle  assembly  flight  and  will  be 
enlarged  to  four  modules  on  later  flights.  The  completed  RCS  consists  of  four  pods,  each 
with  several  thrusters  and  hydrazine  propellant.  Tvo  SCS  pods  are  located  near  each  end 
of  the  truss  (Figure  4).  In  addition  to  reaction  control  jets,  the  completed  Freedom  has 
six  CMG's  to  smoothly  control  attitude.  The  CMG's  are  mounted  on  a  pallet  attached  to 
the  truss  and  are  desaturated  by  the  RCS  as  required  (Figure  5).  The  navigation  and 
control  system  of  the  completed  station  receives  inputs  from  star  trackers  and  the  global 
positioning  system  (GPS).  Computers  inside  the  pressur'ied  modules  maintain  attitude  and 
state-vector  (position  and  velocity)  knowledge  by  means  of  this  system.  In  addition  to 
maintaining  attitude  and  desaturating  CMG's,  the  reaction  control  jets  also  perform 
station  altitude  adjust  maneuvers.  Periodic  posigrade  maneuvers  are  required  to  offset 
drag  by  raising  the  orbital  altitude  of  the  Station. 


7 .  Space  Station  Freedom  Assembly  Tools  and  Methods 

The  Space  Station  Freedom  will  be  assembled  on  orbit,  and  there  must  be  an  optimum 
balance  of  construction  resources  to  do  the  job.  These  resources  consist  of 
extravehicular  crewmen,  remote  manipulators,  robotic  devices,  and  an  assembly  work 
platform.  Two  EV  crewmen  are  sent  out  from  the  Space  Shuttle  for  6  hours  at  a  time  to 
assemble  the  Space  Station  Freedom.  Because  of  resource  limitations,  eacn  Space  Shuttle 
flight  has  24  man-hours  of  extravehicular  crew  time  available,  with  a  possible  extension 
to  48  man-hours.  Manipulators  include  the  Space  Shuttle  RMS  (sometimes  called  tne 
"Canada  Arm")  and  a  larger,  advanced  version  of  the  Canada  Arm  onboard  Freedom  called  the 
mobile  servicing  center  (MSC).  Unlike  the  Space  Shuttle  RMS,  the  MSC  is  attached  ro  the 
Space  Station  Freedom.  The  Station's  arm  moves  about  the  truss  on  a  device  called  the 
mobile  transporter,  and  it  serves  a  purpose  similar  to  that  of  a  crane  at  a  building  site 
here  on  Earth.  Robots  such  as  the  U.S.  flight  telerobotic  system  and  the  Canadian 
special-purpose  dexterous  manipulator  are  attached  to  the  ends  of  the  manipulators  and 
are  capable  of  fine  manipulations  such  as  detailed  construction  and  maintenance  tasks. 
There  is  a  work  platform  at  the  forward  end  of  the  Space  Shuttle  Orbiter  payload  bay. 
The  work  platform,  called  the  assembly  work  platform,  is  a  truss-building  machine. 

Two  EV  astronauts  use  the  assembly  work  platform  to  build  the  Station's  long, 
transverse  truss  described  earlier  (Figure  6).  Astronauts  attach  composite  struts  tr  a 
fixture  on  the  assembly  work  platform  to  build  each  5-meter  bay  of  truss.  After  each  bay 
is  completed,  it  i3  indexed  straight  out  of  the  Orbiter  payload  bay.  As  the  truss  is 
being  built  and  indexed  out  of  the  bay,  utility  runs  are  attached  to  the  structure. 
After  a  section  of  truss  is  completed,  avionics  boxes  and  other  components  are  maneuvered 
to  the  truss  by  the  manipulators  and  latched  into  place  by  astronauts.  Most  items  of 
equipment  are  assembled;  the  photovoltaic  panels  for  the  electric  power  generation 
system,  which  are  deployed,  constitute  an  exception 


8 •  The  Early  Assembly  Flights 

Each  of  the  many  assembly  flights  will  have  a  distinctive  cargo  manifested  in  the 
Orbiter  payload  bay,  and  the  assembly  for  each  stage  is  performed  differently.  For 


Figure  4.-  RCS  propulsion  modules  on  truss. 


Figure  5.-  Control  moment  gyro  pallet. 


Figure  6.-  Assembly  work  platform. 


example,  the  first  assembly  flight  requires  two  astronauts  to  assemble  a  few  bays  of 
truss  and  one  quarter  of  the  electrical  power  system.  Other  vital  systems,  such  as 
navigation,,  control,  propulsion,  and  environmental  control,  are  not  yet  pjrt  of  the 
assembly.  After  the  Orbiter  departs,  the  first  stage  remains  m  orbit  passively 
stabilized  by  magnetic  dampers  in  a  gravity-gradient  attitude  until  the  Orbiter  returns 
with  a  second  load  (Pigure  7).  The  stage  flies  with  its  long  axis  pointed  toward  the 
center  of  the  Earth. 

Sufficient  equipment  arrives  in  orbit  on  the  second  flight  to  form  a  fully  functional 
spacecraft,  which  is  not  yet  tne  whole  station  -  only  a  small  piece  of  it.  This  fully 
functional  spacecraft  still  flies  in  a  gravity-gradient  attitude  on  orbit  but  is 
stabilized  by  means  of  RCS  propulsion.  On  a  later  flight,  the  first  pressurized  module 
a  node,  is  installed  <r*gu re  Si;  then,  tne  remaining  half  of  the  transverse  tru3s  is 
assembled  (Figure  9).  Each  succeeding  Space  Shuttle  flight  results  in  assembly  work 
wmch  will  increase  the  mass  and  complexity  and  systems  capability  of  the  Station.  As 
previously  described,  the  construction  proceeds  with  crew-controlled  remote  manipulators 
moving  items  from  the  payload  bay  to  the  work  site.  Astronauts  are  involved  in  the 
assembly  operations  both  as  extravehicular  assemblers  and  intravehicular  manipulator 
operators. 


Figure  7.-  Spacecraft  passively  stabilized  after  first  assembly  flight. 
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Figure  8.-  Spacecraft  after  first  pressurized  node  installed. 


9 .  Challenges  of  Space  Station  Freedom 

Although  not  necessarily  in  order  of  importance,  the  following  are  the  significant 
challenges  of  the  Space  Station  Freedom  construction  process.  It  is  difficult  to 
transport  an  adequate  amount  of  functionality  to  orbit  on  the  first  assembly  flight  to 
achieve  a  self-sustaining  spacecraft.  Ideally,  the  first  flight  would  have  all  of  the 
necessary  systems  for  flight  control  and  survival  until  the  Space  Shuttle  returns.  It  is 
a  ntcessary  compromise  that  the  Space  Station  Freedom  will  be  passively  stabilized  with 
magnetic  dampers  at  the  end  of  the  first  assembly  flight  and  will  not  achieve  the 
ranAhility  to  control  its  own  attitude  until  the  SPeond  flight. 

Another  challenge  is  that  of  loading  the  5-  by  20-meter  payload  bay  of  the  Space 
Shuttle  in  such  a  way  that  volume,  center  of  gravity,  and  mass  (lifting  capacity)  limits 
are  not  exceeded  on  each  flight.  Engineers  must  design  compact  launch  packages  which  can 
be  positioned  in  the  payload  bay  to  satisfy  center  of  gravity  limitations  and  later  be 
easily  unpacxed  and  assembled  on  orbit. 

An  important  objective  and  challenge  is  to  minimize  the  number  of  assembly  and 
outfitting  flights  so  as  to  reduce  operational  costs  during  the  construction  phase.  It 
may  be  possible  to  build  and  outfit  a  minimum  station  with  less  than  20  flights,  then 
improve  the  Station  with  systems  upgrades  later  in  the  program. 
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Figure  9.-  Spacecraft  after  transverse  truss  completed. 


Extravehicular  activity  time  is  a  critical  resource  in  the  construction  process.  It 
is  a  challenge  to  stay  within  EVA  man-hour  limits,  and  the  Station  designer  must  honor 
that  limitation. 

Both  the  Space  Shuttle  and  Space  Station  Freedom  remote  manipulators  have  constraints 
during  use  that  cannot  be  ignored.  For  example,  there  are  reach  and  articulation 
limitations.  As  with  the  human  arm,  the  manipulator  joints  can  reach  only  so  far  and  are 
ineffective  in  certain  positions.  Assembly  designers  also  must  consider  how  well  the 
manipulator  operator  can  see  the  task  being  performed.  Direct  viewing  through  the  Space 
Shuttle  or  Space  Station  Freedom  windows  is  a  design  goal,  but  in  most  cases,  direct 
viewing  must  be  supplemented  by  displayed  television  views.  Manipulator  operations  must 
be  seen  well  to  be  conducted  efficiently  and  safely. 

Another  challenge  of  Space  Station  Freedom  assembly  is  the  problem  of  unplanned 
interruptions  to  the  assembly  process.  In  the  event  of  an  unplanned  departure  resulting 
from  a  Space  Shuttle  or  Space  Station  emergency,  the  Station  must  be  capable  of 
surviving,  and  the  Space  Shuttle  must  be  capable  of  returning  and  docking  to  the  Space 
Station  to  continue  the  assembly.  This  requirement  places  a  burden  on  the  assembly 
designer  to  think  through  each  step  of  the  assembly  process  from  the  standpoint  of 
unplanned  interruptions. 

Each  step  of  the  assembly  process  must  be  verified  on  the  ground  before  it  is 
accomplished  in  flight.  This  means  that  assembly  must  be  conducted  on  the  ground  in  a 
simulation  or  other  test  before  assembly  on  orbit  occurs.  Verifications  are  planned  for 
the  development  contractor's  facility.  Many  tests  will  occur  at  either  the  NASA  Lyndon 
B.  Johnson  Space  Center  or  the  NASA  Jonn  F.  Kennedy  Space  Center.  Ground  simulations 
will  include  prototype  hardware  tests;  underwater  assembly  demonstrations;  and  "man-in- 
the-loop"  simulations  to  verify  manipulator  reach,  operator  visibility,  timelines,  and 
overall  assembly  feasibility.  The  ground  simulation  and  verification  process  is  vital 
since  on-orbit  operations  will  cease  if  a  part  does  not  fit,  a  tool  is  missing,  a  station 
stage  is  not  controllable,  or  the  assembly  procedure  is  found  to  be  impractical. 

Development  and  integration  of  the  Space  Station  Freedom  from  a  management  point  of 
view  is  perhaps  the  greatest  programmatic  challenge  for  NASA  in  its  30-year  history. 
Station  components  are  being  designed,  developed,  and  tested  by  four  NASA  centers  and 
four  prime  contractors,  plus  partners  from  Canada,  the  European  Space  Agency,  Japan,  and 
their  contractors.  The  complicated  management  process  is  beneficial  in  that  it  pools 
monies  and  talent  from  several  sources  for  a  difficult  task.  However,  the  program 
complexity  greatly  increases  the  management  challenge  and  results  in  increased  management 
integration  expense. 


10 .  Incorporation  of  New  Technologies 

The  NASA  is  conducting  advanced  development  to  bring  new  technologies  on  line  for  the 
Space  Station  Freedom.  Some  examples  are  an  aluminum-coated  composite  truss  structure 
with  low  sensitivity  to  thermal  stress,  a  solar  dynamics  electric  power  generation  system 
(Figure  10),  and  a  flight  telerobotics  system.  Other  examples  are  utility  conduits  wound 
on  large  reels  for  transportation  in  the  Space  Shuttle  and  a  unique  assembly  work 
platform  to  be  used  for  truss  building  on  orbit.  Since  some  of  the  above  advanced 
developments  add  programmatic  risk  and  increase  up- front  costs,  consideration  is  being 
given  to  U3e  of  more  proven  equipment  in  the  early  stages  of  assembly.  After  the  Station 
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is  permanently  manned,  more  advanced  equipment  with  improved  performance  may  be 
retrofitted. 


Figure  10.-  Growth  version  of  Freedom  with  solar  dynamic  power. 


11 .  Summary  and  Conclusions 

Assembly  of  a  Space  Station  in  orbit  is  a  challenging  and  complicated  task.  If 
mankind  is  to  exploit  the  knowledge  already  gained  from  space  flight  and  continue  to 
advance  the  rontier3  of  space  exploration,  then  space  stations  in  orbit  must  be  part  of 
the  overall  space  infrastructure. 

Space  stations,  like  the  Freedom,  having  relatively  large  mass  which  greatly  exceeds 
the  lifting  capability  of  their  transportation  system,  are  candidates  for  on-orbit 
assembly.  However,  when  a  large  wide-body  booster  is  available,  there  are  significant 
advantages  to  having  a  deployable  space  station  assembled  on  Earth  and  transported  into 
oibit  intact  or  in  a  few  large  pieces.  The  United  States  will  build  the  Space  Station 
Freedom  by  the  assembly  method.  Freedom's  assembly  is  feasible,  but  a  significant 
challenge,  and  it  will  absorb  much  of  NASA's  effort  in  the  next  8  years. 

The  Space  Station  Freedom  is  an  international  program  which  will  be  the  centerpiece 
of  the  free  world's  space  activities  in  the  late  1990's.  Scientific  information  and 
products  from  the  Space  Station  Freedom  and  its  use  as  a  transportation  depot  will 
advance  technology  and  facilitate  the  anticipated  manned  space  exploration  surge  to  the 
Moon  and  Mars  early  in  the  21st  century. 
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IN-SPACE  CONSTRUCTION  AND  DYNAMICS 
OF  LARGE  SPACE  STRUCTURES 

Martin  M.  Mikutas,  Jr. 

NASA  Langley  Research  Center 
Hampton,  Virginia  23665-5225  USA 


SUMMARY 

In  this  paper,  the  types  of  equipment  and  structures  that  will  be  required  to  construct  very  large 
spacecraft  in  space  are  discussed.  One  of  the  basic  issues  that  must  be  resolved  is  the  appropriate 
mix  of  humans  and  machines  in  the  construction  process.  While  the  use  of  robots  offers  the 
potential  for  reducing  the  number  of  Extra-Vehicular  Activity  (EVA)  hours  required  for  particular 
construction  operations,  the  availability  of  humans  greatly  increases  the  reliability  of  complex 
construction  tasks.  A  hybrid  system  is  described  which  makes  the  best  use  of  man  and  machine  to 
provide  a  highly  reliable  and  versatile  construction  approach.  Such  a  system  will  provide  an 
efficient  method  for  constructing  large  spacecraft  until  fully  automated,  robotic  devices  can  be 
perfected.  Details  are  given  on  an  extensive  ground  test  program  which  was  designed  to  evaluate 
and  demonstrate  large  spacecraft  construction.  A  discussion  is  presented  on  the  use  of  the  Space 
Station  Freedom,  or  an  appropriate  derivative,  as  a  construction  facility.  Finally,  a  construction 
scenario  and  assembly  timelines  are  presented  for  constructing  a  ro-meter-diameter  high  precision 
reflector. 


INTRODUCTION 

Many  new  aggressive  space  missions  ’re  being  considered  which  involve  space  components  that  are 
considerably  larger  than  available  lauiim  vehicle  payload  volumes.  Examples  of  these  components 
are  large  support  trusses  for  orbiting  space  stations,  reflectors  for  deep  space  science  studies, 
reflectors  for  earth  environmental  studies,  large  spacecraft  for  manned  missions  to  Mars,  and 
large,  high-energy  aerobrakes.  The  hASA  Largtey  Research  Centei  (LaRC)  has  conducted  in-depth 
studies  of  the  design  and  construction  of  such  large  space  structures  for  the  past  15  years 
(references  1-7).  From  these  studies,  the  erectable  structures  concept  emerged,  whereby  large 
truss  structures  such  as  platfor.vs  or  curved  reflectors  are  erecteo  by  astronauts  or  robots  from 
individual  struts  and  roles.  The  compact  stowage  capability  and  high  versatility  of  erectable 
structures  is  considered  highly  desirable  however,  ti.ey  possess  the  disadvantage  of  requiring  in¬ 
space  assembly.  Much  of  the  research  at  LaRC  over  the  past  15  years  has  been  directed  towards 
devising  and  demonstrating  efficient  methods  for  assembling  hundreds,  and  perhaps  thousands,  of 
struts,  nodes,  and  components  into  large  spacecraft  which  would  be  impractical  to  achieve  by  other 
means.  Studies  have  bevn  conducted  on  techniques  ranging  from  unaided  EVA  to  fully  automated 
assembly  of  urge  platforms  (references  8,  9,  and  10).  Unassisted  EVA  was  found  to  be  inefficient 
for  assembling  large  structures  due  primarily  to  the  highly  fatiguing  translation  required  and  the 
inability  to  hold  a  position  at  an  assembly  sue  due  to  the  lack  of  foot  restraints.  Fully  automated 
assembly,  using  dedicated  assembly  hardware,  was  found  to  be  possible,  however,  this  approach  is 
still  very  much  in  the  developmental  sUge. 

A  hybrid  construction  approach  was  developed,  however,  which  eliminated  the  undesirable  fatiguing 
aspects  of  unassisted  EVA  assembly.  This  provides  mechanized  foot  restraints  which  rapidly  and 
firmly  position  the  astronau'  at  a  workstn'ion  so  that  he  can  perform  the  detailed  assembly  tasks. 

It  take;  advantage  of  mechanization  for  the  rapid  and  positive  positioning  functions  required  in 
construction,  yet  makes  use  of  astronauts  to  ctnduct  the  actual  joining  operations  which  can  be 
quite  complex.  The  resulting  construction  approach  has  been  demonstrated  in  numerous  ground 
tests  and  in  a  flight  test  to  be  very  efficient  and  reliable. 

This  paper  will  describe  some  o'  tie  major  results  of  the  research  on  erectable  structures  and  how 
the  construction  approaches  can  b«  used  to  assemble  large  structures  in  space.  NASA  has  chosen 
the  erectable  approach  for  assembling  the  Space  Station  Freedom  and  details  will  be  given  on  the 
research  that  led  to  that  decision.  Current  research  is  focused  on  extending  the  space  station 
construction  approach  to  the  cons  auction  of  large  spacecraft  required  fo'  a  manned  mission  to  Mars 
or  to  the  Moon  and  on  the  construction  of  large,  high  precision  reflecicrs  which  are  needed  for  deep 
space  science  observations  and  earth  environmental  studies.  An  emphasis  of  this  research  is  to 
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maintain  a  high  degree  of  commonality  in  the  spacecraft  hardware  and  in  the  construction 
approaches  to  minimize  expensive  development  programs. 

UNAIDED  ASTRONAUT  CONSTRUCTION 

The  initial  research  in  the  construction  of  large  space  structures  .nvolved  astronauts  in  an 
underwater  neutral  buoyancy  simulator  attempting  to  assemble  e'ements  of  a  large  truss  as  shown 
in  figure  1  (reference  9).  In  this  test,  the  unaided  astronauts  were  asked  to  assemble  a  simple 
tetrahedral  segment  of  a  large  truss.  The  astronauts  translated  in  a  hand-over-hand  fashion  along 
the  truss  members  and  held  themselves  in  position  with  one  hand  while  constructing  the  truss  with 
the  other.  The  results  of  these  tests  indicated  that  unaided  assembly  operations,  although 
achievable,  were  quite  difficult  and  fatiguing. 

MOBILE  WORKSTATION 

To  circumvent  the  negative  aspects  of  unaided  construction,  a  mechanical  device  consisting  of 
mobile  foot  restraints  and  a  mechanized  rail  to  translate  the  truss  was  conceived  to  assist  the 
astronauts.  The  device  is  referred  to  as  a  mobile  workstation  in  reference  11  and  is  shown  being 
used  in  neutral  buoyancy  tests  (simulated  0-g)  in  figure  2.  The  mobile  workstation  positioned  the 
astronauts  in  foot  restraints  at  a  workstation  which  provided  translation  within  a  prescribed  work 
envelope.  Thus,  the  astronauts  were  relieved  of  fatiguing  translation  and  were  also  provided  with  a 
mechanism  to  react  forces  and  moments  incurred  during  manipulation  or  assembly  of  the  structural 
elements  --  an  extremely  important  feature.  Working  cooperatively,  two  astronauts  were  found  to 
be  very  efficient  building  truss  segments  consisting  of  6-meter-long  struts.  When  completed,  a 
segment  of  the  truss  was  mechanically  translated  out  of  the  work  envelope  to  permit  the  addition 
of  another  segment  or  bay.  This  process  was  repeated  until  the  desired  structure  was  completed. 
Average  unit  assembly  times  of  approximately  38  sec/strut  were  achieved  from  repeated  tests. 

SWING  ARM  BEAM  ERECTOR  (SABER) 

Another  version  of  a  mobile  workstation,  presented  in  reference  12  and  shown  in  figure  3.  was 
configured  to  permit  a  single  astronaut  to  assemble  long  booms  using  2-meter-long  struts.  This 
device,  referred  to  as  a  swing  arm  beam  erector,  moved  a  single  astronaut  around  the  beam  and 
along  its  length  a  distance  of  one  bay.  After  the  ostronaut  assembled  one  bay  of  truss,  the  beam 
was  mechanically  translated  to  expose  the  next  worksite.  This  procedure  was  repeated  in  an 
assembly  line  manner  until  the  beam  construction  v/as  completed.  This  construction  approach 
permitted  achieving  unit  truss  assembly  times  of  approximately  28  sec/strut. 

ASSEMBLY  CONCEPT  FOR  CONSTRUCTION  OF  SPACE  STRUCTURES  (ACCESS) 

In  November  1985,  an  erectable  structures  experiment  was  conducted  on  the  Space  Shuttle  flight 
STS-25,  described  in  reference  13.  The  beam  assembled  during  this  experiment  is  shown  in  figure 

4.  In  this  experiment,  two  astronauts  were  held  in  foot  restraints  while  the  beam  was  rotated  and 
translated  to  present  proper  work  positions.  The  complete  10  bay,  30-meter-long  beam  consisted 
of  96  individual  struts  and  30  joint  clusters.  The  beam  was  assembled  in  25  minutes,  representing 
a  construction  rate  of  16  sec/strut.  Tnis  flight  experiment,  and  the  two  previously  discussed 
ground  experiments,  demonstrated  that  mechanically  assisted  astronaut  operations  can  be  a  very 
efficient  means  for  constructing  large  spacecraft  trusses. 

SPACE  STATION 

Truss  Structure  -  Early  in  the  design  of  the  Space  Station  Freedom  it  became  apparent  that  a  truss 
structure  would  be  required  to  separate  the  large  solar  arrays  from  the  manned  modules.  The  main 
reason  for  this  requirement  is  to  provide  ample  space  for  the  space  shuttle  docking  maneuvers  and 
to  minimize  contamination  of  the  arrays  from  the  shuttle  maneuvering  thrusters.  Various  truss 
concepts  were  studied  (see  reference  14)  and  a  trade  study  was  conducted  between  deployable  and 
erectab'o  truss  structures  (see  reference  15).  The  result  of  these  studies  was  the  selection  of  the 
5-meter-deep  erectable  truss  for  the  transverse  boom  of  the  Space  Station  Freedom  shown  in  figure 

5.  The  truss  was  designed  with  spherical  nodes  with  multiple  attachment  points  to  permit 
complete,  uninhibited  three-dimensional  growth  in  the  future  (see  figure  6).  The  truss  struts 
attach  to  the  nodes  with  quick-attachment  joints  that  are  designed  specifically  for  ease  of 
assembly  by  astronauts  (see  figure  7).  For  example,  the  diameter  of  the  joints  was  limited  to  5  cm 
to  permit  effortless  handling  by  the  astronauts. 
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The  5-meter  truss  depth  was  a  compromise  between  keeping  the  truss  deep  for  stiffness  and  yet 
maintaining  a  size  which  was  compatible  with  4.2-meter-diameter  space  shuttle  payloads.  A  major 
consideration  in  the  design  of  the  space  station  truss  was  maintaining  high  stiffness  to  minimize 
structural  control  interaction  and  to  reduce  structural  response  to  random  transient  loadings. 

These  dynamic  considerations  are  discussed  in  detail  in  reference  16.  An  example  of  the  benefit  of 
high  structural  stiffness  is  shown  in  figure  8.  This  figure  shows  the  results  of  an  analysis  that 
was  conducted  to  investigate  the  effects  of  truss  bending  stiffness  on  the  transient  response  of  the 
space  station.  The  dynamic  model  used  in  this  study  was  a  100-meter-long  transverse  truss  boom 
with  1500  Kg  photovoltaic  arrays  at  both  ends  and  two  manned  modules  in  the  center  with  a  total 
mass  of  40,000  Kg  as  shown  in  the  upper  left  corner  of  figure  8.  The  truss  was  assumed  to  have  0.5 
percent  damping  and  was  subjected  to  a  transient  load  as  shown  in  the  upper  right  corner  of  figure 
8.  The  two  different  truss  depths  (3-meter  and  5-meter)  which  were  studied  covered  the  range  of 
depths  considered  for  a  space  station.  The  displacement  results  from  this  study  are  presented  in  a 
normalized  form  in  the  figure.  These  results  indicate  that  the  5-meter-deep  truss  has  about  one- 
fourth  as  much  displacement  as  the  3-meter-deep  truss  for  the  same  force  input.  Also,  as  can  be 
seen  from  the  figure,  the  transient  response  damps  out  much  quicker  for  the  5-meter  truss  for  the 
same  level  of  damping.  This  improved  dynamic  response  for  the  deeper  5-meter  truss  was 
instrumental  in  its  selection  as  the  truss  for  the  Space  Station  Freedom. 

Soace  Station  Construction  -  During  the  space  station  des'gn  process,  the  need  was  identified  for  a 
device  that  would  support  the  astronauts  performing  EVA  functions  both  for  the  initial  station 
construction  as  well  as  for  subsequent  operations  (references  15.  17,  and  18).  It  was  determined 
that  this  device,  currently  named  the  Mobile  Transporter  (MT),  should  possess  mobility  to  transport 
men  and  materials  (i.e.,  truss  components,  pressurized  modules,  payloads,  etc.)  around  the  space 
station  as  well  as  provide  positioning  foot  restraints  for  the  astronauts  (see  figures  9  and  10).  The 
mobile  transporter  operates  on  mushroom-shaped  guide  pins  which  are  provided  on  each  truss  node. 
The  mobile  transporter  moves  one  bay  at  a  time  by  sliding  over  the  guide  pins.  It  is  propelled 
mechanically  by  a  drawbar  mechanism  which  pushes  or  pulls  from  an  adjacent  set  of  guide  pins. 

A  primary  function  of  the  MT  is  to  transport  payloads  and  system  components  around  the  space 
station.  Some  of  these  components  will  be  too  large  for  astronauts  to  install  without  assistance. 
For  example,  during  the  space  station  construction  process,  large  pressurized  modules  must  be 
attached  to  the  truss.  A  transposed  Shuttle  remote  manipulator  system  (RMS)  or  a  similar  space 
station  RMS,  as  shown  in  figure  9,  would  be  mounted  on  the  mobile  transporter  base  to  assist  in 
such  operations. 

Although  the  actual  station  construction  process  is  still  being  developed,  one  construction  approach 
considered  is  shown  in  figure  11.  In  this  construction  scenario,  the  truss  structure  is  attached  to 
the  shuttle  cargo  bay  and  the  MT  moves  out  along  the  truss  with  the  astronauts  assembling  the 
truss  one  bay  at  a  time.  A  potential  disadvantage  to  this  approach  is  that  the  astronauts  become 
positioned  at  some  distance  away  from  the  warmth  and  safety  of  the  shuttle  cargo  bay.  An 
alternate  approach  being  considered  is  one  in  which  the  MT  is  fixed  to  the  cargo  bay  and  the  truss  is 
mechanically  sequenced  out  of  the  cargo  bay  as  the  construction  of  each  truss  bay  is  completed.  In 
either  case,  the  MT  is  a  critical  element  in  the  station  construction  and  provides  a  high  degree  of 
versatility  and  redundancy  to  the  process. 

MOBILE  TRANSPORTER  DEVELOPMENT  AND  TESTING 


Langley  Research  Center  (LaRC)  has  conducted  considerable  research  into  the  development  and 
testing  of  an  MT  concept  as  an  aid  for  in-space  construction  of  large  spacecraft.  The  5-meter 

erectable  truss  was  selected  as  the  space  station  baseline  structure,  on  the  basis  of  using  a  mobile 

transporter  as  part  of  an  integrated  construction  and  servicing  system.  The  in-house  LaRC  research 
program  in  large  space  structures  assembly  over  the  past  4  years  has  been  focused  primarily 
toward  the  space  station  truss  to  demonstrate  the  utility  of  an  MT  and  to  provide  a  test  device 
which  could  be  used  to  examine  structural  assembly  problems  and  provide  realistic  training  to 
pressure-suited  astronauts  (see  references  19  and  20).  An  MT  laboratory  test  article,  with  limited 
capability,  is  shown  in  figure  12.  This  MT  test  article  has  an  operable  drawbar  to  index  each  bay  of 
truss  as  it  is  completed  and  mobile  foot  restraints  for  each  astronaut.  The  MT  test  article 

positions  the  astronauts  With  thoir  heads  toward  the  MT  platform  duo  to  1-g  safety  concerns.  This 

is  opposite  to  the  preferred  orbital  orientation  shown  in  the  inset  of  figure  12.  Relative  motion 
between  the  MT  and  truss  structure  is  accomplished  by  supporting  the  MT  and  moving  the  lower 
mass  truss.  A  test  program  for  this  device  is  detailed  in  reference  19.  This  test  program 
investigated  use  of  the  MT  to  erect  several  bays  of  space  station  truss  structure,  including 
installation  of  the  utility  trays. 
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Laboratory  1-g  tests  were  initially  conducted  at  LaRC  to  provide  equipment  operational  checkout 
and  establish  assembly  procedures.  Although  these  tests  did  not  simulate  0-g,  they  did  provide 
valuable  insight  into  proper  assembly  sequencing  and  expected  timelines.  The  1-g  tests  did  not 
include  installation  of  the  utility  trays,  since  they  were  quite  heavy.  The  entire  test  apparatus  was 
subsequently  moved  to  Marshall  Space  Flight  Center  (MSFC)  and  installed  in  the  Neutral  Buoyancy 
Simulator  (NBS)  tank.  A  series  of  assembly  tests  were  conducted,  including  installation  of  the 
utility  trays.  The  underwater  test  setup  with  the  trays  in  position  attached  to  the  truss  is  shown 
in  figures  13a  and  13b.  Average  assembly  times  of  approximately  28  sec/strut  were  repeatedly 
obtained  using  well-trained  engineers  and  astronauts  to  assemble  three  bays  of  truss.  Installation 
of  the  deployable  utility  tray  concept  had  a  small  influence  on  assembly  time. 

IN-SPACE  CONSTRUCTION  OF  LARGE  SPACECRAFT 

Many  of  the  proposed  future  space  missions  will  require  in-space  construction  of  space  spacecraft 
which  are  both  large  and  massive.  For  example,  a  manned  sprint  mission  to  Mars  would  require  two 
large  vehicles;  an  unmanned  cargo  vehicle  with  a  mass  of  several  million  kgm,  and  a  manned  sprint 
vehicle  with  a  large  amount  of  pressurized  habitation  volume.  Similarly,  establishing  a  manned 
lunar  outpost  will  require  large  vehicles  capable  of  ferrying  cargo,  people,  and  landers  between  Low 
Earth  Orbit  (LEO)  and  the  moon.  In  addition  to  being  large  vehicles  themselves,  the  components 
which  make  up  the  moon  and  Mars  vehicles,  such  as  aerobrakes,  backbone  trusses,  landers,  and 
pressurized  habitation  volumes  will  be  large  and  massive.  Unmanned  missions,  such  as  the  Earth 
Observation  Satellite  (EOS)  and  Planetary  Explorers,  will  require  large  precision  structures 
(trusses,  antennas,  and  telescopes),  landers,  sample  return  vehicles,  and  aerobrakes.  The  spacecraft 
required  to  accomplish  many  of  these  missions  will  be  too  large  and  massive  to  be  placed  in  orbit  by 
a  single  launch  vehicle  such  as  the  space  shuttle  or  even  a  heavy  lift  launch  vehicle  (see  references 
21  and  22).  Successfully  accomplishing  these  missions  will  require  the  capability  to  construct 
large  structures  in  low  earth  orbit. 

Affordable  Missions  Are  Possible  -  A  major  impediment  to  pursuing  bold  new  missions  is  the 
perceived  ultra-high  cost  of  constructing  and  operating  large  spacecraft  in  space.  Due  to  their 
novel  and  one-of-a-kind  nature,  design  and  development  costs  dominate  the  total  cost  of  current 
spacecraft.  This  is  contrasted  with  civil  engineering  structures,  where  design  and  development 
represent  less  than  10  percent  of  the  cost  of  large  new  structures.  The  major  differences  between 
these  two  approaches  lies  in  the  amount  of  off-of-the-shelf  hardware  used  and  the  cost  associated 
with  construction.  To  make  large  spacecraft  "affordable",  two  technological  advances  must  be 
made.  First,  generic  "off-of-the-shelf"  building  blocks,  which  can  be  used  for  many  different  large 
space  structural  systems,  must  be  developed.  As  these  basic  building  blocks  are  developed  and 
matured  through  demonstrations,  the  verification  costs  of  missions  using  these  building  block 
structures  will  decrease  substantially.  Second,  an  integrated  in-space  construction  system,  where 
the  basic  facility  structural  framework  also  serves  as  construction  scaffolding,  as  well  as  a 
roadbed  for  construction  aids,  must  also  be  developed.  The  integrated  construction  system  must 
also  provide  an  optimum  balance  of  automated  construction  and  EVA  operations  to  maximize 
reliability. 

Space  Station  as  a  Construction  Facility  -  Space  Station  Freedom  has  been  designed  with  all  of  the 
features  necessary  to  be  readily  adapted  into  a  completely  integrated  construction  facility  for  large 
spacecraft.  The  5-meter  erectable  space  station  backbone  truss,  in  conjunction  with  the  MT,  was 
designed  specifically  to  be  used  for  such  large-scale  construction.  The  truss  is  not  only  expandable 
to  meet  all  construction  needs,  but  it  can  also  serve  as  construction  scaffolding  and  a  vehicle 
hangar,  as  discussed  in  reference  21.  By  outfitting  the  MT  with  robotic  end  effectors,  this 
combination  would  provide  a  complete  capability  for  fully  automated  construction  operations. 
Considerable  experience  for  constructing  large  spacecraft  will  be  gained  when  building  the  space 
station  in  the  mid  1990's.  By  capitalizing  on  this  experience  and  taking  advantage  of  commonality 
with  space  station  hardware,  considerable  cost  savings  could  be  realized  in  constructing  future 
large  spacecraft. 


Dedicated  Construction  Facility  -  Although  the  space  station  would  provide  an  excellent 
construction  facility  for  other  large  spacecraft,  the  dynamic  disturbances  introduced  during 
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facility  for  a  large  number  of  continuous  0-g  and  observation  experiments.  If  the  disturbances 
are  not  acceptable  for  Space  Station  Freedom,  a  separate,  special-purpose  construction 
facility  could  be  built  using  common  space  station  hardware.  Such  a  facility  is  shown  in 
figure  14.  This  facility  is  built  from  the  same  5-meter  erectable  truss  hardware  as  Space 
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Station  Freedom  and  would  co-orbit  with  the  space  station  to  permit  regular  transfer  of 
astronauts  and  equipment.  The  particular  system  shown  in  figure  14  was  configured 
specifically  for  a  large  manned  Mars  vehicle.  The  truss  shown  in  figure  14  is  composed  of 
1800  individual  struts  and  weighs  about  20,000  pounds.  Extra-vehicular  activity  (EVA) 
construction  time  for  the  truss  alone  would  be  on  the  order  of  30  hours.  The  relatively  short 
time  required  to  construct  the  truss  (disassembly  time  would  be  about  the  same)  means  that 
this  facility  could  easily  be  reconfigured  for  other  missions. 

An  important  feature  of  this  facility  is  the  highly  maneuverable  space  crane  also  shown  in  figure  14 
(see  reference  23).  This  space  crane,  which  is  100  meters  long,  would  be  used  to  transfer  and 
position  spacecraft  components  and  material  from  the  shuttle  cargo  bay  into  the  construction  site 
for  assembly  into  a  large  spacecraft  (i.e.,  Mars  vehicle).  As  with  the  construction  facility  truss, 
the  space  crane  is  constructed  from  the  space  station  5-meter  struts.  The  rotary  joint  at  the  base 
is  the  same  as  the  alpha  rotary  joint  used  on  Space  Station  Freedom's  transverse  boom  to  track  the 
sun.  The  MT  is  used  to  construct  the  crane  in  the  same  fashion  that  the  space  station  truss  was 
built.  The  MT  is  parked  at  the  end  of  the  crane  and  its  20-meter-long  manipulator  arm  is  used  as  an 
end  effector.  To  minimize  costs,  commonality  with  space  station  hardware  and  procedures  is 
maintained  whenever  possible.  After  use  for  a  specific  mission,  the  entire  construction  facility 
complex  could  be  easily  disassembled  and  restowed  or  reconfigured  to  meet  the  requirements  of 
new  missions. 

HIGH  PRECISION  REFLECTORS 

One  future  mission  being  studied  which  requires  on-orbit  spacecraft  assembly  due  to  its  20-meter- 
diameter  size,  is  a  submillimeter-astronomical  laboratory  shown  conceptually  in  figure  15  and 
described  in  reference  24.  This  device  incorporates  a  near  optical  quality  reflector  surface,  made 
up  of  precise  segment  each  of  which  is  actively  controlled  to  maintain  overall  accuracy.  The  active 
control  system  requires  an  accurate,  stable  and  stiff  foundation  which  is  achievable  through  the  use 
of  a  truss  structure.  A  schematic  of  the  geometry  of  such  a  reflector  is  shown  in  figure  16. 

Reflector  Assembly  Method  -  The  technique  currently  being  examined  for  assembling  the  large, 
faceted  truss  refiector  is  shown  in  figure  17  and  discussed  in  reference  20.  A  payload  pallet, 
supporting  a  rotating  spacecraft  cradle,  is  shown  in  position  at  an  appropriate  location  on  the  space 
station.  The  MT  serves  as  a  movable  base,  supporting  and  positioning  astronauts  to  enable  the 
assembly  of  struts,  nodes  and  facets  -  a  supply  of  which  is  positioned  nearby  on  the  MT.  As  each 
’ring"  of  facets  and  supporting  truss  is  added  to  the  rotating  assembly,  the  MT  translates  radially 
outward  from  the  rotational  center  to  permit  the  installation  of  the  next  ring.  The  cradle  provides 
tilt,  as  well  as  rotation,  to  the  reflector  to  maintain  the  construction  site  within  reach  of  the  MT 
and  astronauts.  The  astronaut  positioning  capability  of  the  MT  is  essential  to  efficiently  assemble 
components  of  the  reflector. 

Reflector  Assembly  Time  -  The  reflector  structure  shown  in  figure  16  contains  789  tubular  struts, 
each  approximately  2  meters  in  length;  198  nodes;  and  90  precision  hexagonal  facets,  approximately 
2  meters  in  diameter.  Based  on  past  experience  (references  12  and  13),  the  struts  and  nodes  alone 
could  be  manually  assembled  in  approximately  3.5  hours  by  two  astronauts  or  in  6  hours  by  one 
astronaut.  Installation  of  the  90  surface  facets  and  an  active  control  system  wiring  harness  could 
add  considerably  to  this  time.  Figure  18  shows  estimated  assembly  times  for  the  truss  and  facets 
as  a  function  of  the  time  required  to  install  one  facet  and  its  associated  wiring.  The  vertical 
estimation  band  (solid  lines)  for  strut  construction  times  is  based  on  actual  one-man  and  two-man 
test  experience  to  date  in  either  neutral  buoyancy  or  on-orbit  truss  construction.  It  is  noted  that 
the  orbital  EVA  assembly  rate  which  was  achieved  during  the  ACCESS  flight  test  using  similar  size 
struts  (reference  13)  was  approximately  the  same  as  that  achieved  during  neutral  buoyancy  tests. 
The  horizontal  estimation  band  (dashed  lines)  for  panel  installation  time  is  the  result  of 
considering  various  EVA  facet/wiring  installation  methods  with  or  without  RMS  assistance,  and 
estimating  the  installation  time  for  each  method.  The  overlapping  bands  bound  the  best  estimate  of 
EVA  time  required  to  assemble  the  reflector  portion  of  this  submillimeter  astronomical  laboratory. 

As  can  be  seen  in  figure  18,  the  fastest  reflector  assembly  times  are  achieved  with  two  astronauts 
without  RMS  facat  installation  assistance,  ft  is  also  noted  that  EVA  assembly  of  the  truss,  with  a 
high  part-count  (789  struts  and  198  nodes),  requires  only  a  fraction  of  the  total  assembly  time  (14 
percent).  The  90  reflector  facets  represent  the  smallest  part-count,  but  due  to  their  nature  (size, 
complexity  and  fragility)  require  the  majority  of  the  estimated  reflector  assembly  time  (86 
percent).  Assembly  times  for  other  parts  of  the  entire  spacecraft  will  have  to  be  added  to  the  time 


shown  in  figure  IS  as  designs  and  assembly  techniques  for  these  components  are  developed.  These 
assembly  times  are  estimates  and  need  verification  by  neutral  buoyancy  tests. 

CONCLUDING  REMARKS 

In  this  paper,  the  types  of  equipment  and  structures  that  will  be  required  to  construct  very  large 
spacecraft  in  space  are  discussed.  Although  considerable  research  has  been  conducted  on  developing 
various  structures  for  space,  very  little  effort  has  been  applied  to  the  development  of  on-orbit 
construction  methods.  One  of  the  basic  issues  that  must  be  resolved  is  the  appropriate  mix  of 
humans  and  machines  in  the  construction  process.  While  the  use  of  robots  offers  the  potential  for 
reducing  the  number  of  EVA  hours  required  for  particular  construction  operations,  the  availability 
of  humans  greatly  increases  the  reliability  of  complex  construction  tasks.  A  hybrid  system  is 
described  which  makes  the  best  use  of  man  and  machine  to  provide  a  highly  reliable  and  versatile 
construction  approach.  Such  a  system  will  provide  an  efficient  method  for  constructing  large 
spacecraft  until  fully  automated,  robotic  devices  can  be  perfected.  Details  are  given  on  an 
extensive  ground  test  program  which  was  designed  to  evaluate  and  demonstrate  large  spacecraft 
construction.  The  results  of  these  tests  have  shown  that  large  spacecraft  can  be  rapidly  and 
reliably  constructed. 

The  Space  Station  Freedom  has  incorporated  all  of  the  basic  design  characteristics  to  permit  its 
growth  into  an  in-space  construction  facility  for  constructing  very  large  spacecraft.  However, 
since  numerous  0-g  and  precision  pointing  experiments  are  onboard  the  station,  a  dedicated,  co¬ 
orbiting  construction  facility  may  be  reouired.  Such  a  facility  is  described  which  could  be  built 
using  truss  hardware  and  systems  previously  developed  for  the  Space  Station  Freedom  program.  The 
facility  includes  a  100-meter-long  space  crane  which  is  used  to  position  and  assist  in  the 
construction  of  large  spacecraft  components. 

An  in-space  construction  scenario  is  presented  for  a  20-meter-diameter  high  precision  faceted 
reflector.  It  is  estimated  that  this  reflector,  which  consists  of  789  truss  struts  and  90  reflector 
facets,  can  be  constructed  in-space  in  about  30  EVA  hours  using  the  appropriate  construction  aids 
on  the  Space  Station  Freedom. 
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Figure  7.  Quick  attachment  joint  used  for 
Figure  6.  Schematic  of  space  station  truss  and  assembly  of  space  station  truss, 

node  showing  3-dimens:onai  growth  capability. 


WtJfMn.  i 


( i$8  liodts.  7S9  Struts,  SOFacis*  ^ 

Figure  16.  Geometry  of  precision  segmented 

reflector  for  submillimeter  astronomical 
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Figure  1 8.  Estimated  construction  time  for  20- 
meter-cSameter  reflector. 


Figure  1 7.  Construction  of  truss  retlecto''  from 
Mobile  Transporter. 
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ABSTRACT 

During  the  Space  Station  Freedom  building  phase  (i.c.,  from  the  2nd  to  the  16th  dedicated  Shuttle  flight)  the 
major  assembled  item  will  be  the  main  truss.  A  characteristic  of  such  a  physi-cal  body  is  that  one  of  the  principal 
moments  of  inertia  is  much  smaller  than  the  two  others.  Due  to  the  gravity  gradient  torques,  the  stable  equilibrium 
configuration  is  that  with  the  minimum  inertia  aligned  with  the  local  vertical  (yaw).  Nevertheless,  due  to  some  user 
requirements,  the  planned  building  sequence  imposes  the  same  axis  be  pointed  toward  the  pole  of  the  orbit  plane 
(pitch),  in  a  configuration  unstable  at  least  in  roliyaw.  Therefore,  the  Attitude  Control  System  (ACS)  has  to  be 
designed  in  such  a  way  as  to  counteract  the  gravity  gradient  effects  as  well  as  the  relatively  small  environment 
perturbing  torques. 

The  study  presented  here  (performed  by  Aeritalia  under  an  ASI  contract)  was  aimed  at  the  investigation  of  the 
dynamic  behavior  of  a  system  whose  moments  of  inertia  arc  substantially  altered  by  means  of  the  displacement  of  a 
certain  amount  of  additional  mass  connected  to  the  S.S.  Freedom  by  means  of  one  or  two  tethers.  In  this  new 
configuration,  the  gravity  gradient  torques  act  on  the  whole  system  as  restoring  ones.  This  stabilization  method  has 
the  fundamental  advantage  of  being  simple,  low-cost  and,  at  least  in  principle,  passive,  thus  preventing  the  expense 
of  the  amount  of  energy  required  by  an  active  control  system. 

The  expected  benefits  and  the  potential  disadvantages  of  the  method  will  be  discussed.  The  configuration 
selection  (i.c.,  the  two  options,  single  or  double  tethered  system)  rationales  will  be  analyzed,  especially  taking  into 
account  the  operational  aspects.  A  description  of  the  relevant  assumptions  of  the  adopted  dynamic  model  and  an 
analytical  deduction  of  the  stability  criteria  shall  be  given.  The  results  of  an  ad  hoc  developed  computer  program 
will  be  shown.  The  dynamic  response  of  the  system  during  non-nominal  operative  conditions  (e.g.,  shuttle  docking, 
tether  imbalance,  sudden  tether  cut)  have  been  analyzed  in  order  to  provide  a  complete  assessment.  The  additional 
disturbance  to  the  station  attitude  both  due  to  the  presence  of  the  tethered  system  and  to  the  probability  that  the 
tether  is  severed  by  micromctcoroids  or  man-made  debris  will  be  computed.  The  analyses  performed  thus  far,  show 
that  the  method  guarantees  the  stability  around  pitch  and,  properly  sizing  the  involved  physical-geometrical 
tcth-crcd  paramc-tcrs,  the  stability  around  roll-yaw. 

In  addition,  during  the  building  phase  numerous  substantial  changes  in  the  moments  of  inertia  of  the  S.S. 
Freedom  are  planned.  In  these  cases,  the  approach  discussed  in  this  paper  permits  a  very  versatile  intervention 
strategy.  In  fact,  it  will  be  shown  that  a  new  stable  configuration  can  be  achieved  by  adjusting  the  tether  length,  the 
ballast  mass  or  the  length  of  the  deploycr  boom.  Since  no  critical  areas  have  yet  been  identified,  the  approach  can 
be  judged  highly  feasible. 

INTRODUCTION 


The  rationale  for  the  current  configuration  of  the  S.S.  Freedom  is  to  provide  an  improved  location  for 
microgravity  laboratories  and  for  Earth  and  sky  observation.  Unfortunately,  when  using  standard  stability 
techniques  for  a  rigid  body  the  inertia  ratios  are  such  that  the  Freedom  becomes  unstable  in  roll-yaw  due  to  the 
presence  of  the  gravity  gradient  torque.  This,  in  turn,  penalizes  the  Attitude  Control  System  (ACS)  in  terms  of 
energy  and  fuel  to  balance  the  effect. 

This  aspect  is  even  more  critical  during  the  assembly  phase  (i.c,  between  the  2nd  and  17th  dedicated  Shuttle 
flight)  when  the  major  component  of  the  structure,  the  main  truss,  has  one  of  the  principal  moments  of  inertia 
(pitch)  much  smaller  than  the  two  others  (roll  and  yaw),  in  a  very  unstable  configuration. 

Operational  and  fuel  budget  constraints  suggest  adoption  of  passive  or,  at  least,  semi-passive  solutions  which 
are  simple,  relatively  low-cost  and  capable  of  minimizing  the  dynamic  no:sc  of  the  gyros  on  the  microgravity 


experiments. 

In  principle,  an  appealing  way  to  satisfy  all  these  requirements  would  be  a  tethered  system  able  to  produce  an 
additional  stabilizing  gravity  gradient  torque.  The  tethered  system  can  fee  helpful  even  when  the  siatiou  has  reached 
its  definitive  configuration.  In  fact,  at  that  point  it  might  be  utilized  to  perform  other  activities,  such  as  the  active 
control  of  the  center  of  gravity  position  in  the  microgravity  laboratories. 


(*)  Now  with  Space  Software  Italia  SpA  (SSI) 
(#)  University  of  Padua 
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The  purpose  of  this  paper  is  the  investigation  of  the  performance  of  such  a  means  of  attitude  control.  The 
relevant  literature  shows  ;hat  several  configurations  of  the  tethered  system  could  be  considered.  However,  only  the 
simplest  ones  (i.c.,  those  with  one  or  two  tethers)  will  be  analyzed  here. 

A  good  solution  in  terms  of  simplicity,  low  tost  and  minimum  interface  with  the  Freedom  appears  to  be  the 
configuration  with  only  one  tether.  In  fact,  the  promise  of  this  solution  was  demonstrated  by  showing  that  tethered 
ballast  mass  can  stabilize  the  station,  at  least,  in  pitch,  if  a  proper  lever  arm  acting  along  the  yaw  axis  is  applied  in 
order  to  improve  the  restoring  gravity  gradient  torque  value. 

However,  a  serious  limitation  of  the  one-tether  configuration  is  due  to  its  inherent  geometrical  requirement: 
the  tether  attachment  point  to  the  Freedom  must  be  located  on  the  locJ  vertical  passing  through  its  center  of  mass, 
thus  avoiding  static  gravity  gradient  torque  which  disturbs  the  horizontal  equilibrium.  Unfortunately,  the  area 
around  this  point  is  the  focus  for  a  variety  of  operations,  including  Shuttle  docking  and  EVA. 

The  second  handicap  is  the  displacement  of  the  center  of  mass  (c.o.m.)  of  the  whole  structure  toward  the 
ballast  mass  that  deteriorates  the  static  microgravity  quality  level  in  the  laboratories.  An  obvious  alternative 
configuration  would  be  a  double-tethered  system  with  the  following  major  features: 

a)  equal  tethered  end-masses  deployed  one  upward  and  one  downward; 

b)  equal  tether  lengths; 

c)  attachment  points  located  in  an  adequate  symmetrical  position  with  respect  to  the  out-of-plane  positions, 
far  from  the  geometrical  center  of  the  station.  Apart  from  any  consideration  about  the  stability  problem 
which  will  be  discussed  later,  such  a  configuration  is  of  static  equilibrium  and  nullifies  both  the  resultant 
gravity  gradient  force  and  torque  supplied  by  tethers. 

In  regard  to  the  displacement  of  the  attachment  points  discussed  in  point  c)  above,  if  one  takes  into  account 
the  horizontal  attitude  of  the  Freedom,  the  most  logical  solution  appears  to  be  the  one  with  the  offset  chosen  along 
the  pitch  axis.  However,  several  other  candidate  solutions  will  be  analyzed  in  depth. 

THE  MATHEMATICAL  MODEL 

The  problem  of  modeling  the  proposed  tethered  system  is  quite  complex  for  a  variety  of  reasons.  In  fact,  even 
ignoring  aspects  such  as  tether  elasticity  or  the  perturbations  on  the  Freedom’s  orbit,  a  complete  mathematical 
model  simulating  its  rotational  dynamics  and  the  two  tethered  masses  would  be  a  system  with  7  degrees  of  freedom. 
A  step-by-step  approach  has  been  adopted  in  order  to  give  an  assessment  of  the  relative  merits  of  the  solution  and 
a  judgement  of  feasibility.  Even  if  at  a  conceptual  level,  the  first  step  must  employ  an  analytical  approach  in  which 
the  equations  of  motion  arc  linearized  based  on  the  assumption  that  both  angular  displacements  of  the  Freedom 
and  the  libations  of  the  tether  system/s  are  low  enough. 

As  a  second  su-p,  an  ad  hoc  model  has  been  developed.  Thus,  some  reasonable  simplifying  hypotheses  have 
been  adopted,  in  order  to  gradually  gain  insight  into  several  aspects  of  the  problem: 

•  the  S.S.  Freedom  is  a  rigid  asymmetric  body  rotating  on  a  circular  unperturbed  orbit; 

•  the  S.S.  Freedom  is  also  equipped  with  control  moment  gyros;  the  only  external  torques  taken  into  account 
are  those  originated  by  the  gravity  gradient; 

•  the  actions  of  the  tethered  masses  arc  simulated  as  external  forces.  This  is  actually  quite  restrictive  because 
it  means  ignoring  the  librations  of  the  tethers.  On  the  other  hand,  just  the  coupling  of  the  tether  dynamics 
and  the  Freedom’s  stability  substantially  expands  the  dimensions  of  the  simulation  system. 

•  the  tethers  arc  rigid  and  massless 

•  the  c.o.m.  of  the  whole  structure  is  coincident  with  the  c.o.m.  of  the  Freedom  which  is  reasonably  true  in  the 

ease  of  the  double-tethered  system.  _ 

Referring  to  Fig.  let  (0,  ci,"e2,  C3)  be  the  orbital  reference  frame  with  its  origin  at  the  Freedom’s  c.oan.^ci 
parallel  to  ascending  local  vertical,  c2  along  the  orbital  velocity  and  S3  toward  the  pole  of  the  orbit.  Let  (0,  ai  ,a 2, 
as)  also  be  the  principal  inertia  system  of  the  Freedom  with  principal  moment  of  inertia  It,  I2, 13.  The  rotation 
sequence  is  shown  in  Fig.  1  where  81, 02, 03  arc  the  yaw,  roll  and  pitch  angle  respectively. 

To  describe  the  attitude  of  the  station  the  equations  of  motion  used  arc  those  commonly  employed  for  a  simple 
gyrostat  consisting  of  a  rigid  body  and  an  axisymmctric  rotor  whose  axis  and  mass  center  arc  fixed  in  the  rigid  body 
frame. 

A  series  of  simplifying  assumptions  have  been  adopted  for  the  scope  of  this  preliminary  assessment: 

•  because  the  axis  of  minimum  inertia  moment  of  the  main  truss  is  directed  toward  the  orbit  normal,  it  has 
been  assumed  that  the  rotor  axis  is  directed  along  the  same  direction; 

•  the  angular  velocity  of  the  rotor  has  been  assumed  constant,  based  on  its  being  motor-driven  (  a ); 

s  the  external  torque  is  the  sum  of  iwo  pans,  the  gravity  gradient  torque  and  the  control  torque  provided  by 
the  tethered  systems.  Therefore,  in  our  case,  the  equation;  of  motion  are: 


(*)  See  Figures  and  fables  at  end  of  paper 
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/ ,  cb,  =  (/2-/3)u)2u>3-./au32  +  M(?1  +  /Wtj 

/2d>2 »  (/3 -  /,)(« |U>3+  7 ou),  +  Mff2  +  ^Wt2  (!) 

I3w3°Ui-l2)u>]<x>2+  Mg3  +  Mtd 

where  to  is  the  angular  v  -'or  of  the  station  and  Mg  and  Mt  arc  respectively  the  gravity  gradient  torque  and  the 
torque  provided  by  the  tethered  system.  The  components  of  the  gravity  gradient  torque  arc: 

/W0i  =  3ft2(/2_ /3)cosO2sin03sin02 

Mg2  =  -3ft2 (/ 3  -  /,  )cos02cos03sinO2  (2) 

/Vf?3  =  3ft2(/,  -  /2)cos282cos03sin03 

Considering  that  the  tether  attachment  points  arc  far  from  the  c.o.m.,  both  direction  and  magnitude  of  the 
gravity  gradient  forces  acting  on  the  displaced  masses  must  be  determined.  Referring  to  Fig.  2,  the  component 
along  the  local  vertical  is: 

Fox  =  3nzzm  (3) 

where  z  is  the  relative  displacement.  The  component  along  the  out-of-plane  direction  is: 

F  gy=  -n2ym  (4) 


y  being  the  relative  displacement.  The  component  along  the  in-planc  direction  is  zero.  The  equilibrium 
condition  for  the  tethered  mass  is: 

F  0x.\.+  F  (5) 


or: 


3ft2(z+cZ)sin<{>-ft2(£) -  isin<*>)cos<j> 


(6) 


where  1  is  the  tether  length,  4>  is  the  tilt  angle,  b  the  offset  along  the  truss  and  d  the  lever  arm  length.  It  can  be 
pointed  out  that  the  lilt  angle  <j>  is  very  small  due  to  the  ratio  between  b  and  I. 

Summing  up,  the  force  acting  on  the  station  can  be  written  as: 


I 
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F v  “  /n/i2[3((cos<|)  +  d)ej  -(5-  Z sin  4>)e3 ]  (7) 


The  in-plane  offset  of  the  tether  attachment  point  docs  not  affect  the  gravity  gradient  torque. 

In  order  to  asses  the  correct  expression  of  the  torque  applied  to  the  station  by  the  tethered  masses,  a 
distinction  between  single  or  double  tethered  systems  is  necessary. 

As  mentioned  before,  the  onc-tcthcr  solution  imposes  the  requirement  of  having  the  attachment  point  on  the 
same  local  vertical  of  the  c.o.m.  of  the  station.  Moreover,  a  boom  is  essential  to  exploit  the  force  produced  by  the 
gravity  gradient  as  restoring  torque.  This  torque  is: 


Mt  =  -3m.n2d(d  +  l)(Q2a2  + Qza3)  (8) 

The  two-tether  configuration  offers  more  flexibility.  The  advantages  arc  evident:  the  torque  is  zero  in  the 
configuration  of  equilibrium  and  no  static  acceleration  is  induced.  The  attachment  points  can  be  moved  anywhere 
**  on  the  space  station.  Even  if  locations  around  the  end  of  the  main  truss  seem  to  be  the  best,  at  least  in  terms  of 

simplicity,  no  particular  a  pri«-i  reason  inhibits  the  moving  of  the  attachment  points  along  the  roll  axis. 

In  principle,  the  transversal  dimension  of  the  main  truss  could  provide  the  required  lever  arm,  but  a  previous 
assessment  (2)  shows  that  a  longer  external  boom  (about  10  m)  allows  the  stability  goal  to  be  achieved  with  a 
relatively  short  tether  and  a  sufficiently  light  ballast  mass.  If  the  two  tethered  systems  are  assumed  to  be  located  in 
proximity  to  the  joint  (at  distance  b  from  the  c.o.m.)  the  expression  for  the  applied  torque  is: 


? 

M,  =  2mr2i<3/4bi0.al  +  [3/4bi-3d(d+O]e2a2-3d(cf+Oe)a5> 

(9) 


(9)  can  be  reduced  to  (8)  if  the  conditions  b  -*■  0  and  d  <  <  I  arc  applied. 

PRELIMINARY  STABILITY  ANALYSIS 

Linearizing  the  equations  (2)  and  introducing  (9)  in  the  (1)  the  equations  of  angular  motion  of  the  station, 
become: 


0,  +  [f.(l  -  K  +  J  //jtfft-6ffZft,/,[6V4-ct  (cf  +  £)]>  0,  =  O 


03  +  3ft2[-/C3  +  2/1  zmcl(L  +  00303  =  0 


(10) 


where: 


AT,  -  ( lz  -/3)//.;Ara*  (/3-/,)//2; AT3  =(/,-/*)// 3 


(11) 


(10)  can  be  considered  of  genera!  application,  due  to  the  presence  of  both  the  control  moment  gyros  and  the 
double  tethered  configuration  effects.  For  simplicity  of  notation,  system  (10)  can  be  rewritten  as: 


Mji't'VW 
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9, a,,0,  +  a1202  =  0 
02+a2202  +  02,9,  =  0 

+  C*  33  ®3  =  0 


(12) 


where  the  known  features  of  the  gravity  gradient  stabilization  can  be  recognized.  In  fact,  pitch  is  uncoupled 
with  roll-yaw.  The  condition  for  stability  in  pitch  is: 


2 md(l+  d)>(/,  -  /a) 


(13) 


If  one  keeps  in  mind  the  truss  configuration  where  ly  is  more  or  less  equal  to  Ir,  it  is  easy  to  satisfy  this 
condition  using  a  relatively  short  tether  and/or  smalt  masses. 

Roll-yaw  stability  requires  that  the  roots  of  the  characteristic  equation: 


s4  +  (an  +  a22-a12a21)  +  s2  +  a11a22  =  0  (14) 

where  s  is  a  complex  number,  have  to  be  negative.  In  turn,  the  following  inequalities  must  be  satisfied: 
a  1 1  Q  22  >  0 

aiia22-ai2a2i  >2(ana22) 

For  an  initial  analytical  approach,  some  simplifying  assumptions  arc  sufficient: 


1/2 


(15) 


lx*lz*l,U«I^Kx  =  \,Kz=-\ 
b«  l,d«  Z-*  ci(c£+  0“  ctl 

and  then  terms  depending  on  b2  are  ignored. 

If  the  control  moment  gyros  arc  not  active,  the  first  of  (15)  gives: 

mdl  <  21  /3 

whereas  the  second  gives  the  further  condition: 


mdl>  1  /2 


Thus,  the  final  roll-yaw  stability  condition  is: 


/  <2nrdi<4/3/ 


(16) 


(17) 


(18) 


(19) 


An  equivalent  expression  for  the  one-tether  configuration  can  be  found,  simply  using  a  double  value  of  the 
product  mdl. 
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Based  on  NASA  data,  a  possible  strategy  for  station  assembly  was  hypothesized  in  order  to  have  some  figures 
for  the  major  parameters  needed  to  verify  the  stability  of  the  station.  Table  1  summarizes  them  for  three  different 
configurations  after,  respectively,  the  2nd,  the  6th  and  the  11th  dedicated  Shuttle  flight.  Based  on  this  table,  it  is 
evident  that  condition  (16)  was  a  reasonable  assumption.  Quantitatively,  assuming  an  average  value  for  these  two 
principal  moments  of  inertia,  the  conditions  of  stability  capable  of  satisfying  (13)  and  (19)  can  be  found.  They  are 
summarized  in  the  last  column  of  Table  1,  where  the  range  of  the  tether  'lengths  which  satisfy,  in  particular,  (19)  arc 
shown.  In  fact  (19)  and  (13)  demonstrate  that  stability  depends  on  the  value  of  the  product  model  not  on  its 
individual  factors,  thus  increasing  the  system  flexibility.  In  principle,  once  the  boom  length  has  been  fixed,  it  is 
conceivable  to  change  both  m  and  1,  but  it  seems  more  practical  to  increase  I.  Following  this  rationale,  the  values  of 
the  last  column  of  Table  1  have  been  obtained  assuming,  respectively,  for  the  three  Shuttle  flights: 

2nd  :I  =  3.1  107kgm  >> 

6th  :  I  =  3.65  107  kg  m  >  > 

11th:  I  =  9.8  107  kg  m  >> 

Moreover,  the  tethered  mass  value  and  the  boom  length  have  been  assumed  to  be,  respectively,  1000  kg  and 
10  m. 

Looking  at  the  results  of  the  analytical  approach  it  seems  that  the  following  conclusion  can  be  stated:  the  same 
tether  length  can  satisfy  the  stability  condition  for  quite  a  long  period. 

Unfortunately,  the  results  obtained  with  the  computer  program  utilized  change  this  scenario  a  little.  In  faci, 
with  the  same  assumption,  the  tether  length  has  been  used  parametrically  in  the  range  of  stability,  in  accordance 
with  (19).  It  has  been  assumed  that  the  system  was  out  of  nominal  condition  due  to  an  angular  displacement  in  roll 
of  1  degree.  The  results  obtained  are  shown  in  Fig.’s  3  and  4.  When  the  tether  length  is  around  the  lower  bounds  of 
the  range  (1500  m)  a  certain  further  angular  displacement  has  to  be  reached  before  the  tether  systems  begin  to  act 
as  restoring  components.  On  the  contrary,  when  the  tether  length  is  around  the  upper  limit  the  reaction  is 
practically  immediate  and  the  phenomenon  results  bounded  within  the  initial  value  of  the  disturbance.  It  is 
worthwhile  to  point  out  that  no  dumping  effects  have  been  taken  into  account,  so  the  obtained  results  arc,  in  this 
respect,  conservative.  In  the  same  figures  the  behavior  of  the  tethered  system,  in  both  the  in-plane  and  out-of-planc 
components,  arc  shown  and  their  weak  coupling  with  the  station  attitude  is  understandable. 

On  the  other  hand,  a  high  level  of  accordance  with  the  results  of  the  analytical  approach  were  found  in  terms 
of  the  identified  stability  range.  Fig.’s  5  and  6  show  that  for  length  higher  or  lower  than  that  previously  shown  in  the 
table,  the  dynamic  behavior  of  the  system  is  unstable. 

The  assessment  of  the  roll-yaw  frequencies  can  be  given  too,  by  using  an  analytical  approach.  With  the  same 
above-adopted  assumptions,  (15)  can  be  rewritten  as: 

(O4-r203-  1)(A>4-h4(|3-4)  = 

where: 

(jo2  =  -s2,  p  -  6 mdl/ 1 


The  condition  (19)  now  has  the  form: 


3  <  (3  <  4 


0  (20) 

(21) 

(22) 


The  roots  of  the  equation  (20)  are  coincident  and  equal  to  the  mean  motion  n  (in  case  p  =  3)  or  one  drops  to 
zero  while  the  other  is  equal  to  \/3  n  (in  case  of  p  =  4).  In  the  intermediate  cases,  one  of  the  frequencies  is  less 
than  the  mean  motion,  while  the  others  range  from  n  to  V3  n.  As  a  quantitative  example,  if  the  value  of  p  is  7/2  the 
two  characteristic  periods  arc: 

T1  =  11900  sec  and  T2  =  3700  sec 

The  numerical  approach  has  completely  confirmed  these  results.  For  a  cost/bcncfit  analysis,  the  amount  of 
angular  momentum  that  must  be  stored  in  the  c.m.g.’s  must  be  assessed.  (20)  is  rewritten  dropping  the  components 
due  to  the  tethered  system.  In  this  case  the  coefficients  of  (15)  arc: 
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an=  -n2  +  an2 
a  12  =  -2  n+  an 


a  21  -  a  12 

ct  22  =  -4a2  +  are2 


(23) 


where: 


a  =(7a)/(/a) 


(24) 


The  characteristic  equation  is  again  (i3)  and  both  (16)  must  be  satisfied.  The  first  condition  expressed  by  (16) 
is  satisfied  if: 

a  <  1  or  «  >  4  (25) 

while  the  second  corresponds  to: 


a,,  +  a22  +  a2 2  >0 

(an  +  a22+a?2)>4a„a22 


(26) 


The  first  of  (26)  gives: 

a  >  1  +  V2  or  a  <  1  -  V2  (27) 

while  the  second  implies  the  solution  of  the  fourth  order  algebraic  equation: 

/5(a)=  <x4-4a3-2a2+  24a-  15>0  (28) 

which  is  positive  for 
a  <  -  2.35  or  a  >  0.72 
Thus,  the  stability  conditions  are 
a  <  -1/3  a  >  4 
or: 

Jo  <  -  7/3  la  or  I or  >  In  (31) 

In  regard  to  the  value  of  Table  1,  this  means  that,  after,  for  example,  the  11th  Shuttle  mission  the  amount  of  the 
angular  momentum  that  has  to  be  stored  in  the  c.m.g.’s  must  be  larger  than  about  2.6 105  kg/scc. 


(29) 

(30) 
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ATMOSPHERIC  DRAG  TORQUE 

The  biggest  continuous  external  disturbance  exerted  on  the  space  station  is  the  torque  due  to  atmospheric 
drag.  The  drag  force  has  the  form: 


F 0  =  -\/2C DAv\v\-  F 0e2 


(32) 


where  v  is  the  velocity  along  the  flight  direction.  If  P(x,y,z)  is  the  center  of  pressure  in  the  principal  system  of 
inertia  of  the  space  station,  the  drag  force  is: 


Af,-.F,{et*[xal+yat+5:ra,]-[(z+e,y)ai-C6l*+6,*)c(t+C63y_*:)e5]> 

(33) 

and  the  new  dynamic  equations  are  similar  to  (10)  plus  the  terms  which  come  from  (33).  In  the  configuration 
of  static  equilibrium  the  angles  arc: 

0,  =-F0z/(-KinzJ  +  Jan- F0y) 

02-  -F  l)(xQl  +  zQ3)/(4K2nz  +  Jan+  6mnzd  l)  (34) 

d3  =  -F0x/(-3K3n2/3  +  6mn2dl-F0y) 


A  preliminary  assessment  of  the  involved  parameters  is  summarized  in  Table  2,  where  a  double  tether  system 
has  beer,  analyzed  with  the  above-used  x,y,z  parameter  values  obtained  from  a  NASA  source.  The  values  of  the 
angles  were  obtained  without  inclusion  of  inertial  wheel  effects.  They  appear  well  within  the  dead  band  of  the 
Freedom’s  attitude  control  system. 

The  role  played  by  the  tethered  masses  can  be  seen  as  follows:  Gi  is  not  affected  by  the  tethered  system  and 
the  main  restoring  yaw  torque  is  provided  by  the  Freedom’s  gravity  gradient.  02  is  negligibly  small  and  depends  on 
the  other  two  angles.  O3  depends  on  the  other  two  angles.  O3  is  small  enough,  as  can  be  seen  in  Table  2,  due  to  the 
tether  effect.  In  fact,  the  first  term  of  the  denominator  of  the  last  of  (34)  is  low  due  to  the  above  discussed  low  value 
of  the  term: 


K  zl  Z  ~  I  \  I  2 


(35) 


and  thus  63  can  be  reduced  to  the  desired  value  "timing"  the  terms  due  to  the  tethered  masses  gravity  gradient. 
Fig.  7  shows  the  behavior  of  the  station  in  roll-yaw  when  the  terms  due  to  atmospheric  drag  arc  included. 


A  number  of  out-of-nominal  conditions  have  been  analyzed:  Shuttle  docking,  tether  imbalance  and  sudden 
configuration  change  due  to  tether  cut.  These  conditions  do  not  appear  to  be  particularly  critical  for  the  system. 

I2vt.ii  wiitU  iiiC  tciiitl  lb  clit  by  UiItfoIllt»i^uiuIub  ui  uebiib  (tht  piuudbiitty  uf  tliib  uttrUifcHCC  Cut!  be  fCuUCCu  by 

properly  sizing  the  tether  diameter),  the  time  available  to  intervene  by  means  of  a  backup  control  system  is  quite 
long  (see  Fig.  8). 
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CONCLUSIONS 

In  the  paper,  attention  has  been  focused  on  the  attitude  stability  of  the  S.S.  Freedom  by  means  of  tethered 
systems.  The  results  of  the  analysis  of  the  linearized  equation  system  demonstrate  that  the  concept  deserves  further 
attention.  Proper  values  of  the  product  m.d.l.  can  ensure  the  stability  of  the  station  attitude  both  in  pitch  and  in 
roll-yaw.  The  basic  model  simulates  a  rigid  station  subject  to  a  number  of  external  torques,  the  actions  of  the 
tethers  being  one  of  them. 

Preliminary  analytical  results  are  encouraging  and  a  preliminary  assessment,  done  by  means  of  an  ad  hoc 
program,  confirm  the  usefullncss  in  continuing  the  investigation  of  the  concept.  The  results  can  be  summarized  as 
follows: 

a)  Tethered  systems  can  stabilize  the  angular  degrees  of  freedom  of  the  space  station  if  properly  sized 

b)  The  impact  on  space  station  operations  is  acceptable  if  the  configuration  with  two  tethers  is  adopted. 

c)  Tether  breakage,  which  can  cause  extreme  shifts  in  the  station’s  attitude,  impose  the  need  for  an  active 
control  system  aboard  as  backup. 

d)  Perturbing  effects  arc  well  within  the  attitude  requirements. 
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Summary 

The  paper  describes  a  fairly  general  methodology  developed  to  simulate  the  deployment  of  large 
flexible  space  structures  using  the  finite  element  concept.  Three  simulations  of  structural  deployment 
are  presented  to  demonstrate  the  effectiveness  of  the  method:  an  elementary  cell  of  astromast,  an 
elementary  cell  of  the  ERA  structure  and  a  3-D  antenna. 

1.  Introduction 

The  difficulties  associated  with  the  simulation  on  earth  of  the  deployment  of  large  space  structures 
has  motivated  the  development  of  adequate  numerical  tools  to  complement  the  experimental  set-ups 
that  can  be  designed  and  tested. 

Kinematics  and  dynamics  of  multibody  systems  is  the  engineering  discipline  which  allows  to  per¬ 
form  computer  simulation  of  such  systems.  It  has  evolved  extensively  during  the  last  ten  years,  and 
computer  codes  now  exist  such  as  ADAMS  and  DADS  [8],  mainly  based  on  the  cartesian  coordinate 
approach,  which  allow  to  simulate  the  motion  of  systems  made  of  a  relatively  large  number  of  inter¬ 
connected  rigid  bodies.  However,  these  codes  do  not  address  in  its  whole  generality  the  problem  raised 
by  the  large  flexibility  effects  and  possibly,  the  geometric  nonlinearities  which  characterize  the  large 
structures  to  be  deployed  in  space. 

The  present  paper  focuses  on  an  alternative  of  the  cartesian  coordinate  approach  which  relies  upon 
the  finite  element  concept  and  therefore,  incorporates  in  the  most  natural  way  the  elastic  effects  which 
may  play  an  essential  role  in  the  deployment  of  large  space  structures.  The  finite  element  concept 
together  with  an  appropriate  description  of  finite  rotation  allows  arriving  at  a  methodology  where  rigid 
bodies  and  elastic  members,  mechanical  joints,  active  and  passive  mechanical  devices  are  just  elements 
of  a  large  library  of  mechanical  components  which  may  be  assembled  according  to  an  arbitrary  topology 
to  represent  a  complex  multibody  system. 

This  methodology  has  been  applied  with  much  success  to  the  analysis  and  simulation  of  many 
flexible  articulated  systems,  including  existing  space  structure  projects. 

The  first  example  to  be  presented  is  the  deployment  of  an  elementary  cell  of  astromast  (K-beam 
design).  It  is  an  over  constrained  design  whose  deployment  is  rendered  possible  by  the  elastic  deformation 
of  the  members.  It  will  be  shown  how  effectively  the  deployment  of  the  experimental  set-up  may  be 
simulated  numerically  using  the  proposed  methodology. 

The  second  example  is  the  deployment  of  one  cell  of  the  ERA  structure  designed  by  Aerospatiale 
in  the  framework  of  the  french  participation  to  the  MIR  project.  Emphasis  is  put  on  the  difficulties 
raised  by  the  simulation  of  the  nonlinear  springs  providing  the  deployment  energy  to  the  system. 

The  third  application  is  the  deployment  of  a  3-D  antenna,  for  which  emphasis  is  put  on  the 
effectiveness  of  substructuring  methods  to  incorporate  properly  the  dynamics  of  large,  flexible  panels. 

2.  Finite  rotation  description 

Numerous  techniques  exist  to  represent  a  finite  rotation  in  space  which  have  each  their  respective 

advantages  and  drawbacks.  The  main  criteria  to  be  considered  for  selecting  an  appropriate  formalism 
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-  their  physical  meaning; 

-  the  number  of  parameters  involved  (3  or  4); 

-  their  algebraic  properties; 

-  the  treatment  of  singularities; 

-  the  associated  composition  law  for  successive  rotations. 

According  to  these  criteria,  the  system  of  parameters  that  we  have  selected  is  the  set  of  3  parameters 
formed  by  the  cartesian  components  of  the  rotation  vector 

$  =  n  (1) 

where  n  represents  the  instantaneous  rotation  axis  (figure  1),  and  '£  is  the  rotation  amplitude  about  it. 


Let  us  recall  that  the  exponential  form 

It  =  1  +  3>  +  +  •■■  =  exp($)  (2) 

allows  constructing  the  rotation  operator  R  in  terms  of  the  vector  (l),  w'.cre  3>  is  the  skew-symmetr:. 
matrix  made  of  the  components  of  ®  (5>,y  ~  'Pjt)  .  If  one  denotes  by  0  tiic  material  rotation 
increment,  i.e.  expressed  in  a  referential  frame  attached  to  the  moving  and/or  deforming  body,  the 
incremental  rotation  is  then  expressed  by  the  matrix 

5R  =  R  SQ  (3) 

and  the  material  rotation  increments  are  themselves  related  to  the  finite  rotation  parameters  by  a  linear 
relationship  of  type 

SQ  =  T(<&)  6<f>  (4) 

Equation  (4),  which  forms  the  basis  of  the  adopted  formalism,  allows  computing  the  angular  velocities 
with  a  similar  relationship 

n  =  T($)  *  (5) 


3.  Bcnm  representation  of  elastic  members  (2,8] 


The  appropriate  description  of  flexible  truss-like  members  during  a  development  phase  requires  in 
many  cases  the  use  of  a  beam  formalism  which  incorporates  properly  the  geometric  nonlinear  effects 
such  a3  geometric  stiffening.  It  is  therefore  essential  to  rely  upon  a  true  nonlinear  beam  theory.  The 
basic  kinematic  assumption  adopted  is  summarized  by  the  following  equation 

x  =  xo  +  Xiti,  1  =  2,3  (6) 

where  xo(<)  represents  the  position  of  the  beam  neutral  axis  in  the  global  reference  frame.  The  base 
vectors  t,-  are  attached  to  the  beam  cross  section  .and  therefore,  give  ‘he  instantaneous  orientation  of 
the  material  frame  R.  Note  that  the  shear  deformation  is  implicitly  allowed  by  eqn  (6).  The  bending 
and  twisting  deformations  are  obtained  by  calculating  the  curvature  tensor  K  in  terms  of  the  current 
parameter  s  along  the  beam  neutral  axis  (observe  the  similarity  with  the  angular  velocity  expression). 
The  cartesian  components  ( Ki,Kj,Ks )  of  the  associated  vector  K  have  then  the  meaning  of  twist  and 
bending  deformations.  Similarly,  the  axial  and  shear  strains  arc  obtained  by  calculating  the  deformation 
of  the  centroid  al  line 


•dxn 


-Ei) 


r  =  (*  * 

The  variations  of  both  expressions  are  given  respectively  by 

dSQ 
ds 


6K  =  ■ 


+  K  x  SQ 


(7) 


(8) 
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and 

sr  =  R rdlfco)  +  (rt^)  x  ;e  (9) 

Both  expressions  are  then  used  to  construct  the  virtual  work  expression 

8winl  =  I  (N  ■  ST  +  M  •  fiK)  da  (10) 

•Wl 

where  M  et  N  are  respectively  the  twisting  and  bending  moments,  the  axial  and  shear  stresses  on  the 
current  cross  section.  Similarly,  the  kinetic  energy  contribution  of  the  beam  is 

T  =  \[  (m(s)x0xo  +  n-n(s)n)<fs  (11) 

2  -Wl 

where  m(a)  is  the  mass  per  unit  length,  and  H  is  the  inertia  tensor  of  the  cross  section.  Prom  (ll) 
it  is  obvious  that  the  main  contribution  to  the  inertia  matrix  of  the  system,  which  comes  from  the 
translational  part,  is  expressed  in  terms  of  global  coordinates  and  therefore,  provides  a  time-independent 
contribution  to  the  mass  matrix  of  the  assembled  system.  The  finite  element  discretization  of  eqns 
(10,11)  is  then  based  on  a  linear  interpolation  of  both  displacements  and  rotation  parameters 


(12) 


x0(s)  =  Nt(s)x0i 
$(a)  =  N,(s)9, 

where  Xo/,  &r  are  the  nodal  values  of  position  and  rotation  parameters,  Ni  (s)  is  the  linear  interpolation 
function  corresponding  to  node  I ,  and  summation  is  extended  to  the  two  nodes  of  the  element. 


4.  Kinematic  constraints  [4] 


The  formulation  of  kinematic  constraints  and  their  appropriate  numerical  treatment  is  one  of  the 
key  issues  for  dynamic  analysis  of  multibody  systems. 

In  classical  dynamics,  it  is  usual  to  distinguish  between  two  classes  of  constraints,  namely  holonomic 
and  non-holonomic  constraints. 

Every  constraint  which  can  be  expressed  as  an  implicit  function  of  the  generalized  degrees  of 
freedom  of  the  system,  and  possibly  of  time,  is  of  holonomic  type 

$(q,t)  =  0  (13) 

Most  kinematic  constraints  which  describe  mechanical  joints  and  transmissions  fall  into  this  category. 

Among  the  non-holoncmic  constraints,  further  distinction  between  two  subclasses  has  to  be  made: 

-  The  bilateral  constraints  which  involve  further  dependence  with  respect  to  velocities 

*(q,q  ,0  =  o  (M) 

It  can  be  shown  that  such  constraints  are  behavior  constraints,  since  they  do  not  reduce  the  number 

of  possible  configurations  of  the  system  but  merely  restrain  the  possible  ways  to  arrive  to  them. 

The  rolling  constraint  is  certainly  the  most  popular  constraint  of  this  type. 

-  The  unilateral  constraints  which  are  generated  by  mechanical  contact: 

*(q,0  >  o  («) 


They  are  mainly  characterized  by  the  fact  that  the  number  of  degrees  of  freedom  of  the  system 
may  vary  during  motion  as  it  generally  occurs  in  the  deployment  of  space  structures. 


Holonomic  constraints  of  type  (13),  which  are  the  most  frequent  ones,  may  be  included  in  the  func¬ 
tional  of  the  problem  using  the  augmented  lagrangian  method.  It  consists  of  expressing  the  stationarity 
of  the  functional 

r(q)  =  7(q)  -  A-S  +  p/2||$||2  (16) 

where  7(q)  is  the  functional  describing  the  behavior  of  the  unconstrained  system,  A  is  a  set  of  lagrangian 
multipliers  and  p  is  a  penalty  factor.  The  only  role  of  the  penalty  term  is  to  improve  the  numerical 
conditioning  of  the  system. 


In  a  Ncwton-Raphson  context,  both  terms  involving  the  constraint  generate  contributions  to  the 
out-of-balance  forces  and  the  tangent  stiffness  matrix  of  the  system 


V*  ml  — 


S  ss 


f  „t*bt  -JfcB  1 

[~MT  0  J 


(17) 


(  -  JfcAl  1 

\  k *  / 

where  B  is  the  jacobian  matrix  of  the  constraints. 

The  bilateral  nonholonomic  constraints  of  type  (14)  may  be  treated  in  a  somewhat  similar  manner. 
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As  a  consequence  of  the  fact  that  they  involve  relations  between  velocities,  they  generate  a  pseudo¬ 
dissipation  function  in  the  system  and  therefore,  contribute  to  the  damping  matrix. 

The  library  developed  so  far  in  the  MECANO  software  allows  modeling  kinematic  constraints  of 
various  types: 

-  hinge,  prismatic,  screw,  cylindrical,  spherical  and  planar  joints  which  are  often  classified  as  lower 
pairs  according  to  their  common  property  of  generating  surface  contact  between  members. 

-  higher  pairs  such  as  the  universal  joint  and  a  curvilinear  slider. 


rolling  contact. 


Figure  2:  Hinge  joint. 


For  example,  the  hinge  joint  (figure  2)  is  expressed  by  the  following  relationships 
$1,2,3  =  Xa  —  xb  =0 

*4  =  (R  m/O-ORbU  =  o  (18) 

$5  *  A  ■  t"  =  (BA/42)-(RBf3)  =  0 

$1,2,3  express  the  fact  that  displacements  on  both  members  arc  the  same  at  the  point  of  contact.  Tn  a 
finite  element  context,  they  are  handled  in  straightforward  manner  through  finite  element  assembly.  $4 
and  $5  express  the  orthogonality  of  two  axes  attached  to  the  members  at  the  point  of  contact.  They 
have  to  be  incorporated  using  the  augmented  lagrangian  technique. 

5.  Dynamic  substructuring  for  articulated  flexible  bodies  [6] 


Let  us  consider  the  case  of  a  single  flexible  body  for  which  the  small  displacement  assumption 
holds  in  a  dynamic  (e.g.  body  attached)  frame.  Then,  the  complex  geometry  of  the  body  can  easily 
be  handled  through  dynamic  substructuring  by  making  use  of  the  modeling  capabilities  of  any  linear 
dynamic  finite  element  package,  and  the  resulting  model  integrated  next  in  the  model  of  the  multibody 
system. 


The  underlying  hypotheses  are  the  following.  Let  us  express  the  positions  and  rotations  at  any 
node  of  the  model  as  the  superposition  of  the  arbitrary  motion  of  a  reference  node  on  the  body  with  a 
local,  small  deformation  field: 

/  x,- \  _  /xo+Ro(X,-  +  u,)\ 

\®<J  "  \  ^ 

where  Xo  is  the  position  of  the  master  node  on  the  body;  Ito,$o  is  the  rotation  at  the  master  node; 
X;  is  the  relative  position  of  node  t  with  respect  to  node  0  ;  u;  is  the  displacement  of  node  t  in  the 
local  frame  ;  ip;  is  the  angular  displacement  of  node  i  in  the  local  frame.  The  symbol  o  expresses  the 
composition  of  two  successive  rotations. 


The  deformation  of  the  body  is  restrained  next  to  a  finite  series  of  assumed  modes  which  may  be 
computed  in  various  ways,  giving  rise  to  several  possible  methods  for  dynamic  substructuring.  In  what 
follows  one  will  assume  without  loss  of  generality  that  constrained  vibration  modes  are  used,  just  as 
proposed  by  Craig  and  Lampton  [6]  in  their  component  mode  method  for  linear  systems. 


X,-  1  _  f  Xo  +  Ro(X,-  +  $.y)  1 

9,j  ~  \(4-or»/o$0.„c)o($,y )/ 


(20) 


where  $,-  are  the  shape  functions  evaluated  at  node  i  ;  y  is  the  vector  of  generalized  amplitudes. 


The  vector  of  generalized  amplitudes  is  then  partitioned  into  boundary  and  internal  degrees  of 
freedom 
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The  strain  energy  of  the  flexible  body  can  be  expressed  in  the  form 

7Tm<  =  £  y  '  Sy 


(22) 

where  the  reduced  stiffness  matrix  S  is  obtained  through  projection  of  the  original  matrix  on  the  modal 
basis  adopted 


S  =  $TS$  = 


DD  _ 

0  s, 


(23) 


The  variation  of  the  flexible  body  parameters  Sy  is  calculated  in  terms  of  the  superelement  generalised 
displacements  q  by 

Sy  =  Y  Sq  (24) 

with  qT  =  (xjf  &gin<1  x£  "T,S  ;„c  y J). 

The  strain  energy  is  derived  next  with  respect  to  the  q  to  obtain  the  expressions  of  internal  forces 
and  stiffness  matrix 


G;„,  =  XTSy 
S  =  TrST 


(25) 


A  very  simple  approximation  to  the  inertia  forces  i9  constructed  on  the  basis  of  a  lumped  mass 
assumption 

N 

Giner  —  ^  ^  b,'  IUiX| 

|  =  1 

where  summation  is  performed  on  the  N  nodes  of  the  body;  the  matrix  B,  is  a  function  of  the  current 
configuration;  m,  represents  the  concentrated  mass  at  node  i;  x,  is  the  acceleration  at  node  t,  and  is 
calculated  by  making  the  small  displacement  assumption  in  the  local  frame 

Xi  ~  xo  4*  If  u(Oq  4*  Aq)Xi  4*  2  lioflou,  4"  Ttou, 
where  u;,u„  the  velocities  and  accelerations  of  node  t  in  the  local  frame,  are  given  by 

U;  =  y 
u;  =  $,  y 

Finally,  the  mass  matrix  of  the  superelement  may  be  expressed  in  the  form 


M. 


=  ^bJWb, 


(26) 

(27) 

(28) 


6.  Simulation  examples 

6.1  Quasi-static  deployment  phase  of  an  astromast  cell 

The  system  considered  is  an  elementary  cell  of  astromast  of  triangular  cross-section,  and  designed 
as  an  articulated  flexible  system.  Each  cell  of  the  astromast  (fig.  3-a)  has  three  longerons  and  three 
diagonals;  no  successive  cells  are  interconnected  through  a  triangular  batten.  At  each  vertex  of  the 
batten  is  attached  a  rigid  body  to  which  the  longerons  and  diagonals  of  two  adjacent  cells  are  intercon¬ 
nected.  The  members  of  the  battens  are  rigidly  connected  to  the  corner  bodies  while  the  longerons  and 
diagonals  are  hinged  to  them. 

In  order  to  permit  folding,  the  diagonals  are  also  hinged  at  their  mid-length.  The  design  is  such  that 
the  folded  and  unfolded  configurations  are  nearly  stress-free,  while  the  system  structural  hyperelasticity 
is  such  that  significant  axial  twisting  and  bending  stresses  are  observed  during  deployment.  A  slight 
initial  prestressing  is  imposed  to  stiffen  the  deployed  configuration  by  appropriate  shortening  of  the 
diagonals. 

A  videotape  exists  which  displays  the  deployment  of  a  two-bay  experimental  setup.  It  will  be  used 
at  the  oral  presentation  to  help  at  understanding  the  mechanical  behavior  of  the  system  and  compare 
it  with  the  simulated  one. 

The  system  symmetry  has  been  used  to  limit  the  simulation  to  one  cell.  The  model  numbers  72 
finite  elements  (51  beam  elements,  6  rigid  bodies,  15  hinge  joints)  to  model  the  physical  components 
and  7  additional  constraints  to  control  the  motion  of  the  system.  The  model  numbers  a  total  of  391 
DOF. 

Figure  3-a  displays  the  reference  configuration  (dashed  line)  and  the  prestressed  initial  configura- 
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Figure  S.  Kineto-elasto-stalic  of  a  deployable  asiromasl  cell, 
(a)  initial  and  reference  configurations 
(b),  (c)  et  (d)  unlocking,  intermediate  and  final  configurations 
(e)  top  view  of  final  configuration 
(f)  bending  and  twisting  moments  in  vertical  longerons 


tion  obtained  after  mechanical  assembly.  The  unfolding  phase  is  then  simulated  in  two  displacement- 
controlled  steps: 

a.  In  order  to  unlock  the  mechanism,  the  mid-diagonal  nodes  are  moved  inwards  and  normally  to  the 
lateral  faces  (fig.  3-b). 

b.  The  vertical  displacement  of  the  upper  batten  is  controlled  next  up  to  complete  folding  (fig.  3-b, 
3-c,  3-d).  Figure  3-c  displays  a  vertical  projection  of  the  final  configuration.  Figure  3-f  shows  an 
example  of  stress  results.  It  displays  the  evolution  of  bending  and  twisting  stresses  in  the  longerons 
during  folding. 

This  kineto-clasto-static  simulation  has  been  performed  into  96  increments,  with  an  average  of 
5.8  iterations  per  increment.  It  demonstrates  the  ability  of  the  MECANO  software  to  simulate  the 
deployment  of  3-D  flexible  multibody  systems  with  complicated  kinematics. 

6.2  Dynamic  analysis  of  the  deployment  of  a  large  space  structure 

The  system  to  be  analyzed  is  one  cell  of  a  deployable  space  structure:  the  ERA  platform  designed 
by  Aerospatiale  deployed  on  the  MIR  space  station.  The  cell  has  a  triangular  cross-section  with  three 


I 


28-7 


longerons  and  six  diagonals.  Battens  are  articulated  at  the  middle  length  to  permit  folding.  The  battens 
and  diagonals  are  hinged  to  the  corner  bodies,  while  the  longerons  are  rigidly  attached  to  them.  The 
total  structure  is  composed  by  24  modules  like  the  one  displayed  in  figure  4  disposed  side  by  side  forming 
an  hexagon  (figure  5). 


Figure  4-  One  cell  model  of  the  deployable  structure  (final  configuration). 


Figure  5:  Global  view  of  the  ERA  structure  (scheme  of  deployed  configuration). 


The  motorisation  for  deployment  is  provided  by  the  elastic  energy  stored  at  rotation  springs  located 
at  the  hinges  in  the  middle  of  the  battens.  They  release  energy  through  a  nonlinear  torque/angle  law 
and  provide  a  locking  device  which  is  activated  at  the  final  angle  of  deployment. 


Figure  6:  successive  configurations  from  0.  to  l.Ss. 


The  analysis  was  conducted  supposing  that  the  structure  is  acting  in  a  0-g  field  first,  and  next 
submitted  to  a  small  amount  of  gravity  (O.Olg)  acting  in  the  vertical  direction.  Figures  6  displays  six 
successive  configurations  computed  for  the  one  cell  model  in  0-g  environment,  up  to  complete  deployment 
and  locking  occurring  at  time  t  =  1.2s. 
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Figure  7  displays  the  time  evolution  of  the  rotation  angle  at  one  of  the  six  motorized  hinges  of  the 
system.  The  time  of  locking  appears  very  clearly  on  this  diagram. 

This  simplified  model  has  612  DOF  and  mean  bandwidth  of  79  ;  74  time  steps  are  used  to  integrate 
in  time  the  equations  of  motion.  The  CPU  time  consumption  is  2  hours  20  minutes  on  an  APOLLO 
DN-4000  workstation.  Some  experiences  were  done  on  a  IBM  3090  j  the  CPU  time  consumption  for  a 
similar  simulation  was  2.5  minutes  without  vectorization.  Experiences  with  partial  vectorization  of  the 
code  evidenced  a  factor  2  of  improvement  on  the  CPU  time. 

The  final  mesh  will  have  an  order  of  8000  DOF,  with  a  mean  bandwidth  of  240.  The  estimated 
computational  effort  to  time  integrate  the  complete  model  is  150  times  greater  than  the  effort  necessary 
to  solve  the  one  cell  model. 

We  remark  that  the  computational  effort  is  largely  influenced  by  the  strategy  adopted  to  solve 
impacts  at  the  joints,  since  the  time  step  is  restricted  by  convergence  at  the  shock  instants.  The 
approach  currently  adopted  to  solve  shocks  is  based  on  the  hypothesis  of  momentum  conservation.  This 
approach  provides  excellent  computational  efficiency  since  the  discontinuity  of  velocities  during  impact 
is  explicitly  computed.  Unlike  a  shock  capturing  algorithm  in  which  the  stop  and  locking  device  is 
represented  as  a  high  stiffness  component,  it  allows  to  pursue  the  simulation  beyond  complete  locking 
of  the  structure.  In  our  example,  one  can  see  on  figure  6  that  the  Oscillatory  motion  of  the  diagonals 
remaining  after  complete  deployment  is  well  represented.  At  the  same  time,  this  approach  leaves  the 
integration  scheme  unperturbed  and  therefore  allows  to  increment  the  time  step  to  reasonable  values. 

6.3  Dynamic  analysis  of  the  deployment  of  a  S-D  satellite  antenna 


The  3-D  antenna  under  consideration  is  made  of  five  similar  panels  hinged  together  a  shown 
by  figure  8.  In  the  numerical  model  (figure  9),  each  rectangular  panel  is  visualized  by  the  Josange 
connecting  the  mid-edge  points.  The  deployment  is  provided  by  the  nonlinear  springs  acting  at  the 
hinges  and  providing  the  torque  versus  rotation  angle  law  displayed  by  figure  10. 

This  curve  exhibits  hysteresis  in  the  vicinity  of  the  locking  angle.  The  first  peak  corresponds  to 
the  locking  value  of  the  torque,  while  the  second  one  is  generated  by  the  hysteresis  effect  occurring  in 
a  locking/unlocking  phase. 
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Figure  9:  Simulation  model  of  S-D  satellite  antenna. 


Figure  10:  Torque/angle  law  at  the  hinges. 
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The  effective  stiffness  properties  of  the  panels  have  been  taken  into  account  using  the  substructuring 
technique  described  in  section  5.  Each  panel  of  the  real  structure  is  a  stiffened  sandwich  plate  made 
of  composite  material.  It  has  thus  been  modeled  as  a  sandwich  flat  shell  with  orthotropic  stiffness 
properties  and  local  reinforcements.  An  idea  of  the  finite  element  model  is  given  by  figure  11  which 
shows  the  decomposition  of  the  structure  into  4  zones  with  different  elastic  properties.  A  complete 
description  of  the  mode!  is  given  in  [7].  Each  substructure  has  584  DOF  initially  and  is  reduced  to  the 
four  connecting  nodes  and  4  internal  modes,  giving  a  total  of  28  DOF  per  panel. 


Figure  11:  Finite  element  model  and  elastic  properties  of  satellite  antenna. 


The  resulting  mechanism  model  used  to  predict  the  dynamics  of  the  deployment  has  230  DOF,  with 
a  mean  bandwidth  of  32.  The  time  integration  of  the  response  has  been  performed  on  a  time  interval 
of  47s.  As  shown  by  figure  12,  the  structure  is  initially  partially  folded  and  complete  deployment  has 
occurred  at  time  T  =  47s.  This  time  evolution  has  been  obtained  in  151  time  steps  and  an  average 
number  of  5.1  equilibrium  iterations  per  time  step,  giving  a  CPU  consumption  of  6  hours  15  minutes 
on  an  Apollo  DN4000. 
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figure  12:  successive  configurations  of  antenna  during  deployment  (0.  to  ^7 s.) 


Figure  13  displays  half  the  rotation  angle  versus  time  in  the  three  active  hinges.  It  increases 
regrlarly  up  to  locking  and  then  oscillates  about  the  locking  value.  The  corresponding  torque  in  hinge 
2  is  displayed  by  figure  14.  The  hinge  locks  at  time  T  =  41  s  and  never  unlocks  afterwards. 


The  elastic  behavior  of  the  panel  can  be  predicted  with  much  detail  through  appropriate  postpro¬ 
cessing  of  the  substructures. 

For  example,  figure  15  shows  at  a  given  time  (t=47s)  the  isovalues  of  bending  deflection  on  one 
hand,  and  of  upper  skin  equivalent  stress  on  the  other  hand. 
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Figure  15:  Isovalues  of  bending  deflections  and  upper  skin  equivalent  stresses  in  central  panel. 
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Summary 

An  interactive  proximity  operations  planning  system,  which  allows  on-site  planning  of  fuel-efficient,  multi-burn 
maneuvers  m  a  potential  multi-spacecraft  environment  has  been  developed  and  tested.  Though  this  display  sys¬ 
tem  most  directly  assists  planning  by  providing  visual  feedback  to  aid  visualization  of  the  trajectories  and  con¬ 
straints,  its  most  significant  features  include  1)  an  "inverse  dynamics"  algorithm  that  removes  control  nonlineari¬ 
ties  facing  the  operator  and  2)  a  trajectory  planning  technique  that  reduces  the  order  of  control  and  creates,  through 
a  "geometric  spread-sheet,"  the  illusion  of  an  inertially  stable  environment.  This  synthetic  environment  pro¬ 
vides  the  user  with  control  of  relevant  static  and  dynamic  properties  of  way-points  during  small  orbital  changes 
allowing  independent  solutions  to  the  normally  coupled  problems  of  orbital  maneuvering.  An  experiment  has 
been  carried  out  in  which  experienced  operators  were  required  to  plan  a  trajectory  to  retrieve  an  object  accidently 
separated  from  a  dual-keel  space  station.  The  time  required  to  plan  these  maneuvers  was  found  to  be  predicted  by 
the  direction  of  the  insertion  thrust  and  did  not  depend  on  the  point  of  separation  from  the  space  station. 

Introduction 

1. 1  Control  of  the  Hand 

The  insights  of  paleontology  reveal  the  human  hand  to  be  a  unique  end  product  of  millions  of  years  of  ver¬ 
tebrate  and  primate  evolution.  Indeed,  it  itself  may  have  been  an  essential  contributor  to  the  development  of  the 
human  capacity  for  abstract  insight.  The  hand  is  a  highly  dextrous,  general  purpose  manipulator  capable  of  the  fine 
touch  needed  to  thread  a  pin  and  the  more  coarse  control  and  force  needed  to  lift  an  object  heavier  than  the  weight 
of  its  owner  However,  like  telerobotic  effectors  at  the  end  of  multilink  robotic  arms,  control  of  the  position  and 
orientation  of  the  hand  in  space  can  be  computationally  complex.  The  kinematics  of  the  links  that  make  up  the 
arm  complicate  the  relationship  between  the  muscles  which  control  eacn  of  them  and  the  resulting  position  of  the 
hand  in  space.  Though  cerebellar  and  other  neuro-muscular  disease  ran  reduce  their  victims  to  the  necessity  of 
conscious  joint-angle  control,  in  normal  health  our  neurological  control  systems  unburdened  us  of  conscious  con¬ 
trol  of  the  limb  positions  that  determine  our  hand  positions. 

The  unconscious  ease  of  normal  movement  arises  from  the  unique  hierarchical  control  system  that  has 
evolved  in  association  with  the  gross  morphology  of  the  hand.  This  system  computationally  separates  lower  order 
motor  coordination  functions  from  higher  order  commands  concerning  what  to  coordinate.  One  may  think  about 
some  of  the  aspects  of  the  lower  order  motor  coordination  as  the  inverse  kinematics  and  dynamics  that  translate 
the  higher  order  movement  commands  from  egocentric  coordinate  space  into  a  series  of  link  movements  in  joint 
coordinate  space  [1]  •  This  transformation  greatly  simplifies  the  planning  task  confronting  the  higher  order  motor 
centers  It  also  reinforces  the  functional  and  spatial  separation  of  task  planning  from  muscle  coordination  and  pro¬ 
vides  us  at  a  conscious  level  with  position  control  over  our  hands  We  command  a  position  and  orientation  and 
our  hand  effortlessly  assumes  it. 

1.2  Kinematic  Complications  of  Control:  Telerobotic  Arms 

In  light  of  the  characteristics  of  the  neurological  control  of  hand  position,  it  is  not  surprising  that  for 
generalized  telerobotic  manipulation  tasks  some  form  of  resolved  control  of  teleoperators  is  found  to  be  easier  for 
operators  to  control  than  control  of  the  joint  angles  and  positions  of  the  various  links  of  the  arm  [3].  This  resolved 
control  is  achieved  computationally  by  inverting  the  transformation  matrix  describing  the  arm's  forward  kinemat¬ 
ics  However,  due  to  computational  singularities  and  physical  constraints  on  joint  motion  an  inverse  motion  may 
not  be  unique,  and  indeed  it  may  not  be  computable  for  some  positions.  Accordingly,  implementation  of  resolved 
control  over  an  arm  requires  the  addition  of  information  This  information  may  take  the  form  of  arbitrary  limits 
on  the  movement  parameters  but  more  usefully  may  be  in  the  form  of  kinematic  or  dynamic  optimization  criteria 
such  as  time  optimality,  minimum  energy,  or  minimal  path  length  [2]  [4]  These  criteria  allow  the  resolution  sys¬ 
tem  to  select  one  of  the  many  possible  patterns  of  joint  movement  that  would  result  in  the  same  movement  or 
position. 

1.3  Dynamic  Complications  of  Control:  Order  of  Control 

In  kinematically  simple  situations  such  as  those  that  arise  when  a  subject  is  engaged  in  a  simple  cross  and 
square  display  tracking  task  using  a  two-dimensional  joystick,  factors  other  than  kinematics  determine  the  success 
of  the  tracking  e.g.  I)  the  dynamic  characteristics  of  the  joystick  itself,  2)  the  stimulus  response  compatibility  of  the 
control  and  display  coordinate  systems,  3)  concurrent  other  tasks,  and  4)  the  disturbance  function  and  the  dy¬ 
namics  of  the  controlled  element.  Large  bodies  of  literature  concerning  the  effects  of  these  factors  on  tracking  per¬ 
formance  have  been  developed  [5]  (6).  Performance  is  generally  best  when  the  operator  is  provided  with  the  lowest 
order  of  control  possible  subject  to  plant  and  disturbance  characteristics. 
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The  difficulties  subjects  encounter  in  higher  order  control  environments,  e.g.  2nd  order  or  acceleration  con¬ 
trol,  arise  from  the  difficulties  they  encounter  in  estimating  velocity  and  acceleration  from  position  and  the  addi¬ 
tional  control  movements  needed  for  changing  final  position.  Thus,  Poulton's  [5,  p360)  recommendation  for  the 
design  of  a  manual  control  system  is  to  design  an  order  of  control  as  low  as  possible.  This  goal  may  be  achieved 
within  the  control  system  itself,  for  example,  by  introducing  an  exponential  lag  that  delays  the  full  effect  of  the 
control  input  and  reduces  the  likelihood  that  the  operator  of  a  higher  order  system  will  overshoot  his  target  (5). 
Higher  order  control  situations  also  can  be  assisted  by  provision  of  displays  using  predictors  that  integrate  the  time 
derivatives  of  position  and  remove  the  need  for  the  operator  to  perceive  these  rates  directly  (7)  (8).  As  will  be  dis¬ 
cussed  below,  simple  provision  of  a  predictor  is  not,  however,  a  sufficient  display  enhancement  if  control  inputs 
interact  in  complex  nonlinear  ways. 
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Figure  1.  Orbital  motion  after  R-bar  burn,  (a)  Shape  of  or¬ 
bit  (b)  Trajectory  relative  to  the  space  station. 
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Figure  2.  Orbital  motion  after  V-bar  burn,  (a)  Shape  of  or¬ 
bit  (b)  Trajectory  relative  to  the  space  station. 
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2.  Proximity  Operations  Planning  Display 

2.1.  The  Orbital  Environment 

The  proximate  orbital  environment  of  future  spacecraft  may  include  a  variety  of  spacecraft  co-orbiting  in 
close  vicinity  Most  of  these  spacecraft  will  be  "parked"  in  a  stable  location  with  respect  to  each  other,  i.  e.  they  will 
be  on  the  same  circular  orbit.  However,  some  missions  will  require  repositioning  or  transfers  among  them  as  in 
the  case  of  the  retrieval  of  an  accidentally  released  object.  In  this  case  complex  maneuvers  are  anticipated  which 
involve  a  variety  of  spacecraft  which  are  not  necessarily  located  at  stable  locations  and  thus  have  relative  motion 
between  each  other. 

This  multi-vehicle  environment  poses  new  requirements  for  control  and  display  of  their  relative  positions. 
Conventional  scenarios  involve  proximity  operations  between  two  vehicles  only.  In  these  two-spacecraft  mis¬ 
sions,  the  maneuver  may  be  optimized  and  precomputed  in  advance  of  the  time  of  the  actual  mission.  However,, 
since  the  variety  of  possible  scenarios  in  a  multi-vehicle  environment  is  large,  a  future  spacecraft  environment 
could  require  astronauts  to  execute  maneuvers  that  may  not  have  been  precomputed.  This  demand  will  require  an 
on-site  planning  tool  which  allows,  fast,  interactive,  informal  creation  of  fuel-efficient  maneuvers  meeting  ail 
constraints  set  by  safety  rules. 

The  difficulties  encountered  in  planning  and  executing  orbital  maneuvers  originate  from  several  causes  (9J 
(10)  (11).  The  first  one  is  the  counter-intuitive  character  of  orbital  motions  as  experienced  in  a  relative  reference 
frame.  The  orbital  motions  are  expressed  and  tend  to  be  perceived  in  a  coordinate  frame  attached  to  a  large 
proximate  vehicle  such  as  a  space-station  and,  thus,  represent  relative  rather  than  absolute  motions.  From  ex¬ 
perience  in  medially  fixed  environments,  it  would  be  intuitively  assumed  that  a  thrust  in  the  "forward"  direction 
toivards  a  target  vehicle  ahead  but  in  the  same  orbit,  i.  e.  in  the  direction  of  the  orbital  velocity  vector,  would  result 
in  a  forward  motion  However,  after  several  minutes,  orbital  mechanics  forces  will  dominate  the  motion  pattern 
and  move  the  chaser  spacecraft  "upwards",  i.  e.  to  a  higher  orbit.  This  will  result  in  a  backwards  relative  motion, 
since  objects  in  a  higher  orbit  have  a  slower  orbital  rate.  Thus,  a  forward  thrust  ultimately  has  the  opposite  effect 
from  that  intended.  The  effect  of  this  unexpected  movement  is  compounded  by  the  fact  that  a  completed  maneu¬ 
ver,  which  essentially  is  a  timed  orbital  change,  involves  a  potentially  third  order  or  higher  order  control  process 
with  both  departing,  maneuvering  and  braking  thrusts.  Even  without  the  counter-intuitive  dynamics  such  a 
process  is  difficult  to  control!  (6).  Furthermore,  corrective  thrusts  produce  significant  nonlinear  effects  on  spacecraft 
positions  complicating  iterative,  manual  efforts  to  drive  a  spacecraft  to  a  desired  stable  position. 


Figure  3.  Relative  orbital  trajectories  for  different  thrust 
magnitudes  and  angles  for  an  insertion  point  below  the 
space  stations  orbit  and  behind  its  center  of  mass.  The 
space  station  is  located  with  its  center  of  mass  at  the  ori¬ 
gin.  Note:  that  the  effects  of  the  orbital  dynamics  can  be 
overpowered  by  increasing  thrust. 


29-4 


A  second  cause  of  the  difficulty  is  the  different  and  unusual  way  in  which  orbital  maneuvering  control 
forces  are  applied  In  atmospheric  flight  control  forces  are  applied  continuously  m  a  way  to  correct  for  randomly 
appearing  atmospheric  disturbances,  or  to  compensate  for  atmospheric  drag.  In  contrast,  space-flight  in  the  absence 
of  atmospheric  disturbances, has  a  near  deterministic  character.  Therefore,  space-flight  is  mainly  unpowered  and 
undamped  along  a  section  of  an  orbit  with  certain  characteristics.  By  applying  impulse-type  maneuvering  forces  at 
a  given  way-point,  the  characteristics  of  the  orbit  are  altered.  After  application  of  the  maneuvering  force  the  space¬ 
craft  will  coast  along  on  the  revised  orbit  until  reaching  the  next  intermediate  way-point  along  its  planned  trajec¬ 
tory  Once  it  is  positioned  at  a  way  point;  however,  it  will  not  generally  be  at  a  stable  relative  position,  but  will  tend 
to  drift  under  the  inf  tence  of  orbital  mechanics  unless  corrective  thrusts  are  continually  applied. 

Third,  multi-vehicle  orbital  missions  are  subject  to  safety  constraints,  such  as  clearance  from  existing  struc¬ 
tures,  allowable  approach  velocities,  angles  of  departure  and  arrival  and  maneuvering  bum  restrictions  due  to 
plume  impingement  or  payload  characteristics.  Design  of  a  fuel-efficient  trajectory  which  satisfies  these  constraints 
is  a  non-trivial  task. 

It  is  clear  that  visualization  of  the  relative  trajectories  and  control  forces  in  a:i  easily  inte-nretable  graphical 
format,  will  greatly  improve  the  feel  for  orbital  motions  and  control  forces  and  will  provide  direct  feedback  of  the 
operators  control  actions.  Furthermore, visualization  of  the  constraints  in  a  pictorial  format  will  enable  an  inter¬ 
active,  graphical  trajectory  planning  in  which  the  design  may  be  iteratively  modified  until  all  constraints  are  satis¬ 
fied.  Typical  in-plane  maneuvers  are  the  V-bar  bum,  along  the  orbital  velocity  vector,  and  R-bar  bum,  along  the 
orbital  radius  vector. 

Consider  a  spacecraft  located  at  the  V-bar  and  thus  at  a  stationary  position  relative  to  the  space  station.  A 
small  maneuvering  burn  in  the  direction  of  the  R-bar  will  cause  a  small  component  v  which  will  result  in  a  small 
change  in  the  direction  of  the  orbital  velocity  vector.  This  will  alter  the  parameters  of  the  orbit.  The  orbit  will  be¬ 
come  elliptical  and  after  the  burn  the  maneuvering  spacecraft  will  be  90  deg.  of  orbital  travel  past  the  perigee  of  the 
new  orbit.  In  Figure  1  the  shape  of  the  orbit  and  the  corresponding  relative  motion  trajectory  is  shown.  The  rela¬ 
tive  trajectory  has  a  "closed''  elliptical  shape  and  after  one  orbit  the  spacecraft  will  return  to  its  original  location. 

The  reason  for  this  is  that  the  radial  burn  did  not  significantly  alter  the  magnitude  of  the  velocity  V0,  and  thus  the 
total  energy  and  mean  motion  did  not  change. 

In  contrast  to  the  R-burn,  a  maneuvering  burn  along  the  V-bar,  will  alter  the  magnitude  of  the  V0  by  the 
amount  |v|and  will  therefore  alter  the  total  energy.  Figures  2ab  show  the  shape  of  the  orbit  and  the  corresponding 
relative  motion  trajectory.  For  a  burn  in  positive  V-bar  direction,  the  spacecraft  will  initially  move  forward  but 
later  on  gain  altitude  and  fall  behind.  The  opposite  is  the  case  for  a  bum  in  negative  V-bar  direction.  Here  the 
spacecraft  will  initially  move  backwards  but  later  on  drop  altitude  and  pull  ahead.  For  a  positive  bum  the  spacecraft 
is  initially  at  perigee  and  for  a  negative  burn  at  apogee. 


In  general,  a  chasing  vehicle's  maneuvers  m  the  orbital  plane  need  not  have  solely  V-bar  or  R-bar  compo¬ 
nents  but  components  of  both.  In  addition  it  may  also  have  out-of-plane  components.  Furthermore,  its  initial  po¬ 
sition  may  not  be  stable,  i.  e.  offset  with  respect  to  its  target's  V-bar,  and  the  desired  flight  time  may  be  a  fraction  of 
an  orbital  period,  i  e  10-20  minutes.  Under  these  circumstances  the  full  effects  of  orbital  dynamics  are  not  given 
sufficient  time  to  completely  manifest  themselves  and  are  experienced  as  a  kind  of  "variable  orbital  wind"  blowing 
the  controlled  vehicle  off  a  desired  straight  path.  Figures  3  and  4  illustrate  the  kinds  of  deflections  the  "orbital 
wind"  may  produce  for  more  generic  maneuvers.  In  particular  Figure  3  shows  how  the  deflections  caused  by 
orbital  dynamics  can  be  partially  overcome  by  using  stronger  thrusts,  but  this  brute  force  technique  can  be  very 
costly  due  to  the  fuel  required  both  for  departure  and  braking  on  arrival. 


Figure  4.  Rendezvous  initiated  by  control  of  thrust  and 
direction  of  a  maneuvering  burn,  i.e.  the  foward  method. 
Using  a  planning  tool  that  provides  a  forward  predictor  of 
the  effects  of  a  planned  maneuvering  burn,  a  subject  can 
find  by  trial  ana  error  a  combination  of  thrust  and  inser¬ 
tion  angle  that  will  produce  a  trajectory  to  return  to  the 
space  station  from  an  offset  position.  Planning  for  a  par¬ 
ticular  arrival  time  or  selecting  a  fuel  optima!  maneuver 
is,  however,  manually  very  difficult  with  only  a  forward 
predictor  to  assist  the  operator. 
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2.2  Limitations  of  Present  Techniques. 

The  present  maneuvering  techniques  are  well  established  and  rely  in  most  cases  on  visual  contact  and  the 
use  of  a  V-bar  or  R-bar  reference  in  a  Crewman  Optical  Alignment  Sight  (COAS),  (9)  [10  [121.  In  a  V-bar  approach  to¬ 
wards  a  target  in  positive  V-bar  direction,  the  initial  burn  is  made  in  a  direction  slightly  depressed  downwards  with 
respect  to  the  V-bar.  After  a  short  while,  the  spacecraft  will  "ascend"  and  cross  the  V-bar.  At  the  V-bar  crossing  a 
small  downward  R-bum  is  initiated  which  again  "depresses"  the  spacecraft  below  the  V-bar.  This  process  is  re¬ 
peated  several  times.  The  spacecraft  thus  proceeds  along  the  V-bar  in  small  "hops"  until  the  target  is  reached. 
However,  this  technique  is  highly  restricted,  is  not  fuel-optimal,  and  may  not  conveniently  satisfy  other  opera¬ 
tional  constraints  of  a  multi-vehicle  environment 

But  it  is  clear  from  the  previous  examples  that  orbital  motion  can  be  complex,  highly  counter  intuitive,  and 
involve  tightly  interacting  parameters  A  bum  towards  the  target  might  have  an  unintended  opposite  result. 
Relative  motion  is,  in  particular,  difficult  to  visualize  for  a  combined  R-bar  V-bar  burn  at  a  non-stationary  location. 
It  is  therefore  very  useful  to  graphically  visualize  the  relative  motion  trajectories.  Providing  predictors  on  plan¬ 
ning  displays  which  foretell  the  final  consequences  of  a  maneuvering  bum  is,  however,  not  sufficient  symbolic 
enhancement  to  enable  an  operator  to  plan  a  timed  maneuver  The  nonlinear  interaction  between  thrust  magni¬ 
tude  and  direction  of  thrust  with  time  of  arrival  and  final  relative  position  preclude  tractable  manual  control  over 
the  position  and  time  of  the  predictor's  endpoint. 

2.3  Design  of  a  Pictorial  Orbital  Maneuvers  Planning  System 

The  purpose  of  the  interactive  orbital  planning  system  is  to  enable  the  operator  to  design  an  efficient  com¬ 
plex  multi-burn  maneuver,  subject  to  the  stringent  safety  constraints  of  a  future  space-station  traffic  environment. 
The  constraints  include  clearances  from  structures,  relative  velocities  between  spacecraft,  angles  of  departure  and 
arrival,  approach  velocity  and  plume  impingement.  The  basic  idea  underlying  the  system  is  to  present  the  maneu¬ 
ver  as  well  as  the  relevant  constraints  in  an  easily  interpretable  pictoiial  format.  This  format  does  not  just  provide 
the  operator  with  immediate  visual  feedback  on  the  results  of  his  design  actions  to  enable  him  to  meet  the  con¬ 
straints  on  his  flight  path,  but  goes  beyond  conventional  approaches  by  introducing  geometric,  symbolic,  and  dy¬ 
namic  enhancements  that  bring  the  intellectual  demands  of  the  design  process  within  normal  human  capacity®  (9) 
[13]  [14]  [15).  The  specific  methods  for  enabling  interactive  trajectory  design  and  visualization  of  constraints  have 
been  discussed  in  detail  elsewhere  and  will  not  be  repeated  here  [16]  (17).  Though  the  display  also  can  handle  plan¬ 
ning  v'-it-of-plane  maneuvers,  the  discussion  will  be  limited  to  maneuvers  in  the  orbital  plane. 

2.4  Example  of  a  three-bum  maneuver. 

An  illustrative  example  of  a  three-burn  maneuver  is  shown  schematically  in  Figure  5.  The  trajectory  origi¬ 
nates  from  relative  position  A  at  time  t  =  t0,  and  is  composed  of  two  way-points  B  and  C  which  specify  the  loca¬ 
tion  in  space  station  coordinates  at  which  the  chaser  spacecraft  will  pass  at  a  given  time  At  a  way-point  the  orbital 
maneuvering  system  or  other  reaction  control  system  can  be  activated,  creating  a  thrust  vector  of  given  magnitude 
for  a  given  duration  in  a  given  direction  in  or  out  of  the  orbital  plane.  The  duration  of  the  burn  is  considcreo  to  be 
very  short  in  comparison  with  the  total  duration  of  the  mission.  In  the  orbital  dynamics  computations  this  means 
that  a  maneuvering  burn  can  be  considered  as  a  velocity  impulse  which  alters  the  direction  and  magnitude  ot  the 
instantaneous  orbital  velocity  vector  of  the  spacecraft,  inserting  it  into  a  new  orbit. 


Figure  5.  Example  of  a  three  bum  maneuver. 


Since  the  initial  location  A  is  not  necessarily  a  stationary  point,  the  magnitude  and  direction  of  the  relative 
velocity  of  the  chaser  at  point  A  is  determined  by  the  parameters  of  its  orbit.  If  no  maneuvciing  burn  were  ini¬ 
tiated  at  t  =  t0,  the  chaser  would  continue  to  follow  the  relative  trajectory  1 ,  subject  to  the  parameters  of  its  origi¬ 
nal  orbit,  see  dotted  line  in  Figure  5  However,  a  maneuvering  bum  a; !  =  t(,  will  alter  me  original  orbn  so  that  the 
chaser  will  follow  the  relative  trajectory  2 ,  subject  to  the  parameters  of  this  new  orbit. 

In  Figure  5  yj  and  V2  indicate  the  relative  velocity  vector  of  the  chaser  just  before  and  after  the  maneuvering 
burn,  respectively,  where  yj  and  m  are  tangential  to  the  relative  trajectories  1  and  2,  respectively.  The  vector 
difference  between  vj  and  y2_,  Vj,  is  the  velocity  change  initiated  by  the  burn,  and  corresponds  with  the  direction 
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and  magnitude  or  duration  at  which  the  orbital  maneuvering  system  is  activated.  Likewise,  at  way-point  B  the 
burn  a,  alters  the  orbit  to  orbit  3  . 

Location  C  is  the  terminal  way-point  and  is  in  this  case  the  location  where  the  target  will  arrive  at  t  =  tf. 
Since  the  target  has  an  orbit  of  its  own,  orbit  4 ,  it  will  have  a  terminal  relative  velocity  of  V4  at  t  =  tf.  The  relative 
velocity  between  target  and  chaser  is  the  vector  difference  between  V3  and  V4,  vc.  This  vector  determines  the  retro- 
burn  that  is  needed  at  the  target  location,  in  order  to  bring  the  relative  velocity  between  chaser  and  target  to  the 
minimum  required  for  the  docking  operation. 

2.5  Inverse  method  of  solving  orbital  motion. 

Interactive  trajectory  design  demands  that  the  operator  be  given  free  control  over  the  positioning  of  way- 
points.  However,  the  usual  input  variables  of  the  equations  of  orbital  motion  are  the  magnitude  and  direction  of 
the  burn,  rather  than  the  time  and  relative  position  of  way-points.  Therefore  an  "inverse  method"  is  required  to 
compute  the  values  of  a  bum  necessary  to  arrive  at  a  given  way-point  positioned  by  the  operator.  This  method  is 
outlined  hereafter. 

Tlie  equations  of  orbital  motion  can  be  computed  from  its  momentary  position  and  velocities,  relative  to  a 
reference  spacecraft  with  a  known  circular  orbit  (12]  (16)  (17)  (18)  (19).  Thus,  for  a  given  initial  relative  position  A 
with  x(to)  and  an  initial  remove  velocity  v  (to),  the  relative  position  and  velocities  of  a  way-point  at  time  t  =  ti  can 
be  computed.  However,  a  maneuvering  burn  at  t  =  to  will  cause  a  change  in  the  direction  and  magnitude  of  the 
relative  velocity  vector  v  (to).  As  a  icsult  of  this  maneuvering  burn,  the  position  of  the  way-point  at  time  t],  will 
change  as  well. 


Consider  va  and  aa  to  be  the  magnitude  and  direction  of  the  velocity  change  due  to  the  maneuvering  burn 
Then  the  relative  position  and  velocity  at  t  =  tj,x  (ti),  will  be  a  complex  non-linear  function  of  va  and  aa.  (16)  (17) 
(17)  (Grunwald  and  Ellis,  1988)  Consider  now  that  the  opemtor  is  given  direct  control  over  va  and  oa,  by  slaving 
these  variables  respectively  to  the  x  and  y  motions  of  a  controller  such  as  a  mouse.  A  displacement  of  the  mouse  in 
either  x  or  y  direction  will  result  in  a  complex  non-linear  motion  pattern  of  x(t]).  (See  Appendix).  Furthermore, 
this  motion  pattern  will  change  with  the  initial  conditions.  This  arrangement  is  highly  undesirable  in  an  interac¬ 
tive  trajectory  design  process,  in  which  the  operator  must  have  dirert  and  unconstrained  control  over  the 
positioning  of  way-points. 


Figure  6.  Editing  of  way-points. 
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It  is  therefore  essential  to  give  the  operator  direct  control  over  the  position  and  relative  time  of  way-points 
rather  than  over  the  magnitude  and  direction  of  the  burn.  The  inverse  method  by  which  this  is  accomplished 
computes  the  magnitude  and  direction  of  the  burn  required  to  bring  the  spacecraft  from  initial  location  x(to)to  the 
way-point  x  (tj)  at  t  =  (ti).  This  inverse  technique  contrasts  with  conventional  display  aids  for  proximity  operations 
which  are  generally  forward  looking  and  provide  a  predictor  (13]  [14].  While  forv  ard  looking  displays  are  probably 
well  suited  as  flying  aids  for  real-time,  out-the-window  control,  a  planning  system  need  not  conform  to  this  style  of 
aiding. 

2.6  The  Active  Way-point  Concept 

Althoug'  a  trajectory  may  be  composed  of  several  way-points,  only  one  way-point  at  a  time,  the  active  way- 
point,  is  controlled  by  the  operator.  While  the  position  and  time-of-arrival  of  the  active  way-point  can  be  varied, 
the  position  and  time-of-arrival  of  all  other  way-points  remains  unchanged.  However,  variations  in  the  active 
way-point  will  cause  changes  in  the  trajectory  sections  and  way-point  maneuvering  burns  just  preceding  and  just 
following  the  active  way-point.  The  on-line  solution  of  the  inverse  algorithm  enables  these  changes  to  be  visual¬ 
ized  almost  instantaneously  and  provides  the  operator  with  on-line  feedback  on  his  design  actions. 

2.7  Way-point  editing. 

The  trajectory  design  process  involves  changes  in  existing  wav-points,  addition  of  new  points  or  deletion  of 
existing  undesired  points.  An  illustrative  example  of  this  way-point  editing  process  is  shown  in  Figure  6.  In  the 
program  the  way-points  are  managed  by  a  way-point  stack,  which  includes  an  up-to-date  sequential  list  of  the  posi¬ 
tion  x,  the  time-of-arrival  t  and  the  relative  velocity  v  just  after  initiating  the  burn,  of  all  way-points. 


Figure  6a  shows  two  way-points,  the  initial  point  xq  and  the  terminal  point  xj.  The  initial  way-pomt  is  de¬ 
fined  by  the  initial  conditions  of  the  situation  and  cannot  be  activated  or  changed  by  the  operator.  The  terminal 
way-pomt  xi  is  thus  the  the  active  way-point  which  can  be  changed  and  placed  at  a  required  location.  The  cor¬ 
responding  way-point  stack  is  shown  on  the  right.  The  active  way-point  box  is  drawn  in  bold.  The  relative  velocity 
stack  shows  only  the  velocity  yo,  v.hich  is  the  relative  velocity  just  after  the  burn  at  way-point  0 ,  computed  by  the 
inverse  algorithm,  and  required  to  reach  point  xi  at  time  tj. 

Figure  6b  shows  the  addition  of  a  new  way-point.  Though  its  time  of  occurrence  may  be  manually  adjusted 
later,  the  new  way-pomt  is  added  half-way  in  time  on  the  trajectory  section  just  preceding  the  active  way-point. 
Thus  its  time-of-arrival  is  chosen  to  be  t  =  0. 5  ( t,  +  t,.i ),  where  i  is  in  this  case  1  and  relates  to  the  stack  before 
modification  The  new  position  xj  and  relative  velocity  vi  are  computed  by  a  conventional  "forward"method,  by 
computing  the  orbital  position  at  the  new  time  t,  using  the  existing  orbital  parameters  previously  computed  with 
xo.  Ho  and  to  The  newly  computed  way-pomt  position,  time  and  relative  velocity  are  inserted  between  points  0 
and  1  of  the  stack  before  modification  and  the  new  way-point  is  chosen  to  be  the  active  one.  The  dotted  lines  in 
Figure  6  indicate  variables  which  are  transferred  without  modification  and  the  encircled  variables  are  the  newly 
computed  ones  It  is  important  to  note  that  since  the  relative  velocities  yo  and  vj  are  matched  to  the  required  way- 
points  xj  and  xi,  respectively,  the  inverse  algorithm  does  not  need  to  make  any  adjustments. 

Figure  6c  shows  the  results  of  changes  in  the  newly  created  way-point  on  the  way-point  stack.  Since  xj  and  h 
are  varied,  the  relative  velocity  at  way-point  0,  yowitl  be  readjusted  by  the  inverse  algorithm  and  likewise  the  rela¬ 
tive  velocity  vj. 

Figure  6d  shows  the  creation  of  an  additional  new  way-point.  Since  the  active  way-point  prior  to  the  addi¬ 
tion  was  point  1,  the  new  point  is  added  half-way  between  point  0  and  1  and  its  position  and  relative  velocity  are 
computed  with  the  forward  method.  The  new  values  are  inserted  between  points  0  and  1  of  the  stack  before  modi¬ 
fication  and  the  new  way-point  is  again  set  to  be  the  active  one. 

In  Figure  6e  way-point  2  is  activated  Apart  from  the  shift  in  active  way-point,  the  stack  remains  unchanged. 
The  dotted  line  shows  the  direct-path  section  between  point  1  and  point  3  without  the  intermediate  burn  at  point  2 
Deletion  of  the  way-point  2  will  remove  this  point  from  the  stack  and  after  that  close  the  gap,  see  Figure  7f.  How¬ 
ever  vj  has  to  be  readjusted  to  fit  the  new  direct-path  section.  This  adjustment  is  made  on-line  by  the  inverse 
algorithm. 

The  repetitive  use  of  the  inverse  algorithm  to  calculate  the  trajectories  linking  each  pair  of  way-points  pre¬ 
sents  the  planner  with  a  kind  of  ’’geometric  spread-sheet"  that  preserves  certain  relationships  between  point  in 
space,  namely  that  they  are  connected  by  fuel-minimum  trajectories  for  their  particular  separation  in  time,  while 
their  other  properties,  namely  their  relative  position  in  space,  may  be  freely  varied.  To  our  knowledge  this  appli¬ 
cation  of  inverse  dynamics  to  this  kind  of  display  problem  is  new  and  has  some  very  helpful  side-effects.  The  con¬ 
stant  background  computation  to  preserve  the  relative  position  and  time  of  each  way-point  creates  an  illusion  of 
on  medially  stable  space  that  assists  planning  of  relative  movements  about  a  target  spacecraft.  Additionally,  this 
technique  assists  planning  by  allowing  separable  solutions  to  the  plume  impingement,  velocity  limit,  and  traffic 
conflict  problems.  Once  a  way-point  has  been  positioned  to  bring  an  aspect  of  a  maneuver  within  prescribed 
limits,  e  g.  relative  velocity,  the  adjustment  can  be  isolated  from  the  effects  of  earlier  adjustment  such  those  to 
satisfy  a  plume  impingement  constraint.  This  isolation  of  the  solutions  of  the  separate  problems  is  an  essential 
characteristic  since  without  it,  the  solution  to  one  maneuver  problem  would  undo  a  solution  to  another. 

2.5  Operational  lunsirainis 

The  multi-spacecraft  environment  will  require  strict  safety  rules  regarding  the  clearance  from  existing  struc¬ 
tures.  Thus,  spatial”envelopes"  can  be  defined,  through  which  the  spacecraft  is  not  allowed  to  pass.  These  spatial 
constraints  can  be  visualized  as  volumes  on  the  display. 
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Figure  7.  Screen  image  of  the  proximity  operations  planning  tool.  The  upper  right  window  shows 
the  soft  buttons  for  the  viewpoint  control  mode.  The  out-of-plane  display  is  shown  in  the  middle 
right  window.  The  lower  right  window  shows  the  fuel  display.  The  main  viewport  shows  an 
incompletely  planned  mission  for  which  three  bums  have  been  selected.  The  velocity  vector  or  +V- 
bar  is  shown  by  the  arrow  pointing  to  the  right  on  the  central  grid  line.  Note  that  the  relative 
velocity  vector  on  arrival,  shown  by  the  arrow  in  the  lower  right  of  the  viewport,  is  outside  of  the 
entry  arc  indicating  the  acceptable  range  of  relative  velocity  on  arrival  with  the  target  craft. 


Restrictions  on  angles  of  departure  and  arrival  may  originate  from  structural  constraints  at  the  departure 
gate  or  the  orientation  of  the  docking  gate  or  grapple  device  at  the  target  craft.  Limits  for  the  allowable  angles  of 
departure  or  arrival  can  be  visualized  as  cones  on  the  display.  In  addition  the  terminal  approach  velocity  at  the 
target  might  be  limited  by  the  target  characteristics.  Limits  for  the  allowable  start  and  end  velocities  can  be  visual¬ 
ized  as  limit  arcs  associated  with  the  approach  or  departure  cones  (See  Figure  7).  The  limit  arc  symbols  on  the  dis¬ 
play  graphically  show  allowable  ranges  of  magnitude  and  direction  for  thrusts  and  relative  velocities. 

Way-point  maneuvering  burns  are  subject  to  plume  impingement  constraints.  Hot  exhaust  gasses  of  the  or¬ 
bital  maneuvering  systems  may  damage  the  reflecting  surfaces  of  sensitive  optical  equipment  such  as  telescopes  or 
infra-red  sensors.  Even  cold  nitrogen  jets  might  disturb  the  attitude  of  the  target  satellite.  Maneuvering  burns  to¬ 
wards  this  equipment  are  restricted  in  direction  and  magnitude,  where  limits  for  the  allowable  direction  and  mag¬ 
nitude  are  a  function  of  the  distance  to  the  equipment  and  plume  characteristics.  These  limits  can  be  visualized  as 
limit  arcs  on  the  display. 

Flight  safety  requires  that  the  relative  velocity  between  spacecraft  is  subject  to  approach  velocity  limits.  In 
conventional  docking  procedures  this  limit  was  proportional  to  the  range,  [9]  (lOj.  A  commonly  used  rule-of- 
thumb  is  to  limit  the  relative  approach  velocity  to  0.  1  percent  of  the  range.  This  conventional  rule  is  quite 
conservative  and  originates  from  visual  procedures  in  which  large  safety  margins  are  taken  into  account  to  correct 
for  human  or  system  errors.  Although  the  future  traffic  environment  will  be  more  complex,  and  will  therefore  de¬ 
mand  larger  safety  margins,  more  advanced  and  reliable  measurement  and  control  systems  may  somewhat  relax 
these  demands. 

In  this  display  the  relative  approach  velocity  is  defined  as  the  component  of  the  relative  approach  velocity 
vector  between  the  two  spacecraft  along  their  mutual  line-of-sight.  The  limit  on  this  relative  approach  velocity  is  a 
function  of  the  range  between  the  spacecraft.  This  function  will  depend  on  the  environment,  the  task  and  the 
reliability  of  measurement  and  control  equipment  and  can  not  be  determined  at  this  stage.  For  this  display  a  sim¬ 
ple  proportional  relation  has  been  chosen.  The  approach  velocity  limit  is  visualized  on  the  display  as  a  circle 
drawn  around  the  chaser  indicating  the  minimum  range  between  the  two  spacecraft  allowed  for  thp  present 
approach  velocity  If  the  Urge!  craft  appears  within  this  circle,  the  approach  limit  has  been  violated. 

2.9  General  Comments 

The  proposed  interactive  orbital  planning  system  should  be  seen  as  a  step  in  determining  a  display  format 
which  may  be  useful  in  a  future  dense  spacecraft  traffic  environment.  The  examples  shown  here  deal  with  the 
most  general  situation,  which  involves  departures  from  or  arrival  at  non-stationary  locations.  Such  missions 
with  spacecraft  at  non-stationary  positions  and  substantial  out-of-plane  motion  may  represent  worst-case  situations 
but  these  are  the  ones  most  likely  to  require  customized  maneuvering. 
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It  is  hard  to  predict  whether  the  constraints  used  here  will  be  relevant  and  realistic  in  the  future  spacecraft 
environment.  However,  they  encompass  in  a  broad  sense  the  general  type  of  restrictions  which  are  expected  in  the 
multi-vehicle  environment,  o  g  limitations  on  approach  rates,  plume  impingement  and  clearance  from  struc¬ 
tures. 


A  final  restriction  of  the  present  display  relates  to  the  way  the  orbital  maneuvering  system  is  activated.  Only 
pure  impulse  maneuvering  burns  are  considered,  in  which  the  duration  of  the  burn  is  negligible  with  respect  to 
the  duration  of  the  mission  and  in  which  these  burn  cause  major  changes  in  the  relative  trajectories.  Station 
keeping  or  fly-by  missions  however,  require  a  more  sustained  type  of  activation,  such  as  periodic  small  burns  with 
several  seconds  intervals  over  a  time-span  of  several  minutes.  A  more  “distributed''way  of  activating  the  orbital 
maneuveiing  system  could  be  introduced  in  which  the  operator  has  control  over  the  frequency  and  time-span  of 
the  activation. 

A  last  comment  relates  to  the  way  the  spatial  trajectory  is  visualized.  The  perspective  main  view  shows  the 
projection  of  the  actual  trajectory  on  the  orbital  plane,  rather  than  the  trajectory  itself.  The  reason  for  this  is  two¬ 
fold.  The  orbital  trajectory,  with  its  typical  cycloidal  shape,when  shown  without  lines  projecting  onto  the  orbital 
reference  plane,  is  ambiguous  and  might  seem  to  come  out  of  the  orbital  plane.  This  illusion  may  result  from  the 
viewers  familiarity  with  common  objects  such  as  a  coil  spring  and  has  been  first  reported  earlier  [16]  (17)  [20]  (Ellis 
and  Grunwald,  1987).  Therefore,  the  trajectory  can  not  be  clearly  shown  without  its  projection  on  the  orbital  plane 
However,  smce  the  symbolic  enhancements  and  bum  vectors  relate  to  the  in-plane  motion  and  match  with  the 
trajectory  projection  on  the  orbital  plane,  both  the  trajectory  and  its  projection  should  be  visualized.  However,  for 
most  views  of  a  3D  display, both  the  trajectory  and  its  projection  on  the  orbital  plane  will  show  up  as  separate 
curves,  a  fact  that  may  cause  confusion.  Therefore,  a  compromise  has  been  sought,  in  which  the  projection  is 
shown  together  with"pedestals''  placed  at  the  way-points  orthogonal  to  the  orbital  plane,  which  mark  the  actual 
trajectory  at  the  way-points.  In  spite  of  these  restrictions  the  proposed  display  illustrates  the  usefulness  of  interac¬ 
tive  giaphical  trajectory  design. 

3.  Experimental  Study 

An  experiment  has  been  conducted  with  the  above  planning  tool  to  determine  the  time  required  to  plan  a 
variety  of  rendezvous  missions  for  which  the  target's  orbital  insertion  parameters  were  systematically  varied.  In 
particular,  we  attempt  to  develop  a  regression  predictive  of  the  time  required  to  plan  a  rendezvous  with  a  vehicle 
simulating  an  inadvertently  released  objects  from  a  variety  of  positions  along  the  main  structures  of  a  dual-keel 
space  station  configuration.  The  space-station  is  modeled  in  a  480  km  circular  orbit  inclined  28. 5  deg.  with  respect 
to  the  equator.  This  corresponds  to  a  Vq  orbital  velocity  of  7,623  m/sec  or  an  orbital  angular  rate  0.0011  rad/sec. 

The  chasing  vehicle  for  the  maneuver  departed  from  a  +V-bar  location  on  the  station  and  may  be  thought  of  as  a 
craft  attempting  to  recover  an  astronaut  or  small  object  such  as  a  wrench  accidently  released  with  either  0  or 
moderate  (1.0  m/sec)  delta  v  and  which  is  drifting  away  under  the  influence  of  orbital  mechanics.  Out  of  plane 
components  of  the  target  were  randomly  selected  to  be  ±0.25  or  ±0  5  m/sec.  The  direction  of  the  adaed  delta  v  at 
insertion  was  systematically  varied  in  8  equal  directions  about  the  +V-bar.  The  10  orbital  insertion  points  for  the 
targets  were  distributed  along  the  port  keel  of  the  Space  Station  from  200  m  above  the  center  of  mass  to  150  m 
below  itand  randomly  selected  to  produce  90  different  recovery  scenarios  The  planned  1  way  flight  time  was  20 
minutes  and  the  maneuver  took  place  during  orbital  daylight.  The  scenarios  simulate  the  rendezvous  phase  of  a 
rendez'  cus  and  retrieval  mission. 

3.1  Task 

The  subject's  task  was  to  expeditiously  plan  a  feasible  in  and  out-of-plane  trajectory  from  a  Space  Station  +V- 
bar  departure  port  to  rendezvous  with  the  target  subject  to  plume  impingement  constraints  on  the  station,  avoid¬ 
ance  of  the  station's  structure,  and  alignment  of  the  relative  velocity  vector  on  rendezvous  to  fit  within  the  30  deg. 
entrance  cone.  All  subjects  were  told  to  complete  their  planning  task  quickly,  much  as  they  would  wish  to  walk 
across  a  room  without  wasting  time  and  not  to  worry  about  minimizing  overall  fuel  use,  though  they  were  limited 
to  12  m/sec  delta  v  of  maneuvering  fuel.  Figure  9  illustrates  a  three  burn  partial  solution  to  one  of  the  experimen¬ 
tal  scenarios  in  which  the  relative  velocity  on  rendezvous  has  not  yet  been  adjusted  to  fit  within  the  approach  con¬ 
straint  shown  by  the  approach  cone. 


Effect  of  Insertion  Angle  on  Planning  Time 


Figure  8.  The  mean  planning  time  from  each  of  three 
subjects  shows  a  marked  peak  for  target  insertion  angles 
around  200  degrees.  The  error  bars  are  ±1  standard  error. 
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3.2  Subjects 

Three  highly  practiced  subjects  very  familiar  with  the  operation  of  the  planning  tool  planned  rendezvous 
for  the  set  of  initial  conditions  which  were  generally  novel  io  them. 

3.3  Procedure  and  Design 

Before  beginning  the  experiment  the  subjects  reviewed  a  training  manual  describing  the  display's  controls 
and  practiced  their  operation  on  a  sample  rendezvous.  Thereafter,  subjects  were  automatically  presented  through  a 
UNIX  C-shell  script  with  the  90  rendezvous  problems  in  four  approximately  equal  groups  of  randomly  ordered 
conditions.  Data  collection  took  about  6  hours  and  was  generally  spread  across  tv/o  days.  Descriptive  statistics  were 
collected  automatically  by  the  IRIS  computer  to  summarize  planning  time,  fuel  use,  number  of  way-points  used, 
and  a  large  number  of  other  detailed  characteristics  of  the  mission  planning  process. 

3.4  Results 

The  planning  time  required  for  the  selected  missions  was  highly  dependent  upon  the  angle  of  the  insertion 
delta  x-  (Figure  8)  Analysis  of  variance  on  lime  (F=7.968  df=7,14  p  <  .001)  showed  that  the  effects  of  insertion  angle 
were  large,  statistically  reliable,  and  dominated  effects  due  to  the  point  of  insertion-.Planning  time  was  not  signifi¬ 
cantly  affected  by  the  selection  of  an  insertion  point.  (F=  0.584  df=9,18  ns)  and  there  was  no  statistical  interaction 
between  the  insertion  angle  and  the  insertion  point.  (F=0  870  df=63,126  ns ). 

3.5  Discussion 

In  earlier  experiments  differences  in  planning  time  appeared  mainly  due  to  the  misalignment  of  the  ap¬ 
proach  cone  axis  with  the  relative  velocity  resulting  from  a  two  burn  fuel-minimum  intercept  trajectory.  These 
differences  were  reduced  by  practice,  but  maintained  a  rough  proportionality  [21J  (Ellis  and  Grunwald,  1988).  Thus, 
a  rendezvous  that  took  twice  as  long  as  another  approximately  maintained  this  proportion  as  practice  reduced  the 
times  for  both  of  them.  Thus,  the  differences  observed  in  the  present  experiment  with  highly  practiced  subjects 
probably  reflect  genuine  differences  in  planning  difficulty  arising  from  the  interaction  of  orbital  dynamics  and  the 
mission  constraints.  For  the  particular  conditions  used,  insertion  angles  near  135  degrees  are  particularly  hard.  Ac¬ 
cordingly,  potential  chase  vehicles  should  be  positioned  at  several  ports,  V-bar  and  R-bar,  to  facilitate  capture  of  in¬ 
advertently  separated  objects. 

The  results  of  the  present  and  previous  experiments  make  clear  that  experienced  human  operators  can 
manually,  quickly  plan  complex  orbital  maneuvers  when  their  planning  tool  is  adapted  to  their  capabilities.  It  is, 
none  the  less,  also  clear  that  automatic  systems  could  also  plan  these  maneuvers.  These  results  can  help  set  per¬ 
formance  criteria  for  these  automatic  systems  since  they  should  at  least  be  capable  of  producing  feasible  plans  in  less 
than  two  minutes  to  beat  a  manually  determined  plan.  Incorporation  of  all  the  mission  constraints,  however,  can 
greatly  complicate  and  lengthen  an  automatic  search  since  these  constraints  may  be  arbitrary  placed  in  space  and  in 
some  cases  may  be  discrete.  The  development  of  useable  search  algorithms  is  a  current  direction  of  research  and 
certainly  constrained  random  search  strategies  could  be  adopted  if  more  efficient  analytic  methods  do  not  work 
well  (22)  (Seller,  Grunwald,  and  Ellis,  1989). 

But  is  it  also  clear  that  however  the  maneuver  is  planned,  any  astronaut  who  would  be  flying  the  mission 
would  want  to  foresee  what  the  system  has  planned  for  him  and  be  able  to  visualize  his  trajectory,  if  for  no  other 
reason  to  monitor  its  unfolding  as  it  is  flown.  Automatically  generated  trajectories  will  only  be  as  good  as  the  de¬ 
signer's  hindsight  in  selecting  optimization  criteria  and  mission  constraints.  Unique  mission  features  or  failures 
may  arise  that  require  the  custom-tailoring  of  a  trajectory.  Significantly,  the  mission  planning  interface  described  in 
this  paper  also  can  serve  as  an  interface  to  an  mission  "editor''  that  would  allow  an  astronaut  to  visualize  the 
planned  trajectories  and  edit  them  if  necessary  to  suit  his  special  requirements. 
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Figure  9.  In-plone  orbital  situation  showing  the  difference 
in  phase  angles  <I>o  and  </  for  the  space  station  and  another 
spacecraft.  Note  that  the  bold  solid  line  represents  the  ab¬ 
solute  spacecraft  orbit  and  the  dotted  line  represents  its 
tiajectory  relative  to  the  space  station.  The  ratio  of  r  to  Ro 
has  been  greatly  exaggerated. 


Appendix 

Relative  motion  in  space-station  coordinates 

The  relative  position  and  velocity  of  a  co-orbiting  spacecraft  in  space  station  coordinates  are  x°  s  jx°,  y°,  z0} 
and  x°  h  (x°,  y°,  z°)  and  are  obtained  from  space  station  based  measurement  equipment  where'  x°  =  dx°  (t)/dt  etc.  de¬ 
notes  the  time  derivative. 


Since  the  displacements  and  velocities  in  the  out-of-orbital-plane  direction  y°  are  usually  much  smaller 
than  the  ones  in  the  orbital  plane,  in  x°  and  z°  direction,  and  since  out-of-plane  maneuvering  burn  does  not 
significantly  alter  the  total  orbital  energy,  the  out-of-plane  motion  can  be  decoupled  from  the  in-plane  motion. 
Hence,  the  in-plane  motion  will  be  analyzed  firsi. 


At  the  initial  time  t  =  to  the  radius  of  the  space  station  orbit  Ro  is  given  by:  R<i  =  Re  +  h,  where  Re  = 
6,378,140  m  is  the  equatorial  earth  radius  and  h  =  480,000  m  is  the  altitude  of  the  space-station  orbit  above  the  earth 
surface.  The  absolute  orbital  velocity  of  the  space-station  is  then  given  by:  Vo  =  (GM  /Ro  )1/2,  where  GM  =  3.986005 
x  1014  m3/sec2  is  the  geocentric  gravitational  constant.  For  simplicity  the  curvature  of  the  V-bar  is  assumed  the  to  be 
negligible,  so  that 
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a  =  tan'(r/s)  s2  0 
(2ab)  a  ~  tan'(f/s)+  180°  s<0 

where  s  is  the  distance  measured  along  the  V-bar  between  the  space  station  and  the  spacecraft’s  R-bar,  r  the  dis¬ 
tance  of  the  spacecraft  above  the  V-bar,  measured  along  the  R-bar,  v  the  magnitude  of  the  relative  velocity  and  a 
its  direction,  measured  from  the  V-bar  in  upwards  direction  (positive  rotation  in  the  right-hand  system).  The  rela¬ 
tive  velocity  reflects  the  situation  just  after  the  activation  of  a  maneuvering  burn. 
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Although  the  general  solution  for  orbital  motion  is  fairly  complex  and  non-linear,  the  relative  motion  be¬ 
tween  two  co-orbiting  spacecraft  in  close  proximity,  can  be  simplified  by  a  first  order  approximation.  This  is  known 
as  the  Euler-Hill  solution  which  allows  both  the  "forward"  solution  and  the  "inverse"  solution.  The  forward 
solution  computes  at  a  given  final  time  q  and  for  a  given  relative  initial  position  and  initial  velocity  vector,  the 
final  relative  position  and  velocity.  On  the  other  hand,  the  inverse  solution  computes  for  given  t(  and  given  ini¬ 
tial  location,  the  required  initial  velocity  vector  to  reach  a  given  desired  final  location.  The  linearized  Euler-Hill 
solution  is  derived  as  follows. 


The  in-orbital-plane  motion  of  a  spacecraft  orbiting  the  earth  is  described  by  two  degrees  of  freedom:  the  ra¬ 
dius  R  and  the  orbital  angle ,  <t>,  with  respect  to  an  arbitrary  fixed  reference  (see  Fig.  9).  Making  use  of  Newton's  first 
law  and  his  law  of  gravity,  the  equations  of  motion  of  the  spacecraft  in  the  absence  of  external  forces  are  given  by: 


0(0  R(t)  +  20(0  R(t)  =  0 
2 

K(t)  -  {o(o}  R<t)  +  -2^=0 

(3a,b)  R<» 

The  motion  of  the  Space  Station  is  described  by  Ro(t)  and  R(0  and  0(0.  can  now  be  expressed  as: 


(4a, b) 


R(t)  =  R0  +  r(t> 

0(t)  =  0O  +  <xo 


Since  the  spacecraft  is  in  close  proximity  to  the  Space  Station  r  and  0  are  relatively  very  small  in  comparison 
to  Ro  and  O0.  Since  the  Space  Station  is  in  circular  orbit,  it  follows  that 

R(j(t)=  R0=  constant  and 

(5ab)  Orft)  =  n0=  constant 

where  no  is  the  mean  motion  or  angular  orbital  rate  of  the  Space  Station  in  radians/sec. 

Differentiating  Eqs  (4a,b)  and  using  Eqs.(5a,b)  yields: 


(6a-d) 


R(t)  =r(t);  R(t)  =  r(t) 
O(t)  =  n0  +  9;  d>  =  $ 


Substituting  Eqs.(6a-d)  in  Eqs.(3a,b),  neglecting  products  of  r  and  Q  and  of  their  derivatives,  using  Keppler's  third 
law: 


and  using  the  definitions: 


(8a,b) 


s(t)  2  R09(t);  s(t)  =  R0$(t) 


yields  the  linearized  equations  for  the  relative  motion  of  a  spacecraft  with  respect  to  the  Space  Station  (Euler-Hill 
equations). 


(9a, b) 


s(t)  +  2  n0r(t)  =  0 

r(t) -  3nor(f)-2n0s(t)  =  0 
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For  given  initial  conditions  ro,  ro,  so ,  So  where  ro  h  r(to)  etc. ,  the  solution  for  r(t)  and  s(t)  written  in  matrix 
form  is: 


(10) 

where 


(lla-f) 


r(t) 

-r.  ^ 

auau  +  by  0 

r0' 

s(t) 

.aiJaU  s6  pu  1  . 

,s». 

a„  =  -7-  sin(n0t) 
n0 

au  =  — [l  -cos(n0t)] 
av  =  -au 

au  =  —  (4sin(n0t)-  3n0t] 

n  q 

bu  -  4  -3cos(n0t) 
by  =  6[sin(n0t)  -  net] 


and  the  solution  for  the  velocity  v:,  'or  components  r(t)  and  s(t)  is: 


(12) 

where 


(13a-0 


r(t) 

r0 

Cu  0 

r« 

s(t). 

dydW 

So 

e„  0 

.s„ 

d,j  =  cos  in  5 1) 
du  =  2  sin  (n0t) 
dy  =  -du 

du  =  [4  cos  (n  o  t)  -  3} 
eu  =  3n0sin|n«t) 
cu  =  6  nc[cos  (n0t)  - 1] 


Eqs.(10-13)  constitute  the  "forward”  solution.  For  a  given  final  time  or  time-of-arnval  t  =  tf  first  the  coeffi¬ 
cients  of  Eqs.(ll)  and  (13)  are  computed  and  after  that  with  Eqs(10)  and  (12)  the  final  position  rf,  Sf  and  final  velocity 
t(,  Sf,  are  found,  where  rf  s  r(tf)  With  the  "inverse"  solution,  the  initial  velocities  rg  and  io  have  to  be  computed 
for  given  !>me-of-arrival  tf  and  given  initial  position  r0,  so  and  final  position  rf ,  Sf .  These  velocities  are  easily 
obtained  from  Eq.(10)  according  to- 


(14) 

where 


r» 

[aua«] 

rf-bnr0 

So 

lai.ayj 

Sf- bj,.  r0  -  So 

(15) 


fauaul  _  1 

aU  "atf 

layayj  (auaa+aJJ 

“ail  aJ4 

and  then  may  bo  used  to  compute  the  angle  and  magnitude  of  of  relative  velocity,  a  and  v  from  Eq.(l)  and  Eq.(2). 
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SUMMARY 

The  introduction  gives  a  short  review  of  the  effects  that  onboard  liquid  may  have  on  the  dynamics  of 

the  spacecraft.  A  distinction  is  made  between  arbitrarily  moving  craft  and  spin-stabilized  vehicles.  The 

modelling  of  rotating  liquid  behaviour  is  very  complicated  and  generally  allows  only  to  make  predictions 
on  the  stability  behaviour  of  a  spinning  spacecraft. 

A  flight  experiment  with  a  model  satellite,  with  liquid  in  an  annular  tank,  during  parabolic 
aircraft  flight  is  described.  From  a  filmed  record  of  the  unconstrained  motion,  the  attitude  of  the 
satellite  is  reconstructed.  Details  of  the  image  processing  scheme  are  given. 

The  numerical  simulation  of  the  notion  of  the  model  satellite  is  explained.  The  liquid  is  inviscid 
and  is  assumed  to  move  in  the  tank  in  two  directions  only,  i.e.  radial  notion  is  neglected.  Surface 

tension  effects  are  important  and  are  fully  accounted  for.  The  angular  rates  of  the  model  following  a 

short-duration  torque,  are  presented.  Plots  of  the  liquid  motion  are  included. 


INTRODUCTION 


Spacecraft  attitude  control  is  only  one  of  the  disciplines  that  are  concerned  with  the  dynamics  of  a 
solid  body  with  a  liquid  reservoir.  Terrestrial  problem  areas  are  represented  by  sloshing  liquid  in 
vehicles  like  trucks,  ships  or  rockets  but  there  are  also  dynamic  problems  governed  by  rotation  of  the 
tank  such  as  spinning  liquid-filled  projectiles.  In  the  sequel  the  tank  will  denote  the  solid  part  of  the 
body  with  liquid.  It  is  characterized  by  mass,  moments  of  inertia,  internal  geometry  and  location  and 
orientation  of  the  void  with  respect  to  its  center  of  mass.  Although  the  clastic  properties  of  the  tank 
are  important  for  some  types  of  problems,  these  will  be  disregarded  in  the  present  paper,  i.e.  the  tank 
is  assumed  to  be  rigid. 


For  spacecraft  the  effects  of  gravity  on  the  liquid  configuration  in  a  partially-filled  tank  can  be 
disregarded.  This  condition  may  also  apply  on  earth;  when  the  transient  or  centrifugal  accelerations  of 
the  tank  arc  much  larger  than  g.  However,  in  space  the  tank  accelerations  could  be  sufficiently  low  that 
the  surface  tension  of  the  liquid  has  a  considerable  influence  on  its  behaviour  (Ref.  1).  The  order-of- 

magnltude  relation  between  these  two  effects  is  expressed  by  the  Bond  number  Bo  -  — where 

a  ■  acceleration,  B  ■  kinematic  surface  tension  and  L  is  a  characteristic  dimension.  Low  Bond  number 
conditions  on  earth  can  be  achieved  only  by  reduction  of  L,  commonly  to  submillimeter  dimensions 
(capillarity,  porous  media),  or  in  a  static  configuration  of  two  lsopycnic  immiscible  liquids. 


A  further  consequence  of  the  space  environment  is  the  absence  of  supporting  forces  and  thus,  at 
least  for  some  spacecraft,  conservation  of  angular  and  linear  momentum.  This  is  of  importance  for  the 
stability  behaviour  of  spinning  spacecraft;  reference  2  illustrates  how  internal  (viscous)  dissipation 
destabilizes  a  top  with  constant  angular  momentum  as  compared  to  a  top  acted  on  by  external  friction.  It 
is  noted  that  thi3  effect  complicates  the  testing  on  earth  of  the  attitude  behaviour  of  spacecraft  even 
with  full  tanks,  i.e.  without  excursions  of  the  center  of  mass  (Ref.  3,4). 


There  have  been  meetings  devoted  to  the  dynamics  of  spacecraft  with  liquid  (Ref.  5,6,7),  although 
recent  presentations  were  given  at  more  universal  conferences.  A  general  opinion  is  that  most  real 
problems  are  intractable  and  can  be  solved  only  by  numerical  simulation.  The  behaviour  of  liquid  as 
forced  by  surface  tension  in  a  tank  with  prescribed  motion  can  be  modelled  satisfactorily  (Ref.  8—1 1 )  but 
at  a  cost  of  long  run  times  even  on  a  supercomputer.  The  simulation  of  the  coupled  problem,  where  the 
rigid  body  moves  under  liquid  forces,  is  less  well  developed  (Ref.  12-14).  The  present  paper  applies  and 
extends  the  method  developed  at  NLR  to  a  configuration  that  can  be  analysed  by  approximate  methods. 

Building  blocks  for  a  comprehensive  body  of  knowledge  exist.  The  basic  theory  is  elaborated  in  the 
standard  book  of  Moiseyev  and  Rumyantsev  (Ref. 15)  and  developed  considerably  since.  The  pure  hydrodynamic 
of  capillary  starting  fr~r.  a  hydrostatic  equilibrium  configuration,  developed 

in  reference  16.  For  spinning  tanks  a  variety  of  stability  criteria  have  been  derived  (Ref.  17,18)  and 
detailed  analyses  for  idealized  liquid  configurations  are  available  (Ref.  19, 2D).  Experiments  with  moving 
tanks  in  oicrogravity  have  been  conducted  and  arc  reported  in  the  literature  (Ref.  21-26).  The  data 
generally  consist  of  measurements  of  liquid  response  to  a  forced  motion  of  the  tank,  as  recorded  by  a 
dynamometer.  Observations  of  coupled  motions,  reported  in  the  sequel,  are  less  common  (Ref.  25;  sec  also 
ONERA  contribution  in  Ref.  7)  but  somecincs  give  data  on  actual  spacecraft  behaviour  (Ref.  25,27).  For 
early  work  the  bibliography  of  reference  28  could  be  consulted. 


The  experiments  and  tests  are,  with  exceptions,  not  performed  on  full-size  spacecraft  but  on  scale 
models.  There  are  two  types  of  objectives  for  such  programs:  1)  to  test  a  crucial  phase  in  the  mission  of 
the  actual  spacecraft  (Ref.  24,25),  or  2)  to  determine  experimental  values  for  parameters  that  figure  in 
lumped  parameter  models  of  spacecraft  behaviour  (Ref.  29-32).  The  modelling  laws  are  not  very  well  known 
and  so  the  scaled  model  experiments  are  not  truly  reliable.  Progress  in  this  area  is  most  wanted. 


BACKGROUND  OF  THE  INVESTIGATION 

At  NLR,  research  on  the  effects  of  liquid  on  spacecraft  motions  started  In  connection  with  the  IRAS 
satellite.  This  spacecraft  was  equipped  with  a  large  dewar  with  superfluid  helium  and  had  a  manoeuvering 
capability  in  order  to  train  a  telescope  at  a  desirable  location  on  the  celestial  sphere.  Over  the  years 
experiments  on  forced  liquid  behaviour  in  containers  with  simple  geometric  shapes  have  been  conducted 
(Ref.  33,34).  The  present  investigation  has  been  conducted  with  a  free-floating  tank  with  annular 
cylindrical  void.  The  article  is  denoted  by  Wet  Satellite  Model,  or  WSM.  A  sketch  of  its  cross-section  is 
given  in  figure  1. 

The  tank  possesses  inertial  axisymmetry;  Its  moment  of  inertia  about  the  axis  of  symmetry  is  I  ,  the 
(principal)  moment  normal  to  the  axis  is  I  .  The  liquid  inside  the  tank  cannot  move  swiftly  in  the  radial 
direction,  i.e.  normal  to  the  cylinder  surfaces.  This  feature  allows  to  model  the  liquid  behaviour  with 
only  two  velocity  components,  i.e.  neglect  the  radial  velocity.  A  further  important  simplification 
results  if  Che  liquid  is  assumed  to  be  inviscid.  In  that  case  the  liquid  cannot  exert  a  torque  about  the 
axis  of  symmetry  since  Che  forces  from  liquid  pressure  are  either  parallel  to  or  intersect  this  axis. 
During  a  transient  notion  the  forces  at  a  stuck  contact  line  could  possible  result  in  such  a  torque  but 
this  remains  to  be  investigated .  First  order  corrections  to  the  Inviscid  case  with  no  radial  flow  can  be 
obtained  from  solutions  of  Che  linear  perturbation  equations. 

Although  the  previous  discussion  has  considered  the  wall  pressures  as  the  coupling  between  the  liquid  and 
the  tank,  it  is  more  convenient  to  formulate  the  problem  as  if  the  liquid  were  solidified  and  correct  for 
liquid  motions  by  additional  forces  (Ref.  12,35,36). 

The  equations  for  the  dynamics  of  the  tank  and  the  liquid  arc: 

mR  +  £>  x  mr  *  -w  x  (w  x  mr)  -  j  PadV  -  2  f  pw  x  vdV  4*  K  (1) 

**°  liquid  liquid 

-  R  x  or  +  iw  *>  -w  xl.#-|  Pr  x  adV  -  2  |  Or  x  (u  x  v)dV  +  M  (2) 

**°  liquid  liquid 

V.y  -  0  (3) 

a  +  A  Vp  -  vAv  -  ‘!0‘2x(i2xl)“®x*-2JSxv  +  F  (4) 

where  a  superposed  dot  indicates  the  rate  of  change  in  an  inertial  coordinate  system.  The  body-fixed 
coordinate  system  Oxyz  is  at  position  R  in  this  inertial  system  and  lias  angular  velocity  w.  The  other 
variables  arc: 

b  *  total  mass  of  tank  with  liquid 

r  »  position  of  center  of  mass  in  Oxyz  \  in  general  time-dependent  for  a 

I  »  inertia  tensor  of  frozen  system  about  OJ  partially  filled  tank 

r  -  position  of  liquid  element  in  Oxyz 
v  "  liquid  velocity  with  respect  to  Oxyz 

a  -  liquid  acceleration  with  respect  to  Oxyz 
K  *  sum  of  all  forces  on  the  system 
M  »  sum  of  all  torques  on  the  system 
F  -  sum  of  body  force  accelerations  on  the  liquid 

p  -  liquid  pressure 

P  »  liquid  density 

v  *  kinematic  viscosity 

The  solution  of  equation  4  requires  boundary  conditions  (Ref.  15): 
at  the  liquid-solid  interface  v  -  0 

at  the  liquid-ullage  interface  +  (v.V)f  «  0 

0(7.2,)  -  p  -  Pullagc 

at  contact  line  .  n^^  "  cosO  (moving  contact  line) 

where  f  •*  const,  describes  the  free  surface  of  the  liquid 
Vf 

"  fWT  "  normai  Co  che  ^rcc  surface 

<J  *  surface  tension 
9  -  contact  angle 

Other  conditions  may  be  imposed  at  the  contact  line,  depending  on  the  physical  properties  of  the  material 
phases.  Initial  conditions  complete  the  requirements  for  a  solution  of  the  equations.  Equation  4 
identifies  at  least  three  timescales,  related  to  «  (spin),  &  (nutation)  and  R  (slosh).  For  spinning 
liquids,  additional  time  scales  result  from  inertial  or  Rossby  waves  (Ref.  37).  Parametric  resonances 
could  occur  when  the  timescales  of  different  phenomena  get  in  tunc.  The  various  frequencies  arc  present 
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in  the  pressure  field  and  thus  also  in  the  liquid  force  that  acts  on  the  tank.  Identification  oi  these 
frequencies  is  an  important  means  of  diagnosis  of  liquid  behaviour.  High  frequency  components  are 
generally  damped  quickly  in  small  geometries  (by  viscous  friction)  and  so  one  may  expect  scale  models  for 
large  spacecraft  to  represent  fundamental  modes  behaviour  only. 


PARABOLIC  FLIGHT  EXPERIMENT 

The  experimental  data  have  been  collected  during  free-fall  generated  in  an  aircraft  in  parabolic 
flight  (Ref.  38).  The  flight  opportunity  was  provided  by  ESA  during  a  campaign  in  August  1988  with  NASA's 
KC-135  eircraft  (Ref.  39). 

Hardware 

A  sketch  of  the  WSM  is  given  in  figure  l.  The  tank  void  has  a  height  of  250  ma,  between  two 
cylindrical  surfaces  of  radii  r.  -  128  mm  and  "  144  mm.  The  weight  of  the  empty  WSM  is  4510  gr,  its 
principal  moments  of  inertia  are  I  *  0.0686  kga2  about  the  axis  of  symmetry  and  I.  ■  0.0631  kgm2  normal 
to  that  axis.  The  moments  have  bee8  determined  by  calculation  and  from  experiment  f torsional  pendulum 
method) . 

Some  stickers  with  characteristic  shapes  were  glued  to  the  WSM  in  order  to  establish  its  attitude  on 
pictures.  The  contained  liquid,  water,  was  coloured  with  food  colouring  for  better  Identification.  A 
picture  of  the  WSM  in  weightlessness  is  given  in  figure  2.  The  colouring  did  not  affect  the  surface 
tension*  as  evidenced  by  measurement. 

The  momentum  device  and  brake  assembly  (Fig.  1)  consists  of  a  gyroscope  with  0.12  kgm2s  *  of  stored 
angular  momentum  and  a  mechanical  brake.  Upon  release  of  the  WSM,  this  brake  is  automatically  applied 
and,  within  approx.  1  second,  brings  the  rotor  to  a  complete  stop  and  so  accomplishes  the  transfer  of  the 
angular  momentum  to  the  whole  WSM.  The  performance  of  the  brake  has  been  measured.  The  results  show  that 
the  transfer  of  momentum  is  reasonal  .y  constant,  after  a  fast  rise  and  before  a  steep  decrease  at  the  end 
of  the  braking  period. 

The  momentum  device  can  be  affixed  in  two  positions.  The  first  option  has  the  rotor  axis  aligned 

with  the  axis  of  symmetry  of  the  WSM,  the  second  has  the  rotor  with  an  angle  of  n/4  with  this  axis  at  the 

center  of  the  WSM. 

Scenario 

For  the  execution  of  an  experiment,  the  operator  holds  the  WSM  steady  at  a  central  location  in  the 
aircraft.  When  the  parabola  is  well- initiated,  he  releases  the  WSM.  This  action  removes  a  power  plug  that 
provides  the  board  electricity  to  the  running  gyro,  and  thereby  also  releases  a  spring  that  activates  the 
mechanical  brake  on  the  gyro-rotor.  The  operator  observes  the  WSM  and  recaptures  it  before  it  hits  the 
wall  or  bottom  of  the  cabin. 

The  behaviour  of  the  WSM  is  recorded  on  16  mm  film,  at  24  fps,  by  a  cameraman  who  remains  steady  in 

the  aircraft.  From  this  filmed  record  the  kinematics  of  the  motion  arc  to  be  reconstituted. 

The  dimensions  of  the  WSM,  for  a  given  gyroscope,  arc  selected  such  that  surface  tension  effects  can 
be  expected  to  be  important.  In  addition,  the  nutation  frequency  and  Che  fundamental  slosh  frequency 
should  be  of  comparable  magnitude.  This  last  requirement  may  be  expected  to  produce  a  clearly  different 
behaviour  of  the  WSM  as  compared  to  a  completely  solid  spacecraft. 


£  1 

The  nutation  frequency  0  ■  — —  w  where  «  is  the  rate  of  spin,  c  ■ 

'  cosa  s  s  r  I. 

and  a  -  nutation  angle.  The  value  for  c  os  listed  is  for  an  empty,  solid  WSM.  However  c  is  not  expected 
to  change  much  from  liquid  loading  and  will  be  about  1.1-1. 2.  Thus,  for  small  nutation  angles,  0  ^ 


The  fundamental  slosh  frequency  in  the  annulus  can  be  related  to  the  frequency  in  a  cylinder  as  a 
function  of  Bond  number  (acceleration)  (Ref.  40).  If  one  assumes  that  a  comparable  relation  holds  for 
centrifugal  fields,  i.e.  with  a  Weber  number  rather  than  a  Bond  number,  the  slosh  frequency  in  the 
annulus  can  be  related  to  the  results  for  a  rotating  cylinder.  Such  data  have  been  obtained  during  a  D-l 
experiment  (Ref.  34).  Substitution  of  the  pertinent  parameters  produces  a  formula 


25  & + 10  < 


where  is  the  fundamental  slosh  frequency  in  a  spinning  annulus,  6  •  kinematic  surface  tension  and 
R  •  outer  radius  of  the  annular  void.  The  formula  is  expected  to  hold  good  only  for  high  annulus  ratios, 
i.e.  r j/r„  >  0.6.  Evidently  and  no  interference  between  slosh  and  nutation  frequencies  may  be 

expected  for  small  nutation  angles;  Increase  of  c  could  bring  about  such  occurrence  but  thi^  is 
undesirable  since  the  consequent  WSM  motion  would  be  very  stable.  If  u  -  0,  w.  •  0.72  s"  ,  possibly  of 
importance  during  spin-up.  8 

The  initial  spin-rate  of  the  WSM  may  be  estimated  from  the  transfer  of  angular  momentum  from  the 
gyro-rotor  to  the  empty  WSM.  Then 

H  ■0.12  kgo28  *  *»  lw  "  0.0686  w 
o  o 

or  t)  ^  1.75  s  *  ^  16  rpn 
o 

This  value  will  decrease  corresponding  to  a  transfer  of  angular  momentum  to  the  carried  liquid.  A 
reasonable  order-of-magnitude  value  for  w  *  1  s  .  Then  the  motion  is  characterized  by  a  rotational  Weber 
number  We: 


30-4 


We  «  centrifugal  pressure  m  fc^r^t  m  ^  q 
c  surface  tension  IT" 

where  t  is  the  width  of  the  annulus  and  r  the  average  radius.  As  a  consequence  one  may  conclude  that 
capillary  effects  will  have  a  strong  influence  on  the  motion.  If  a  frcc-float  time  of  6  seconds  is 
assumed  (Ref.  24),  only  1-2  full  revolutions  of  the  WSM  will  be  accomplished,  much  coo  short  for 
development  of  rotational  flow. 

Results 

Although  many  test  runs  with  the  WSM  were  performed,  only  nine  have  been  recorded  for  evaluation.  Of 
these,  two  had  the  momentum  device  angled  at  the  axis  of  symmetry  and  images  of  these  runs  have  been 
analyzed. 

It  soon  turned  out  that  the  manual  release  of  a  WSM  of  this  size  did  not  sufficiently  guard  against 
g-jitter  disturbances  on  the  contained  liquid.  As  a  consequence,  the  liquid  was  moving  already  prior  to 
release  and,  moreover,  was  sometimes  fairly  arbitrary  distributed  over  the  tank.  Therefore  the  comparison 
with  the  numerical  simulation  results,  that  start  from  well-defined  initial  conditions,  can  only  be 
qualitative. 

Image  Processing 

The  flight  film  has  been  transcripted  to  24  mm  format  in  order  to  fit  available  image  processing 
hardware.  After  some  trials,  a  semi-automatic  procedure  was  established  for  the  extraction  of  WSM 
attitude  data.  Each  film  frame  in  sequence  is  digitized  via  a  CCD  camera  and  the  image  presented  to  the 
operator  at  an  IRIS  workstation.  The  operator  controls  a  wire  figure  with  the  same  outline  as  the  WSM. 

Via  a  mouse  the  best  coincidence  of  the  wire  frame  with  the  WSM  is  generated.  The  attitude  angles  of  the 
wire  frame  are  taken  as  the  WSM  data. 

Quantitative  Data 

Although  the  image  translates  with  respect  to  the  camera,  the  effect  on  the  reconstitution  of  the 
attitude  motion  is  slight,  as  confirmed  by  some  tests.  Rotational  errors  are  much  more  influential;  if 
the  aircraft  goes  over  the  top  of  the  parabola  during  the  recording,  a  rotation  of  up  to  90°  in  pitch 
could  be  superposed  on  the  WSM.  No  corrections  for  this  effect  have  been  made  and  the  camera  is  taken  to 
fix  an  inertial  coordinate  frame. 

The  body-fixed  coordinate  system  of  the  WSM  is  related  to  the  inertial  frame  of  the  camera  by  three 
consecutive  rotations.  The  relation  between  the  two  coordinate  systems  is  given  in  figure  3.  The  unit 
vectors  of  the  camera  system  have  subscript  o,  those  of  the  WSM  system  3.  Then 
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where  ^  and  ^3  are  the  magnitudes  of  the  successive  rotations  in  figure  3.  These  quantities  are 
sometimes  referred-^©  as  Tait-Bryan  angles. 

The  WSM  axis  of  symmetry  is  along  k~.  The  plane  wherein  the  canted  gyroscope  axis  is  contained  has  to  be 
determined  a  posteriori  since  no  record  was  kept  of  the  initial  alignment  of  the  WSM  with  the  camera.  The 
camera  view  direction  is  along-k^. 

The  recovered  attitudes  from  76  consecutive  frames  of  film  are  plotted  in  figure  4.  The  ordinate 
(Row  index)  represents  time  steps  of  1/24  seconds.  The  data  could  be  smoothed  in  order  to  obtain  angular 
rates  in  other  coordinate  systems,  c.g. 

Rj  -  ^  +  $3  si«>2 

^  cos^j  -  $2  3ivi  cos'^ 

^3  "  ^2  8^i  +  ^3  cos^j  cos^ 

represents  the  rates  in  the  inertial  system  as  a  function  of  the  Tait-Bryan  angle  rates. 


NUMERICAL  SIMULATION 

Concept  of  the  Mathematical  Model 

The  theoretical  investigation  that  complements  the  experiments  is  focused  on  the  numerical 
simulation  of  the  motion  of  the  WSM.  At  NLR,  a  (Fortran-77)  simulation  environment  has  been  developed 
that  can  efficiently  be  used  to  investigate  numerous  aspects  of  spacecraft  uiotions.  This  simulation 
environment  includes  models  for  the  liquid/solid-body  dynamics,  sensors,  actuators,  external 
disturbances,  satellite  trajectory  generation  and  satellite  control  (see  Fig.  5).  Each  model  can  be 
replaced  by  a  substitute  one  that  performs  the  same  function.  Thence,  a  simulation  environment  can  be 
refined  or  coarsened  where  appropriate. 

In  this  particular  case  study,  only  the  models  for  the  liquid/solid-body  dynamics  and  the  actuator 
are  relevant.  The  gyro-and-brake  assembly  in  the  WSM  has  been  modelled  such  that  the  total  momentum  of 
momentum  is  transferred,  once  the  brake  is  applied,  to  the  whole  WSM  within  one  second.  In  the  simulation 
the  gyro-axis  and  the  tank-axis  meet  at  an  angle  of  45°. 

The  model  for  the  liquid/solid-body  motion  is  based  on  the  computer  program  ANVOF  that  has  been 
developed  at  NLR  to  simulate  narrow  annular  cylindrical  tanks  partially  filled  with  liquid.  In  this 
model,  two  sets  of  equations  may  be  distinguished:  tank  equations  and  liquid  equations.  In  the  tank 
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equations  (1)  and  (2) »  the  velocities  R  ,  u  and  the  accelerations  K  ,  w  are  the  unknown  variables.  In  the 
liquid  equations  (3)  and  (A),  however,  £hc*~velocities  and  accelerations  in  the  liquid  are  the  unknown 
variables.  The  two  sets  of  equations  and  their  coupling  is  depicted  In  figure  6.  The  coupled  equations 

are  Integrated  explicitly.  This  means  that,  when  a  time  step  from  tine  t  to  tine  t+At  is  simulated,  the 

two  sets  of  equations  are  integrated  In  parallel  (see  figure  7).  The  tank  model  controls  the  time 
integration.  At  the  new  tine  level  t+At,  the  two  models  exchange  information  which  will  be  used  In  the 
integration  of  the  next  tine  step.  The  information  transfer  of  the  tank  model  to  the  liquid  model 
consists  of  the  parameters  R  ,  R  ,  «  and  w,  whereas  the  reverse  information  transfer  consists  of  the 
contribution  of  the  liquid  to  the  position  vector  of  the  system  center  of  mass,  to  the  moment  of  inertia 
tensor  and  the  integrals  in  the  righthandside  of  (I)  and  (2). 

Since  the  tank  model  needs  information  from  the  liquid  model  at  time  intervals  At,  the  integration 

of  the  equations  of  notion  of  the  liquid  w.r.t.  the  tank  may  take  several  internal  (smaller)  time  steps. 
This  is  the  major  advantage  of  the  partitioning:  time  step  restrictions  in  the  liquid  model  have  no 
effect  on  the  time  steps  in  the  tank  model.  The  numerical  stability  aspect  of  the  method  of  partitioning 
is  described  in  reference  12. 

Numerical  Results 

In  order  to  illustrate  the  influence  of  the  liquid  motion  on  the  notion  of  the  tank,  first  the  tank 
without  liquid  is  considered.  The  characteristic  quantities  of  the  tank  are  given  In  table  1.  A  torque  M 
about  the  center  of  mass  and  at  an  angle  of  45°  with  the  tank  axis  of  symmetry  is  applied  during  one 
second.  After  the  one  second  period,  the  simulation  is  concerned  with  a  torque-free  attitude  motion  only. 

The  results  from  the  simulation  program  are  shown  in  figure  8.  As  can  be  seen,  the  tank  is  given, 
almost  instantaneously,  a  rotation  along  an  axis  in  the  x-z  plane,  with  components  of  approximately 
.72  rad/scc  and  .84  rad/sec  along  the  axis  of  symmetry  and  the  x-axis,  respectively.  In  the  torque-free 
motion,  the  tank  keeps  its  angular  velocity  of  about  .72  rad/sec  around  Its  axis  of  symmetry  for  the 
remaining  part  of  the  simulation. 

The  values  of  the  angular  velocity  components  along  the  body-fixed  x-axis  and  y-axis,  however,  are 
changing  as  the  simulation  goes  on.  In  fact,  the  value  of  varies  harmonically  between  (-.84  rad/sec, 
+.84  rad/sec),  while  the  value  of  o>  simultaneously  changes  such  that  w2  +  a2  ■  (.84)2.  Thus,  the  angular 
velocity  vector  m  keeps  its  constant  value  during  the  whole  simulation:Xonly^the  direction  of  its 
projection  onto  the  x-y  plane  varies  continuously  as  time  progresses.  The  periodicity  of  this  motion  is 
approximately  47  seconds.  Two  cones  can  be  used  to  describe  the  motion:  a  space  cone  that  is  attached  to 
the  angular  momentum  vector  fixed  in  inertial  space,  and  a  body  cone  that  is  attached  to  the  body-fixed 
coordinate  system  and  aligned  with  the  tank  axis  of  symmetry.  The  notion  can  be  visualized  by  the  rolling 
of  the  body  cone  on  the  space  cone,  with  «  corresponding  to  the  line  of  tangency  (Fig.  9). 

The  second  simulation  has  the  tank  partially  filled  with  an  lnviscid  liquid.  The  characteristic 
quantities  of  the  system  arc  given  in  table  2.  Again  a  torque  M  at  an  angle  of  45®  with  the  axis  of 
symmetry  is  applied  during  one  second.  After  the  one  second  period,  the  system  is  allowed  to  move  freely. 

The  time  step  in  the  liquid  model  is  chosen  to  be  .01  second.  The  time  step  in  the  tank  model  equals 
the  time  interval  between  consecutive  information  exchanges  of  the  tank  model  and  the  liquid  model: 

At  *  .1  second.  In  the  initial  configuration  the  liquid  height  is  constant.  The  liquid  mass  is 
approximately  36%  of  the  total  mass.  The  calculations  are  performed  for  a  surface  tension  of  70  mN/m  and 
a  contact  angle  of  70® . 

In  figure  10,  the  angular  velocities  around  the  body-fixed  coordinate  axes  arc  shown.  As  in  the 
first  simulation,  the  tank  is  given,  almost  instantaneously,  a  rotation  along  an  axis  with  components 
along  the  axis  of  symmetry  and  the  x-axis.  Again,  the  angular  velocity  around  the  first  axis  is 
practically  constant  during  the  whole  simulation,  only  a  moderate  change  of  Its  value  can  be  observed  as 
time  progresses.  This  could  be  due  to  the  action  of  surface  tension  at  the  contact  line. 

The  near  equality  of  the  principal  moments  of  inertia  of  the  tank  makes  the  growth  of  the  w 
component  very  slow.  It  is  apparent  that  the  (lnviscid)  liquid  is  not  very  effective  in  coupling^the 
rotation  rate  components.  However,  it  is  interesting  to  note  that  the  values  of  w  and  «  start  with 
opposite  sign,  in  distinction  to  the  behaviour  in  figure  8.  *  y 

In  the  figures  11  and  12,  the  tank  has  been  cut  lengthwise  and  subsequently  unfolded.  On  the 
horizontal  axis,  the  location  at  the  tank  periphery  can  be  read.  The  liquid  height  is  displayed 
vertically.  In  figure  11,  it  can  be  seen  that,  already  in  an  early  phase  of  the  simulation  (i.e.  after 
2.6  seconds),  a  particular  column  of  liquid  reaches  the  top  of  the  tank.  When  the  contact  area  of  the 
liquid  with  the  top  of  the  tank,  has  increased  to  a  certain  extent,  the  liquid  height  at  the  "right"  side 
of  the  contact  area  starts  to  decrease,  while  the  contact  area  Is  expanding  to  the  "left".  The  location 
of  the  contact  area  at  different  points  of  time  is  clearly  displayed  in  figure  12. 

The  variation  of  the  liquid  height  as  function  of  the  time  is  displayed  in  figure  13  for  4  different 
positions  at  the  tank  periphery.  The  positions  are  chosen  such  that  they  divide  the  tank  cross-section  in 
four  equal  parts.  It  may  be  noted  that  a  more  smoothly  varying  function  will  be  obtained  by  using  a  finer 
spatial  grid  for  solving  the  Navicr-Stokcs  equations. 


CONCLUSIONS 

The  presented  results  arc  preliminary.  They  constitute  a  first  test  of  an  experimental  system  and 
its  numerical  simulation.  Various  improvements  and  extensions  of  methods  can  be  identified  for  additional  \ 

work.  ^ 

The  experiments  showed  that  microgce  times  of  about  6  seconds  arc  feasible  for  free-floating  > 

articles  on  an  aircraft  like  the  KC-135.  Filmed  records  of  30-cm  objects  arc  sufficiently  clear  that  they  £ 
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can  be  reduced  to  numerical  sequences  of  attitude  angles  via  a  non-dedicated  image  processing  system. 

The  aircraft  environment  does  not  allow  to  start  with  well-defined  initial  conditions  in  the  tank  unless 
special  measures  are  introduced. 

The  numerical  simulation  of  the  combined  liquid-tank  motions  has  been  accomplished  for  large, 
unconstrained  amplitudes  of  these  motions.  Several  difficulties  have  been  surmounted,  notably  the 
modelling  of  the  liquid  behaviour  upon  contact  of  a  confining  wall. 

After  a  closer  comparison  of  experimental  and  numerical  results,  extension  of  the  investigation  is 
considered  in  the  following  areas: 

-  modify  the  WSM  in  order  to  start  with  known  initial  conditions  of  the  liquid 

-  incorporate  accelerometers  on  the  WSM  for  direct  recording  of  the  motions  ("ballistometry") 

-  introduce  viscosity  in  the  liquid  model 

-  improve  modelling  of  liquid  behaviour,  guided  by  the  experimental  data 

-  prepare  for  longer  duration  experiments. 
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tABLE  1 _ _ TABLE  2 


TANK 

TANK 

inner  radius  (cm) 

12.8 

inner  radius  (cm) 

12.8 

outer  radius  (cm) 

14.4 

outer  radius  (cm) 

14.4 

height  (cm) 

28 

height  (cm) 

28 

mass  (gr) 

7247 

mass  (gr) 

4507 

renter  of  mass  (cm) 

0 

0 

0 

center  of  mass  (cm) 

0 

0 

0 

inertia  ter.sor 

996000 

0 

0 

inertia  tensor 

637000 

0 

0 

(grem2) 

0  996000 

0 

(grem2) 

0  637000 

0 

0 

0 

11SI000 

LIQUID 

0 

0 

675000 

height  (cm) 

20 

mass  (gr) 
density  (gr/cra3) 

2740 

1 

inertia  tensor  in 

359000 

0 

0 

equilibrium  position 

0  359000 

0 

(grem2) 

0 

0 

506000 

NUMF'  AL  DATA 

number  of  points  in  liquid  model  132 

time  stet>  in  liquid  mndei  (s-c'v  .Cl 

Lime  step  in  tank  model  (see)  .1 

time  between  information  exchanges(scc)  .1 


Figure  i  Cross-section  of  the  WSM 


Figure  2  WSM  during  weightlessness  in  the  KC-135  aircraft 


Figure  3  Relation  between  WSM  and  caacra  coordinate  systems 


Figure  6  Technical  concept  of  partitioning  of  the  coupled  liquid  solid 
body  system 


Figure  7  Numerical  integration  of  the  coupled  equations  of  motions  of  the  liquid-solid 
body  system 


(LOCAL)  ANG  VELOC  VtCTOH 


Figure  8  Angular  velocities  of  the  tank  {without  liquid)  w.r.t.  the  body-fixed 
coordinate  system 
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•  (LOCAL)  ANG  VELOC  VECTOR 


15  - 

s 

"O 

MM 

m 

- ~ 

_ 

> 

O 

o 

-J 

UJ 

> 

M 

°> l 

< 

•  -i 

D 

o 

z 

< 

m 

Wy 

/ 

__________ 

-05- 

0  2  4  6  8  10 

TIME  (SEC) 


Figure  10  Angular  velocity  of  the  tank  (with  liquid)  w.r.t.  the  body-fixed 
coordinate  system 
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SUMMARY 

The  Hermes  manipulation  system  (HERA)  is  a  sophisticated  space 
manipulator  system,  which  has  to  perform  tasks  ranging  from 
berthing  to  tool  operation  in  various  operational  modes  from 
fully  automatic  tc  purely  manual. 

Development  and  qualification  of  such  a  space-based  manipulator 
must  be  supported  by  computer  simulation  facilities. 

The  HERA  system  main  contractor  is  Fokker  Space  &  Systems  B.V. 
(FSS) .  The  National  Aerospace  Laboratory  (NLR)  in  the  Netherlands 
is  responsible  for  the  development  of  the  so-called  HERA  Simula¬ 
tion  Facilities  (HSF) .  t 

The  paper  will  focus  on  the  HSF-P  :  a  first  'pilot'  real-time 
simulation  facility.  Design  concept,  simulation  models  and 
r-upport  tools  are  discussed  in  some  detail. 


1.  INTRODUCTION 

When  the  Hermes  space  plane  has  to  perform  external  servicing  of  the  Columbus  Free  Flying 
Laboratory,  Europe's  autonomous  space  station,  a  manipulator  arm  will  be  required.  The 
Hermes  manipulation  system  (HERA)  is  a  sophisticated  space  manipulator  system,  which  has 
to  perform  tasks  ranging  from  berthing  to  tool  operation  in  various  operational  modes 
from  fully  automatic  to  purely  manual. 

Development  and  qualification  of  such  a  space-based  manipulator  must  be  supported  exten¬ 
sively  by  computer  simulation  facilities  (Ref.  1).  The  HERA  Simulation  Facility  Pilot 
(HSF-P)  is  the  first  ('pilot')  facility  in  a  series  of  simulators,  both  real-time  and 
non-real-time,  that  is  developed  to  support  this  in-orbit  operations  technology. 

The  simulation  capability  of  the  HSF-P  offers: 

-  the  basic  operational  environment  required  for  research  and  development  of  the  HERA 
manipulator  system,  allowing: 

-  evaluation  of  opera tor-in-the-loop  support  software; 

-  visualisation  of  manipulator  operations; 

-  analysis  of  operational  aspects  (e.g.  time-lining); 

-  feasibility  experiments  on  manipulator  operations; 

-  development  of  hands-on  experience  with  HERA-operations  by  HERA  design  engineers. 

-  a  simulated  environment  with  sufficient  fidelity  to  allow  experimental  evaluation  of 
real-world  (shirt-sleeve)  teleoperator  station  requirements. 

This  paper  gives  a  concise  description  of  the  Hermes  manipulation  system  to  be  simulated, 
the  HERA  simulation  facilities  involved  and  focuses  on  the  pilot  simulation  facility 
HSF-P. 


2.  HERMES  MANIPULATION  SYSTEM 

According  to  the  present  concept  (Ref.  2)  HERA  is  a  manipulator  with  6  degrees  of  free¬ 
dom,  i.e.  during  operational  use  the  arm  has  six  controllable  joints.  An  additional 
degree  of  freedom  is  contained  in  the  deployment  mechanism  which  is  fixed  during  normal 
operation  and  is  used  to  move  the  arm  to  its  initial  operational  position.  Another 
additional  degree  of  freedom  is  used  to  allow  for  relocation  of  the  arm,  e.g.  move  the 
arm  from  the  Hermes  space  plane  to  the  Columbus  Free  Flying  laboratory. 

Operational  functions  to  be  carried  out  by  HERA  are  at  least: 

-  inspection; 

-  replacement  and  exchange  of  Orbit  Replaceable  Units; 

-  transfer  of  objects  (spacecraft  or  tool); 

-  support  of  Extra  Vehicular  Activities  (EVA) ; 

-  relocation  of  itself. 

Tasks  may  also  include  (re-)berthing  and  capture  of  free  flyers. 
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The  manipulator,  with  a  total  length  of  approximately  10  m  and  a  total  weight  of  approxi¬ 
mately  200  kg,  will  be  capable  of  handling  payloads  of  more  than  20.000  kg.  Appropriate 
control  of  the  movements  of  the  manipulator  requires  special  attention  for  the  following 
aspects  related  with  system  dynamics: 

-  effects  due  to  flexibility  of  the  long  and  slender  beams; 

-  effects  caused  by  elasticity  of  the  gears  used  in  the  joints; 

-  effect  due  to  the  location  of  the  manipulator  at  a  moving  base  (e.g.  Hermes)  and 
effects  caused  by  control  interaction. 

The  arm  will  be  provided  with  exterioceptive  sensors  to  enable  both  man-in-the-loop  and 
automatic  control  of  the  manipulations.  These  sensors  are: 

-  camera's  located  on  the  elbow  and  on  the  end-effector,  Hermes  and  the  Free  Flyer; 

-  torque/force  sensor  located  in  the  end-effector  to  control  operations  in  which  inter¬ 
action  with  the  environment  is  involved  (e.g.  insertion  and  extraction  operations). 

The  arm  will  be  controlled  from  the  Hermes  co-pilot  station  by  means  of  two 
handcontrollers,  having  three  degrees  of  freedom  each,  a  keyboard,  a  cursor  positioning 
device,  four  video  displays  and  an  emergency  switch  board. 


3.  HERA  SIMULATION  FACILITIES 

The  HERA  Simulation  Facility  (HSF)  consists  of  three  distinct  facilities  (Ref.  3): 

-  the  HSF  Pilot  (HSF-P) ,  a  first  'pilot'  real-time  simulation  facility; 

-  the  Non-Real-Time  HSF  (HSF-NRT) ,  the  main  HERA  simulation  tool  for  detailed  design, 
analysis  and  verification.  It  will  feature  the  highest  model  fidelity  of  all  three 
facilities; 

-  the  Real-Time  HSF  (HSF-RT) ,  an  extensive  real-time  facility  to  provide  high  fidelity 
real-time  "hardware-in-the-loopM  and  "man-in-the-loop"  simulation  capabilities. 

HSF-P  was  identified  to  be  the  first  facility  needed  by  the  HERA  system  developer  FSS. 

This  facility  has  been  developed  and  built  by  NLR  and  BSO  during  the  last  two  years  and 

passed  its  acceptance  test  in  September  1989. 


4.  HSF-P  DESIGN  CONCEPT 

HSF-P  design  has  led  to  an  architecture  that  contains  as  mam  components: 

-  the  Flight  Teleoperation  Facility  test  bed,  which  is  basically  a  mock-up  of  the  Hermes 
cockpit  (See  figures  1  and  2)  and  comprises  all  hardware  elements  that  form  the 
astronauts  direct  environment  and  allow  the  monitoring  and  control  of  the  manipulator; 

-  Test  Engineer  Stations  for  preparation  and  evaluation  of  simulation  runs; 

-  an  Instructor  Station  for  supervisory  control  and  monitoring  of  a  simulation  run; 

-  the  On-Board  Software,  being  a  (simulated)  subset  of  the  software  used  to  control  the 
manipulator,  including  the  software  used  for  interaction  with  the  astronaut; 

-  the  Dynamics  Model  Software  for  simulating  the  kinematic  and  dynamic  behaviour  of  the 
electro-mechanical  system,  i.e.  Hermes,  HERA,  payloads,  tools,  cameras,  Free  Flyer  and 
the  environment; 

-  the  Image  Generation  Software,  containing  geometry  models  of  Hermes,  HERA,  payloads, 
tools,  Free  Flyer  and  a  star  background,  and  software  to  generate  two  simultaneous 
simulated  camera  images; 

-  the  Real-Time  Simulation  Tool  Software  which  provides  all  supporting  tools  prior  to, 
during  and  after  a  simulation  run  to  allow  for  an  appropriate  and  efficient  use  of  the 
facility  and  building  of  new  simulators. 

Based  on  above  architecture,  the  distribution  of  components  has  led  to  the  following  set 
of  main  HSF-P  hardware  elements  (see  figure  3) : 

-  a  (host)  simulation  computer  for  test  control  and  real-time  simulation  of  dynamics, 
kinematics  and  execution  of  on-board  software  (G0ULD/SEL  32/6742  D,  dual  processor 
system) ; 

-  a  graphics  workstation  for  visualisation  of  the  camera  images  in  real-time  (Silicon 
Graphics  IRIS  4D/50GT) ; 

-  a  Flight  Teleoperation  Facility  test  bed  including  two  three  degree  of  freedom 
handcontrollers,  a  keyboard,  a  tracker  ball  and  a  man-machine  interface  computer  (SUN 
3/50) ; 

-  an  instructor  station  for  simulator  control,  and 

-  two  test-engineer  stations  for  test  preparation  and  processing  of  results. 

The  software  as  developed  for  HSF-P  is  split  into  model  software  and  tool  software.  The 
HSF-P  models  are  organised  along  a  model  tree.  The  HSF-P  main-model  consists  of  a  number 
of  sub-models  (dynamics,  on-board  software),  each  built  up  of  further  sub-models.  Each 
model  can  have  several  representations,  having  a  different  level  of  detail  or  a  different 
method  of  implementation. 

Model  software  includes: 

-  reai-time  dynamics  models; 

-  On-board  Software  model  in  four  levels; 

-  visualisation  models. 

Tool  software  allows  the  following  functions: 

-  composition  of  models  into  simulators  (model  composition) ; 

-  preparation  of  simulations  (pre-processing) ; 

-  execution  of  simulation  runs  (real-time  executive,  test  control,  image  generation); 

-  preparation  for  result  interpretation  (post-processing,  visualisation  replay,  video 
recording  and  collision  detection) . 


31-3 


The  software  has  been  fully  documented  according  to  the  European  Space  Agency's  (ESA) 
Software  Engineering  Standards  (Ref.  4). 


5.  HSF-P  MODELS 

HSF-P  model  software  includes  real-time  kinematics  and  dynamics  models  of  the  relevant 
flight  elements,  a  model  of  the  simulated  on-board  software  and  geometry  models  needed 
for  visualisation  and  collision  detection.  Each  of  these  will  be  elaborated  in  the 
subsections  below. 


5.1  Dynamics  Models 

The  HSF-P  dynamics  simulation  models  include  models  of: 

-  the  Hermes  space  plane; 

-  the  Columbus  Free  Flying  Laboratory,  either  free-flying  or  docked  with  Hermes; 

-  the  HERA  manipulator,  located  at  Hermes; 

-  Payloads  and  tools  ,  which  may  be  attached  to: 

-  Hermes, 

-  the  Free-Flyer,  or 

-  the  HERA  End-Effector; 

-  camera  pan  and  tilt  kinematics. 

A  side  view  of  the  Hermes-HERA  configuration  as  used  for  HSF-P  is  shown  in  figure  4. 

Note:  this  is  not  the  current  configuration. 

The  Hermes  space  plane  is  modelled  dynamically  as  a  6  degrees  of  freedom  rigid  body  and 
is  equipped  with  an  Attitude  Control  System. 

The  Columbus  Free  Flying  Laboratory  is  modelled  kinematically  according  to  a  prescribed 
trajectory.  This  mode  is  used  to  simulate  capture  operations.  When  docked  the  Free  Flyer 
dynamics  characteristics  are  combined  with  those  of  Hermes  resulting  in  a  3ingle  S 
degrees  of  freedom  rigid  body.  When  captured  the  Free  Flyer  dynamics  characteristics  are 
combined  with  those  of  the  End-Effector. 

The  HERA  manipulator  is  modelled  as  a  dynamic  multi-body  system  which  consists  of; 

-  6  joints,  3  of  which  include  gearbox  flexibility. 

-  6  links,  including  the  End-Effector  attached  to  tho  last  link.  The  two  long  limbs  are 
modelled  as  flexible  containing  two  orthogonal  bending  modes  and  one  (not  yet  imple¬ 
mented)  torsion  mode  each. 

joint  model 

Each  joint  contains  a  motor  model,  gear  flexibility,  non-linear  friction  models 
(stiction.  Coulomb  friction  and  viscous  friction,  both  on  motor  axis  and  joint  output 
axis)  ,  a  brake  model  and  position  encoder  and  tachometer  models. 

The  joint  model  is  illustrated  in  figure  5.  Input  is  the  commanded  actuator  motor  current 
given  by  the  joint  control  software;  outputs  are  the  actual  motor  axis  and  joint  output 
axis  angular  position,  angular  velocity  and  torque. 

During  a  simulation,  one  or  more  joints  may  temporarily  be  locked  due  to  joint  output 
axis  stiction.  When  this  occurs  the  system  dynamics  equations  are  reconfigured  according¬ 
ly- 

Link  model  ..... 

Limb  flexibility  is  modelled  through  the  introduction  of  fictitious  joints,  one  for  each 
of  the  clamped-free  mode  shapes  of  each  of  the  flexible  limbs.  The  elastic  restoring 
torque  and  structural  damping  torque  are  represented  by  a  fictitious  linear  spring  and 
damper  in  that  joint.  A  key  advantage  of  this  well-known  modelling  technique  is  that  it 
allows  re-use  of  existing  rigid-manipulator  software  for  the  simulation  of  the  dynamics 
of  a  flexible  manipulator. 

Although  the  fictitious  joint  technique  allows  qualitative  representation  of  flexibility 
effects,  its  use  introduces  quantitative  errors.  These  errors  can  in  principle  be  sup¬ 
pressed  through  the  introduction  of  additional  fictitious  torques  and  forces  on  the  limb, 
according  to  a  limb-based  linear  feedback  law  derived  from  the  theory  of  Equivalent 
Flexibility  Modelling  (Ref.  5) .  This  requires  further  modification  of  the  rigid-manipula¬ 
tor  simulation  software.  Work  to  validate  the  concept  of  Equivalent  Flexibility  Modelling 
(EFM)  is  currently  under  way. 

The  basic  rigid-manipulator  simulation  software,  then,  uses  an  algorithm  of  the  recursive 
type.  It  exploits  the  chain  topology  of  the  spacecraft-manipulator  system.  It  constitutes 
a  further  development  (Ref.  6)  of  the  recursive  algorithm  proposed  in  Ref.  7  (method  3). 
Due  to  its  recursive  nature,  the  algorithm  can  be  programmed  easily,  and  execution  times 
are  comparatively  short. 

For  HSF-P  execution  time  is  shortened  further  through  the  introduction  of  a  multi-rate 
simulation  scheme,  in  which  the  system  inertia  matrix  and  the  Coriolis/centrifugal  vector 
are  evaluated  at  a  low  rate  compared  to  the  evaluation  rate  for  the  acceleration  vector. 

Tools  and  payloads  of  several  types  can  be  used,  standard  available  payloads,  auueiieu  as 
rigid  bodies,  are: 

-  inspection  tool; 

-  capture  tool; 

-  Orbit  Replaceable  Units. 

Once  a  payload  is  attached  to  the  manipulator's  End-Effector  its  dynamics  characteristics 
are  combined  with  those  of  the  last  link  of  the  arm  forming  a  new  last  link  with  the 
corresponding  dynamic  behaviour. 
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The  resulting  dynamics  model  of  the  Hermes-HERA  system  as  currently  modelled  in  HSF-P  has 
a  state  vector  of  dimension  38.  The  model  consists  of  a  set  of  non-linear  state-dependent 
differential  equations  (Ref.  6  and  8).  The  state-dependent  coefficients  of  the  equations 
are  computed  recursively,  while  the  behaviour  in  time  is  computed  by  means  of  numerical 
integration.  During  the  development  of  the  dynamics  models  special  attention  was  paid  to 
numerical  stability  of  the  simulated  model  under  the  restrictions  caused  by  the  real-time 
demand  for  the  given  computer  hardware.  Stability  is  affected  by  the  frequencies  present 
in  the  system  due  to  structural  flexibility  as  well  as  by  non-linearities  in  the  manipu¬ 
lator  and  joint  models.  The  model  was  implemented  on  a  single  processor  of  the  target 
computer  using: 

-  an  update  frequency  of  the  state  vector  of  100  Hz; 

-  an  update  frequency  of  stiction  statuses  and  mass  matrix  reduction  and  factorisation 
of  50  Hz; 

-  an  update  frequency  of  the  mass  matrix  and  Coriolis/centrifugal  vector  of  1  Hz; 

-  a  Runge-Kutta  scheme  for  numerical  integration. 

The  reconfiguration  process  required  in  case  of  capture  operations  or  grapple/release  of 
payloads  and  tools  is  carried  out  automatically  by  the  simulator  in  real-time,  based  on 
control  commands  generated  by  the  human  operator  (e.g.  grapple  command).  The  required 
transition  is  performed  by  freezing  the  simulation  process,  followed  by  a  re-initiali- 
sation  of  kinematics  and  dynamics  variables  and  parameters  and  an  automatic  re-start  of 
the  simulation  process.  This  re-initialisation  is  made  transparent  to  the  operator. 
Contact  dynamics  is  not  implemented.  However,  contact  strain  built  up  in  the  arm  is  part 
of  the  re-initialisation  algorithms  and  becomes  visible  after  payload/tool  de-latch. 


5.2  On-Board  Software  Models 

The  On-Board  Software  is  a  simulated  subset  of  the  software  used  to  control  the  HERA 
manipulator  and  consists  of  four  hierarchical  layers: 

-  the  Man-Machine  Interface  software, 

-  the  Teleoperation  Supervisory  System  software, 

-  the  Teleoperation  Executive  Control  software,  and 

-  the  Manipulator  Arm  Resident  Software. 

The  relation  between  these  On-board  Software  layers  as  implemented  in  HSF-P  as  well  as 
the  relation  with  the  Hermes-HERA  dynamics  and  kinematics  elements  is  depicted  in  figure 
6. 

The  Man-Machine  Interface  software  provides: 

-  acceptance  of  keyboard  and  tracker  ball  inputs  (control  of:  control  reference  frames, 
manipulator  control  modes,  Attitude  Control  System,  tools,  camera  selection,  camera 
pan  and  tilt,  brakes,  etc.); 

-  acceptance  of  handcontroller  inputs; 

-  display  of  numerical  data  on  the  Flight  Teleoperation  Facility  test  bed  data  display, 
in  windows  for  e.g. : 

-  Mission  information; 

-  Warnings  and  alarms; 

-  Status  information; 

-  Functional  information; 

Main  functions  of  the  Teleoperation  Supervisory  System  are  to  facilitate: 

-  payload  data  inspection  and  control; 

-  relay  of  Hermes  Attitude  Control  System  signals; 

-  relay  and  check  of  simulated  switch  board  inputs; 

-  camera  control ; 

-  supervision  of  and  interaction  with  lower  level  onboard  Software, 
and  allow  selection  of  inspection  tool  in/out  state. 

The  Teleoperation  Executive  Control  provides  the  following  main  functions: 

-  acceptance  and  scaling  of  rate  commands  in  the  selected  reference  frame  in  operator 
controlled  mode; 

-  acceptance  and  scaling  of  rate  commands  in  single  joint  mode; 

-  limitation  and  vectorial  scaling  of  rates  at  several  levels; 

-  interfacing  with  sensors; 

-  singularity  avoidance; 

-  computation  of  manipulator  inertia  matrix  (for  On-board  Software  use); 

-  calculation  of  joint  rate  commands  and  joint  controller  gains; 

-  joint  commanding  during  brake  activation, 
laleoperation  Executive  Control  is  executed  with  10  Hz. 

Manipulator  Arm  Resident  Software  functions  are: 

-  acceptance  of  rate  commands  from  Teleoperation  Executive  Control  and  extrapolation  to 
Manipulator  Arm  Resident  Software  control  frequency; 

-  limitation  of  joint  rate  commands,  positions  and  torques; 

-  acceptance  and  processing  s?  sensor  data  (tachometer  arid  position  encoder;  ; 

-  computation  of  feedback  control; 

-  switching  of  joint  brakes; 

-  relay  of  end  effector  and  tool  commanding; 

-  relay  of  end  effector  sensor  data. 

Manipulator  Arm  Resident  Software  is  executed  with  50  and  100  Hz. 
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5.3  Visualisation  Models 

For  visualisation  of  the  scene  as  seen  via  the  camera's,  and  used  by  the  human  operator 
to  monitor  and  control  the  system,  the  Image  Generation  System  is  used.  A  geometry  model 
of  the  system  was  composed  of  the  following  main  elements: 

-  the  Hermes  spacecraft; 

-  HERA  with  6  links,  6  joints  and  the  End-Effector; 

-  the  Columbus  Free  Flying  Laboratory,  docked  to  Hermes  or  free-flying; 

-  capture  Tool ; 

-  inspection  Tool  (retracted  or  extended) ; 

-  payloads  (Orbit  Replaceable  Units) ; 

-  environment  consisting  of  star  fields; 

-  grapple  and  capture  fixtures  and  vision  targets. 

Based  on  these  geometry  models,  the  actual  state  of  the  system  as  computed  by  the  dynam¬ 
ics  models  and  the  camera's  selected  b.  the  human  operator  (2  out  of  5) ,  a  simultaneous 
visualisation  of  two  camera  images  is  ;-«rformed  in  real-time  with  an  image  refresh  rate 
of  at  least  5  Hz.  Each  of  the  two  displays,  realised  as  windows  on  the  IRIS  display,  has 
a  resolution  of  600x600  pixels.  The  image  is  generated  using  solid  surface  modelling, 
Gouraud  and  flat  shading  and  hidden  surface  removal  based  on  z-buffering. 

Two  examples  of  images  as  visualised  by  the  Image  Generation  System  are  shown  in  figure 
7.  These  images  show  the  manipulator  during  a  servicing  operation,  while  Hermes  and  the 
Free  Flyer  are  docked. 


6.  HSF-P  TOOLS 

The  HSF-P  simulation  process  is  divided  in  a  number  of  steps,  that  are  supported  by  the 
HSF-P  tool  software  (see  figure  8) : 

-  the  composition  of  a  simulator  by  integrating  the  model  software  in  the  simulator 
run-time  system  (simulator  composition) ; 

-  preparation  of  a  simulation  (pre-processing) ; 

-  simulation  execution  (real-time  execution,  test-control,  image  generation); 

-  presentation  of  simulation  results  (post-processing,  visualisation  replay  and  colli¬ 
sion  detection) . 

During  simulator  composition  a  specific  model  is  selected  for  each  aspect  of  the  system 
to  be  simulated.  A  simulator  consists  of  a  single  representation  of  the  real-world  system 
to  be  modelled,  and  of  tool  software  that  controls  the  simulation  process.  All  simulator 
parameters  and  variables  are  entered  via  the  Simulation  Data  Document  (see  figure  8)  . 
This  document  includes  a  description,  default  value,  minimum  value,  maximum  value,  unit, 
type  and  local  name  for  each  parameter  and  variable. 

Specification  of  the  simulation  is  supported  by  the  pre-processing  system.  This  system 
presents  the  contents  of  the  simulator  to  the  user,  organised  along  the  model  tree.  The 
pre-processing  system  translates  the  user-representation  (model-tree)  of  the  simulator  to 
the  internal  representation  and  organisation  of  the  simulator. 

To  prepare  a  simulator  for  simulation  execution,  the  following  information  is  to  be 
specified: 

-  a  list  of  deviations  of  parameters  and  variables  from  the  default  values  given  in  the 
Simulation  Data  Document  (simulation  settings) ; 

-  a  list  of  event  definitions  (scenario),  either  state  driven,  time  driven,  human 
operator  action  driven  or  instructor  action  driven; 

-  the  sequence  and  frequency  of  activation  of  the  simulator  modules  for  generally  n 
processors  of  the  host  computer  scheduling  scheme),  for  HSF-P  two  processors  are 
used  ; 

-  a  selection  of  simulation  variables  that  are  to  be  stored  during  simulation  execution 
in  the  simulation  results  file  for  post-run  analysis  and  a  selection  of  simulation 
variables  for  on-line  data  display. 

The  tool  software  that  controls  the  simulation  real-time  execution  performs  the  following 
functions: 

-  initialisation  of  the  simulator  state  as  specified  during  simulation  preparation; 

-  activation  of  the  simulator  modules  as  specified  in  the  scheduling  scheme; 

-  visualisation; 

-  providing  an  interface  to  the  instructor  for  simulator  control  (see  figure  9)  and 
on-line  data  presentation. 

After  simulation  execution  the  simulation  results  are  prepared  for  interpretation  and 
analysis.  The  simulation  results  are  presented  by  the  post-processing  system  in  plotted 
or  printed  form,  or  are  converted  to  be  processed  by  external  engineering-database-man¬ 
agement  systems. 

The  Replay  and  Collision  Detection  System  provides  a  post-run  visualisation  of  a  simula¬ 
tion  run.  During  replay,  the  simulation  can  be  run  forth  or  back  with  various  speeds,  can 
be  frozen,  and  the  simulated  system  can  be  observed  from  different  viewpoints  (e.g.  see 
figure  7).  The  visualisation  results  can  be  recorded  on  video  tape. 

During  replay  any  number  of  objects  can  be  checked  for  collision  with  any  other  object. 
Such  objects  are  selected  prior  to  the  replay  run.  When  a  collision  iG  detected  the 
replay  halts  and  provides  a  collision  report. 

All  HSF-P  tool  software  has  been  developed  for  machine-independence  as  much  as  possible. 
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The  tool  software  is  also  completely  separated  from  the  HSF-P  model  software.  This 
ensures  possible  exchange  of  model  software  during  HSF-P  operational  life,  but  also 
between  different  projects  (e.g.  real-time  Rendet-Vous  and  Docking  simulation)  or 
different  system  configurations.  Using  the  HSF-P  tool  software,  the  emphasis  can  be 
placed  on  the  only  real  issue:  modelling  the  physical  reality  of  dynamic  multi-body 
systems. 


7 .  CONCLUSIONS 

Acceptance  tests  and  preliminary  usage  of  the  facility  have  shown  that  HSF-P  can  be 
regarded  a  very  useful  tool  for  HERA  development. 

Design  and  architecture  of  the  facility,  especially  its  flexibility  in  software  structure 
(modularity)  and  software  portability,  facilitate  the  re-use  of  both  software  tools  and 
model  elements  as  present  in  the  HSF-P.  Re-use  is  already  considered  for  the  European 
Real-time  Operations  Simulator  (EUROSIM)  prototype  development,  the  European  Proximity 
Operations  Simulation  facility  (EPOS)  and  the  HERA  Simulation  Facilities  (HSF-NRT  and 
HSF-RT) . 
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Fig.  1  HSP-P  FTF  test  bed  mockup,  including  cockpit  shell  and  instructor  station 


Fig.  2  Close-up  of  the  Hermes  co-pilot  station  as  implemented  for  the  HSP-P 
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Fig.  4  Side  vie**  of  the  Hcrmes/HERA  configuration  as  currently  implemented  on  the  HSP-P 


Fig.  5  HSF-P  joint  model  including  gearbox 
flexibility 


HERA  on-board  cont'”'l  as  implemented  on  the 
HSF-P 


7  tier«»*«/HERA/Froc»  Flvor  combination  as  visualised  by  HSF-P 


Fig.  8  Schematic  overview  of  the  HSF-P  software 


Fig.  9  Relation  of  test  control  commands  and  simulator  states 
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ABSTRACT 

Since  the  1974  proposal  by  Giuseppe  Colombo  to  fly  a  tethered  subsatcllitc  from  the  Shuttle  Orbitcr,  the 
creative  thinking  of  many  scientists  and  engineers  from  Italy  and  U.S.  has  generated  a  broad  range  of  potential 
tether  applications  in  space.  Many  of  these  applications  have  promise  for  enabling  innovative  research  and 
operational  activities  relating  to  flight  mechanics  in  earth  orbit  and  at  suborbital  altitudes. 

From  a  flight  mechanics  standpoint  the  most  interesting  of  the  currently  proposed  flight  demonstrations  are: 

1.  the  second  Tethered  Satellite  System  experiment  which  offers  both  the  potential  for  aerothcrmodynamics 
and  hypcrsonics  research  and  for  atmospheric  science  research; 

2.  the  Tether  Initiated  Space  Recovery  System  which  would  enable  orbital  deboost  and  recovery  of  a  re-entry 
vehicle  and  waste  removal  from  a  space  station;  and 

3.  the  Tether  Elcvator/Crawlcr  System  which  could  provide  a  variable  microgravity  environment  and  space 
station  centre  of  mass  management. 

This  paper  describes  the  outer  atmospheric  and  orbital  flight  mechanics  characteristics  of  these  proposed 
tether  flight  demonstrations. 

The  second  Tethered  Satellite  System  mission  will  deploy  the  tethered  satellite  earthward  and  will  bring  it  as 
low  as  130  km  from  ground  and  thus  into  the  transition  region  between  the  atmosphere  (non-ionized)  and  the 
partially  ionized  ionosphere.  The  atmospheric  flight  mechanics  of  the  tethered  satellite  is  discussed  and  simulation 
results  are  presented. 

The  Tether  Initiated  Space  Recovery  System  experiment  will  demonstrate  the  ability  of  a  simple  lelher  system 
to  deboost  and  recover  a  reentry  vehicle.  The  main  feature  of  this  demonstration  is  the  utilization  of  a  Small 
Expendable  Dcployer  System  (SEDS)  and  the  low-tension  deployment  assumed  to  separate  the  reentry  vehicle 
from  the  Shuttle.  This  low-tension  deployment  manoeuvre  is  discussed  and  its  criticalities  arc  outlined. 

The  Tether  Elevator/Crawler  System  is  a  new  space  clement  able  to  move  in  a  controlled  way  between  the 
ends  of  a  deployed  tethered  system.  A  Shuttle  test  of  an  Elevator  model  is  planned  in  order  to  demonstrate  the 
unique  capability  of  this  element  as  a  microgravity  facility  and  to  test  the  transfer  motion  control.  The  basic 
dynamical  features  of  the  Elevator  system  arc  presented  and  a  preliminary  assessment  of  the  Elevator-induced 
tether  vibrations  is  discussed. 

1.  INTRODUCTION 

Through  the  cooperative  efforts  of  the  National  Aeronautics  and  Space  Administration  of  the  United  States 
and  the  Piano  Spazialc  Nazionale  (PSN)  of  Italy,  and  its  successor  the  Agenzia  Spazialc  Italiana  (ASI),  the  tether 
concept  has  moved  beyond  study  and  analysis  to  in-space  demonstration  programs  foi  several  applications.  These 
cooperative  programs  of  course  arc  in  addition  to  other  non-tether  cooperative  space  flight  programs  within  the 
two  countries. 

Two  joint  agreements  have  permitted  this  progress.  In  particular,  the  "Memorandum  of  Understanding  for 
Development  of  the  Tethered  Satellite  System"  became  effective  in  March  1984.  Its  purpose  was  to  enable  joint 
planning  and  implementing  of  an  initial  TSS  mission  (TSS-1),  a  20  km  tether  electrodynamics  experiment  from  the 
Space  Shuttle.  This  MOU  also  provides  for  the  joint  planning  of  two  subsequent  TSS  missions.  The  TSS-2  mission 
to  deploy  a  tethered  research  satellite  100  km  downward  from  the  shuttle  into  the  outer  atmosphere  at  about  130 
km  altitude  is  now  in  planning  and  could  fly  in  mid-1995.  Such  an  experiment  could  be  the  forerunner  of  a 
significant  aerothcrmodynamics  and  hypersonic  flight  research  capability  at  altitudes  between  150  and  90  km. 

A  "Letter  of  Agreement  for  Conduct  of  Tether  Applications  in  Space  Studies"  became  effective  in  October 
1984.  Its  purpose  is  to  prepare  NASA  and  ASI  for  undertaking  future  joint  flight  experiment  and  development 
programs.  From  studies  under  this  LOA,  technology  demonstrations,  special  emphasis  tasks,  and  potential  system 
level  development  programs  arc  being  identified  by  both  parties.  The  LOA  also  contains  a  provision  for  planning 
and  developing  specific  joint  flight  demonstrations. 
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Three  (light  demonstrations  have  been  planned  and  are  currently  funded: 

•  the  Tethered  Satellite  System  (first  mission), 

•  the  Small  Expendable  Deploycr  System,  and 

•  the  Plasma  Motor  Generator. 

Four  other  possible  demonstrations  have  had  substantial  definition  and  are  capable  of  being  flown  in  the  next 
4-7  years.  From  a  flight  mechanics  standpoint  the  most  interesting  of  the  currently  proposed  flight  demonstrations 
are: 

1.  the  second  Tethered  Satellite  System  experiment  (TSS-2) 

2.  the  Tether  Initiated  Space  Recovery  System  (TISRS) 

3.  the  Tether  Elevator/Crawlcr  System  (TECS) 

2.  SECOND  TETHERED  SATELLITE  SYSTEM  MISSION  (TSS-2) 

Scientific  measurements  of  the  upper  atmosphere  arc  needed  to  understand  the  causes  of  weather, 
atmospheric  physics,  chemistry,  and  dynamics,  Sun-Earth  interactions  such  as  atmospheric  diurnal  bulges, 
ecosystem  interactions,  radio  communications,  and  to  comprehend  in  general  the  "upper  atmosphere",  between 
about  60  and  130  km,  that  is  almost  unexplored  and  unmeasured. 

To  properly  design  future  space  vehicles  such  as  acroassisted  OTV,  aerospace  plane,  re-entry  vehicle,  it  is 
necessary  to  investigate  within  the  upper  atmosphere  itself  aerothermodynamic  energy  and  momentum  transfer  by 
measuring  frcc-stream  and  boundary-layer  gas  densities  and  composition,  both  at  the  shock  layer  and  very  near  the 
vehicle  surface. 

A  promising  way  of  doing  all  this  is  to  use  the  Tethered  Satellite  System  (TSS)  being  proposed  in  a  joint 
U.S.-Italian  program  to  tow  a  craft  at  hypersonic  velocities  through  the  upper  atmosphere  at  altitudes  above  about 
120  km.  Carried  by  the  Shuttle,  TSS  has  three  major  elements  (see  Figure  1):  the  Tethered  Satellite,  the  Deploycr 
and  the  Tether. 


Fig.  1  -  The  TSS-2  Atmospheric  Mission 
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The  Satellite,  a  1.6-m-diam.  sphere,  would  carry  scientific  experiments  to  be  performed  up  to  100  km  from  the 
Orbiter.  The  Deployer  will  deploy,  operate,  and  retrieve  the  satellite  and  maintain  it  at  selected  orbital  altitudes. 
The  Tether,  connecting  satellite  and  deployer,  must  withstand  high  drag  and  temperature. 

Operation  of  tethered  systems  subjected  to  high  drag  makes  their  control  very  important.  Tether  dynamics  and 
control  laws  need  to  be  defined  and  computer  models  formulated  for  simulation  and  definition  of  mission  and 
tether  requirements. 

For  the  purpose  of  this  work,  we  shall  consider  the  Shuttle  in  a  circular,  28.5°  inclined  orbit  at  230  km  altitude 
with  a  100  km  tether  connecting  the  Shuttle  with  the  500  kg  TSS  satellite. 

We  first  shall  look  at  the  equilibrium  configuration  of  the  system  and  then  we  shall  examine  the  main  features 
of  the  system  dynamics  in  presence  of  drag  forces  due  to  the  rotating  atmosphere  above  130  km. 

We  have  to  say  that  for  TSS-2  mission  an  equilibrium  configuration  docs  not  exist.  In  fact,  for  a  non  equatorial 
orbit,  the  combined  effects  of  atmosphere  rotation  with  Earth  and  density  variations  due  to  the  oblate  earth  will 
cause,  if  the  system  is  properly  controlled,  more  stable  librations  than  equilibrium  of  the  system. 

For  the  purpose  of  understanding  the  tether  medium  equilibrium  shape  during  the  atmospheric  mission  we 
shall  consider  a  constant  atmospheric  density  at  given  altitude,  i.c.,  we  shall  consider  a  spherical  Earth.  In  the  first 
approximation,  the  elastic  deformation  of  the  tether  is  neglected  and  the  Shuttle  maintains  the  circular  orbit. 

The  linearized  equations  of  relative  motion  of  the  tether  element  with  unit  length  can  be  written  in  a  reference 
system  centered  on  Shuttle  center  of  mass  with  the  Z  axis  along  the  vertical  oriented  toward  Earth  and  the  X  axis  in 
the  velocity  direction.  The  equations  in  the  orbital  plane,  where  the  drag  mainly  acts,  are: 


where: 
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The  boundary  conditions  have  to  be  imposed  and  the  equations  of  relative  equilibrium  can  be  easily  found. 
The  final  equations  have  been  numerically  integrated  and  the  result  is  shown  in  figure  2  (see  pg.  4). 

Two  eases  have  been  studied:  one  with  atmospheric  density  (1000°  K  Exospheric  Temperature)  relative  to  the 
Equator  crossing  and  representing  the  maximum  drag  experienced  by  the  /stem  during  its  orbit,  and  a  second  with 
the  minimum  drag  experienced  at  28.5°  latitude. 

From  figure  2  we  can  evaluate  the  strong  influence  of  air  drag  on  the  TSS-2  mission.  The  satellite  displacement 
from  local  vertical  is  shown  to  vary  from  3.5  to  4.8  km  and  the  tether  curvature,  essentially  present  in  the  last  15  km 
near  the  satellite,  is  an  evident  sign  of  the  tether  drag  area  impact  on  the  equilibrium  configuration.  In  fact,  the  air 
drag  force  on  the  tether  is  an  order  of  magnitude  greater  than  the  force  on  the  satellite. 

We  have  already  said  that  for  low  altitude  steady-state  operation,  the  geometric  effects  of  orbit  shape  on  air 
drag  produce  libration  perturbations.  When  the  tether  length  is  constant,  the  basic  motion  is  composed  of  two 
librations  with  different  periods.  The  periods  are  independent  of  tether  length  and  their  values  are  2-rr  /  \/3  n  for 
!n-n]an£  lihrstion  2nd  zr !  n  for  cut'of-plsnc 

Computer  simulations  have  been  performed  to  investigate  the  dynamics  of  the  system  in  presence  of  drag 
perturbations  due  to  orbit  inclination,  Earth  rotation  and  Earth  shape. 


VERTICAL  DISPLACEMENT  (KM) 


Fig.  2  -  TSS-2  Atmospheric  Displacement  (130  km) 
CM  Orbit  (H  =  230  km;  I  =  28.5°) 

Tether  (Diameter  =  2.2  mm;  Unit  Mass  =  5.2  kg/km) 


A  first  simulation  has  been  performed  without  any  tether  control  maintaining  the  tether  length  constant. 
Figure  3a  (sec  pg.  5)  shows  the  in-planc  librations  of  the  satellite.  They  are  characterized  by  the  coupling  between 
natural  in-plane  frequency  (V3  n  /  2ir)  and  drag  perturbation  frequency  (n  /  ir)  .  Large  in-plane  libration  is 
present  (5°  amplitude)  and  the  motion  is  stab'.e.  Figure  3b  (sec  pg.  5)  shows  the  out-of-plane  librations.  They  arc 
characterized  by  the  natural  out-of-jilanc  frequency  (n  /  v)  and  drag  out-of-plane  orbital  frequency  (n  /  2-rr).  Stable 
librations  arc  shown  for  a  circular  orbit,  but  in  an  inclined  elliptical  orbit,  density  variations  can  cause  an  unstable 
growth  in  the  out-of-plane  libration. 

A  second  simulation  has  been  performed  utilizing  a  "yo-yo"  damping  control  for  the  in-plane  libration.  Figure 
4a  (see  pg.  5)  shows  the  controlled  in-planc  libration  that  presents  a  twice  orbit  rate  libration  of  reduced  amplitude 
(1.4°)  obtained  by  a  same  rate  sinusoidal  length  variation  and  utilizing  reasonable  tether  tension  and  rates.  Figure 
4b  (sec  pg.  5)  shows  the  in-planc  trajectory  of  the  satellite  depicting  the  "yo-yo"  control  procedure. 

The  purpose  here  is  just  to  show  the  main  dynamics  features  of  TSS  2  atmospheric  mission.  The  described 
control  concept  must  be  improved  to  control  the  decay  rate  of  the  system  (not  considered)  and  the  out-of-plane 
potential  instability. 

For  the  mission  considered  the  main  effects  caused  by  the  unusually  large  system  drag  have  been  described 
and  as  a  genera!  conclusion  we  can  say  that  proper  time-varying  length  control  has  to  be  used  to  dramatically 
improve  the  steady-state  performances  of  the  second  Shuttlc/Tcthercd  Satellite  System  mission. 
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Fig.  3  -  TSS-2  Steady  Librations  (Constant  Tether  Length) 


Fig.  4  -  TSS-2  In-Plane  Librations  ("yo-yo"  control) 


3.  TETHER  INITIATED  SPACE  RECOVERY  SYSTEM  (TISRS) 

The  use  of  tethers  for  release  of  payloads  to  higher  or  lower  orbits  from  the  Space  Station  is  a  promising  area 
of  tether  applications.  In  a  system  of  two  orbiting  bodies  connected  by  a  tether,  only  a  point  close  to  the  center  of 
mass  is  in  true  gravitational  equilibrium.  All  of  the  other  points  are  subjected  to  a  force  tending  to  align  the  system 
along  the  local  vertical  since  the  outer  mass  moves  at  a  velocity  greater  than  the  local  circular  velocity  and  the  inner 
mass  at  a  smaller  velocity.  Moreover,  in  the  event  that  the  end  bodies  have  velocities  relative  to  the  rotating  orbital 
system,  there  can  be  additional  forces. 

This  additional  effect  can  be  achieved  by  effecting  a  low  tension  deployment  which  causes  a  large  Iibration  to 
the  tether  system.  If  the  tether  line  is  severed,  both  bodies  are  injected  into  elliptical  orbits.  The  previous  locations 
of  the  inner  and  outer  masses  become  respectively  apogee  and  perigee  of  the  new  orbits. 

This  mechanism  can  be  exploited  to  transfer  momentum  from  the  downward  deployed  body  to  the  upward 
deployed  body.  In  the  case  of  a  deorbit  maneuver,  the  momentum  subtracted  from  the  downward  body  must  be 
such  to  put  it  in  a  re-entry  trajectory. 

The  ASI/NASA  Joint  Task  Group  forTcther  Flight  Demonstration  has  given  high  priority  to  a  demonstration 
which  validates  the  concept  of  a  tethered  system  used  for  a  dcorbit  maneuver  to  rc-entcr/dispose  of  material  from 
an  orbiting  infrastructure  (c.g.,  the  Space  Station).  This  demonstration  is  called  TISRS  (Tether  Initiated  Space 
Recovery  System).  The  idea  is  to  use  the  existing  hardware  as  much  as  possible  to  limit  the  cost  and  time  to  develop 
an  Orbiter-based  demonstration  to  be  performed  in  1992. 

In  ufdcr  to  perform  the  Orbiter-based  TISRS  demonstration,  the  following  systems  will  be  utilized: 

•  The  Small  Expendable  Dcployer  System  (SEDS)  which  is  a  simple,  compact  system  that  is  entirely  passive 
and  uses  an  expendable  tether; 

•  The  re-entry  vehicle  (SRV)  that  will  be  used  is  an  existing  General  Electric  (G.E.)  capsule.  This  is  a  simple 
ballistic  capsule  design  which  has  flown  several  times  and  in  which  there  is  a  high  degree  of  confidence; 

•  A  proper  Instrumentation,  Data  and  Communication  System  to  measure  and  to  monitor  the  mission 
performance  that  has  to  be  developed  by  Acrilalia  and  integrated  into  the  G.E.  capsule. 
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Figure  5  shows  the  assumed  dcorbit  concept.  The  re-entry  mission  starts  when  the  capsule  is  removed  from 
Payload  bay  accommodation  by  means  of  the  RMS  (Remote  Manipulator  System)  and  placed  at  some  meters  from 
the  Orbitcr.  At  this  point  a  Shuttle  orbit  that  moves  it  away  from  the  capsule  is  set  up  by  RCS  (Reaction  Control 
System)  firing. 

A  slight  tension  in  maintained  on  the  tether  and  the  capsule  moves  forward  till  the  desired  tether  length  is 
deployed.  The  tension  is  then  gradually  increased  until  the  tether  lengthening  ceases.  At  this  point  the  capsule 
starts  swinging  in  pendulum  fashion  below  the  orbitcr  and  is  released  into  the  re-entry  trajectory  when  the  system 
swings  through  the  local  vertical. 

The  objective  of  the  TISRS  flight  is  to  demonstrate  the  capability  of  a  tether  system  as  a  deorbit  means.  The 
demonstration  is  also  intended  to  exploit  the  benefits  offered  by  a  dynamic  release  together  with  the  use  of  a 
"passive"  subsatcllitc.  The  word  "passive"  means  in  this  context  the  lack  of  actuatois  onboard  the  subsatellite  for 
controlling  the  tethered  maneuver. 

The  dynamic  or  swinging  release  provides  higher  thrust  capability  than  a  static  release  but  complicates  the 
maneuver.  While  in  the  ease  of  static  release,  the  deployment  can  be  effected  earlier  in  order  to  have  the  tether 
aligned  along  the  local  vertical  with  a  margin  of  lime  for  an  accurate  timing  of  the  icleasc,  in  a  swinging  release,  the 
timing  of  the  maneuver  and  the  momentum  exchangeable  arc  coupled. 

The  deorbit  maneuver  must  guarantee: 

-  re-entry  conditions  compatible  with  the  existing  SRV  which  has  been  certified  to  fly  in  a  certain  range  of 
re-entry  velocities  and  angles; 

-  combination  of  deboost  and  instant  of  release  which  allows  the  reaching  of  the  desired  landing  site. 

The  control  of  this  maneuver  (passive  subsatcllitc  for  this  demonstration'  can  be  effected  by: 

-  the  tether  tension; 

-  the  Shuttle  maneuvering; 

-  the  instant  of  leiease. 

The  SEDS  can  only  modulate  'he  tension,  therefore,  the  ejection  velocity  which  initiates  the  deployment  has  to 
be  provided  otherwise.  The  current  idea  is  to  accomplish  the  ejection  by  firing  the  Shuttle.  This  deployment  is  then 
controlled  by  regulating  the  tension  in  the  tether.  The  basic  control  of  the  SEDS  is  to  sense  the  length  unwound 
(deriving  the  length  rate)  and  use  it  as  input  to  a  control  algorithm  which  modulates  the  braking.  The  tension  is 
opportunely  modulated  to  obtain  the  swing  effect  when  a  desired  length  has  been  deployed.  In  order  to  have  the 
highest  deboost,  the  tether  should  be  cut  when  the  system  swings  through  the  local  vertical. 
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At  this  point,  it  is  necessary  to  consider  the  errors  accumulated  during  the  ejection/deployment  phase.  For  a 
vehicle  which  doesn’t  make  use  of  aerodynamic  forces  to  steer  its  trajectory  inside  the  atmosphere  (as  the  ballistic 
SRV  used  for  this  demonstration)  the  range  to  be  "flown"  between  the  instant  of  release  till  the  landing  impact 
depends  only  on  the  conditions  at  the  instant  of  release.  Therefore,  the  errors  due  to  position  and  velocity  must  be 
reduced  during  the  tethered  phase.  (The  use  of  a  steering  parachute  makes  it  possible  to  recover  a  few  miles; 
however,  other  dispersions  resulting  from  atmospheric  flight  will  occur.) 

The  target  landing  site  can  be  reached  with  different  deboosts  imparted  to  the  SRV  but  at  different  times 
provided  that  the  following  atmospheric  heating  is  manageable  by  the  SRV.  The  simplest  way  to  control  the  landing 
site  is  by  controlling  the  instant  of  release.  Another  way  is  by  controlling  deployment  entirely  using  as  feedback  the 
relative  position  of  the  SRV.  In  any  case,  the  relative  position  of  SRV  has  to  be  known. 

Another  aspect  is  related  to  the  release  of  the  tether  at  both  the  Shuttle  and  SRV  ends.  The  tether  should  be 
released  from  the  SRV  a  finite  time  after  it  has  been  released  from  the  SEDS  in  order  to  allow  the  free-floating 
tether  to  distance  itself  from  the  Orbitcr  and  to  avoid  recoil  and  tangling  on  the  Orbitcr  appendages  as  well  as  on 
the  SRV.  Moreover,  as  long  as  the  tether  remains  attached  to  the  SRV  it  affects  the  trajectory  of  the  SRV  because 
it  is  the  compound  system  tether  plus  SRV  which  receives  the  deboost. 

A  low  tether  tension  deployment  (typically  tension  less  than  0.1  N)  is  mainly  characterized  by  the  payload 
separation  nearly  horizontally  with  a  braking  at  the  end  of  the  deployment  that  causes  a  large  libration. 

The  deorbit  momentum  obtainable  is  this  way  (if  the  tether  is  severed  near  the  vertical)  is  approximately  85% 
greater  than  if  the  same  system  is  deployed  nearly  vertically.  This  means  that  to  obtain  the  same  deorbit  effect  a 
vertically  deployed  tether  must  be  85%  longer  than  a  swinging  tether.  This  is  a  first  advantage  of  this  low-tension 
maneuver.  A  second  advantage  is  that  an  horizontal  deployment  radically  reduces  the  amount  of  braking  required 
during  the  maneuver.  A  same  dcorbit  performance  vertical  deployment  requires  approx.  50  times  higher  braking 
energy  dissipation.  The  main  drawback  of  low-tension  deployment  is  that  it  requires  a  very  accurate  timing  of  the 
maneuver  if  precise  re-entry  is  required. 

Figure  6  shows  the  results  of  simulations  performed  to  investigate  this  critical  aspect.  A  nominal  maneuver  has 
been  assumed  with  initial  separation  velocity  of  0.76  nx/s  and  minimum  initial  tether  tension  of  0.072  N.  We  have  to 
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Fig.  6  -  SRV  Displacement  vs  Min  Tether  Tension 


outline  that  a  very  low  tension  is  required  and  tension  control  errors  could  be  high.  The  nominal  maneuver  deploys 
after  5800  see.  16982  m  of  tether.  In  the  same  time,  15655  m  of  tether  are  deployed  if  we  consider  a  -10%  error  on 
nominal  tension  and  18228  m  arc  deployed  with  a  + 10%  error. 

An  interesting  point  is  that  increasing  the  tension  accelerates  the  deployment  and  decreasing  the  tension 
retards  it  due  to  the  tethered  system  dynamics. 

The  success  of  TISRS  demonstration  depends  on  the  accuracy  of  the  dcorbit  maneuver.  System  dynamics  has 
to  be  well  understood  and  proper  control  has  to  be  devised  in  order  to  limit  the  strong  impact  of  tension  errors  on 
the  re-entry  performances.  The  SRV  motion  during  deployment  has  to  be  determined  by  a  proper  instrumentation 
system.  Probably  the  relative  SRV  position  must  be  known  by  the  flight  controller.  This  would  allow  the  very 
accurate  timing  required.  Moreover,  the  data  could  be  used  as  a  feedback  in  the  control  loop  of  the  deployer 
(braking  tension). 

4.  TETHER  ELEVATOR/CRAWLER  SY  STEM 

A  tethered  microgravity  facility  seems  to  he  a  very  promising  concept.  In  fact,  the  microgravity  scientists  have 
considered  this  concept  very  intriguing  because  of  the  unique  capabilities  that  it  allows.  In  addition  to  cleanliness 
and  high  power,  the  requirements  of  microgravity  applications  cal!  for  a  very  stable  dynamical  environment  with 
residual  acceleration  smaller  than  10-s,  as  well  as  the  possibility  of  modulating  the  gravity  level  or  of  obtaining 
differential  measurement  at  locations  with  different  gravity  levels.  This  has  led  to  the  consideration  of  a  moving 
Elevator  along  a  tether  deployed  to  a  fixed  length. 

The  most  promising  feature  offered  by  the  Elevator  is  the  unique  capability  to  control  with  time  the  gravity 
acceleration  level.  In  fact,  since  radial  acceleration  changes  with  position  along  the  tether,  the  Elevator  would  be 
able  to  attain  a  continuous  range  and  a  desired  profile  vs-time  of  residual  gravity  level  by  the  control  of  the  Elevator 
motion. 

Moreover,  the  utilization  of  the  Space  Elevator  as  a  transportation  facility,  able  to  move  along  the  tether 
providing  easy  access  between  the  two  tethered  bodies,  could  be  the  tool  for  tethered  systems  evolution. 

The  demonstration  of  an  Elevator  model  capability  to  provide  the  suitable  microgravity  environment  and  to 
control  the  transfer  motion  seems  necessary  due  to  the  complexity  of  phenomena  involved,  essential  to  allow  the 
development  of  new  capabilities  for  microgravity  applications  and  valuable  to  the  assessment  of  the  feasibility  of 
this  new  concept. 

Regarding  the  microgravity  application,  one  is  mainly  concerned  with  perturbing  accelerations  propagating 
along  the  tether.  The  disturbances  are  originated  mainly  by  the  Space  Station  and  by  the  Elevator  motion. 

Disturbances  coming  from  these  sources  excite  vibrations  with  a  rate  of  damping  increasing  with  frequency, 
but  also  a  series  of  resonances  with  peaks  not  easily  modelled  because  of  the  complexity  of  phenomena  involved. 
Another  unknown  in  the  problem  is  the  magnitude  of  the  expected  natural  damping  and  what  methods  could  be 
used  for  actively  attenuating  the  disturbances. 

Concerning  the  transportation  application,  the  main  problem  is  to  control  the  transfer  motion  maintaining  the 
dynamics  disturbances  within  acceptable  limits. 

Controlled  transfer  motion  is  stable  and  tether  deflection  is  bounded,  but  depending  on  the  velocity  profile 
perturbing  oscillations  can  be  excited.  Tether  lateral  vibrations  arc  induced  by  the  Coriolis  force  acting  on  the 
Elevator  as  it  moves  along  the  tether.  Longitudinal  vibrations  are  induced  by  Elevator  control  forces  to  maintain 
the  desired  velocity  profile. 

The  complexity  of  such  phenomena  advises  an  in-flight  test  of  an  Elevator  model  to  evaluate  the  system 
dynamics  response  and  to  test  the  transfer  control  techniques. 

The  system  proposed  for  a  Shuttle  flight  test  of  the  Elevator  concept  is  made  up  of  three  major  elements:  a 
deployer  system,  a  tethered  satellite  and  the  Elevator  model  (Fig.  7  sec  pg.  9). 

As  a  general  guideline  it  has  to  be  considered  that  both  cost  and  schedule  constraints  impose  a  necessity  to 
reuse  to  the  maximum  possible  extent  the  hardware  under  development.  In  particular,  the  capability  to  control  and 
to  measure  the  system  dynamics  is  required  for  the  objectives  of  this  mission. 

The  Tethered  Satellite  System  (TSS),  constituted  by  the  TSS-deployer  and  TSS-satellitc,  seems  to  be  the 
unique  existing  system  able  to  perform  this  demonstration  without  the  need  for  any  significant  design  change.  The 
only  new  hardware  development  required  would  be  the  Elevator  model. 

The  realization  of  a  small  Elevator  model  whose  main  fevure  is  the  cbili'y  to  be  hocked  on  the  tether  after 
TSS-satcliitc  deployment,  appears  feasible  from  the  analyses  performed,  although  several  technical  problems  need 
to  be  analyzed  in  further  detail. 

A  theoretical  analysis  has  been  approached  and,  in  particular,  an  attempt  made  to  establish  a  control  strategy 
for  the  Elevator  motion  and  a  preliminary  assessment  of  the  tether  vibrations  induced  by  the  Elevator  motion  have 
been  performed. 
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Here  and  in  the  following  "the  motion  of  the  Elevator"  has  to  be  intended  as  the  complete  transfer  from  the 
Space  Shuttle  to  the  TSS  Satellite,  the  utilization  of  the  Elevator  as  transportation  vehicle  being  the  most  severe 
situation  from  a  dynamical  point  of  view. 

Because  of  the  known  weak  coupling  between  tether  elasticity  and  the  general  dynamics  of  the  system,  two 
different  models  have  been  developed. 

The  basic  dynamics  have  been  modelled  by  means  of  a  5  d.o.f.  (  degree  of  freedom)  system  composed  (with 
reference  to  Fig.  8)  of  the  TSS-satcilite  (m2)  and  the  Orbitcr  (mo)  connected  by  a  rigid  tether  on  which  is  moving 
the  Elevator  model  (mi). 


Y 


Fig.  8  -  Reference  System 
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Fig.  9  -  Elevator  Controlled  Motion  -  System  variables  behaviour  as  function  of  the  travelled  distance 
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The  following  notations  are  adopted: 


a 

6 

d 

a 

7 

<i> 

i 

Vo 


angle  between  the  local  vertical  and  the  first  tether  segment  from  tn0  to  mi  (deg) 

parameter  of  the  decelerating  phase  of  the  control  law  (-) 

travelled  distance  from  STS  to  Elevator  (m) 

instantaneous  velocity  of  the  Elevator  (m/sec) 

parameter  of  the  accelerating  phase  of  the  control  law  (-) 

angle  between  the  first  and  the  second  tether  segment,  from  mi  to  m2  (deg) 

total  tether  length  (m) 

steady  state  velocity  (m/sec) 


Due  to  the  smallness  of  the  physical  dimensions  of  the  space  vehicles  (few  meters)  with  respect  to  the  assumed 
tether  length  (10  km),  all  masses  have  been  considered  point  masses.  The  effects  deriving  from  the  environment, 
i.e.,  residual  atmosphere,  Earth’s  oblateness  etc.  have  been  disregarded  and  only  the  components  of  the  motion 
lying  in  the  orbital  plane  have  been  taken  into  account. 

As  long  as  the  positions  of  each  system  component  and  their  derivatives  can  be  utilized  to  write,  as  usual,  the 
kinetic  and  potential  energy  expressions,  the  derivation  of  the  Lagrangian  is  straightforward  and  the  equations  of 
motion  can  be  found  |6j.  For  brevity,  these  equations  have  not  been  reported  and  only  the  results  of  the  numerical 
simulation  arc  discussed  in  the  following. 

Some  runs  have  been  initially  done  to  explore  what  happens  when  free  motion  of  the  Elevator  is  simulated.  As 
a  result,  the  excessively  high  value  (about  75°)  of  the  angle  a  (due  to  the  Coriolis  force)  at  the  end  of  maneuvre 
forces  a  need  for  a  control  strategy.  In  this  view,  the  following  aspects  which  influence  the  system  behaviour  must  be 
accounted  for: 


*  the  Coriolis  force  depending  on  the  magnitude  of  d  (the  system  is  as  controllable  as  the  velocity  of  the 
Elevator  is  small); 

*  the  transients  near  both  the  ends  of  the  tether  have  to  be  rigorously  controlled  in  order  to  avoid  dangerous 
induced  libralions  of  the  short  "equivalent  pendulum". 

So  a  three  phase  control  has  been  identified  (Fig.  9).  a  first  one  of  acceleration,  a  second  one  at  d  constant  and 
a  third  one  of  deceleration.  Several  control  laws  have  been  simulated,  all  using  d  as  a  control  variable. 
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About  the  central  phase  a  d  =  2  m/scc  has  been  identified  as  a  reasonable  maximum  value  in  order  to  bound 
both  a  and  4>  (less  than  1°).  Good  results  have  been  obtained  utilizing  a  simple  law  of  the  following  form: 


d  =  K0tgh(YoO  (2) 

for  the  initial  phase,  from  d  =  1  m  to  about  the  c.o.m.(ccntcr  of  mass)  of  the  system,  and 

d  =  K0  tg  h  (6 ( 1  -  d))  (3) 

for  the  final  phase,  from  about  d  =  9000  m  to  the  end. 

The  maneuver  is  performed  in  about  one  hour  and  a  half,  the  displacement  of  the  TSS  Satellite  (Ax)  with 
respect  to  the  local  vertical  is  relatively  small  (<  100  m)  and  it  is  noted  that  this  displacement  causes  a  natural 
residual  oscillation  at  the  end  of  the  mancuvre,  which  has  to  be  actively  damped;  the  perturbation  induced  on  the 
STS  orbit  by  the  displacement  of  the  center  of  mass  is  of  about  50  m.  In  view  of  these  results,  one  could  say  that  the 
system  is  potentially  controllable. 

An  independent  mathematical  model  has  been  developed  to  investigate  the  tethered  taut  string  vibration 
induced  by  the  motion  of  the  Elevator. 

The  following  simplifying  assumptions  have  been  adopted: 

•  tether  equilibrium  configuration  is  a  straight  line; 

•  Elevator  velocity  is  anywhere  constant  and  low  enough  to  apply  the  linear  theory  at  the  tether  induced 
vibrations; 

•  tension  along  the  tether  is  assumed  constant,  disregarding  the  small  contribution  arising  from  the  tether 
mass. 

•  Reference  Notations: 

E  =  elongation  module  (kg/m2) 

A  =  cross  sectional  area  of  the  tether  (m2) 

p.  =  linear  mass  density  of  the  tether  (kg/m) 

T  =  tether  tension  (N) 

y  =  transversal  coordinate  of  the  tether  displacement  (m) 

x  =  longitudinal  coordinate  of  the  tether  displacement  (m) 

The  interaction  between  Elevator  and  tether  has  been  simulated  by  means  of  external  forces  in  the  analysis  of 
both  the  transversal  and  the  longitudinal  vibrations.  The  equation  of  motion  used  to  model  the  transversal  ones  is: 


^2v  <)2V 

\i-^=T—z~2m[V0nb(x-x0)  (-») 

bt  bx 

where  the  forcing  term  has  been  written  as  a  Coriolis  force  generated  by  a  point  mass  (mi)  travelling  at 
constant  velocity  (V0)  and  distributed  as  a  Dirac  function  centered  on  the  Elevator  instantaneous  position  (xo). 

Using  essentially  the  same  model  the  motion  equation  for  the  longitudinal  vibration  is: 

EAd-~+  3rA,n2(x0-xc)6(x-K0O  (5) 

bt  bx 

where  the  forcing  term  is  now  modelling  the  force  necessary  to  nullify  the  acceleration  induced  by  the  gravity 
gradient. 

The  transversal  vibrations  appear  consistent  quantitatively  and  qualitatively  with  the  results  of  the  basic 
dynamics ,  as  it  can  be  observed  looking  at  Fig.  10  (sec  pg.  12)  . 

The  maximum  lateral  displacement  of  a  specified  point  of  the  tether  is  reached  just  immediately  after  the 
Elevator  has  travelled  on  it.  The  short  periods  of  longitudinal  modes  in  comparison  with  the  total  time  required  for 
a  complete  transfer  of  the  Elevator  results  in  a  very  low  disturbance  in  the  axial  directions:  when  the  Elevator 
reaches  the  attaenmeni  nnint  such  a  displacement  is  about  70  cm  with  respect  to  the  unexcited  situation. 

In  conclusion,  although  a  more  refined  level  of  modelling  is  necessary,  the  preliminary  results  make  us  optimist 
about  the  dynamical  aspects  of  the  Elevator  motion. 
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Fig.  10  -  Tether  lateral  vibrations  caused  by  the  Elevator  motion  (vel.  =  2  m/sec) 


5.  CONCLUSIONS 

U.S.  National  Commission  on  Space  has  specifically  suggested  more  attention  be  directed  towards  application 
of  "Tethers"  in  space,  particularly  for  Space  Station  missions. 

Most  of  these  applications  give  rise  to  very  interesting  and  new  problems  of  flight  mechanics.  Here  the 
attention  was  focused  on  some  intriguing  topics  characterizing  three  proposed  tether  flight  demonstrations. 

Continuing  the  cooperative  effort  of  the  U.S.  and  Italy  on  Tethers"  in  space,  the  next  step  toward  operational 
rcaiity  of  tethered  systems  is  already  underway  for  the  purpose  of  validating  the  dynamics  and  operating  principles 
of  this  new  space  capability. 
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ABSTRACT 

The  advent  of  military  space  systems  in  the  1960's  challenged  the  nation's  test 
capabilities  and  demanded  creation  of  new  techniques  and  concepts  to  deai  with  the 
state-of-the-art  complexities  inherent  in  expensive,  vital  national  assets.  As  the 
national  dependence  upon  space  systems  increased  over  the  past  two  decades,  so 
too  has  the  complexity  of  the  hardware  and  software  components  needed  to  perform 
the  assigned  missions.  This  increasing  complexity  has  required  ever  increasing 
sophistication  and  modernization  of  the  Department  of  Defense  test  and  evaluation 
capabilities,  however,  current  concepts  for  new  military  space  systems  outstrip  the 
present  test  capabilities.  New  test  and  evaluation  techniques,  concepts  and 
capabilities  are  required  to  meet  these  new  challenges.  This  paper  reviews  the 
challenges  of  testing  military  space  systems  and  presents  some  of  the  new  testing 
concepts  and  modernization  initiatives  being  pursued. 


TEST  AND  EVALUATION  PROCESS 

Test  and  evaluation  (T&E)  is  an  exacting  process  even  for  relatively  sir  pie 
designs  and  articles.  The  complexity  and  challenges  involved  with  testing  of 
a  modern  military  system  and  the  rapidly  changing  technical  environment  make 
the  subject  difficult  to  address  effectively  in  a  summary  form.  To  help  bound 
the  discussion,  the  very  term  "test"  deserves  some  discussion.  The  definition 
contained  in  The  Glossary:  Defense  Acquisition  Acronyms  and  Terms.  Defense 
Systems  Management  College,  July,  1987  is  as  follows: 

A  "test"  is  any  program  or  procedure  which  is  designed  to  obtain, 
verify,  or  provide  data  for  the  evaluation  of:  research  and 
development  (other  than  laboratory  experiments) ;  progress  in 
accomplishing  development  objectives;  or  performance  and 
operational  capability  of  systems,  subsystems,  components,  and 
equipment  items. 

Therefore  testing  in  the  context  of  this  paper  includes  the  full  spectrum 
from  early  experimentation  to  validate  system  and  design  concepts  through  the 
establishment  and  qualification  of  specific  designs  and  hardware.  It  includes 
prototype  experiments  whi^h  provide  sufficient  corfidence  to  support  major 
management  decision  milestones,  extends  from  concept  validation  through 
operational  evaluations  to  assess  employment  effectiveness  and  suitability,  and 
ends  with  production  quality  verification  to  insure  adequate  consistency. 
Testing  ,  however,  is  not  an  end  unto  itself.  It  is  evaluation  which 
transforms  test  results  into  useful  information.  Therefore,  inherent  in  our 
use  of  the  terms  "test"  and  "testing"  throughout  this  paper  are  the 
considerations  imposed  by  the  evaluation  process. 


THE  CHALLENGES  OF  TESTING  IN  SPACE 

Since  the  early  1950's,  the  testing  of  military  designs  and  nardware  has 
become  very  systematic  for  applications  which  have  well  established 
methodologies,  mature  instrumentation  and  a  long  history  of  success.  As  shown 
in  Figure  1,  the  thought  process  for  any  system  development  follows  a  logical, 
traditional,  flow  from  establishment  of  requirements  for  the  system  through  the 
characteristics  needed  to  satisfy  the  requirements,  to  the  types  of  test 
methodology  needed  to  prove  the  system  and  finally  the  testing  and  feedback 
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Figure  1 


process.  Testing  of  U.S.  space  systems,  like  their  earth-environment 
counterparts,  follow  this  thought  process,  but  the  implementation  of  test 
methodologies  and  the  actual  testing  must  accommodate  special  challenges. 

Two  basic  facts  circumscribe  the  difficulty  of  testing  any  system  in  space 
and  are  linked  together  in  that  the  solutions  to  each  are  intrinsically 
intertwined  -  1)  space  is  basically  a  hostile  environment  and  2)  space  is 
inherently  a  distant  place,  very  difficult  to  get  to.  The  accommodation  of 
these  two  facts  provide  the  foundation  stones  of  the  challenges  encompassing 
testing  in  space.  The  advantages  of  being  able  to  use  space  as  the  high 
ground,  however,  more  than  offset  the  difficulties  involved  in  producing  and 
fielding  space  assets  and  the  attendant  testing  problems. 

The  fact  that  space  is  basically  a  hostile  environment  impacts  everything 
involved  in  the  production  of  the  test  article  -  design,  structure,  materials, 
lubricants,  command  and  control  devices  and  techniques,  navigation,  power, 
communications,  etc.  Somewhat  like  autonomous,  self-contained  undersea  test 
articles,  everything  needed  to  survive,  operate  and  carry  out  the  test  mission 
must  be  taken  on  board  and  integrated  into  a  single  entity,  but  unlike  the 
undersea  test  articles,  space  equipment  is  rarely  recovered  for  after  test 
evaluation. 


The  capability  to  survive  and  operate  in  space  is  considered  as  overhead  to 
the  tester,  that  is,  the  price  that  must  be  paid  just  to  be  able  to  test  the 
article  in  the  environment  in  which  it  is  to  operate.  This  overhead  is  not 
trivial.  A  space  vehicle  must  be  able  to  accommodate  the  difficult  thermal 
environment,  must  contend  with  a  variety  of  radiation  effects,  must  deal  with 
contamination,  must  be  able  to  operate  in  vacuum  (or  near  vacuum) ,  must  be  able 
to  exist  for  extended  periods  autonomously  and  must  be  able  to  reliably 
communicate  with  a  control  center.  The  solution  tc  these  first  order  problems 
requires  complex  electronics,  exotic  materials,  and  painstaking  attention  to 
detail  in  design,  fabrication,  integration  and  on-orbit  operational  concept 
development.  These  solutions  also  require  a  share  of  the  limited  on-orbit 
available  electrical  power,  weight  and  command  and  control  capability.  For 
military  systems  these  solutions  require  an  even  greater  share  of  overhead 
because  the  systems  must  have  a  robustness  to  survive  not  only  the  natural 
environment,  but  projected  hostile  acts. 

Since  all  test  information  must  be  retrieved  via  telemetry  (excepting  those 
rare  occasions  in  which  on-orbit  test  data  is  recorded  on  board  and  the  test 
article  is  brought  back  to  earth  for  analysis) ,  the  necessity  to  achieve  the 
minimum  fidelity  and  yet  remain  within  the  constraints  of  the  telemetry  system 
(band  width,  power,  data  point  limitations,  and  baud  rate)  generally  leads  to 
a  constrained  design  for  the  test  capability.  Any  capability  needed  solely  for 
on-orbit  testing  will  claim  additional  shares  of  the  on-orbit  power,  weight  and 
control  capabilities  and  further  limits  the  amount  of  capability  available  for 
operations.  Therefore  it  should  come  as  no  surprise  that  resources  dedicated 
to  on-orbit  testing  are  most  begrudgingly  allocated. 

The  second  stone  in  the  foundation  of  challenges  impacting  space  testing  lies 
in  the  fact  that  space  is  remote,  a  distant  place  which  is  difficult  to  get  to. 
Today,  nearly  twenty  years  after  we  achieved  "routine  accessibility  to  space", 
we  face  many  of  the  same  problems  encountered  by  Columbus  in  his  voyages  of 
discovery  to  the  New  World  -  the  mode  of  transportation  is  precarious,  limited 
in  its  capacity  and  application,  and  very  expensive  in  terms  of  expenditure  of 
national  treasury.  Not  only  does  the  price  per  unit  mass  to  low  earth  orbit 
approximate  the  price  of  a  fine  perfume,  the  environment  imposed  on  the  space 
test  article  during  the  launch  phase  forces  severe  design  penalties  on  the 
space  vehicle.  High  g-loading  together  with  high  vibrational,  acoustical, 
aerodynamical,  and  thermal  loads  encountered  during  assent  impose  shock  and 
stress  into  the  booster  and  payload  which  must  be  accommodated  with  still  more 
"overhead"  in  order  to  survive  the  translation  from  1-atmosphere  and  1-g  to 
near-vacuum  and  zero-g. 


Practical  difficulties  are  experienced  in  testing  space  articles  simply  by 
the  fact  that  once  in  orbit  they  are  not  easily  accessible  for  any  of  the 
common  test  activities  such  as  reconnecting  a  connector,  tightening  screws, 
replacing  a  blown  fuse,  rerouting  a  cable  or  simply  kicking  the  tires.  Further 
the  basic  advantage  of  having  a  satellite  in  orbit,  constantly  changing  its 
position  relative  to  a  point  on  earth,  becomes  a  distinct  disadvantage  in  the 
conduct  of  a  test  in  that  testing  often  must  be  limited  to  that  time  the  test 
article  is  in  view  of  a  ground  control  station,  which  for  a  low  earth  orbit 
could  be  as  little  as  5  minutes  every  few  days.  Solutions  to  these  practical 
difficulties  increase  the  complexity  of  space  testiny  enormously  by  requiring 
inclusion  of  additional  circuitry  and  mechanical  systems  to  provide 
capabilities  for  autonomous  operations,  to  record  on  board  performance  and  to 
monitor  the  health  and  status  of  the  vehicle  when  not  in  direct  ground  control, 
to  enable  space/ground  and  space/space  communication  systems  for  worldwide 
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command  and  control  and  telemetry,  etc.,  etc.,  etc.  Eventually  the  point  is 
reached  where  the  testing,  check  out  and  operation  of  the  supporting  equipment 
and  capabilities  are  as  complex  and  expensive  as  the  payload  to  be  tested. 


THE  MILITARY  CHALLENGE 

The  discussion  to  this  point  has  been  mostly  generic,  that  is,  it  has  been 
generally  descriptive  of  problems  facing  any  space  system,  military  or 
civilian.  What,  then,  are  the  added  difficulties  the  military  system  demands 
in  its  test  and  evaluation? 

Military  space  systems,  because  of  their  role  and  importance  in  national 
defense,  have  requirements  for  reliability  and  robustness  which  significantly 
increase  the  complexity  of  the  resulting  systems.  As  previously  discussed, 
these  complexities  impact  the  entire  design  of  the  space  asset  requiring 
additional  power,  structural  components,  electronics  and  command,  control, 
communications  capabilities.  The  need  to  assess  the  performance  of  these 
attributes  and  the  impact  upon  the  entire  system  (ground  and  space)  translates 
into  increased  performance  and  precision  requirements  for  the  supporting  test 
capabilities. 

In  the  early  days  of  space  systems,  the  test  techniques  employed  were  logical 
extensions  of  methodologies  and  technologies  used  in  aircraft  development,  with 
the  wind  tunnel  replaced  by  the  vacuum  chamber  to  simulate  the  environment  in 
which  the  device  would  operate.  As  the  understanding  of  the  space  environment 
grew,  primarily  pushed  by  high  failure  rates,  new  techniques  were  devised  not 
only  for  the  design  of  the  systems,  but  for  testing  as  well.  The  basic  premise 
became  over-design,  over-build  and  over-test,  as  compared  to  traditional  earth- 
environment  systems.  The  only  concern  was  that  the  machine  work  once  it  was 
in  orbit,  and  under  no  circumstances  could  testing  imperil  the  vehicle.  Thus 
testing  on-orbit,  in  the  traditional  sense,  was  limited,  and  usually 
constrained  to  determining  the  on-orbit  performance  characteristics  of  the 
particular  vehicle  such  as  the  offset  of  the  gyros,  command  link  margins  and 
antenna  patterns,  thermal  balance,  battery  charging/discharging  rates, 
etcetera.  The  payload  was  not  tested  per  se.  It  was  turned  on  and,  hopefully, 
produced  useful  data.  Whatever  test  data  was  actually  produced  was  transported 
by  the  telemetry  system  and  suffered  from  the  fidelity  and  extent  of  the  total 
data  activity  -  the  on-orbit  measurement  technique,  conversion  mechanism,  data 
handling  system,  transmitter,  ground-based  receivers,  relay  links,  data 
handling,  and  storage  and  processing  systems  The  cause  of  many  on-orbit 
failures  remained  unresolved  because  of  inadequate  fidelity  in  the  telemetry 
and  data  systems. 

As  can  be  inferred  from  Figure  2,  it  was  (and  still  is)  extremely  important 
to  develop  a  test  and  evaluation  methodology  which  would  detect  problems  at  the 
earliest  possible  point  in  the  development  process  since  the  cost  to  rectify 
a  problem  increases  exponentially  as  the  program  maturity  increases  from 
circuit  board  to  the  system  level.  Because  testing  in  space  required  a 
survivable,  integrated  platform  and  an  extensive  support  system,  development 
testing  on  space  systems  was  primarily  conducted  on  the  ground.  Testing  began 
on  qualification  type  components  and  subassemblies  with  the  space  environment 
simulated  to  the  best  extent  possible  in  thermal/vacuum  chambers,  on  vibration 
tables  and  in  acoustical  facilities.  Electromagnetic  interference  could  be 
injected  into  circuitry  and  the  effects  measured  by  monitoring  output  signals. 
Radiation  effects  were  measured  primarily  on  subsystems  or  components  in 
various  above  ground  radiation  facilities  and  occasionally  during  underground 
nuclear  tests.  Unfortunately  test  facilities  which  effectively  combine  all  of 
those  test  environments  did  not  exist,  therefore  the  results  from  many  tests 
on  many  separate  subsystems  and  components  had  to  be  combined  through  analysis 
and  simulation  techniques.  Following  rigorous  subsystem  testing,  the  entire 
space  vehicle  was  assembled  and  usually  underwent  lengthy  integrated  systems 
testing  in  the  thermal/ vacuum  environment  and  limited  power-on  testing  in  an 
acoustical  facility. 

Flight  hardware  generally  was  not  (and  still  is  not)  tested  to  the 
qualification  limits  but  rather  to  less  stringent  acceptance  levels.  Again 
driven  by  the  premise  that  on-orbit  failure  must  bp  avoided,  acceptance  levels 
were  designed  to  stress  the  hardware  beyond  the  normally  expected  on-orbit 
operational  conditions,  but  well  within  the  qualification  points.  Key  in  these 
test  programs,  particularly  at  the  integrated  system  level,  was  the 
introduction  of  the  technique  of  using  precisely  the  sane  process  mground 
testing  tor  data  sensing,  data  handling,  transmission  and  ground  processing  as 
would  be  used  when  the  hardware  reached  orbit.  For  in  this  manner  the  analysis 
and  evaluation  of  on-orbit  performance  could  be  directly  compared  to  the  ground 
test  results  without  the  need  of  inducing  additional  error  through  conversion 
techniques  or  data  translation. 


Today,  given  our  tremendous  advances  in  materials,  electronics  and 
computational  capabilities,  our  test  concepts  are  virtually  the  same!  Ground 
testing  is  still  the  primary  means  of  testing  space  assets  and  in  a  reasonable, 
disciplined  test  program,  testing  starts  at  the  lowest  component  level  and 
progresses  in  complexity  to  the  integrated  vehicle  and  its  interface  with  the 
flight  control  and  support  elements.  Given  the  large  dependency  on  ground 
testing,  it  becomes  obvious  that  one  of  the  greatest  challenges  in  testing 
military  space  assets  has  been  to  adequately  model,  replicate  or  simulate,  on 
the  ground,  the  environment  in  which  the  space  vehicle  must  operate. 

To  briefly  summarize,  the  challenges  of  testing  in  space  dictate  the 
necessity  to  have  a  complete,  integrated  system,  both  on  the  ground  and  in 
space,  just  to  gain  a  useful  orbit  and  operate  in  the  space  environment.  That 
to  arrive  at  a  point  of  having  a  space  ready  system  available  for  launch 
requires  extensive  and  complex  ground  testing.  Both  the  space  test  article  and 
the  supporting  control  systems  are  complex  and  extremely  expensive  in  terms  of 
national  treasury.  In  short,  the  acquisition  of  a  space  asset  and  the 
supporting  systems  for  on-orbit  operation  and  testing  have  become  so  complex 
and  expensive,  and  the  nation's  dependence  upon  them  so  great,  that  failure  on- 
orbit  cannot  be  accepted.  This  concept  of  insuring  against  the  possibility  of 
failure  tends  to  force  the  inclusion  of  additional  risk  reducing  elements, 
systems  and  circuits,  which  in  turn  further  drive  the  complexity  and  cost  of 
the  total  system. 

With  this  background,  the  space  system  tester  finds  himself  in  an  interesting 
dilemma.  Space  systems  have  become  so  complex  that  exhaustive  testing  is 
required  for  validation  and  proof,  but  because  of  the  great  expense  and 
national  dependence,  rigorous  testing  to  the  point  of  over-stressing  flight 
hardware  or  to  the  point  of  possible  failure  cannot  be  tolerated!  The  paradox 
is  that  because  of  the  great  complexity  failure  is  unavoidable  without 
rigorous,  unambiguous  testing!  The  result  is  that  the  distinction  between 
testing  and  operations  blur  for  space  systems.  This  is  particularly  true  when 
one  thinks  of  testing  in  the  traditional  sense,  meaning  to  gain  data  for  use 
in  assessing  the  ability  of  the  test  article  to  attain  a  specified  performance 
and/or  defining  the  extremes  of  the  performance  envelope,  often  in  the  push 
to  find  the  absolute  performance  edge  failure  results  in  the  test  article  and 
test  support  equipment.  In  operational  activities  the  extreme  margins  of 
performance  are  usually  avoided  to  prevent  the  loss  of  the  asset,  except  in  an 
emergency  situation.  Thus  we  find  with  space  systems,  because  of  the  limited 
number  of  assets  and  the  tremendous  cost  involved  in  getting  a  system  designed, 
fabricated  and  into  orbit,  there  is  extreme  reluctance  to  press  any  part  of  the 
system  to  approach  the  point  of  failure,  even  if  the  test  data  is  needed.  This 
pressure  not  to  induce  a  failure  translates  the  tester  into  more  of  an  operator 
and  space  testing  more  towards  operational  check  out  than  true  testing  with 
respect  to  the  earth-environment  systems. 


THE  INCREASING  CHALLENGE 

Up  until  this  point,  we  have  limited  our  treatment  of  testing  basically  to 
space  systems  of  limited  or  singular  application.  This  is  to  say  that  space 
assets,  while  extremely  complex,  are  generally  treated  as  a  single  entity.  For 
example,  a  single  meteorological  satellite,  while  it  may  be  part  of  a 
constellation  of  satellites,  can  provide  meteorological  observations  to  ground 
controllers  by  itself  without  reliance  on  other  similar  satellites  in  the 
constellation.  Thus  testing  the  space  asset,  while  still  difficult  and 
demanding,  is  limited  to  the  stimulation  and  response  of  a  single  satellite  and 
its  interface  with  the  ground  control  network.  Additional  space  assets,  e.g., 
more  meteorological  satellites,  needed  to  make  up  the  total  on-orbit  capacity 
are  tested  singularly  and  integrated  into  the  constellation  through  the  ground 
control  network.  When  a  satellite  fails  in  orbit,  the  performance  of  the 
entire  system  is  degraded,  but  the  specific  or  individual  performance  of  eacn 
of  the  other  space  assets  is  unaffected.  This  is  not  the  case  with  the  new, 
integrated,  multi-platform,  spaced  based  systems  and  concepts  in  which  an 
individual  space  asset  essentially  has  no  independent  mission,  but  must 
function  as  an  integral  part  of  the  whole. 

As  the  contributions  from  today’s  space  systems  are  becoming  increasing 
integrated  into  military  operations  at  all  levels,  the  interdependence  among 
other  accet-c  anH  systems  is  increasingly  evident.  using  the  Currently 
envisioned  space  based  US  Strategic  Defense  Initiative  architecture  as  an 
example  (currently  perhaps  the  most  extreme  example)  of  this  interdependence 
in  new,  evolving  military  concepts,  we  find  that  the  total  system  is  built  upon 
information  and  data  flow  between  possibly  hundreds  of  space  and  ground  assets. 
Figure  3  attempts,  in  a  limited  sense,  to  illustrate  some  of  this 
interdependence.  Sensors  in  very  high  orbits  detect  enemy  launches  and  provide 
early  warning.  Other  sensors  in  lower  orbits  continue  development  of  the 
attack  corridors  and  establish  the  threat  clouds.  Still  other  functions 
determine  the  specific  target  points  and  assign  engagement  instructions,  and 
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pass  hand-off  coordinates,  state  vectors  and  target  object  maps  to  specific, 
individual  weapons.  Assuming  that  not  all  of  the  enemy  ICBMs  would  be  launched 
at  precisely  the  same  instant,  but  staggered  ir.  order  to  effect  the  greatest 
offensive  advantage,  then  many  of  the  platforms  which  are  in  position  at  the 
initiation  of  the  battle  will  soon  be  beyond  the  active  battle  space  as  they 
continue  in  their  orbits.  As  more  defensive  assets  orbit  into  the  battle 
space,  as  more  ICBMs  are  launched  into  the  battle  and  as  attrition  eliminates 
both  rod  and  blue  systems,  more  and  more  information  must  be  exchanged  between 
the  defensive  system  components  in  order  to  continue  with  the  defense.  Each 
layer  of  the  defense  as  well  as  each  element  is  dependent  upon  the  others,  and 
each  space  asset  cannot  be  thought  of  as  an  entity,  but  as  a  part  of  the  whole. 

From  the  tester's  perspective,  the  earlier  challenges  and  difficulties  with 
testing  military  space  systems  pale  in  comparison  with  the  challenges  facing 
developing  effective  testing  techniques  for  the  multi-platform,  highly 
interdependent  system.  The  challenge  becomes  how  to  "test”  a  system  which  is 
comprised  of  many  other  systems. 


MEETING  THE  CHALLENGE 

Meeting  the  challenge  of  testing  in  space  begins  with  the  recognition  that 
testing  is  not  a  separate  entity  or  function  which  is  added  on  like  an 
appendage.  Testing  is  an  integral  part  of  the  development  process  and  as  such 
must  be  a  carefully  planned,  disciplined  process  from  the  very  beginning  of  a 
program.  It  begins  on  the  drawing  board  with  the  design  concept,  is  perfected 
on  the  ground  during  fabrication  and  buildup,  and  continues  through  to  the 
orbital  phase,  with  only  that  portion  of  the  test  and  evaluation  plan 
absolutely  necessary  executed  in  space.  A  key  feature  of  any  successful  test 
program  is  the  effective  use  of  the  feedback  process  (shown  in  Figure  1),  for 
the  critical  use  of  all  new  information  either  builds  confidence  in  previous 
assumptions  or  provides  the  basis  to  challenge  and  update  these  assumptions, 
follow  on  tost  tools,  techniques  and  simulations.  Test  planning  must  describe 
the  test  methodologies  and  criteria  at  the  top,  or  system  level,  then  allocate 
requirements  downward  to  the  constituent  element  systems  which  will  make  up  the 
aggregate  system.  The  constituents  within  their  development  programs  must 
define  a  test  and  evaluation  process  designed  to  bring  that  portion  of  the 
system  on  line  in  consonance  with  the  top  level  system.  In  other  words,  a  top 
level  test  philosophy  must  be  established  to  bring  proven  elements  into  the 
system  level  and  to  test  the  ability  of  the  aggregate  system  to  perform  to  the 
top  level  specifications.  This  approach  allows  each  element  to  be  developed 
as  much  as  a  single  entity  as  possible  within  the  given  allocations  from  the 
top  level.  Test  data  from  the  development  testing  of  each  of  the  constituent 
systems  must  be  used  to  validate  the  top  level  system  model  prior  to  the 
delivery  of  the  system  components.  This  top  down  integration,  bottom  up 
validation  technique  provides  flexibility  in  the  development  process  to  permit 
exploitation  of  technology  advances  during  the  devr* t  nnase  while  at  the 
same  time  providing  some  measurement  of  isolation  to  the  aggiog?*-e  system  in 
the  event  of  problems  in  a  constituent  level  development.  The  use  of  models 
and  simulations  of  the  aggregate  system  allows  top  level  development  work  on 
the  overall  concept  as  well  as  operational,  both  strategic  and  tactical, 
considerations  in  parallel  with  the  development  of  the  constituent  elements. 

Figure  4  illustrates  the  top  down  integration,  bottom  up  validation 
interrelationship  between  the  test  flow  of  aggregate  system  and  constituent 
levels  for  sensor  systems  needed  to  detect  and  track  the  boost  phase,  the  mid 
course  and  the  terminal  portions  of  an  ICBh  trajectory.  Similar  relationships 
would  be  developed  for  all  of  the  other  system  functions,  e.g.,  discrimination, 
engagement,  battle  management,  etc.  The  ability  to  conduct  a  test  program  with 
this  philosophy  is  totally  dependent  upon  the  capability  to  conduct  large 
simulations  with  provisions  to  connect  hardware  into  the  loop.  If  we  continue 
to  use  the  spaced  based  defensive  system  as  our  example,  it  becomes  readily 
obvious  that  in  order  to  make  a  system  out  of  the  multitude  of  space  platforms 
needed  to  conduct  a  defense  in  space,  some  mechanism  is  required  to  orchestrate 
and  integrate  the  parts  into  a  whole.  This  mechanism  is  the  battle  management 
function  with  its  attendant  command,  control  and  communication  capabilities. 
Thus  the  key  to  siioooccf.ii  iy  using  large  scale  simulation  as  a  tasting 
technique  becomes  the  ability  to  model  ri-o  integrating  management  function  (the 
battle  management/C3  function  in  our  example)  together  with  the  capability  to 
connect  battle  scenarios  and  environment  models  and  models  and/or  real 
hardware  from  the  constituent  elements  into  the  aggregate  system  simulation. 

The  existence  of  a  simulation  capability  of  this  magnitude  permits  the  option 
to  connect  various  portions  of  the  system  together  for  early  (primitive) 
integrated  testing  long  before  the  components  of  the  system,  reach  prototype 
maturity.  This  technique  permits  insight  into  aggregate  system  level  problems 
early  enough  to  impact  the  designs  of  the  constituents  or  operational  concepts, 
if  necessary,  thus  saving  co3t  and  time  in  the  overall  development  (per  Figure 
2).  If  the  program  must  waif  until  eacl:  of  the  constituents  has  been  developed 
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to  the  point  of  prototype  or  space  flight  before  integrating  the  pieces  into 
a  system,  tremendous  expense  will  be  incurred  for  problem  resolution.  This 
testing  concept,  in  a  sense  the  use  of  a  highly  capable  test  bed  for  early 
integration,  is  virtually  mandatory  for  development  of  the  new  large, 
distributed  software  systems. 

Figure  5  illustrates  a  simple  early  integrated  test  conducted  between  a 
sensor,  battle  management  and  a  weapon  early  in  their  development.  The  figure 
shows  a  case  in  which  the  output  of  a  sensor  in  a  development  test  (being 
stimulated  by  a  scene  generator)  is  routed  to  a  simulation  center  where  the 
data  is  manipulated  and  operated  upon  by  battle  management  algorithms  and  the 
output  fed  as  an  input  to  a  development  test  of  a  weapon  guidance  and  control 
unit.  In  this  simple  scenario,  important  gains  are  realized  in  normal 
development  testing  of  various  components  as  well  as  in  the  entire  system 
without  waiting  for  the  completion  of  other  than  basically  breadboard  level 
hardware  and  early  integrated  software.  Additionally,  decision  makers  can  be 
given  system  level  insight  far  earlier  than  is  usually  the  case. 

Using  the  concept  defined  above  requires  that  the  test  and  evaluation  program 
be  developed  and  managed  as  vigorously  and  with  as  much  discipline  as  the 
weapon  development  itself.  Figure  6  shows  that  the  integration  test  envelope 
can  be  expanded  as  the  maturity  of  the  hardware  and  software  increases  to  the 
point  that  ground  testing  can  accomplish  no  further  gains  in  the  overall  test 
plan  and  the  system  must  be  taken  to  space,  which  returns  us  to  the 
difficulties  of  testing  in  space! 


ADDED  CHALLENGES  AND  DIFFICULTIES 

Unfortunately,  or  perhaps  predictably,  as  our  ability  to  build  and 
successfully  test  military  space  systems  has  improved  the  requirements  for  new 
systems  continues  to  outstrip  test  capabilities  and  techniques.  Many  of  the 
new  requirements  physically  cannot  be  tested  in  the  earth-environment,  while 
others  require  new  testing  concepts  and  techniques.  For  example: 

a.  The  requirement  to  acquire,  track,  discriminate  and  engage  targets  at 
unprecedented  (intercontinental)  ranges. 

b.  The  near  instantaneous  transition  from  long  periods  of  dormancy  or 
limited,  standby  modes  to  a  war  fighting  status  upon  command. 

c.  The  inability  to  adequately  approximate  the  zero-g  structural  dynamics 
of  large  space  structures  in  an  onc-g  environment. 

d.  The  inability  to  effectively  determine  and  simulate  the  extent  of  the 
battle  environment/threat,  e.g.,  the  nuclear  enhanced  environment, 
debris  effects,  direct  energy  weapon  effects,  etc. 

e.  The  growing  interdependence  between  multi-participants. 

The  expansion  of  these  examples  provides  excellent  insight  into  the 
additional  space  testing  problems  which  must  be  faced  for  military  systems. 


The  requirement  for  space  based  defensive  systems  to  acquire,  track, 
discriminate  and  potentially  engage  hostile  targets  at  extreme  ranges  (greater 
than  3000  km)  dictates  pointing  accuracies  and  platform  stability 
specifications  in  the  sub-micro  radian  class.  Put  in  terms  which  most  of  us 
can  begin  to  comprehend,  seme  requirements  will  dictate  not  only  the  ability 
to  look  from  New  York  and  acquire  a  car's  headlights  in  Los  Angles,  but  to  be 
able  to  distinguish  which  headlight,  the  right  or  the  left,  has  been  acquired 
and  is  being  tracked.  The  ability  to  conduct  this  type  of  test  does  not  exist 
in  the  earth-environment,  nor  does  a  suitable  reference  system  exist  in  space 
from  which  to  measure  the  various  deviations  or  errors  in  pointing  angles  or 
to  truth  or  calibrate  resulting  test  data.  Related  flight  mechanics  issues 
(platform  attitude  control,  space,  time  position  indications,  pointing  and 
tracking,  structural  modes,  etc.)  have  been  estimated  to  drive  new 
instrumentation  requirements  in  gyros  and  accelerometers  3-5  orders  of 
magnitude  beyond  current  state  of  the  art.  The  testing  requirements  for  this 
instrumentation  of  course  imposes  even  more  precision,  perhaps  exceeding  the 
limits  set  by  seismic  stability  of  any  ground  testing  facility. 

Aside  from  difficulties  in  testing  pointing  and  tracking,  testing  the 
engagement  of  a  target  by  an  interceptor  presents  a  host  of  particularly 
difficult  problems  such  as  simultaneous,  positive  control  of  multiple 
platforms,  measurement  of  miss-distance  between  interceptor  and  target,  and 
debris  containment.  These  problems  increase  exponentially  when  directed  energy 
systems  enter  the  equation.  The  traditional  test  safety  methodologies  which 
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constrain  earth-environment  testing  to  specific  well  defined  geographical  areas 
now  must  expand  to  yichal  extent  and  the  resulting  international 
considerations . 

DORMANCY 

A  system  which  may  undergo  long  periods  of  minimal  activity  or  dormancy  prior 
to  near  instantaneous  full  war  fighting  operation  will  require  designs  based 
upon  an  exacting  knowledge  of  the  aging  effects  of  materials  in  the  space 
environment.  To  date  very  little  work  has  been  done  in  long  dormancy  effects 
nor  in  the  techniques  for  testing  these  effects.  The  changes  brought  on  after 
long  exposure  to  atomic  oxygen,  zero-g,  solar  radiation,  x-rays,  ionized 
particle  impingement,  etcetera,  must  be  determined.  Currently  here  on  earth, 
there  are  not  facilities  which  can  impose  the  total  space  environment  for  the 
long  periods  needed  to  test  the  effects  of  aging  in  space  nor  are  there  known, 
valid  techniques  for  accelerating  the  aging  progress.  Hopefully  the  Long 
Duration  Exposure  Facility  experiment  (LDEF)  can  be  retrieved  by  the  space 
shuttle  before  it  catastrophically  reenters  the  atmosphere  in  the  very  near 
future.  This  experiment,  launched  several  years  ago  for  a  one  year  mission, 
has  been  stranded  in  orbit  since  1986  waiting  for  the  resumption  of  space 
shuttle  operations.  It  has  a  wide  variety  of  materials  on  board  which  should 
provide  a  wealth  of  insight  to  the  space  aging  question  if  it  can  be  retrieved. 
But  in  any  case,  much  work  appears  to  be  required  into  the  physics  of  material 
aging  and  test  techniques  and  methodologies  needed  for  evaluation  of  the  aging 
process. 


The  ability  to  adequately  test  large  space  structures  does  not  exist  in  the 
one-g  environment.  Various  techniques  are  used  to  reduce  friction  and  the 
effects  of  gravity  during  ground  testing  of  dduloyable  components  of  a  space 
vehicle  such  as  solar  arrays,  antennas,  gravity  booms,  atf5  covers  with  varying 
degrees  of  effectiveness.  Much  analyses  pnd  guess  work  remains  to  translate 
the  ground  test  results  to  expected  perforr«nce  once  in  orbit,  and  yet  these 
components  are  almost  trivial  in  comparison  with  the  structures  envisioned  for 
large  (30  meter  class)  directed  energy  mirrors  or  space  station  sized 
structures.  Active  and  passive  damping  techniques  as  well  as  structural 
dynamics  measurements  demand  in  situ  space  testing  capabilities. 


Military  space  systems  cannot  be  tested  in  the  hostile  environment  in  which 
they  may  have  to  operate.  Treaties  and  common  sense  prevent  it.  Hardening 
such  systems  against  hostile  jl  iterfe:ence  or  attack  ar.d  providing  the  needed 
robustness  is  a  critics!  concern.  As  we  have  discusced  earlier,  any  measures 
added  to  enhance  the  survivability  also  odd  weight  and  require  additional 
shares  of  the  on-orbit  available  power  and  command  and  control  capabilities. 
Therefore  it  becomes  critical  to  understand  the  extent  of  the  potential  threat 
so  that  adequate  » ountermeatures  and  protection  can  be  built  into  the  space 
system  and  still  remain  within  the  useful  engineering  margins  for  the  on-orbit 
capabilities.  The  ability  to  trtjaimally  test  the  integrated  survivability 
attributes  of  a  system  depend  almost  entirely  upon  the  capabilities  to  model 
and  simulate  the  potential  hostile  actions  and  environment.  This  modeling  and 
simulation,  to  have  credit-bility,  is  dependent  upon  data  gained  through 
phenomenology  measurements  of  the  space  environment  and  blast/thermal/radiation 
testing  ot  various  systems  and  subsystems  for  validation.  Currently,  there  are 
neither  (sufficient  grand  scale  space  environment  phenomenological  data  nor 
facilities  with  the  rayuisite  blast/thermal/radiation  spectra  suitable  for 
obtaining  sufficient  data  which  can  be  scaled  to  provide  unquestioned 
creditability  to  large  scale  simulations  and  models.  Further,  improvement  in 
computer  systems  are  needed  to  provide  the  capacity  and  speed  required  for  the 
increasingly  complex,  simulations  and  the  ability  to  provide  verification  and 
validation  of  the  simulation  as  a  creditable  test  tool. 


Evolving  military  s;  stems  are  k -coming  increasing  complex  and  have  a  large 
intt; .'dependence  between  not  only  space  assots,  but  also  airborne,  ground  and 
sea  components.  The  growing  integration  and  interdependency  is  manifested  in 
increasingly  complex  software  and  communication  systems.  Even  with  today's 
systems  there  are  insufficient  "flight  hours"  to  fully  test  operational 
software  in  the  operational  environment,  and  the  situation  is  becoming  worse. 
Currently,  using  our  best  techniques  on  the  fastest  computers,  some  estimates 
IndxCatv  test  tiwcS  in  tsr  o£  Hyssjrs**  c Z  continuous  testing  will  nooclcu 
to  adequately,  but  r.ot  exhaustively,  test  some  of  the  near  term  military 
applications.  The  introduction  of  extensive  use  of  artificial  intelligence 
techniques  into  the  operational  and  test  software  systems  will  exacerbate  the 
test  problem  by  orders  of  magnitude. 
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INITIATIVES 

In  response  to  the  increasing  battle  space,  complexity  and  interdependence 
of  virtually  all  classes  of  weapon  systems,  earth-environment  as  well  as  ^pace, 
the  Department  of  Defense  has  initiated  a  multi-billion  dollar  investment 
program  to  improve  and  modernize  the  U.S.  national  test  capabilities  base. 
This  program  is  being  implemented  through  a  more  encompassing  coordination  and 
validation  process  which  will  provided  an  enhanced,  integrated  approach  to  test 
capabilities  Investment  through  the  individual  service  budgets.  Additionally, 
Department  funding  has  been  earmarked  for  investment  in  joint  or  multi -service 
use  facilities  not  normally  contained  within  a  single  service  or  agency  budget. 
Two  of  these  initiatives  bear  directly  upon  improving  the  ability  to  test  space 
systems  and  deserve  discussion: 


a.  A  large,  state-of-the-art  computational  and  simulation  facility  known 
as  the  National  Test  Facility  is  being  pursued  under  the  Strategic 
Defense  Initiative  Organization  to  develop  a  capability  to  provide  large 
scale  simulations  of  the  multi-platform  space  based  defense  concept. 
The  facility  will  have  the  necessary  computational  power  to  conduct 
truly  global  scale  simulations  as  well  as  the  communications 
capabilities  to  tie  many  geographically  separated  test  centers  together 
in  real  time  to  conduct  hardware-in-the-loop  testing.  In  addition  to 
weapons  system  testing,  this  test  bed  capability  is  essential  in  the 
development  and  testing  of  the  "testing"  concepts  and  techniques  needed 
for  testing  future  highly  integrated  and  interdependent  systems. 

b.  The  DoD  Space  Test  Capability  is  a  joint  service  initiative  managed  by 
the  United  States  Air  Force's  new  Consolidated  Space  Test  Center  to 
develop  a  space  test  range  capability.  This  concept  is  structured  much 
along  the  lines  of  a  traditional  test  range,  but  will  provide  for  the 
ability  to  schedule  and  internet  existing  space  test  assets,  as 
required,  into  a  long  term  global  capability  for  those  testing  missions 
which  require  such  an  extended  test  envelop.  Inherent  in  this 
initiative  is  the  development  of  an  ability  to  provide  continuous 
command  and  control,  data  collection,  tracking  and  test  safety  functions 
necessary  for  the  space  testing  of  advanced  systems,  including  the 
application  of  the  Global  Positioning  System  to  help  solve  time,  space, 
position  indication  problems. 


Several  other  initiatives,  which  have  direct  application  to  space  testing, 
as  well  as  earth-environment  systems,  are  structured  to  improve  specific 
instrumentation  and  test  capability  shortfalls  such  as  multi-object  tracking 
radar,  hypervelocity  test  chambers,  optical  and  infra/ed  scene  generation 
techniques,  blast/thermal/radiation  effects  facilities,  and  potential  new, 
effective  testing  techniques.  However,  as  ambitious  and  expensive  as  these 
initiatives  are,  many  shortfalls  remain  in  areas  such  as  large  scale  software 
integration  and  test  capabilities,  large  space  structure  test  capabilities, 
precise  spaceborne  instrumentation  capable  of  sub-micro  radian  measurement,  and 
missed  distance  measurement  techniques  and  instrumentation.  With  the  ever 
increasing  dependence  upon  large  software  systems,  perhaps  the  most  near  term, 
pressing  issue  is  that  of  the  ability  to  effectively  test  and  validate  massive 
software  systems.  Everything  done  in  space  today  is  dependant  upon  software, 
from  the  generation  of  a  command  on  the  ground  to  the  uplink  of  that  command, 
the  receipt,  processing  and  execution  of  the  command,  the  measurement  of  the 
performance  or  reactions  to  that  command,  the  processing  of  the  response  into 
a  data  stream,  the  transmission  of  the  data  to  the  ground,  the  reception, 
decryption  and  shredout  of  the  data  bit  and  the  processing  and  display  to  the 
ground  controller.  At  any  point  an  error  introduced  by  software  can  completely 
mask,  or  even  generate  false,  failures  or  anomalous  performance.  This  testing 
shortfall  condition  exists  today,  and  is  becoming  exponentially  wors  as  we 
begin  to  depend  on  nulti-million  lines  of  code  simulations  and  on-board 
software  systems.  The  development  of  effecti  le  test  techniques  to  tost  and 
validate  incorporation  of  artificial  intelligence  capabilities  on  a  large 
scale  will  be  a  difficult  and  expensive  process,  a  testing  nightmare  and  one 
which  has  had  relatively  little  exposure  within  the  general  test  community. 


SUMMARY 

In  summary,  the  national  dependence  and  complexity  of  military  systems  have 
driven  the  costs  to  the  point  that  failure  caused  by  on-orbit  testing  is 
unacceptable.  In  most  cases  actual  testing  in  space  is  more  attuned  to 
operational  check  out  than  testing  in  the  traditional  sense.  As  a  result,  the 
exhaustive  testing  required  for  a  major  space  system  is  accomplished  on  the 
ground  with  only  that  portion  of  the  test  program  absolutely  necessary 
conducted  in  space.  However,  the  ever  increasing  dependence  upon  the  "high 
ground"  of  space  and  interdependence  of  multiple  space  and  ground  based 
components  dictate  improved  test  techniques  and  new  capabilities  both  for  the 


ground  testing  and  in  the  space  environment.  Large  scale  simulation  with 
hardvare-in-the-loop  can  be  successfully  used  as  the  top  level,  critical  method 
of  t«.st  if  the  program  is  determined  early  in  the  concept  development  phase  and 
is  managed  with  as  equal  zeal  as  the  weapon  development  activities.  Increasing 
requirements  for  precision  and  ever  enlarging  envelopes  of  performance  and 
battle  space  will  force  more  of  the  test  program  to  be  conducted  in  the  space 
environment. 

Shortfalls  in  the  ability  to  conduct  the  necessary  space  system  testing  are 
beginning  to  be  addressed  in  a  new,  bold  process  within  the  U.S.  Department  of 
Defense  which  attacks  the  problem  on  two  fronts  -  1)  a  new  investment  policy 
for  acquisition  of  specialized  test  capabilities  and  major  modernization 
projects  for  existing  activities  and  facilities,  and  2)  investigation  of  new 
test  and  evaluation  concepts  using  large  scale  computer  aided  techniques. 

While  unfortunately  advances  in  military  space  systems  will  continue  to 
outpace  the  test  and  evaluation  capabilities  in  the  near  term,  the  first  major 
steps  towards  resolution  have  been  taken  by  recognizing  that  shortfalls  exist 
and  their  effects  upon  the  decision  process.  This  recognition  will  set  free 
the  creative  process  in  the  human  mind  from  which  solutions  to  the  insolvable 
will  flow. 
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14.  Abstract 
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In  the  last  thirty  years  we  have  seen  a  great  increase  in  both  manned  and  unmanned  space  flights 
for  scientific  studies,  for  communication  and  navigation,  and  for  military  purposes  such  as 
surveillance,  reconnaissance  and  as  a  possible  area  of  deployment  for  both  offensive  and  defensive 
weaponry. 

The  possible  uses  of  flight  at  near-space  conditions  (i.e.  above  about  150.000ft.)  arc  also  under 
consideration  and,  at  these  heights,  many  of  the  technical  problems  have  a  common  basis  with 
those  of  space  vehicles  during  the  launch,  recovery  and  transatmosphcric  phases. 

In  all  these  areas,  many  problems  remain  only  partly  resolved  and  the  iclcvant  technologies  arc 
developing  rapidly.  It  was  considered  that  resolution  of  these  problems  and  finding  ways  of  using 
new  technologies  would  benefit  from  the  combined  thought  «.f  the  technology  communities  of  the 
NATO  nations.  A  symposium  sponsored  by  the  Flight  Mechanics  Panel  of  AGARD  was  seen  as  a 
for  discussions  on  si  least  the  flight  mechanics  aspects  of  this  important  topic. 
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The  symposium  included  the  control  and  trajectory  aspects  of  launch  and  recovery,  in-orbit 
dynamics,  trans-atinosphcric  flight  and  the  dynamic  aspects  of  assembly  and  operation  in  space 
and  also  covered  simulation  and  night  test.  ke  f)  ,  C 
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